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Introduction

The ASTM Symposium on Composite Materials: Fatigue and Fracture was
held on 24-25 October 1984 in Dallas/Ft. Worth, Texas. It was sponsored by
ASTM Committee D-30 on High Modulus Fibers and Their Composites.

The main purpose of the symposium was to provide a forum for presentation
and discussion on the recent developments in fatigue and fracture of composites.
Specifically called for were papers describing experimental and analytical re-
search in the following areas of composites technology: failure mechanisms and
fractography, nondestructive evaluation, material improvement, environmental
effects, time-dependent behavior, design implications, prediction methodology,
and reliability aspects.

Not so long ago, one of the frequently asked questions was, ‘‘Is fracture
mechanics applicable to composites?”” Now we no longer ask the same question.
We use the fracture mechanics methodology to analyze matrix/interface-con-
trolled subcritical fracture such as ply cracking and delamination. The question
we hear quite often these days is, ‘‘Composites have no fatigue problems. Why
do we need to study fatigue of composites?’’ We only wish we could repeat the
same question in the years to come.

The papers included in this volume address many of the important aspects of
fatigue and fracture behavior of composite materials. Although most of the papers
are on graphite/epoxy laminates, some discussion can be found on metal matrix
composites as well as on unidirectional composites. There is an overall emphasis
on the identification of damage mechanisms and on the development of prediction
methodology for the formation and effect of damage based on the physics and
mechanics of damage details. Such an emphasis will eventually point the way
toward further material improvements and more efficient design for fatigue.

This symposium volume is the result of collective effort by many people
involved. First of all, I would like to thank the symposium committee for their
invaluable help in putting this program together. The members of the committee
are Bob Badaliance of Naval Research Laboratory, Dave Glasgow of Air Force
Office of Scientific Research, C. T. Sun of Purdue University, and Jerry Williams
of NASA Langley Research Center. Grateful appreciation is also extended to the
authors, the reviewers, and the ASTM staff for their generous contributions to
this volume.

H. Thomas Hahn

Center for Composites Research, Washington
University, St. Louis, MO; symposium chair-
man and editor.

Copyright® 1986 ASTM International Www.astm.org
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Joseph E. Grady' and C. T. Sun!

Dynamic Delamination Crack
Propagation in a Graphite/Epoxy
Laminate

REFERENCE: Grady, J. E. and Sun, C. T., ‘“Dynamic Delamination Crack Propa-
gation in a Graphite/Epoxy Laminate,’”’ Composite Materials: Fatigue and Fracture,
ASTM STP 907, H. T. Hahn, Ed., American Society for Testing and Materials, Philadelphia,
1986, pp. 5-31.

ABSTRACT: Ballistic impact tests of [90/0]s, T-300/934 graphite/epoxy laminates of
beam-like dimension with embedded delamination cracks were conducted. High speed
photography (16 000 frames/second) was used to record the impact response and subsequent
crack propagation. From the photographic data, impact characteristics such as the contact
duration and the dynamic response of the impact specimen were measured. In addition,
the time of initiation of delamination propagation and measurements of the subsequent
delamination length versus time were obtained. By changing the location of the embedded
delamination in the specimens relative to the impact point, additional results were obtained
on the variation of the threshold impact velocity necessary to cause crack propagation in
the different specimen configurations. These data, together with the photographic results,
suggest that the mode of crack propagation is dependent on the specimen geometry as well
as the loading condition. The time dependent nature of the crack velocity and its variation
with impact conditions was investigated.

A finite element program was used to calculate the dynamic strain energy release rate
before the onset of crack propagation. This strain energy release rate was used to gage the
instability of the delamination crack during impact.

KEY WORDS: composite materials, crack propagation, fracture (materials), dynamic
fracture, crack velocity, crack arrest, dynamic toughness

Delamination, a mode of failure unique to composite laminates, can be pro-
duced by both static and dynamic loads. Great attention has been given to free-
edge delamination in laminates subjected to in-plane static and fatigue loadings
[/-4], and many attempts have been made to measure the fracture toughness
with respect to delamination cracks [5~9]. To the authors’ knowledge, however,
no one has yet tried to determine the dynamic delamination fracture toughness.

It has been found that impact loading can cause severe delamination in com-
posite laminates. In contrast to in-plane static loads, under which delamination

' Graduate student and professor, respectively, School of Aeronautics and Astronautics, Purdue
University, West Lafayette, IN 47907.

Copyright” 1986 ASTM International Www.astm.org
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often initiates from free edges, impact loading always results in interior delam-
ination near the impact zone. Thus, the delamination mechanism cannot be
explained by using the free edge singular stress concept. Moreover, due to the
transient nature of the resulting deformation, the behavior of crack propagation
is considerably different from that in the static case.

This paper presents the result of experiments conducted to observe dynamic
delamination behavior. Threshold impact velocities above which delamination
cracks become unstable were obtained for various impact specimen configura-
tions. In addition, high speed photography was used to obtain estimates of de-
lamination crack propagation velocities. Finite element analysis was used to
calculate the dynamic strain energy release rate for a stationary crack. Critical
values of strain energy release rate were obtained by comparing numerical results
with experimental observation.

Experimental Apparatus and Procedure
Specimen Preparation

Impact specimens were cut from 20-ply [90/0]5, T-300/934 graphite/epoxy
laminates of dimensions 0.25 by 30 by 46 cm. A delamination crack was embed-
ded in the laminate by placing a 0.003 by 2.5 by 46-cm strip of trifluoroethylene
resin between two plies during the layup process, thus preventing the two adjacent
plies from bonding together in this area. A beam-like geometry was chosen for
the impact specimen. Nominal dimensions are shown in Fig. 1. Thus, the initial
delamination is a 2.54-cm-long, through-the-width crack. The location of the
embedded crack in both the longitudinal and thickness directions was varied
between laminates. This was done to study the effect of crack location on de-
lamination characteristics.

Impact Cannon and Impactor

Silicon rubber balls 1.25 cm in diameter were used as impactors. These rel-
atively soft impactors do not cause significant surface damage near the impact
site, thus allowing crack extension to be the primary mode of impact damage.
Nitrogen gas was used to fire the impactor through the cannon. A chamber
pressure of 150 kPa could propel the 1-g rubber ball at approximately 150 m/s.
The impact velocity was determined by two pairs of photoelectric diodes, placed
on both sides of the path of the impactor, near the muzzle of the barrel. The
travel time of the impactor between the diodes was measured to an accuracy of

1 ps.

Camera

A high-speed 16-mm FASTAX framing camera was used to record the crack
propagation. It was mounted to give an edge-on view of the impact specimen,
which was enclosed in a polymethylmethacrylate box to protect the camera lens
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FIG. 1—Nominal impact specimen dimensions.

from the rebounding impactor. The peak framing rate of the camera is 8000
frames per second. This rate was effectively doubled by an internal rotating prism
which made two exposures per frame, thus taking 16 000 pictures per second.
Because of the high exposure rate of the film, very bright light was needed to
adequately illuminate the impact specimen. This was provided by three 100-W
floodlights.

The firing sequence was initiated from a control panel with timers set to trigger
the camera and photo lights just before impact.

Experimental Results and Discussion
Threshold Impact Velocity

The dependence of delamination damage on impact velocity is of primary
interest. Of particular importance is the threshold impact velocity, below which
no delamination occurs. Figure 2 shows the geometry of six different specimen
configurations tested. The location of the impact point varied slightly between
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FIG. 2—Impact specimen configurations.

specimens due to small misalignments of the gun barrel. This is shown in Tables
1-6. The relation between impact velocity and total delaminated area for each
specimen configuration is shown in Tables 1-6 and Fig. 3. Each specimen
contains an initial (embedded) delamination of area 6.45 cm?. For all cases
considered, the existence of unambiguous threshold velocities is quite evident.
Threshold velocities for each specimen configuration shown in Tables 1-6 were
determined from graphs similar to that in Fig. 3. Among the three thickness
locations tested, threshold velocity is greatest for the midplane crack (Table 2),
and lowest for the lower off-midplane crack (Table 3). The distance between
impact point and crack tip is also seen to affect threshold velocity. The results
show that when impacted near the crack tip, the delamination crack becomes
unstable at lower velocities. Tables 4 and 5 show that this phenomenon is more
pronounced for cracks located near the top (impact) surface.

Midplane Delamination

A typical impact sequence is shown in Fig. 4. Characteristics such as duration
of contact period and beam displacement response can be estimated from the
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TABLE 1—Variation of delaminated area with impact velocity for Specimen Configuration A.

Impact Velocity, V;, Impact Distance, b, ?Delaminated Area, A,
Specimen m/s cm cm?
Al 122 13.35 6.45
A2 130 13.10 6.45
A3 138 13.44 6.45
A4 142 13.20 12.70
AS 148 13.70 9.01
A6 148 14.00 6.45
A7 156 14.00 18.68
A8 173 13.92 22.99

°Initial delaminated area is 6.45 cm?.

TABLE 2—Variation of delaminated area with impact velocity for Specimen Configuration B.

Impact Velocity, V;, Impact Distance, b, “Delaminated Area, A,
Specimen m/s cm cm?
Bl 143 13.69 6.45
B2 144 13.89 6.45
B3 148 13.84 8.86
B4 148 12.77 6.45
BS 150 13.41 19.00
B6 155 12.90 41.94
B7 156 13.41 24.30
B8 158 13.03 40.56
B9 160 11.92 38.71
B10 161 13.71 44.77

“Initial delaminated area is 6.45 cm?.

TABLE 3—Variation of delaminated area with impact velocity for Specimen Configuration C.

Impact Velocity, V,, Impact Distance, b, “Delaminated Area, A,
Specimen m/s cm cm?
C1 121 13.34 11.74
C2 138 13.59 16.72
C3 141 13.62 15.48
C4 142 13.58 13.27
C5 144 13.11 26.25
C6 144 13.36 21.60
Cc? 151 12.48 25.48
C8 151 12.93 30.10

<Initial delaminated area is 6.45 cm?.
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TABLE 4—Variation of delaminated area with impact velocity for Specimen Configuration D.

Impact Velocity, V,, Impact Distance, b, “Delaminated Area, A,
Specimen m/s cm cm?
D1 77 12.61 6.45
D2 102 13.24 6.45
D3 103 13.26 6.45
D4 111 13.87 14.88
D5 120 13.04 15.48
D6 133 13.04 25.10
D7 141 13.42 24.71

“Initial delaminated area is 6.45 cm”.

TABLE 5—Variation of delaminated area with impact velocity for Specimen Configuration E.

Impact Velocity, V;, Impact Distance, b, ‘Delaminated Area, A,
Specimen m/s cm cm?
El 122 12.92 6.45
E2 135 13.16 6.45
E3 141 13.00 6.45
E4 144 12.99 6.45
E5 145 13.13 10.67
E6 148 12.94 13.02
E7 149 13.10 9.82
E8 158 12.95 41.94
E9 162 13.41 19.23

“Initial delaminated area is 6.45 cm?.

TABLE 6—Variation of delaminated area with impact velocity for Specimen Configuration F.

Impact Velocity, V,, Impact Distance, b, “Delaminated Area, A,
Specimen m/s cm cm’
Fl1 120 13.49 6.45
F2 122 12.82 6.45
F3 127 13.92 6.45
F4 138 13.29 26.88°
F5 140 13.69 6.45
F6 142 12.34 26.12°

“Initial delaminated area is 6.45 cm?,
*Transverse cracking caused extensive spalling on back surface.
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FIG. 3—Delaminated area versus impact energy for Specimen Configuration A.

figure. It should be noted that all measurements were taken from larger images
projected on a screen. The figures shown here are primarily for illustration. In
this case, the embedded crack lies along the specimen midplane and directly
under the impact site, as shown in the figure. The resulting crack propagation
is shown in Fig. 5. The crack arrest (437.5 < ¢ < 687.5 ws) is apparently due
to the nature of strain response near the propagating crack tip. A decrease in
local curvature of the beam is accompanied by a decrease in available crack
driving force. This correspondence is shown in Frames 9-11 of Fig. 4. Frames
12-14 (687.5 < t < 812.5 ps) show the subsequent increase in curvature, and
the corresponding resumption of crack propagation.

Apparently, the geometry of the impact specimen can significantly affect crack
propagation. Strain (curvature) will be affected by the arrival of flexural wave
reflections from the boundaries, so the position of the crack relative to the
boundaries will affect crack propagation. The time delay between impact and
initial crack propagation observed in Figs. 4 and 5 is a result of the impact
occurring directly on the embedded crack. The distributed compression on the
crack faces caused by the deforming impactor (62.5 <t < 375 ps, Fig. 4)
prevents any crack propagation from occurring during the contact interval.
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Now, if the embedded crack is moved sufficiently away from the impact site,
as depicted in Fig. 6, the interference of the impactor with crack propagation
should be minimized. Compare Figs. 4 and 5 with Figs. 6 and 7. Both specimens
show similar crack arrest characteristics as the wave reflections arrive. However,
Figs. 6 and 7 show a significant difference in time between impact and onset of
crack propagation.

Off-Midplane Delamination

All of the cases discussed so far involved delamination along the midplane of
the beam. If the embedded crack is placed at a different through-the-thickness
location, different crack propagation characteristics may be observed. In the
following impact specimens, the embedded crack is halfway between the beam
midplane and outer surface. Thus, five plies are on one side of the crack and 15
on the other. For these specimens, the camera was oriented to record the prop-
agation of both crack tips simultaneously, instead of only a single crack tip, as
in the previous cases.

Some distinctly different features of crack propagation in this case can be seen
in Figs. 8—11. Onset of propagation is immediately preceded by a phenomenon
similar to ‘‘buckling’’ of the delaminated plies. This is shown at 125, 812.5,
and 875 ws in Fig. 8 and at 62.5, 812.5, and 875 ws in Fig. 10. This deformation
is depicted schematically in Fig. 12¢. The photographs suggest, then, that the
onset of delamination is dominated by a Mode I (opening) rather than Mode II
(shearing) type of action in this case.
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FIG. 6—Impact response of Specimen No. B6,

Tables 2 and 3 show that considerably greater impact energy is required to
initiate crack propagation when the embedded crack lies along the midplane. The
fact that no crack opening similar to that shown for off-midplane cracks is seen
for midplane cracks (Figs. 4 and 6) suggests that considerably less Mode I action
is involved when the crack lies on the midplane.

Because the initiation of crack extension is determined by the occurrence of
the local ply buckling phenomenon, specimens of the configuration shown in
Fig. 12 undergo no significant crack extension during the first half-cycle of their
periodic motion after impact. Buckling can occur only when crack surfaces are
in compression, as illustrated in Fig. 12c. As a result, the majority of crack
propagation occurs during the second (compressive) half of the first cycle of
motion for this specimen. This is in contrast to the specimen configurations
shown in Figs. 8-11, in which plies neighboring the cracks are in compression
immediately after impact.
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The intermittent nature of the delamination process is illustrated in Figs. 8—
11 after the onset of crack propagation has occurred. Flexural wave propagation
through the delaminated plies causes them to exhibit a beam-like dynamic be-
havior independent of the gross deformation of the specimen. Reflection of the
waves between crack tips causes alternating propagation arrest of the crack tips
similar to that shown in Fig. 11 and to a lesser extent in Fig. 9.

It should be noted that the time scales used in plotting the experimental results
can be used only as a relative base since a unique reference time frame cannot
be set up. Thus, + = O cannot be regarded as the instant when the projectile
comes in contact with the specimen.

Analysis
Finite Element Modeling

Strictly speaking, the impact problem concerned here is a three-dimensional
problem. However, photographs taken by the high speed camera indicate that
the impactor deformation covered almost the whole width of the specimen.
Moreover, due to the small dimension in width, the specimen behaved like a
beam except during the initial period of contact. In view of the foregoing, the
laminate specimen was approximated as a two-dimensional body, and a two-
dimensional linear elastic finite program was used to perform the dynamic anal-
ysis. The impact load was taken to be uniform across the width of the specimen,
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FIG. 9—Crack-tip position and velocity in Specimen No. C4.

and a state of plane strain parallel to the longitudinal cross section was assumed.
This cross section was then modeled by regular four-node quadrilateral isopar-
ametric finite elements.

Ideally, each lamina should be modeled with a number of finite elements to
ensure the best accuracy. However, such a procedure may lead to a formidably
large number of elements for the 20-plied laminate. For this reason, the [90/0]s,
laminate was transformed into an equivalent homogeneous plate with a set of
effective moduli obtained by using appropriate constant strain and constant stress
assumptions [Z0]. For this special laminate, it is believed that these effective
moduli are quite adequate for long wave motions.

The mechanical properties of the T-300/934 graphite/epoxy are given as

E, = 134.4 GPa
E, = 10.3 GPa
G, = 5.0 GPa

Via = Vi3 = Vs &= 0.33
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In addition it was assumed that
Gy = Gi3 = Gy
in the numerical analysis. Corresponding effective moduli were

El = E2 = 72.4 GPa

= 10.3 GPa

L
[

GlZ = 5.0 GPa
il3 = i;23 = 033, .1—;12 = 0025

1.58 x 10~° N-s*/cm*

©
Il

where directions 1, 2, and 3 indicate spanwise, width-wise, and thickness-wise
directions, respectively. The finite element model was formulated using the above
effective properties for the elastic constants of the elements.

Of interest to the present study is finding a parameter that can be used to gage
the onset of dynamic delamination crack propagation. A natural choice is the use
of dynamic strain energy release rate G, which can be calculated by using the
crack-closure energy given by [11]

1 Aa
G = lim — (oyu, + o,u)dx ¢))]
Aa—0 A4 Jg

where oy, and o,, are evaluated at the original crack size @, and u, and u,
correspond to the extended crack of length @ + Aa. Using the finite element
method, the integral in Eq 1 can be carried out by using discrete nodal forces
and displacements. Moreover, if a fine mesh is used, that is Aa < a, then crack
opening displacements u, and u, can be approximated by those for a crack of
length a.

The purpose of this analysis was to determine the critical value G, at which
the stationary crack becomes unstable. The time at which the crack starts its
movement can be estimated from the high speed film. The corresponding cal-
culated strain energy release rate at this time is taken as G..

Verification of the Crack Closure Method

A centrally cracked rectangular panel of homogeneous isotropic material sub-
jected to a uniform tensile step function loading was analyzed by Chen using a
finite difference method [/2]. His solution was used in this study to validate the
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aforementioned finite element method in conjunction with the crack closure
energy calculation. To compare with Chen’s solution, which was presented in
terms of stress intensity factors, the following relation for Mode 1 fracture

K+ 1

G,(1) = K& D )

was used. In Eq 2, p is the shear modulus, K; is the Mode I stress intensity
factor and

K = 3 - 4v for plane strain
3 - vy + v) for plane stress
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FIG. 11—Crack-tip position and velocity in Specimen No. C7.

Equation 2 was shown to be true for stationary cracks under dynamic loading
[13].

Figure 13 shows the geometry and material constants of the model studied by
Chen [/2]. Due to symmetry, only a quadrant was modeled. Figure 14 shows
the histories of the normalized stress intensity factor K, given by

K, = X1
! PV ma

(3

obtained by Ref /2 and by the present method.

Three finite-element meshes were used. The coarse mesh consists of 99 four-
node quadrilateral plane strain elements and 221 degrees of freedom. In the
critical area near the crack tip, the mesh size yields a ratio of Aa/a V4. The
finer mesh is composed of 323 elements with 682 degrees of freedom and a near-
tip mesh size of Aa/a = Ys. The third mesh has 841 elements, 1740 degrees of
freedom and Aa/a = Vis. The result from the third mesh was found to agree
very well with that from the second mesh and thus can be considered a converged
solution.
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FIG. 12—Delamination of impact Specimen Configuration A.

The crack extension step Aa was taken to coincide with the size of the finite
element near the crack tip. The integration time steps were At = 0.1 ws for the
coarse mesh and At = 0.05 s for the finer mesh. The comparison presented
in Fig. 14 shows that the present method is quite acceptable.

Impact Force

The impact force history F(f) must be specified in the dynamic finite element
analysis. In lieu of a direct measurement of the contact force between the impactor
and the target composite beam, a simple approximation was used.

Daniel et al [74] conducted an impact experiment on boron/epoxy and graphite/
epoxy composite laminates using a 7.9-mm-diameter silicon rubber ball as im-
pactor. Although the contact force was not measured, they were able to determine
the contact area as a function of time. The contact area versus time curve could
be well approximated by a sine function. Although the exact relation between
the contact force and contact area is still unknown, it seems reasonable to assume



24 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

P{t)

L1t1] P

H —time
——>| 2a I"—
G= 0.769 Mbar H=4dcm
K =*1.667 Mbar W =2cm
w >
l— Vv =0.3 a=0.24cm
f =59%%em3

PRI
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that the contact force can also be approximated by a sine curve as

. urs
F(t)=F(,sm(F) 0<t<T
=0 t>T
——— Ref.(12)
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FIG. 14—Stress-intensity factor for center-cracked panel.
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where T is the contact duration. To determine the unknown coefficients F, and
T, the following experiment was performed.

An uncracked cantilever beam specimen, shown schematically in Fig. 15, was
impacted with the silicon rubber ball at the velocity of 90 m/s. Two strain gages
(Micro Measurements EA-06-250BG-120, S, = 2.03) were mounted on the back
side of the specimen to measure the bending strain history. One of the gages
was mounted directly opposite the impact point, and the other gage was placed
at 5.1 cm away from the first gage. The strain histories measured by these two
gages are presented in Figs. 15 and 16.
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FIG. 15—Strain history in uncracked beam at impact point.
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FIG. 16—Strain history in uncracked beam 5.08 cm from impact.

The four-node finite elements were then used to model the impacted beam and
the strains at the two gage locations calculated. A uniform mesh of 400 elements
was found to yield a converged solution and was used to find the values of T
and F, that best matched the experimental results. The finite element results
shown in Figs. 15 and 16 were obtained with F;, = 890 N and 7 = 125 ps. In
fitting these values, it was found more convenient to vary 7 to fit the time-phase
and then determine the force amplitude F), as the strain is linearly proportional
to the amplitude.

To extend the contact force model established for the impact velocity of 90
m/s, the result of a simple spring-mass system was used. In Ref 15, relations
were obtained for a mass impacting an elastic spring

K
F = _
0o = MV, \/Ms + M, )
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and

F, = amplitude of force history,
T = contact duration,
M, = mass of striker,
M; = mass of target,
K = spring stiffness, and
V, = impact velocity.

Thus, when a different impact velocity is used, contact duration is assumed
unchanged while amplitude of contact force is assumed to be directly proportional
to impact velocity.

Strain Energy Release Rate

As discussed earlier, the delamination crack could become unstable due to
buckling of the delaminated plies if the embedded crack was placed near the top
or bottom surfaces. In view of this, a midplane-cracked specimen was modeled
to compute the strain energy release rate. The particular impact problem analyzed
was Specimen No. B6, shown in Figs. 6 and 7. The impact velocity in this case
is 155 m/s, which is slightly above the threshold velocity for this specimen
configuration. Using Eqs 4-6, the impact force was obtained as

F(t) = 1530 sin ( )N 0<t<125 s

Tt
125 ps
=0 t> 125 ps

(6)

For this specimen, the camera was oriented to record the propagation of the
left crack tip. The crack tip and the impact point were far apart, and only the
left crack tip motion was filmed during impact. For this reason, the time at which
the ball came in contact with the specimen could not be directly determined from
the film. The indirect method described below was therefore used to match the
reference time in the finite element analysis (where ¢ = 0 measures the instant
of initial contact) with that on the high speed film.

First, the finite element program was used to calculate the dynamic response
of the specimen subjected to the impulsive force given by Eq 6. The calculated
displacement of the left crack tip is plotted as a function of time in Fig. 17. The
recorded deflections of part of the beam at a number of discrete times are shown
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FIG. 17—Flexural displacement at left crack tip of Specimen No. B6.

in Fig. 6. From this figure, the displacement of the crack tip at t = 125 ps was
found to be approximately 1.27 mm. The finite element solution predicts that
this displacement would occur at z = 210 s measured from the time of contact.
Therefore, the time scale shown in Figs. 6 and 7 should be shifted by 85 s if
t = 0 is taken as the time of initial contact.

The finite element mesh used in the calculation of strain energy release rate
consists of 648 elements and 1542 degrees of freedom. Near the crack tip of
interest, the ratio of the element size to the crack length is Vioo.

The calculated strain energy release rate is shown in Fig. 18 as a function of
time. From the experimental result presented in Figs. 6 and 7, the onset of crack
propagation was estimated to have occurred between 62.5 and 125 ps. When
the time shift as discussed above is accounted for, this interval is from r = 147.5
us to t = 210 s, which contains the peak of the strain energy release rate
versus time curve. It should be noted that, after the crack movement begins, the
calculated strain energy release rate is no longer valid.

The precise instant of the onset of dynamic crack propagation cannot be de-
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termined from the experimental results. Since the impact velocity considered is
close to the threshold velocity, a good estimate of the critical value of strain
energy release rate is the peak value that occurs in the time interval estimated
from experimental data. Thus, we take

300 = G, = 350 N/m @)

It should be noted that the value of G calculated here is the total crack closure
energy which, in general, includes both Mode I and Mode II contributions, that
is

G = Gi(») + Gu(®) ®)

In the present calculations, the Mode ! contribution to the total crack closure
energy, G,, is negligibly small in comparison with the Mode II contribution.
This supports the earlier experimental observation that the onset of crack prop-
agation in the midplane-cracked specimens is dominated by a shearing rather
than an opening action.
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Summary

Dynamic delamination crack propagation behavior in a [90/0];, graphite/epoxy
laminate with an embedded interfacial crack was investigated experimentally
using high speed photography. The dynamic motion was produced by impacting
the beam-like laminate specimen with a silicon rubber ball. The threshold impact
velocities required to initiate dynamic crack propagation in laminates with several
delamination crack positions were determined. The crack propagation speeds
were also estimated from the photographs.

Experimental results show that through-the-thickness position of the embedded
crack can significantly affect the dominant mechanism and the threshold impact
velocity for onset of crack movement. If the initial delamination crack is placed
near the top or bottom surface of the laminate, local buckling of the delaminated
plies may cause instability of the crack. If the precrack lies in the midplane and
local buckling does not occur, then the initiation of crack propagation appears
to be dominated by Mode II fracture. For Mode I dominated cracks, it was seen
that the gross motion (that is, first bending mode) of the impact specimen de-
termines when ply buckling, and hence initiation of fracture, will occur. The
crack propagation and arrest observed were seen to be dependent on wave re-
flections from the boundaries, and on wave propagation within the delaminated
region.

Ideally, once a suitable criterion for the initiation and propagation of delam-
ination cracks is established, experimental results shown here could be duplicated
by some analysis such as finite element modeling. It is apparent, however, that
relatively few of the fracture mechanisms involved here are amenable to analysis
by conventional finite element methods. Therefore, the most fundamental analysis
of the data must necessarily be restricted to midplane crack geometries, which
do not involve the buckling action associated with the remaining cases.

A simplified finite element analysis of the experimental data obtained from
one of the midplane-cracked specimens was used to obtain a preliminary estimate
of the critical strain energy release rate for this material. This parameter may
determine the onset of unstable crack propagation.
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ABSTRACT: The influence of a processing variable, mold coverage, upon two 25% by
weight randomly oriented 2.54-cm-long glass fiber reinforced sheet molding compounds
(R25 SMCs) was examined. Artificially created flaws, in the form of machined circular
notches, were utilized to determine the effect of mold coverage upon the naturally occurring
tensile flaw sites in these materials. The critical hole size (that size circular notch through
which all specimens fail) was found to be 9.53 mm. Variations in mold coverage from
97.5 to 25% were observed to have virtually no effect upon this critical hole size. Thus,
the most severe tensile critical flaw sites in R25 SMC appear to be unrelated to mold
coverage. A comparison of the two R25 SMC’s indicates that a rubber toughening agent
reduces slightly the notch sensitivity of isophthalic polyester resin matrix sheet mold com-
pounds. Within experimental error, the two-parameter notch strength model of Whitney-
Nuismer was found to accurately describe the notch sensitivity of R25 SMC.

KEY WORDS: sheet molding compounds, random discontinuous composites, composites
variability, notch strength of composites

The increasing use of sheet molding compounds (SMCs) in lightly loaded
automotive structural components coupled with their potential application in more
highly loaded structural elements has focused added attention upon the need to
eliminate the substantial variability in mechanical properties of this polymeric
composite material. Before this can be accomplished, it is first necessary to
develop an understanding of the microstructural causes of this variability.

While the microstructural origins of flexural critical flaw sites in SMC have
recently been investigated [ /], only very little information about the tensile critical
flaw sites in this material is available [2]. Furthermore, virtually no information
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has been published relating processing variables and the microstructural origins
of tensile failures in SMC [3]. In an attempt to begin to resolve this situation,
we have initiated a study of the influence of SMC processing variables upon the
microstructural origins of tensile failures in SMC.

One of the most important processing variables involved in the fabrication of
SMC structures is the flow of this material during its compression molding cycle.
Typically, during compression molding a selected amount of uncured SMC (that
required to yield the exact volume of the cured component) is center-charged
into a preheated compression mold. The mold is then closed and the curing SMC
material is forced into the shape of the compression mold cavity.

Since it is well known that extensional flow of discontinuous composites affects
the microstructure of these materials (and their resulting mechanical properties)
{4-61], it is possible that flow of SMC during the compression molding process
also affects the flaw sites in this material. The extent of flow (that is, the length
of flow) of the SMC material in a compression mold is usually designated ‘‘mold
coverage.”” Thus, 50% mold coverage implies that 50% of the surface area of
the compression mold cavity (located in the center of the mold) was covered
with uncured SMC before the mold was closed.

As the mold coverage increases, the extent of flow of the SMC decreases.
Due to the complexity of SMC flow in compression molds, the actual distance
that the SMC moved at any given point in the mold is not known with certainty.

This paper discusses the use of artificially created flaws, in the form of ma-
chined circular notches, to determine the effect of mold coverage upon the
naturally occurring tensile flaw sites in two polyester resin based R25 SMCs.

Investigation
Material Fabrication

The R25 SMC materials used in this study came from two commercial sources.
Material I utilized an isophthalic polyester as its resin matrix, while Material II
was formulated with a rubber-toughened polyester resin. The details of the for-
mulation of Material I can be found in Ref 7.

Both of these SMC materials were molded in the form of flat plaques with
cured dimensions of 533 by 610 by approximately 3.4 mm (21 by 24 by 0.13
in.). The molding procedure consisted of charging approximately 2060 g (4.5
Ib) of the uncured SMC material into a compression die preheated to 149°C
(300°F) and applying a pressure of 6.9 MPa (1000 psi). The materials were held
at their respective cure temperatures and pressures for 120 s. Both were center-
charged in the mold cavity with the various mold coverage dimensions given in
Table 1. To maintain an approximate plaque thickness of 3.4 mm (0.13 in.), it
was necessary to use two layers of uncured SMC for 50% mold coverage and
four layers for 25% mold coverage. After molding, all of the cured plaques were
visually examined for defects. None were observed.
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TABLE |—Mold coverages utilized.

Mold Coverage, % Charge Dimensions, mm Material 1 Material 11
97.5 527 x 603 X X
90 483 x 546 X
75 457 x 508 X
50 381 x 432 X X
25 267 x 305 X X

Specimen Fabrication

The cured SMC plaques were first cut into straight-sided tensile blanks using
the template shown in Fig. 1 and then machined into their final dimensions using
a Tensil-Kut router (Fig. 2). As shown in Fig. 1, no gage section of the tension
specimens was within 20 mm (0.787 in.) of the edge of the SMC plaques. Thus,
the extreme anisotropy often found near the edges of SMC plaques did not affect
the results of this study. All specimens were numbered according to the plaque
from which they were cut and their specific location on each plaque. Specimens
from both of the SMC materials were sorted into the test matrix by means of a
computer-generated list of random numbers. This procedure was utilized in order
to eliminate the possibility of potential systematic plaque-to-plaque variations
from influencing the results of the study.
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FIG. 2—Circular notched tension specimen used for R25 SMC material (all dimensions in mm).

The circular notches shown in Fig. 2 were machined in each specimen by
initially drilling a starter hole of diameter 1.58 mm (Y16 in.) with a tungsten
carbide bit. This hole was then carefully enlarged to its final dimensions by
incremental grinding using diamond-edged tools. [The 1.58-mm (Y6 in.) circular
notches used in this study were created by simply drilling.] As verified by visual
inspection and burned-off specimens, this method for fabricating the circular
notches prevented damage to the SMC test specimens larger than that of the
created flaw (that is, the circular hole). After machining, the tension specimens
were cleaned and sealed in polyethylene bags. The numbers of specimens tested
with each combination of mold coverage and hole size used in this study are
given in Table 2.

Chemical Testing Procedures

Density, resin, filler, fiber, and void contents of the SMC materials were
determined for each of the panels used in the study. The details of these test
procedures have been described previously [8] and the results are given in Ta-
ble 3.
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Mechanical Testing Procedures

Prior to mechanical testing, all specimens were maintained at 63°C (145°F)/
0% relative humidity until they reached a constant weight (approximately 30
days). The circular notched tensile specimens were then tested at room temper-
ature [21°C (70°F)] in uniaxial tension on an Instron Universal testing machine
at a loading rate of 5 mm/min.

Results and Discussion

It is well known that notches reduce the tensile strength of continuous filament
composite materials [9-13]. Several investigators [/4~/9] have also demon-
strated that the tensile strength of SMC materials is influenced by the presence
of this type of a stress concentrator. While the majority of the work in this area
has emphasized the effect of notches upon the design of composite structures,
the creation of machined circular flaws in SMC tension specimens can also be
used to obtain an understanding of the naturally occurring tensile flaw sites in
this material. Furthermore, this experimental technique can also be useful in
determining the effect of processing variables such as mold coverage upon these
SMC tensile flaw sites.

By creating a set of tension specimens, each with successively larger machined
circular notches than its predecessor, information about the severity of the tensile
flaw sites in a material can be obtained. Usually, the specimens with very small
circular notches fracture at locations other than through these created flaws. This
implies that the severity of the naturally occurring flaws in the material is greater
than that of the artificially created flaw.

As the size of these created circular notches is increased, more and more of
the specimens fracture through this artificial flaw. Eventually a ““critical hole
size’’ is reached where all of the specimens fracture through the created circular
notch. The distribution in severity of the naturally occurring tensile flaw sites in
the material can be determined by observing the rate of increase of specimen
failure through the created flaw as a function of increasing circular notch size.
The critical hole size provides experimental insight into the nature of the most
severe tensile flaw site in a material.

By convention, in a set of specimens with step increases in hole sizes, the
critical hole size is defined as the smallest hole through which all of the specimens
failed. In reality, this type of testing procedure provides a range in which the
critical hole size must lie. The conventional definition of critical hole size is used
in this paper.

As shown in Table 4, the most severe tensile flaw sites in the two R25 SMC
materials examined in this study appear to be relatively insensitive to mold
coverage. Only Material 11, with a 25% mold coverage, exhibited a critical hole
size other than 9.53 mm (0.37 in.). These data show that flow of the uncured
SMC material during molding (of center-charged flat panels) does not affect the
tensile critical flaws in this type of random discontinuous composite. Thus, the
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TABLE 4—Observed critical hole sizes.

Mold Coverage, % Critical Hole Size, mm

MATERIAL I

97.5 9.53

50 9.53

25 9.53
MaTERIAL 11

97.5 9.53

90 . 9.53

75 9.53

50 9.53

25 >9.53

tensile critical flaws in these R25 SMC materials must have originated from other
source(s) such as the curing process, thermal quenching after curing, or they
may have existed in the uncured SMC before molding.

Notched Strength Models for Composite Materials

Two models have been developed to predict the effect of notches, either circular
or slit, upon the tensile strength of composite materials. The first model, de-
veloped by Waddoups [9], employs the principle of linear elastic fracture me-
chanics (LEFM). It is based upon the premise that a material constant known as
the ‘‘characteristic dimension,’’ a, exists which governs the notch strength of
composite materials. Recently, this assumption has been shown to be invalid
[20].

The second model for predicting the effect of notches upon the tensile strength
of composite materials was developed by Whitney and Nuismer [27,22] as an
alternative to the LEFM model. This two-parameter model was essentially iden-
tical to the one proposed by Waddoups but requires the knowledge of the finite
stress distribution in the vicinity of the notch. The specimen is assumed to fail
when the stress at some characteristic distance (d,) from the tip of the notch
reaches the unnotched tensile strength of the laminate. In the Whitney-Nuismer
model, d, is assumed to be a constant for all notch sizes. Recently, Wang et al
[23] have shown that this characteristic length is not a constant in SMC materials.
Thus, the use of this model to evaluate the notch strengths of R25 SMC may be
questionable. Pipes et al [20] extended the Whitney-Nuismer model and intro-
duced a three-parameter notch strength model which takes into consideration the
effect of a stress concentration factor, K;* (important for predicting crack growth),
the notch sensitivity factor C (a measure of the effect of K in reducing notch
strength), and an exponential parameter, m (which describes the influence of
notch size upon notch strength).

The influence of the radius, R, of an unloaded circular notch upon the strength



40 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

of a composite laminate of infinite width is given by [20]

or"1oy = 22 + fR)™? + 3f(R)~*
= K™ = SR + TAR)*I (D

where
fR) =1 + R"'R, " C71] 2
and
oo = unnotched composite tensile strength,
o~ = notched composite tensile strength of a laminate of
infinite width, and
R, = reference circular notch radius, 2.54 cm (1 in.).

The stress concentration factor K™ can be expressed as a function of a material’s
orthotropic properties

K =1 + V2AVEJE, — v, + EIG,) 3)

where

E,. = transverse Young’s modulus,

E, = longitudinal Young’s modulus,
v, = Poisson’s ratio,
G, = inplane shear modulus, and

y = loading axis of the material.

For isotropic materials [20]

K™ =3 “4)
and

ox*log = 2{2 + fIR)? + 3f(R)~*}! &)

While SMC materials are not necessarily isotropic [/8,24], a study of the ani-
sotropy of the two R25 SMC panels used in this paper (see Refs / and §)
demonstrated that they were isotropic. Thus, Eq 5 can be used to analyze the
data collected in this study.

The relationship between the experimentally measured ratio of strengths from
tension specimens and that ratio of strengths in a composite laminate of infinite
width is

ox /oy = (FWC)(0R/0) (6)
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where FWC is the finite-width correction and oy the observed tensile strength
of a specimen containing a circular notch of radius R. The value of FWC can
be calculated from either of the following equations [25,26]

FWC = | — 0.05\ + 1.5 \? 0
or
2+ (-2
FWC = =—————~
3(1 = A) ®)
where
A =2RIW (\ < 0.5) )
100
90 |~
- 97.5% Mold Coverage
80 |-
70 |~

60

50 |-

Gross Area Notch Strength (MPa)

ol 1 o t ¢ 1 4 1 4 ) o4t 30|
(o] 2 4 [} 8 10 12 14
Hole Diameter {mm)

FIG. 3—Effect of circular notched hole diameter upon gross area notch strength of Material I
fabricated with 97.5% mold coverage.
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and W is the specimen width [2.54 cm (1 in.) for the specimens used in this
study]. Equations 7 and § give virtually identical values of FWC for the values
of X used in this study.

It is possible to shift the notch strength relation given in Eq 1 to a master curve
for all materials. The magnitude of this shift is a measure of the relative notch
sensitivity for a particular material. The reference system that has been commonly
chosen for the master curve is m= 0.0, C = 254 mm~' and R = 2.54 mm
[17]. The relative notch sensitivity factor, R,, can then be given by

Ry = m + log,C (10)

Influence of Mold Coverage upon Strength of R25 SMC Tension Specimens
Containing Circular Notches

The effect of circular notches upon the gross area notched tensile strength of
the R25 SMC materials (97.5% mold coverage) is shown in Figs. 3 and 4. (For
brevity, only a small amount of the data collected are presented herein; unless
otherwise noted, both of the SMC materials exhibited similar results.) The gross

80

97.5% Mold Coverage

T

70 -

60 |- 3 L

50 [~

Gross Area Notch Strength (MPa)

20 -

0 IS W (RS U NN S NN T SN M N N |
0 2 4 8 8 10 12
Hole Diameter (mm}

FIG. 4—Effect of circular notched hole diameter upon gross area notch strength of Material Il
fabricated with 97.5% mold coverage.



SHIRRELL AND ONACHUK ON NOTCH STRENGTH 43

area notched strength values shown in these figures do not take into consideration
the loss of specimen cross-sectional area due to the removal of the SMC material
in the circular notch. In addition, the scatter bars in these figures represent one
estimated standard deviation from the average value of each set of data.

The strength of Material I appears to decrease gradually with increasing hole
size until the critical hole size is reached, 9.53 mm (0.37 in.), whereupon the
strength decreases sharply. Due to the large scatter in the observed notched tensile
strengths of this material, the gradual decrease in strength below the critical hole
size may not be real. Figure 5 shows a representative set of fractured specimens.
Upon examination, the failures in the test specimens with small machined holes
were found to occur randomly throughout the test section. As the critical hole
size was approached, more and more of the specimens fractured through the
circular hole. The influence of mold coverage upon the percent of specimens
fracturing through the hole is shown in Figs. 6 and 7.

The influence of mold coverage upon the percent of Material II specimens
which fractured through their hole is shown in Figs. 8 and 9. No clear trends
relating mold coverage and the severity of the flaw sites less than the critical

FIG. 5—Representative fractured circular notch tension specimens for Material Il fabricated with
25% mold coverage.
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hole size can be observed in Figs. 6 through 9. The number of test specimens
at each mold coverage and hole size used in this study (Table 2) appears to be
insufficient to accurately establish the existence or absence of any such relation-
ship for the SMC materials examined. However, the most severe tensile flaw
sites, that is, the ones identical to the critical hole size, were found to be unaffected
by mold coverage.

Modeling the Notch Strength of R25 SMC Materials

To utilize Eq 5 to predict the notch strength of the two SMC materials examined,
it is first necessary to obtain the values of m and C which yield the best fit to
the experimental data, (0! Oy)ows» for each mold coverage. The values of
(02" / 0g)os Can be calculated from Eq 6 given the observed values of the average
gross area notch strengths, 0z, and the average value of the unnotched strength,
Ty, for each set of mold coverage tension specimens. Equation 6 also requires a
value for FWC which can be computed using both Eq 8 and Eq 9.

In addition, Eqs 5 and 2 can be employed to formulate an equation for (oz"/
0g)eac 10 terms of C and m. The values of C and m can then be numerically
iterated to yield a value of (0z”/0).a. Which minimizes the expression

3 08 T)eaen = (@& Todopsl (11
n=1

where # is the running index number. Each value of n corresponds to a value of
R utilized in the study. A digital computer program was employed to simplify
the laborious calculations involved in this procedure.

The calculated values of m and C that gave the best fit to the experimental
data observed are given in Table 5. Using these values, the calculated relationship
between (0x”/0).c and log radius along with the corresponding observed values
of (0%™/Go)gys 1S plotted (for mold coverage of 50%) in Figs. 10 and 11.

Notch Sensitivity of R25 SMC

As demonstrated by these figures, the two R25 SMC materials examined in
this study are relatively notch insensitive. This reduced notch sensitivity is a
direct result of the large number and the severity of the naturally occurring tensile
critical SMC flaw sites which are present in the material.

In the three-parameter model of Pipes et al [20], the effect of notch size upon
the notch strength is apparent through both the notch sensitivity factor, C, and
the exponential factor, m. The values of these parameters for the data collected
herein plus two others in the literature are compared in Table 5. As is readily
apparent from the results presented in this table, eight of the ten data sets have
values of m equal to zero. Of the remaining two data sets, Material I at 97.5%
mold coverage and Material II at 50% mold coverage both gave values of the
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TABLE 5-—Computed values of C and m.

47

Mold Coverage, % m Cem™) R,
MATERIAL I
97.5 0.32 1.70 0.55
50 0 3.26 0.51
25 0 2.54 0.40
MATERIAL I
97.5 0 2.41 0.38
90 0 2.30 0.36
75 0 0.51 -0.29
50 0.5 0.46 0.16
25 0 0.51 -0.29
OCF 920 [15]
Unknown 0 0 0
SOMMERVILLE INDUSTRIES LTD.,
G-1005-30 [16]
Unknown 0 0 0
14
= Calculated Curve
r 3 Experimental Value
1.2 - 50% Mold Coverage
10~
08—
% |
’0
m=0
08 [— C=3.26
04 r
02—
-
1Y I N U U W N U S G N N N N R T
-0.2 ] +0.2 +0.4 +0.6 +0.8 +1.0 +1.2
Log Radius (mm)

FIG. 10-—Comparison of experimental and calculated notched/unnotched strength ratios for 50%
mold coverage Material I specimens.
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1.4 —
—— Calculated Curve
B 3 Experimental Value
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C=.46
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FIG. 11—Comparison of experimental and calculated notched/unnotched strength ratios for 50%
mold coverage Material Il specimens.

minimum sum of differences (Eq 11) that are within experimental error of those
values where m is equal to zero, Table 6. Thus, all ten of the R25 SMC data
sets can accurately be described by the Whitney-Nuismer two-parameter notch
strength model [27].

A comparison of the notch strength sensitivities for Materials I and II indicates
that Material I is slightly more notch sensitive than Material II. Since Material
II is toughened by a rubber phase, its resin matrix should be less sensitive to
microcrack growth than Material I’s brittle polyester resin matrix. Thus, Material
11 should be more tolerant of stress concentrators.

Conclusions

Based on the results of this investigation, the following conclusions are made:

1. R25 SMC is relatively notch insensitive due to the large number of naturally
occurring tensile critical flaws in this material.

2. The critical hole size (that size circular notch through which all specimens
fail) of R25 SMC is 9.53 mm (0.37 in.). Variations in mold coverage from 97.5%
to 25% were found to have virtually no effect upon the critical hole size in R25
SMC.
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TABLE 6—Effect of m upon minimum sum of differences (Eq 11).

Minimum Sum of
m C(em™") R, Differences

MATERIAL 1/97.5% MoLD COVERAGE

0.32 1.70 0.55 0.40

0 2.65 0.42 0.41
MATERIAL 11/50% MoLb COVERAGE

0.50 0.46 0.16 0.17

0 1.49 0.17 0.20

3. There exists a wide spectrum of flaw sites in R25 SMC. The most severe
of these are insensitive to mold coverage.

4. Within experimental error, the two-parameter notch strength model of Whit-
ney-Nuismer can be used to accurately describe the notch sensitivity of R25
SMC.
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ABSTRACT: In both continuous- and discontinuous-fiber aluminum metal matrix com-
posites (MMC) the interface plays a major role in fracture. The interface chemistry and
crystallography of both graphite/aluminum continuous-fiber and silicon carbide/aluminum
(SiC/ Al) discontinuous-fiber MMCs were observed on ion beam thinned specimens in the
transmission electron microscope (TEM). The fracture mode and fracture surface chemistry
of SiC/Al MMCs were investigated with the scanning electron microscope (SEM) and
Auger electron spectroscopy (AES) combined with inert ion sputtering. The materials
investigated were representative of the discontinuous-fiber SiC/ Al composite (ARCO, SILAG)
and the particulate SiC/Al composites (DWA) at the time of the study.

The TEM results show that an oxide is present at some ot the SiC/Al interfaces, often
in the form of ¥-Al,O; (along with MgAl,O, when the aluminum matrix contains magne-
sium). The fracture path is not dominated by the interfacial failure but is primarily a matrix
failure path. The more ductile the matrix, the less interfacial fracture. The large volume
fraction of silicon carbide plays a major role in the fracture behavior by influencing the
localized volume of material being deformed. Some of the fracture energy may have been
reduced due to prior formation of dislocation networks due to thermal coefficient of ex-
pansion mismatch between the silicon carbide and the aluminum matrices. These networks
were not apparent in the particulate SiC/Al MMC.

Both fine-grained y-AL,O; and small amounts of coarse-grained Al,C; were found in the
interfaces of the as-received graphite/aluminum composite specimens. During heat treat-
ment, some of the Al,C; phase grows into and along the graphite fiber surface.

KEY WORDS: aluminum, composite materials, fracture, heat treatment

Metal matrix composites (MMCs) have been investigated in recent years be-
cause they offer high performance and wide application as engineering materials.
More than 100 different materials have been made as fibers or whiskers and used
to strengthen the metal matrix materials. If the composite is exposed to high
temperature, only high-melting-temperature fibers can be used [/]. This study
reports results on carbon and silicon-carbide fibers in aluminum metal matrices.
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Both continuous- and discontinuous-fiber composites and particulate composites
were studied.

In general, the fiber-reinforced MMC is anisotropic. The degree of anisotropy
depends primarily on the degree of fiber orientation. Fibers in metal matrix
composites are used to carry the load, and the matrix serves to transfer and
distribute the load to the fibers [2]. The interface is a region of significantly
changed chemical composition and bonding between the matrix and the rein-
forcement [3], and it plays the role of transmitting shear stress in the composite
systems. The interface must therefore be strong. The formation of brittle com-
pounds at the interfaces must be controlled. The interfaces must be stable at the
service temperature of the composite. The cross-sectional area of the interfacial
reaction zone must be small compared with that of the fiber so that the fiber
retains its original mechanical properties. The difference between the thermal
expansion coefficients of the fiber and the matrix can lead to large induced residual
stress [4]. The goal of minimizing thermal expansion mismatch to reduce residual
stresses is seldom achieved because of the need to choose certain reinforcing
phases which are sufficiently stable and of high modulus in the high-temperature-
range applications. Graphite fibers and silicon carbide fibers are very often used.
There is a large difference in the thermal expansion coefficient between the two
types of fibers and the aluminum alloy metal matrices.

Recent MMC development has been primarily focused on the continuous-fiber
composites because of their impressive mechanical properties both at room tem-
perature and elevated temperature along the direction of the fiber [5]. Discon-
tinuous fibers have seen a revival (they were first made during the 60’s) [6] since
these fibers can now be successfully immersed into aluminum alloys. The ad-
vantage in using a discontinuous-fiber reinforced MMC is that it can be processed
in the more conventional ways, such as extrusion, rolling, forging, swaging and
that it allows flexibility in making the required shapes and sizes [7].

Some high-strength whiskers, such as sapphire and silicon carbide, have been
used in various metal matrices since the 1960s [8]. Many of these MMCs show
very attractive mechanical properties, but the high cost of the whiskers inhibits
their application. Relatively cheap B-silicon carbide whiskers were developed
and successfully immersed into aluminum alloy matrices in the early 1970’s [6].
This is one of the metal matrix composites discussed in this report.

Continuous-fiber composites have fibers that are continuous in length and
uniformly dispersed through the whole composite section. It is generally assumed
that the fibers are unidirectional [3]. A discontinuous-fiber composite means that
the composite material includes reinforcing fibers of finite length and not uni-
directionally dispersed in the composite. The longitudinal stress in a continuous-
fiber composite usually can be approximated by the rule of mixtures. The stress
behavior of discontinuous-fiber composites cannot be, unless the fiber length is
much greater than some critical value [3].

In particulate-strengthened composite materials, the particles are more equiaxed
than the whiskers, with sizes varying from 0.01 to 1.0 pm. The matrix is the
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major load-carrying constituent. The particles dispersed in the matrix are present
to prohibit the motion of dislocations in the metal-matrix. Therefore, the rein-
forcement of metal matrix is primarily dependent on the effectiveness of the
dislocation motion prohibiting mechanism (dispersion-hardening).

In the manufacturing of continuous-fiber composites, the graphite fibers are
not wet spontaneously by liquid aluminum at temperatures near the melting point
of aluminum [9]. It was found that the method to induce infiltration of bundles
of fibers was to pretreat the graphite by chemical vapor deposition of titanium/
boron on the surfaces of the fibers, which then allows molten aluminum to wet.
This also prevents rapid attack of the fibers by aluminum [/0]. After this titanium/
boron treatment, the graphite-reinforced aluminum or aluminum alloys have
useful longitudinal properties. However, a major problem is the poor transverse
tensile strength. Previous research results on the graphite/aluminum composites
have been reported by Tsai [//], Finello [/2], and Lo [/3]. They have shown
that the interface structures present in the commercial graphite/aluminum com-
posites are complex combinations of different glassy and crystalline phases,
including TiB,, Al,C;, y-Al,O;, and MgAl,O, [11,13]. Not all phases are present
simultaneously in every case. Limited transverse strengthening of graphite/alu-
minum resulted from heat treatment to form aluminum carbide but only with a
concurrent serious decrease in the longitudinal strength. Fiber degradation is used
to explain this reduction in longitudinal strength. The graphite crystal orientation
with heat treatment strongly influenced the aluminum carbide nucleation and
growth [/2]. With heat treatment the chemical composition of the fracture path
is found to change.

Material Description
Silicon Carbide Discontinuous Fibers in Aluminum Alloys

The following are the six specimens of silicon carbide discontinuous fiber in
aluminum matricé composites studied (see Table 1):

1. A6013Z: SXA 2024 + 22.45 weight % F-9 grade silicon carbide, flat,
12.7 by 127.0 by 47.6 mm (¥2 by 5 by 1% in.), as extruded.

TABLE 1—S8iC/Al composites with matrix alloys and silicon carbide contents.

Metal

Material Matrix SiC
A6013Z 2024 22.45 weight %
C0115Z 6061 10 weight %
C0116Z 6061 30 weight %
D0026Z 7075 20 weight %
D0030Z-2 7075 5.7 weight %
E00197-2 Al-SLi 25 weight %

SiC particulate/ Al 6061 25  volume %
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2. COI115Z: SXA 6061 + 10 weight % F-9 grade silicon carbide, flat, 6.35
by 38.1 by 19.05 mm (¥4 by 1%2 by 1% in.), as extruded.

3. CO116Z: SXA 6061 + 30 weight % F-9 grade silicon carbide, flat,
3.175 by 58.737 by 39.687 mm (3 by 2%16 by 1% in.), as
extruded.

4. D0026Z: SXA 7075 + 20 weight % F-9 grade silicon carbide, flat, 6.35
by 38.1 by 50.8 mm (% by 1% by 2 in.), as extruded.

5. DO030Z-2: SXA 7075 + 5.7 weight % F-9 grade silicon carbide, rod,
15.875 by 44.45 mm (% by 1% in.), as extruded.

6. E0019Z-2: SXA Al-5Li + 25 weight % F-9 grade silicon carbide, rod,
15.875 by 44.45 mm (% by 1% in.), as extruded.

The particulate SiC/Al composite was 25 volume % silicon carbide powder
blended in an Al 6061 metal-matrix. In order to evaluate both the silicon carbide
discontinuous-fiber reinforced and silicon carbide particulate-reinforced alumi-
num MMC, Auger electron spectroscopy (AES) and scanning electron micros-
copy (SEM) fracture surface analyses, as well as transmission electron microscopy
(TEM) microstructural analyses, were performed. In order to observe the silicon
carbide fiber, SEM was used. Metallurgical specimens were etched in hydro-
chloric acid (Fig. 1). The metal matrix was etched away and the fibers were
observed on the surface. The diameters of the fibers vary from 0.2 to 1 pm.

Continuous Graphite Fiber in Aluminum Alloy Composites

The material studied (G4924) contains P55 high-modulus fibers (titanium/boron
processed) in an Al 6061 metal matrix. The as-received transverse strength is 32
MPa +5. The graphite/aluminum MMC study observed the morphology of the
interface by using TEM.

Experimental Approaches
AES Analysis of the Fracture Surfaces

Specimens from all of the silicon carbide discontinuous-fiber/aluminum com-
posites and the 25 volume % silicon carbide particulate/aluminum composites
were fractured inside the ultra-high-vacuum AES chamber. The discontinuous
fibers and the particulate sizes are below the resolution of the Auger spectrometer
used. Therefore, a square rastered beam of 3 m at a TV scan rate was used to
collect the average compositional AES information from the fracture surfaces.
The quantitative AES analysis of the compositional ratio of aluminum to silicon
in the spectrum was done by measuring the peak-to-peak heights of aluminum
and silicon from a dN(E)/dE curve and correcting by the relative sensitivity factors
obtained from standards [/4]. The studies were carried out in a Physical Elec-
tronics 590 SAM system using a nominal 1-pm electron beam size. Sputtering
was accomplished using a differentially pumped argon ion gun with an approx-
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FIG. 1—SEM micrograph of a silicon carbide discontinuous fiber/ aluminum composite surface
etched by hydrochloric acid. The diameters of the fibers are very small, varying from 0.2 to 1 pm.

imately 1-mm-diameter beam size at the specimen. A 4-keV ion beam with a
25-mA current yielding an initial rate on the order of 10 nm/min was used.

SEM Investigation

The silicon carbide discontinuous fiber/aluminum composites and silicon car-
bide particulate/aluminum composites were fractured and quickly put into the
SEM vacuum chamber to prevent the fracture surfaces from excessive oxidizing
in air. A JEOL JSM-35C model SEM with a KEVEX energy dispersive spec-
troscopy system (EDS) was used for topological and chemical analysis.

TEM Analysis

For the TEM microstructural and interfacial studies, four kinds of silicon
carbide discontinuous-fiber/aluminum composites were prepared by ion beam
thinning and for one of them both ion beam thinning and jet poishing were used
to get the thin regions (the as-received silicon carbide fiber/aluminum composite-
A6013Z specimen). The jet polishing solution used was a mixture of 2% hydro-
chloric acid, 49% nitric acid, and 49% methanol. The as-received A6013Z pre-
pared by the ion beam thinning technique was sliced in a transverse section. In
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an attempt to widen the interface region, the bulk A6013Z specimen was heat-
treated by encapsulating the specimen at the diffusion-pumped rough vacuum
condition (about 3 X 1072 Pa) in a Vycor glass tube and heat-treated at 550°C
for 24 h. The heat-treated specimen was then sliced in both transverse and
longitudinal sections, followed by ion beam thinning.

Both the as-received and after tension test specimens of silicon carbide dis-
continuous-fiber/aluminum composite-C0116Z and 25 volume % silicon carbide
particulate/alumipum composite were prepared by the ion beam thinning tech-
nique for TEM microstructural and interfacial studies.

The transverse sections of the as-received and heat-treated graphite/aluminum
composite (G4924) were prepared by ion beam thinning for TEM interfacial
studies. The heat treatment was done by encapsulating the specimen in the
mechanical pump vacuum system (about 1 to 107! Pa) and was carried out at
550°C for 2 h [12].

The mechanical properties of graphite/aluminum MMC were observed in pre-
vious work [5,12,13], therefore only the morphology of the interfaces of this
graphite/aluminum MMC was inspected in the present study.

The TEM work from the jet-polished A6013Z specimen was done using a
JEOL JEM-150 while all the other TEM work was performed using a JEOL
JEM-200CX.

The ion beam thinning technique is described in the Appendix.

Results and Discussion
SEM Analysis

SEM fractography on tension tested specimens showed a ductile-dimple frac-
ture mode on the fracture surfaces of the silicon carbide discontinuous-fiber/
aluminum and silicon carbide particulate/aluminum composites. It was rare to
find fibers on the fracture surfaces of silicon carbide discontinuous-fiber/alu-
minum composites. A comparison of the fracture surfaces of D0026Z (Al 7075 + 20
weight % silicon carbide fiber), A6013Z (Al 2024 + 22.45 weight % silicon
carbide fiber), and E0019Z-2 (Al-5Li + 25 weight % silicon carbide fiber)
follows. Al 7075 is a more ductile matrix alloy than the Al 2024 and Al-5Li
alloys. The three composites have about the same fiber content by weight. The
SEM micrographs in Figs. 2a, 3, and 4 illustrate the limited number of fibers
on the DO026Z fracture surface and the more predominant presence of fibers on
the E0019Z-2 and A6013Z fracture surfaces. This was consistent with the results
of AES quantitative analyses that follow.

It was very difficult to distinguish between the aluminum matrix and silicon
carbide powder particles at the fracture surface of silicon carbide particulate/
aluminum composites. As a result of SEM silicon-mapping, as shown in Fig.
5, it is evident that the size of the silicon carbide particles varies, with some as
large as 10 pm. The spacing between the particles was not uniform.
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AES Results

Auger electron spectra collected from the fracture surfaces of the silicon carbide
discontinuous-fiber/aluminum alloy composites showed very small silicon peaks
compared with the theoretical ratio of silicon to aluminum for the weight fraction
of silicon carbide present. An extreme case is that of D0030Z-2, the ratio of
aluminum to silicon is 88 to 1 which means that there is effectively no silicon
at the fracture surface. After extensive inert ion sputtering (removal of about 0.5
to 1 pm) of the surfaces, increased silicon carbide was observed on most of the
fracture surfaces. Figures 2b and 2c show the AES spectra of fracture surfaces
of the D-0026Z before and after sputtering along with the SEM fracture surface
picture in Fig. 2a. The results of the analysis of relative amounts of aluminum
to silicon are listed in Table 2. The need to sputter the surface for long times to
get the substantial silicon carbide spectra gives strong support for high interface
strength in the silicon carbide discontinuous-fiber/aluminum composites.

Elemental maps of silicon using EDS in the SEM differed from the Auger
studies. The silicon carbide particles or fibers were observed in the elemental
mapping even though the AES results indicate a layer of interface and matrix
aluminum alloy over them. This is because many of the characteristic X-rays
escape from a deeper volume in the bulk material than Auger electrons.

I

FIG. 2a—SEM micrograph of specimen of fracture surface of DO026Z.
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FIG. 3—SEM micrograph of fracture surface of A6013Z.

A comparison of the 25 volume % silicon carbide particulate/aluminum 6061
composite with C0116Z (Al 6061 + 30 weight % silicon carbide discontinuous
fiber) showed that these two materials have the same metal matrix, and the
CO116Z has larger silicon carbide content by volume than that of the 25 volume
% silicon carbide particulate/aluminum composite. The quantitative AES results
showed that the 25 volume % silicon carbide particulate/Al composite had a
larger silicon concentration on the fracture surface. This indicates that more
interface failure occurred in the silicon carbide particulate/aluminum composite
than in the silicon carbide discontinuous fiber/aluminum composite.

TEM Results

Silicon Carbide/Aluminum Composites—A diffraction pattern taken from the
interface of the jet-polished as-received A6013Z specimen was identified as -
ALO;.  y-Al,O; was also identified in both interfaces of as-received C0116Z
and a heat-treated A6013Z ion beam thinned longitudinal section. From the energy
dispersive X-ray (EDS) analysis in a scanning transmission electron microscope
(STEM), a small amount of magnesium is found in some interfaces. Therefore,
at least some of the y-ALO, is possibly MgALQ, (spinel), but their structures
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FIG. 4—SEM micrograph of fracture surface of EO019Z-2.

and lattice parameters differ by an amount too small to be resolved by electron
diffraction from such a small area. Figures 6a and 6b are the TEM bright field
and dark field micrographs of the interface of a heat-treated A6013Z longitudinal
thinned section. The thickness of y-Al,O; phase is about 30 nm (only one variant
of the yAl,Os is seen in Fig. 6b). The crystalline oxide phase was not uniformly
present at every interface. A comparison of microstructures of heat-treated and
as-received transverse ion beam thinned A6013Z sections showed that there was
no evidence of any significant reaction between silicon carbide fiber and alu-
minum metal matrix after annealing at 550°C in a diffusion-pumped rough vacuum
(about 3 X 1072 Pa) conditions for 24 h. A slight degradation was found by
Kohara [/5] at 600°C. +vy-Al,O; was not identified from a transverse thinned
section. This may be due to the interface layer being too thin.

No interface phase was found in the silicon carbide particulate/aluminum com-
posite. Presumably, the interface region was too thin to observe in the limited
number of specimens prepared and may be amorphous.

In order to compare the distributions of dislocations before and after tension
testing, the specimen C0O116Z was chosen because it has the most silicon carbide
content among the six types of as-received silicon carbide discontinuous-fiber/
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FIG. 5—SEM silicon mapping (right half) with related fracture surface of the 25 volume % silicon
carbide particulate! aluminum composite. The bright areas indicate the silicon carbide particles.

TABLE 2—Analysis of Auger spectra collected from fracture surfaces of silicon carbide fiber and
silicon carbide particulate in aluminum alloy matrices composites.

Theoretical
Ratio
for Known
Before After Weight % or
Metal Sputtering, Sputtering,  Volume % of
Material Matrix SiC Ca/Cy; Cu/Cs C./C
A6013Z 2024 22.45 weight % 10:1 3:1 3.45:1
C0115Z 6061 10 weight % 28:1 7:1 9:1
CO0116Z 6061 30 weight % 7:1 31 2.33:1
D0026Z 7075 20 weight % 13:1 31 4:1
D0030Z-2 7075 5.7 weight % 88:1 11:1 16.45:1
E0019Z-2 Al-5Li 25 weight % 4:1 4:1 31
SiC particulate/ Al 6061 25 volume % 5:1 5:1 31
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aluminum composites. TEM microstructural analysis showed that there was not
much difference between as-received and after tension testing ion beam thinned
CO0116Z sections. A large dislocation density was found in the aluminum metal
matrix in the vicinity of the silicon carbide fibers in the as-received specimen
(Figs. 7,8). A similar dislocation density appeared in both the transverse and the
longitudinal ion beam thinned A6013Z sections. The reason for the heavy dis-
location density is postulated to be associated with deformation due to the large
difference in thermal expansion coefficient. This is complicated by any dislocation
introduction associated with the ion thinning process. There was no heavy dis-
location density observed in the as-received and after tension testing specimens
of silicon carbide particulate/aluminum composite (Fig. 9). The few dislocations
may be due to the small aspect ratio of the particulate material limiting the effects
of differential thermal expansion.

Graphite/ Aluminum Composite—All of the graphite/aluminum composite
specimens in this study were prepared in transverse sections followed by ion
beam thinning. Both fine-grained y-Al,O; and a small amount of coarse-grained
Al,C; were found in the interface of the as-received G4924 specimen. The dif-
fraction patterns of y-Al,O; show continuous rings and the Al,C; rings are spotty.
The TEM dark-field picture (Fig. 10) showed that the y-Al,0; was next to the
graphite fiber and the coarse-grained Al,C; particles were outside the y-Al,O;,
phase. The Al,C; particles extended into the aluminum matrix.

As in the previous work [/2], the graphite/aluminum composite was aged at
550°C in a rough vacuum condition which promotes carbide formation. In the
heat-treated specimens, it was easier to find Al,C, in the interface than to find
v-Al,O; phase. Perhaps during heat treatment the alumina goes from a thin layer
structure to thicker islands that are statistically less easily observed in thin sections
perpendicular to the layer. In the interface area without observable y-AlO;,
Al,C; seems to interlock through the porous sites of the graphite fiber surfaces
as shown in Fig. 11. This mechanical locking could contribute to the transverse
strengthening of graphite/aluminum composite after heat treatment [12]. The size
of Al,C; grains was about 0.2 pum and they were in polyhedral shape. Both the
fine-grained and coarse-grained y-Al,0; were found in the interface of heat-
treated G4924 specimens. The coarse-grained y-Al,O; did not have a regular
shape, but was about 0.1 pm in diameter. The kinetics of carbide formation has
the carbon from the graphite fiber surface diffusing through the interface to form
Al1,C;. This then formed the layered structure observed.

Conclusions

1. The more ductile the aluminum metal matrix, the less silicon carbide fiber
appears on the SEM micrograph of the fracture surface, implying less interface
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FIG. 11—TEM dark-field microstructure of heat-treated G4924 specimen shows that Al,C; particles
grow into and along the graphite fiber surface.

fracture in the silicon carbide discontinuous-fiber reinforced aluminum compos-
ites.

2. Very thin layers of y-Al,O; (along with MgAl,O, when the aluminum matrix
contains magnesium) are in some of the interfaces of the discontinuous-fiber
SiC/Al composites.

3. Both fine-grained y-Al,O; and coarse-grained Al,C; were found in the
interfaces of the as-received graphite/aluminum composite specimens. During
heat treatment, some of the Al,C; phase grows into and along the porous sites
of the graphite fiber surface. This mechanical locking could contribute to the
transverse strengthening of graphite/aluminum composite after heat treatment.
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APPENDIX

Ion Beam Thinning of Composite Materials

In this research, most of the specimens for the TEM microstructural and interfacial
studies were prepared by an ion beam thinning technique. There are several advantages
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to ion beam thinning. The technique gives a very clean surface. For specimens containing
a finely divided second phase as in the composite materials, this is a good way to uniformly
thin both phases simultaneously (which is very difficult to accomplish by chemical etching
or electro-polishing). Therefore, it is especially good for observing transverse sections
[16]. For the final preparation of highly reactive materials this technique avoids the
dissolution of chemical etching or electro-polishing. This is especially important for the
interface studies where certain phases might preferentially dissolve in the polishing solution
[13].

An Edwards IBT 200 ion beam accessory was used to prepare the TEM specimens. It
was found that a 4-keV accelerating argon ion beam voltage was perfect for thinning the
aluminum metal matrix and the silicon carbide fibers or particulates simultaneously. Ion
beam thinning for graphite/aluminum composites is more difficult than thinning of silicon
carbide/aluminum composites. For the graphite/aluminum composite, using 4-keV or
lower accelerating ion beam voltage, the graphite fibers were thinned faster than the
aluminum metal matrix. If the voltage was 4.5 keV or higher, the aluminum metal matrix
was thinned faster than the graphite fibers. Therefore, the thinning of graphite/aluminum
composites was done in two steps. The 4.5-keV accelerating ion beam voltage was used
to sputter the specimen to thin the aluminum and then the voltage was adjusted to 4 keV
until both phases were thinned uniformly. During the thinning process, the graphite/
aluminum specimens were taken out and examined by TEM or STEM stereo pair micro-
graphs. Suitable adjustments of the ion beam voltage were then made to get both phases
to a uniform thickness. The specimen tilt angle affects the sputtering rate. A 30-deg tilted
angle was used at the beginning of the sputtering; in the later stages it was changed to
15 to 20-deg in order to slow down the sputtering rate and avoid ion beam damage to the
very thin surfaces.
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ABSTRACT: The behavior of crack propagation in ‘‘natural’’ composite materials (eu-
tectics) was investigated. It was shown that the conditions of failure should be described
by a probabilistic analysis that represents correctly the physical properties, rather than by
the usual deterministic approach. It is considered that the method is applicable for the
failure analysis of ‘‘artificial”’ composite materials as well.

The environment-enhanced subcritical crack velocity, v, is represented by the appropriate
kinetics combination of the elementary rate constants, ¢, as v = f(#). The rate constants
are described explicitly as

L= — exp (— i—g) with AG = AG* — W(K)

where k is the Boltzmann constant, 4 is Planck’s constant, T is the absolute temperature,
AG* is the appropriate atomic bond energy of the low- and high-strength components
encountered, respectively, as the crack tip moves into the corresponding zone, W is the
mechanical work in the corresponding zone, and K is the stress intensity factor.

The physical process is controlled by thermal activation; the consequence of this is that
crack growth in a probabilistic process is controlled by the instantaneous state of the load-
material-crack system. It is recognized that on the atomic scale, bond breaking as well as
healing occurs—the equivalent of the birth-death Markovian processes of probability math-
ematics. The analysis defines the crack size distribution as a function of time: The expec-
tation value of the probability distribution is the experimentally measurable average; the
spread of the probability density function defines the failure time probability of the composite
material. It is concluded that the probabilistic physical process leads to a significantly
different, and often more dangerous, failure occurrence than what is expected from the
usual deterministic analysis.

KEY WORDS: eutectic laminate, subcritical crack propagation, temperature dependence,
probabilistic crack size distribution, Markovian process

The development of high-strength laminated composite materials requires an
improved understanding of the physical mechanism of fracture (for example,
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Refs /-3); better understanding of the effect of temperature and environment on
the rate of crack propagation is of particular importance [4]. In previous studies
it was shown that temperature-dependent subcritical crack propagation in a de-
grading environment is controlled by thermal activation and that the crack velocity
in homogeneous materials, subject to sustained loading, is described well with
the kinetics theory of fracture. It was also shown that the physical process of
crack propagation is probabilistic and that this effect is superposed on the con-
ventional Weibull statistical condition [5].

It is the purpose of this paper to report the results of a study in which the
fracture kinetics method was developed further to consider the conditions of crack
propagation in a composite material of regularly spaced soft-hard* components,
subject to sustained loading in a degrading environment. The physical process
of crack propagation is presented first, followed by a description of the mathe-
matical technique and a discussion of the analytical results.

Physical Process of Crack Propagation in a Degrading Environment

The fundamental element of any crack propagation process is the breaking of
atomic bonds; only the accumulation of these elementary events can be observed
on the microscopic or macroscopic scale. An understanding of the basic processes
that control the velocity has to be developed therefore from a physically rigorous
theoretical model; testing the applicability of the conclusions derived from the
study to the experimental results has to follow. Once the validity of the model
is established, the conclusions can be extended to the description of the behavior
outside the already measured range. This character of the physically based,
rational theory is important and distinguishes it from the empirical descriptions.
It becomes particularly significant for lifetime determination and for operation
and maintenance schedule purposes.

Environment-assisted crack propagation occurs in two main steps: (1) The
external or internal environment reacts with the solid at the crack tip and produces
aregion in which the bond strength of the chemically altered material is reduced.
(2) Under the effect of the applied load the ‘‘weathered’’ bonds break and the
crack moves across the degraded region. These two steps are repeated consec-
utively (Fig. 1).

While Step 1 of the environment-assisted crack propagation is very complex,
it is often sufficient to describe the chemical degradation (cd) process by a single
elementary rate constant, expressed as

+
Lo kT exp (— AGCd) )]

3 1t should be noted here that the soft-hard terms are used throughout this paper interchangeably
with the concepts of low strength-high strength, although generally the two designations are not
identical.
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FIG. 1-—Progress of environment-assisted crack propagation: (1) external environment (liquid or
gas); (2) internal environment (for example, hydrogen diffusion). Open circles represent the reacting
species transported to the tip; solid circles are the resultant species of the reaction between the solid
and the environment; shading indicates the chemically altered zone.

where

t.q = number of average activations per unit time, the measure of the
chemical degradation step;

k, h = the Boltzmann and Planck’s constants, respectively,
T = (absolute) temperature; and
AG} = an “‘activation free energy,”’ the function of the chemical degrada-

tion.

The symbol # signifies that the term is associated with the activated state. The
meaning of Eq 1 is simply the statement that a corroded zone of a size sufficient
for a crack propagation step develops ¢.-times per second. This, of course, is
a rather sweeping statement; for more detailed descriptions, see Refs 6-9.

It is now well established [/0—11] that Step 2 of the environment-assisted
process, the actual subcritical (time and temperature dependent) crack propa-
gation, is also controlled by the same type of behavior expressed by Eq 1. This
is because crack propagation occurs by a sequence of atomic bond breaking steps
and rearrangement of the atomic configuration in the crack tip zone—similar to
the chemical reactions. Accordingly, the rate of the crack propagation (cp) steps
is expressed rigorously as [/0]

()

b = —exp| — —2—

kT AGE — W
h kT
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where ¢, and AGJ are, in analogy with Eq 1, the average rate of activation and
the “‘activation free energy’’ of crack propagation. The applied mechanical work,
W, represents the contribution of the external load and as such is considerably
less than the Griffith surface energy.

Experimental evidence [/2-14] and physical theoretical consideration [/5]
prove that, at least on the atomic scale, occasional atomic bond healing steps
also occur. It is often important to consider this effect. The rate of crack healing
steps £, is

+
kT (_ AGY + W) 3

E’Ch = _h— exp kT

where the subscript ‘‘ch’’ denotes crack healing, and the other terms have their
previously given meaning. Equations 1, 2, and 3 provide a powerful general
description of environment-assisted crack propagation. The activation free energy
terms, AG*, define quantitatively the atomic bond strength as the function of
the chemical composition and structure of the region in which the crack tip finds
itself: the degraded or nondegraded, low- or high-strength component of the
composite. The contribution of the mechanical work, W, to the crack propagation
process is usually described as

W = ok 4)

where «, the work factor, is also a function of the structure and the mechanism
of the crack propagation process. The stress intensity factor K is a rigorous
expression, derived from fracture mechanics concepts as

K = Yo (a)'? &)
where

Y = geometrical factor of fracture mechanics,
o = stress, and
a = crack size.

Ii

The system (Egs 1 to 5) represents rigorously and fully the crack propagation
process in composite materials subject to a hostile environment. It expresses
quantitatively the effect of the chemical environment, the composition and mi-
crostructure of the material, the geometry of the specimen or structure element,
the geometry of the crack, the mechanical load, and the temperature. For the
purpose of this report the theory is presented in terms of linear elastic fracture
mechanics. For a wide range of environment-assisted cracking this is a sufficiently
good approximation: the extension to fracture, associated with a large plastic
zone, is now in progress.
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FIG. 2—Typical environment-assisted crack propagation behavior in sustained loading.

The mathematical formulation will be developed for the typical Region 1
condition of environment-assisted fracture (Fig. 2).

Environment-Assisted Crack Propagation in a Layered Composite

In Region I the chemical attack is much faster than the fracturing step in the
eorroded zone and consequently the crack propagation process is essentially
controlled by these steps.

Considet a crack of size a,; it has to wait a random time period, ¢, between
two steps to move forward so that

1 h AGL — W
lp = — = —-exp—%—
tp KT kT

For the occasional healing step the waiting time is

1 h _ AGL + W

o = kP T T

In each of the soft and hard layers the activation free energies, AG4 and AGY,
and the mechanical work, W, have the corresponding specific value. The waiting
time, 7, is an exponentially distributed random variable because (as discussed in
the following) the mathematical model of the probabilistic atomic bond breaking
and healing mechanism of crack propagation is a Markov chain process.
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If the healing effect is negligible the crack propagation time in a composite
material is simply the sum of the two terms

= (ntcp)soﬂ + (ntcp)hard

where »n is the number of steps in the corresponding element of the composite.
When, however, the healing steps are not negligible, particularly in the important
threshold zone, determination of the crack velocity is more complex.

Consider now a larger number of identical specimens p; each having a crack
size a;. Figure 3 illustrates that the number of specimens p; having a crack size
a; can change, for four reasons:

1. Cracks just one propagation step smaller than a; grow to size a;, and the
rate of change is

Pi-1 Eep
2. Cracks of a; size grow to one step larger size at the rate of

pi P‘cp

3. Cracks of q; size shrink to one step size smaller dimension by healing at
the rate of

Pi Ecn
4. Cracks of one step larger than a; heal back to a; size at the rate of

Pi+1 Een

This behavior is illustrated in Fig. 3. The rate of change in the number of
cracks p; of size a; can be expressed as the appropriate combination of the four

iy}

FIG. 3—Schematic representation of the processes by which a crack size can change.
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possible rates

dp;

—‘; = Pi-1 ﬁcp - pi(gcp + léch) + Pi+1 gch (6)

It is, of course, necessary to consider the rate constant according to whether the
corresponding crack size is in the soft or hard layer.

The mathematical formulation of Eq 6 is represented well by Fig. 4, the
schematic equivalent of Fig. 3. It is clear from the figure and from Eq 6 as well
that the model corresponds to a typical birth-death Markov chain process: The
bond breaking and healing rates depend only on the conditions that exist at the
instant of their occurrence; the rates are the averages of random atomic occur-
rences; the bond breaking (birth) and bond healing (death) rates do not interact,
a specific condition that exists in the rate theory of thermally activated processes.
Accordingly, a system of differential equations can be written for each crack size
that is derived similarly to Eq 6. The crack sizes range from the initial microcrack
size a, to the size that is the limit for the lifetime under consideration, the critical
crack size a.. The equation system is then

dao

TI = _p0£0p+pl£ch

da

—Jt-l = = Po ch | (ﬁch + Kcp) + P2 fch
da

—2 = P1 ch - P2 (ﬁch + Kcp) t 3 ken

dt

: N
da;

E = Pict kep — P (e + Kcp) T Pisy ken
da..

71 = Pe-2 ch = Pe-1 (ﬁch + lg'cp) + Pe ke
da,

dt = Pe-1 kep — Pe (Een + ch)

Discussion

Analyses were carried out to investigate the crack propagation velocity in
laminar composite materials of alternating soft-hard layers. The differential equa-
tion system (Eq 7) was converted into a computer program and numerical solutions
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FIG. 4—Markov chain representation of the crack propagation process.

were obtained. The strength of the layers is expressed by the atomic bond strength,
which is the function of composition and atomic structure. Accordingly, the
activation energy of crack propagation, AG}, varies periodically. Figure 5 illus-
trates the corresponding step function type used in the analysis.

The natural, physical, probabilistic behavior of the crack propagation process
renders crack velocity a probabilistic quantity. Consequently, a distribution of
crack velocities will be observed at any defined time, even under identical con-
ditions. The crack size distribution is defined by the Eq 7 system as derived from
the Markov chain condition of probability theory. The system was evaluated for
a range of material and loading characteristics. A typical example is presented
in Fig. 6. The figure shows the crack size distribution at subsequent times: Over
the period illustrated here crack sizes vary already by several layers of thicknesses.
The figure also illustrates that the average crack velocity fluctuates in the early
times, but settles down to a steady probabilistic value that is significantly higher
than the deterministic value [/6] that would be considered by conventional anal-
ysis and design practices. Advanced technology applications of layered com-
posites often require damage-tolerant design and maintenance practices. Because
the basic assumption is that cracks do exist, it is their propagation rate that control
the lifetime. Examination of the actual, physical, probabilistic crack propagation
behavior demonstrates that conventionally deterministic tests and analyses, which

syt L

FIG. 5—Schematic representation of the composite material (a) and the corresponding variation
of the activation energy (b).

high-strength
layer

low-strength
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FIG. 6—A typical example of crack size distribution in layered composites. The square wave
strength variation was represented by an activation energy of AG}" = 1.53 eV in the hard layer
and AG}* = 1.47 €V in the soft layer.

AGH = AG3 = 0, Wi, = Wi, = 08eV; T =300K.

In the figure crack growth is defined by the random variable (crack size), X, associated with the
expectation value. Accordingly, the instantaneous velocity is v, = (X; — Xi-)/(t; — ti_}), where
X, — Xi.; = interatomic distance, and t; — t,_, is the time difference of the corresponding two
locations of the expectation values. Similarly, the probabilistic average crack velocity is defined as
Vag = (X — Xo)/(t; ~ t,), where X, and t, are the initial crack size and time. The deterministic
crack velocity is defined as V = a/ [% vi', where a is the crack size.
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FIG. 6—Continued.

consider the crack velocities separately in soft and hard layers and approximate
the combined (layered composite) behavior as the simple algebraic sum of crack
propagation in each of the two layer types, result in low values of crack velocity.
The probabilistic crack velocity analysis is, therefore, a more realistic and safer
method of lifetime determination.

Computer capacity restricted the maximum number of crack propagation steps
to about 1000 in this study. To obtain information from this relatively small
number of steps, layer thicknesses were limited with respect to crack propagation
step widths. Consequently, a realistic physical interpretation of the model, as
imposed by the computational capacity, is given in terms of finely layered lamellar
eutectic material, a natural composite. The results, however, are qualitatively
valid for macroscopically layered (artificial) composites as well. The full results
of the analyses will be published elsewhere.
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Constrained 90-Deg Ply Cracking
in 0/90/0 and £45/90/+45
CFRP Laminates
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+45/90/%45 CFRP Laminates,” Composite Materials: Fatigue and Fracture, ASTM
STP 907, H. T. Hahn, Ed., American Society for Testing and Materials, Philadelphia,
1986, pp. 84-99.

ABSTRACT: The strength distribution of 90-deg plies in the laminates (+6/90,), with 8
= 0 deg and 45 deg and n = 2, 3, and 6 is described in the form of a two-parameter
Weibull distribution. A common feature for both orientations of surface layers is that at
decreasing 90-deg ply thickness the characteristic strength and shape parameter increase.
The reason is that the surface layers suppress a growth of the defects in the 90-deg ply
which are lying close to the interface with the surface layers. This causes the apparent
shape parameter to increase from a value @ = 6.4 for a thick 90-deg ply (which is comparable
to the shape parameter determined on a unidirectional laminate) to a shape parameter of a
= 10.47 for a thin 90-deg ply (n = 2) in case of the (0,/90,), laminate. Further, it is
shown that crack formation in the 90-deg plies of the (*+45/90,), laminates is strongly
influenced by the severe edge stresses. This causes the applied one-dimensional fracture
strain criterion to be inaccurate for the (+45/90,), laminates.

KEY WORDS: composite materials, graphite composites, cross-ply cracking, Weibull
strength distribution, edge effect, carbon fiber reinforced plastic (CFRP)

One of the first mechanisms of failure to occur in carbon fiber reinforced
plastic (CFRP) laminates under static as well as fatigue loading is the development
of cross-ply cracks. Often these cracks trigger other damage mechanisms (for
example, delaminations) which finally can lead to total failure. For this reason
many investigations have been done to study the phenomenon of cross-ply crack-
ing [/-9]. Multiple 90-deg ply cracking has been studied as a function of 90-
deg ply thickness [/-7] and as a function of the stacking sequence of the laminate
[2-3]. In these cases the stacking sequence is normally chosen such that delam-
inations starting at the specimen edges occur at higher loads than cross-ply
cracking.

The approaches for a 90-deg ply strength characterization are mainly based
on (1) a fracture mechanical description of the strength [/-5] and (2) a description

! Scientist, DFVLR, Institute for Materials Research, Cologne, West Germany.
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of the strength as influenced by the statistical distribution of defects in the 90-
deg plies [6-9].

An energy criterion could be successfully applied for the description of the
decreasing strength at increasing 90-deg ply thickness. The strength further was
found to depend on the stacking sequence. An investigation of (+6/90,), lami-
nates with 6 = 0, 30, and 60 deg showed that the 90-deg ply strength generally
decreases at increasing angle 6 [2]. This effect can also be explained by using
an energy model [5]. It describes the tendency well, although at smaller 90-deg
ply thickness the deviation between the theory and the experimental results of
Ref 2 is large, especially for an increasing angle 0.

The statistical analyses are mainly based on a two-parameter Weibull distri-
bution of the strength. The parameters for this Weibull distribution can be de-
termined from the crack distance, as for example in Ref 6 on a glass-epoxy
laminate. From the crack distributions it was found that the probability of crack
formations close to existing cracks is lower. That is why in following investi-
gations the inhomogeneous stress distribution in the cracked 90-deg ply was
considered [7,9]. This was done for several CFRP cross-ply laminates assuming
a constant value of the shape parameter. A direct determination of the Weibull
strength distribution is possible using only one specimen, when the stress at every
single occurring crack is measured [9]. From the determined strength distributions
on (0,/90,), laminates with # = 2, 3, and 6, it was found that the strength as
well as the shape parameter increases at decreasing 90-deg ply thickness. In the
present investigation the last-mentioned test procedure is applied to determine
the strength of 90-deg plies in (£45/90,), laminates with n = 2, 3, and 6. As
the test results seem to be influenced not only by the main stress, other stress
components, especially at the specimen edges, are considered. In case of large
edge stresses crack formation is expected to start mainly at the specimen edges.
To study the effect of the edges on crack formation, some specimens out of the
(£45/90,), laminate were immersed in water. In this way the main stress at the
edge is reduced by swelling stresses and thus crack formation starting at the edge
is suppressed.

Experimental Procedure

Angle-ply laminates with the orientation (0,/90,); and (£45/90,), with n =
2, 3, and 6 were produced from Fibredux 914C prepreg by the DFVLR Braun-
schweig. The curing sequence was 1 h at 175°C and 4 h at 190°C. Specimens
of 16-mm width were cut by diamond wheel from the plates and stored in a
dessicator. The specimens were loaded up to fracture in a displacement-controlled
(2 mm/min) Instron testing machine with mechanical grips. In the gripping area
the specimens were reinforced with 40-mm-long aluminum alloy tabs, leaving a
free length of 115 mm. Four specimens out of the laminate (+45/90,), were
covered with aluminum wrapping foil, leaving only the edges unprotected. After
that they were immersed in distilled water for 126 h in order to saturate the
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specimens edges. Cracking of the 90-deg ply was detected in the investigated
laminates by a piezoelectric load cell in connection with a high-speed recorder.
Thus 90-deg ply cracking was registered as a function of time and of the applied
strain up to final failure of the specimen.

Analysis
Stresses in the Separate Plies

For the balanced symmetric laminates, as investigated here, the state of stress
of the 90-deg ply can be derived from lamination theory [/0]. The in-plane
constitutive equation is given by

N, = A — N/ i,j=1,2,6 (D
where
W= [ o
Ay = fQ,-j dz (2)
N, = fci dz
with the integration from z = —h/2toz = h/2

Now the in-plane stresses follow from
¢ = A; 'V + N)) 3)
The residual thermal strains are determined from Eq 3 in the absence of N,
€ = A, N/ 4
After substitution of Eq 3 into the constitutive equation of the 90-deg ply
o = 0, — wAT) (5
it follows
¢ = QA WV, + NJ) — o,AT] (6)

In the case of the (0,/90,), laminates the stresses perpendicular to the loading
direction were neglected [9], leading to the thermal strain in the 90-deg ply being

_ AT(o)® — o9)E\°
ni2E® + E°

1,90

€

@)
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TABLE 1—Listing of investigated laminates indicating the 90-deg ply element length ¢, the
number of these elements N in the 115-mm free specimen length, the thermal strain in the 90-deg
ply, and the total number of 90-deg ply cracks at specimen failure, respectively.

[N Number of

Laminate mm N €% % Cracks

(0,/90,), 0.69 167 0.438 31 to 44
(0,/90), 0.83 139 0.424 40 to 64
(0,/90¢), 1.12 103 0.384 34 10 52
(*+45/90,), 0.59 195 0.325 38 to 46
(=45/90,), 0.67 172 0.297 13 to 22
(£45/905), 0.80 144 0.236 lto 6

The deviation from the two-dimensional approach according to Eq 4 was proven
to be about +2%. The thermal strains in the 90-deg plies €,** resulting from
Eq 4 are indicated in Table 1.

As soon as 90-deg ply cracking occurs, the stresses in the 90-deg ply become
inhomogeneous. At the crack the stress o,*° becomes 0, whereas farther from
the crack the undisturbed stress, o, .., is reached assymptotically. The stress
distribution near the 90-deg ply cracks was determined using a shear lag analysis
{8]. In this analysis only the stresses in Direction 1 are considered. The element
of equilibrium of this analysis is presented in Fig. 1. The parameters a° and a*
represent the thickness of the surface layers and total thickness of the 90-deg
ply, respectively, and b the thickness of the resin shear transfer layer. According
to this analysis the stress distribution in the 90-deg ply is given by

0,0 = 0,.°(1 — exp — yx) 8)

J
=)

UQO UO

B ——

S N

=

;
!
I
|

3,z -

p—a® o a0 w0
FIG. 1—Element of applied shear lag analysis for which equations of equilibrium are solved.
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where

G, 1 2
= 4/ +
v \/ b (E1°a° E,%a%) ©)

where E\°, E\*°, G,,, and b represent the tensile modulus of the 0- and 90-deg
layers (128 and 9.5 GPa, respectively), the matrix shear modulus (G,, = 1.48
GPa), and the thickness of the resin layer (b = 0.015 mm), respectively.

Weibull Strength Distribution

In this analysis fracture of the 90-deg ply is assumed to be the result of
statistically distributed defects of different size. For this reason the strength of
the 90-deg plies varies along the length. That is why on loading a specimen
which contains a number of 90-deg plies, multiple cracking in the 90-deg ply
will occur before final rupture. The occurrence of multiple 90-deg ply cracking
makes it reasonable to consider the specimen as a chain of elements all of which
can break. This number of elements should be equal to or larger than the number
of cracks. A description of the strength of these elements can be made only when
every element breaks only once. Thus the element has to be chosen sufficiently
small.

The actual length of the element is chosen with the aid of the inhomogeneous
stress distribution as given by Eq 8. It is clear that due to the low stress close
to an existing crack here, no further crack formation will take place. For this
reason the element length is somewht arbitrarily chosen as double the length in
which 90% of the stress in the 90-deg ply is introduced again. This element
length {, is calculated using Eq 8 and the results for the laminates are presented
in Table . It shows that the laminates investigated contain from 103 to 195
elements.

During the displacement-controlled tension test the piezoelectric load cell reg-
isters the dynamic load change (load drop) caused by the 90-deg ply cracking.
The plot of the load drop as a function of the applied strain allows one to record
the strain at which single elements fracture. The fracture strain of the elements
is described by using a two-parameter Weibull fracture strain distribution with
the probability of failure F at a strain €, to be

F=1-exp— (g,/¢&,)" (10)

with a being the shape parameter and &, being the characteristic strength of the
element with a length of . The probability of failure F is calculated using the
median rank

_j-03

TN+ 04 (I
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where j represents the fracture order number (data listed in increasing order of
strength) and N the number of elements (N = 103 to 195; see Table 1.) With
the aid of Eqs 10 and 11 it is possible to find from the experimental results the
Weibull parameters for each ply thickness. If the number of cracks in the 90-
deg ply that develop before final specimen rupture is too small, the strength
distribution cannot be determined from a single specimen. In this case the strength
distribution is determined on 20 specimens by measuring the strain at the first
occurring crack. This was done for all (£45/90,), laminates.

In order to be able to compare the strength distributions determined on elements
of different lengths, the strength for a uniform length has to be determined. This
can be done applying

éf,Vz/éfvvl = (Vl /Vz)”a (12)

which describes the influence of the volume (V,, V,) on the strength according
to the Weibull theory.

The applied fracture criterion neglects the influence of the stress perpendicular
to the loading direction. This stress can—depending on the stacking sequence—
differ substantially. Applying Eq 6 it is found that, for example, in the 90-deg

plies of the (0,/90,), and (£45/90,), laminate the stresses ¢, are 0, = —54
N/mm? and ¢, = — 135 N/mm?, respectively, at a total strain of €, = 1%
(Fig. 2a).

Probably more important for 90-deg ply crack formation is the complex stress
situation at the edges. The tensile stresses in the thickness direction can especially
have an influence on crack formation in the 90-deg ply. One reason for this is
the multi-axial stress state at the edge and a second reason is that, by cutting the
specimen, another class of defects is introduced. To find out how these stresses
influence crack formation the edge stresses on four specimens out of the (+45/
90,), laminate were manipulated by introducing swelling stresses at the specimen
edges only. This laminate was selected because the (+£45/90,), specimens have
the most severe edge stresses. In particular, n = 2 was chosen because this
laminate shows multiple 90-deg ply cracking which could be measured with the
dynamic load cell.

The edge stresses in the thickness direction o; were determined, following the
simplified solution proposed by Pagano and Pipes [//]. According to this ap-
proach the shape of the stress distribution at the edge is as indicated in Fig. 2b
with the maximum stress o; at the edge given by

_ 90M(2)
03, = 7h2

(13)

where
M(z) = couple caused by stresses o, with M(z = 2h,) = 40,k
he = single ply thickness (b, = 0.125 mm), and
laminate thickness.

B
Il
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03°(02/90;), = 93.8N/mm?
09°(£45/90,), = 91.6N/mm?

1,z
— k—
— 25 Y
(02/90;),
03° = —54.0N/mm?
(i45/902)s .
03° = —135.5N/mm?
— —

FIG. 2—Stress components in 90-deg plies of (0,/90,), and (£45/90;), laminates at a total strain
of €® = 1%: (a) in-plane stresses.

In the present case # = 1 mm, so the range in which tensile edge stresses exist
according to this approach is 0.333 mm. Next, a few specimens were immersed
in distilled water, with only the edges unprotected, over such a period of time
that in this range of 0.333 mm the thermal strain in the 90-deg plies €, > was
substantially reduced by swelling stresses. The residual strain near the specimens
edges is given by

€; .r,9() —_ Elr,‘)() + cy908190 (14)

¥

where ¢,% is the moisture concentration as a function of y and 8, is the swelling
coefficient. The swelling coefficient for the 90-deg plies was 3, = 0.43 and
the moisture saturation contents measured 2.15% [/2]. The moisture concentra-
tion after immersion in water for 126 h is calculated from

ly — W/ZI)

[Cma = 1 — erf{ —=—— 15
cl/c er(z\/ﬁ (15)
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”g?-=tzho (02/90,), = 21.7N/mm?

030 =+2h, (£45/90;), = 54.5N/mm?

07°(02/90,), = 93.8N/mm? moisture induced
07°(+45/90,), = 91.6N/mm? stress reduction

FIG. 2—Continued. (b) edge stress in thickness direction o, at z = *2h, and moisture-induced
stress reduction of stress o,* at edge.

with the diffusion coefficient being 2 = 1.5 X 10~*[mm?%h] /2] and ¢ the
time in hours. Thus at 0.333 mm from the specimen edges the moisture con-
centration reduces to ¢/c¢p, = 0.087. According to Eq 15 the residual strain in
the 90-deg ply is reduced from €,"° = 0.325% to €, ,/® = 0.245% at |y *
W/2| = 0.333 mm and to a compressive strain of €, ,»® = —0.60% at the edges
(y = =W/2).

Results

From the recording of the dynamic load the number of cracks is found and
the respective strains at which they occur are determined. A record of the load
drop against time is indicated in Fig. 3, from which the number of cracks can
be found. It also shows that the load drop can be predicted reasonably well by
the aid of the shear lag analysis, as shown before in Ref 8. The Weibull strength
distribution of the 90-deg plies as determined in Ref 9 is indicated in Fig. 4.
This is the Weibull strength distribution for elements of length ¢ = 1 mm, which
was deduced from the Weibull strength distribution determined on four specimens
of the respective laminates with ¢ = . Figure 5 presents the strength distribution
determined on the 20 specimens of the (+45/90,), laminates. The free length of
the specimen was ¢ = 115 mm. For both the (0,/90,), and (=45/90,), laminates
an increasing shape parameter with decreasing 90-deg ply thickness can be found.
This is also demonstrated in Fig. 6, where the shape parameter is shown as a
function of the ply thickness.
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laminates.

The dependency of the 90-deg ply characteristic strength on the 90-deg ply
thickness is given in Fig. 7. Indicated is the strength for specimens with a length
of ¢ = 115 mm. For the (+£45/90,), laminate the measured test results are shown,
whereas for the (0,/90,), laminate the results are deduced from the element
(¢ = ) strength distribution, making use of Eq 12. Both laminates show an
increasing strength of the 90-deg ply with decreasing ply thickness. The strength
in the (=45/90,), laminates levels off at approximately + = 0.5 mm (n = 2).
For a larger 90-deg ply thickness the (£45/90,), laminates show a larger char-
acteristic strength compared with those of the (0,/90,), laminates.

The element (¢ = {,) strength distribution of the 90-deg plies for both four
specimens with wetted edges (by immersion in distilled water for 126 h) as well
as for four dry specimens out of the (=45/90,), laminate is presented in Fig. 8.
The mean results for both groups of specimens are indicated with a thick line: It
clearly shows that by suppressing crack formation at the edge (by wetting the
edges), the strength of the 90-deg ply is considerably increased. The shape
parameter, however, seems not to be strongly affected by the suppression of edge
crack formation.
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Discussion

Figure 4 shows the Weibull fracture strain distributions for the 90-deg layers
in the (0,/90,), laminates for a uniform element length of ¢ = 1 mm. A prediction
of the fracture strain distribution for the 905 and 90, layers based on the Weibull
strength parameters of the 90,, layer, applying Eq 12, show too-conservative
fracture strain distributions (intermittent lines). Thus the thickness effect of the
90-deg layer on the fracture strain distribution cannot be explained by the Weibull
theory.

The actual fracture strain distributions indicate that the Weibull strength dis-
tribution for all 90-deg ply thicknesses approaches the same fracture strain for the
probability of failure of F going to 1. From this it can be concluded that one out
of 100 to 1000 elements with a length of 1 mm does not contain a defect and
thus its strength is independent of thickness in the range of investigated 90-deg
ply thicknesses (¢ = 0.5 to 1.5 mm). This fracture strain in the absence of defects
is the maximum reachable fracture strain. Long specimens containing a number
of elements fracture at a lower strain because of the distributed defects. Figure
4 shows that when defects are active, their influence is different when the 90-
deg ply thickness is different. In Ref 9 it was concluded that this is the result of
the 0-deg surface layers, which suppress defect growth in a range close to the
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0/90-deg ply interface. Suppression of defect growth is thus important for thin
90-deg plies and negligible for thick plies. For this reason the Weibull shape
parameter for thick 90-deg plies between 0-deg surface layers is comparable to
those determined in unidirectional laminates, for example, with a = 5.66 [/3].
For thinner 90-deg plies between 0-deg surface layers the apparent shape param-
eter increases, although the defect distribution per unit of volume can be expected
to remain unchanged. There exists an analogy with the phenomenon of a crack
in a two-layer composite, with the crack in the weaker medium. When the crack
approaches the interface with the stiffer medium the stress-intensity factor de-
creases [/4]. Thus the interface can suppress crack growth as well as the growth
of defects. The stiffer the second medium, the stronger is this effect.

For this reason it can be expected that the strength as well as the shape parameter
of the 90-deg plies in between *=45-deg plies is smaller than that of the same
thickness between 0-deg plies. The investigations of Flaggs and Kural [2] showed
this effect on the strength using surface layers with 0, =30, and =60-deg ori-
entations.

In the extreme case of thick 90-deg plies (with negligible influence of the
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surface layers) the strength and shape parameter of the 90-deg plies should
approach those of 90-deg plies between 0O-deg plies. Figures 6 and 7, however,
show that, for the characteristic strength as well as for the shape parameter, this
is not so, indicating that the 90-deg plies between the +45-deg plies have a
higher strength than those between the 0-deg plies. This is unexpected because
both types of laminates were produced from the same prepreg batch, although
the production date of the (+45/90,), plates was nine months later than the other
plates.

The general behavior of increasing characteristic strength and increasing shape
parameter is, however, present. Another particular phenomenon:. in the strength
distribution of the (+45/90,), plies is visible in Fig. 5. There the strength dis-
tributions of the 90, and 90, plies intersect at a high probability of failure. This
is unexpected, as the thinner ply should be stronger than the thicker ply. Now
the question arises whether this can be caused by other stress components which
are not considered in this one-dimensional stress (strain) fracture criterion.
Suppression of crack formation at the specimen edges by introducing swelling
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strains at the edges increased the strength of the 90-deg ply (Fig. 8). This indicates
that, when considerable edge stresses are present, a one-dimensional fracture
criterion is inaccurate. Further investigations are necessary to describe the influ-
ence of the complex edge stresses on 90-deg ply cracking.

Conclusions

The strength distributions of the 90-deg plies between 0,-deg as well as +45-
deg surface layers show a similar phenomenon. At decreasing 90-deg ply thick-
ness both the characteristic strength and the shape parameter increase. It was
concluded that this is caused by a suppression of defect growth in a range close
to the interface of the 90-deg ply with the surface layers. This effect is negligible
for a large 90-deg ply thickness, resulting in a characteristic strength and shape
parameter which is comparable to those determined on unidirectional material.
At decreasing 90-deg ply thickness the influence of defect growth suppression
is visible in the increasing strength and shape parameter. A quantitative com-
parison between the influence of both types of surface layers could not be made
because:

1. The material properties of the 90-deg plies in the two types of orientations
were different, although both types of orientations were produced from the same
prepreg batch. Thus the properties seem to be influenced by (unknown) processing
parameters other than cure temperature, time and pressure, which were identical
for both orientations.

2. In case of the (+45/90,), laminates, 90-deg ply cracking is strongly influ-
enced by the edge stresses.
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ABSTRACT: An experimental investigation of the fracture behavior of tension specimens
containing part-through semi-elliptic surface flaws was conducted utilizing T300/5208
graphite/epoxy laminates with a [0/ +45/90],, stacking sequence. The notched strength
of the specimens was found to be influenced by the flaw aspect ratio as well as flaw depth.
Using a value of fracture toughness previously obtained for this material system, linear
elastic isotropic fracture mechanics predicted the influence of the flaw shape and size on
the notched strength.
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Notch sensitivity and damage tolerance are subjects of considerable interest
in the design of laminated structures fabricated from high-modulus fiber rein-
forced composite materials. A number of design approaches currently being
utilized are either based on strength of materials [/] or fracture mechanics con-
cepts [2,3]. These design approaches were based on the experimental observations
of the fracture behavior of thin laminates. The fracture of thick graphite/epoxy
laminates with through-the-thickness cracks has been the subject of recent re-
search by the authors [4]. The primary result from this study was that laminate
thickness significantly influenced notched strength (or fracture toughness). How-
ever, notched strength (or fracture toughness) asymptotically approached a con-
stant value with increasing laminate thickness. In order to more fully explore the
possibility that the constant value of fracture toughness is a ‘‘material property,”
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thick laminates with semi-elliptic part-through surface flaws have been studied.
That study is the subject of this paper.

There have been several investigations of surface flaws in laminated composites
[5-8]. These studies considered flaw profiles that were straight cuts partially or
completely across the specimen width, or semicircular. The flaws were typically
cut through only a few of the surface plies. The investigators generally used
strength-of-materials concepts to interpret the test results. In the subject inves-
tigation 80-ply quasi-isotropic laminates prepared from T300/5208 graphite/
epoxy were notched with semi-elliptic surface flaws at a variety of flaw depths
and flaw aspect ratios. The fracture toughness of the material was established in
a previous research program [4] and will be utilized along with isotropic fracture
mechanics concepts to interpret the test results.

Experimental Program

A quasi-isotropic [0/=*45/90];,, laminate was chosen for this study so that
some of the existing fracture mechanics solutions developed for surface flaws in
isotropic materials could be utilized. The O-deg fiber direction was parallel to
the direction of the applied load and perpendicular to the machined center flaw.
The laminate panels were cured at 179°C (355°F) in an autoclave under 0.69
MPa (100 psi) pressure for 2 h. After cooldown, there was no postcure. The
approximate per-ply thickness was 0.127 mm (0.005 in.). Finally, it should be
noted that one of the four panels was fabricated with an incorrect stacking
sequence. The resulting stacking sequence, [0/%45/90},¢r, produced a nonsym-
metric laminate that was about 10% thinner than the other three [0/=45/90],
panels.

The lamina and laminate strength and stiffness properties for this material
system are documented in Ref 4. The unnotched strength of the laminate, 556
MPa (80.6 ksi), was established primarily for the [0/=45/90], laminate. It will
be assumed that this value of unnotched strength is appropriate for the thick
laminate. (Unnotched strength is utilized herein only to normalize notched strength
for ease of interpretation of the test results.) The asymptotically approached value
of fracture toughness, 1043 MPa Vmm (30.0 ksi Vin.), was reached at 64 plies
and was constant beyond this thickness [4]. This value of fracture toughness was
determined by standard fracture toughness tests using center-cracked tension,
compact tension, and three-point specimens at a variety of machined crack lengths
and laminate thicknesses, for through-the-thickness cracks.

The configuration of the test specimens and the geometric parameters that
define the semi-elliptic flaw shape are shown in Fig. 1. The test matrix consists
of seven combinations of flaw depth (a/r) and flaw aspect (a/c) ratios. These
test conditions are listed in Table 1. The surface flaws were cut by an ultrasonic
cutting tool using a 0.406-mm (0.016 in.) blade prepared with the appropriate
elliptic profile. No attempt was made to further sharpen the machined flaws.
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TABLE 1—Specimen geometry and notched strength data.

Symmetric Unsymmetric
Laminates® Laminate®
Notched Notched
2B, a, ¢, t, Strength, t, Strength,
in. in. in. in. ksi in. ksi
(mm) (mm) (mm) alc (mm) (MPa) (mm) (MPa)
1.00 0.094 0.047 2.0 0.392 65.0 0.362 52.5
(25.4) (2.39) (1.19) (9.96) (448) (9.19) (362)
1.00 0.188 0.094 2.0 0.392 61.5 0.365 58.0
(25.4) (4.78) (2.39) (9.96) (424) (9.27) (400)
1.00 0.250 0.i25 2.0 0.392 51.0 0.365 48.2
(25.4) (6.35) (3.18) (9.96) (352) 9.27) (332)
1.00 0.313 0.157 2.0 0.392 427 0.366 46.4
(25.4) (7.95) (3.99) (9.96) (294) (9.30) (320)
1.00 0.125 0.125 1.0 0.392 56.9 0.365 58.1
(25.4) (3.18) (3.18) (9.96) (392) 9.27) (401)
1.00 0.250 0.250 1.0 0.392 36.1 0.364 31.7
(25.4) (6.35) (6.35) (9.96) (249) (9.25) (219)
2.00 0.129 0.500 0.26 0.392 40.0 0.365 39.9
(50.8) (3.28) (12.7) (9.96) (276) 9.27) (275)

“Average of four or five tests.
¢ Average of one or two tests.



HARRIS AND MORRIS ON PART-THROUGH SURFACE FLAWS 103

This resulted in a notch root radius that was consistent with the center-cracked
tension specimens from which the value of fracture toughness [1043 MPa
Vmm (30 ksi V/in.)] was obtained.

Quasi-static tension tests were conducted at a constant crosshead displacement
rate of 0.02 mm/s (0.05 in./min). Crack-opening displacement (COD) and ap-
plied load were recorded during each test [4]. There were six replicate test
specimens for each test condition.

In order to more fully understand the fracture processes, damage development
prior to rupture of the specimen was extensively studied. Using damage indi-
cations in the load-COD record [4], zinc iodide enhanced X-ray radiography was
employed to study and document the progression of damage prior to complete
failure. Radiographs were taken of the face view and edge view of the specimens.
To more fully study the development of damage through the thickness, selected
specimens were destructively deplied. The deply procedure involved a partial
pyrolysis of the laminate which allowed the individual plies to be separated and
examined [9]. A gold chloride marking agent was used to permanently mark
regions of delamination.

Experimental Results

The experimentally determined values of notched strength are tabulated in
Table 1. The notched strength is defined as the far-field stress at failure which
is calculated by P/2Bt, where the symbols are defined in Fig. 1. Six replicate
specimens at each flaw configuration were obtained from four laminate panels.
One of these panels was layed up incorrectly. Two layers of the repeated stacking
sequence (eight plies) were left off the outside surface on one side of the midplane.
This resulted in an unsymmetric laminate about 10% thinner than the other five
panels. Therefore, the notched strength values in Table 1 under ‘‘Symmetric
Laminates’’ are the average of four or five replicate tests, depending on flaw
configuration. Likewise, the notched strength values reported for the ‘‘Unsym-
metric Laminate’’ are one test or the average of two tests. Notched strength was
normalized by the unnotched strength 556 MPa (80.6 ksi) and is displayed
graphically in Fig. 2 as a function of flaw depth (a/7) and aspect (a/c¢) ratios.
(The fracture mechanics prediction curves also plotted in Fig. 2 are discussed in
the next section.) The symbol in Fig. 2 represents the average value while the
bar drawn through the symbol provides the high and low value in each data set.
Also note that the data from both the symmetric and unsymmetric laminates are
displayed in Fig. 2. Because the unsymmetric laminate is thinner than the other
panels, values of a/t are slightly higher.

The experimentally determined stresses (P/2Bt) shown in Fig. 2 were calcu-
lated using the load when the notched layer failed (see next paragraph for a
discussion of failure modes). In one case [a/c = 2, a = 2.39 mm (0.094 in.)]
the stress was calculated using the load at catastrophic failure; the specimen did
not fail at the flaw.
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FIG. 2—Comparison of experimental data with isotopic LEFM predictions.

The specimens with the smallest flaw [a/c = 2, a = 2.39 mm (0.094 in.)]
failed away from the flaw and exhibited very little notch sensitivity. The deeper-
flawed specimens typically exhibited a two-part fracture consisting of the fracture
of the layer containing the surface flaw (notched layer) followed by fracture of
the layer below the bottom of the flaw (unnotched layer), as shown in Fig. 3.
The notched layer separated from the unnotched layer at the first fracture because
of a long delamination that opened at the bottom of the flaw and extended
completely across the specimen width and several inches in each direction along
the specimen length. The notched layer also fractured across the specimen width.
The notched layer fracture was accompanied by a reduction in the applied load
which allowed for examinations of the specimen. X-ray and deply examinations
did not reveal any damage in the unnotched layer below the delamination that
separated the two layers. Upon reloading those specimens that were not deplied,
the unnotched layer fractured in a manner generally independent of the notched
layer fracture.

The appearance of the fracture surfaces of the notched layers was quite different
from that of the unnotched layers (Fig. 3). The notched layer exhibited a fracture
surface that was relatively uniform and coplanar with the plane of the machined
flaw. The fracture surface greatly resembled the fracture surfaces of thick quasi-
isotropic center-cracked tension specimens [4]. On the other hand, the fracture
of the unnotched layer was nonuniform and splintered similar to the typical
fracture exhibited by an unnotched tension coupon.
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Interpretation and Discussion of Results

The analytical isotropic solution for the semi-elliptic surface crack generated
by Newman and Raju [10] is used herein to aid in the interpretation of the
experimental results. The Newman and Raju solutions were used because they
account for the influence of finite specimen geometry on the stress-intensity
factor expression. Reference /0 provides empirical stress-intensity factor equa-
tions calculated using a three-dimensional finite-element analysis of the cracked-
body geometry. The stress-intensity factor equations are a function of the par-
ametric angle of the ellipse (¢), flaw depth (a), flaw length (2¢), plate thickness
(#), and plate width (2B). The meaning of the symbols is depicted in Fig. 1.
Written symbolically, the stress-intensity factor is given by [10]

ma 2 a a ¢
weoflessy o
where S is the remote uniform tensile stress and Q the ellipse shape factor,
Q = Qalo).
In fracture mechanics terminology, the value of the stress-intensity factor at
fracture is typically referred to as the critical stress-intensity factor (K,) or fracture
toughness. If the fracture toughness of the material is known, Eq 1 can be rewritten

to provide the remote stress at failure (notched strength) for a given flaw geometry.
The predicted notched strength is then given by

Ko

Oy = 77 V12 2
BE
0

Values of notched strength were predicted using Eq 2 along with a Kj-value
of 1043 MPa Vmm (30 ksi \/i;.) [4]. The ratios of predicted notched strength
to unnotched strength [556 MPa (80.6 ksi)] are shown in Fig. 2 as the solid
lines. The solid horizontal line drawn at a stress ratio of 1 simply indicates that
the notched strength cannot exceed the unnotched strength. With the exception
of the smallest flaw [@ = 2.39 mm (0.094 in.), a/c = 2], there is close agree-
ment between the experimental results and the linear elastic fracture mechanics
(LEFM) isotropic solutions. The smallest flaw is apparently in the transition
region between the fracture of small flaws governed by net section ultimate
strength and the fracture of larger flaws governed by fracture mechanics. (Ad-
ditional experimental work is planned to more fully define this transition region.)

As Eq 1 indicates, the stress-intensity factor varies in magnitude around the
perimeter of the semi-elliptic flaw (F, is a function of ¢). The schematics in Fig.
4 provide a comparison between the stress-intensity factor at the surface (¢ = 0
deg) and at the deepest point along the flaw (b = 90 deg) for a/¢t = 0.30. For
a/c values of 2.0 and 1.0, the maximum stress-intensity factor occurs at the



HARRIS AND MORRIS ON PART-THROUGH SURFACE FLAWS 107

F .
(L =_5_ il
NOTES: (i) K ’,a-O'J a
(2) Not to scale

[¢'° . 78 = 0665

=20 %
¢ $=90°

9/, =030 F,
t S
==0422
Q

Fs
=0° 8.:077\
/_d’ ° 'lo

9.=10 %
$=90°

=030 fs .0674
/-¢=0°,-$--0548
WL Lk’
9% =026 $=90°
9/.= 030 F.
h s
21185
')

FIG. 4—Variation in stress-intensity factor.

surface. However, for a/c = 0.26 the maximum value is at the deepest point.
The prediction curves shown in Fig. 2 were calculated based on the maximum
stress-intensity factor. This provided the best comparison with the experimental
results.

The development of flaw-related damage prior to notched layer fracture was
also closely related to the variation in stress-intensity factor around the flaw
perimeter. In the case of the four flaw geometries with an aspect ratio 2.0, the
stress-intensity factor at the surface was 50% higher than at the deepest point.
The damage that developed prior to notched layer fracture was concentrated near
the surface. Figure 5 shows a face and edge view radiograph of the specimen
with a flaw depth of 7.95 mm (0.313 in.). The delaminations visible in the face
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FIG. 5—X-ray radiographs showing (a) edge view and (b) face view of specimen with maximum
stress-intensity factor at surface (a/c = 2.0).
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view radiograph are seen in the edge view radiograph to be concentrated near
the surface. Likewise the transverse cracks in the 90-deg plies also diminish
toward the bottom of the flaw.

The two flaw geometries with an aspect ratio of 1.0 are characterized by a
stress-intensity factor that is somewhat more uniform. A typical damage state is
illustrated by the radiographs shown in Fig. 6 of a specimen with a flaw depth
of 3.18 mm (0.125 in.). The transverse cracks and delaminations are distributed
relatively uniformly through the thickness of the notched layer. Finally, the stress-
intensity factor variation for the flaw aspect ratio of 0.26 is in stark contrast to
those of the high-aspect-ratio geometries. The stress-intensity factor at the deepest
point was more than twice as high as the surface value. The damage state
illustrated by the radiographs of Fig. 7 exhibits a similar variation. The damage
clearly increases throughout the notched layer with major delaminations present
at the bottom of the flaw.

Summary and Conclusions

The notched strength of quasi-isotropic T300/5208 graphite/epoxy tension
specimens with semi-elliptic surface flaws was found to be a function of the flaw
depth (a/?) and flaw aspect (a/c) ratios. The variations in notched strength were
predicted quite accurately by linear elastic isotropic fracture mechanics for large
values of a/t. Predictions were generated by using a previously established value
of fracture toughness that exhibited an asymptotically approached constant value
[1043 MPa V mm (30 ksi \/fﬁ.)] for thick laminates with through-the-thickness
cracks. The close correlation between the variation in stress-intensity factor around
the perimeter of the flaw and the development of damage through the thickness
of the notched layer provided additional evidence of the usefulness of fracture
mechanics for predicting the notched strength of the thick quasi-isotropic lami-
nate.

Specimen failure for one value of a/t was notch insensitive; that is, failure
did not originate at the flaw. There appeared to be a transition region between
the small and large values of a/t. Further work is needed to characterize the
behavior in the transition region, and for small values of a/t.

The results of this program indicate that conventional LEFM together with an
appropriate value of fracture toughness may be useful in addressing the damage
tolerance of thick laminated composites, at least for larger values of a/r. (This
general conclusion must be tempered with the realization that only the quasi-
isotropic graphite/epoxy laminate has been extensively investigated.)
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ABSTRACT: Quasi-isotropic graphite/epoxy laminates (T300/5208) were tested under
bolt-bearing loads to study failure modes, strengths, and failure energy. Specimens had a
range of configurations to produce failures by the three nominal failure modes: tension,
shearout, and bearing. Radiographs were made after damage onset and after ultimate load
to examine the failure modes. Also, the laminate stresses near the bolt hole were calculated
for each test specimen configuration, and then used with a failure criterion to analyze the
test data.

Failures involving extensive bearing damage were found to dissipate significantly more
energy than tension-dominated failures. The specimen configuration influenced the failure
modes and therefore also influenced the failure energy. In the width-to-diameter ratio range
of 4 to 6, which is typical of structural joints, a transition from the tension mode to the
bearing mode was shown to cause a large increase in failure energy.

The failure modes associated with ultimate strength were usually different from those
associated with the damage onset. Typical damage sequences involved bearing damage
onset at the hole boundary followed by tension damage progressing from the hole boundary.
Ultimate failures involved shearout beyond the clampup washer for specimens with small
edge distances and involved bearing damage beyond the washer for larger specimens.
Strength predictions indicated that the damage corresponding to ultimate strength was
governed by the maximum stress near the hole.

KEY WORDS: laminate, bolt, bearing, graphite/epoxy, strength, damage, stress analysis,
composites

Nomenclature

C bolt-hole clearance, m

C, coefficient for bearing damage onset prediction
C, coefficient for tension damage onset prediction
d hole diameter, m
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e specimen edge distance, m
K,, bearing stress concentration factor
K, tension stress concentration factor
P bolt load, N
r.0 polar coordinates, m, deg
r., characteristic dimension for bearing failure prediction, m
1, characteristic dimension for tensile failure prediction, m
S, nominal bearing stress, MPa
S,, damage onset strength, MPa
S,. ultimate strength, MPa
t laminate thickness, m
w specimen width, m
x,y Cartesian coordinates, m
9 hole elongation, m
6. bolt-hole contact half-angle, deg
o laminate stress, MPa
o, laminate compressive ultimate strength, MPa
o, radial stress component, MPa
o, laminate tensile ultimate strength, MPa
ogg circumferential stress component, MPa

Bolt loads can produce failures by one of three basic failure modes—tension,
shearout, or bearing. However, joints are usually designed with little regard for
failure modes and typically are optimized for maximum ultimate strength. For
current graphite/epoxy composites, this approach usually leads to joints that fail
in the tension mode. Unfortunately, such tension failures can develop with little
advance warning in a rather catastrophic manner.

The objective of the present study was to analyze and compare laminate failures
for each of the three basic failure modes. Toward this end, tests were conducted
to measure damage onset strength, ultimate strength, and failure energy for
specimens subjected to bolt-bearing loads. Specimens were 16-ply quasi-isotropic
T300/5208 graphite/epoxy laminates in various configurations that were designed
to produce the different failure modes. Radiographs, enhanced with a dye pen-
etrant, were used to observe the local damage. A finite-element stress analysis
was conducted for each specimen configuration to determine how the configu-
ration influenced the local stresses near the loaded hole. The computed stresses
were also used with laminate failure criteria to predict failure modes and strengths.
All of the damage analyses and failure predictions were performed on a laminate
(two-dimensional) level; ply-by-ply analyses were beyond the scope of this study.

Tests results are presented in terms of strength and failure energy plotted for
the range of specimen configurations. Failure modes and sequences are identified
and discussed. Stress results are presented as stress distributions and stress con-
centration factors. Failure predictions based on the stresses are discussed and
compared with observed test results.
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Test Procedures

Test specimen configuration and loading are shown in Fig. 1. All specimens
were made from the same (0/45/90/ —45),, T300/5208 graphite/epoxy laminate
which had a nominal thickness of 2.24 mm. Bolt holes were ultrasonically drilled
with a diameter of 6.37 mm. The steel bolts had a nominal diameter of 6.35
mm, but their actual diameter was 6.32 mm. This produced a hole clearance C
of 0.05 mm. The specimen width-to-hole diameter ratio, w/d, ranged from 2 to
8. The edge distance-to-hole-diameter ratio, e/d, ranged from 1.5 to 4.0. These
specimen configurations were selected to produce failures by the three basic
failure modes shown in Fig. 2b, ¢, and 4. The other failure modes in Fig. 2 are
discussed later.

The bolt-loading apparatus is shown in Fig. 3. A pair of steel clevis straps
loaded the bolt in double shear; a friction grip reacted the load. The washers
(12.7 mm diameter) between the clevis straps and the specimen (see Fig. 3c)
distributed the clampup torque load over an area around the bolt hole. All bolts
were torqued to 5.65 N-m, a moderate clampup torque for a 6.35-mm bolt.

Inductive displacement transducers were used to measure bolt-hole elongation.
The apparatus shown in Fig. 3d measured the relative displacement between the
clevis and a small, stiff wire that rested against the edge of the hole under the
bolt. To provide clearance for the wire, the bolt and the washers were slotted.
The measured displacements were approximately equal to hole elongation because
the clevis and bolt deflections were found to be relatively small.

The curve of nominal bearing stress, S, (S, = P/td), versus hole elongation,

|
] | r
6rip : —L 9
] L d R - X
area | T Sb
- | |
| 1
1

bt e

(a) Specimen conflguration and loading

w/d 2 31416 8 8 8 8 8

e/d | 4 |4 4 (4 |4 3 125{ 2|15

(b) Test specimen confligurations

FIG. 1—Test specimen configurations and loading.
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(¢} Local bearing (LB}, (d) Local shearout (LS)

(e) Remote bearing (RB), (f) Local tensile and remote
shearout (LT/RS),

FIG. 2—Failure modes for loaded holes.
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(a) Specimen configuration,  (b) Loading (front view).

Specimen
Clevis
HHF Dlsplacement
transducer Hire
Slotted
Slotted bolt
washer ;
(¢) Loading (side view), (d) Instrumentation,

FIG. 3—Specimen and test apparatus.
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8, was recorded throughout each test. The tests were conducted using hole
elongation as the servo control variable. The hole elongation was increased at a
very slow rate (0.002 mm/s) until the ultimate strength was reached. This pro-
cedure produced load-displacement records that were very sensitive to any lo-
calized damage near the bolt hole; it also allowed the specimens to be unloaded
after ultimate strength was reached. The unloading prevented the failure mode
information (that is, local damage) corresponding to ultimate strength from being
masked by the gross damage caused by complete specimen failure. A typical
recording of bearing stress against hole elongation (S, versus 8) is shown in Fig.
4. The nonlinearity near the origin is due to clampup friction between the washers
and the specimen. Results in Ref / with a similar test apparatus showed that the
friction force was only about 50 N for the clampup torque used in the present
study. For higher load levels, the S, — 3 curves were essentially linear despite
the nonlinear contact that developed between the hole and the clearance-fit bolt.
This contact behavior is discussed later in the stress analysis section.

The damage onset strength, S,,, was determined using three independent meth-
ods. The start of nonlinearity in the S, — & curve was the first evidence of
damage and was used to indicate damage onset, as shown in Fig. 4. At slightly
higher loads, snapping and popping noises were heard. The first such audible
noise was taken as the second indication of damage onset, and the corresponding
point was marked on each S, — 8 record. As the loading progressed, abrupt
drops or jumps would occur in the curve, also indicating sudden damage devel-
opment. The first such drop was used for the third S,, measurement. In some
tests, specimens were unloaded immediately after the first audible noise was

Ultimate strength, Shy

— Nonlinearity
onset

Unloading
curve

Bearing stress, Sb

0 D € Hole elongation, &

FIG. 4—Typical recording of bearing stress against hole elongation.
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detected and then radiographed using an X-ray opaque dye penetrant to determine
the location, mode, and extent of damage. These specimens were not tested
further. Most specimens were loaded to ultimate strength before they were un-
loaded and radiographed.

Specimens could not be unloaded precisely after ultimate load (Point A) was
reached; testing had to continue slightly beyond this point to be certain that it
was the peak value for that curve. For example, the curve in Fig. 4 extends
beyond Point A to Point B before unloading to Point C. However, the unloading
curve from Point A was needed to calculate the failure energy. The failure energy
was calculated from the area enclosed by the curve OAD. The desired unloading
curve from Point A was approximated, as shown in Fig. 4, by shifting the BC
curve to get the AD curve.

Analytical Procedures
Stress Analysis

Laminate stresses near the fastener hole were calculated using the NASTRAN
finite-element program with isoparametric elements. The finite-element model
shown in Fig. 5 corresponds to the largest test specimen (w/d = 8 with e/d =
4). Other specimen configurations were modeled by eliminating elements to
change the w/d or e/d ratio as required. As a result, the mesh refinement near
the hole was identical for all configurations. The mesh in this area consisted of
small triangular elements, each subtending 0.9375 deg as shown in Fig. 5. The
distance to the grip line end of the model was 6d for all cases. A Young’s modulus
of 58.89 GPa and a Poisson’s ratio of 0.31 were used to represent the quasi-
isotropic T300/5208 laminate. These properties were obtained using lamination
theory and the T300/5208 ply properties from Ref 2.

As previously mentioned, the case of a laminate with a clearance-fit, loaded
hole is a nonlinear problem. The contact area between the bolt and the hole
increases nonlinearly as a function of the bolt bearing stress, producing a changing
boundary condition at the hole boundary. An analytical approach similar to that
in Ref 3 was used here to determine the nonlinear relationship between the bearing
stress, S,, and the contact angle, 6.. The bolt was assumed to be frictionless,
rigid, and fixed and the grip-line end of the model was subjected to a uniform
displacement, u,, in the negative x-direction. Within a specified contact arc, 6.,
the nodes on the hole boundary were constrained to lie on a circular arc having
the bolt radius. The bearing stress, o,,, at the end of the contact arc (8 = 6,)
should be zero when the proper combination of 8, and , is found. The procedure
started by assuming values of 6, and u, and then calculating o,, at 8 = 8. A
second u,-value was used with the same 0, value and a second o,, was calculated
at & = 0. A linear extrapolation (or interpolation) was used to find the u,-value
corresponding to @,, = 0. This u,-value along with the assumed 6,-value defined
a point on a . — 6, curve. The procedure was repeated to develop a u, — 9,
curve for each specimen configuration. A similar procedure led to S, — 8, curves.
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FIG. 5—Finite-element model.

After these nonlinear curves were established, the proper 0.~ and u,-values could
be found for any S,-value.

Failure Predictions

Damage initiation was assumed to be governed by the peak stresses at the hole
boundary. Accordingly, tension damage onset was predicted by setting the peak
tensile stress at the hole equal to the ultimate tensile strength, o,,, for the laminate.
Using the tensile stress concentration factor, K;, produced the following equation:

CtSboKtb = Oy (1)

The C, coefficient was introduced to account for the local stress gradient near
the hole. Whereas the o,-value was obtained from coupons where a relatively
large volume of material was subjected to a uniform stress, the material near the
hole is subjected to a stress gradient and the peak stress exists only over a small
volume. As a result, the hole boundary strength exceeds o,,. The coefficient C,
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attempts to account for this stress gradient effect and was computed by solving
Eq 1 for C, using test data involving tension damage. To predict tension damage
onset, Eq 1 was rewritten using this C,-value

Spo = Oul(CKy) 2

This empirical relationship is similar to that proposed in Ref 4 to predict the
ultimate strength of loaded holes.

A similar expression was found for bearing damage onset using the bearing
stress concentration factor, K,,, and the laminate compressive strength, o,

Sbo = 0a(CoKyp) 3)

For a given case, both Eqs 2 and 3 were used to predict S,,-values for the two
different damage onset modes. The lower S,,-value was taken as the damage
onset strength prediction and it also indicated the predicted failure mode.

Although the damage onset was predicted using hole boundary stresses, the
ultimate strength S, was predicted using the well-known Whitney—Nuismer point-
stress approach [5]. According to this approach, failure is predicted when the
computed laminate stress (or stresses) satisfies a failure criterion at a characteristic
distance from the hole boundary. The maximum stress failure criterion was used
with the point-stress approach. For tensile failures, the characteristic dimension
r,. was found by fitting the strength prediction procedure to a measured S,,-value
corresponding to an observed tensile failure. This r,-value was then used to
predict failure for other cases by using the stress distributions computed for these
cases. This procedure is discussed further when the predictions are compared
with test results.

Results and Discussion
Test Results

Test results are presented for ranges of w/d-values and then for e/d-values. In
each case, the damage onset strengths and failure modes are presented and
discussed. Next, the ultimate strengths and failure modes are addressed. Finally,
the measured failure energies are compared and discussed for the various failure
modes. Throughout this section, data points typically represent the average of
three or more test values.

Width Effects—Damage onset results are presented in Fig. 6 for w/d values
ranging from 2 to 8 with e/d = 4. Data from the three damage onset detection
techniques (nonlinearity onset, audible noise, and first drop) are compared in
Fig. 6a. For w/d = 2 and 3, the damage onset was in the local tension mode.
(‘‘Local’’ refers to damage that was confined to the region under the washer.
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(b) Damage location on hole boundary,
FIG. 6—Damage onset results for w/d range, e/d = 4.

Damage beyond this region will be referred to as ‘‘remote’” damage.) Notice
that for the small w/d-values, nonlinearity was not observed. For larger w/d-
values, nonlinearity developed before audible noises and two modes of damage
were detected, local bearing (LB) and local tension (LT). This suggests that LB
damage caused the nonlinearity and LT damage caused the audible noise. The
subsequent damage that caused the first drop in the S, — 3 curve could have
been caused by larger-scale abrupt damage in either the LT or LB modes.

The damage onset locations are shown in Fig. 6b. Except for w/d = 2, the
LT damage occurred in the range of 6 from 71 to 74 deg. The LT damage
appeared to consist of lamina splitting and was concentrated in a small region
extending transversely from the hole, as shown in Fig. 2b. In contrast, the bearing
damage appeared to be mostly delamination and was spread over a large arc
centered about 6 = 0 deg on the hole boundary. The curve labeled ‘o peak’
is discussed later.

Ultimate strength results are compared with damage onset results in Fig. 7.
Except for the w/d = 2 case, which failed abruptly in a net-section tension (NT)
mode, the failure mode data for the ultimate strengths were found by unloading
the specimens after the maximum test load was reached, as previously explained.
Consequently, the failure modes associated with the post-ultimate response, cul-
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FIG. 7—Damage onset and ultimate strength for a range of w/d values.

minating in complete specimen failure, may be different from those indicated in
Fig. 7. Comparison of the failure modes for damage onset and for ultimate strength
indicates failure sequences. For small w/d-values, damage initiated in the LT
mode and progressed in the tensile mode until specimen failure. As previously
discussed, for w/d = 3, the damage apparently initiated in the LB mode, followed
by LT damage which produced the audible noise. As the load was further in-
creased, the damage progressed in both modes in a stable manner until the ultimate
strength was reached. For w/d = 5, remote bearing (RB) failure mode was found
after ultimate strength was reached and the specimen was unloaded; see Fig. 2b.
It is doubtful that this RB damage developed in a stable manner because it occurred
beyond the clampup washer where the laminate had no lateral support. It probably
developed abruptly at ultimate load. Notice that in Fig. 7 the transition from LT
to RB failures occurred for 4 = w/d < 6, the range commonly used in composite
joints. Also for this important w/d range, notice that damage initiates at stress
levels that are as small as 61% of the ultimate strength.

Failure energy data are presented in Fig. 8. As expected, the tension-dominant
failures (small w/d-values) dissipated very little energy. Significantly higher en-
ergy levels were measured for the larger w/d cases. Part of this increase is due
to the higher ultimate strengths for large w/d-values. However, a significant part
of the increase is believed to be attributable to the LB failure mode observed for
the larger w/d cases. The lateral support provided by the bolt clampup allowed
the local bearing deformation to progress in a somewhat stable manner. This
stable LB damage progressed until the specimen reached its ultimate strength.
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FIG. 8-—Failure energy for range of w/d-values.

Although damage also grew in the LT mode, this damage did not appear to
dissipate much energy, as shown by the resuits for w/d = 3 in Figs. 7 and 8. If
this is the correct interpretation of the dramatic increase in failure energy shown
in Fig. 8 for the large w/d cases, it indicates that failure mode can have a strong
influence on the toughness of composite joints. For some joint applications, the
increase in failure energy for 4 = w/d = 6 may be more important than the
increase in strength in that w/d range.

Edge Distance Effects—Damage onset results for w/d = 8 and a range of e/d-
values are presented in Fig. 9. Damage initiated either in the LT or LB modes.
For the smallest e/d-value, when the specimens were radiographed after an audible
noise, only the LT mode was observed. This is further evidence that the audible
noise was caused by LT damage. Notice that even for the smallest e/d-value, the
expected shearout mode was not observed. For large e/d-values, nonlinearity
developed before the first audible noise and both LB and LT damage was found
when the specimens were unloaded. Consequently, as with the w/d data, these
results suggest that LB damage caused the nonlinearity onset and that LB damage
preceded the LT damage. Figure 95 shows that LT damage developed near 6 =
71 deg for the entire range of e/d-values. The radiographs showed this damage
in rather narrow radial bands extending from the hole, as shown in Fig. 2f.

Figure 10 shows ultimate strength results for the e/d-values tested. For the
smallest e/d-value, the specimens failed by the sequence of LT damage followed
by remote shearout (RS) to the specimen edge; see Fig. 2f. For the intermediate
e/d-values, the damage started with local bearing, followed by local tension, and
ended with remote shearout, shown as LB/LT/RS in Fig. 10. For the larger e/d-
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FIG. 9—Damage onset results for e/d range, w/d = 8.

values, the failure sequences culminated in RB failures. Note that the e/d = 4
case in this figure corresponds to the w/d = 8 case shown previously in Fig. 7.

The failure energy results in Fig. 11 show the same trend as discussed earlier
for the w/d cases. Although the radiographs showed that the RS mode resulted
in considerable delamination, this mode apparently dissipated little energy. The
larger failure energy measurements appear to correlate with the presence of
bearing damage.

Local Stress Evaluation

Stresses computed around the hole boundary are plotted in Fig. 12 for three
different cases. These stresses, the o, tangential stress and the o, bearing stress,
have been normalized by §, for comparison. The dashed curves correspond to
the stresses for an infinite laminate with a snug-fitting (C = 0) rigid bolt. This
case provides good reference stress distributions because the contact angle does
not change with applied bearing stress. Therefore, the contact angle (6, = 82
deg) and the stress distributions shown as dashed curves apply for any level of
bearing stress. The peak value of o4/, is 0.92, which agrees with the values of
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FIG. 10-—Damage onset and ultimate strength for a range of e/d-values.
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FIG. 12-—Stress distribution along hole boundary.

0.91 and 0.92 from Refs 6 and 7, respectively. This agreement verifies the finite-
element modeling used in the present study.

The dash-dot curves in Fig. 12 represent stress distributions for the largest test
specimen (w/d = 8 with e/d = 4) with a snug-fitting (C = 0) bolt. The contact
angle of 85 deg is only slightly higher than for the infinite laminate case, but
the 04/S; peak value was 1.14, more than 20% larger than the reference case.
This shows that even the largest specimen used in the present study only roughly
approximated the infinite laminate behavior.

The solid curves in Fig. 12 show the stress distributions for the largest test
specimen with a 0.05-mm clearance fit. In this case, as discussed earlier, the
contact angle increases with applied bearing stress. The results shown correspond
to S, = 664 MPa (the measured damage onset stress for this test configuration);
the contact angle was found to be about 70 deg. The solid curve has a peak g/
S;-value of 1.27. Comparison with the dash-dot curve shows that clearance fit
increased the oy peak by more than 10% and shifted its location by 15 deg. This
emphasizes the importance of modeling the clearance fit in the present stress
analyses.

The peak values of oy/S, and o,/S,, expressed as stress concentration factors
K,, and K, respectively, were calculated for the w/d and e/d ranges used in the
test program. The applied bearing stress levels used in these calculations cor-
respond to the damage onset strengths presented earlier in Figs. 7 and 10. The
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FIG. 13—Stress concentration factors for test specimens.

computed K, and K, results are plotted in Fig. 13. As expected, the small w/d
cases had high K,-values. The locations of oy peaks on the hole boundary are
shown in Fig. 6b. These locations agree well with the observed locations for
tension damage onset as shown in Fig. 6b. In contrast to the K,, results, the K,,-
values in Fig. 13a are virtually unaffected by the w/d ratio.

The K,-values in Fig. 13b are elevated for smaller e/d ratios. This trend is
probably responsible for the local tension damage previously observed for the
test cases with small e/d-values. This is further discussed when strength predic-
tions are presented in the next section. The locations for the oy peaks, corre-
sponding to the K, results, are shown in Fig. 9b. Again, the locations for g
peaks agree very closely with the measured locations for tension damage onset.

Failure Predictions

The dashed curves in Fig. 14 are predictions for damage onset, obtained by
using the calculated K- and Kj,-values in Eqs 2 and 3. The laminate strengths
used in these predictions were 414 and 455 MPa for the tension and compression,
respectively [2]. The value of the C, coefficient was determined from Eq 1 using
the S, data for the w/d = 2 case, which involved only tension damage. Tension
damage predictions agreed reasonably well with the test data shown by open
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FIG. 14—Strength predictions for w/d range.

symbols. For the bearing predictions, C, was found using S,, data for the w/d
= 4 case. For the small w/d ratios, the tension-damage curve lies below the
bearing curve, indicating tension as the predicted damage onset mode. For w/d-
values greater than 4, bearing is the predicted mode. These trends agree with
the observed failure modes discussed earlier.

The dot-dash curves in Fig. 14 are predictions for ultimate strength. The point-
stress procedure was used with the o, stress distributions and the maximum-
stress failure criterion to calculate these curves. The o,, distributions used in this
procedure were those calculated along the observed direction of damage growth.
For tension predictions, the growth directions were transverse lines that inter-
sected the hole boundary at the observed damage onset locations, shown earlier
in Fig. 6b. The characteristic dimension r,, for tension was found to be 1.54
mm, based on the w/d = 4 data, and that value was used to predict tension
failure strengths for the other w/d-values. The procedure was applied in a similar
manner to obtain the predicted curve for bearing failure strengths. The bearing
predictions were all based on o, distributions along the x-axis. The characteristic
bearing dimension r,, was found to be 2.79 mm based on data from the w/d =
6 case. Comparison of the two dash-dot curves shows that bearing damage is
predicted for w/d = 6, which agrees with the failure mode data shown in Fig.
7. Furthermore, the strength predictions agree reasonably well with the test results
(solid symbols) in Fig. 14.

Figure 15 shows strength predictions for the e/d-values. The damage onset
predictions (dashed curves) were calculated using C,- and C,-values determined
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from the w/d results. For this reason these curves are not as accurate as for w/d
predictions. Nevertheless, these curves predict the damage onset modes correctly
and also predict the proper damage sequence for the large e/d cases. Because
local shearout (see Fig. 2b) was a viable failure mode for small e/d-values, the
shear stresses along the shearout plane (y = d/2) were determined for applied
bearing stresses equal to the measured S,,-values. Even for the rather extreme
case of e/d = 1.5, the maximum shear stress on this plane was slightly below
the laminate shear strength (310 MPa {2]). In contrast, the corresponding o,
stresses along the observed damage path (a radial line at 6 = 71 deg) exceeded
the tensile ultimate strength by as much as 70%. This explains why the damage
initiated in tension and propagated along the 6 = 71 deg radial line rather than
in the shear mode along the local shearout plane.

The predicted curve for remote shearout failures was calculated using the o,
distribution along the 6 = 71 deg direction. As previously discussed, the failure
sequence for the smaller e/d cases started as a tension failure along the 6 = 71
deg path followed by remote shearout failure along the y = d plane; see Fig.
2f. The predicted dash-dot curve in Fig. 15 indicates the data trends, but the
predicted strengths have errors as large as 20%. Comparison of the two predicted
dash-dot curves indicates the proper failure mode trends, but not with as much
accuracy as shown for the w/d cases.

The strength prediction procedures were repeated with several failure criteria
in addition to the maximum stress criterion. These other criteria were the Tsai~
Hill [8], Tsai-Wu [9], Hoffman [/0], Yamada-Sun [/1], and the maximum strain
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criteria. The results based on the maximum strain criterion were almost as good
as those based on maximum stress. However, none of the other criteria produced
satisfactory predictions. Note that all of these other criteria involve multi-axial
stress components. This suggests that the failures were influenced primarily by
the maximum stress, which in all cases was the x-axis stress component.

Concluding Remarks

Quasi-isotropic graphite/epoxy laminates (T300/5208) were tested under bolt-
bearing loads using a simple fixture with a 6.35-mm steel bolt. Test specimens
had a range of widths and edge distances to produce failures by several different
modes. Radiographs were made after damage onset and after ultimate load to
examine the failure modes and the failure sequences. The laminate stresses near
the bolt hole were calculated for each test specimen configuration using a finite-
element procedure. These stresses were then used in a failure prediction procedure
to analyze the test results.

Damage onset was found to develop at stress levels that were as low as 62%
of specimen ultimate strength. This damage developed in either the bearing mode
or the tension mode. Even specimens with small edge distances developed damage
in the tension mode rather than the shearout mode. Except for specimens with
very small widths or edge distances, the first damage usually developed in the
bearing mode and consisted mainly of ply delamination. At slightly higher stress
levels, however, tension damage appeared in the form of ply cracks. The location
of tension damage on the hole boundary correlated very well with the location
of the computed maximum tensile stress. The stress analysis showed that both
the location and magnitude of this maximum stress are strongly influenced by
the bolt clearance.

The failure modes associated with ultimate strength were usually different from
the damage onset mode. Only for the case of tensile failures in narrow specimens
did the damage initiate and grow to failure in the same mode. When wide
specimens were tested to ultimate strength, they first developed damage in the
local bearing mode at the hole boundary, then local tension damage (also at the
hole boundary), and finally developed remote bearing immediately beyond the
clampup washer. Specimens with moderately small edge distances also failed in
a sequence involving three modes: Damage appeared first in the local bearing
mode, then in the local tension mode, which led to the remote shearout mode
extending from the edge of the washer.

Failures involving extensive bearing damage were found to dissipate signifi-
cantly more energy than tension-dominated failures. Because the specimen con-
figuration influenced the failure mode, it therefore influenced the failure energy
also. With increasing w/d-values, for example, the transition from tension failure
to bearing failure that occurred in the range of 4 < w/d = 6 caused a very large
increase in failure energy. For some applications, this increase in failure energy
for 4 < w/d = 6 may be more important than the increase in strength in that
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range. The failure energy for bearing-loaded holes is a material response that
should be given additional emphasis in joint design procedures as well as in
material development activities.
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ABSTRACT: The main objective of this study was to investigate the matrix influence on
the fracture behavior of carbon/epoxy three-point bend specimens. The matrices investi-
gated were a brittle Fiberite 1034 and a more ductile Fiberdux 914C epoxy matrix. For the
analysis of strength and load versus displacement behavior of the specimens, a damage
zone model (DZM) was used. The damage is represented by a Dugdale/Barenblatt cohesive
zone, where the cohesive stresses are assumed to decrease linearly with an increased crack
opening.

Excellent agreement is obtained between predicted and measured fracture loads of the
specimens. Also the nonlinear load versus displacement curves are accurately reproduced
by the analysis. The present model is compared with previous models, such as the inherent
flaw and the point stress criteria. The damage zone extension in the brittle and ductile
matrix specimens was studied and compared with the DZM calculations, as an attempt to
explain the difference in fracture behavior between the brittle and ductile matrix specimens.

KEY WORDS: composite materials, carbon/epoxy, predictions, radiography, damage,
stiffness change

Relatively few investigations of the matrix influence on the fracture behavior
of continuous fiber composites are found in the literature. Some work has,
however, been reported on the fracture of randomly oriented short fiber com-
posites [/-3]. Agarwal and Giare [/] studied the fracture toughness of short glass
fiber-reinforced epoxy composites. Epoxy of different moduli and strengths were
employed to investigate the influence of the matrix properties on the fracture
behavior. By the use of crack growth resistance method (Kz-curves) they found
a significant influence of the modulus and strength of the matrix materials on
the fracture toughness. Gaggar and Broutman [2,3] have studied the fracture
toughness of random glass fiber epoxy and polyester composites using the K-
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curve approach, and showed that the fracture behavior was different in the two
matrix systems.

In order to predict the static strength of notched laminates with continuous
fiber, Waddoups et al [4] applied linear elastic fracture mechanics (LEFM) and
proposed a model denoted the inherent-flaw model (IFM). Whitney and Nuismer
[5,6] introduced two fracture models, the point stress criterion (PSC) and the
average stress criterion (ASC), which are based on the exact stress distribution
in the vicinity of the notch. Each model is based on the unnotched tensile strength
and a characteristic length, which was assumed to be a material parameter for a
given composite material system and layup. However, a basic problem with these
methods is that they require different values of the characteristic length for various
sizes of the notch in the same type of laminate [7-11].

A more general model [/2], requiring only basic properties of the laminate
such as laminate stiffnesses, unnotched strength, and apparent fracture energy,
is here used to predict the fracture behavior of the brittle and ductile three-point
bend (TPB) specimens. In the model, called the damage zone model (DZM), the
damage zone is approximated by a crack with cohesive stresses acting on its
surfaces. Damage in the material is taken into account by reducing the cohesive
stresses with increased crack opening, which in turn corresponds to increased
separation of the material.

Results from load predictions based on the DZM, IFM, and PSC are compared
with experimental results obtained from the brittle and ductile matrix TPB spec-
imens. It might be pointed out that the brittle matrix should be considered as a
reference, and the load data presented here are taken from Ref 13.

Analysis
Damage Zone Model

During increasing external load on a laminate with a notch, a damage zone
will form and grow in the stress-intense region at the notch. The damage is
represented along, or projected onto, two adjacent crack surfaces and treated by
a Dugdale/Barenblatt-type analysis [/4-18], Figs. 1, 2. On the crack surfaces,
cohesive stresses o are assumed to act, Fig. 2a. Damage growth results in
increased crack opening v and a reduction of the cohesive stresses o.

A linear relationship between crack opening and cohesive stress, Fig. 2b, has
proven to give good results [13,/9] and is used in the calculations here. It is
important to note that the area below the o-v curve is equal to the apparent
fracture energy G.* and that the maximum value oy, of the stress is the unnotched
tensile strength of the laminate. G.* represents the sum of all energies dissipated
in the various fracture mechanisms.

In the virgin, unloaded material there is no damage and hence no equivalent
crack in the model. When the load is increased such that the stress at a Point A
in Fig. 1 reaches oy, the equivalent crack is assumed to form. Upon further
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FIG. 1—Damage zone at a notch and equivalent crack used in the analysis: (a) damage zone;
(b) equivalent crack.

loading, this crack opens and grows into the laminate. The stress o at Point A
is then assumed to be reduced according to the linear relationship shown in Fig.
2b. The stress o(x) at Points P, Fig. 2a, along an a priori-determined crack path
is treated in the same way. Through this procedure, nucleation, stable growth,
and unstable growth of the crack are modeled for increased external loading in
a series of calculations using a condensed finite-element model (FEM) stiffness
matrix of the structure. Moreover, redistribution of stress and change in stiffness
is accounted for in the model. The numerical technique used is described in Refs
19 and 20.

Inherent-Flaw Model

The IFM was originally developed for predicting the strength of notched lam-
inates with infinite width, but has been extended to be used for finite geometry
by introducing the geometric correction factor [27,22]. For a TPB specimen with
a crack of length @ and an inherent flaw of length ¢,, the notched strength P,™
is given by [/3]

8y

notch damage zone size ¢

(a) (b}

FIG. 2—Dugdale/Barenblatt cohesive zone: (a) crack opening v(X), cohesive stress o(x) and
length c; (b) assumed linear relation between o and v.
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where P, is a reference load (see Tables 4a and 4b) and Y is the geometric
correction factor based on the original crack length a [22].
The geometric correction factor used in the calculations was obtained from

[23]
2 (o) =) - veas) - veeE)
YI—) =109 - 1. 73| -] + 82|—) — 142|—] + 14.6|~—
w w w w w

This factor is derived for an isotropic material and can be used for the quasi-
isotropic laminates considered.

While the material is considered homogeneous, orthotropic, and linear elastic,
the following relationship between Py'™ and the fracture energy G. is obtained
[13]
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A;; are the in-plane laminate flexibilities as determined from laminated plate theory
[24].

A linear relationship between ¢, and G, may further be obtained by studying
a tension coupon [/3]

G. C))

Point Stress Criterion

The PSC has been derived by considering the exact elasticity solution for the
normal stress ahead of a notch. The requirement of an exact expression of the
normal stress restricts, however, the use of the model. By approximating the
exact solution of the normal stress ahead of a crack with the asymptotic solution,
the model can be extended to the use on cracked laminates with finite geometry.
This is justified if the crack length is sufficiently large compared with the size
of the damage zone d, [1,25].

For the TPB specimen, an approximate expression for the notched strength
according to the PSC is given by [13]

PPSC__& %
N =

Y a )
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where d, 1s the characteristic length defined in the PSC [5,6]. Note that Eq 5 is
valid only if d, < a. A more accurate expression for P,"C is given by Eq 6

[5,6,26]
Py, [Qa + dyd,
psCc — _~2 = v 6
Py Y N @+ 4y ©

It is easy to show that the value of P, obtained from Eq 6 will be identical to
that from the IFM (Eq 2) if the quotient d,/a is small enough.

Material Selection and Experiments

Two different epoxy matrices were investigated. They were a Fiberite Hy-E-
1034 and Fiberdux 914C. Since 1034 is the more brittle (lower G.*) and 914 is
the more ductile (higher G.*) of the two, they are referred to as the “‘brittle”’
and the ‘‘ductile’” matrix, respectively, below. The matrices were reinforced
with Thornel 300 carbon fibers and hand laid up for the desired [0/90/+45],,
stacking sequences, where n = 4, 8, and 10 for the ductile matrix and n = 6
for the brittle matrix. The panels were cured according to the manufacturer’s
recommended procedure and the thicker laminates (n = 6) were compacted before
final cure in order to minimize the void content. The void content was less than
0.5%. The fiber volume fraction was approximately 65%. TPB specimens were
machined from the panels and the cracks were machined with a thin (0.13 mm)
diamond-coated disk, whereafter the tips were sharpened with a razor blade.
Geometry and dimensions of the specimens are shown in Fig. 3.

The unnotched tensile strengths o, for the brittle and the ductile matrix materials
were determined from tension tests on coupon-type specimens of length 120 mm,
width 22 mm, and thickness 2.05 mm.

All specimens were loaded statically in a 300-kN MTS testing machine under
displacement control with a displacement rate of 1 mm/min. Curves of load
versus grip displacement 8, were recorded for each specimen. The environmental
conditions in the laboratory were approximately constant at 20°C and 40% relative
humidity.

45°
6° w=25 mm
2

L 4.4w |

FIG. 3—Geometry and dimensions in mm for TPB specimens: a = 6, 9, 12, 15 and 18 mm.
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The formation of damage in some specimens was at certain load levels ex-
amined by using the TBE-enhanced X-ray technique [27]. For detection of failed
fibers some specimens were deplied [19] after the maximum load was reached
and the plies were grouped in 0, 45, and —45-deg layers. The damage zone
ahead of the crack tip was then inspected in a Rekhert MeF2 microscope.

Experimental Results

In Table 1 the average experimental unnotched tensile strength o, and the
variation from the average value for each matrix material are given. It is noted
that the difference in the unnotched strength between the brittle and ductile matrix
specimens is negligible.

Table 2 gives the average experimental bending strength and the variation from
the average value in percent for specimens with various initial crack lengths. The
strength values are normalized with the unnotched bending strength P,, which
is calculated according to the expression given in Table 2. No systematic influence
of thickness on strength is noted for the ductile matrix specimens at a given crack
length, and the data for the ductile matrix were taken from the 8s specimens.
For each crack length the strength of the ductile matrix specimens is larger than
the strength of brittle matrix specimens. No tendency of out-of-plane instabilities
was found at the tests, and local indentations at rollers introducing load and
support forces were negligible.

Damage in some specimens at different load levels was detected by the TBE-
enhanced X-ray technique [27]. For a brittle matrix specimen, loaded to about
80% of the fracture load, a small damage zone ahead of the crack tip in the form
of extensive matrix cracking is observed in Fig. 4a. Immediately after the max-
imum load is reached the crack-tip damage is mainly colinear with the crack,
but matrix cracks occur in the 90 and 45-deg plies. In the ductile matrix specimen
a similar damage extension occurs. However, the size of the damage zone at the
failure load is larger than in the brittle matrix specimen; see Figs. 4b and 5b.

In order to detect any failed fibers in the damage zone, a brittle and a ductile
matrix specimen with the same crack length were deplied. The specimens were
unloaded immediately after reaching maximum load. The same type of damage
was observed through the thickness for plies with the same fiber direction. In
Fig. 6a, fiber fractures are observed close to the crack tip in a 0-deg ply of the
brittle matrix specimen, while unbroken fibers are observed at small distances

TABLE 1—Unnotched tensile strengths o, for brittle and ductile specimens.

Matrix No. of s Variation,
Material Specimens MPa %
Brittle 10 581 e
Ductile 10 580 +2

-3
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TABLE 2—Experimental strengths for brittle and ductile matrix specimens.

No. of Variation,
Specimens alw PEXEP, %

“Brittlel(r;;agg/i);:g(]eiimens 5 0.24 0.463 i—é
5 0.36 0.347 -

5 0.48 0.247 3

5 0.60 0.158 -3

4 0.72 0.089 *

”Ductxle{o%zgrix“ssl;immens 4 036 0.449 t;
3 0.48 0.308 *e

4 0.60 0.202 *3

4 0.72 0.104 *S

[0/90/%45] 4 0.24 0.588 2

5 0.36 0.436 s

5 0.48 0.312 “

5 0.60 0.187 i

4 0.72 0.108 i

(0/90/245],45 4 0.24 0.598 2

4 0.36 0.420 -3

5 0.48 0.312 -

5 0.60 0.202 -

4 0.72 0.108 3

*Where P, = 23‘%2 o, = 2201 N/mm.
*Where P, = M o, = 2197 N/mm.
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ahead of the crack tip. It is noted that the damage extends mainly colinear with
the crack. The damage in the 45-deg ply, shown in Fig. 6b, extends in form of
bundles of failed fibers which show a hackled fracture pattern, and the damage
extension is not colinear with the crack. It was observed that the same failure
behavior occurred in the —45-deg plies as for the 45-deg plies.

The damage extension in the O-deg ply from the ductile matrix specimen, Fig.
7, is similar to the brittle matrix specimen. On the other hand, the hackles in
the 45-deg ply, shown in Fig. 7b, are larger than in the brittle matrix specimen
and are not initiated at the crack tip but at a small distance in the front of it.

Figure 8 shows typical P — 8, curves recorded experimentally (dashed curves)
and P — 3, curves calculated from the DZM (solid curves) for a brittle and a
ductile matrix specimen with a/w = 0.24. Initially the curves show a linear
behavior and become nonlinear at higher load levels. Good agreement is noted
for both the rising and falling branches of the curves.

Numerical Results

To predict the notched strengths PP from the DZM, a value of the apparent
fracture energy G * for each material system must be determined. This was done
in the following way: For each material system, the notched to unnotched strength
Py/ P, versus the apparent fracture energy G.* is calculated from the DZM by
using the FE mesh shown in Fig. 9, and the results are plotted versus the apparent
fracture energy G.*. The value of G _* which gives the fracture load equal to the
experimental average for some crack length (a/w = 0.24 is chosen) is then taken
as the adequate G.* for each material system. For the brittle and ductile matrix
material G.* = 35 kJ/m? and G.* = 70 kI/m?, respectively, are obtained. These
values of G * are then used in all DZM computations presented in this study;
see also Table 3.

In order to calculate the notched bending strengths from the IFM and the PSC
using Eqgs 1 and 5, 6, respectively, values of ¢, and d, for each material were
determined from the strength of the specimens used for determining the apparent
fracture energy discussed above. The values obtained for the brittle and the ductile
matrix material are given in Table 4.

Strengths calculated from the DZM, IFM, and PSC are given in Tables 4a
and 4b together with the variations in percent from the average experimental
strengths, The primary input data used in the calculations are also given. In
Tables 4a and 4b it is noted that the agreement between the experimental and
the predicted values obtained from the DZM is very good in all-cases. On the
other hand, the variations for the IFM and the PSC (Eq 6) increase with increased
a/w and this is particularly pronounced for the ductile specimens. For the two
largest crack lengths also, the PSC (Eq 5) gives relatively poor agreement. It is
noteworthy that the PSC according to Eq 5 gives better agreement with the average
experimental values than the strengths calculated from Eq 6.
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FIG. 7—Failure pattern ahead of crack tip in a ductile matrix specimen with alw = 0.36:
(@) O-deg ply; (b) 45-deg ply.

In Fig. 10 the nondimensional notched strength as predicted by DZM for
various input data values of the apparent fracture energy G.* is plotted. Each
solid curve is calculated from the DZM and represents both the brittle and the
ductile matrix specimens. The notched strength obtained from the IFM (Eq 2)
is plotted in Fig. 10 versus the fracture energy G. (dashed curves). Both methods
show a similar behavior, and the strength predicted from both methods should
approach zero as G.* and G, — 0. This is obtained with reduced element size
at the damage zone with the DZM.

A way to illustrate the variation in G.* and G, with crack length for the brittle
and the ductile matrix specimens is shown in Fig. 11. For each crack length
(a/w) the plotted values of G.* and G, give the predicted load equal to the average
experimental value. Small variation in G.* with a/w is noted in Fig. 11a for the
brittle matrix, while a larger variation is obtained for G,. The same tendency is
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FIG. 7—Continued.

obtained for the ductile matrix, but the variation in G, with a/w is larger than
for the brittle matrix. Since there is a relationship between G, and the parameter
¢y (see Eq 4), the large variations in G, with a/w imply that ¢, is not a material
constant. 4

In Fig. 12 the applied load normalized with the unnotched strength P/P, is
plotted versus the extension ¢ of the damage zone for various crack lengths. With
increasing external load all curves show a stable damage growth, until the load
has reached its maximum value, illustrated by squares, whereafter the damage
growth becomes unstable. Since the crack causes a singularity in the stress field,
the results with respect to initiation of damage are entirely related to the size of
the finite elements at the crack tip, The results with respect to failure load
{maximum load) are, however, not significantly affected by the error in modeling
damage initiation.

The stress distribution ahead of the crack tip corresponding to the DZM and
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TABLE 3—Input data used in the DZM calculations.

Brittle Matrix Laminate Ductile Matrix Laminate
Ply Data Laminate Data Ply Data Laminate Data
E,, = 138GPa o, =581 MPa E, = 138GPa o, =580 MPa
E,;, = 11GPa * =35 kI/m? E», = 11GPa G.* =70 kl/m?
G, = 4GPa L. G, = 5.6GPa
v;; =0.35 L. - vp =0.35

the IFM as well as that obtained from LEFM for a brittle matrix specimen with
a/w = 0.24 loaded to the fracture load is shown in Fig. 13. The stress o,
normalized with the unnotched tensile strength oy, is plotted versus the distance
x ahead of the crack tip. The more accurate curve calculated by FEM is given
for comparison with the approximative curve obtained by LEFM. The curve
representing LEFM is calculated from o = K/V27x {28], where K is the Mode
I stress-intensity factor.

It is noted that the curves obtained from the models show quite different
behavior near the crack tip and that the size of the critical damage zones is
different for the different models. The stress o, in the region between the crack
tip and d,, is not likely to increase with decreasing distance to the crack tip as
obtained by LEFM. From a physical point of view a more probable stress dis-
tribution is assumed in the IFM, which gives a constant stress within the dis-
tance ¢,.

With increased external load, partial material separation occurs in the extending
damage zone, resulting in a more compliant material close to the crack tip. This
leads to a reduced stress o,, and such a behavior is assumed in the DZM cal-
culations. Moreover, the critical damage zone sizes ¢ calculated from the DZM
are in agreement with those estimated in the experiments. This is not the case
for the other models. Similar results were obtained for the ductile matrix spec-
imens loaded to the fracture load.

Discussion and Conclusions

The influence of a brittle and a ductile matrix on the fracture behavior of
notched [0/90/£45],, carbon/epoxy composites has been studied by the use of
a damage zone model, where the damage zone is modeled as a crack with cohesive
forces acting on the crack surfaces.

The strengths predicted from the DZM and the PSC agree in general very well
with the experimental values for the brittle and the ductile matrix TPB specimens.
Also, the load versus displacement behavior for the brittle and the ductile matrix
specimens calculated from the DZM is in good agreement with the experimental
results. The results from the IFM show a variation which for all specimens
increases with increasing crack length and reaches an unacceptable level for the
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FIG. 10-—Notched to unnotched strength P./Py versus apparent fracture energy G.* (solid lines)
and fracture energy G, (dashed lines) for brittle and ductile matrix specimens.

larger cracks. This means that the parameter c, or the fracture energy G, should
not be considered as a material constant,

For both the brittle and the ductile matrix materials, it is noted that the fracture
energies used in the DZM and the IFM are of the same order of magnitude. The
DZM predictions are, however, in closer agreement with the experiments than
those from the IFM. This might be explained by the fact that the stress distribution
in the damage zone calculated from the DZM is more realistic. Moreover, a
consequence of different stress distributions is that the critical damage zone sizes
are different for the two models.

It is noted that a change in the value of G * is sufficient to adequately predict
the different fracture behavior for the brittle and the ductile matrix specimens.
All other input data are the same for the two material systems except the shear
modulus G,,. However, the small difference in G, has negligible influence on
the results for the stacking sequence used here.

From the DZM calculations it is noted that the critical size of the damage zone
for both material systems varies with the crack length. It is also noted that the
critical size of the damage zone is larger for the ductile than for the brittle matrix
specimens in quantitative agreement with the nondestructive examination.

The results from all DZM calculations show that cohesive stresses act on the
entire crack surfaces up to the maximum load. Tmmediately after the maximum
load is reached, however, only small parts of the crack surfaces become unloaded.
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FIG. 13—Normalized stress a,/o, versus distance ahead of crack tip, X, obtained from DZM,
IFM, LEFM, and FEM for a brittle matrix specimen with alw = 0.24.

This means that complete material separation does not occur in the damage zone,
which is in agreement with the damage observed in the plies for the brittle and
ductile specimens immediately after the maximum load was reached. The different
fracture behavior observed in the plies and the different sizes of the critical
damage zone for the two matrix systems may explain the large difference in G*.
However, a more detailed study of various fracture mechanisms and their con-
tribution to the energy dissipated in the damage zone is required.
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DISCUSSION

J. H. Underwood® (written discussion)—The work by Aronsson and Bécklund
is significant because it uses a prominent model in fracture behavior of materials,
the Dugdale model, to describe frequently observed behavior? in composite ma-

' U.S. Army Armament Research and Development Center, Watervliet, NY.

2 Underwood, J. H. and Kendall, D. P. in Proceedings, 1975 International Conference on Com-
posite Materials, American Institute of Mining, Metallurgical and Petroleum Engineers, Vol. 2, 1976,
pp. 1122-1147.
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terials—damage zone formation. However, since the Dugdale model is best
known for its application to metals, which are relatively homogeneous materials,
its application to composite materials may be subject to criticism. Sure enough,
some criticism, including the above point, was presented during the oral dis-
cussion period of the paper at the symposium. Dr. C. C. Chamis questioned
whether the Dugdale model would result in any useful descriptions of composite
material behavior since it does not take into account the local inhomogeneities
of the material.

Dr. Chamis’s question is worth considering, and the answer is clear. Fracture
analysis, even though generally limited to a continuum, has been a resounding
success in describing and predicting the deformation and failure behavior of a
wide variety of materials, many of which are quite inhomogeneous. So there
should be no resistance to informed application of fracture analysis to composite
materials, application in which certain limits that have been shown to work with
other materials are used with composite materials. Such a limit, related to the
Aronsson and Bicklund work, is consideration of only those damage zones which
are considerably larger in size than the characteristic fiber and layer dimensions.

Within limits, continuum fracture analysis of composite materials will give
useful, quantitative descriptions of damage and failure. Therefore, work such as
the Aronsson and Bicklund paper, which properly and critically interrelates
experiment and theory, should be applauded, not criticized.
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Fiber Siticon Carbide/ Aluminum Composites,”’ Composite Materials: Fatigue and Frac-
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ABSTRACT: Four layups of continuous-fiber silicon carbide (SCS,) fiber/aluminum matrix
composites were tested to assess fatigue mechanisms, including stiffness loss, when cycled
below their respective fatigue limits. The layups were [0]s, [0,/ +45],, [0/90];, and [0/
+45/90],. The data were compared with predictions from the first author’s previously
published shakedown model which predicts fatigue-induced stiffness loss in metal matrix
composites. A fifth layup, [45],,, was tested to compare the shakedown and fatigue limits.
The particular batch of silicon carbide fibers tested in this program had a somewhat lower
modulus (340 GPa) than expected and displayed poor bonding to the aluminum matrix.
Good agreement was obtained between the stiffness loss model and the test data. The fatigue
damage below the fatigue limit was primarily in the form of matrix cracking. The fatigue
limit corresponded to the laminate shakedown limit for the [+45];, laminate.

KEY WORDS: silicon carbide fibers, aluminum matrix, metal matrix composite, fatigue,
stiffness loss

Nomenclature

Ef Fiber elastic modulus, MPa
E™ Matrix elastic modulus, MPa
E." Effective modulus of matrix in loading direction, MPa

E, Initial elastic modulus of first cycle (modulus of undamaged lami-
nate), MPa
E, Secant modulus, MPa
Esps Laminate modulus assuming damaged matrix material, MPa
R Stress ratio, Smin/Smax
Smax  Maximum laminate stress, MPa
Snin  Minimum laminate stress, MPa
Y Maximum cyclic yield stress, MPa
Ae Laminate strain range

! Senior research enginecr, NASA Langley Research Center, Hampton, VA 23665.
? Engineer, Foster-Miller, Inc., Waltham, MA. Coauthor Wallis was a co-op student at Virginia
Polytechnic and State University, Blacksburg, VA, working at NASA during this research.
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A€, Compressive strain range of matrix material in loading direction

AS Laminate stress range, MPa
AS,;, Maximum laminate stress range that causes no fatigue damage (shake-
down stress range), MPa
o/ Axial stress in fiber in loading direction, MPa
o™ Axial stress in matrix in loading direction, MPa
oy™ Stress in matrix material in loading direction at laminate shakedown
limit, MPa

Metal matrix composites (MMC) are currently being considered for use on
missiles, aircraft and other high-performance vehicles where low weight and high
stiffness are important. Continuous-fiber MMC exhibit high directional stiffness
and strength-to-weight ratios. However these composites are expensive. A com-
mercially available continuous silicon carbide fiber, designated SCS,, has been
developed by AVCO Specialty Materials Division of Lowell, MA, and is expected
to be much more economical to produce than the most commonly used continuous
fiber for MMC, boron. Therefore, silicon carbide/aluminum (SCS,/Al) com-
posites are expected to be more cost competitive with metals and epoxy resin
composites. The purpose of this paper is to examine the stiffness loss behavior
of five layups of SCS,/Al composites and assess the applicability of the stiffness
loss model previously proposed for boron/aluminum [/].

Previous research on the fatigue behavior of boron/aluminum composites {/—
51 has shown that boron/aluminum can develop significant internal matrix crack-
ing even when cycled below the fatigue limit. This results in laminate modulus
loss. In quasi-isotropic laminates, matrix cracks reduce stiffness as much as 40%.
Because most MMC structural components are expected to be stiffness critical,
even a small drop in component stiffness may render the part useless or cause
failure of the structure. Therefore this paper focuses on the stiffness loss in the
SCS,/Al composites as a function of cyclic loading and not on final laminate
failure. Only the [*45],, laminate will be examined by establishing the fatigue
limit and comparing it with the calculated shakedown limit.

Experimental Procedure
Composite Laminate

The material tested was unnotched silicon carbide composite with a 6061
aluminum matrix and 0.14-mm-diameter SCS, fibers provided by the manufac-
turer. Table 1 presents material properties for the SCS, and aluminum constit-
uents. The specimens were straight-sided with a width of 19.0 mm and a thickness
of 1.6 mm. Each laminate had a fiber volume fraction of approximately 0.44.
All the specimens were annealed before testing. All the specimens were fatigue
loaded at 10 Hz except when the stress-strain response of the material was
recorded on an X-Y plotter. The stress-strain data were taken under quasi-static
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TABLE 1—Composite constituent mechanical properties.

SCS, Fiber,
0.14 mm diameter 606:-TO Aluminum
Elastic modulus, GPa 340 72.5
Poisson’s ratio - 0.25 0.33

conditions at 1, 2, 3, 4, 5, 10, 50, 100, 500, 1000, 5000, 50 000, 100 000, and
500 000 cycles for each stress level. The strain was measured with a 25.4-mm
gage length extensometer. Except for the [£45],, laminates, all the specimens
were cycled at constant-amplitude stress levels below stress levels which would
cause failure in 500 000 cycles. The stress ratio, R, was constant for each test.
All tests were conducted at R = 0.1 except for a few specimens of [0,/ £45];
which were also tested at a R = 0.3.

In the present study, the tests were conducted at a constant cyclic stress range
for 500 000 cycles (time enough for a saturation damage state to develop), and
then the stress-strain response was recorded. The stress range was then increased
to a new desired level, and another 500 000 cycles applied. The resulting stress-
strain response was recorded. This process was repeated up to as many as five
different stress levels per specimen. Saturation fatigue damage at each level
depends only on the applied stress range and, therefore, is not influenced by the
prior cycling at lower stress ranges as shown in Ref 2. This test method was also
used with success to generate data in Ref /. The [+45],, laminates were cycled
to failure or 2 million cycles (whichever occurred first) to determine their fatigue
limit.

Fibers

Individual SCS, fibers were pulled in tension to determine their elastic modulus.
The fibers were obtained by leaching away the aluminum matrix of a [0/90],,
and [0]s laminate using a hydrochloric acid solution. Since the fiber cross section
is round, the diameters were easily measured with a micrometer in order to
calculate cross-sectional area. The individual fibers were bonded and aligned
between thin aluminum tabs to facilitate gripping. Three fiber lengths were tested:
51, 76, and 102 mm.

The specimens were then loaded in a tabletop screw-driven machine where
the crosshead displacement and load were recorded. The elastic modulus of the
fiber was calculated from the load-displacement curve.

Analysis

If fatigue damage in general is to be avoided, the cyclic loading must produce
only elastic strains in the constituents. Even so, local plastic straining can be
permitted in the composite during the first few load cycles, provided that the
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composite ‘‘shakes down’’ during these few cycles. The shakedown state is
reached if the matrix cyclically hardens to a cyclic yield stress, Y, such that,
subsequently, only elastic deformation occurs under load cycles. The shakedown
limit for the composite containing 0-deg fibers is considerably below the com-
posite’s fatigue limit [4]. Previous tests have shown that the matrix fatigue limit
coincides with the maximum stable cyclic yield stress for annealed aluminum
[4,6] and steels [6]. The value of Y is 70 MPa for the annealed 6061 aluminum
[4].

The shakedown stress range for a unidirectionally loaded laminate can be found
by using laminate theory to determine the yield surfaces for individual plies in
the laminate. For the experimental program reported herein, the shakedown stress
range, AS,;, is the width of the overall yield surface in the direction of the applied
uniaxial loading. The value of AS, can be calculated easily with the computer
program AGLPLY [7]. The AGLPLY program incorporates a modified materials
model, and not a straight series model, to determine lamina transverse properties.
Input for the AGLPLY program consists of the following: the fiber elastic modulus
and Poisson’s ratio; the matrix elastic modulus, Poisson’s ratio, and cyclic yield
stress; the fiber volume fraction of each ply; the fiber angle orientation of each
ply; and the relative thickness of each ply. The laminate stress that causes first
yielding in the matrix of any ply is printed out. This laminate stress is half of
the shakedown stress range. More details on this procedure can be found in Refs
3,4, and 7.

The shakedown stress range is used in conjunction with the stiffness loss model
[1] to develop a cyclic strain versus cyclic stress relationship for a given laminate.
As shown in Fig. 1, when the cyclic stress range AS exceeds the shakedown
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FIG. 1—Matrix and fiber stress response to applied laminate stress prior to and after development
of the saturation damage state.
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range, AS,,, the matrix is assumed to respond as an elastic-perfectly plastic
material along the dotted line for the first few cycles. The matrix stress cycles

between +o," and —oy™ where o™ equals half
times the undamaged matrix modulus E™. That is

Ushm = (ASsh/ZEO)Em

With continued load cycling, cracks form in the

the shakedown strain range

matrix. The cracks open on

tensile excursions and close on compressive excursions of the matrix stress,
leading to the behavior represented by the solid line in Fig. 1. For a given total
strain range Ae, as shown in Fig. 2, the effective tensile modulus of the matrix

E." can be written

Egq" = o4"/(Ae —
where

Aecump’" = ASsh/2E0

which is the compressive strain range of the matrix.

A ecumpm )

This modulus is entered into

a laminate analysis to obtain the laminate tensile modulus, Esps, which is then
used to estimate the secant modulus for the damaged laminate. The laminate

stress-strain relation is stated as

AS = (A€cmpyME, + (Ae —

Aecumpm )ESDS
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FIG. 2—Composite laminate and matrix stress-strain response for a saturation damage state.
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from which AS is calculated for strain-controlled tests. The laminate secant
modulus prediction is then

E; = AS/Ae

Results and Discussion
Fiber Modulus

Initial laminate elastic moduli measurements were considerably less than pre-
dicted by laminate analysis. Since the predictions were excellent in an earlier
study on boron/aluminum [4], this large discrepancy needed to be resolved. The
origina] moduli predictions were made using a fiber modulus of 390 GPa as
suggested by the manufacturer. Since the aluminum modulus is 72.5 GPa and
the fiber volume fraction is easily measured, the fiber modulus is the only
uncertain parameter.

Individual fibers were tested to determine the modulus used in the current
work. Table 2 lists the fiber moduli for the two laminates and three fiber lengths.
The [0/90],, fibers show average moduli slightly lower than the [0], fibers.
Further, the 51-mm fiber gage length showed a lower average modulus than the
76- and 102-mm gage length. This indicated some sensitivity to gage length
tested probably due to slippage of the fibers. The variation of modulus is pro-
portional to the amount of slippage divided by the measured displacement. The
longer the specimen, the greater is the measured displacement, while the amount
of slippage is almost constant. Therefore, the longer the fiber, the less is the
effect of slippage. The results of the 76- and 102-mm gage lengths were very
close to each other. A modulus value of 340 GPa was chosen to represent the
fiber. According to Ref 8, production process problems (carbon-rich deposition
zones) that were occurring when these fibers were produced may have resulted
in lower than normal fiber strength and modulus. The production process problems
have been resolved since then and fiber moduli of approximately 400 GPa are
being achieved routinely [9].

Laminate Properties

The shakedown stress range, AS,, and E, were calculated using the fiber
modulus of 340 GPa as shown in Table 3. Figure 3 shows the predicted initial

TABLE 2—Average SCS, fiber modulus, GPa.

Gage Length, mm

Layup 51 76 102

[0, 313 343 342
[0/90],, 307 332 S
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TABLE 3—Calculated and experimental elastic moduli and calculated shakedown stress range.

Calculated
Experimental,

Laminate E,, GPa E;, GPa AS,, MPa
[01s 191 190 368
[0,/ £45], 158 154 199
[0/901;, 128 153 204
[0/+45/90], 123 137 179
[*45];, 101 118 150

elastic modulus using 340 GPa versus the experimental. The predictions are quite
good with the largest error of 15% for the [*45],, laminate. This can be due to
even lower fiber moduli than the 340 GPa measured or due to bad fiber matrix
interface, as will be discussed next.

Fiber-Matrix Interface

The fiber-matrix interface was noticeably weaker for these SCS,/Al composites
than for the previously tested boron/aluminum. This was evident by more fiber
pull out during static strength tests of the SCS,/Al laminates than previously
observed for boron/aluminum laminates and by the separation of the matrix and
fiber during fatigue tests of the [0,/ =45], layup. Figure 4 shows a micrograph
of early fiber/matrix separation. After continued cycling at a higher stress level,
these separations join together to form an edge delamination as shown in Figs.
4 and 5. Figure 6 shows the extent of the edge delamination into the specimen.
The [0,/ £45]; layup was the only laminate tested that showed the edge delam-

200 £f = 3406Pa
150 L
A
Experimental 4
E ]
Gga w0 - S o [02/145]S
o [0/445/%0]
& [0r90],¢
0| & g
O[5 g
{ | 1 |
0 50 100 150 200

Predicted E, GPa

FIG. 3—Predicted versus experimental laminate elastic modulus.
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SCS,/AL

0p/248)
AS = 455 MPa
500k Cycles

SCSz/AL

@2/ 14598
AS = 525 MPa
1000k Cycles

FIG. 5-—Edge view of edge delamination due to weak fiber-matrix bonding.
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SCSo/AL

@2/ i45]s Delamination
AS = 560 MPa:
1500k Cycles

Front View

FIG. 6—Radiograph of edge delamination.

ination as described, indicating that this plate must have had poorer quality
bonding between the fiber and matrix than the others tested. If this edge delam-
ination was due to high interlaminar stresses (as common in graphite/epoxy
composites), it would be expected that delamination would have occurred in the
[0/+45/90], laminate since that layup has the highest interlaminar stresses of
those tested.

Stiffness Loss and Predictions

The predicted cyclic stress-strain response after 500 000 cycles and its asso-
ciated secant modulus are presented in this subsection and compared with mea-
sured experimental results. The predictions are shown as solid lines (see Fig. 7
as an example). For reference, the dashed line is the undamaged elastic modulus
of the laminate. The secant modulus scale can be read in two ways. First, entering
on the AS axis, crossing to the solid prediction line and down to the secant
modulus scale gives the predicted secant modulus of a laminate after 500 000
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FIG. 7—Correlation of experimental and model prediction for [0], laminates after 500 000 Hz
fatigue.

cycles at a given stress range. Second, one could simply rise from the cyclic
strain scale directly to the secant modulus scale to assess the secant modulus
after 500 000 cycles of a given strain range. As shown in Ref /, the same
saturation damage state will be reached whether the test is a constant stress or a
constant strain controlled test. Notice that the secant modulus scale is nonlinear.
Also notice that the secant modulus scale ends on the left at the shakedown limit;
the secant modulus is equal to £, below the shakedown limit.

Figure 7 presents the data and predictions for the [0]; laminate. The predictions
are quite good. Approximately 10% of the secant modulus was lost after 500 000
cycles at a cyclic strain range of 0.004.

The [0,/ £45], data are shown in Fig. 8. Boththe R = 0.1 and 0.3 data behave
the same when cyclic stress range is plotted versus resulting cyclic strain range,

600 L7
SCSy/AL -
7
Laminate £ =340 6Pa I o
stress 400 % e >
range, 6 Q@
AS, MPa L7 - 0 R=01
Prediction e R=03
200~ Shakedown Limit ‘
—— T I — Secant modulus,
153140 120 110 100 GPa
1 | i |
0 0.001 0002 0003 0.004 0005

Cyclic strain, Ag

FIG. 8—Correlation of experimental and model predictions for [0,/ 45), laminates after 500 000
H: fatigue.
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indicating once again [2,4] that the matrix damage described herein is a function
of stress range and not mean stress. There is very good agreement between
predictions and data. The previously discussed delamination apparently does not
decrease the stiffness beyond that due to the predicted matrix cracking. The [0,/
+45]; laminate had a 30% loss in secant modulus at Ae = 0.004.

The {0/90],, predictions as shown in Fig. 9 were not very good compared with
the other laminates. Approximately 25% of the 90-deg fibers were observed to
be longitudinally cracked after fatigue. The lamination theory would predict a
loss of 15% in stiffness by eliminating the 90-deg fibers. Perhaps the split fibers
account for some of the discrepancy between test and prediction. A 35% loss in
stiffness was predicted to occur at Ae = 0.004, whereas the experimental results
showed a 45% loss.

The predictions agree well with the data for the [0/ £45/90], laminate as shown
in Fig. 10. This laminate is subject to a 40% loss in secant modulus when cycled
at Ae = 0.004.

Behavior of [£45),, Laminate

The [+45],, laminate is unique among the laminates tested in that it has no
0-deg fibers to pick up the load from the damaged matrix as suggested ‘in the
previously discussed shakedown stiffness loss model. The 0-deg fibers also serve
to limit axial strain. Since the [+45],, Jaminate has no 0-deg fibers to limit axial
deformation, large plastic deformations occurred in the specimen upon yielding.
This can result in rotation of the *45-deg fibers to approximately =39 deg.

The following is a description of observed behavior as a function of cyclic
stress range: Below the shakedown stress range (Fig. 11) of 150 MPa the specimen
underwent large plastic deformation (as much as 0.08 strain). During cyclic

600 1 /
/s
s
‘SCSZIAL /
7/ -
Ef = 3400Pa / Predlctlon
400 4
Laminate // o
i;;e;: Shakedown Ve ° °© o
s Limit 7
AS, 'm £ ©o
MPa 200 - oo °
f T T T 1 ‘
153 140 120 110 100 Secant modulus,
1 1 1 1 | Gpa
0 0.001 0.002 0.003 0.004 0.005

Cyclic strain, Ae

FIG. 9—Correlation of experimental and model predictions for [0/90),, laminate after 500 000
Hz fatigue.
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FIG. 10—Correlation of experimental and model predictions for [0/ +45/90), laminate after
500 000 Hz fatigue.

loading, the matrix yield stress changed from its initial value of 40 MPa to a
fully hardened, stabilized value of 150 MPa. The rotation of the fibers (to ap-
proximately *41 deg) actually causes the elastic modulus and secant modulus
to increase slightly. The cross-sectional area of the specimen decreased by-ap-
proximately 8% during a cyclic stress range of 138 MPa. The stress-strain be-
havior of the laminate stabilized. No fatigue damage was noticed. Above the
shakedown stress range, fatigue damage developed in the form of many matrix
cracks growing into the specimen from the edge. Under these conditions the
elastic modulus and the secant modulus of the laminate decrease. At AS = 172
MPa the fibers rotated to =39 deg.

The exact values of the moduli were somewhat difficult to obtain because of
the large-scale plastic deformation and accompanying decrease in cross-sectional
area. Figure 11 shows an S-N curve of the tests in terms of engineering stress
(that is, load/original area). The figure shows the predicted shakedown limit
based on the original cross-sectional area and *45-deg fiber orientation. The
data indicate that the fatigue endurance limit at 2 X 10° Hz is approximately

300
R=01
Gyclic 200 P o o
engineering = — - = m s c S e e e e e — -
stress MPa Shakedown stress range—/ o~
100 +
_ 1 N A i
0 0.5 10 15 20105

Cycles to failure
FIG. 11—S8-N curve for [ £45),, laminates.
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equal to the shakedown stress range. Once fatigue damage initiates in the matrix
it will eventually grow to cause laminate failure since there are no O-deg fibers
to pick up the load in a strain control fashion. Thus, the fatigue limit of laminates
with no continuous 0-deg fibers may be predicted by the shakedown stress range.
These type laminates do, however, undergo large plastic deformations below the
shakedown down range, which may make them impractical for structural appli-
cation at high stress levels. Perhaps some of this plasticity problem could be
eliminated by heat-treating the matrix to a -T4 or -T6 condition.

SCS,/Al Versus Boron/Aluminum Behavior

The stiffness loss of eight different layups of boron/aluminum composites was
presented in Ref /. Many of these layups had the same fiber volume fraction
and stacking sequence as the SCS,/Al composites tested in the current work.
The manufacturer’s suggested fiber modulus for SCS, (390 GPa) is the same as
the boron fiber (although, as previously discussed, the actual SCS, modulus was
closer to 340 GPa for the tested laminates). The SCS,/Al has been suggested to
be a more economical alternative to boron/aluminum; therefore it is appropriate
to directly compare the behavior of the two systems.

The boron/aluminum showed superior fiber/matrix bonding. This was evident
from less fiber pullout at failure surfaces (that is, exposed matrix-free fibers
extending from the failure surface). Also, none of the previously tested boron/
aluminum laminates showed any signs of the delamination behavior illustrated
in Figs. 4-6.

Because the boron fiber modulus is higher than for SCS,, the boron/aluminum
laminate’s modulus is higher than the SCS,/Al for equivalent fiber volume frac-
tion and stacking sequence. The higher boron fiber modulus also results in a
higher shakedown stress and higher stiffness above the shakedown stress. A
typical example is shown in Fig. 12 for the [0,/ £45], layup. It is expected that

6m —
0,/+45 B/AL
Laminate [Z/ ]S P -7
stress - -
range, 400 /,/ SCSZIAL
AS, MPa L
-~
-~
’/
200 Y
/,
7,
v/
1 | 1 L J
0 0.001 0.002 0.003 0.004 0.005

Cyclic strain, Ae

FIG. 12—Comparison of boron!aluminum and SCS,/Al composite stiffness loss behavior after
500 000 Hz load.
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the latest SCS, fibers [9] would result in laminates with comparable performance
to boron/aluminum.

The shakedown stiffness loss model predicts the behavior of SCS,/Al as well
as it did for boron/aluminum in spite of the poor SCS, fiber/matrix bonds.

Summary and Conclusions

Four layups of continuous fiber silicon carbide SCS, fiber/aluminum matrix
composites were tested to assess stiffness loss when cycled below their respective
fatigue limits. The layups were [0];, [0,/ =45],, [0/90],,, and [0/ £45/90],. The
data were compared with predictions from the first author’s previously published
shakedown model which predicts fatigue-induced stiffness loss in metal matrix
composites. A fifth layup, [+45],,, was tested to compare the shakedown and
fatigue limits. The following observations were made:

1. With the exception of the [ +45],, laminate, the SCS,/ Al laminates exhibited
significant stiffness loss when cycled below the fatigue limit, As an ex-
ample, the quasi-isotropic laminate lost over 40% of the original stiffness
after 500 000 cycles.

2. Most of the stiffness loss was attributed to fatigue cracks in the matrix
material.

3. The stiffness loss model predictions compared well with the data.

4. The SCS, fibers were poorly bonded to the matrix in several laminates.
This poor fiber/matrix bonding resulted in edge delaminations in one layup
{0,/ +45])).

5. The fatigue limit corresponds to the shakedown limit for the [+45],, lam-
Inate.

6. The modulus of the SCS, fiber was found to be lower than reported by the
manufacturer. The modulus was found to be approximately 340 GPa.
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ABSTRACT: Delamination arrestment in laminated composites has been achieved by using
tough adhesive strips embedded in the interior of the laminate. For (£30,/90,/+30,); and
(£35/0/90), laminates, edge delamination was arrested under both static and fatigue tension
loadings. For the (*30,/90,/+30,); laminates, delamination was delayed and fatigue life
was significantly increased. These results are attributed to the G, component of the total
strain-energy release rate decreasing as delamination approaches the adhesive strip region.
It is suggested that the initiation of delamination for both static and fatigue loadings is mainly
due to the highest G, component in the laminate, not the total G. A characterization of
fatigue behavior is discussed. It was found that delamination growth rate decreases as the
number of fatigue cycles increases.

KEY WORDS: adhesive strip, composite materials, crack arrester, damage tolerance,
delamination, fatigue, graphite/epoxy, strain-energy release rate

Designing for improved damage tolerance and durability of composite struc-
tures has become a critical issue over the past decade. Delamination is one of
the most frequently occurring types of damage during the service life of composite
components. It is a life-limiting failure mode in composite structures. The pres-
ence and growth of delamination cause a reduction in stiffness and a degradation
of the composite material due to exposure of the interior to adverse environmental
attack. Hence, design concepts for suppressing or arresting delamination are of
considerable interest. Efforts have been directed toward the development of
delamination resistance by improving both materials and laminate construction.

Damage arrestment in laminated composite structure applications has been
under investigation for some time. In Ref /, Sendeckyj reviews various crack-
arrestment concepts using softening buffer strips for a through-crack. These
concepts use stiffness variations in the load-carrying ply of laminates to achieve
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the crack arrestment. For a crack running between two laminae, such as in a
delamination, crack arrestment has not been studied.

The major part of this paper is devoted to the development of a method of
delamination arrestment that could be used in a fail-safe approach to damage-
tolerant design. This method concerns the extension of the use of adhesive inner
layers to suppress delamination. Both static and fatigue cases were considered.
A characterization of fatigue growth in both fiber- and matrix-dominated laminates
is discussed, and the effect of adhesive strips on delamination growth is inves-
tigated.

Adhesive Inner Layer

The fracture toughness variations in a structural panel play an important role
in crack arrestment. Experience in metal fracture mechanics indicates that the
more ductile materials have a higher degree of crack resistance than the brittle
materials and consequently a higher fracture toughness. With this in mind, Chan
et al established a design concept to improve interlaminar fracture toughness by
placing a ductile adhesive layer in a laminate at the delamination-prone interface
[2]. Similar concepts have been studied by Browning and Schwartz [3]. Browning
et al examined the failure surface of their double-cantilever beam specimens,
which had an adhesive layer in the delamination plane, and found that the de-
lamination growth took place in the adhesive. Chan et al successfully demon-
strated that a mixed-mode edge delamination can be effectively suppressed by
placing a layer or strip of adhesive film along the edges of a specimen. This
effect was attributed to the lower modulus of the adhesive film, which caused a
reduction in the interlaminar stress and G, component of the total strain-energy
release rate. Since the total strain-energy release rate is the principal energy
source for delamination growth, it is suggested that as delamination grows into
the adhesive region, the energy available to drive the delamination growth will
be reduced. As a result, delamination growth will be retarded.

Experimental Program

Experiments were conducted to investigate the delamination arrestment ca-
pability of adhesive strips, under both static and fatigue loadings, and to char-
acterize the fatigue damage behavior. Such a characterization would help to
establish a damage model for analytical study. Coupons of AS4/3501-6 graphite/
epoxy laminates with adhesive strips along the free edges and at a distance away
from the free edges were tested. Coupons without adhesive strips were fatigue-
tested to understand the fatigue characteristics. Both fiber- and matrix-dominated
laminates were studied. The overall test program is outlined in Table 1. The
adhesive strips used in this study were FM1000, an American Cyanamid product.
This adhesive has a weight of 0.15 kg/m? (0.03 Ib/{t?) and an uncured thickness
of 0.13 mm (0.005 in.), approximately.
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TABLE |—Design of test program.

Laminate Type Coupon Type Test Conditions No. of Tests
(*£35/0/90), adhesive strips static Ref 2
fatigue 5
adhesive strips along the static Ref 2
free edges - fatigue 5
adhesive strips interior static 4
to free edges fatigue 5
(£30,/90,/ ¥30,); no adhesive static Ref 2
fatigue 5
adhesive strips interior static 4
to free edges fatigue 6

Coupon Preparations and Configurations

Panels measuring 254 mm (10 in.) on the side were fabricated of all laminates.
Some panels contained no adhesive strips, some had 6.35-mm-wide (0.25 in.)
strips of adhesive, and some had 12.7-mm (0.5 in.) strips of adhesive. The 6.35-
mm-wide (0.25 in.) strips of adhesive were placed 25.4 mm (1 in.) apart in the
direction of the O-deg ply at the 0/90 interface of the (+35/0/90), laminates and
at the —30/90 interface of the (*=30,/90,/ % 30,); laminates. These layups were
chosen to minimize the applied strain required to measure delamination before
final failure [4]. These panels were cut so as to form coupons with the adhesive
strips located 6.35 mm (0.25 in.) away from the free edges. The 12.7-mm-wide
(0.5 in.) strips were placed 25.4 mm (1 in.) apart at the same interfaces and
were cut along the centerline of the strips so that each coupon had a 6.35-mm-
wide (0.25 in.) strip of adhesive along its free edges. All panels were cured by
the procedure described in Appendix A of Ref 2. Before cutting, the panels were
checked by C-scan for any imperfections that might have occurred during fab-
rication.

The coupon configurations for the laminates used in the test program are shown
in Fig. 1. All coupons were approximately 38 mm (1.5 in.) wide and 254 mm
(10 in.) long. Because the adhesive strips were unconstrained during curing, two
strips in the thickness direction were not exactly located at the same distance
from the free edge. Glass-laminate end tabs were used for all panels. Before
running the tests, the coupons were checked by X-radiographic inspection for
any induced delamination during curing.

Static Tests

Only coupons with interior adhesive strips were tested under static loading.
The coupons were loaded in tension and monitored by a 10-cm (4 in.) exten-
siometer coupled to an X-Y plotter that recorded the load-versus-elongation curve.
During the test, coupons were periodically removed from the testing machine,
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treated with a zinc iodide solution, and examined along the free edges by both
microscope and X-ray. X-radiographs and microphotographs were taken to doc-
ument the delamination. These inspection records were used to construct a load-
damage relationship for the laminates. Delamination was measured from X-
radiographs by a planimeter over a 114 mm (4.5 in.) length of coupon at each
load level.

Delamination damage developed along the free edge of the laminate and grew
into the width of the coupon. As it approached the region of the adhesive, growth
in the delamination was arrested. Higher loads were required to extend the
delamination process. ,

Plane-view X-radiographs were taken to show damage modes in fiber-domi-
nated and matrix-dominated laminates, with and without adhesive strips. Figure
2 shows the fiber-dominated laminates at 98% of ultimate for the coupon without
adhesive strips and at 96% of ultimate for the coupon with adhesive strips. Figure
3 shows the matrix-dominated laminates at 97% of ultimate for both coupons.
As can be seen, delaminations develop at the free edges and grow into the width
of the coupon. Figure 4 illustrates a comparison of a typical load-damage rela-
tionship. It clearly indicates that the delamination is arrested at the boundary of
the adhesive strips until further loading drives the delamination through the
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FIG. 2—Static delamination of fiber-dominated laminates.

adhesive zone. For the laminates with the adhesive strip along the free edge,
delamination is effectively suppressed until final failure [2].

Chou et al [5] suggest that by examining the load-damage curve, the onset-
of-delamination strength can be determined by extrapolating the curve toa = 0.
The result, shown in Fig. 5, is an average of four test coupons. As expected,
the onset-of-delamination strength for the laminates with interior adhesive strips
is the same as that for laminates without adhesive strips.

Fatigue Test

In the fatigue test, all the coupons were subjected to load-controlled, tension-
tension conditions with R (ratio of minimum stress to maximum stress) = 0.1.
The maximum test load level was approximately 90% of the static delamination
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(£302/903/30)7

ULTIMATE = 440 MPa (63.9 ksi) 97% OF ULTIMATE

FIG. 3—Static delamination of matrix-dominated laminates.

strength (shaded value in Fig. 5) of the corresponding laminate without any
adhesive strips. Three coupons of the adhesive-stripped (*+30,/90,/%30,); lam-
inates were tested at 70% of static delamination strength to investigate the effect
of loading on the onset of delamination during the fatigue cycle.

During the course of the fatigue tests, each coupon was periodically removed
from the machine and examined for fatigue damage by the method described in
static tests. The results were also documented as in the static tests.

Test results and load conditions are summarized in Table 2. A discussion of
the test results and test observations is given below.

Damage Mode—Figure 6 shows a fatigue delamination at the 0/90 interface
of the (x35/0/90), laminate in an edge-view photograph. This is identical to
that observed in the static case. An X-radiographic comparison of transverse



182 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

Stress (MPa)

300 400 500 600 700 800
s ol
= am — == WITHOUT ADHESIVE A]ws.s ksi
= WITH ADHESIVE 7
i
o 5 rd
3 A 1181 ksi
5 af
=
e
K= /
E 3f J/ ADHESIVE
2 STRIP
=] LOCATION
o 2
L]
N
®
£ af
A
=)
2
30 40 50 60 70 80 90 100 110

Stress (ksi)
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cracking and delamination for the laminate with and without the delamination
arrester (adhesive strips) is shown in Fig. 7. It is observed that delamination
reaches the boundary of the adhesive strip near 5 x 10° cycles. There is no
further delamination growth at4 X 10° cycles when the test is halted for a residual
strength test. For the Configuration 3 test coupons, in which the adhesive strips
were placed along the free edge, no delamination was observed at 10° cycles, as
shown in Fig. 8. Delamination is initiated at 4 X 10° cycles and grows through
the adhesive strip regions at 5 X 108 cycles (see Fig. 8). The delamination occurs
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FIG. S—Comparison of static strength of coupon configurations.
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at the adhesive/90-deg-ply interface, as can be seen in Fig. 9. This is unlike the
static case where delamination did not occur until final failure. This observation
can be explained by the strain-energy release rate concept discussed later in the
paper. For the matrix-dominated laminates with an arrester, the primary delam-
ination began at the —30/90 interface, reached the arrester around 1 x 10°
cycles, and then stopped growing until 1 X 10° cycles. At 2 X 10° cycles, this
primary delamination grew into the interface between the adhesive strip and 90-
deg ply (see Fig. 10). In the meantime, a secondary delamination at the interface
between —30/90 plies was observed, as shown in Fig. 11. Figure 12, a cross-
sectional view photograph, confirms these observations. A typical final failure
surface of the laminate is shown in Fig. 13.

Delamination Growth—Typical delamination growth patterns for laminates
with and without adhesive strips are presented in Figs. 14 and 15. As can be
seen in the figures, delamination grows as the number of cycles increases. For
the laminate with interior adhesive strips, delamination stops growing at the
boundary of the adhesive regions. The delamination-versus-cycle data were used
to determine da/dN information. Results shown in Figs. 16 and 17 indicate that
the delamination growth rate (da/dN) tends to be a monotonically decreasing
function of the number of fatigue cycles. This suggests that delamination growth
slows down as the number of cycles increases. This phenomenon was also ob-
served in Ref 6.

Fatigue Life and Residual Strength— As shown in Table 2, the residual strength
for fiber-dominated laminates seems not to depend upon the number of cycles
applied and is perhaps dependent on the unidirectional ply properties. The mean
value of residual strength for these laminates is slightly higher than the static
strength. This is perhaps due to relaxation of edge stresses of fatigue delamination.
For a matrix-dominated laminate, the fatigue life is significantly increased when
delamination is arrested.

Analytical Study

Fracture mechanics and finite-element analyses served as analytical tools to
investigate the effect of the interior adhesive strips of the laminates on delami-
nation growth. The strain-energy release rate used in fracture mechanics, which
measures the strain energy required to extend delamination, was applied in this
study. The strain-energy release rates, Gy, Gy, Gy, corresponding to Modes 1,
11, and III of the fracture modes, are due to interlaminar stresses o, T, and T,,,
respectively, in the edge-delamination problem. In computing the strain-energy
release rate, both closed-form solutions [6] and the finite-element method [2,6,7]
are used. The finite-element method used in Ref 2 was also applied in this study.

In the finite-element computation, the strain-energy release rate is calculated
as the amount of work done to close up a new crack [8]. Among the closed-
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DELAMINATION AT THE 0/90 INTERFACE

FIG. 6—Typical edge delamination of a (£35/0190), laminate under fatigue loading.

form solutions, O’Brien [6] derived an equation for laminates subjected to a
constant strain. In his derivation, the laminate stiffness was assumed to be linearly
dependent on the delamination size. Therefore, the expression for G is inde-
pendent of a/b. For laminates subjected to a constant load, an expression for
strain energy release can be derived by a method similar to that in Ref 6.

s

FIG. 7—Delamination of (£35/0/90), laminates with and without adhesive strips.
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FIG. 8—X-radiograph of edge-stripped (+35/0/90), laminates.

Strain-Energy Release Rate for a Constant Loading

Considering a laminate containing a delamination area A, the strain-energy
release rate G can be defined as

G _ "
0A 0A

where W is the work done by external loads and U is the strain energy stored in
the laminate. For the laminate subjected to a constant load, the term W can be
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(%£302/903/7302)r Gr/Ep

DELAMINATION

ADHESIVE STRIP

FIG. 9—Delamination of laminates with edge-stripped adhesives: edge view.

written as
W =2U 2)
Then Eq 1 becomes
aU
G=—
A 3)
since
2
o
U= —=V 4
°F “
Combining Eqs 3 and 4 yields
o’ dE
= — V —_—
G 2F? dA 5)

This expression is similar to O’Brien’s equation for a constant strain condition
[6]. Substituting the equations

V=2b-t-t
©)

A=1-2a
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FIG. 10—Primary and secondary delammatum of a (+301/ 903/ +301)T lammate plane vtew
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FIG. 11—Primary and secondary delamination of a (£30,/905/ % 30,); laminate: edge view.

FIG. 12—Delamination arrested by adhesive strips.
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ADHESIVE STRIPS

"w 4

FIG. 13—Final failure of a (+30,/905/ ¥ 30,); laminate.
into Eq 5 yields

o _dE
2E? d(a/b)

(7

The term dE/d(a/b) can be either determined from an E-versus-a/b curve of
test coupons or calculated from an equation such as the one shown in Ref 6 (Eq

1.04
a
=
®
< 0.8
-
o
€
7]
-
S 0.6
2 . ADHESIVE STRIP
H BOUNDARY
£
£
< 047
a —_—— - —— -
-]
(7}
N
'cE‘v 0.2 A WITHOUT ADHESIVE
5 X WITH ADHESIVE
2

0 T T T T T T T T T T T TITTy T 1177
103 104 105 106 107

Fatigue Cycle, N
FIG. 14—Delamination-cycle relationship for (£35/0/90), laminates, with and without adhesive.
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Normalized Delamination Length, a/b

1.04

0.8 1

0.6 ADHESIVE STRIP

0.24

NO FAILURE

BOUNDARY

-5 WITHOUT ADHESIVE
X WITH ADHESIVE

T T T T T T T T T T T T T
103 104 105 106 107

Fatigue Cycle, N

FIG. 15—Delamination-cycle relationship for (£30,/90,/ %30,); laminates, with and without

adhesive.

4 to Ref 6). The expression for G indicates that G increases as E decreases.
Hence, for a constant load, G is not independent of a/b.

Mixed-Mode Delamination [nitiation and Growth

Configurations 1 and 3 of the (+35/0/90), laminate were used to investigate
the strain-energy release rate variations at each different interface. The delami-
nation length in the finite-element model was three times the thickness of the

Delamination Growth Rate, da/dN

10-4
TESTCOUPONS

105 )

o

o
10-6 °

v
107
10-8
109 A

103 104 105 106 107 108 109

Cycles

FIG. 16—Fatigue delamination growth rate versus cycles for (£35/0/90), AS4/3501-6.
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10-4

TEST COUPONS
8 a °

10-6

107

10-8

Delamination Growth Rate, da/dN

103 104 105 106 107 108 109
Cycles

FIG. 17—Fatigue delamination growth rate versus cycles for (£30,/90,/ +30,); AS4/3501-6.

ply. and the laminate width was approximately six times the thickness of the
laminate. The material constants used in this study were as follows:

AS4/3501-6, GrRAPHITE/EPOXY ADHESIVE LAYER, FM 1000

E, = 133 GPa (19.3 Msi) E, = 1.45 GPa (0.210 Msi)

E, = 11.2 GPa (1.62 Msi) E, = E, ’

G,; = 7.03 GPa (1.02 Msi) G, = E\20 + v

v, = 0.288 v = 0425

ty, = 0.137 mm (0.0054 in.) t = 0.137 mm (0.0054 in.)

For analysis purposes, the adhesive strip thickness was assumed to be the same
as a ply thickness of graphite/epoxy. In the finite-element model, the adhesive
strip was modeled as two layers of elements.

The results, shown in Fig. 18, indicate that the highest G, component for both
the (£35/0/90), and (%35/0/adhesive/90), laminates occurs at the 0/90 and
adhesive/90 interfaces, respectively. The highest total strain-energy release rate
is at the +35/ — 35 interface for both laminates. From the test, as shown in Fig.
9, the delamination is located at the 0/90 and adhesive/90 interfaces for Con-
figurations 1 and 3, respectively. It is suggested, therefore, that the G, component
controls the start of delamination, not the total G, for both static and fatigue
loading. Mall et al [9] showed that while the debond growth rate was controlled
by total G, the debond location was determined by maximum G,. However, the
exact physical mechanism is still far from known.

Effect of Adhesive Strips in Laminates

In this section, Configuration 2, which has an interior strip, is discussed.
Delamination was placed at the interface between the O and 90-deg plies in
accordance with the test observation. The results of Mode-1 strain-energy release
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FIG. 18—Strain-energy release rate at various interfaces of (+30/0/90), and (+35/0/AD/90),
laminates.

rate (G,), normalized by the total strain-energy release rate (Gy), are depicted in
Fig. 19. It is shown that there is no difference in G,/G; for laminates either with
or without adhesive strips, except when the delamination approaches to within
approximately four ply thicknesses away from the adhesive strip, at which point
G/Gy is decreased. In addition, the G is fairly constant for the laminates with
and without adhesive strips. The reduction in G,/G; is due primarily to the
presence of the low-modulus adhesive strip. This should explain the retardation
of the delamination growth.

Conclusions

Adhesive strips have been successfully demonstrated to be effective delami-
nation arresters for both matrix-dominated and fiber-dominated laminates. De-
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1.2
1.0 |
»~ —
|
0.8 — 1
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Normalized Defamination Length, a‘h

FIG. 19—Effect of strain-energy release rate for laminates with and without adhesive.

lamination arrestment depends upon reducing the percentages of the G, component
in the total strain-energy release. The delay in delamination growth results in a
significant increase in fatigue life for matrix-dominated laminates. For both (*30,/
90,/ ¥30,); and (%35/0/90), graphite/epoxy laminates, the delamination growth
rate decreases as the number of fatigue cycles increases. From test observation,
it is suggested that the start of delamination for both static and fatigue loadings
is due to the highest G, in the laminate, not the total G. In fact, there is no real
delamination arrest, but only a reduction in the delamination growth rate. How-
ever, if the delay of delamination propagation is sufficiently long, the use of
delamination arrester strips will provide a degree of fail-safety capability and
meet the damage tolerance and durability requirement.
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ABSTRACT: The primary damage mode in a notched pultruded composite rod in rotating
bending fatigue was found to be fiber-matrix debonding which originated at the notch root
and extended along the length of the specimen. At stress amplitudes equal to or greater
than 35% of the tensile strength of the material, debonding was followed by tensile rupture
of the fibers at or near the notch, resulting in catastrophic failures of the specimens. At
lower stress amplitudes; the slow growth in debonding resulted in a gradual inctease in the
dynamic deflection of the specimen. The static flexural stiffness ratio of a fatigue-damaged
specimen to that of an undamaged specimen was found to be a reasonable measure of
damage due to fiber-matrix debonding.

KEY WORDS: pultruded rod, unidirectional composite, rotating bending fatigue, damage
mechanism, debonding, catastrophic failure, dynamic deflection, static stiffness ratio

Pultrusion is a continuous molding process used in the production of fiber-
reinforced composite structural shapes. Since the major constituent in a pultruded
composite is longitudinal, continuous fibers, its tensile strength-to-weight ratio
(specific tensile strength) is comparable to or even higher than many steels and
aluminum alloys. For this reason, pultruded composites are finding use in many
high-volume structural applications, such as ladder rails, light poles; beams, and
joists.

Static tensile properties of pultruded composite materials are routinely reported
in the product literature published by the manufacturers [/]. Halsey et al [2]
have evaluated the static tensile strength, modulus of elasticity, flexural modulus,
and stress rupture properties of various pultruded rod materials in relation to their
use in guy lines and insulating rods for large communication towers and antenna
arrays. In these as well as many other structural applications, fatigue behavior
of the pultruded composites must be known for their safe design.

In long-life fatigue tests (say, greater than 10° cycles), fiber-reinforced com-

' Associate professor, professor, and student, respectively, Department of Mechanical Engineering,
University of Michigan-Dearborn, Dearborn, MI 48128,

197

Copyright® 1986 ASTM International www.astm.org


http://www.astm.org

198 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

posite materials are known to fail in a progressive manner through gradual de-
terioration (damage development) in the material [3,4]. Similar behavior was
observed in preliminary fatigue tests with commercially available pultruded com-
posite rods. For these materials, it is better to establish an S-N curve by defining
fatigue life (failure) in terms of some specific measure of damage growth. In the
present work, dynamic deflection during the fatigue test and residual static stiff-
ness after the fatigue test are considered as measures of fatigue damage in pul-
truded composite rods containing continuous unidirectional fibers. Relationships
between these two measurable quantities and fatigue damage are explored.

Procedure
Test Specimen

The 12-mm-diameter pultruded rods contain continuous E-glass fibers, 75%
by weight, in a thermosetting polyester matrix. The tensile strength of the rod
material is approximately 690 MPa [5]. Test specimens were 102 mm long with
a sharp V-notch (X, = 5) machined at the midlength. Specimen dimensions
appear in Fig. 1.

Test Method

Cyclic fatigue tests were performed on a rotating bending fatigue machine. A
schematic of the fatigue machine and the loading arrangement is shown in Fig.
2. In this arrangement, the length of the specimen between the collets plus the
length of the tailstock form a 241-mm-long cantilever beam. Thus, when a load
is applied at the end of the tailstock, there is a linear variation of bending moment
along the ungripped length of the specimen, Fig. 3. Since the ungripped length
is only 42 mm, the difference in bending moments at the two ends of the specimen
is 20%. At the onset of each fatigue test, the position of a poise weight is adjusted
on the calibrated loading arm to obtain the desired maximum bending stress level
at the minimum cross section of the specimen. As the specimen is rotated by the
drive spindle in the headstock, every point on each conceptual cross section on
the specimen experiences an alternating cyclic stress (R = —1); however, the

602
Headstock Side \< > Tailstock Side
6.3mm -

- \\; - T — :EXE l; .5 nm
b M t
— 33mm —o|-—18mm-+— 24mm—-|-.— 27mm —wd

102 mm

-
Fiber Direction

FIG. 1—Notched fatigue specimen,
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SPECIMEN TAIL DIAL
MOTOR HEAD STOCK IGAGE
(1/4 np) ST‘OCK COLLET COLLET 1

TAILSTOCK BEARING

THUMB
SCREW

=

FIG. 2—Schematic of a rotating bending machine.

LOAD LOADING ARM LIMIT SWITCH

magnitude of this stress amplitude depends linearly on the distance from the
neutral axis.

Nominal stress amplitudes at the notch root ranged from 72 to 290 MPa
(approximately 10% to 42% of the tensile strength). Cyclic frequency was 10
Hz. In all fatigue tests, stress cycling was accompanied by a gradual increase in
deflection of the specimen. In preliminary fatigue tests at long lives involving
approximately ten specimens (S, = 72, 96, and 121 MPa) this deflection limit
was preset by adjusting the position of a calibrated screw attached to the tailstock.
As the predetermined limit of deflection was reached, the lower end of the screw

E} SPECIMEN TAIL STOCK
HEAD

i —

STk A~ X
~1

LOAD

M M = BENDING MOMENT AT THE
MINIMUM CROSS SECTION

(b)

FIG. 3—Bending moment and stress distribution in the specimen: (a) bending moment; (b) stress
distribution.
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contacted a cutoff switch which stopped the machine. The test was then continued
by resetting the screw to a new limit.

In subsequent fatigue damage tests at S, = 145, 193, 241, and 290 MPa, the
deflection at the end of the tailstock was continuously measured by means of a
dial indicator (with a minimum division of 0.025 mm) positioned vertically above
the tailstock bearing. A second dial indicator was used to measure the horizontal
runout. Each test in this series (which included approximately 40 specimens)
was conducted for a predetermined number of cycles. The deflection at the
tailstock bearing and the vertical runout were recorded periodically. After un-
loading the specimen at the end of cycling, the specimen was slowly reloaded
in five steps up to a maximum static stress level of 99 MPa. Static deflections
at these stress levels were recorded. The slope of a least-squares fit straight line
through the deflection points was compared with the slope of a similar line for
the undamaged specimen. The ratio of the slopes of these two lines is defined
herein as the static stiffness ratio.

The fatigued specimens were then sectioned longitudinally using a diamond
saw. The crack lengths on both sides of the V-notch were measured using a
stereomicroscope at a X 7 magnification.

Results
Fatigue Damage Mechanism

The first visible sign of fatigue damage was a circumferential crack at the
notch root. When the fatigued specimens were sectioned longitudinally, internal
debonding cracks were evident. These debonding cracks originated from the root
of the circumferential crack and proceeded toward each collet along the length
of the specimen, Figs. 4 and 5. Sectioning across the cross section revealed that
debonding occurred around a core of material approximately of the same diameter
as that at the notch root; however, from uneven crack lengths on either side of
the notch in Figs. 4 and 5, it is clear that crack growth is not uniform across the
periphery of the core.

Debonding cracks were found even at the end of the first cycle at all four
stress amplitudes ranging from 145 to 290 MPa. Crack length measurements for
various stages of cycling revealed that the debonding crack growth was pro-
gressive, Figs. 6 and 7. For any given cycle, however, the crack length on the
headstock side of the specimen was greater than that on the tailstock side. This
difference in crack lengths is due to higher bending stresses on the headstock
side of the specimen.

The debonding cracks in the specimens are followed by a number of longi-
tudinal cracks in the shell surrounding the debonded core, due to differential
flexing of the core against the shell. These secondary cracks also originated at
the root of the circumferential crack and progressed toward the grips, as sche-
matically shown in Fig. 8. The density of these cracks was a function of the
stress amplitude, while their length depended on the number of cycles endured.
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(a) at N = 1000 Cycles

(b) at N = 40,000 Cycles
FIG. 4—Internal debonding cracks (D) at 193 MPa.

At S, = 240 and 290 MPa, the debonding and secondary cracks are followed
with catastrophic tensile rupture of the longitudinal fibers near the V-notch;
however, the transverse cracks did not always originate at the tip of the V-notch,
Fig. 5. At 290 MPa, catastrophic failure was observed at as low as 425 cycles;
however, the variability in this material is evident in that three other specimens
failed in a similar manner at 950, 2050, and 2250 cycles, respectively. At 240
MPa, catastrophic failure was observed in three specimens at 2650, 4300, and
6700 cycles, respectively; however, two other specimens tested for S000 and
6000 cycles did not fail catastrophically. Another specimen tested at 240 MPa
ran for more than 5 X 10° cycles in the preliminary fatigue test without cata-
strophic failure; in this case, however, the debonding crack extended well into
the gripped area.

Dynamic Deflection

At low stress amplitudes (S, = 72, 96.5, and 121 MPa), no appreciable in-
crease in dynamic deflection occurred in tests conducted as long as 5 X 10°
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FIG. 5—Internal debonding cracks (D) and transverse cracks (T) at 290 MPa.
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OEBONDED CORE

-
CRACKS IN THE SHELL

-—
FIBER DIRECTION

FIG. 8—Schematic representation of cracks in notched pultruded specimen in rotating bending
Sfatigue.

cycles. For example, one specimen tested at 72 MPa showed a deflection of only
0.4 mm in the preliminary fatigue test even after 121 X 10° cycles. At higher
stress amplitudes, the rate of increase in deflection increased as the stress am-
plitude was increased. Figure 9 shows the deflection at the bearing of the tailstock
as a function of log (fatigue cycles). For convenience, data in this figure represent
the deflection at the last cycle in each test; however, deflection data collected
periodically during the cycling of each specimen indicate the same trend. At 240
and 290 MPa, the deflection increased at an accelerated rate after 100 to 1000
cycles and failed in a catastrophic manner with a sudden increase in deflection.
At 145 and 193 MPa, no catastrophic failure was observed in tests conducted as
long as 107 cycles. In these tests, the deflections continued to increase gradually.

Static Stiffness Ratio

The static flexural stiffness ratio of fatigued specimens to that of undamaged
specimens is plotted in Fig. 10 as a function of log (cycles). For stress amplitudes
of 241 and 290 MPa, the stiffness ratio could be determined only for those
specimens which did not fail catastrophically. The stiffness ratio decreases con-
tinuously with increasing number of cycles, indicating a continuous growth of
overall damage in the specimen. For a given cycle, the fatigue damage, as
measured by the debonded crack length, is greater at higher stress amplitudes.
This has resulted in the lower static stiffness ratio with increasing stress ampli-
tudes.

The static stiffness ratio is also plotted as a function of percent debonded crack
length in Fig. 11. Percent debonded crack length is the percentage ratio of the
total mean debonded crack length to the total length of the specimen between
the grips. As mentioned earlier, the stiffness ratio decreases with increasing
debonded crack length. It is also evident from this figure that the stiffness ratio,
when related to the debonded crack length, is independent of the stress amplitude
for practical purposes. Apparently, at all stress amplitudes, internal debonding
is the primary mode of damage which caused the reduction in static stiffness.

Conclusion

The present study has shown that progressive changes in the dynamic deflection
and the static stiffness ratio are related to fatigue damage in pultruded composite
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rods. However, the static stiffness ratio, as defined herein, is subject to consid-
erable experimental scatter, apparently due to variability in the material as well
as in the cracking configuration. Thus, although classical S-N curves can be
drawn for various fixed levels of static stiffness ratio, extensive testing is required
to establish these S-N curves. From the results of the present tests, it is observed
that there exists a threshold stress amplitude differentiating progressive failure
(progressive damage) from catastrophic failure. In the case of pultruded composite
rods, this threshold stress amplitude is between 193 and 240 MPa. If the load-
carrying capacity of a structure is important in design, any stress level above
this threshold stress amplitude must be avoided.

The static stiffness ratio decreases to very low values (approximately 0.25) at
long lives even at moderate stress amplitudes (S,/S, = 0.3). Thus, if deflection
is an important parameter in design, it appears that S, must be kept well below
145 MPa.
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ABSTRACT: The tension fatigue behavior of unidirectional composites has been studied
using model composites where bundles of E-glass and T300 graphite fibers were combined
with ductile and brittle epoxies. Model specimens allowed one to monitor and identify the
basic failure mechanisms which are difficult to detect in real composite coupons. Fatigue
failure modes and the sequence of damage accumulation depended on the stress level.
Matrix microcracks between fibers normal to the applied load were subcritical failure
mechanisms which occurred early during fatigue in both glass and graphite bundles. In
graphite fiber bundle, they were initiated at the interface along the fibers and were rather
isolated. These microcracks were not deleterious in that they neither triggered fiber failures
nor grew bridging the fibers. At medium and high cyclic stresses, degradation of the glass
as well as the graphite bundle in the form of fiber failures was observed. In glass specimens,
extensive interfacial failure and matrix cracking followed while in graphite bundles matrix
cracking occurred close to the zones of accumulation of fiber breaks. At low stress levels,
only matrix microcracking and few scattered fiber failures were seen.

KEY WORDS: unidirectional composites, glass/epoxy, graphite/epoxy, fatigue failure
mechanisms, failure modes, damage accumulation, fiber bundles

Several recent works addressed differences in damage accumulation between
glass/epoxy and graphite/epoxy composites [/-5]. In both materials, failure in
low-cycle fatigue resembles static fracture. In high-cycle fatigue, however, fa-
tigue failure modes are different from static ones because of the higher fatigue
sensitivity of matrix and interface [6—9]. The observation of transverse matrix
cracks and a fatigue limit strain of composite being approximately equal to that
of the matrix suggests a matrix-dominated failure in glass/epoxy [7,2]. On the
other hand, the similar fatigue degradation of dry and impregnated glass bundles
indicates a fiber-dominated failure [3]. Thus, it is not clear yet which constituent
triggers failure of unidirectional composites in fatigue.

Fatigue ratios of graphite/epoxy composites are higher than those of glass/
epoxy composites as a result of lower strain capability of graphite fibers [4—6].
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In the former, fracture is sudden with most of the damage accumulating in the
last few loading cycles [4,5]. The difference in damage accumulation between
these two materials is also evidenced by differences in stiffness and strength
reductions in fatigue [1,5,10].

The objective of the present study was to identify subcritical and critical failure
mechanisms and damage accumulation during fatigue of unidirectional glass and
graphite composites. The study was accomplished by using model specimens
which enabled the progressive accumulation of individual failure modes to be
monitored, eliminating edge effects and tab failures usually encountered in fatigue
testing of real composites. Specimens included a single bundle and a single layer
of bundles embedded in either a ductile or a brittle epoxy resin. The static
behavior was previously determined to have available baseline information re-
garding the failure mechanisms. During fatigue, failure modes were identified
and correlated with material behavior. Permanent strains were measured during
testing in order to assess the character of constituent fatigue failure. Fractographic
analysis of fracture surfaces was carried out to locate fracture sources and to
study the fracture propagation pattern.

Experimental Procedure
Materials

Two Diglycidyl ether of bisphenol A based epoxy systems were used as matrix
materials. The Epon 815/Versamid 140 (60/40 by weight) formulation presents
higher ductility than the Epon 828/Epon Z (80/20 by weight) formulation. How-
ever, the latter shows an ultimate strength almost twice as high as that of the former.
Table 1 shows neat resin data from tension tests of the ASTM Test Method for
Tensile Properties of Plastics (D 638-76) dogbone Type I specimens run at 5
mm/min. A more detailed characterization of the mechanical behavior of the
resins in static and fatigue environments has been reported elsewhere [11,12].

Two different fibers were used. The first was E-glass 433-AE133 bundles
supplied by Owens Corning Co. This has a surface finish compatible with
polyester resins. The other choice was T300 graphite fibers supplied by Union

TABLE 1—Mechanical properties of resin systems [11,12].

Property 815/V140 828/Z
Young’s modulus, GPa 2.130 3.450
Ultimate point

stress, MPa 45.490 85.370

strain, % 4.000 5.000
Failure point

stress, MPa 36.200 82.900

strain, % 14.000 9.000

Poisson’s ratio 0.390 0.400
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Carbide Co. Thus, differences in fatigue behavior between glass and graphite
could be delineated and the effect of the weaker interfacial strength of the glass
fibers could be assessed. ’

The glass bundle contains 204 fibers of nominal diameter 13 pm. It has a
rectangular cross section approximately 1 mm wide and 0.2 mm thick. The
graphite strand has a cylindrical cross section with a diameter of about 1.2 mm.
This consisted of 3000 filaments of nominal diameter 7 pm. The bundles were
used as received.

Specimens

Two different types of specimens were fabricated. One consisted of a single
bundle (E-G1, SB and T300, SB) of fibers embedded in the matrix material. The
other had a single layer of bundles with spacing between them approximately
equal to a bundle diameter: Glass layer specimens accommodated ten bundles
(E-G1, 10B) while graphite layer specimens had seven bundles (T300, 7B) due
to the larger size of the graphite strand.

Dogbone Type I specimens 4 mm thick were used for single-bundle model
composites. For single-layer composites, a new dogbone was designed in ac-
cordance with the recommendations of the ASTM Recommended Practice for
Constant Amplitude Axial Fatigue Tests of Metallic Materials (E 466-72T). This
had a gage section 30 mm long by 12 mm wide with a grip-to-gage width ratio
of 3 to prevent grip failures. The bundles were centered at specimen cross section
(Fig. 1).

Preparation of the single-bundle specimens was reported in Ref /3. Single-

FIG. 1—Bundle and layer model specimens of graphite fibers in ductile epoxy.
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layer specimens were similarly fabricated [/4]. After preparation, specimens
were stored in the laboratory environment until testing.

Test Methods

Static tests were run on an Instron machine while fatigue tests were performed
on a 2000-1b (900 kg) MTS hydraulic testing machine.

Static tests were run at a crosshead speed of 5 mm/min (initial loading rate = 20
MPa/s). Load-controlled tension-tension fatigue tests were run at a constant
loading rate of 100 MPa/s. The applied load had a sinusoidal waveform. The
frequency was adjusted in order to maintain the same loading rate at different
maximum fatigue stresses. All fatigue tests were run at a stress ratio R = 0.1.
During testing, ambient temperature was kept constant at 24°C.

Longitudinal strains were measured by an Instron extensometer model G-51-
11 with 25.4-mm gage length and 10% maximum strain. Residual elongations
during fatigue were measured from the output of the linear variable differential
transformer (LVDT) of the MTS machine. At regular intervals fatigue testing
was stopped and the residual displacement upon complete unloading was recorded
after a short recovery (2 to 4 s). This deformation was then converted to strain
within the gage length by using a calibration curve established separately. Dy-
namic elongations were monitored throughout the test on a HP 1740A oscillo-
scope.

Instron grips with fine teeth were used for static tests of Type I dogbones.
They were also used in fatigue tests of ductile matrix specimens. With brittle
epoxy specimens, however, Instron grips with ductile aluminum plates glued on
were used to prevent grip failures [/2]. Single-layer specimens were tested using
specially designed holders with V-wedge grips. In this case, the surface of the
grips was filed down to prevent early grip failures.

During testing, specimens were monitored through a plane polariscope using
white light. This helped monitor the deformation process, identify zones of
accumulation of fiber failures, and detect crack initiation. Also, a portable Zeiss
stereo optical microscope ( X 8— X 100) was used for microscopic inspection with
normal and polarized lights. Tested specimens were microscopically inspected
under normal and polarized lights on the Zeiss stereomicroscope and a Leitz
optical microscope (X 50— X 200). Fracture surfaces were examined also by a
scanning electron microscope (SEM).

Different angles between the light beam and the fiber bundle were used on
the stereomicroscope in order to distinguish fiber breaks, matrix cracks, and
interfacial failure. Illumination along the fiber bundle allowed identification of
fiber breaks, while the light beam normal to the bundle enhanced detection of
interfacial damage. Microcracking of the matrix between fibers could be detected
by using various angles of incidence between these two extreme positions.
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Resuits
Bundle Specimens

Figure 2 shows typical stress-strain relations for single-bundle specimens. The
static fracture process has been reported elsewhere [/3] and will only be briefly
summarized here. Results applicable to both resin systems have been condensed
in Table 2. Note that static fracture of glass specimens resulted from the overload
of the matrix due to bundle failure. On the other hand, in graphite specimens,
fracture was the result of the bundle failure.

Fatigue tests were run at different stress levels until specimen failure or runout
(completion of the first million cycles). In those cases in which imminent failure
was detected, tests were interrupted before specimen fracture. Figure 3 shows
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FIG. 2—Static stress-strain relations for bundle specimens: (a} ductile resin; (b) brittle resin.
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TABLE 2—Static failure processes of single-bundle composites.

Fiber Strain Level Failure Mode
E-glass below 2% no fiber breaks or matrix damage
2% to 3% matrix microcracks among fibers normal to
applied load
isolated fiber breaks followed by interfacial
failure
3% to 3.5% isolated zones of transverse accumulation of
fiber breaks
3.5% to 5% transverse accumulation of fiber breaks followed
by interfacial failure and matrix cracking
above 5% complete failure of bundle at one or more zones
of clustered fiber breaks
extensive interfacial failure and matrix cracking
among fibers growing from bundle failure
fracture of specimen by a transverse matrix
nucleated in matrix
bundle pullout and no flow of matrix
T300 below 0.8% no fiber breaks or matrix damage
0.8% to 1.3% small matrix cracks along fiber/matrix interface
scattered fiber failures
above 1.3% sudden transverse accumulation of fiber breaks
that lead to specimen failure
fracture source at bundle failure
no plastic deformation of matrix
no bundle pullout
815/v140 828/2
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FIG. 3—S-N relations of bundle specimens.
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S-N relations for the different materials. Also indicated in each case is the straight-
line fit

S =5 — 8" (ogN) (1)

where § and N are the maximum fatigue stress applied to the specimen and the
number of cycles to failure, respectively, and §' and S” are constants.

An F or an M next to each data point indicates whether specimen fracture
resulted from bundle failure or a transverse crack growth in the matrix. In the
latter case, initials SC and IC further stand for crack initiation at a specimen
surface and within the specimen, respectively.

Table 3 summarizes the least-square estimators of §" and §”. Mean values of
static strength are included for comparison as well as the fatigue stress at runout
given by Eq 1 as percentages of §’.

In 815/E-G1, SB and 815/T300, SB specimens, large cycle-dependent creep
strains were recorded even at low applied stresses (Fig. 4). These combined with
the cyclic components exceeded the failure strain of the fibers. Pure epoxy
specimens under similar loading conditions showed creep strains as high as 6%
depending on applied loads [/2]. In graphite specimens, creep strains were below
these values; however, glass specimens presented larger permanent strains. Large
creep strains were the result of resin necking at the point of bundle failure.

The S-N relation of 815/E-G1, SB specimens showed a larger rate of degra-
dation than that of pure epoxy specimens tested at similar loading conditions
[12]. In 815/T300, SB specimens—even though the rate of degradation is lower
than that of pure epoxy specimens—there was only a very slight reinforcing effect
due to the incorporation of the graphite bundle. No runouts were observed with
single-bundle specimens of ductile resin while the epoxy itself was run out at a
cyclic stress of about 20 MPa [/2].

In 815/E-G1, SB specimens, fibers started to fail during cycling because of
the increasing applied strain. Accumulation of fiber breaks occurred rapidly,
leading finally to complete bundle failure as in the static case. Failure was not
the effect of fatigue degradation of the glass fibers but rather their static overload.
Final fracture of the specimens occurred at a section where the bundle had failed.
At that section, matrix overload accelerated the initiation and growth of a crack

TABLE 3—Parameters of S-N curves of model composites.

X, s, MR 5310%/8’
Specimen MPa MPa MPa %
815/E-G1, SB 43.25 43.48 6.40 11.68
815/T300, SB 28.02 27.35 2.60 42.96
828/E-G1, SB 80.97 68.62 7.83 31.54

828/T300, SB 57.07 62.82 5.24 49.95
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FIG. 4—Permanent strain versus number of cycles in bundle specimens.

normal to the applied load. As previously mentioned, localized necking was
observed near the fracture region.

In 815/T300, SB, failure was also the result of static fiber breaks. In this
case, lower fatigue stresses were registered in both low- and high-cycle regions
due to the lower strain capability of graphite fibers compared with glass fibers.
As in glass specimens, fiber breaks accumulated very suddenly in a cross section,
leading to specimen fracture, the broken bundle being the fracture source. How-
ever, small zones of accumulation of fiber breaks were also observed along the
bundle. It should be noted that in specimens statically tested, fiber breaks were
localized only at the fracture section.

In both types of specimens, matrix cracks appeared between the fibers after
the first load cycle. They were normal to the applied load and nucleated in regions
of densely packed fibers. Comparative inspection under the stereomicroscope
showed that the size and density of cracks were larger in glass specimens.
Furthermore, in graphite specimens microcracks were preferentially at the fiber/
matrix interface. In no case did these cracks grow either to fracture or to bridge

the fibers.
In graphite specimens shear-assisted matrix cracks appeared at medium and



218 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

low stresses next to the zones of accumulation of fiber breaks and grew from
them along the fibers {9]. This type of cracking was not observed in static
specimens, however.

~ The lack of appreciable creep in the brittle resin resulted in different failure
modes. Here, creep strains were lower than those of the ductile resin specimens
(Fig. 4) and close to those of pure epoxy specimens [/2].

The S-N relation of 828/E-G1, SB followed closely that of the brittle epoxy
since the addition of the glass bundle had negligible effect on specimen fracture.
Specimen failure was the result of a transverse crack in the matrix that propagated
cutting the bundle.

On the other hand, in 828/T300, SB specimens a reinforcing effect appeared
mainly because graphite fibers reduce the load carried by the matrix, prolonging
its life. In this case, failure was fiber-controlled in low-cycle specimens while a
high-cycle specimen failed as a result of a matrix crack. Isolated fiber breaks
were observed mostly along the graphite bundle with no zones of transverse
accumulation.

Matrix microcracking was also observed in brittle resin specimens. Cracking
was extensive in glass specimens while it could hardly be detected along graphite
bundles. Furthermore, for a given material combination, matrix cracking was
more extensive in specimens tested in the low-cycle region.

Layer Specimens

Figure 5 shows the static stress-strain relations for layer specimens. Static
fracture processes are summarized in Table 4. Note that even in glass specimens
creep of the matrix has disappeared, Fig. 6. As in single-bundle specimens, final

100%

Stress, MPa

|s1s
E—GI, 108 o | o
T300, 7B r- .
) 1
) 1 2 3 4
Strain, %

FIG. 5—Static stress-strain relations for layer specimens.
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TABLE 4—Static failure processes of single-layer composites.

Fiber Strain Level Failure Mode
E-glass below 1.2% no fiber breaks or matrix damage
1.2% to 2.5% matrix microcracks among fibers normal to

applied load
isolated fiber breaks followed by interfacial failure
2.5% to 3.6% isolated zones of transverse accumulation of fiber
breaks followed by interfacial failure and
matrix cracking
3.6% to fracture transverse accumulation of fiber breaks followed
by interfacial failure and matrix cracking
complete failure of bundle at this location
initiation of a transverse matrix crack that
propagated, cutting remaining unfailed bundles,
and led to specimen fracture
bundle pullout; pullout length shorter than in
single-bundle specimens
no plastic flow of matrix

T300 below 0.8% no fiber breaks or matrix damage
0.8% to 1.2% matrix microcracks along fibers
scattered fiber breaks with no interfacial damage
transverse accumulation of fiber breaks at several
positions along bundles with no matrix cracking
or interfacial failure
1.2% to fracture sudden transverse accumulation of fiber breaks
that led to bundle failure at one location in one
bundle
initiation of unstable matrix crack with failed
bundle as fracture source
fracture of remaining bundles and specimen
failure
no plastic deformation of matrix
no bundle pullout

fracture was the result of a crack growth in the resin accelerated by failure of a
bundle. However, in layer specimens bundle failure occurred only at one section.
In graphite specimens, failure of one of the bundles triggered the failure of the
specimen. Here, a matrix crack originating at a failed bundle cut the remaining
unfailed bundles. The aforementioned failure behavior was independent of the
type of the resin.

Figure 7 shows the S-N relations for the different layer combinations where
the straight-line fits given by Eq 1 are included. Linear regression estimators for
layer specimens are listed in Table 5. The same convention used for bundle
specimens was also applied in this case to identify fracture sources.

Fracture of glass specimens was the result of a transverse crack propagation
in the matrix. The crack nucleated on an external surface at a section where fiber
breaks started to accumulate, overloading the matrix. A region of stable crack
growth surrounded the fracture source. This was limited by a boundary defining
the initiation of unstable growth.
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TABLE 5-—Parameters of S-N curves of model composites.

X s, s”, $(10%)/8’,
Specimen MPa MPa MPa %
815/E-G1, 10B 51.86 71.27 8.16 31.30
815/T300, 7B 80.96 84.36 4.39 68.79
828/E-G1, 10B 93.98 102.77 10.43 39.08
828/T300, 7B 97.56 118.08 8.52 56.71

On the other hand, fracture of graphite specimens was due to a matrix crack
originating at a bundle break. As in static specimens, the stress concentration on
the matrix surrounding a bundle break initiated a matrix crack that cut the re-
maining bundles. The fracture surface revealed no stable crack growth. The only
exception to this behavior was found in one 815/T300, 7B specimen cycled at
60 MPa for 420 000 cycles. A microscopic inspection of its fracture surface
revealed that a matrix crack originated at an impurity within the matrix next to
a zone of accumulation of fiber breaks.

Fiber breaks were detected along the glass and graphite bundles in ductile and
brittle resin specimens. For a given reinforcement, the ductile resin specimen
presented a larger number of fiber breaks than the brittle resin specimen cycled
at the same initial strain level. This was also the case in specimens statically
tested where fewer fiber breaks resulted in fewer acoustic emissions [/4].

In 815/E-G1, 10B specimens tested at 40 and 50 MPa, isolated fiber breaks
appeared during the first load cycle. Upon further cycling, more fibers failed
randomly along the bundle and zones of transverse accumulation of fiber breaks
appeared. Figure 8 shows such a zone where it is also possible to distinguish the
interfacial damage that extended away from the fiber failures. The interfacial
yielding grew along the fibers during cycling.

Similar specimens tested at 20 and 30 MPa showed only a few isolated fiber
breaks that appeared during cycling. No fiber breaks were detected after the first
load cycle in these specimens. Also, interfacial damage was not so extensive as
in the specimens cycled at higher stresses.

In 828/E-G1, 10B specimens, a similar fracture sequence was observed. Fiber
breaks started to accumulate during the first load cycle in specimens tested at
high stresses (70 and 80 MPa). Thereafter, fiber breaks accumulated at one or
more sections, and the specimen fracture followed. At medium stresses (60 and
50 MPa), isolated fiber breaks appeared during cycling. In the runout specimen,
no fiber breaks were detected along the bundles.

Brittle resin specimens cycled at medium and high stresses showed interfacial
damage in the form of debonding extending from the broken fiber ends. This
was more extensive at higher stresses. However, debonding did not grow much
during cycling.

Matrix microcracks were observed between the glass fibers in ductile and
brittle-resin specimens at all stress levels. More extensive microcracking occurred
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FIG. 8—Accumulation of fiber failures in 815/E-G1, 10B specimen cycled at 40 MPa. White dots
are fiber breaks. Note interfacial damage growing from the zone of accumulation of fiber failures.

in the specimens tested at medium cyclic stresses. Microcracks appeared normal
to the applied load in regions where fibers were closely packed. They were
similar to those observed in static specimens. No growth or coalescence of these
cracks into a main crack was observed. Rather, they remained stable or, unlike
the static case, grew by Mode II in the matrix along the fibers. Figure 9 shows
amicrocrack lying in a polished cross section of a static 828/E-G1, 10B specimen,
Here, the crack surface is normal to the fibers. On the other hand, Fig. 10 shows
a side view of a polished bundle in an 828/E-G1, 10B specimen cycled at 50
MPa. Here, the microcrack nucleated at the fiber/matrix interface, and has turned
and started to grow in the matrix along the fibers.

Graphite specimens also presented fiber breaks along the bundles. As in glass
specimens, the graphite bundles embedded in the ductile resin showed more fiber
breaks at the same strain level than those embedded in the brittle resin.
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FIG. 9—Scanning electron microscope (SEM) photomicrograph of a matrix microcrack in a
polished cross section of statically tested 828/E-G1, 10B. The plane of the crack is normal to the
fibers and the applied load ( X 5000).

At high stress levels, zones of transverse accumulation of fiber breaks were
observed in both ductile- and brittle-resin specimens. The accumulation occurred
rapidly, and the specimen fracture followed in a few loading cycles. Figure 11
shows localized zones of fiber breaks along the graphite bundles in these spec-
imens.

At medium stresses, isolated fiber breaks appeared during cycling. Upon further
cycling fiber breaks accumulated at several points along the bundles. Figure 12
shows two zones of fiber breaks in graphite bundles embedded in the ductile
resin. Unlike Fig. 11a, the matrix cracking here has progressed along the fibers
away from the broken ends. This type of cracking was seen to originate at the
larger zones of fiber breaks probably because of the high shear stresses imposed
on the matrix. At points where only a few fiber breaks were close together, no
matrix cracking was observed.

Brittle-resin specimens tested at medium stress levels showed only isolated
fiber breaks without large zones of accumulation. Also, no shear-assisted matrix
cracking, as observed in the ductile matrix, could be found along the bundles.

Runout specimens of both resins showed a few isolated fiber breaks without
any accumulation across the bundles.



224 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

FIG. 10—SEM photomicrograph of shear growth of a microcrack in an 828/E-G1, 10B specimen
cycled at 50 MPa (X 3500).

Matrix microcracking was also present between graphite fibers. Figure 13
shows glass and graphite bundles where microcracks can be seen. As in glass
specimens, microcracking was more extensive at medium stress levels. Com-
parison of the cracks in glass and graphite bundles under the stereomicroscope
indicated larger crack size in glass specimens.

Discussion

In order to compare the behavior of the different specimens tested, a strain-
life diagram was obtained (Fig. 14). Here, the maximum strains were obtained
by dividing the maximum cyclic stresses by the corresponding longitudinal moduli
obtained in static tests [/4]. Since the effect of loading rate was neglected [11,12],
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(a)

FIG. 11—Accumulation of fiber breaks in graphite bundles at high stress levels. (a) 815/T300,
7B: S = 80 MPa, N = 12 cycles (X 100). (b) 828/T300, 7B: S = 100 MPa, N = 144 cycles
(x100).
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FIG. 12—Accumulation of fiber breaks in graphite bundles embedded in ductile resin at medium
stress level § = 60 MPa (X 100). Note matrix cracking growing from the fiber failures.
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the calculated strains overestimate the actual strains applied. Only layer specimens
have been considered in this diagram because the failure of bundle specimens
involved considerable creep. .

Strain-life relations for each fiber type follow closely the same trend inde-
pendent of the matrix material. Straight-line fits of the data are indicated in the
figure for each fiber type. Based on the linear fits, a fatigue degradation of 67%
over one million cycles is registered in the glass specimens while only 35%
occurs in graphite specimens over the same number of cycles.

In Fig. 14 three regions are indicated which characterize the failure behavior
previously described. In Region I, with strains larger than 2% and 1.1% in glass
and graphite specimens, respectively, fatigue failure resembles static failure.
Fiber breaks appear during the first loading cycle and accumulate very rapidly
leading to specimen fracture.

In Region II the failure process is progressive. A few fiber breaks and matrix
microcracks appear initially but they are not critical. Upon further cycling, dam-
age accumulates slowly; more microcracks, isolated fiber failures, and zones of
transverse accumulation of fiber breaks across the bundles appear. The amount
of damage suffered by the fibers depends on the applied strain: the higher the
strain, the more microcracks and fiber breaks. Brittle-resin specimens show fewer
isolated fiber breaks and fewer zones of fiber break accumulation with less
interfacial degradation. Thus, stress concentration is more effective in breaking
neighboring fibers in the brittle resin.

Region III corresponds to runouts. Only a few scattered fiber breaks are seen
with little matrix microcracking. During cycling damage progression is very slow.

Restrictions imposed by the fibers to the matrix deformation are suspected to
be one of the reasons why matrix cracks occur at lower strains than would be
expected from the bulk behavior. In uniaxial testing of neat ductile epoxy speci-
mens, cracks nucleated around a strain of 14%. In that case, the state of stress
is almost uniaxial with a triaxial state of strain due to Poisson’s effect. However,
the matrix between fibers in a composite is subjected to a highly triaxial state of
stress which results in a more uniaxial state of strain in the direction of fibers
than in the neat resin. The components of strain in a cross section normal to the
fibers are on average only about 10% of the longitudinal strain.

To investigate the effect of the state of strain upon epoxy failure strains, ductile
epoxy specimens with a gage section 12 mm long by 71 mm wide were prepared
with three different thicknesses. The epoxy specimens were glued to steel plates
which were connected by one pin to the testing machine. Tension load was
transmitted to the specimen mainly by shear stresses through the adhesive layer
with no transverse pressure at the grips. Tests were run at a loading rate of 5
mm/min. Results in Fig. 15 show that failure strains are reduced considerably
as the uniaxial state of strain is approached. For the largest thickness tested, the
failure strain amounts to only 0.70%.

Total strains during fatigue exceeded at least 0.80% for all material combi-
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FIG. 13—Matrix microcracks in layer specimens. (a) 815/E-GI, 10B: S = 30 MPa, N = 28 000
cycles (X 100). (b) 815/T300, 7B: S = 60 MPa, N = 4]7 353 cycles ( X 100). (c) 828/T300, 7B:
S = 80 MPa, N = 23 607 cycles ( x 100).
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FIG. 13—Continued.

nations [/4]. Thus, uniaxial strain conditions promoting matrix cracking between
fibers are believed to exist in composites.

Despite the incorporation of several bundles, none of the layer specimens show
stable growth of matrix cracks between bundles. As suggested in Ref 8, the
maximum microcrack dimension is of the order of a fiber diameter. The reason
is that since the crack opening displacement is constrained by the fibers, there
is not much driving force to extend microcracks. Moreover, the higher stiffness
of graphite fiber allows lower stresses to be carried by the matrix, and hence
smaller cracks are observed in graphite specimens.

The lack of matrix cracks on the external surfaces of actual composite spec-
imens under fatigue [8,10] can be explained by the difference between the state
of stress inside the composite and that in the surface layer. As explained pre-
viously, a uniaxial state of strain exists in the matrix between the fibers inside
the composite. However, the surface layer is two to three fiber diameters thick
and is primarily under a uniaxial state of stress. Thus, a larger stress is required
to nucleate a crack on the external surface than inside the composite.

Conclusions

The following conclusions can be drawn from the present study:

1. Fatigue failure of glass and graphite fibers was observed with a larger
fatigue degradation in glass. Fewer fiber breaks and fewer zones of transverse
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accumulation of fiber breaks appeared in brittle-resin specimens. Yet, the ductility
of the resin has negligible effect on the fatigue degradation of the fibers.

2. Extensive matrix cracking normal to fibers appeared along glass and graph-
ite bundles as a result of the lower strain capability of the resin under the state
of stress prevalent between the fibers. In ductile-resin specimens matrix cracking
was more extensive. The growth of matrix damage along the fibers was induced
by high shear stresses and was more extensive in ductile-resin specimens because
of the lower strength of the matrix. In graphite specimens matrix cracks grew
only from large zones of accumulation of fiber breaks. In glass bundles, micro-
cracks joined with interfacial failure to grow in a shear mode.

3. No matrix cracks grew normal to the applied load because the crack opening
displacement was limited by the fibers. Yet, the effect of these cracks on fracture
of the adjacent fibers needs to be better understood.

4. In unidirectional composites, fiber break and matrix cracking will be the
dominant failure mechanisms during fatigue. Since matrix cracks are not dele-
terious to the fibers, a fiber-dominated fracture is prone in both glass and graphite
composites. In high-strain composite systems such as glass composites, however,
extensive longitudinal splitting is likely due to the growth of microcracks along
the fibers.
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ABSTRACT: Two fundamental processes govern the reduction of strength and stiffness
of composite laminates caused by cyclic loading, commonly called the ‘‘fatigue effect.”’
One process is the reduction of the strength and stiffness of the individual constituent
materials in the composite, caused by events such as localized nonconservative deformation,
microcrack formation, and substructure variations. This process is essentially the source
of the ‘‘fatigue effect”” homogencous materials, except that macrocrack formation and
fracture dominated by a single crack generally does not occur as a consequence of this
process in composite materials. In laminated composites there is another fundamental
process which plays a major role in determining residual properties. That process is the
damage-dependent redistribution of load sharing among the plies of the laminate caused
by the continuous variation of the elastic stiffness properties of each ply induced by mi-
crodamage development in those plies. Experience suggests that this process is critical and,
in some cases, dominant in the determination of the residual strength and life of a laminate
under cyclic loading. This paper addresses the experimental and analytical aspects of this
fundamental process. The results of the present work indicate that strain (and stress) re-
distributions in regions of highly localized damage are large and significant. The general
nature of these redistributions has been established, which provides the first firm foundation
for the formulation of the philosophy needed to interpret these physical damage states in
terms of residual strength and life.

KEY WORDS: composite materials, laminates, fatigue, localization process, transverse
(matrix) cracking, delamination, stress redistribution, characteristic damage state

The rate of growth of the use of composite materials in engineering components
has exceeded the predictions of nearly everyone. The breadth of applications is
equally surprising, ranging from medical prosthetic devices to sports equipment
to automotive parts, including heavy-duty springs and pistons, to high-perform-
ance aircraft structures. The safety and reliability of these components depends
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on the long-term strength, stiffness, and life of the composite materials from
which they are made under conditions which usually involve loads that vary in
time. Despite this fact, there is no general model or even a cogent philosophy
based on physical observations of microdamage that can be used to predict the
residual strength of such materials under long-term fatigue loading. Such a me-
chanistic model must be based on a well-defined generic damage pattern which
controls the initiation of the final fracture event. The authors, and their colleagues
in the Materials Response Laboratory at Virginia Tech, have identified what is
believed to be one such pattern which is thought to control the local stress state
that initiates the final fracture event under tension loading for many common
polymeric matrix multiaxial composite laminates subjected to fatigue damage
caused by tension and compression loading [/]. A fundamental mechanics prob-
lem associated with this problem is discussed in this paper. It is the problem of
two cracks, one in each of two orthotropic plies of a laminate, which cross at a
point on the interface between the plies as a result of the difference in orientation
of the two plies. The question of the nature of the stress state in the region of
the intersection is addressed in this paper.

Analysis

The analysis used in this investigation is based on a structural theory developed
by Pagano [2]. This structural theory was developed by assuming that the in-
plane stresses for a layer of material vary linearly through the thickness of the
layer. Equilibrium considerations determine the order of the variations through
the thickness of the remaining stress components. Substitution of these functional
forms for the stresses in Reissner’s variational principle yields a system of 23
algebraic and linear first-order partial differential equations in the two in-plane
coordinates that describe the constitutive behavior, equilibrium conditions, and
interlaminar continuity conditions for a single layer. In addition, the seven con-
jugate pairs of boundary conditions that must be specified at each edge are
determined. The dependent variables are force, moment, and shear resultants,
interlaminar stresses, and through-the-thickness weighted averages of displace-
ments for a layer. A brief description of the crossed-crack problem and the solution
technique is presented below. A more detailed description will appear in another
paper.

The specific problem under consideration here is that of a [0,90,]; graphite/
epoxy laminate with uniformly distributed transverse cracks in the 90-deg plies
and uniformly distributed longitudinal splits in the O-deg plies subjected to a
unidirectional tension load. Both sets of matrix cracks are assumed to be infinite
in length in the fiber directions of their respective plies. The transverse cracks
are spaced every 2a units, while the longitudinal splits are spaced every 2b units.
For simplicity, the cracking is assumed symmetric about the midplane. The
laminate stress state can be characterized by one quadrant of the volume bounded
by planes through two adjacent transverse cracks and two adjacent longitudinal
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splits. One such quadrant is shown schematically in Fig. 1. In the analysis, only
half of the quadrant, which is symmetric about the midplane, was considered.

One half of the [0,90,]; laminate was modeled as two layers——an interior 90-
deg ply of thickness 24, and an exterior 0-deg ply of thickness /4. The application
of stress-free conditions at the outer surface, stress and displacement continuity
of the interface, and symmetry about the midplane reduces the number of equa-
tions to 38. The elimination of algebraic equations further reduces the governing
equations to a system of 32 linear first-order partial differential equations and
32 unknowns. This system can be written in matrix form as

d 3 _
([X] Py 7 + [C]> {u} = {0} (1)

where {u} represents the set of dependent variables. By applying the coordinate
transformations

r= 2 -1
a
s = 2_b)_z -1
Eq 1 becomes
d d
([X] (2/a) — + [Y]1(2/b) — + [C]> {u} = {0} (2)
or ds

FIG. 1—Schematic representation of the idealized crossed crack problem.
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In addition, a total of 44 edge-type boundary conditions must be satisfied.
In order to obtain an approximate solution to the problem described above,
the following for m for {u}

m

{u} = > > Hul; Tdr) T,()) A3)
i=0j=0

where 7,(g) is a Chebyshev polynomial in g of order &, is substituted into Eq -
2 and into the boundary conditions. Here a few comments about Chebyshev
polynomials are in order. The Chebyshev polynomials are a set of orthogonal
polynomials on the interval [ —1,1] with respect to the weight function [1 —
q*] "% That is

1
f [1 — q*1"'" Tq)T;(q)dq = 0ifi#j
-1

The effect of the term [1 — ¢?]~'/? is then to bias the inner product so that the
boundary regions are given extra importance. This feature is ideal for the solution
of boundary-layer problems, as is the one under consideration here. The first
five Chebyshev polynomials are

To(q) = 1

Ti(q) =q

Ty(q) = 2¢* — 1

Ts(q) = 4¢° — 3¢
T.q) = 8¢q* — 8¢% + 1

The derivative of a Chebyshev polynomial can be expressed in terms of lower-
order Chebyshev polynomials. Upon substitution of Eq 3 into Eq 2, grouping
terms involving identical-order polynomials are both r and s, and setting each
of these coefficients to zero simultaneously, asetof 32(m + 1)(n + 1) algebraic
equations is obtained. Upon substituting Eq 3 into the boundary conditions, a
set of 22(m + n + 2) algebraic equations is obtained. Since there are only
32(m + 1)(n + 1) coefficients in the expansion for {u}, this complete system
of algebraic equations is overdetermined.

What remains is to solve a linear least-squares problem in order to get a *‘best
approximation’’ to the coefficients in the expansion for {«}. In order to insure
that the boundary conditions are satisfied, the algebraic equations developed from
the boundary conditions are multiplied by a large constant. The solution technique
uses a series of orthogonal transformations to transform the overdetermined sys-
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tem of equations into an upper triangular form. The solution of this set of upper
triangular equations is in fact the least-squares solution for the overdetermined
system [3].

The material under consideration was graphite/epoxy. The following material
properties were used:

E“ = 130 GPa E22 =972 GPa E33 = 9,72 GPa

0.308 vi; = 0.308 vy, = 0.492

Viz

G, = 5.39 GPa Gi; = 5.39 GPa Gy = 3.25 GPa

The lamina thickness used was 2 = 0.127 mm. The crack spacing in the 90-
deg plies was 2a = 0.635 mm and in the 0-deg plies, 2b = 1.59 mm. The
applied axial strain was 1.0%. Chebyshev polynomials of order 5 and higher
were dropped from the series expansion (that is, m = n = 4 in Eq 3).

Experimental Procedure

A panel of [0,90,], graphite/epoxy was fabricated from Hercules A5/3501-6
prepreg tape. The scrim cloth ordinarily used as a mild release leaves a cloth-
textured impression in the surface of the cured panel. Such a surface is not well
suited to the application of a diffraction grating and subsequent moiré measure-
ments. In order to obtain a smooth surface, a sheet of trifluoroethylene was used
as a mold release on one side of the panel. Specimens 254 mm long and 25.4
mm wide were cut from the panel. The nominal thickness was 0.81 mm.

Tension-tension fatigue loading was used to develop damage in the specimens.
Specimens were cycled at 10 Hz with a maximum stress of 0.80, [0, = 634
MPa] and a stress ratio of R = 0.1. A 50.8-mm clip-on type extensometer was
attached to the specimen and, during cycling, a microcomputer was used to
monitor dynamic secant modulus. Jamison [4] has observed that the secant
stiffness history of a [0,90,], laminate provides a good indication of the damage
development within the laminate. Secant stiffness was used as a control parameter
such that when a specified decrease in stiffness was achieved, the test was halted.
Penetrant-enhanced X-ray radiography was then used to verify that the desired
damage state had in fact been attained.

After cyclic loading, a diffraction grating was applied to the smooth surface
of each specimen. The diffraction gratings used here were crossed gratings, and
had a frequency of 1200 lines/mm. These gratings were produced by exposing
a photographic plate to two beams of collimated coherent light that intersect at
a particular angle [5]. The two beams of light interfere with each other such that
exposed and unexposed regions of the photographic plate effectively form a
grating of the desired frequency. Two such patterns at right angles to each other
constitute a crossed grating. After the photographic plate is developed, the dif-
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ferent shrinkage properties of exposed and unexposed photographic emulsion
results in a set of ridges furrows in the surface which form a phase grating. This
surface is treated with a Kodak Photo-Flo 200 solution, sputter-coated with
aluminum, and then used as a mold for a plate grating. The specimen is ‘‘bonded”’
to the grating using an epoxy adhesive. After the epoxy has cured, the photo-
graphic plate is removed, and an impression of the surface is left in the epoxy
which is attached to the specimen. The aluminum is transferred with the epoxy
and increases the reflectivity of the grating.

Moiré interferometry was then used to measure nonuniform deformation near
damage events. The moiré technique involves interfering two collimated, coherent
beams of light that are diffracted by a grating on the specimen [5]. Deforming
the specimen changes the frequency of the grating, and thus the orientation of
the two diffracted beams. The interference of these two beams results in a fringe
pattern, where the fringes are contours of constant relative displacement. The
moiré apparatus used in this investigation is shown schematically in Fig. 2. The
series of elements up to the collimating mirror (6) provides a beam of collimated,
coherent light. A beamsplitter (7) is used to divide this beam into two parts. Part
of the beam passes through the beamsplitter and is reflected by a mirror (8H)
and is directed toward the specimen-mirror assembly. Part of this beam is dif-
fracted by the specimen (10) directly, and part of this beam is reflected onto the
specimen by a mirror (9H). These two diffracted beams are collected by the
camera lens (11). The associated interference pattern provides contours of trans-
verse displacements. The beamsplitter (7) also directs a beam of light to an
identical collection of elements (8V, 9V, and 10). This second light path is used
to determine longitudinal displacement contours. Thus, the system shown is
capable of measuring both in-plane displacements. For this particular configu-
ration, resolution is 2400 fringes per millimetre of displacement.

Results and Discussion

During the fatigue life of a [0,90,]; graphite/epoxy laminate, several stages
of damage development can be identified. The first stage is the development of
the characteristic damage state (CDS). For this relatively simple laminate, the
CDS consists of a set of uniformly spaced transverse cracks in the 90-deg plies.
These cracks extend through the thickness of all four interior plies. The next
stage of interest is the development of longitudinal splits in the 0-deg plies. (We
will ignore the development of fiber fractures for the purpose of this discussion.)
The first of these splits develop near the specimen edge. Small strips of 0-deg
material near the edge break away from the bulk of the laminate, and effectively
carry no load. This process is reflected by a sudden decrease in specimen stiffness.
Eventually, longitudinal splits also develop in the interior of the laminate, and
grow along the laminate length. After sufficient growth of these longitudinal
splits, small interior delaminations develop near crossing points of longitudinal
splits and transverse cracks [4]. These internal delaminations grow with continued
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FIG. 2—Schematic diagram of the moiré apparatus.
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cyclic loading, and this delamination growth is also reflected by decreasing
laminate stiffness. A section of a radiograph of a severely damaged [0,90,],
specimen is shown in Fig. 3. Note that there are several relatively uniformly
spaced transverse cracks in the 90-deg plies, as well as two longitudinal splits
in the zero-deg plies. Examination of a stereo pair of radiographs revealed that

FIG. 3—A section of an X-radiograph from a [0,90:], laminate exhibiting advanced damage
development.
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the larger split was on the smooth side of the specimen which was studied via
moiré interferometry. Deformations in this region were studied and compared to
predicted deformation.

Figure 4 is a longitudinal moiré fringe pattern observed in the central part of
the region depicted by Fig. 3. The fringes represent contours of the longitudinal
moiré displacement field resulting from the application of a net stress of 173
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FIG. 4—Longitudinal moiré pattern obtained from a region of advanced damage development in
a {0.90.], laminate.
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MPa. The fringes are relatively uniformly spaced, and give little indication of
the damage state of the specimen. One disturbance in the fringe pattern, a band
of fringes that are apparently more closely spaced than the surrounding fringes,
is indicated by an arrow. It was subsequently determined that this disturbance
was in fact associated with a transverse crack in the interior plies. Note that there
is no significant irregularity in the fringes near the longitudinal split. Figure 5
is the distribution of longitudinal displacement determined from the fringe pattern
along the section marked A-A in Fig. 5. This section crosses several transverse
cracks. The displacement varies nearly linearly with position, though the plot
exhibits several slight irregularities. One of these irregularities, indicated by an
arrow, is associated with the disturbance in the fringe pattern that was mentioned
previously. The data in Fig. 5 were used to determine the net longitudinal strain.
The laminate stiffness was found to be 43.4 GPa. A similar analysis of moiré
data from an undamaged specimen yielded a stiffness of 52.5 GPa. A stiffness
reduction of 17.4% is indicated. The longitudinal displacement field predicted
by the analysis is shown in Fig. 6. The displacement is plotted over one repre-
sentative quadrant of the laminate (see Fig. 1). Note that the displacement dis-
tribution is essentially uniform. The analysis predicts that neither the longitudinal
split (at y/b = 1.0) nor the transverse (at x/a = 1.0) has a significant effect on
the longitudinal displacement. This is consistent with the experimental results.
Figure 7 is a transverse moiré fringe pattern, again observed in the region
depicted by Fig. 3. In this case, the fringes represent contours of the longitudinal
displacement resulting from the application of a net stress of 338 MPa. Two
comments about this fringe pattern are in order. First, the transverse displacement
is discontinuous across the longitudinal split. This can be determined by consid-
ering fringes on either side of the split. The apparent fringe order difference
determined along a section that crosses the split is different from that determined
along a section ahead of the split tip. To accurately assign fringe orders, the
initial assignment must be done ahead of the split tip. The remaining fringe orders
can then be easily determined. The second comment is that the transverse de-
formation indicated by the fringe pattern is quite large. Using the moiré results
directly, a Poisson’s ratio of 0.15 is calculated. Using a biaxial strain rosette, a
Poisson’s ratio of 0.031 is measured. This second value is consistent with laminate
analysis predictions. The discrepancy is a result of a rotation of the mirror
assembly (9H in Fig. 2.) about the load axis upon load application. The transverse
field is very sensitive to such a rotation. A rotation of 0.001 rad induces a fictitious
transverse strain of 0.083% [6]. A direct analysis of Fig. 7 indicates a strain of
~0.12%. It was assumed that Poisson’s ratio for the damaged laminate was
0.031, and the uniform excess strain induced by the rotation was subtracted from
the data in the fringe pattern. The resulting displacement distribution along the
section marked A-A in Fig. 7 is present in Fig. 8. The split is located at ap-
proximately the zero position. Note that near the split, where the O-deg ply is
free to contract, the transverse strain is relatively large. These regions of large



HIGHSMITH AND REIFSNIDER ON LOAD DISTRIBUTION 243

E-2 H-III-J-2-6

1.60
P 1.49L 1
€
v

1.20 1
r_
5 | 4
W .00 i
()
9 9.8} 1
g
“n 0.60f h
-
a | ]
, 0.49
5 I ]
X 8.29

8.09 -

2.00 1.00 2.09 3.00 4.90

POSITION Cmm)

FIG. 5—Longitudinal displacement distribution determined along a section of the longitudinal
moiré pattern.

U (mm)

FIG. 6—Predicted distribution of longitudinal surface displacement over a representative quad-
rant.
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FIG. 7—Transverse moiré partern obtained from a region of advanced development in a
[0.90,], taminate.

transverse strains occur over zones within about 0.5 mm of the split. The predicted
displacement field is shown in Fig. 9. The total contraction across this section
exceeds the net laminate contraction, which indicates that the transverse dis-
placement is discontinuous across the longitudinal split. A large displacement
gradient is predicted in the region within about 0.35 mm of the longitudinal split.
This dimension is comparable to that determined via moiré interferometry. Vir-
tually all of the transverse contraction is predicted to occur within this zone, and
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FIG. 8—Transverse displacement distribution determined along a section of the transverse moiré
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in a region beyond this zone, small tensile transverse strains are predicted. This
feature of the predicted displacement field was not observed experimentally.
However, this discrepancy may be a result of the somewhat imprecise method
used to account for the rotation of the mirror assembly. Generally the agreement
between theory and experiment is quite reasonable, especially in light of the

FIG. 9—Predicted distribution of transverse surface displacement over a representative quadrant.
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relatively simple two-layer mode! for a symmetric half of the laminate used in
the analysis.

We have seen so far that the analysis provides reasonable predictions of the
in-plane surface displacements near the crossing point of a transverse crack and
a longitudinal split. With this verification of the analysis, we consider now some
of the internal stresses predicted by the analysis. Of particular interest are those
stresses that influence the subsequent development of fiber breaks in the O-deg
ply and delamination at the 0/90 interface. The distribution of longitudinal stress
o, in the O-deg ply near the 0/90 interface is shown in Fig. 10. This stress is
increased by about 8% near the line at the transverse crack in the adjacent 90’s.
Such a concentration of stress would influence the breaking of fibers by causing
fibers to break preferentially along transverse crack lines in the adjacent ply.
This is in agreement with experimental data obtained by Jamison [4]. Note that
the predicted distribution of longitudinal stress shows little sensitivity to the
longitudinal split. Figure 11 is a plot of the predicted distribution of interlaminar
normal stress o in the damaged material. The interlaminar normal stress is seen
to reach a large tensile value near the transverse crack line. While the transverse
crack dominated the geometry of the distribution, the longitudinal split causes a
70% increase in o along the line of the transverse crack. Here, some interaction
between the two damage events is indicated. The predicted distribution of the
interlaminar shear stress 7. is shown in Fig. 12. Again, the geometry of the
distribution shows that the strongest influence on this stress is that of the transverse
crack. A maximum value is reached at a small distance from the crack line.
There does appear to be an increased value of 7,. at a small distance from the
longitudinal split, but this interaction is not a strong one. The distribution of the
interlaminar shear stress 7,. is shown in Fig. 13. This stress reaches its maximum
absolute value at the point x/a = 0.7, y/b = 0.8, which is slightly displaced
from the crossing point of the longitudinal split and the transverse crack. Here,
considerable interaction of the two damage events is seen, and the two events
seem to have nearly equal influence on the distribution. The three interlaminar
stress distributions all have extrema near the crossing point, which suggest that
such crossing points are preferred sites for internal delamination development.
This is consistent with Jamison’s observations [4].

One final experimental result is considered. The transverse moiré fringe pattern
from an area containing an internal delamination is shown in Fig. 14. The
corresponding applied axial strain is 0.4%. The delamination is a thumbnail-
shaped region near a longitudinal split, and is indicated by rather closely spaced
curved fringes. The fringes are most closely spaced near the delamination front,
which indicates that transverse strains are particularly large there. An analysis
of the fringe pattern (again, rotation of the mirror assembly must be taken into
account) reveals that the net transverse strain across the delamination 1s about
—0.135%, while the remote strain is about —0.012%. The ratio of these strains
is very nearly the same as the ratio of the Poisson’s ratio of the 0-deg ply
(v;> = 0.308) to the Poisson’s ratio of the laminate (v,, = 0.031). The delam-
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FIG. 14—Transverse moiré pattern near an internal delamination in a [0,90,]..

ination is a region where the transverse constraint ordinarily imposed on the O-
deg ply by the interior 90-deg plies is relaxed. It is especially important to note
that without the longitudinal split and the discontinuity in transverse displacement
that it affords, such a relaxation of the transverse constraints would not be
possible.
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Conclusions

Based on the specific results cited above, we make the following observations.

1. The approximate laminate analysis suggested by Pagano based on Reissner’s
variational theorem can be used to analyze micro-damage patterns in composite
laminates. The results of such an analysis have been verified by experimental
measurements.

2. Matrix cracks in adjacent plies of different orientation which cross at the
ply interface create a region of significantly increased interlaminar normal and
shear stress around the intersection point.

3. The stress fields of the two intersecting cracks appear to interact to produce
a disturbance greater than the superposition of the two effects.

4. Local delamination at the crack intersection further redistributes the local
stresses by relaxing the constraint of the deformation in one ply by the resistance
of differently oriented fibers in an adjacent ply (formerly bonded to it). This
relaxation is made possible by the presence of matrix cracks (longitudinal splits
in the present case).

5. The present findings are consistent with the idea that the region of crossed
cracks becomes a region of highly localized and increased stress during the
development of damage, and could provide the initiation point for specimen or
component fracture.

Many issues are yet unresolved, even with respect to the damage pattern
addressed here. But it is hoped that the present analysis and experience will
provide one more stone in the foundation on which a mechanistic model of the
strength of damaged laminates will be built. Indeed, the authors believe that
some of the architecture of that structure is suggested by the present results.
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ABSTRACT: The present work examines in a systematic way the development of micro-
damage in several laminates of graphite/epoxy material subjected to both quasi-static tensile
loading and tension-tension fatigue. Emphasis is placed upon discriminating and quantifying
matrix and fiber microdamage. Penetrant-enhanced standard- and stereo X-ray radiography
were used along with edge replication to follow the progression of matrix damage. The
recently developed technique of laminate deply was used to map the development of fiber
fracture.

The most significant result, confirmed in both the quasi-static and fatigue tests, was the
dominant role played by off-axis ply cracks in the fracture of fibers in adjacent load-bearing
plies. By direct observation of fiber fractures in situ, it was established in both cases that
fiber fractures do not occur in a random pattern at elevated loads/cycles, but instead occur
in narrow bands adjacent to off-axis ply cracks. It is the action of these crack tips upon
adjacent fibers which may govern the wearout or overload of laminates under these con-
ditions.

By direct accounting of fiber fractures in deplied laminae taken from damaged but unfailed
laminates, the relationship between the density of fiber fractures and the number of cycles
at one cyclic stress level is reported. The relationship between fiber fracture density and
quasi-static stress level is reported as well.

For the quasi-statically loaded specimens, efforts to characterize and discriminate between
fiber fracture and transverse ply cracking on the basis of acoustic emission (AE) amplitude
distribution are described. Correlations between attributes of the AE amplitude distribution
and the established damage extent and chronology are reported. Common assumptions
regarding the contributions of these distinct damage modes to acoustic emission from
laminates under tensile loading are discussed in terms of the present evidence.

Finally, in comparing damage resulting from quasi-static tension loading of cross-ply
laminates with that observed in tension-tension cyclic loading of laminates of similar
graphite/epoxy material, microdamage modes unique to fatigue are identified and discussed.
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damage, ply cracking, fiber fracture, edge replication, stereoradiography, deply, acoustic
emission

' Assistant professor, Mechanical Engineering Department, United States Naval Academy, An-
napolis, MD 21402.

252

Copyright® 1986 ASTM International www.astm.org


http://www.astm.org

JAMISON ON FIBER FRACTURE AND PLY CRACKING 253

Fiber-reinforced composite materials may be unique among the classes of
materials in their complexity of failure. In seeking to understand failure and
thereby predict residual properties of strength, stiffness, and fatigue lifetime it
is necessary to confront the complexity of the prefailure damage state. Specifi-
cally, it is necessary to follow the incipience, growth, and coalescence of discrete
damage modes in order to define the functional relationships between observed
damage and residual properties. The present work examines in a systematic way
the development of microdamage in several laminates of graphite/epoXxy material
subjected to both quasi-static tension loading and tension-tension fatigue. Em-
phasis is placed upon discriminating and quantifying matrix and fiber micro-
damage by both physical and nondestructive evaluation (NDE) techniques.

Procedure

Specimens for fatigue testing were fabricated from NARMCO T300/5208
prepreg material. Specimens for static testing were fabricated from Fothergill
and Harvey T300/Code 91 prepreg. The Code 91 resin is similar in composition
and properties to the 5208 resin but has a lower cure temperature. Specimens
measuring 203 mm long and 25 mm wide with stacking sequences [0,0], and
[0,90,], were used for both fatigue and static test series. Fiber volume fractions
were approximately 61% for both layups, and specimen thicknesses were ap-
proximately 0.6 and 0.9 mm, respectively. Fatigue testing was performed only
on the [0,90,], laminates in a tension-tension mode at 10 Hz in a sinusoidal form
and at a stress ratio R = 0.1. Maximum stress amplitude was 70% of the mean
static ultimate strength (S,,). Static tension testing was accomplished on both
[0,90,], and [0,0], laminates in a displacement-controlled mode at a strain rate
of 1.7 X 10-4s™",

Fatigue specimens were cyclically loaded to various stages of their anticipated
fatigue lifetime based upon a reduction in stiffness damage analog described in
a previous paper [/]. Static specimens were loaded to various fractions of the
mean ultimate strength and unloaded immediately. In both cases damage was
characterized by the nondestructive techniques of X-ray radiography and edge
replication and the destructive techniques of sectioning and deply. These methods
are described in detail in Refs 2,3, and 4.

For the static testing of both unidirectional and cross-ply specimens, acoustic
emissions were monitored. The system consisted of a wide-band piezoelectric
(PZT) transducer having a contact diameter of 25.4 mm. The transducer output
passed through a 60-dB preamplifier which contained a 100-Khz to 1-Mhz band-
pass filter into a modified AETC Model 203 amplitude analyzer. This system
covered an amplitude range from 20 pV to 20 mV at the sensor (26 to 86 dB
with respect to | pV at the sensor). The analyzer divided this range equally into
50 channels each of amplitude width 1.2 dB. The threshold of the instrument
could be raised above 20 wV and channels eliminated to filter some low-amplitude
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noise. In the present work channels 0-3 were excluded in this way, giving an
effective threshold of approximately 30 wV at the sensor.

The AETC system operated also as an event counter capable of distinguishing
one event from another provided there existed a dead time of at least 100 s
between successive events. For a typical pulse of 400 ps the system as modified
was intrinsically capable of registering 2000 events per second. Static testing
was accomplished at a low strain rate to stay within this limitation and avoid the
loss of information near failure when large count rates are generally observed.

Results and Discussion
Fatigue Damage Assessment

The assessment of damage development in [0,90,], laminates of T300/5208
material under tension-tension cyclic loading has been the subject of a previous
paper by the author [5]. Those results which specifically relate to transverse ply
cracking and fiber fracture will be repeated here as a basis for comparison with
static results to be presented in a following section.

The first damage which occurs during cyclic loading is cracking of the 90-deg
plies. For a stress amplitude of 70% S, approximately one half of the transverse
cracks which ultimately form in these laminates do so in the first half-cycle.
Cracks continue to occur at a diminishing rate with increasing cycles until a
saturation crack density is achieved. Beyond this point, additional cycles do not
produce additional transverse ply cracks. The development of cracks in the off-
axis plies of laminates subjected to tensile loading has been studied extensively
[6-10]. The development of a saturation spacing of cracks has been predicted
and observed [/ /]. This condition which imposes an upper bound on crack density
has been termed the ‘‘characteristic damage state’” (CDS) [12]. It has been shown
to be dependent upon the properties of each ply, the ply thickness, and the
stacking sequence, but independent of the load history [/3]. Figure 1 shows the
development of 90-deg ply cracks as a function of cycles for a typical [0,90,];
specimen. This figure also shows the associated reduction in the longitudinal
stiffness resulting directly from the formation of these cracks.

With continued cycling, longitudinal cracks develop in the O-deg plies. By
following the initiation and growth of this damage through stereo X-ray radiog-
raphy of progressively damaged laminates, these longitudinal cracks were seen
to initiate at existing transverse cracks and to grow along the O-deg ply fiber
direction very slowly in a fatigue fashion. This is in contrast to the development
of transverse ply cracks, which initiate and extend across the full specimen width
almost instantaneously. The existence of such longitudinal cracks has previously
been predicted and observed in glass/epoxy laminates [6]. They are particularly
likely to occur in tension loading of cross-ply laminates in which the large Poisson
mismatch between 0- and 90-deg plies produces large tensile transverse stresses
in the O-deg plies. The role of the 90-deg ply cracks in initiating longitudinal
cracks in graphite/epoxy cross-ply laminates has not, to the author’s knowledge,
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FIG. 1—Transverse crack density and normalized secant modulus versus fatigue cycles for a
[0,90,], laminate.

been previously described. Consideration of the stresses at the transverse ply
crack tips provides the explanation for this apparent damage coupling. For tensile
longitudinal loads on the laminate, the crack-tip stress parallel to the transverse
cracks are tensile. It is these local Poisson-related o, stresses produced at the 0/
90-deg interfaces which add to the global o, stresses in the 0-deg plies to produce
the initiation sites for longitudinal crack initiation. Longitudinal crack-tip stresses
normal to the ply are also tensile under tension loading of the laminate. Hence
at crossing points between transverse cracks in the 90-deg plies and longitudinal
cracks in the 0-deg plies the local out-of-plane stresses are additive and maximum,
Stereoscopic examination of [0,90,]; specimens in advanced stages of fatigue
damage development revealed that at some of these crossing points interior
delaminations had occurred. These delaminations could be attributed only to local
stresses since global out-of-plane stresses do not exist in the interior of the
laminate. This coupling of transverse and longitudinal cracks to produce interior
delamination is an important feature of fatigue in these laminates. Figure 2 is an
enlargement of a penetrant-enhanced radiograph of a [0,90,]; in an advanced
state of fatigue showing these dominant modes of matrix damage. An arrow
points to one interior delamination. Figure 3 is a schematic representation of the
way in which matrix damage is developed about the transverse ply cracks. The
important role of these cracks in initiating and localizing other modes of matrix
damage characterizes the matrix-related process of fatigue in these laminates.
Their influence upon fiber fracture in fatigue will be considered in a following
section.

Static Damage Assessment

Matrix damage in quasi-static tension loading of [0,90,]; is by appearance a
somewhat simpler matter than that associated with fatigue loading. Transverse
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FIG. 2—Radiograph enlargement of a fatigue damaged [0,90,], laminate.

ply cracks were the first damage observed with the first cracks developing at
loads above 30% of the mean ultimate strength. Figure 4 shows the relationship
between tension load and the observed density of cracks in [0,90,], specimens.
These are instantaneous measurements at specified loads. Measured crack dens-
ities did not achieve the equilibrium saturation spacing associated with the char-
acteristic damage state. The crack density at 100% S, was 38% lower on average
than the CDS prediction based on a one-dimensional shear lag analysis {/4].
This difference is attributable to the viscoelastic behavior of the resin matrix.
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FIG. 3—Schematic of damage localization pattern.

Even at very low strain rates there was insufficient time for complete crack
development to occur at a given load. At a constant load of 70% S, for example,
approximately 30 s was required for a stable crack density to develop. Because
one goal of the present work was to establish a correlation between transverse
ply cracking and acoustic emission measured during quasi-static tension loading,
the power-law relationship shown in Fig. 4 was taken to represent real-time crack

development under tension loading of these laminates.
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FIG. 4—Transverse crack density versus static tension load for [0.90.], laminates.
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Sections, both transverse and longitudinal, were prepared from specimens and
examined microscopically for evidence of resin cracking or disbonding in the
transverse plies as well as in the 0-deg plies. Even for specimens loaded above
100% S, no evidence of microcracking or disbonding was observed. The overall
state of resin damage resulting from quasi-static tension loading is provided by
a penetrant-enhanced radiograph shown enlarged in Fig. 5. This radiograph of
a specimen loaded to 100% S, exhibits only transverse ply cracks without the
accompanying longitudinal cracking or interior delamination seen previously to
be associated with fatigue loading of similar [0,90,], specimens.

FIG. 5—Radiograph enlargement of a statically damaged 10.90.], laminate.
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Fiber Fracture

The state of fiber fracture in fatigue and quasi-static tension loading was
examined next. The method of laminate deply [4] was used to ‘‘unstack’’ the
0-deg plies from laminates loaded cyclically for various fractions of anticipated
fatigue lifetimes, or statically to specified fractions of the mean ultimate stress.
Portions of these plies were examined in a scanning electron microscope (SEM)
and the average fiber fracture density was calculated by counting broken fibers
in a number of randomly chosen representative areas of dimensions approximately
3.5 by 4.9 mm. The process of deplying, if done with care, produces very few
fiber fractures. Average fiber fracture densities for virgin specimens were cal-
culated and used as a basis from which the true relationship between load or
cycles and fiber fracture could be determined.

Figure 6 shows this relationship for tension fatigue loading of [0,90,], laminates
at a stress amplitude of 70% S,,,. Fiber fracture density is seen to increase rapidly
during early cycles. Fiber fracture continues to occur with increasing cycles but
at a substantially diminished rate. Although the available data were not sufficient
to completely characterize this relationship, the existence of a plateau as shown
in Fig. 6 was suggested by examination of post-failure specimens. In these
specimens the fiber fracture density away from the fracture site was not observed
to be significantly larger than in prefailure measurements of similar specimens
at advanced life. While at the failure site rapid growth of fiber fractures must
occur, there is no evidence at this time to suggest that such a phenomenon occurs
on a global scale.

Fiber fracture density in quasi-static tension loading is shown in Fig. 7. At
loads below 70% S, there are essentially no broken fibers in excess of those
found in virgin specimens. At loads above this level, however, fiber fracture
density increases rapidly in an approximate power-law form. Thus, while a load
of 70% S, is not sufficient to produce a significant number of fiber fractures in

Fiber Fracture Density (mm=2)

1
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Percent of Fatigue Lifetime

FIG. 6—Fiber fracture density versus fatigue cvcles for {0,90-], laminates.



260 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

3
2 L

1

Fiber Fracture Density (mm™2)

L
T )

o N N N TR S R S N R
0 20 40 60 80 100

Load (o/o _S—u")

FIG. 7—F iber fracture density versus static tension load for [0,90,], laminates.

a quasi-static tension loading environment, repeated application of that load is
sufficient to produce a substantial number of broken fibers in a tension fatigue
environment. Accepting the general assumption that graphite fibers themselves
are not subject to fatigue failure [/9], one is left with evidence of the important
role of matrix microdamage and damage coupling in elevating the fiber stress to
a level sufficient to cause static fiber fracture in the fatigue case.

In the course of counting broken fibers in the load-bearing plies of fatigue or
statically damaged specimens, it was observed that fiber breaks in these cross-
ply laminates did not occur in a random pattern. They instead were localized
into distinct bands. Qutside of these bands very few fiber fractures were observed.
This was true of both fatigue and statically loaded specimens. Measurement of
the distance between adjacent bands revealed that the mean spacing corresponded
to the measured spacing between adjacent 90-deg ply cracks measured from
replicas and confirmed in radiographs. By the use of gold chloride as a marking
medium for transverse cracks in a procedure described fully in Ref 2, this as-
sociation between the location of ply cracks and the location of zones of fiber
fractures was confirmed. Figures 8 and 9 are SEM micrographs showing typical
examples of these fiber fracture patterns in fatigue-damaged and statically dam-
aged [0,90,], laminates, respectively. Figure 10 is a schematic representation of
the same patterns.

Related work [5] on fatigue-damaged [0, + 45]; and [0,90, £ 45], graphite/
epoxy laminates exhibited the same phenomenon. In all cases examined, fiber
fractures which occurred in any ply were localized and corresponded to the
location of cracks in adjacent plies. This localization and segregation of fiber
fractures reflect the strong and perhaps dominant role of off-axis ply cracks and
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FIG. 8—Micrograph of fiber fractures in a fatigue-damaged [0,90,], laminate.

their associated resin damage zones in controlling fiber fracture. It is the com-
bination of global stress and local stress concentration due to adjacent ply cracks
which dictates the density and distribution of fiber fractures in the load-bearing
plies of these laminates.

Fiber fractures in [0,0], laminates subjected to static tension loading were also
examined. In this case the fiber breaks which occurred were distributed in an
apparently random pattern. The density of these fiber breaks as a function of
load is shown in Fig. 11. Results for the statically loaded [0,90,], laminates are
repeated for comparison. Significant numbers of fiber fractures did not occur at
loads below approximately 70% Su.. The fiber fracture density then increased
rapidly with increasing load through laminate failure.

Inspection of Fig. 11 would suggest that the density of fiber fractures near
failure is substantially higher in the cross-ply laminate. While this may in fact
be true, the difference would be less than that shown. The method of counting
fiber fractures has undoubtedly exaggerated whatever real difference there may
be. In the cross-ply laminates fiber fractures were counted in the fiber layer
adjacent to the 0/90-deg interface and hence nearest to the crack tip. It has been
shown by the author in previous work [2,5] that the density of fiber fractures is
markedly diminished in fiber layers away from the 0/90-deg interface—70%
fewer only one fiber diameter removed from the interface in the case of fatigue.
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FIG. 10-—Schematic of the localized pattern of fiber fractures.
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FIG. 11—Fiber fracture density versus static tension load for [0,0], and [0,90,], laminates.

Although it is possible to remove fiber layers from the deplied laminae by the
application and careful removal of pressure-sensitive tape, the number of obser-
vations required to produce meaningful fracture density statistics precluded through-
thickness accounting. It is possible to conclude from this evidence only that fiber
fracture density observed at the interface is higher in cross-ply laminates than in
unidirectional laminates.

The potential significance of the ply cracking-fiber fracture relationship in
laminate failure and the obvious importance of fiber fracture in fiber-dominated
laminates poses an experimental challenge: Is there a nondestructive way in which
to characterize the onset and development of fiber fracture during tension loading
of laminates having stacking sequences and ply orientations not already char-
acterized by the tedious procedure of deply and fiber fracture accounting used
in the present work? The effectiveness of such an NDE technique ultimately
would hinge upon its ability to discriminate fiber fracture from the resin-related
damage modes which occur. In the present instance of [0,90,]; laminates of
graphite/epoxy, this would mean discriminating between transverse ply cracking
and fiber fracture.

Acoustic Emission Analysis

One NDE method which would seem to hold promise for such a purpose is
acoustic emission. Therefore, acoustic emissions recorded during tension loading
of [0,90,],, and [0,0], laminates were analyzed to seek correlations between
attributes of the AE pulses and the physical picture of damage development
described in the previous sections.

Figure 12 shows the cumulative acoustic emissions recorded during the tension
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FIG. 12—Cumulative AE counts versus load for a [0,90], laminate.

loading of a typical [0,90,], laminate to failure. The functional relationship is
suggestive of the damage relationships of Figs. 4 and 7. The absence of evident
fine structure, however, diminishes the usefulness of such a curve in discrimi-
nating between the principal damage modes which have been seen to occur in
this laminate.

Figure 13 shows the amplitude distribution of the acoustic emission in each
of six load ranges for a typical specimen. The load ranges used as a basis for
comparison of the AE amplitudes were defined as follows:

LOAD RANGE INDEX LOAD RANGE (% S,,)

I 0-30
2 30-60
3 60-70
4 70-80
S 80-90
6 90-prefailure

These load range references will be used throughout the succeeding discussion
of results. In load ranges | and 2, which together extend from no load to 60%
Su» the amplitude distribution is inclusive of channels 4-20. These are the load
ranges in which cracks are occurring prior to a significant amount of fiber fracture.
In load range 3 (60-70% S.,), ply cracking activity has increased and remains
the predominant active damage mode. The amplitude distribution for this load
range includes a small but significant number of events in channels 20-30. In
load range 4 (70-80% S.), where cracking continues and fiber fracture begins,
the amplitude distribution exhibits a small shift toward the channels in the range
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between 15 and 30. With increasing load in ranges 5 and 6 (80% S, —failure),
the amplitude distribution remains essentially unchanged. This is the load range
over which both damage mechanisms are operating simultaneously. (It should
be noted that range 6 includes events which occur prior to fracture but does not
include events which occur during the actual fracture process. This acoustic
emission of ‘‘rending’’ has been excluded in the present analysis.)

‘These patterns, which were observed when the acoustic emission was examined
by load range—although subtle—were highly repeatable. In the range of loading
over which transverse ply cracking is the dominant active damage mechanism
(30-70% S.,), the amplitude distribution is clearly not shifted to lower amplitudes
with respect to the distribution of amplitudes over the load range 70% S, —failure
when fiber fractures begin to occur. This phenonmenon is perhaps better seen
in a slightly different presentation of the same data used to produce the amplitude
histograms of Fig. 13. Figure 14 shows the relative distribution of events which
occurred in selected channel ranges as a function of load. The channel ranges
were chosen arbitrarily to be

RANGE NUMBER  CHANNELS INCLUDED

1 4-9
2 10-15
3 16-21
4 22-27
5 28-33
6 34-50

At low loads there are few total counts and the interpretation is not meaningful.
But as the first significant damage begins to occur at loads between 4 and 6 kN,
the share of events in the lowest channel range begins to diminish. In this range
(channels 4-9) are included spurious, low-amplitude background events which
occur independently of the load as well as a sizable number of the actual damage-
generated acoustic events. As channel range 1 decreases its share of the total,
channel ranges 2—5 increase their relative share of the total cumulative events.
This trend becomes significant at loads around 8 kN (approximately 65% Su)
when ply cracking becomes increasingly active. Significantly, the proportion of
events in the highest channel range is seen to begin to diminish at loads above
10 kN and to continue to diminish through failure. This is the load range over
which nearly all fiber fractures are occurring.

Such behavior is inconsistent with the assumption that fiber fracture is the
source of higher-amplitude acoustic emissions. Indeed as the rate of fiber fracture
is greater than the rate of ply cracking in the higher load ranges, it could be
concluded that transverse ply cracking is the principal contributor of the higher-
amplitude events and, in becoming proportionately a smaller fraction of the total
cumulative damage as load is increased, its higher-amplitude contributions to the
cumulative acoustic emission would likewise become proportionately smaller.
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These patterns were identified repeatedly in similar plots for other specimens
tested. In all cases, without exception, the proportion of events occurring in the
highest-amplitude range recorded during tension loading to failure of [0,90,],
laminates diminished as the specimen neared failure.

Figure 15 presents the amplitude distribution data for a typical [0,0], specimen.
The load ranges are the same as previously defined. Events occurring at low load
ranges are seen to principally populate channels in the range 4 to 22. In fact for
this and all other unidirectional specimens loaded to failure, event amplitudes
were generally below channel 25 for all load ranges. The shape of the distributions
showed little change with increasing load, and no shift to higher amplitudes was
observed. In comparison with the evolution of the amplitude distributions of
cross-ply laminates with increasing load (Fig. 13), the results for the unidirectional
specimens are seen to be more stationary. Whereas the cross-ply amplitude
distribution shifts to higher-amplitude channels with increasing load and then
retreats slightly to lower channels at loads near failure, the unidirectional spec-
imens can be characterized by a single, low-amplitude-dominated distribution
across the load-to-failure spectrum. Such a result is consistent with the operation
of two damage mechanisms in the cross-ply laminate and only one in the uni-
directional.

Figure 16 shows the cumulative percentage share of events in various channel
ranges as defined previously. The virtual absence of events in channels 22-50
is notable. The fraction of events in channels 16-21 is essentially unchanged
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through failure. The share of events in channels 10-15 increases at loads near
failure. Inasmuch as fiber fractures are the dominant source of acoustic emission
near failure, this channel range may best characterize the associated acoustic
emission. It is significant that this pattern observed in the amplitude distribution
of unidirectional laminates and attributable to fiber fracture alone is consistent
with the conclusion reached for fiber fracture in cross-ply laminates: For this
material system, fiber fracture is on average a lower-amplitude AE event than
transverse ply cracking.

The association of fiber fracture with low-amplitude acoustic emission is counter
to much of the conventional wisdom for acoustic emission in composite materials.
It is frequently assumed that fiber fracture in any material system will release
large amounts of strain energy relative to other damage mechanisms and will
therefore be the source of the highest-amplitude acoustic emissions. This as-
sumption is so common, perhaps because it seems so intuitive, that the lack
of substantiating evidence of its general validity is sometimes unquestioned. It
is indeed possible that for a particular fiber/resin system and a particular laminate
type, fiber fracture may be the source of high-amplitude acoustic emission.
However, as with nearly all aspects of AE analysis, the association of an attribute
of the acoustic emission pulse, such as amplitude, with an attribute of the source
of the pulse, such as energy, is complicated. First, given the dispersive nature
of the composite media, there is no assurance that pulses originating with given
relative amplitudes will arrive at the transducer with the same relative amplitudes.
Second, fiber fracture occurring in surface plies may yield fundamentally different
AE pulses at the receiver than the same fractures occurring in imbedded plies;
that is, the laminate geometry and stacking sequence have an important influence
on the characteristics of the received pulse. Third, and perhaps most important
in the present context, the average energy released by a particular event is
intimately related to the environment in which that event occurs. In the case of
fiber fractures for example, it is commonly assumed that because they occur
typically at elevated loads, the strain energy released must be greater than for
events occurring at lower loads. By invoking this violin string analogy, the reality
of fiber fracture is obscured. When fibers which are imbedded in moderately
ductile resin matrices break at elevated loads, the strain energy released per unit
volume is relatively large. However, the volume of fibers from which this energy
is released is quite small if the fiber-matrix interface remains intact away from
the fracture site. It has been shown in woven glass-reinforced plastic laminates
for example that the energy released by the fracture of a fiber disbonded over a
length of 2 mm is approximately 200 times greater than the fracture energy for
an undisbonded fracture [/5]. The present results for unidirectional graphite/
epoxy laminates and prior work reported by other investigators (/6,/7] indicate
that fiber-matrix disbonding in this system is minimal or nonexistent. It would
not be unexpected then that the net energy released by a single fiber fracture,
even at loads near failure, might be small relative to transverse ply cracking.

Discrimination between ply cracking and fiber fracture based on analysis of
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the amplitude produced requires that quite subtle distinctions be made. These
distinctions in the evolution of the amplitude distribution with increasing load
are nonetheless clear and repeatable. Identification of damage modes based solely
upon attributes of the amplitude distribution of the associated acoustic emission
is difficult. And when several modes are occurring simuitaneously (albeit at
different rates) the discrimination problem is formidable. In the present instance,
discrimination between ply cracking and fiber fracture, perhaps the most phys-
ically distinguishable pair imaginable, requires a conclusion that ply cracking is
a slightly higher-amplitude event on average than fiber fracture. Recent work on
a similar graphite/epoxy system by other investigators [/8] yieided the same
conclusion.

Proper interpretation of AE data depends strongly upon knowledge of the details
of damage at the microstructural level. Without such characterization plausible
misinterpretations can obscure the real potential benefits of the technique for
damage mode discrimination.
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ABSTRACT: Damage mechanisms and accumulation, and associated stiffness and residual
strength reductions, were studied in cross-ply graphite/epoxy laminates under cyclic tensile
loading. Stress-life data were fitted by straight lines on a log-log scale. The fatigue sensitivity
decreases with the number of contiguous 90-deg plies. Five different damage mechanisms
were observed: transverse matrix cracking, dispersed longitudinal cracking, localized lon-
gitudinal cracking, delaminations along transverse cracks, and local delaminations at the
intersections of longitudinal and transverse cracks. Variations of residual modulus and
residual strength were measured as a function of cyclic stress level and number of cycles.
The residual modulus shows a sharp reduction initially, followed by a more gradual decrease
up to failure. The residual strength showed some characteristic features: a sharp decrease
initially then a near plateau in the middle part of the fatigue life, and a rapid decrease in
the last part of the fatigue life. A cumulative damage model is proposed based on residual
strength and the concept of equal damage curves.

KEY WORDS: composite materials, graphite/epoxy, fatigue, damage mechanisms, dam-
age accumulation, radiography, residual stiffness, residual strength, cumulative damage
modeling

Damage mechanisms and damage accumulation have been the subject of many
recent investigations [/—/2]. The basic failure mechanisms in a composite lam-
inate are matrix cracking, which can be intralaminar or interlaminar (delami-
nation), interface failure (fiber-matrix debonding), and fiber fracture, splitting,
or buckling. Damage development consists of three stages—initiation, growth,
and localization—Ileading to ultimate failure.

The predominant mechanism in the initiation stage is the formation of intra-
laminar matrix cracks in the off-axis plies. These cracks extend up to the adjacent
plies and they are either arrested or they cause interface failures leading to
delamination and longitudinal cracking. The damage state of a ply within the
laminate is characteristic of the layup and the loading direction.

! Graduate student and professor/director, respectively, Mechanics of Materials Laboratory, Hlinois
Institute of Technology, Chicago, IL 60616.
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Further increase in load or number of fatigue cycles causes crack coupling
with interfacial cracks, leading to local delamination and random fiber failures.
It is assumed that such fiber failures are promoted by the stress concentration at
the ends of the transverse cracks. This random fiber breakage leads to matrix
cracking in the load-carrying plies, for example, 0-deg plies, in the loading
direction, which can be distributed or localized. This leads to isolation of the 0-
deg plies and bundles within those plies, with a concomitant increase in the local
strain level. The criterion for ultimate failure is the maximum strain in the 0-deg
plies. When the local strain reaches the ultimate strain for the ply, with the
appropriate statistical distribution, failure occurs. In many cases most of the fiber
failures and damage localization occur in the last 10% of the life of the laminate.
The damage mechanisms above influence the overall mechanical behavior of the
laminate. As the damage develops and grows, the stiffness of the damaged ply
as well as that of the laminate is reduced. Analytical procedures have been
developed for relating stiffness degradation to the damage state [7,8,11]. Stiffness
reduction can be related to intralaminar crack density, delamination area, and a
combination of both which leads to ply isolation. Ultimate failure is determined
by the manner in which the load is redistributed and transferred into the load-
carrying plies. The increase in strain in these plies is directly related to stiffness
reduction. A rapid stiffness reduction precedes failure. Residual strength, like
stiffness, is related to the damage state but in a less deterministic way. The
various failure mechanisms affect residual strength in different ways from residual
stiffness, although qualitatively both properties exhibit the same trends. Both
residual stiffness and residual strength ultimately are related to residual life,
although in an even less deterministic way.

The ultimate objective of the ongoing investigations is to understand and relate
damage state, stiffness, residual strength, and fatigue life and thereby to develop
models for predicting residual properties of a laminate that has undergone a
known loading and environmental history. The several analysis methods devel-
oped in recent years can be categorized as follows:

1. lamina-based analyses,

2. dispersed defects/fracture mechanics analyses,

3. phenomenological or macromechanical analyses, and
4. hybrid analyses.

An example of a lamina-based analysis is described by Rotem [/3]. The
dispersed defects/fracture mechanics approach has been followed by Wilkins et
al [/4], Chou et al [5], and Wang and Slomiana [/5]. Phenomenological theories
have been proposed by Hashin and Rotem [/6] and Poursartip et al [/7]. An
example of the hybrid approach is given by Reifsnider and co-workers [4].

All of the preceding work is quite general, although some specific examples
have been discussed. The amount of relevant experimental data available for
model verification is still limited. The primary experimental input into the models
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is modulus. It is recognized by most investigators that no approach followed to
date is entirely satisfactory and there is need for continued investigation.

The present work deals with one specific aspect of the problem. An investi-
gation is described of damage mechanisms and associated stiffness and residual
strength reductions in crossply graphite/epoxy laminates under tension-tension
fatigue loading, with the objective of developing a cumulative damage model.

Experimental Procedures

The material used in this investigation was AS-4/3501-6 graphite/epoxy ob-
tained from Hercules Corp. in prepreg form. The unidirectional material was
fully characterized under static loading.

Laminates of layups [0/90,],, [90,/0],, [0/90,];, and [90,/0], were fabricated.
Coupons 22.9 by 2.54 cm (9 by 1 in.) with 3.81-cm-long (1.5 in.) glass/epoxy
end tabs were prepared from these plates. The straight-edge coupon was chosen,
although there may be some questions about its validity. Most of the fatigue data
to date have been obtained using such specimens. Proposed alternatives, such as
the ‘‘streamlined’’ specimen, would create additional problems, especially for
0-deg specimens.

Fatigue testing was conducted with an electrohydraulic system using a sinu-
soidal tension-tension cyclic load with a stress ratio of R = 0.1 at a frequency
of 10 Hz. This frequency is commonly used in fatigue testing of graphite/epoxy
composites. Measurements during fatigue have indicated a temperature rise of
the order of 2°C (3°F), which is considered small. This would affect, in a small
way, only the comparison between fatigue and static results. A few coupons in
each group were tested at a frequency of 1 or 2.5 Hz to determine more precisely
failure occurring before 500 cycles. The first task was to determine stress versus
number of cycles to failure (§-N curves) for the following layups: [0g], {9061,
[0/90,],, [90,/0],, [0/90,],, and [90,/0];. Thirty to fifty specimens of each layup
were tested to failure or runout at 10° cycles. Specimens that did not fail at 10°
cycles were unloaded and their residual strength was measured.

A second task was undertaken to monitor internal damage during fatigue
loading by means of X-radiography enhanced with a penetrant opaque to X-rays.
As such, a nontoxic solution of zinc iodide, Kodak photoflow 200, isopropyl
alcohol, and distilled water was used. The penetrant was applied to the specimen
through the edges after loading to various levels. Within 45 min of the penetrant
application the specimens were exposed to X-rays for 16 to 20 s at 7 kV and 3
mA in a Torr Radifluor 150 X-radiographic chamber. Kodak Type M Direct
Exposure X-ray film was used. Two sets of tests were conducted, one at stresses
below the fatigue limit at 10° cycles and one at stresses above it. The first set
of specimens was tested at stress levels ranging from 69 MPa (10 ksi) up to the
fatigue limit (at 10° cycles), in steps of 69 MPa (10 ksi). This gave seven stress
levels for the first two layups and four for the last two layups. Two coupons
were tested at each stress level. Cycling was interrupted and X-ray photographs
taken, first at 100 cycles, then at increments of one decade up to 10° cycles, and
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finally at 5 X 10° cycles. In the second set of tests two specimens of each type
were tested at each of two stress levels above the endurance limit. X-ray pho-
tographs were taken at intervals sufficient to yield five inspections before failure.

Residual modulus measurements were conducted for the [0/90,], and [0/90,],
laminates on five specimens at each of two stress levels above the endurance
limit. Stiffness measurements were made using a 2.54-cm-long (1 in.) strain
gage extensometer mounted near the center of the specimen gage length. Ob-
viously, the measured stiffness is representative of the damage within the gage
length of the extensometer and is more truly representative in the cases of uni-
formly distributed damage. In the more general cases the results become more
representative of the overall damage as the number of specimens increases.
Stiffness was measured during cycling in a few cases; however, most of the
measurements were made quasi-statically after interrupting the cyclic loading.
Results from both types of measurement were the same.

Residual strength was measured for the following layups: [0/90,],, [90,/0];,
[90,/0];. Twenty to thirty specimens of each layup were cycled at each of two
different cyclic stress levels above the endurance limit. The cyclic tests were
interrupted at various preselected numbers of cycles and the specimens were then
loaded statically to failure to determine residual strength. Thus, residual stength
curves were obtained as a function of number of fatigue cycles at which cyclic
loading was interrupted. Since appreciable scatter was found, three to four sets
of specimens were used for each curve. The coupons from each set came from
the same plate and each set was tested over the full range of the curve, from
static to fatigue failure. This was done so that each residual strength curve would
represent the average of the properties of the four plates used.

Results
S-N Curves

Experimental results showed that the [90,/0], laminate, although approximately
10% stronger than the [0/90,]; laminate in quasi-static tension, is more fatigue-
sensitive and has a lower residual strength at high numbers of cycles. A similar
trend holds true for the [0/90,], and [90,/0], laminates.

All data above were fitted by straight lines on a log-log scale as follows:

1
logS =logF, — —logN ¢}
m
where
S = applied cyclic stress amplitude,
F, = equivalent static strength,
N = number of cycles to failure, and
m = exponent.
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TABLE 1—S-N Curve parameters.

Equivalent
Static Strength
Layup F,, MPa (ksi) Exponent, m
[90,4] 64 (9.28) 57.67
[0/90,], 779 (113) 25.42
[90,/01, 822 (119) 22.99
[0/90,], 456 (66) 50.25
[90,/0], 427 (62) 31.00

The equivalent static strength, as defined by Sendeckyj [/8], is uniquely related
to the fatigue life and residual strength of the material. Following the fitting
procedures described in this reference, the parameters were determined for the
S-N curves of the various laminates as given in Table 1. Results of this curve-
fitting are shown in Fig. 1 along with additional results from a more complex
fitting for the [04] lamina. The fatigue sensitivity, as evidenced by the slope of
the S-N curve, decreases with increasing number of 90-deg plies.

Damage Development

Damage mechanisms and development are strongly dependent on laminate
layup and stacking sequence. They also depend, in some cases, on the leve] of
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FIG. 1—Stress-life (S§-N) curves for unidirectional and cross-ply graphite/epoxy laminates.
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cyclic stress and the number of cycles to failure. Five different damage mech-
anisms were observed:

1. transverse matrix cracking in the 90-deg plies,

2. dispersed longitudinal cracking in the O-deg plies, randomly distributed
throughout the specimen,

3. localized (major) longitudinal cracking,

4. delamination in the 0/90-deg interface along transverse cracks, and

5. small local delaminations at the intersection of longitudinal and transverse
cracks.

No edge delamination was observed in any of the laminates, except for a few
broken fibers and fiber-debonding at the very edge.

The first type of mechanism is illustrated in Fig. 2 for a [90,/0], laminate
cycled at a peak stress of 207 MPa (30 ksi). The multiplication of transverse
cracks with number of cycles at different cyclic stress levels is illustrated in Fig.
3 for the same laminate. The number of cracks reaches a limiting value, or
characteristic damage state (CDS), in every case. The maximum transverse crack
densities measured in the four laminates tested are

[0/90,], 1.81 cracks/mm (46.1 cracks/in.)
[90,/0], 1.60 cracks/mm (40.7 cracks/in.)
[0/90,], 1.35 cracks/mm (34.4 cracks/in.)
[90,/0], 0.85 cracks/mm (21.6 cracks/in.)

Only the results for the [0/90,], laminate are in good agreement with quasi-static
results. In the case of the [90,/0], and [90,/0], laminates it was observed that,
when the cyclic stress is low enough, a limiting value lower than the CDS can
be reached. The last four types of the above damage mechanisms are illustrated
in Fig. 4.

In the [0/90,], laminate dispersed longitudinal cracking is observed mainly at
low loads [below 550 MPa (80 ksi)] and increases with number of cycles up to
failure. At higher stresses [above 580 MPa (84 ksi)] localized longitudinal crack-
ing appears to be the main damage mechanism prior to failure. A sequence of
radiographs of the first type of failure is shown in Fig. 5. The two types of
longitudinal damage prior to failure are illustrated in Fig. 6. Ultimate failure
patterns show the variation of the dominant failure mechanisms as we move from
quasi-static loading to short-life (high stress) fatigue, to long-life (low stress)
fatigue (Fig. 7). Static and short-life failure patterns tend to be straight transverse
failures, whereas long-life patterns are brush-like.

The [90,/0], laminate exhibits dispersed longitudinal cracking, more extensive
than the [0/90,], laminate, and some major localized longitudinal cracking. When
a major longitudinal crack appears it is accompanied by local delamination at
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FIG. d4—Iilustration of five different types of damage mechanisms: (a) transverse cracking, dis-
persed longitudinal cracking, and delamination along transverse cracks in [90,/0], laminate; (b)
transverse cracking and localized longitudinal cracking in [90,/0), laminate; and (c) transverse

cracking and loca! delamination at intersection of transverse and longitudinal cracks in [0/90,],
laminate.


file:///0I90A

CHAREWICZ AND DANIEL ON DAMAGE MECHANISMS 283

42,000

20,000

5,000

1,000
FIG. 5—X-Radiographs of [0/90,), graphitelepoxy specimen tested under fatigue loading with R = 0.1, 0,,, = 518 MPa (75 ksi), for various number of

cycles.
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FIG. 6—Damage mechanisms in [0/90,), graphite/epoxy laminate: (a) localized longitudinal crack-
ing at high stress (short life); (b) dispersed longitudinal cracking at low stress (long life).
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(a) (e s 6C) (a) (e)

(a) static test, o, = 616 MPa (89 ksi);

(b) fatigue test, R = 0.1, o,,, = 606 MPa (88 ksi), N = 370 cycles;
(c) fatigue test, R = 0.1, 0,, = 548 MPa (79 ksi), N = 2140 cycles;
(d) fatigue test, R = 0.1, 0,,, = 531 MPa (77 ksi), N = 12 357;

(e) fatigue test, R = 0.1, 0,, = 495 MPa (72 ksi), N = 349 529.

FIG. 7—Failure patterns of (0/90,], graphitelepoxy specimens tested under static and fatigue
loading conditions.
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the intersections with transverse cracks, as shown in Fig. 8. The dominant damage
mechanism prior to failure is either an increase in the number of dispersed
longitudinal cracks or the growth of major longitudinal damage following dis-
persed longitudinal cracking.

No major localized damage appears in the [0/90,], laminate before failure.
Some dispersed longitudinal cracking and local delamination appear, but to a
lesser extent than in the [0/90;,], laminate. The absence of any major damage in
this laminate may account for the large scatter in fatigue life (three to four
decades).

The [90,/0], laminate behaves in a way similar to the [90,/0]; laminate, except
for the presence of delaminations between the 0- and 90-deg plies along the
transverse cracks, (Fig. 9). The mechanism controlling failure appears to be an
increase in dispersed longitudinal cracking, which is more intense than in the
case of the [90,/0], laminate. Dispersed longitudinal crack density increases with
number of cycles and reaches a critical value at failure [0.59 cracks/mm (15
cracks/in.)]. A correlation appears to exist between transverse and longitudinal
cracking as shown in Fig. 10.

Stiffness Variations

Stiffness changes occur throughout the fatigue life of the specimens and are
related to the damage development. The largest change occurs during the first
loading cycle as illustrated by the stress-strain curve for a typical [0/90,], spec-
imen (Fig. 11). The initial part of the curve is linear up to an applied stress of
166 MPa (24 ksi) or a strain of approximately 0.005. No cracking appears up
to this level. Beyond this threshold level, transverse matrix cracking increases
rapidly through the second stage of deformation up to a stress level of approx-
imately 228 MPa (33 ksi). The third stage of deformation with an increase in
stiffness corresponds to a leveling off of the crack density, that is, to the CDS
of the laminate. The first unloading curve for this laminate starts with a slope
slightly lower than the initial slope of the loading curve and ends with a slope
approximately equal to the terminal slope of the first loading curve.

As the number of cycles increases, the loading and unloading curves tend to
coincide and become more linear (Fig. 11). However, they exhibit in all cases
a stiffening effect at higher stresses, a phenomenon which must be related to a
similar effect in O-deg unidirectional laminates.

The residual (initial) modulus was measured for the [0/90,], and [0/90,],
laminates at two cyclic stress levels as a function of loading cycles. The modulus
was normalized by dividing it by the initial value, and the number of cycles by
dividing it by the life of each individual specimen. Results for the [0/90,],
laminate are shown in Fig. 12. Results for the [0/90,], laminate are similar. The
normalized modulus shows a sharp drop initially, followed by a more gradual
decrease up to failure.
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FIG. 8—Fatigue damage in [90,/0), graphitelepoxy laminate [localized longitudinal crack with
delaminations at intersections with transverse cracks; 99.9% of fatigue life at 517 MPa (75 ksi)].

Residual Strength

Residual strength results showed a very large scatter in both strength and
number of cycles. An averaging scheme was devised to take into account failure
points of specimens that failed during fatigue loading. To reduce the scatter
somewhat, data obtained at various cyclic stress levels were pooled together by
assuming that the normalized residual strength as a function of the normalized
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FIG. 9-—Farigue damage in [90./0), graphite/epoxy laminate {dispersed longitudinal cracking and
delaminations along transverse cracks; 94% of fatigue life ar 310 MPa (45 ksi)].
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FIG. 11—Stress-strain curves for [0/90,), graphitelepoxy specimen at various stages of fatigue
life (R = 0.1).



290 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

2.7

NORMAL IZED RESIOUAL MOOULUS
@

0 01 0.2 03 0.4 05 0.6 0.7 0.8 0.8 1
NORMALIZED CYCLES (n/N)

FIG. 12—Normalized residual modulus for [0/90,), graphite/epoxy specimen under fatigue loading
atR = 0.1 and 0,,, = 345 MPa (50 ksi).

number of cycles is independent of the applied stress. Thus

e (- @
FO - Ua g N
where
F, = residual strength after n cycles,
F, = mean static strength (used as a normalizing factor),

o, = applied cyclic stress,
N = number of cycles to failure at stress o,, and

g(ﬁ) = function of normalized number of cycles.

==l

f. = F,/Fy = normalized residual strength and

Ua . . .
s$=5 = normalized applied cyclic stress.
0
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From the definitions above it follows that the function g(n/N) must satisfy the
conditions

1
0 4

g(0)
g(1)

Normalized residual strength data for the [0/90,], and [90,/0], laminates are
shown in Figs. 13 and 14, respectively. Curves have been drawn having the same
characteristic features as the residual modulus curves, that is, a sharp decrease
initially, then a near plateau in the middle part of the fatigue life, and a rapid
decrease in the last part of the fatigue life. The existence of the plateau is only
conjectured at this point. In fact, the experimental data show a local minimum
in residual strength in the first quarter of the fatigue life and a local maximum
in the middle of the fatigue life. The paradox of increasing residual strength with
number of cycles is not totally inconceivable. The following is a plausible ex-
planation. In the beginning, as the specimen is cycled, damage sites are created
which reduce its strength. As the specimen is cycled further, more damage sites
are created and dispersed, blunting the severity of the early ones, and thus actually
increasing the residual strength. A better characterization of the residual strength
curve for various laminates merits further investigation.

Cumulative Damage Modeling

An approach to a cumulative damage model is proposed based on residual
strength and the concept of equal damage curves. For a specimen cycled at a

.
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FIG. 13—Normalized residual strength versus normalized number of cycles for [0/90,], graphite/
epoxy laminate (numbers in parentheses refer to number of specimens weighted).
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stress level o for n cycles the residual strength can be expressed as
F, = f(o,n) (5)
satisfying the conditions at n = 1 and n = N

Fo = f(o,1) (6)

o= f(o.N) =S N
where N is the number of cycles to failure at stress o.

The definition of damage as a function of residual strength only allows the
determination of equal damage curves in the (o,#) plane. Thus, a specimen cycled
at a stress o, for n; cycles has the same damage as a specimen cycled at a stress
o, for n, cycles if

flo,n) = f(o,n,) (8)

Thus, points (o,n;) and (o,,n,) lie on a damage curve defined by the value of
residual strength of all points along this curve. Since all points on the S-N curve
correspond to a residual strength S, the equal damage curve of residual strength
S starts at point (S,N) on the S-N curve as shown in Fig. 15. This figure illustrates
the method of obtaining the damage curve of residual strength S from the residual
strength curves at different cyclic stress levels. Residual life predictions can be
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FIG. 15—Prediction of residual life for two-step loading by means of equal damage curve.

made once the equal damage curves are determined. To determine, for example,
the residual number of cycles at a cyclic stress o, after the specimen has been
cycled at stress o, for n; cycles, one has to follow the damage curve passing
through point (o,n,) up to ¢ = o,. Residual life then is equal to N, — n, as
shown in Fig. 15.

An experimental determination of residual life was conducted on the [90,/0],
laminate. Seven specimens were cycled at 552 MPa (80 ksi) for 3000 cycles and
then at 587 MPa (85 ksi) up to failure. The average residual number of cycles
obtained at 587 MPa (85 ksi) was found to be 326 cycles for the geometric mean
(average of log n) and 995 cycles for the arithmetic mean. From the S-N curve
(Fig. 1) and the residual strength curve (Fig. 14) determined for this laminate
one can predict a residual life of 450 cycles, which is quite good in view of the
scatter in the number of cycles.

To generalize the approach, a damage function D must be defined having the
values O and 1 at the beginning and end of the life, respectively. The normalized
change in residual strength, obtained from Eq 3, can be defined as one particular
form of the damage function

Lod 2 o(®) = p(®
= ! g(N) D(N) ©)

In this particular case the damage function is only a function of the normalized
number of cycles and independent of the cyclic stress level.
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In order to take into account the variation of damage mechanisms with stress
level a more general form of the damage function, or of residual strength, is
necessary. One approach would be to define a damage rate function of the
normalized number of cycles, cyclic stress level, and the damage itself

daD n
— =F|—-.,s5,D 10
dn (N’S ) (10)

The number of cycles N, required to increase the damage from an initial value
D, to a final value Dy is

dD
N, = fof—— (in
%2 s D
N’ ke

In the case of spectrum fatigue loading, the damage produced after the kth
block of loading is expressed as

k
D=3 F(}% 5, D,)dn (12)
i=1J0

which is a form of Miner’s rule. A more general form of function F above, which
is sensitive to block loading sequence, is obtained by replacing n/N with log n/
log N [19].

Although the prediction obtained in the example discussed before is fairly close
to the experimental value of residual life, considering the scatter in the number
of cycles, the proposed model is far from satisfactory. The main drawback is
the complete reliance on experimental determination of the residual strength
curve, which apparently has a plateau. This fact creates many problems since
there is no single-valued correspondence between residual strength and number
of cycles over this plateau. This also implies that since residual strength is assumed
to be a single-valued function of damage, the latter should not change over the
entire plateau, a fact which is contrary to the X-ray observations. Thus, residual
strength alone does not seem to be a very good parameter to represent damage,
since it appears insensitive to damage variations over the entire length of the
plateau.

Summary and Conclusions

Damage mechanisms and accumulation, and associated stiffness and residual
strength reductions, were studied in cross-ply graphite/epoxy laminates under
cyclic tensile loading.
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Stress-life data were fitted by straight lines on a log-log scale. The fatigue
sensitivity decreases with increasing number of contiguous 90-deg plies. Lami-
nates such as the [0/90,], have lower static strength but longer fatigue life than
their stacking sequence variation [90,/0],. Five different damage mechanisms
were observed: transverse matrix cracking, dispersed longitudinal cracking, major
localized longitudinal cracking, delaminations along transverse cracks, and local
delaminations at the intersection of longitudinal and transverse cracks. The first
type of damage is a low-level type and develops early in the fatigue life. It reaches
the CDS level long before laminate failure. However, the CDS level is not always
attained if the cyclic stress is too low. Longitudinal cracking, dispersed or lo-
calized, is a particularly active form of damage. The higher fatigue sensitivity
observed in the [90,/0], laminates corresponds to a larger extent of longitudinal
cracking, as compared with the [0/90,], laminates.

Failure patterns vary with stress level and number of cycles to failure. Under
monotonic loading failure is brittle-like and concentrated. At high stresses and
short fatigue lives failure results from few localized flaws, whereas at lower
stresses and longer fatigue lives failure results from more dispersed flaws. These
observations cast doubts on the validity of accelerated testing as a means of life
prediction.

The residual modulus shows a sharp reduction initially, followed by a more
gradual decrease up to failure. The residual strength showed a very large scatter
in both strength and number of cycles. To minimize the effects of large scatter,
all data for a given laminate were pooled together and a normalized residual
strength, independent of stress level, was expressed as a function of normalized
number of cycles. The characteristic features of residual strength are a sharp
decrease initially, then a near plateau in the middle part of the fatigue life, and
a rapid decrease in the last part of the fatigue life. The existence of the plateau
is not certain in view of the large scatter. In fact, there is evidence of nonmon-
otonic change in residual strength. This could be rationalized by the dominance
of localized flaws in the early part of the fatigue life, causing a sharp decrease
in residual strength. Later on in the fatigue life, flaws become more dispersed
and somewhat less severe, possibly causing an increase in residual strength.

A tentative cumulative damage model is proposed based on residual strength
and the concept of equal damage curves. Although a reasonable prediction based
on this model was demonstrated, the application of the model relies on a good
definition of the residual strength curve. The latter is very difficult to obtain in
view of the scatter. The characteristic plateau, if indeed it exists, poses a great
problem as there is no single-valued correspondence between residual strength
and number of cycles over this plateau. Thus, residual strength alone, as it is
measured now, does not seem to be a very discriminating measure of damage.
Furthermore, the proposed model, based on pooling of normalized strength data,
does not account for damage dependence on actual load level and life. More
sophisticated and complex models are needed to account for the various damage
mechanisms and their relationship to load level and life.
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ABSTRACT: This paper addresses the basic question of how to develop a mechanistic
cumulative damage model that has the capability of describing and predicting the strength
and life of high-modulus continuous-fiber composite laminates subjected to general cyclic
loading. The paper is a first step in philosophy from phenomenological descriptions of
composite laminate fatigue behavior to mechanistic modeling based on the physics and
mechanics of the details of the laminate response during cyclic loading. The major point
of departure of the present effort from prior modeling activities is the mechanistic approach.

KEY WORDS: critical element, residual strength, composite laminates, fatigue life

The history of the development of models of the effect of cumulative damage
in composite materials is diverse, diffuse, and largely phenomenological. A
review of the major elements is provided by the authors in Ref /. Early work is
anchored by the research of Broutman and Sahu, who introduced a linear equation
for residual strength as a function of fatigue cycles, and compared it with a large
set of data developed from tests of 13-ply E-glass reinforced epoxy cross-ply
specimens [2,3]. At about the same time a “‘wearout”” concept was introduced
by Halpin and Waddoups [4]. The association between quasi-static strength and
life distributions was suggested by the concept of the “‘equal rank assumption’”
introduced by Hahn and Kim a few years later [5,6]. This concept is used in
virtually all of the current models that deal with the statistical character of
composite material strength and life [7].

Among the newer approaches to cumulative damage is the approach taken by
Hashin [8]. He introduces the concept of ‘‘damage curves’’ which ‘‘define”’
equal damage contours in the sense that any loading to that curve (in S-N space)

' Reynolds Metals professor of engineering science and mechanics and professor, Materials Re-
sponse Group, respectively, Virginia Polytechnic Institute and State University, Blacksburg, VA
24061-4899.
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will result in equal residual life, regardless of the loading history or internal
damage modes. The concept of ‘‘equivalent damage’’ is based on the requirement
of ‘‘equal life.”’

All of the foregoing are essentially phenomenological. While it is certainly
true that many of the formulations were motivated by various damage charac-
teristics, no explicit dependence on mechanics is included in the models. The
present modeling effort is mechanistic and uses the concept of equivalent damage
based on equal residual strength to develop a systematic and rational (albeit
incomplete) cumulative damage model for damage development in high-modulus
fibrous multiaxial composite laminates subjected to cyclic loading in tension and
compression.

General Problem Definition

The scope of the present work is intentionally broad; it addresses the residual
strength and life of several types of composite laminates in unnotched coupon
(plate) specimen form subjected to tension-tension, compression-compression,
tension-compression, and spectral cyclic loading. The present work attempts to
construct a framework, a lattice of rational rigor and sound physical philosophy,
into which intricacies of precise representations, physical insights, and mathe-
matical sophistication can be interwoven as understandings of the physical phe-
nomena involved are developed and analytical representations achieved. The
modeling effort described herein is entirely a result of this commitment to a
general approach. Since the scientific and engineering community is at a very
early stage of development of an understanding of the behavior of composite
laminates under cyclic loading, and a great number of questions regarding the
strength, stiffness, and life of laminates under those conditions are presently
unanswered, the penalty of initial inprecision of such an approach will certainly
be evident in our results. However, if we are successful in establishing a valid,
general approach to the mechanistic description of cumulative damage under the
arbitrary cyclic loading modes and loading histories mentioned above, then it is
reasonable to expect that a sound foundation has been laid for the construction
of a rigorous general philosophy for the anticipation of residual response of such
laminates under a variety of practical situations with an acceptable amount of
precision.

Hence, we concentrate our present attention on an effort to develop an engi-
neering model in such a way that a minimum amount of phenomenological
characterization of material systems can be used to anticipate the behavior of
various laminate configurations under arbitrary loading conditions. We require
that the model be based on measurable parameters which can be used to char-
acterize the development and current state of damage in a composite laminate
so that an assessment of the current condition and anticipated behavior of a given
specimen can be made based on measurements of immediate physical charac-
teristics (in contrast to statistical predictions of group behavior based on statistical
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sample characterization). We further require that a definition of ‘‘equivalent
damage states’’ be established so that cumulative damage under arbitrary load
spectra can be correctly assessed. Finally, we require that the model provide a
framework into which representations of individual events (damage modes, etc.)
can be removed and inserted as understandings of those events allow, and that
the framework be constructed in such a way that it can easily be translated into
operational codes which allow engineers to use the philosophy in a straightforward
way for initial design and subsequent inspection interpretations.

In the present paper we will attempt only to provide a thorough basic pres-
entation and development of the critical-element model of residual strength and
life. Although the model has been applied to a full range of tension, compression,
and block loading and the results compared with data from an extensive test
program, only a demonstrative single example will be provided herein. The
presentational format consists of four sections which address the fundamental
problems of how to deal with complex damage, how to incorporate cycle-de-
pendent damage accumulation, how to predict residual properties, and a brief
comparison with experimental data.

Complex Damage: What Problem to Solve?

The first fundamental problem to be dealt with is the complexity of damage
in composite laminates. In the presence of a myriad of combinations of matrix
and fiber damage, delaminations, debonding, and (in some cases) discontinuous
microdeformations, what (mechanics) problem should be solved? This difficulty
is overcome by a two-step process. The first step achieves an appropriate rep-
resentation of the complex damage state, and the second step identifies the
associated mechanics problem that controls laminate behavior.

A substantial amount of information has been reported which describes the
nature of damage development in composite laminates [/]. It is clear that a wide
range of damage modes normally operates and that damage events are usually
distributed throughout the material. This situation presents a special challenge
to any effort to model such damage states. Our approach to this problem is best
illustrated by briefly examining the generic nature of damage development com-
monly observed in high-modulus continuous-fiber reinforced multiaxial laminates
subjected to combinations of cyclic tension and compression loading.

We consider a simple coupon under cyclic loading as shown in Fig. 1. We
assume that the laminate consists of plies having at least two orientations, only
0 and 90-deg in our example. We further assume that the applied load levels are
sufficiently large so that the strength of the specimen is reduced with cycles, and
the life of the specimen is finite. Finally, we assume that the loading spectrum
contains, on the average, similar amounts of tensile and compressive loading.
We examine the resulting damage state by the thought process of *‘looking inside™
the damaged laminate as suggested by Fig. 1. Our purpose is served by opening
a small section of the interior interface between the 90-deg plies and one of the



REIFSNIDER AND STINCHCOMB ON CRITICAL-ELEMENT MODEL 301

o} ="

ol

(a) (b) (c)

FIG. 1—Schematic diagram showing location of damage states to be discussed.

exterior 0-deg plies, as suggested by Fig. lc. The first, and most common,
damage mode that normally forms is matrix cracking along fiber directions in
the off-axis plies. These cracks generally form through the ply thickness and
across the width of the specimen, and continue to nucleate until a stable regular
array of cracks typical of the laminate has formed. This stable crack pattern has
been called the ‘‘characteristic damage state’’ (CDS) for matrix cracking {/0—-
13]. It is a laminate property independent of loading history, and can be reliably
predicted [/].

As cyclic loading continues, our interior view would resolve additional events,
as suggested by Fig. 2. Shortly after the primary cracks (described above) begin

FIG. 2—Progressive damage development in local element defined in Fig. 1.
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to form, fibers begin to break in the adjacent plies in the regions of high stress
assoctated with the cracks, near the interface as sketched in Fig. 2a. These fiber
breaks occur exclusively in those regions; usually about two thirds of the total
number of breaks to fracture occur in the first one third of the cyclic life of the
component under constant-amplitude loading. As cycling continues, secondary
cracks begin to form as sketched in Fig. 2b. These cracks are limited in extent
to regions near the primary crack tips at the ply interfaces. They usually extend
only short distances into the adjacent plies in both the ply thickness and in-plane
directions. However, the numbers of these cracks are generally quite large [/4].
The details of this development process are distinct and essential, and have been
reported elsewhere [/4,15].

Now we must answer the question of what problem to solve, given the complex
details alluded to above, knowing that various combinations of degree of de-
velopment of those details may occur for different load histories. The first step
we take is to choose a representative volume for our analysis. This approach is
a common one in the field of effective property analysis [/6,7]. It assumes that
one can identify a volume element that is typical of the total volume of the
specimen in the sense that the mechanical response of that element will be the
same as the bulk material. In the present case we choose a representative volume
as sketched in Fig. 3. As we discussed earlier in our brief outline of generic
damage development, damage development in composite laminates under general
loading usually concentrates around primary cracks near the interface between
plies. This process can be viewed as a progressive localization of damage which
may include local delamination at the intersection of primary and secondary
cracks (as sketched in Fig. 3), and is believed to culminate in local fracture
initiation which propagates in an unstable way to cause specimen (or component)
fracture [/0].

The second step is to decide what problem to set and solve using the repre-

Localized—
Region

FIG. 3—Damage features in a representative volume used for model analvsis.
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sentative volume shown in Fig. 3. We make the claim that such a choice must
be made on the basis of the mechanism that produces the response which we
wish to describe. For the present we choose to be concerned with strength; hence,
we ask ‘“What is the mechanism that causes fracture?’’ Although the number of
fracture modes is much smaller than the number of common damage modes,
several possibilities present themselves. Since we are attempting to add formalism
to the description of composite laminate behavior, we choose not to be concerned
in this paper with structural failure modes such as buckling. (The model has been
applied to such situations, and the results will be described in another setting.)
Instead we concern ourselves with failure caused by a tensile load excursion in
a loading spectrum which may include both tension and compression cyclic load
amplitudes. Hence, we shall attempt to describe failure of the load-direction
fibers in our representative volume in Fig. 3.

Damage Accumulation: How to Set the Problem as a Function of n

Having decided what is to be done, we must now formulate the problem in
such a way that the essential mechanics can be described at any number of applied
cycles, n. Our approach to this situation is, in fact, the principal defining feature
of our model. We divide our representative volume into critical and subcritical
elements, based on their contribution to the response, and handle each of them
separately, and quite differently. The manner in which they are chosen and
handled follows.

In order to predict residual properties at any number of applied cycles, two
things must be known: the state of stress and the state of the material. For
composite laminates of the types considered, the introduction of damage changes
both of those states. When matrix cracks form, for example, load distribution
among the plies of the laminate changes so that the microstress state in all elements
of the laminate is a function of the number of applied cycles. We group together
the material elements involved in these types of changes and call them ‘‘subcritical
elements’’ in the sense that their failure does not cause laminate failure, but does
cause changes in internal stress states that are important to (and indeed are a
major part of) the fatigue damage ‘process’’ that we call cumulative damage.
The subcritical elements participate in our model as representations of internal
stress redistribution. The nature of that redistribution is defined by local geometry
changes as described by the progressive damage events in our representative
volume. The magnitude of the redistribution is determined from a measurable
parameter. However, the choice of such a parameter is difficult. If we were
attempting to solve this problem in homogeneous metals, we would choose the
length of a single dominant crack as input to a fracture mechanics analysis. It is
not common for such a crack to appear in composite laminates, except for special
cases where a single dominant edge delamination grows in a self-similar way.
Our experience, and that of others, has shown that stiffness changes are directly
related to microdamage and attendant reduction in strength {/8-20]. Moreover,
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FIG. 4—‘Critical element’’ (fibers) illustration.

stiffness changes are excellent quantitative indicators of internal stress redistri-
butions since the same damage events produce both effects in proportion. Hence,
we choose stiffness change as our measurable parameter. For our present example,
the off-axis plies that form matrix cracks will be the subcritical elements in our
model. The internal state of stress is continuously recalculated as a function of
cycles according to the amount of damage which occurs in the subcritical elements
as indicated by the measured (or predicted) stiffness changes.

Having discussed the state of stress as a function of cycles, we now turn our
attention to the state of the material. For that purpose we define ‘‘critical ele-
ments’’ in our laminate to be those parts which control fracture strength directly.
The state of these elements will define the ‘‘state of the material.”” That state
will be characterized on the basis of the physical constitutive characteristics of
the critical elements under cyclic loading. For our illustrative example, we take
the critical elements to be the zero-degree plies and introduce a phenomenological
representation of their constitutive behavior (life, in this case) as a function of
the normal stress range in the fiber direction and the number of applied cycles,
the simplest possible case. Figures 4 and 5 indicate the choices of critical and
subcritical elements. At the risk of introducing confusion at this point, it should
be noted that various other constitutive characterizations of the O-deg plies could
be introduced if the data and understandings were available. Multiaxial S-N data,
models of fiber fracture under cyclic loading, or even more formal (if less

">~ ~region of stress
v redistribution
due to matrix
failure

=> State of stress,rate of degradation
changes in unbroken Plies.

FIG. 5—‘Subcritical element’’ (matrix) illustration.
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physical) kinetic theories could be introduced as critical-element response rep-
resentations [27]. In any case, the stress state which drives any of these models
will be described as a function of n by the subcritical-element response as men-
tioned earlier. Hence, we have settled the question of how to determine the state
of stress and state of material as a function of the number of applied cycles in
general, and have specified the particular nature of the process for our present
example.

Residual Property Prediction: How to Apply the Model

In order to apply the model we need only calculate strength as a function of
n since the occasion of coincidence between that value and the applied load level
will define the life of the laminate. To this end we construct a generalized equation
expressed in normalized form which computes the reduction in residual strength
as a function of increments of applied cyclic loading. The rationale behind the
generation of that equation can be demonstrated by the following discussion.

We begin with Fig. 6, which is a schematic representation of some of the basic
relationships for laminate fatigue behavior. We imagine that this representation
is essentially one-dimensional, that is, that the residual strength, S,, and the life
locus represent laminate values determined from unidirectional loading. The
residual strength curve can be written in terms of the applied stress, S,, as shown
in Eq 1 where i is a parameter introduced to accommodate the nonlinearity in
the residual strength reduction curve

S, n !
sor-1-[1-2][2] 8

where n/N is the life fraction.

Laminate (I-D)

CYCLES
FIG. 6~—Schematic diagram of laminate strength reduction-life relationship.
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It is further assumed that the applied stress amplitude, S,, is constant throughout
the test. The residual strength, S,, is a function of the number of applied cycles.

We have indicated that the modeling approach we have taken is based on a
phenomenological characterization of the critical elements in the laminate, and
not on the laminate itself. Hence, the next step in the construction of our gen-
eralized summation equation is to consider the fatigue behavior of the critical
elements, as schematically indicated in Fig. 7. Since these critical elements are
imbedded within a laminate, and since, as we have emphasized, the internal
stress state is constantly changing as damage develops in the subcritical elements
causing internal stress redistribution, the applied stress, S,, is no longer constant
as a function of the number of cycles. Since it is a variable, we cannot simply
multiply all of our terms in a degradation equation by the ratio of applied cycles
to life, the so-called life fraction. Instead, an equation such as Eq 2 is more

appropriate
R A PR ) I B B B
s =1 - | [1 s, ]’[N(n)] ‘ [N(n)] @

where vy is a specific value of n/N.

Here it should be noted that the integrand is a function of the number of applied
cycles, not only because of the variation of the applied stress on the critical
element, S,, but also because of the fact that the life calculated from a given
applied stress (from the equation which fits the phenomenological data for the
critical element) is also a function of the number of applied cycles; that is, N is
a function of n.

The last major item to be added to our development incorporates the reality

n
c

Saln)
Sy

Critical Element (1-D) |
CYCLES

FIG. 7—S8chematic diagram of critical-element strength-life relationship.
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that the stress state of the critical element is almost never one-dimensional. Since
it is imbedded in a laminate, the internal stresses are generally predominantly
two-dimensional, and occasionally three-dimensional. In order to correct our
model for that fact, we introduce a local failure function, F;, to replace the local
applied stress ratio, S/S,. This local failure function is unspecified at this point,
except to the extent that it must represent the tendency for the internal stress
state in the critical elements to cause failure of those elements (see Fig. 8). There
is an obvious relationship between the concept behind the local failure function
and the familiar ‘‘failure theories’ introduced by a variety of investigators such
as Tsai-Hill, Tsai-Wu, and others. For this refinement, Eq 2 becomes Eq 3, the
final form of our residual strength equation

y I~ 7" n
AS(n) = fo [ - Fm]i [17035] d[W)] 3)

This equation functions by producing a normalized change in residual strength
estimate (a fraction of the static ultimate strength) as a continuous function of
loading history indicated by the number of cycles of load application, n. The
equation produces that estimate by integrating and convoluting the influence of
two fundamental types of microdamage development consequences associated
with microevents which occur in ‘‘noncritical’’ elements of the laminate (events
that influence the degradation of the laminate primarily by internal stress redis-
tribution and adjustment of geometry), and microevents which act directly on
*‘critical elements’’ (elements which control the final fracture of the laminate).
Rather than attempt to provide an elaborate and complex discussion of the various

> (1~ F_(n))

Critical Element (3-D)
CYCLES

FIG. 8—Schematic diagram of critical-element strength-life relationship for three-dimensional
Sformulation.
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nuances of this equation in this document, we provide an example application
for cyclic tensile loading.

This scenario is based on tension-tension fatigue loading of an angle-ply lam-
inate which is constructed in such a way that no significant edge delamination
occurs. The various terms in Eq 3 are identified in Fig. 9. We will discuss the
figure from right to left. The life locus described by the function N is a phe-
nomenological representation of the life of the critical element, taken to be the
0-deg plies in this case. The equation is written as a function of the applied
unidirectional stress, S(n), normalized by the ultimate strength of the element,
S,. The material constants, A, B, and C, are determined by fitting the data obtained
from fatigue testing of unidirectional material of the type from which the laminate
was constructed. Since, in this case, we are concerned only with the unidirectional
performance of the 0-deg plies (the critical elements), one such relationship will
suffice for all laminates regardless of their construction (stacking sequence, etc.).
Since it is recognized that the O-deg plies in the laminate may carry different
amounts of the total load as the damage development in noncritical elements
redistributes stress and alters internal geometry, the applied stress on the critical
element, S(n), is stated as a continuous function of the number of applied cycles,
n. It should also be mentioned that the local internal applied stress, S(r), can be
determined from measurements of changes in laminate stiffness which the authors

SCENARIO:
TENSION ~ TENSION ,NO SIGNIFICANT DELAMINATION EFFECT:

DAMAGE AND AE

= LOCAL STRESS STATE* CRITICAL ELEMENT

DEGRADATION EQUATION
ANTICIPATED FAILURE MODE

NORMALIZED CHANGE LOCAL STRESS STATE
IN RESIDUAL STRENGTH FROM AE MEASUREMENT *

(1-Fm) = j;(l— Fro)i (8) " a(R)

LIFE RELATIONSHIP

FAILURE FUNCTION FOR O DEGREE PLIES
FOR CRITICAL ELEMENT, r B %
O DEGREE PLIES N=log” _s_(_,,_,_A]
LS

2 2
o ) | oo oo | 12
Fln) = S5 +-Y‘§———'7L + 5(2“) SHAPE OF RESIDUAL
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FROM MECHANICS MODELS OF DAMAGE
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FIG. 9—Schematic diagram of interpretation of terms in Eq 3.
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have found, by experience and through a number of mechanics models
[11,12,18,19], to be related to internal stress redistributions.

The choice of variable of integration, n/N, is important since that variable is
a continuous function, even in circumstances when the applied loading spectrum
is continuously varying in time. Hence, the damage accumulation Eq 3 can be
used to determine the effect of cumulative damage under spectrum loading. The
parameter { in Eq 3 is a material parameter which is associated with the nonlin-
earity of degradation (sometimes referred to as a tendency for sudden death) in
composite laminates, and is also obtained from curve-fitting of data. However,
that constant generally has a value close to unity and does not appear, at this
writing, to be a function of the construction of the laminate.

Continuing to move to the left in Fig. 9, the term in parentheses determines
the total amplitude of allowable strength reduction, in the sense that the laminate
is expected to fail when the laminate strength (determined from the computation
achieved by the equation) is reduced to the level of the normalized failure function,
F,(n). The failure function for the critical element, the 0-deg plies in this case,
can be taken to be any of the typical phenomenological characterizations of
strength computed at that load level. However, it is especially important that the
stresses that enter into such an equation may be functions of n since internal
stress redistribution will generally change the local stresses that cause failure of
the critical element. Hence, the first term in parentheses in Eq 3 is also altered
by the microdamage that occurs in subcritical elements causing internal stress
redistributions and changes in internal geometry. Those changes are, as mentioned
earlier, detected and interpreted based on stiffness changes in the scenario de-
scribed. The choice of the failure function (and indeed a choice of the critical
element) is dependent upon an anticipated failure mode of the laminate itself.
This anticipation must be based on prior experience or guiding experiments.
When the integral is performed, a normalized change in residual strength is
produced as a function of the applied cycles, n, as indicated on the left of the
equation shown in Fig. 9.

For load spectra which include compression excursions, other micromechanical
models are used to provide input to the damage accumulation equation. The
choice of approach in each case is controlled by the failure mode that is appropriate
for the dominant damage development mode or modes. When failure involves
buckling (as a consequence of delamination for example) the failure function
may take the form of stiffness ratios. Since stiffness is the only material property
which appears in stability equations, it is not surprising that such a parameter
seems to provide a good representation of the compression-controlled behavior.
Regardless of the micromechanical model that is used to represent the prefracture
damage patterns, the scheme for application of the residual strength equation is
unchanged, a fact that makes application in computer-coded form very conven-
ient. A conceptual flow chart of such a code appears in Fig. 10. Figure 11 shows
an example of the results obtained from the model for tension-tension (R = 0.1)
loading of 48-ply coupon specimens made from AS1/3502 having the stacking
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FIG. 10—Flow chart of cumulative damage model.

- %0

o
>

o
S
]

Residual Strength Ratio

@]
N
T

no stress redistribulion

\— * F2-2
with stress redistribulion and

Tsai - Hill failure fuction

Tension = Tension
— Predicted residual strength
A Observed residual sirength
# Predicled life
O Observed life

] ] ! I | 1

50 100 150 200 250 300
Cycles (thousands)

FIG. 11-—Example of application of model 1o T-T loading and failure, showing the effect of stress

redistribution.


file:///F5-5

REIFSNIDER AND STINCHCOMB ON CRITICAL-ELEMENT MODEL 311

sequence [(0,+45);],,. The maximum stiffness changes observed for this laminate
were in the 10% to 15% range. The phenomenological input for all Jaminates
modeled and tested was

§/S, = 1 - 0.07 log n 4)

as the one-dimensional response of the zero-degree plies. The parameter i was
taken to be 1.2 for all cases considered. If the failure function, F,(n), is taken
to be the equal to the ratio of the fiber-direction stress in the zero-degree plies
compared to the ultimate tensile stress in that direction, an example of the
predicted results is shown in Fig. 11. If internal stress redistribution is ignored,
the prediction is seen to be very poor compared to the data, indicating the essential
nature of internal stress redistribution for this highly fiber-dominated laminate.
If the local failure function, F;{(a), is corrected for two-dimensional stress in the
zero-degree plies using a correction derived from the Tsai-Hill failure theory, the
predictions become quite close to observed values as shown for several cases in
Fig. 12. Further details of the application and development of the model can be
found in Ref 22.

Closure

In the space available, we have been able to present only the fundamental
concepts and the simplest possible example of the critical-clement model, a
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FIG. 12—Several calculations for the model with biaxial correction added compared with ex-
perimental data.
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mechanistic model which can be used to predict the residual strength and life of
composite laminates under arbitrary cyclic loading. While we believe this is a
significant first step, and agreement with data has been satisfactory for a variety
of situations, it should be emphasized that the model is still in very primitive
form. There is great need for better understanding (and analysis) of the internal
stress states associated with critical damage patterns, the nature of (synergistic)
damage development under combined tension-compression loading, the impli-
cations of this approach for notched components, the influence of material system
constituent properties, and the influence of time-dependent response (to name a
few) as inputs to the model. Nevertheless, we believe that the approach and basic
concepts are useful, and offer the model in the hope of at least providing a
stimulus for further work.
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ASBTRACT: The fatigue response of a [(0/45/90/ —45),], T300-5208 graphite/epoxy
laminate with a drilled center hole subjected to constant-amplitude, fully reversed tension-
compression loading was investigated. Damage evaluation techniques such as stiffness
monitoring, penetrant-enhanced X-ray radiography, C-scan, laminate deply, and residual
strength were used to establish the mechanisms of damage development as well as the
relations between this damage and the stiffness, strength, and life of the laminate. Two
load levels provided for fatigue lives of 10° to 10° cycles and significant stiffness reductions.
Damage initiated at the hole as matrix cracking parallel to the fibers in all plies. Matrix
cracks had a significant effect on delamination initiation and growth. Delaminations initiated
near the surface in the densely cracked region at the hole and grew along major matrix
cracks. Delaminations of smaller extent developed later throughout the interior of the
laminate and followed similar growth patterns as those closer to the surface. Compressive
properties degraded more rapidly than tensile properties. At the stress levels used in this
investigation, residual tensile strength increased early in the fatigue life and remained
approximately constant to near the end of life, when failure was precipitated by excessive
laminate instability during the compressive portion of the loading.

KEY WORDS: composite materials, graphite/epoxy, fatigue, damage, delamination, strength,
stiffness, life, nondestructive evaluation, notched Jaminate, tension, compression

Fatigue behavior of fiber-reinforced composite laminates has been the subject
of much research in recent years due to the need for a better understanding of
the long-term behavior of structures containing stress concentrations such as
notches and cutouts. Adhesive bonding, stitching and cocuring have shown great
potential for certain joining applications, but drilling and bolting still remains a
common method of joining composite structures today, especially where disas-
sembly is required. Unloaded circular holes are studied frequently because they
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represent a simple starting point for investigations of the stress state and nature
of damage development in the vicinity of a notch or cutout.

Analytical modeling of the mechanical behavior of composite materials is quite
complex when changes in the state of the material are considered. During static
or cyclic loading, graphite/epoxy composites commonly develop matrix cracks
parallel to the fibers, disbonds along fiber-matrix interfaces, matrix crazing,
delamination of adjacent laminae, and fiber fracture or microbuckling. Collec-
tively, these events that affect laminate life, stiffness, and strength are called
‘‘damage.’’ While the location of some forms of damage initiation can be pre-
dicted at a notch from interlaminar stress distributions, the subsequent direction
and extent of propagation cannot be predicted by analysis of the undamaged
laminate [/,2]. This is due to an extensive redistribution of stress in the damaged
material. As a further complication in analytical schemes, initiation and accu-
mulation of damage are dependent on load history, load rate, method of load
introduction, environmental conditions, laminate material, stacking sequence,
specimen constraint and geometry, and the nature of stress concentrations [3-—
71. To help address these issues, careful experimental investigations are often
required.

It is widely believed that compression-induced damage is of a different nature
in notched graphite/epoxy laminates than tension-induced damage [7]. The rate
of damage development has been observed to be highest for tension-compression
(T-C) fatigue loading when compared to equal peak amplitudes or stress ranges
of T-T or C-C or both [8]. Stress reversal during the load cycle is generally
considered to represent the most severe load case for composite laminates since
both tensile and compressive damage mechanisms are active [5,8-17]. This is
partly due to the coupling of damage modes induced separately in the compression
and tension load excursions. Matrix cracking induced during the tensile portion
of the load may act as a delamination catalyst during compression in some
laminates.

Experiments (such as the present one) involving compression load components
are very sensitive to alignment and constraint conditions. Misalignment of the
load axis with respect to the material axis of elastic symmetry causes out-of-
plane deflection, unsymmetric damage development through the test specimen
thickness or premature specimen failure. An increased amount of constraint (as
in antibuckling supports) can delay the onset of out-of-plane deflection, but some
form of out-of-plane stresses are consequently induced in the material. These
stresses could bias damage development and ultimately the test results.

In the case of compression-dominated loading, experimental results suggest
that failure is primarily matrix-related [6]. This implies matrix cracking, fiber-
matrix debonding, delamination, and fiber buckling in regions of degraded matrix,
which reduce the laminate’s ability to sustain compression load [8-10,12,13].
Compressive residual strength tests, however, are subject to buckling effects,
making definitive conclusions on this material parameter elusive [/0,12,13].
Several investigators have found that the tensile strength of some notched graph-



316 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

ite/epoxy laminates increases by up to 40% after some period of cyclic loading
[2,4,10]. This type of behavior is not thoroughly understood, but has been
suggested to be due to a reduction of the stress concentration by material ‘‘soft-
ening”’ in the damaged area around the notch.

Objectives

The objectives of this study are to evaluate the initiation, progression and
interaction of damage modes in a thick, notched graphite/epoxy laminate sub-
jected to fully reversed tension-compression cyclic loading and to determine
relationships between the damage state and the strength, stiffness, and life of the
laminate.

Experimental Test Program

The material system evaluated in this study was Narmco T300-5208 graphite/
epoxy prepreg arranged in a quasi-isotopic laminate with a stacking sequence of
[(0/45/90/ —45),],. The panels were cured at 179°C (355°F) in an autoclave with
0.69 MPa (100 psi)* pressure for two hours (no post-cure). The mean coupon
thickness was 4.17 mm (0.164 in.). The zero-degree direction coincides with the
loading axis, and positive angles of ply orientation are measured clockwise from
zero. Test coupon dimensions (Fig. 1) were 38.1 mm (1.5 in.) wide by 121 mm
(4.75 in.) long, with a 9.53-mm-diameter (0.375 in.) hole core-drilled through
the center. A slight amount of damage caused by the drilling process consisted
of a small delamination at the last ply interface encountered by the drill. All
coupons were nondestructively inspected before testing to document machining
defects such as these. There was no biasing of damage development due to initial
defects.
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FIG. 1—Test specimen dimensions in inches (mm). Load applied vertically.

* All original measurements were recorded in U.S. customary units.
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Mechanical loading of the specimens was performed in an ambient laboratory
environment using a servo-controlled hydraulic testing machine in the load control
mode. The specimens were accurately positioned in hydraulic grips with align-
ment plates as in Ref 72. Utility cloth of 320 grit was placed between the specimen
and the grip wedges to protect the laminate from grip-induced damage. The first
ten cycles of fatigue loading were applied manually by the operator so that
nondestructive evaluation of the material could be performed after the tenth cycle.
Between 10 and 100 cycles, a function generator was used to apply a sinusoidal
load at a frequency of 1 Hz. Such low frequencies for the first 100 cycles were
necessary to minimize the effects of turn-on transients on the load history of the
test specimen. After 100 cycles, fatigue tests were conducted at a frequency of
10 Hz.

Nondestructive evaluation (NDE) techniques used to monitor the growth of
damage and its effects on global properties were penetrant-enhanced X-ray ra-
diography, ultrasonic C-scan, and static secant modulus change, as detailed in
Ref /4. Zinc iodide has been shown to be an effective penetrant for highlighting
damaged regions of composites for X-ray radiography [/5]. A combination of
radiographs taken at various angles of incidence proved valuable in determining
the distribution of damage through the thickness. Three different angles were
used: 0 deg (face, or through-the-thickness view), 15-deg rotation of the laminate
plane from zero, and 90-deg rotation from zero (edge, or through-the-width view).
The ultrasonic C-scan does not depend on penetration of an enhancing agent,
but the particular device used in this investigation does not provide the resolution
of X-ray radiography. For this reason it is used mainly to verify material integrity
(voids, porosity, etc.) in regions inaccessible to the X-ray penetrant. The C-scan
utilized tap water as a coupling medium between a 15-MHz transducer [6.4-mm
diameter (0.25 in.) beam] and the specimen. A warm-temperature drying cycle
[54°C (130°F) for several hours] in laboratory air after administering one of these
NDE techniques ensures that detrimental moisture diffusion into the laminate is
minimized [/6].

Stiffness change has been used extensively as a means of evaluating damage
accumulation in composite laminates [/4,17]. To measure longitudinal stiffness
change during fatigue cycling, the knife edges of a 25.4-mm (1 in.) extensometer
were positioned in V-notches engraved in flat aluminum tabs centered on the
hole (Fig. 1). The tabs were bonded to the specimen using a compliant silicone-
type adhesive. The extensometer was held to the tabs with rubber bands. This
arrangement enabled removal of the extensometer for other nondestructive ma-
terial evaluation and accurate repositioning thereafter. Dynamic stiffness was
monitored during tests by the operator using a peak-detector, but actual stiffness
data were collected statically by applying monotonic tension and compression
loads at appropriate cyclic intervals.

Residual tensile strength was measured on selected coupons after a predeter-
mined static stiffness loss had been realized. A longitudinal strain gage was
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attached to the thin edge (Fig. 1) of specimens subjected to strength measurements
for interspecimen comparison of strain-to-failure in a region of relatively little
damage. Other coupons were selected to be deplied by partially pyrolizing the
matrix material as in Ref /8. With the aid of a penetrating marking agent (gold
chloride), the deply technique enables detailed information on the location and
extent of delamination to be documented and compared with the other investi-
gative data, such as X-ray radiography, for specimens with approximately the
same damage condition. For this study, ‘‘same damage condition’’ is defined as
equal stiffness change [19].

Preliminary tests using specimens with different lengths were carried out to
determine the effects of unsupported length (UNSL) on strength and life. While
some of these tests were performed by the investigators at Virginia Tech, most
were performed at NASA Langley under comparable testing conditions to verify
the consistency of the data in different laboratories. In static compression tests,
it was determined that UNSL’s less than or equal to 63.5 mm (2.5 in.) caused
crushing failure modes at about the same load (Fig. 2). The NASA data in Fig.
2 represent a mean and range based on the number of tests in parentheses, while
the Virginia Tech (VPI) points each represent a single test. Fatigue test results
suggested that an UNSL of greater than 63.5 mm (2.5 in.) allowed out-of-plane
deflection effects to significantly shorten fatigue life, especially at higher load
levels (Fig. 3). From these findings, a 60-mm (2.35 in.) UNSL was chosen for
the remainder of the tests. Two load levels were chosen as representative of
“‘low’” and ‘‘high’’ fatigue loads. These were £20.0 and =24.5 kN (%4500
and =5500 1b), respectively, or =126 and =154 MPa (=18.3 and *22.4 ksi)
based on the gross, unnotched area. These load levels correspond to remote
longitudinal strains of +2400 and*+2900 j.e.
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FIG. 2—Compressive strength versus specimen unsupported length. NASA data include quantity.
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Results
Static Material Properties

Compressive strength measured with a single specimen having a UNSL of 60
mm was —45 kN (~— 10 kip), or —280 MPa (—41 ksi) based on the unnotched
area (strength and stiffness data shown in Table 1), which is consistent with other
compressive strengths shown in Fig. 2. Ultimate longitudinal compressive strains
measured across the hole and at the straight edge were —7900 and — 5000 pe,
respectively. Visual examination of the compression fracture surface indicated a
crushing mode of failure along a section transverse to the load axis and passing
through the hole (Fig. 4a). Mean ultimate load in tension for seven specimens
was 42 kN (9400 1b), or 260 MPa (38 ksi) based on the unnotched area. Lon-
gitudinal strain data were recorded for two of the tension tests, and are shown
as mean values in Table 1. Mean tensile strains across the hole and on the edge
were 7300 and 4600 e, respectively. Visual observation of the tensile fracture
surface revealed that many —45 deg plies through the thickness had no broken
fibers. That is, these double plies sheared out of the surrounding 90-deg plies,
creating a large delaminated surface in the process (Fig. 4b). Fibers in the near-
surface +45-deg plies remained intact close to the hole. Farther in the interior
and away from the hole, fibers in these plies failed along a transverse section to
the load axis. Fibers in 0-deg plies failed along the underlying + 45-deg transverse
fracture line in the vicinity of the hole. Farther away from the hole, the 0-deg
plies usually fractured more uniformly perpendicular to the load axis.

Mean ultimate load from the seven tension tests was used as a normalization
factor for residual tensile strength tests to be performed on fatigue-damaged
specimens. Ultimate longitudinal tensile strains from two tests were used to
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FIG. 4—Fracture surfaces after monotonic loading: (a) Compression; (b) Tension.

normalize strain data in the same manner. The ratio of strain across the hole to
strain on the straight edge was computed for the undamaged specimens so that
a comparison could be made with specimens damaged by fatigue loading. A
change in this parameter reflects the redistribution of strain as fatigue damage
accumulates. The mean ratios for monotonic compression and tension failure
tests were both equal to 1.6.

Fatigue Life Data

Specimens cycled at the low load level (45% of compressive ultimate atR = ~ 1)
experienced lives of 451K cycles to runouts at 2.6M cycles. At the high load
level (5% of compressive ultimate at R = — 1), lives were between 93K and
315K cycles (Fig. 3).
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Stiffness Response to T-C Fatigue

Three regions can be distinguished in a plot of static, secant, normalized tension
and compression stiffness versus normalized life for high- and low-level fatigue
tests at R = — 1 (Figs. 5a,b). Here, stiffness is normalized to its initial value on
the first cycle (E/E,), while cycles are normalized to the number of cycles at
failure (N/N;). The tension and compression stiffnesses in Fig. 5 for a particular
load level represent data from one test that was representative of typical specimen
behavior. In each case, the first region spanning the first 10% of life is called
Stage 1 and is distinguished by a rapid, but slowing, loss of stiffness. The
compression stiffness decreases faster than tension stiffness during this stage. In
the next 80% of life, called Stage II, stiffness loss rate is the slowest of any time
in the fatigue life of the specimen, and is roughly linear with respect to the
number of cycles. Compression and tension stiffnesses decrease at about the same
rate. Stage III is a period of relatively rapid stiffness change that accelerates in
the last 10% of life. At the high load level, Stage IIl was slightly shorter than
at the low level, and displayed less stiffness drop. During the last stage, apparent
compression stiffness may decrease, increase, or undergo some combination
thereof, depending on the out-of-plane deformation of the highly damaged coupon
relative to the strain measuring device. Tension stiffness does not change as much
as compression stiffness during Stage III. The utility of stiffness degradation as
an indicator of fatigue ‘‘age’’ in different specimens at various load levels is
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evident, as is the correspondence between tensile and compressive stiffness be-
havior. The similarities between the normalized tension and compression stiffness
versus normalized life curves for two different load levels (corresponding to an
order-of-magnitude difference in fatigue life) indicate that change in stiffness,
rather than accumulated cycles, should be considered as a measure of the state
of the material and its residual properties.

Fatigue Damage Mechanisms, Low Load Level (+20.0 kN)

Within the first ten load cycles, O-deg ply cracks appear tangent to the hole.
Cracks in all other off-axis plies form along the hole boundary by 100 cycles.
All matrix cracking initiates randomly through the thickness, but within 1000
cycles is distributed rather uniformly in this respect. Tension and compression
stiffnesses at this time are about 96% to 98% of their initial values, with compres-
sion generally being the lesser of the two.

At 1000 to 5000 cycles, interlaminar cracking begins to take place at the 45/
90 interfaces closest to both surfaces (interface numbers 2 and 30), followed
closely by cracking at 90/ —45 interfaces (interface numbers 3 and 29). This
means that at the point where a 90-deg matrix crack meets the neighboring +45-
or —45-deg ply, the crack turns and follows that interface. The interlaminar
cracking occurs at the 90-deg and 270-deg positions on the hole boundary and
represents delamination initiation. The direction of growth is very consistent in
that the delaminations on opposite sides of the 90-deg crack travel in opposite
directions (Fig. 6).

There are other delamination initiation processes occurring along the hole
boundary at the same time as those at the 45/90 and 90/ — 45 interfaces. At the
first 0/45 interfaces under both surfaces (provided there was no drill-induced
damage there initially), eight individual delaminations initiate in the densely
cracked regions bounded by 0-deg tangent cracks and the hole boundary. Often,
delamination at this interface occurs earlier in the second and fourth quadrants
around the hole, where the 0 and +45-deg cracks overlap each other in adjacent
plies. These surface delaminations grow away from the hole, but are arrested in
lateral growth by the presence of the 0-deg tangent cracks. Within a few thousand
cycles, the edge-view radiograph indicates delamination formation at each 0/45
interface through the thickness in the region bounded by 0-deg tangent cracks
and the hole boundary. Figure 7a illustrates face and edge view radiographs at
SK cycles. The hole appears as a lighter region in the edge view. Note that the
magnification of the edge view is greater than that of the face view. Stiffnesses
measured with the extensometer during this delamination initiation period are
94% to 96% of their initial values.

Between 5K and 10K cycles, the second set of 45/90 and 90/ — 45 interfaces
beneath the surface delaminate in a manner identical to the first, while all trans-
verse matrix cracks extend in length. New delaminations initiate in the ligament
area outside of the 0-deg tangents under the surface plies. This event can be
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FIG. 6—Delamination initiation schematic. Load applied vertically.

sudden, and results in a narrow strip of O-deg fibers buckling away from the
remainder of the laminate within a few compressive cycles. ‘‘Second generation”’
cracks initiate as +45-deg cracks along the length of the existing 0-deg tangent
cracks. Delaminations through the thickness at 0/45 interfaces extend with the
0-deg cracks tangent to the hole. The length of these 0-deg tangent cracks and
delaminations are a function of distance from the surface, with those at the surface
being longest. By 10K cycles, stiffnesses are between 91% and 93% of their
initial values.

Between 10K and 40K cycles, the damage development process begins to
gradually slow as all like interfaces through the thickness delaminate in similar
sequential fashion (Fig. 7b). Note that in several of the radiographs, such as Fig.
7b, the extensometer tabs appear as dark, rectangular areas directly above and
below the hole. These areas should not be confused with damage. ‘“Third gen-
eration’’ cracks appear in the region between the 0-deg tangent cracks when
90-deg cracks initiate along the 45-deg cracks, which in turn initiated from the
0-deg cracks. Assuming that this phenomenon is not caused by a delayed infusion
of zinc iodide into cracks formed earlier in the fatigue life (which could not be
determined), the implication here is that the region above and below the hole
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FIG. 7—X-ray radiographs, low load level, Stage I, edge and face views: (a) 5K cycles; (b) 40K
cycles. Load applied vertically.
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must still bear significant load, even though it is somewhat isolated by 0-deg
cracks. At the straight edge, transverse matrix cracking initiates sequentially in
the 90, —45, and +45-deg plies.

Stage I of damage development is usually completed by 40K to 60K cycles
at the low load level. Continued lateral growth of the outermost 0/45 delami-
nations consists of widening strips of 0-deg fibers buckling away from the re-
mainder of the laminate. This process usually initiates at the underlying + 45-
deg crack that is tangent to the hole and quickly spreads longitudinally in both
directions. While 0/45 interface delaminations are larger at the surface of the
laminate than in the interior, edge radiographs indicate that the delaminations on
either side of the 90-deg plies through the thickness are of equal extent and that
these particular delaminations remain confined to the triangular region formed
by the +45- and —45-deg tangent cracks and the hole boundary. Stiffnesses at
the end of Stage I are between 85% and 91% of their initial values, with compres-
sion being less than tension by about 5%.

Stage II of stiffness degradation and damage development is characterized by
a relatively slow growth of matrix cracking and delamination. In the first half
of Stage II, matrix cracks become denser and longer throughout the laminate,
with most new crack initiation and growth occurring away from the hole bound-
ary. Figure 8a is a magnification of +45-deg cracks initiating along 90-deg
cracks in an area far from the hole (Specimen 2-2 at 100K cycles). Stiffnesses
midway through Stage Il are about 78% to 90% of their initial values (tension
is approximately 5% greater than compression).

During the second half of Stage II, straight-edge delamination growth occurs
in regions of dense transverse cracks, as shown in Fig. 85 for Specimen 6-2 at
90% of life. This type of delamination tends to grow along one of the prominent
+45- or —45-deg transverse matrix cracks that originate tangent to the hole,
and is frequently located on more than one interface near the laminate’s surface.
In the region between the 0-deg tangents above and below the hole, splits occur
in the surface 0-deg ply, allowing the underlying 0/45 delamination to grow
longitudinally. At the end of Stage II, normalized stiffnesses are typically 75%
to 80% of initial values, with compression being 5% to 10% lower than tension.

Since stiffness correlated better with the observed damage state than a simple
cycle count, tensile residual strength and deply data were obtained for specimens
at stiffnesses corresponding to approximately 30% and 70% of life. One pair of
specimens was matched in stiffness degradation for each of the two selected
states of damage. Normalized stiffnesses of the first pair were about 90%, while
those of the second pair were about 88% in tension and 81% in compression.
Nondestructive inspection of these specimens with C-scanning and X-ray ra-
diography supported the contention that a similar state of damage had been
induced in each of the matched pairs. One specimen of each pair was deplied,
and the other specimen was monotonically loaded in tension to failure. Tensile
residual strength was also recorded at impending laminate fatigue failure.

Schematic reproductions of gold chloride tracings through one half of the
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FIG. 8—X-ray radiographs, low load level, Stage II: (a) Fourth quadrant matrix crack initiation;
(b) End of Stage II.
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deplied, early Stage 1I laminate are illustrated in Fig. 9. Damage through the
second half of the laminate was verified to be symmetric with that in the first
half. Each diagram in this figure depicts the extent of damage at the interface of
two plies of different orientations. The two crossed lines in the upper right corner
of a diagram represent the orientations of the adjacent plies at the interface
illustrated, and the numbers in the upper left corner are the interface identification
numbers. Number 2, for example, is the second interface from the front surface,
which separates 45-deg and 90-deg plies. Large shaded areas indicate large-scale
delamination, whereas thin black lines represent matrix crack tracings from cracks
common to that interface.

The effect of thickness on delamination is evidenced by noticing the much
larger extent of the first interface delamination compared to the others in the
interior. At interior 0/45 interfaces, delaminations follow the 0-deg tangent cracks
in path. In the region outside of the O-deg tangents, delaminations grow normal
to the O-deg tangent cracks and normal to prominent +45-deg cracks extending
from the hole boundary. Delamination initiation at 0/45 interfaces seems to occur
just above and below the 90- and 270-deg positions on the hole boundary, between
the 0-deg tangents. The +45- and —45-deg cracks tangent to the hole form a
well-defined boundary containing delamination growth along 90-deg plies. Dense
cracks in any two adjoining plies often act as microdelamination initiation sites.
These microdelaminations are not visible in Fig. 9, but they initiate as small
web-shaped regions in the acute angles formed by the crack crossings. This
phenomenon occurred most often along the 90-deg plies, and to a lesser extent
along the 0-deg plies. A delamination’s growth is suspected to be influenced by
microdelamination coalescence along its frontier. However, as seen in the series
of delamination schematics, large matrix cracks parallel to fibers could arrest
delamination growth for a certain length of time. It should be kept in mind that
the delamination growth sequence cannot be stated positively due to the non-
continuous nature of damage monitoring via the deply technique.
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FIG. 9—Gold chloride tracings between deplied laminae.
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As Stage II progresses, deply data indicate that most new delamination growth
occurs at the first 0/45 interface beneath the surface. The 0/45 delaminations
deeper in the interior of the laminate grow at a much slower rate, and the 45/
90 and 90/ — 45 delaminations grow very little if at all. Large matrix cracks in
+45, —45, and 90-deg plies effectively arrest delamination growth at their
respective interfaces throughout this stage of damage development.

The residual tension test data for the laminates in Stage II are given in Table
1. The tensile strength increased to roughly 110% of mean initial strength in the
first half of Stage IT (within the scatterband of initial strength), and 140% in the
second half. Therefore, Stage II is a period of tensile strength increase. During
early Stage II, the ultimate longitudinal strains across the hole and on the edge
were 120% and 110% of the mean initial values, respectively. The ratio of strain
across the hole to that at the straight edge was 1.8, or 10% above the initial
value. During late Stage II, the hole and edge strains had increased to 160% and
130% of initial values, respectively. The ratio of hole/edge strain had increased
to 1.9, or 120% of the initial value, which reflects the effect of damage con-
centrated near the hole. Post-failure examination of a typical residual tension test
specimen (Fig. 10a) reveals a fracture surface that resembles that of a tension
test specimen with no cyclic load history. The fracture surface area increases
with increasing damage, which may support the hypothesis that it is indeed a
load redistribution (over a larger area) that causes notched laminates to undergo
a residual strength increase. The double —45-deg plies through the thickness
still show little evidence of fiber fractures. Aside from the surface 0-deg plies,
which fractured over a highly irregular path, there is no significant difference in
the appearance of fractured plies of similar orientation through the thickness.

Stage III comprises approximately the last 10% of finite fatigue life, but never
occurs in runout fatigue tests. Tension stiffness declines nearly 10% of the initial
stiffness, for a cumulative stiffness reduction of 20% to 40% of the initial value.
Compression stiffness may change an additional 30% of the initial value in the
positive or negative direction. A slight amount of nonlinearity may appear in the
load-strain relation near the end of life.

In the early part of Stage III, delaminations in the laminate begin to spread
rapidly in all directions. Just prior to the final failure event, one or more delam-
inations in any of the first few interfaces below the surface may extend contin-
uously from the hole to the straight edge (Fig. 11). Matrix cracks do not increase
significantly in density or extent during this stage. Visual observation of a spec-
imen at the end of life reveals localized buckling of sublaminates near the surface
of the laminate during the compression portion of the loading.

Due to difficulties in achieving a later Stage III damage state at the low [+£20.0
kN (%4500 1b)} load level, the fatigue load was raised to =22.3 kN (%5000 Ib).
This specimen showed signs of impending failure (rapid stiffness loss) at 961K
cycles, and thus could be considered along with the other low-load-level tests
that displayed a similar state of damage at over a half-million cycles. Tension
and compression stiffnesses were 84% and 87% (increasing due to out of plane
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®)

FIG. 10—Fracture surfaces: (a) Residual tension test, low load level, late Stage II (rear view);
(b) Farigue failure, low load level.
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FIG. 11—X-ray radiographs, low load level, end of life, edge and face views. Load applied
vertically.

deformation), respectively. Residual tensile strength was about 120% of its initial
value, meaning that even at imminent failure, the tensile strength does not de-
crease significantly or enough to cause a tensile mode of failure. The ultimate
strains at the hole and edge had increased to 140% and 120% of initial values,
respectively (Table 1). The ratio of strain at the hole to that at the edge increased
20% to a value of 1.9. This information on uitimate load and strain change during



332 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

progressive fatigue damage in a notched laminate suggests that the damage indeed
‘*softens’’ the material in the vicinity of the notch in a manner that ultimate
tensile strength is increased, but the compressive strength (or load at instability)
is decreased. The large failure surface resembled that seen typically in Stage II,
and involved many of the large delaminations visible via radiography.

A photograph of a specimen that failed in low-level fatigue is shown in Fig.
10b. Note the highly dispersed fracture surface that is characteristic of highly
damaged specimens. Laminate failure was caused by the localized buckling of
delaminated groups of laminae and the resulting loss of compressive stiffness.

Fatigue Damage Mechanisms, High Load Level (£24.5 kN)

Damage development at the high load level [£24.5 kN (%5500 1b)] is quite
similar to that at the low load level when chronicled according to normalized
stiffness. Figures 5a and 5b show that the static stiffness loss as a function of
percentage of life is similar for the two load levels used in this study. Residual
tensile strength‘achieves a steady-state value of approximately 130% of the initial
mean value by approximately 30% of life (earlier than in the low-level tests),
and remains:nearly constant to impending fatigue failure (Table 1). As in the
low load level, fatigue failure is caused by large delaminations and the resulting
compressive instability. Additional details can be obtained in Ref 19.

Discussion ;
Damage Mechanisms During Tension-Compression Fatigue (R = —1)

Excellent correlation between the amount of stiffness degradation, nature of
the damage state, and fatigue age (or residual life) of the notched laminate was
realized. Continuous monitoring of stiffness degradation suggested the classifi-
cation of life into three stages which correspond to different phases of the pro-
gressive development of damage. The first stage consisted of rapid stiffness loss
and initiation of most unique modes of damage through the laminate thickness.
The second stage consisted of relatively slow stiffness loss and damage growth.
The last stage coincided with the accelerating rate of damage events and stiffness
loss that preceded failure.

Tension and compression stiffness retentions measured across the hole were
between 40% and 80% of their initial values by the end of life. Stiffness deg-
radation in compression was larger than that in tension, and was more sensitive
to slight out-of-plane displacements of the locally delaminated test specimens.

Initial damage appeared in the form of transverse matrix cracks in off-axis
plies around the hole, and 0-deg cracks tangent to the hole. Delamination initiation
and growth were affected by the presence of prominent matrix cracks at the hole.
Zero-degree cracks and their associated delaminations grew faster near the surface
of the laminate. Delamination growth along the 90-deg plies was arrested by
large cracks at the hole, and was not strongly affected by distance from the
surface for much of the fatigue life.
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At the two fatigue load levels considered in this investigation (45% and 55%
of compressive ultimate load, R = —1), load level did not significantly affect
the delamination initiation sequence. The typical specimen delaminated first at
the outermost 0/45 interface in the second and fourth quadrants around the hole,
and soon after at the outermost 45/90 near the 90- and 270-deg positions around
the hole. Delaminations later filled in the first and third quadrants at 0/45 in-
terfaces, and initiated in similar fashion at all interior interfaces. Toward the end
of life, delamination growth accelerated, especially at interfaces near the surface
and at the straight edges of the test specimen.

Microdelamination initiation was seen away from the hole at the crossing of
transverse matrix cracks in adjacent plies, especially near the surface. The leading
edge of a growing delamination was sometimes uniform and bounded by a large
matrix crack. At other times it appeared irregular due to scattered microdelam-
inations.

Residual Tensile Strength

During T-C fatigue, tensile strength increased during the first 10% to 40% of
life to a maximum of 140% of the undamaged strength. This increase was slower
at the lower of two load levels. Residual tensile strength remained approximately
constant to the end of life, when the coupons failed in a compressive mode.
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ABSTRACT: The initiation and growth of damage due to compressive cyclic loading was
investigated in [*45,/0,], graphite/epoxy laminates where the *‘effective ply thickness’’
was varied by allowing n to take on the values 1, 2, and 3. A total of 35 axially loaded
sandwich specimens with 6.35-mm-diameter holes were cycled at 7 Hz at peak stress levels
of 52% to 72% of the static ultimate compressive stress of 425 MPa (which was experi-
mentally determined to be independent of the value of n). Out-of-plane moiré interferometry
and pulse-echo ultrasound techniques were used to nondestructively inspect the specimens
and showed that three distinct modes of damage growth occur in these laminates. Delam-
ination which initiates at the hole and grows in a radial or transverse fashion occurred only
in 60% of the [+45/0], specimens. For these two types of damage, the growth was rapid
and led to catastrophic failure of the specimen. The remainder of the [£45/0], specimens
and all the laminates where the effective ply thickness was doubled and tripled, [ +45,/0,],
and {+45,/0,],, exhibited delaminations which initiated at the hole edges and grew parallel
to the load direction with the width of the delamination equal to the width of the hole.
Catastrophic failure did not occur in these cases. There is a linear relationship between the
delamination length and the logarithm of the number of applied load cycles in all these
cases. However, the delamination initiated earlier and at lower stress levels for laminates
with larger effective ply thicknesses. Specimen sectioning and microscopic examination
show that this damage depends on the development of splitting in the 0-deg plies and
subsequent delamination as a result of shear failure at the —45°/0° ply interface in the
region between the splits. Several [0/ £45]; and {0,/ 45,], coupon specimens were cycled
in tension and this splitting and subsequent delamination also developed. Residual tensile
strength tests conducted on graphite/epoxy coupons debonded from the honeycomb after
cycling showed a 50% increase in tensile strength over undamaged specimens with 6.35-
mm-diameter holes. This is attributed to the redistribution of stress around the hole due to
the relieving of stress concentration in the 0-deg plies by the splitting and delamination.
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The response of materials to repeated load is an important engineering concern.
The damage which develops under cyclic load controls the usefulness and life
of the material. In metals, fatigue damage is generally in the form of a single
dominant through-crack and methods have been developed and are utilized to
predict crack growth due to repeated loads. However, the multiplicity of damage
modes in composite materials [ /—-3] makes the characterization of damage growth
in composites a much more formidable task. The specific problem of delamination
growth due to interlaminar stresses and localized buckling is unique to composite
materials [4-6].

A number of factors affect the mode of damage and the growth rate in com-
posites subjected to repeated loads. Among these are the type of loading, the
orientation of the individual plies, the material used, and the stacking sequence
of the laminate. The stacking sequence and ply orientations are especially im-
portant in terms of the interlaminar stress field generated at free edges. It has
been shown that the interlaminar stresses at the free edge of a straight-edged
specimen subjected to quasi-static tension load can cause failure due to delam-
ination [7]. Recent work by several authors [7-/0] has shown that an important
parameter in determining when this delamination occurs is the thickness of the
individual plies. As the layer thickness increases, the interlaminar stresses as-
sociated with the free edge will increase proportionally. Thus, the thicker the
ply layer, the more likely that delamination will result due to these interlaminar
stresses. O’Brien [//] has recently developed a technique using the strain energy
release rate to account for this thickness dependence.

This out-of-plane damage mode is not limited to straight free edges of com-
posite laminates, but can occur at other free edges such as at a hole [/2]. Lucking
et al [/3] have shown that the interlaminar stress field in the vicinity of a hole
1s dependent upon the hole radius-to-thickness ratio. Their results of [0/90],
composite laminates with circular holes demonstrate that the maximum interlam-
inar normal stress increases with increasing radius-to-thickness ratio. This implies
that the ply thickness effect found for straight free edges should also exist for
notched laminates which delaminate.

Since interlaminar stresses are important in causing damage in composite
laminates under cyclic load, it would seem likely that the ply thickness will have
an important effect on the development of such damage since the interlaminar
stress field will be altered. This is the subject of the current investigation.

Scope of Work

The main thrust of the current investigation is to examine the effect which ply
thickness has on the development and propagation of damage in composite lam-
inates subjected to compression-compression cyclic loading. The impact of ply
thickness on the residual strength of these damaged laminates is also investigated.

The [=45/0], family of laminates was chosen for investigation since differing
damage modes exist for this type of laminate. Previous authors have reported
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different damage modes for this laminate family due to a simple change in stacking
sequence. Investigators who have looked at this laminate with the O-deg plies
on the surface [14,15], that is [0/ +45],, under tension-tension fatigue report that
the major damage mode is due to axial cracks which develop from the notch in
the outer 0-deg layer and delamination of this layer between these cracks. Similar
damage has been reported for this type of laminate when subjected to compres-
sion-compression loading [/6-18]. Rosenfeld and Huang [/6] have suggested
that by placing other plies besides the O-deg plies on the outside surface, this
type of damage can be restricted. Fanucci and Mar [/9] did this by testing
[+45/0], specimens in compression-compression and found that the damage
mode was delamination which propagated in a radial fashion away from the hole.

In addition, several of these authors [14,15,17] have observed that the residual
tensile strength increases after axial cracks develop in the [0/*45], laminate.
Therefore, this investigation also looks into the tensile residual strength of the
specimens after they have been damaged by exposure to cyclic compressive load,
and the effect that ply thickness has on this residual strength via the damage
which is induced.

Experimental Procedure
Specimen Configuration

The specimen configuration used in testing is especially important in compres-
sion. The specimen and any associated supporting structure must minimize stresses
due to specimen bending but not restrict failure modes of the material from
developing due to local constraints. A number of jigs have been developed and
used with varying success. In this program, it was necessary to not only load
the specimen in compression but also to closely monitor damage development
around the hole. Thus, any antibuckling jig would need to leave the area around
the hole free for nondestructive inspection. Phillips [20] showed that the cyclic
life of a composite specimen with a cutout was dependent upon the cutout size
in the support plates. This problem is exacerbated in this case due to the fact
that relatively thin laminates (six to eighteen plies) were investigated. In addition,
antibuckling plates can restrict the development of delamination damage in
compression via local ply buckling.

Success has been achieved in testing thin composite laminates in compression
by using a sandwich beam [/8,21]. This previous work was conducted on four-
point bend specimens. This bending does introduce local stress concentrations
in the material and also is not conducive to certain types of nondestructive
investigation techniques (such as the moiré method).

For this work, the basic sandwich specimen was adopted but was tested as an
axial column. A schematic of the specimen is shown in Fig. 1. The specimen
consists of two 50-mm face sheets of graphite/epoxy of the same laminate con-
figuration.
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FIG. 1—Physical characteristics of the sandwich specimen.

The material used throughout the program was Hercules AS1/3501-6 graphite/
epoxy unidirectional preimpregnated tape supplied in 300-mm-wide rolls and
stored at temperatures below — 18°C. The prepreg was cut using Stanley knives
and laid up with the use of a jig to assure proper fiber angles from ply to ply.
The material was cured as 300-mm by 350-mm plates in an autoclave under 0.59
MPa and 762-mm Hg vacuum in a two-step process: a one-hour hold at 116°C
and a two-hour hold at 177°C. The cured plates were postcured in an oven at
177°C for eight hours. The complete laminates were cut into 50-mm-wide strips
on a milling machine with a specially designed table using a water-cooled diamond
wheel. All specimens had 6.35-mm-diameter holes drilled in them with the use
of a diamond-coated drill and reamer set and a standard drill press. Water cooling
was used in the drilling process. This process resulted in smooth-edged holes
with no back-ply delaminations.

All specimens were inspected nondestructively using the pulse-echo ultrasound
technique to locate any major flaws due to manufacturing. No delaminations
were discovered using this process.

The completed graphite/epoxy face sheets were bonded onto a honeycomb
support structure using film adhesive FM-123-2 supplied by American Cyanamid.
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This process was conducted in an autoclave at 0.24 MPa and 107°C for two
hours. The core consisted of two different types of aluminum honeycomb. The
central part of the core in the test section had a low-density (72 kg/m?®) aluminum
honeycomb while the end sections, 90 mm in length, had a high-density (354
kg/m’) aluminum honeycomb. These three individual pieces of honeycomb were
bonded end-to-end with a room-temperature cure epoxy before final bonding of
the graphite/epoxy face sheets. The high-density aluminum honeycomb was
chosen for the ends so that there was sufficient support to prevent crushing of
the core when the specimens were gripped by the hydraulic grips. The low-
density honeycomb was chosen for the test section so as to provide minimal
restriction of the face sheets.

A test program was conducted to check the validity of this specimen and is
reported by Nolet [22]. One important point which surfaced from this investi-
gation was that the honeycomb should be aligned such that the ribbon direction
runs parallel to load application for compression testing. It was found that such
an arrangement least restricted Poisson’s effect whereas placement of the
honeycomb in the other orientation (ribbon direction perpendicular to compressive
load application) restricted Poisson’s contraction by 15 to 20%, thereby creating
residual stresses in the face sheets.

A secondary bond was performed to place glass/epoxy loading tabs made of
Scotchply Type 1002 on each end of the specimen using the FM-123-2 film
adhesive. The tabs were of the [0/90],,, configuration with m equal to 2 (eight-
ply tabs) for six-ply face sheets and m equal to 3 (eighteen-ply tabs) for 12-ply
and 18-ply face sheets. These loading tabs were 75 mm in length. Thus the area
of high-density honeycomb extended beyond the grip area. This was done to
minimize local rotation and stress concentration which would occur if the low-
to high-density honeycomb interface coincided with the tab end.

Longitudinal strain gages were bonded onto all specimens which were tested
quasi-statically in order to obtain data to determine longitudinal moduli. This
measurement was used as a means to check the quality control. Strain gage type
EA-09-125AD-120 manufactured by Micro Measurements was used throughout.
The gage was located away from the hole, as pictured in Fig. 1, in order to
measure the far-field strain.

Test Matrix

As previously mentioned, the [+45/0]; family of laminates was chosen for
this investigation. The *‘effective ply thickness’’ of the graphite/epoxy was varied
from 0.134 to 0.268 to 0.402 mm by sequentially laying up one, two, or three
plies of the same lamination angle. This resulted in the three laminates
[+45/0],, [£45,/0,],, and [*£45,/0,],. The nominal per-ply thickness of the AS1/
3501-6 graphite/epoxy used throughout in reporting stresses is 0.134 mm. The
manufacturing process yielded an average per-ply thickness of 0.133 mm
with a coefficient of variation of 2.4%.
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Both static and cyclic compression tests were conducted on the three laminates.
Static tests were performed in order to experimentally obtain longitudinal modulus
and the fracture stress to ascertain whether the effective ply thickness had an
effect on the static fracture, Each of the three laminates was cycled at three
maximum stress levels at a stress ratio of 10. The stress levels varied for the
three different families and were, in part, dependent upon results obtained from
previous tests.

A total of 56 specimens was tested in this program. Twenty-one of these were
tested in static compression while the remaining 35 were tested under compres-
sion-compression cyclic loading. The entire test matrix is given in Table 1.

Test Procedure and Damage Detection

Testing was accomplished on an MTS 810 Material Test System with the aid
of hydraulic grips. The static specimens were loaded at a constant stroke rate of
0.33 mm/min, yielding an approximate strain rate of 1800 microstrain/minute.
Load and strain data were recorded through an automated data acquisition system
using a PDP-11/34 computer. The tests were run monotonically to failure.

Cyclic testing was accomplished under load control with sinusoidal loading at
a frequency of 7 Hz. A constant stress ratio of ten (minimum stress/maximum
stress) was used for all tests.

Delamination growth was monitored during each cyclic test using one of two
nondestructive inspection (NDI) methods. Since each specimen consisted of two
graphite/epoxy face sheets, both sides were monitored and two sets of data were
obtained for each specimen tested. The two NDI methods used are out-of-plane
moiré interferometry and pulse-echo ultrasound.

Moiré out-of-plane interferometry has been successfully used to detect damage
in graphite/epoxy laminates under compression-compression loading {/9]. The
moiré test setup used for this investigation consisted of 10-by-10-cm plates with

TABLE |—Experimental test program.

Laminates”
Peak Compressive
Test Type Stress, MPa [+45/0], [%45,/0,], [+45,/0,],

Monotonic to failure failure stress 9 8 5
Cyclic 320 2 A

Cyclic 287 12 8 A
Cyclic 265 . 4 1
Cyclic 253 2 L -
Cyclic 243 S 2 1
Cyclic 221 S S 3

“All specimens have 6.35-mm-diameter holes.
*Number indicates number of specimens tested.
“All cyclic tests are compression-compression with a stress ratio (7,,,/d,,,,) of 10 run at 7 Hz.
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etched parallel lines (40 lines/cm) positioned parallel to both faces of the spec-
imen. The plates were held by a set of three-degrees-of-freedom clamps that
could align the glass within 0.5 mm of the composite. Collimated strobe lights
were positioned at an angle of 45 deg and a distance of 50 cm to each composite
face. The strobes were fired by a pulse from the function generator at the peak
load of the cycle. This provided a stop-action view of the specimen during testing
with the moiré pattern clearly displayed over both faces of the composite. The
surface of the composite was spray painted with silver enamel to increase the
contrast of the moiré patterns for photographs. This setup allows out-of-plane
deflections to be picked up via the interference pattern created by the collimated
light which shines through the grid. The smallest out-of-plane displacement that
could be picked up with this system is 0.25 mm.

Moiré photographs were taken automatically at a preset frequency of 5000
cycles without halting the test. However, delaminations tended to grow quickly
once initiated. When the growth rate of the delamination exceeded approximately
10 mm per 5000 cycles, the frequency of picture taking was increased to every
2000 cycles. This damage size is defined as the maximum linear distance of the
damage area in any direction. The damage area was later measured from the
negatives of the photographs projected onto a flat screen. The hole is used as a
size reference.

The moiré interferometry was used for all the cyclic tests of the [+45/0];
specimens and the first five tests of the [+£45,/0,], specimens. In these latter five
tests it was discovered that the out-of-plane deformation was insufficient to be
detected by the moiré setup although a delamination did exist. This is due to the
delaminated region being thicker than in the previous laminate and the local
buckling causing a smaller out-of-plane delamination. For the remainder of these
specimens and all the specimens of the [*+45,/0,], laminate, delamination was
monitored using the pulse-echo ultrasound technique. This inspection was ac-
complished with a Nova-Scope 2000 Digital Pulse-Echo Ultrasonic Thickness
Gage with an NDT Instruments DIR transducer. The tests were stopped at 50
to 5000 cycle intervals to allow for manual inspection of the two face sheets.
The frequency of inspection was chosen to ensure that the damage would not
grow more than 10 mm in any direction between inspection intervals. Prior to
the onset of delamination, the laminate was inspected at least every 1000 cycles.
After the onset of delamination, this inspection interval was adjusted accordingly.
A ruler was used to measure the length of the delamination as indicated by the
ultrasonic technique, in terms of the maximum straight-line distance from the
hole edge to the edge of the delamination as illustrated in Fig. 2. These mea-
surements are accurate to 0.5 mm.

All cyclic tests were stopped when either failure occurred or damage grew to
a size at which it was felt that failure would occur before the next inspection
cycle. It was desirable to prevent failure of damaged cyclic specimens so that
tensile residual strength tests could be run.
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FIG. 2—Definition of longitudinal delamination length.

Experimental Results
Static Tests

The average compressive longitudinal moduli and failure stresses as well as
the respective coefficient of variation (CV) are presented in Table 2. In all cases,
the stress was determined based on the nominal thickness of the graphite/epoxy
face sheets. The theoretical longitudinal modulus for these laminates is 57.7 GPa.
This is calculated using classical laminated plate theory and the basic unidirec-
tional ply elastic constants for Hercules AS1/3501-6 of

10.5 GPa

Ey 130 GPa Ey

G LT

6.0 GPa v = 0.28

TABLE 2—Results of compressive monotonic to failure tests.

Longitudinal Moduli Fracture Stresses
Laminate® E., GPa Cv ow, MPa Cv
[+45/0], 56.3 4.4% 423 9.1%
[+45,/0,], 57.4 4.1% 421 7.7%
[£45,/0;], 57.0 5.8% 429 8.4%

“All specimens have 6.35-mm-diameter holes.
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where the subscript L indicates the fiber direction and the subscript T the trans-
verse direction. It can readily be seen that the measured moduli agree very well
with the prediction. A typical stress-strain plot for these specimens shown in Fig.
3 indicates some softening behavior (that is, a reduction in modulus) but no strain
discontinuities indicative of gross damage. This softening results in 10% reduction
of the tangent modulus at failure.

The fracture stress results clearly show that the static failure is independent of
ply thickness. This indicates that the static failure is not a result of interlaminar
stresses but is an in-plane phenomenon as is indicated by the postmortem failure
mode picture in Fig. 4. It is important to point out that the failure stress reported
for these specimens is actually the failure stress of the weaker of the two face
sheets of the specimen. When one face sheet fails, this induces gross bending
resulting in failure of the remaining graphite/epoxy face. The average fracture
stress will thus be slightly lower than if tests were conducted on the individual
face sheets since the higher fracture stress of the stronger face sheet will not be
attained.

Cyclic Test Results

Three distinct damage modes were observed in the cyclic tests. The first type
of damage occurred only in the [+45/0]; laminates and generally at relatively
high stress levels. This damage mode is characterized by rapid growth perpen-
dicular to the load direction which caused failure of the specimen within only a
few cycles. This damage type was accompanied by loud clicking and popping
sounds and was difficult to record through the moiré setup since the damage

+45./
( 45n On]5
o 500 6.35 mm HOLE
[«
=
v 400
w
w
@
—
v 300
w
>
8 200
]
@
S
Z 100
(&
| | ! 1

2000 4000 6000 8000
LONGITUDINAL STRAIN, microstrain x{-1}

FIG. 3—Compressive stress-strain behavior of [+45,/0,), laminate with a 6.35-mm hole.
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FIG. 4—Postmortem failure mode of a [+45,/0,], laminate with a 6.35-mm hole loaded in static
compression.
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grew to failure within only a few cycles. This type of damage occurred in five
of the [+45/0], specimens and failure generally occurred nearly simultaneously
with damage initiation. In these cases, the postmortem appearance of the specimen
was similar to those tested under static load, indicating the existence of transverse
cracks in the +45-deg plies as well as general delamination.

The second type of damage again occurred only in the [£45/0], laminates.
This damage mode is the same as that observed by Fanucci and Mar [/9] in that
delaminations formed along the edge of the hole at one or more locations and
grew in a radial fashion away from the hole. This delamination growth was slow
at first, but as the area of delamination increased, the growth became very rapid.
A typical sequence of moiré photographs showing this growth is in Fig. 5. Seven
of the [+45/0], specimens showed this type of damage. Two of these specimens
were sectioned across the delaminated area using a water-cooled diamond wheel
resulting in a smooth surface for inspection. The edges of the cut specimen were
examined under a microscope at X 50 magnification. This inspection showed
massive damage with delamination at al] ply interfaces as well as transverse
cracks throughout the thickness. The transverse cracks were prominent away
from the delamination front, indicating that these cracks form after the delami-
nation front moves by that region.

The remaining [+45/0]; and all of the [£45,/0,]; and [£45,/0;], specimens
exhibited the third type of damage growth which extended along the longitudinal
axis of the laminate parallel to the applied load. Moiré photographs of a damage
sequence of this type are shown in Fig. 6. It is important to note that the width
of this damage is the same as the diameter of the hole as the damage grew along
two lines defined by the longitudinal lines tangent to the edges of the hole as
illustrated in Fig. 2.

An inspection of several specimens with longitudinal delaminations was made
to verify these NDI results. A transverse cut was made through.the delaminated
area, as previously described, and the edge of the cut specimen examined through
a microscope at X 50 magnification. Figure 7 shows a photograph of a typical
cross section. Two symmetric delaminations can clearly be seen at the —45°/0°
ply interfaces. This delamination is centered in the laminate and is 6.35 mm in
width as is the hole in the laminate. Close inspection of these photomicrographs
also reveals that two matrix splits are located in the 0-deg plies at either end of
the delamination.

A summary of all the results for the cyclic tests is presented in Tables 3 through
5 for the three different laminates. Of special interest in these three tables is the
damage type which developed in each of the faces. The key used is:

NDD = no detectable damage,
TD = transverse damage (Type 1)
RD = radial delamination (Type 2), and
LD = longitudinal delamination (Type 3).
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| S

1 MM

FIG. 7—Photomicrograph of cross section through longitudinal delamination of |£45,/0], spec-
imen.

The number of cycles to initiation is the experimental value of the first inspection
interval when damage was detected.

Growth Rate of Longitudinal Delamination

The total length of the longitudinal delamination, 2a, is characterized by the
sum of the lengths of the two branches: one above the hole, a,, and the other
below the hole, a,, as illustrated in Fig. 2. This length was plotted versus the
logarithm of the number of applied load cycles for all the specimens which
exhibited this type of damage. It was observed in these cases that this relation
was nearly linear as illustrated in the typical experimental plot of Fig. 8.

Daken [23] has shown that the growth of splits from a notch in unidirectional
composites under tension-tension cyclic load can be correlated by an equation
of the form

2a = ~A + B log(N) (1)
where
N = number of applied load cycles,
2a = total delamination length, and
A, B = constants to be determined.

Daken originally used a natural logarithm correlation, but it seems more consistent
to use a base-10 logarithm since it is more convenient to plot the data on a scale
based on base-10 logarithms.
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TABLE 3-—Cyclic test results for [£45/0), specimens.

Specimen Peak Compressive Damage Cycles To Cycles At
No. Face Stress, MPa Type Damage Initiation Test End
T B ™ w
W B W
s e B e
4 8 287 L o 305 000
3 8 287 N 10600 10 100¢
6 8 287 e 160 000 290 000
7 A 287 e 145 000 239 000°
8 a 287 N is €00 48 600"
S S A R
10 8 287 D 15 000 55 400°
e B e
12 5 287 o o 161 000
. B 287 RD. 10 000 23 000
14 o 287 e 3300 3 300
cE 2 RD ssop 400000
16 g‘ 253 N 165 600 400 000

“Transverse damage.

®No detectable delamination.
“Radial delamination.
“Longitudinal delamination.
“Test stopped due to failure.

Linear regressions were performed on the longitudinal delamination growth
data for each graphite/epoxy face sheet in order to determine the values of the
parameters A and B. Having determined the values of A and B, two important
parameters can be calculated which characterize the delamination growth rate.
These are the number of cycles to initiation, Ny, and the initial growth rate of
delamination, (2 X da/dN),. These are determined using the relations:

N() = lOA/B (2)

™~
e
Ql&
RS
S—
53
|

B
= 0.4343 — 3)

0
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TABLE 4—Cyclic test results for [£45./0.), specimens.

Specimen Peak Compressive Damage Cycles To Cycles At
No. Face Stress, MPa Type Damage Initiation Test End
I a 287 DD - 110 000
z n 287 N 120 000
¥ 5 287 oD 83 000
¢ " 287 op o 12 000
5 5 287 1o o 84 000
cr w0 o o
7 2 287 o Lo 12 000
8 . 287 o 1o 14 000
? n 265 0 o 48 000
1o a 265 0 o 60 000
1 5 265 g o 13 000
12 5 265 0 P 20 000
13 s 243 e 10/000 50 000
S
“Specimen monitored via moiré interferometry; all others monitored with ultrasound.
*No detectable delamination.
‘Longitudinal delamination.
“Unknown, longitudinal delamination found by sectioning coupon.
TABLE S—Cvclic test results for [x45:/0:], specimen.
Specimen Peak Compressive Damage Cycles To Cycles At
No. Face Stress, MPa Type Damage Initiation Test End
! n 265 e S 3000
2 a 243 o o 9 000
3 a 221 o s o 59 000
4 a 21 o o 85 000
5 A 21 L o 50 000

“Longitudinal delamination.
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° [3452/0z]s — linear fits
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FIG. 8—Typical plots of longitudinal delamination length versus logarithm of the number of
applied load cycles.

The average results for these calculations are listed in Table 6 for the three
laminates tested. These results show that the initiation of this type of damage
occurs considerably earlier for increased stress levels. The effective ply thickness
has an even more dramatic effect on both the cycles to initiation and initial
damage growth rate. A twofold increase in the effective ply thickness causes
approximately a 40-fold decrease in the number of cycles to damage initiation.
This twofold increase causes a 20-fold increase in the imitial delamination growth
rate.

The cycling of these specimens was halted before final failure. However, final
failure would most likely not occur solely due to this longitudinal delamination

TABLE 6—Average results of linear regressions on longitudinal delamination growth.

. da
Peak Compressive (-) , mm/cycles

Laminate Stress, MPa N,, cycles Cv dn/,
{+45/0], 287 131 000 61% 5.7 x 107*
[+45,/0,], 287 2 900 49% 1.0 x 1072

265 5300 51% 7.1 x 107?

243 19 500 76% 1.8 x 107°
[£45,/0:], 265 “

243 790 14% 2.4 x 107

221 8 200 57% 2.9 x 107°

“Damage grew from end to end of specimen before second inspection cycle.
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mode. This damage mode is limited by the length of the test section. Once the
delamination approaches the tabs, the effects of load introduction would become
important and the results would no longer be valid.

Discussion

The existence of three distinct damage modes in the [*+45/0], specimens
indicates that there is a ‘‘competition’ among various mechanisms to cause
damage at a hole in these laminates. The transverse damage mode generally
occurs at high stress levels and is a very rapid growth which causes final failure
after relatively few applied load cycles. This may be related to the threshold
stress level for cyclic loading reported by Black and Stinchcomb [24].

The radial delamination mode is also characterized by rapid growth, though
not as rapid as the transverse mode. Once the delamination initiates, this latter
mode can grow by a local buckling of the delaminated section. This local buckling
can create large peel stresses at the delamination front which can cause further
and more rapid growth. It therefore seems plausible that this damage mode may
be attributable to tensile interlaminar normal stresses acting at the edge of the
delamination front due to the local buckling which causes a Mode 1 type delam-
nation growth. Wilkins et al [25] have shown that a Mode 1 growth in composites
tends to be a very rapid phenomenon and may be treated as a static problem.
Although no calculations were performed on the relative contributions of Modes
1 and 11 for this case, the experimental results seem to confirm this observation,
especially in the fact that the relatively rapid delamination growth resulted in
failure at a low number of applied load cycles. In addition, although transverse
cracks did occur in the *=45-deg plies, their location behind the delamination
front indicates that they may be a secondary mode.

The third type of damage which occurred in the [£45/0], specimens and all
of the specimens of the thicker two laminates involves a considerably different
damage mechanism. The basic progress of damage appears to be splitting in the
0-deg plies from the point of maximum stress concentration at the edge of the
hole and subsequent delamination of the two —45°/0° interfaces betweeen the
two longitudinal splits similar to that observed by Rosenfeld and Huang {/6].
The fact that this damage growth obeys the same growth law as the growth of
splits in unidirectional composites implies that the splitting process 1s the major
controlling factor. However, the subsequent delamination plays an important role
in this damage development as well.

Previous researchers (for example, Highsmith et al [{26] and Law {27]) have
shown that the local interlaminar stress fields around matrix cracks can cause
delamination to initiate at the intersection of such cracks with ply interfaces.
This does not, however, appear to be the mechanism observed in the case of
longitudinal splits emanating from a hole. In the case where the local stress field
due to the matrix crack causes delamination to initiate, the delamination is gen-
erally symmetric about the matrix crack [26]. In the current investigation, the
delamination occurs only between the two longitudinal splits in the matrix in the
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0-deg plies as shown schematically in Fig. 9. This delamination development is
thus not symmetric about the matrix crack and cannot be attributed solely to the
local interlaminar stress field at the crack tip.

A simple model can be devised to qualitatively explain this behavior. Once
the longitudinal splits develop, load is transferred from the area between the
0-deg plies into the neighboring —45-deg plies by interlaminar shear stresses.
The parts of the 0-deg plies which have delaminated can no longer carry any
load and the delamination front grows. This model, as in Fig. 9, renders itself
to a shear lag analysis to qualitatively determine the interlaminar shear stress in
the matrix interlayer between the plies, o,,, as a function of the distance from
the delamination front, x. The analysis results in an expression of the form (the
details of this analysis can be found in Ref 22)

(T_r:(x) = _\/a 0']0])C t|0| e_\/‘—” (4)

This indicates how the far-field stress in the 0-deg layer, oy, is transferred into
the *+45-deg sublaminates. The parameter is defined by

u—o—”jl + S'_l (5)
Ly 1 fio) Iy +45) =

o oo

(- -]
N N
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FIG. 9—Schematic madel of the progression of damage via longitudinal delamination.



354 COMPOSITE MATERIALS: FATIGUE AND FRACTURE

and is directly related to the shear modulus of the matrix, G,,, and the thickness
of this layer, ¢, as well as the compliance (denoted by S) and thickness (denoted
by #) of the 0-deg and =45-deg sublaminates. This analysis qualitatively shows
how the interlaminar shear stress at the delamination front between the axial
splits increases with the thickness of the 0-deg layer.

A simple experiment was run to support the proposed mechanism of longi-
tudinal delamination growth after splitting occurs. A [*=45], laminate and a
[£45,], laminate were cured along with two [0] and [0,] laminates. Five 350-
mm by 50-mm coupons were cut from each laminate and 6.35-mm holes drilled
in the center of each coupon. A razor blade was used to cut two 50-mm-long O-
deg splits at the hole edge in the cured unidirectional laminates. These unidi-
rectional coupons were then bonded with a room-temperature cure epoxy to the
+45-deg coupons, resulting in specimens of [0,//£45,]; and [0//*45], config-
urations where the double slash, //, represents the room-temperature epoxy
bondline. Loading tabs were bonded onto each end of the coupon resulting in
the specimen depicted in Fig. 10.

These specimens were tested in static tension with the tests halted at 900 N
increments to allow for inspection of the coupon via the ultrasonic technique.
During application of load, each specimen exhibited delamination growth at the
0/45 interface between the splits in the O-deg plies. The delamination initiated
at a significantly lower stress level of 88 MPa in the [0,/ £45,], coupons than
the stress level of 132 MPa in the [0/ =45], coupons. These tests clearly dem-

TOP VIEW SIDE VIEW

T

75 mm ~

~—GRAPHITE/EPOXY

' _|_GRAPHITE/EPOXY

FM-123 FILM ADHESIVE

| | - GLASS/EPOXY

]
e
50 mm

FIG. 10—Physical characteristics of the special tensile coupon specimen with precur splits.



LAGACE AND NOLET ON PLY THICKNESS 355

onstrate that longitudinal delamination occurs as a result of interlaminar shear
failure of the ply interface between the 0-deg ply and the neighboring angled ply
in the regions between splits in the 0-deg ply.

Similarly constructed laminates without the premade splits were cycled in
tension-tension. Splits originated at the edges of the hole and propagated lon-
gitudinally along with subsequent delamination. As the cycling continued, the
delaminated 0-deg regions peeled away from the laminate as shown in Fig. 11.

The fact that the same damage occurs under tension indicates that it is not
prompted by local buckling or peel stresses but by shear stresses. This suggests
that this damage is a Mode Il type damage propagation and, as suggested by
Wilkins et al [25], is generally a slower damage propagation as found herein.

Equations 4 and 5 show that the relative elastic constants of the plies are
important in determining the value of the shear stress at the ply interface. The
elastic constraint of the neighboring plies is also important in determining when
splitting will occur. Flaggs and Kural [26] have shown that the ‘‘in situ’’ strength,
as determined by transverse cracking, depends upon the thickness of the ply
layer. The elastic constraint of the neighboring angled plies induces stresses in
the O-deg plies which may help to restrict splitting. As the 0-deg layer becomes
thicker, this constraint effect becomes less important and thus splitting is more
likely to occur at lower applied loads. For the [+45/0], laminates, the elastic
constraint of the neighboring plies may be enough to prevent splitting from
occurring in the O-deg layer and thus the other type of delamination damage
eventually occurs. In the other two laminates with larger effective ply thicknesses,
the development of splitting alters the stress distribution at the edge of the hole,
which apparently prevents the peel stress induced delamination from occurring,
thus increasing the life of the specimen.

Residual Strength Tests

Residual strength tests were conducted on the graphite/epoxy face sheets of
the sandwich specimens which survived the cyclic loading and were not sectioned
for microscopic inspection. The graphite/epoxy face sheets were debonded from
the honeycomb by placing the specimens in a préheated oven at 150°C for ten
minutes, at which point the face sheets were easily peeled away from the
honeycomb. These face sheets then had four glass/epoxy loading tabs bonded
onto them via the method previously described to result in the specimen depicted
in Fig. 10 (minus the premade splits). A strain gage was installed to measure
far-field longitudinal modulus.

A total of 46 such specimens were tested monotonically to failure in tension
using the same procedure outlined for the static compression tests. The results
are summarized in Table 7. Six [£45/0], coupon specimens were also manu-
factured and tested in static tension without being cycled to obtain the undamaged
fracture stress of a coupon with a 6.35-mm hole. This value is 470 MPa.

The results for the [ +45/0], laminates are delineated by the damage type found
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FIG. 11—Photograph of special tensile coupon specimen after cvelic loading.
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TABLE 7—Results of residual tensile strength tests.

Longitudinal Moduli Tensile Strength
Damage Number of
Laminate Type Specimens E,, GPa Ccv oy, MPa CcvV
[+45/0], NDD* 6 59.3 6.2% 543 3.1%
RD* 4 60.6 5.2% 496 17%
LD~ 5 57.0 5.3% 643 8.3%
[+45,/0,]; LD 21 54.9 10.3% 674 9.0%
[+45,/0,]; LD 10 54.8 9.5% 605 9.8%

“No detected damage.
*Radial delamination.
‘Longitudinal delamination.

on that particular face sheet. The specimens with transverse or radial delamination
show a slight increase in tensile fracture stress over the uncycled value. However,
the specimens with longitudinal delamination have a considerable, on the or-
der of 50%, increase in residual tensile stress. This trend holds true for the
[£45,/0,], and [+45,/0,]; specimens, which all had longitudinal delamination.

These results indicate that the longitudinal damage causes a stress redistribution
around the hole such that the 0-deg plies no longer see the effect of the notch.
The small strip of 0-deg ply between the splits which has delaminated also is no
longer load-carrying. The residual strength is very near the unnotched strength
of a [£45/0], laminate in tension reported by Lagace [/2]. Postmortem obser-
vation of the failed specimens confirms this hypothesis. A failed specimen pic-
tured in Fig. 12 clearly shows the strip of O-deg ply above the laminate which
did not carry load while the remaining 0-deg fibers fractured across the width of
the specimen.

By this longitudinal delamination, the laminate has become nearly notch-
insensitive to longitudinal tensile load. It is important to point out, however, that
other load types were not investigated: transverse tension, static compression,
and shear. It would be dangerous to assume that the residual strength increase
for this particular mode of loading would translate to increases in other modes.
In fact, the delamination would most likely have a negative impact on several
modes, especially transverse compression, where delamination could then prop-
agate in the transverse direction parallel to the applied load.

The longitudinal moduli of these specimens show a very minor decrease on
the order of 5%. However, this is more likely the result of the strain gage being
affected by the split and delamination rather than a degradation of the material
where the strain gage is located. This indicates that the damage is localized to
the vicinity of the hole.

Conclusions

The results of this experimental program show that there is an important effect
of the effective ply thickness on laminates of the [+45,/0,], configuration. The
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FIG. 12—Postmortem failure mode of residual tensile strength specimen with longitudinal delam-
ination.
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effective ply thickness does not change the compressive static fracture strength
of 424 MPa for these graphite/epoxy specimens with 6.35-mm holes, but changes
the mode of damage initiation and growth and the rate of such growth when the
specimens are cycled in compression-compression. For the smallest ply thickness,
the [+45/0], laminates, there is a competition among damage mechanisms to
cause initial damage. The first two modes involved initiation and propagation of
delamination, resulting in a rapid development of damage. The third type of
damage development is more benign and involves the development of splits in
the 0-deg plies at the edges of the holes and subsequent delamination of the two
—45/0 interfaces between these two splits. This damage grows relatively slowly
and at a rate which is linear with the logarithm of applied load cycles.

This longitudinal delamination mode occurs for all of the specimens with the
thicker effective ply thicknesses, [+45,/0,], and [ £45,/0;];, due to the relaxation
of elastic constraint from the neighboring plies. This mode of damage relieves
the stress concentration at the edge of the hole and did not result in catastrophic
failure in any of the specimens. Additionally, as the ‘‘effective ply thickness’
is increased, damage initiation occurs earlier in the cycling and accumulates at
a faster rate. This indicates the superiority of thin plies in suppressing certain
modes of damage, specifically longitudinal splitting.

Residual tension tests conducted on these specimens showed a 50% increase
in strength over uncycled specimens of the same configuration. This is again
attributed to the relieving of the stress concentration at the hole edge. However,
this fact demonstrates that using residual strength tests as an indication of the
damage condition and tolerance of a composite part can be somewhat misleading.
The longitudinal delamination increases the residual strength for the longitudinal
tensile mode of loading but would most likely degrade transverse compression
strength since delamination could then run via peel stresses generated by localized
buckling. Tests should be run on these specimens with other load conditions to
determine the effect of this damage on the residual strength in these other loading
conditions.
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ABSTRACT: Quasi-isotropic 32-ply graphite/epoxy specimens were tested in static tension
and tension fatigue. Both dry specimens and specimens containing 1% moisture (by weight)
were tested. The first type of damage observed under both static and cyclic loading was
transverse matrix cracking in the 90-deg plies. Under continued static or cyclic loading the
cracks propagated into the neighboring —45-deg plies. No delamination was observed
under static loading. In fatigue the matrix cracks acted as initiators of delamination, which
resulted in a marked reduction in stiffness and residual strength. For specimens which had
been subjected to a tensile overload before fatigue cycling, delamination occurred earlier
due to the formation of more transverse matrix cracks.

The major effect of moisture was to increase the stress level at which first-ply failure
occurred and to delay damage development during fatigue at low stress levels. The leveling-
off of the crack density at an approximately constant level during fatigue loading gives
support to damage models which predict the occurrence of a characteristic damage state,
independent of load history, before laminate failure.

KEY WORDS: composite materials, epoxy resin, fatigue (mechanics), fiber-reinforced
composites, test methods

Composite materials and structures contain weak fracture paths parallel to the
fibers. In multidirectional laminates matrix cracks are observed at load levels far
below the ultimate failure load. In some cases these cracks may be beneficial in
the sense that they may reduce stress concentrations around notches [/], but
generally these cracks are detrimental since they provide initiation sites for de-
lamination [2].

In fatigue, data for a unidirectional glass/epoxy composite [3] indicate a
limiting tensile strain for matrix cracking as low as 0.1% in the 90-deg direction
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[4]. For a graphite/epoxy laminate, Harrison and Bader [5] found that the trans-
verse matrix cracking strain under both static and fatigue loading is a strong
function of the thickness of the 90-deg ply (or the number of adjacent 90-deg
plies). The transverse matrix cracking strain was found to be lower in fatigue
than under static loading.

This paper considers the interaction between sublaminate cracking and the
fatigue properties of dry graphite/epoxy specimens and of graphite/epoxy spec-
imens containing 1% moisture by weight. The axial stiffness change and the
residual tensile strength is measured and related to the progression of matrix
cracking studied by low-magnification light microscopy.

Experimental
Materials and Specimen Preparation

The laminate used in this study was made from Fiberite T300/1034E graphite/
epoxy unidirectional prepeg that was vacuum-bagged and cured in an autoclave
according to the manufacturer’s recommendations.

Specimens used in the mechanical testing were unnotched quasi-isotropic 32-
ply laminates with a ([0/%45/90];), layup, (E, = 54 GPa). The specimens had
a test section length of 30 mm and a width of 24 mm. End tabs were used to
ensure a uniform distribution of load and to avoid damage to the outer layers in
the gripping area.

Moisture Sorption

After curing and specimen fabrication, approximately half of specimens (about
30) were placed in an environmental chamber in which the temperature and the
relative humidity (RH) were kept at 70°C and 95% RH, respectively. The spec-
imens were kept in the environmental chamber until the weight gain reached 1%.
The moisture distribution corresponding to this weight gain was calculated from
the theory presented by Springer [6] and is presented in Fig. la. In order to
obtain a more uniform moisture profile before the mechanical testing, the spec-
imens were placed in a sealed plastic bag for about six months. The calculated
[6] moisture profile is shown in Fig. 1b.

The remaining dry specimens were stored in laboratory air for about six months
before testing. A check of the moisture content of the *‘dry’’ specimens revealed
a weight gain of about 0.23%.

Static and Fatigue Testing, Nondestructive Examination

Static testing was performed in a 100-kN Amsler hydraulic testing machine
with low mechanical noise to permit acoustic emission (AE) monitoring with a
test setup described in Ref 7. The fatigue tests were performed in a 100-kN MTS
servohydraulic testing machine operated under load control with a frequency of
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FIG. |—Moisture distribution inside the specimen: (a) after conditioning at 95% RH, 70°C,
average moisture content ~1%:; (b) after storage in a sealed plastic bag at 25°C for about six months,
average moisture content ~1%.

10 Hz. All cyclic tests were performed in pure tension at different constant-stress
amplitudes with R = 0 (R = O/ Oppa)-

The fatigue test programs for the dry and wet specimens are presented in Tables
1 and 2, respectively. It should be noted that the first-ply-failure stress, g,
differs for dry and wet specimens and since the same maximum cyclic stress,
Omax> Was used for both the dry and wet specimens the ratios o,/ dpe given in
Tables 1 and 2 differ.

The axial stiffness was measured using a clip-gage technique reported in Ref
8. Changes in axial stiffness were compared with the development of damage
based on observations of the edges of the specimens. Earlier studies, for example,
Ref 5, indicate that damage in the form of matrix cracking and delamination
initiate at the edges of a specimen. To nondestructively determine the extent of
damage in the form of matrix cracking and delamination, one of the longitudinal
edges of the specimens was polished and the test section was examined with a
light microscope. The number of matrix cracks per centimeter counted along the
free edge of the test section is here denoted ‘‘crack density’’ [9]. Since the layup,
([0/+£45/90],),, consists of four identical quasi-isotropic eight-ply sublaminates,
the determination of the crack density becomes more accurate. Some specimens
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were also studied with the tetrabromoethane (TBE)-enhanced X-ray technique
described in Ref 8.

A short test section length, 30 mm, was decided upon since initially it had
been planned to include in the study the effects of compression fatigue loading
on damage initiation and growth. However, instability-related problems in
compression clearly indicated that an unsupported specimen was not suitable,
and thus only tension loading is considered in this study. Due to the short test
section length, the results may be suspected as being influenced by the constraint
due to the grips. However, as soon as damage in the form of transverse matrix
cracking initiates, a redistribution of the stresses within the laminate will occur.
As a consequence, the influence of external boundary conditions (clamping) on
further damage development is expected to diminish. Experimental observations
of the damage along the test section did not show any significant dependency
on the location along the test section, or position in the thickness direction for
plies with the same fiber orientation. Furthermore, a comparison with a previous
study on a similar layup and material [/0] gave similar results with regard to the
damage state reached late in the fatigue life in the 90-deg and the neighboring
—45-deg plies. Clamping is thus not considered to have a major influence on
the test results reported here.

The dry specimens were tested in ambient laboratory air while the wet spec-
imens were tested in a humid environment at room temperature using a specially
developed moisture generator described in Ref /7. In this way the moisture
content was kept approximately constant at 1% during testing.

Results
Static Test Results

The stress at first-ply failure (FPF) was determined both by acoustic emission
and by monitoring matrix cracks by light microscopy. Figure 2 shows a typical
recording of axial strain and weighted cumulative AE as a function of axial stress.
The strain shows an almost linear dependency on the applied stress up to final
fracture for this fiber-dominated layup. On the other hand, the AE signal indicates
that damage initiation starts at a stress level of approximately 270 MPa (+10%).
Microscopic examination of the polished edges of the specimens and X-ray studies
revealed that the major damage was matrix cracks across the width of the specimen
in the 90-deg and —45-deg plies; see Fig. 3. Very few cracks were observed in
the +45-deg plies. At no load level up to final fracture was there any indication
of delamination except for a small amount of delamination at the 90/ —45 in-
terfaces bridging the cracks in the 90-deg and —45-deg plies.

Figure 4 shows the crack density, that is, the number of matrix cracks per
centimeter, as a function of stress for the dry specimens. The points in the graph
are average values of the measurements after the first cycle in the fatigue test
program shown in Table 1 and some additional measurements on specimens
subjected to stress levels close to the fracture stress. The measurements are
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FIG. 2-—Axial strain and weighted cumulative AE count for a dry ({0/ £45/90},), laminate versus
axial stress.

consequently based on two to six specimens. The number of cracks in the 90-
deg plies increased continuously with stress level from the occurrence of FPF at
about 250 MPa. These cracks were initially arrested at the adjacent —45-deg
plies (see Fig. 3a) until matrix cracks were initiated in the —45-deg plies close
to the tips of the 90-deg cracks at about 350 MPa; see Fig. 3b. The number of
90-deg and —45-deg cracks increased continuously up to final fracture. Close
to final fracture, approximately all 90-deg cracks had propagated into the neigh-
boring — 45-deg plies, resulting in about the same final crack densities in these
plies. There was no leveling-off in the crack density as the applied load increased.
It is therefore not possible here to define the saturation crack density or the
“‘characteristic damage state’’ introduced by Reifsnider [12].

A typical AE recording for the wet laminate is shown in Fig. 5. The AE signal
indicates that damage initiation starts at about 370 MPa (£10%), which is sig-
nificantly higher than in the dry laminate, Fig. 2. As in the case of the dry
laminate, microscopic examination of the polished edges of the specimens re-
vealed that the major damage was matrix cracks in the 90-deg and —45-deg
plies.

Figure 6 shows the development of matrix cracks in the 90-deg and the —45-
deg plies during static loading. A comparison with the result for the dry laminate
in Fig. 4 shows that the matrix cracks in the 90-deg plies are initiated at a higher
stress in the wet laminate. Furthermore, the cracks in the —45-deg plies start at
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FIG. 3—Matrix cracks in a portion of the dry laminate: (a) matrix crack in the 90-deg ply: (b)
matrix cracks in the 90-deg and —45-deg plies.
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FIG. 4—Crack density as a function of applied stress in a dry laminate.

about the same stress level as the 90-deg cracks. No leveling-off in crack density
was observed for the wet laminate. Consequently no ‘‘characteristic damage
state’’ can be defined for the wet laminate subjected to static tensile loading.

Analysis of FPF

The constitutive relation for a ply in the laminate (temperature effects neglected)
[13] is

g; = Q,ij (E'j - e,j) ij = 12,6 ¢}
T T T T T
([0/145/9015)4
WET
“
g
=z
j >
[Ny "3
&
8a
=g
(-]
g
1 1 L 1 1
0 100 200 300 400 500 600

STRESS, MPa

FIG. 5—Weighted cumulative AE count for a wet laminate versus axial stress.
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where
€’; = in-plane engineering strains (e’, and €', are the strains in the longitudinal
and transverse direction while €4 is the in-plane shear strain),
Q' = plane stress reduced stiffness matrix,
e'; = expansional strains due to moisture absorption, and
o’; = in-plane stress components defined in a manner analogous to the strains.

The primed symbols refer to a nonprincipal coordinate system.
For a 90-deg ply in the laminate, Eq 1 leads to

0, = Qunle” —e) + 0nie’ — ) 2

in which €,° and €, are the laminate strains in the longitudinal and transverse
directions, respectively, and

e, = pM

B.M 3

€

where B, and B, are the coefficients of hygroexpansion (in the fiber coordinate
system) and M is the moisture content. Note that for the 90-deg ply the x- and

2-directions coincide.
The maximum stress criterion [/4] may be used to predict first-ply failure in

the 90-deg plies. Equations 2 and 3 with B, = 0 give

lee.\-c + 0pe’ — QnpM = O uie 4)
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Lamination theory [/4] is used to obtain the laminate strains as a function of
external load and moisture content. It leads to the following expression for the
first-ply-failure stress:

OrF =
FyAp — vpAy) + (A2 — A) [BM + oy (1 — viva)/En]  Fy
- )
(An — viAp) t
where

A; (i,j = 1,2) = laminate stiffness elements,
Vi3,Va Poisson’s ratios of a ply,
E,, = transverse modulus of elasticity of a ply,
t = laminate thickness, and
F\,F, = effective hygroscopic forces in the longitudinal and trans-
verse directions of the laminate, respectively; see Ref 15.

Experimental data analyzed in Ref /6 show that there is no measurable swelling
until a threshold moisture content, M,, is reached. For moisture contents, M,
larger than M,, M in Eqs 3-5 is thus replaced by M — M,.

Properties measured on a unidirectional eight-ply laminate that was stored in
the ambient laboratory environment are presented in Table 3. Using these prop-
erties in Eq 5, first-ply failure in the dry laminate is predicted to occur at 260
MPa. The good agreement with the experimental values 250 to 270 MPa in Figs.
2 and 4, despite the fact that thermal strains were neglected, indicates that stress
relaxation combined with uptake of moisture during storage in laboratory air
counter-balances the thermal stresses set up during cooling after the curing at an
elevated temperature.

For the wet laminate, Ref /6 indicates the following reduction in the mechanical
properties in Table 3 due to 1% moisture uptake:

AEn =0, AEzz = —9%, Av; =0,
AG[Z = - 19%, Ao'z_Uk = —27%

Using the wet mechanical properties and assuming the same moisture threshold
M, = 0.4% as in Ref 16, Eq 5 predicts FPF to occur at 385 MPa, which is in
relatively good agreement with the experimentally determined values.

Fatigue Test Results

The initial damage observed during fatigue loading took the form of matrix
cracks in the 90-deg plies. These cracks are arrested initially at the adjacent
—45-deg interfaces. After a larger number of load cycles more 90-deg cracks
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TABLE 3—Mechanical properties of a [0l laminate.

Ey, Ep, G, T2.0ns
GPa GPa V2 GPa B MPa
143 11 0.35 4 0.0056 46.6

“From Ref 16.

form and cracKs are initiated in the adjacent —45-deg plies at the point of
intersection of the transverse cracks and the 90/ —45 interface.

A different feature in the development of damage in fatigue loading compared
with static loading was the presence of delaminations in the later stages of fatigue
loading. The first indication of delamination was observed at the 90/ —45 in-
terfaces where a small area of delamination bridged the transverse cracks in the
90-deg plies and the cracks in the —45-deg plies. Upon further cycling, a longer
delamination crack formed at the +45/—45 interfaces between two —45-deg
cracks. For large stress amplitudes, delamination also started between the 90-
deg and —45-deg plies; see Fig. 7. Another feature that did not occur in static
loading was the presence of a few cracks in the +45-deg plies close to the end
of fatigue life. The number of these cracks was not counted since their Jocation
and occurrence were very scattered.

Figures 8 through 10 show the damage development in the dry specimens
loaded in fatigue according to Table 1. Crack density, relative axial stiffness
(stiffness at N load cycles/initial stiffness) and relative residual strength, defined
in a manner analogous to relative stiffness, are reported as functions of the number

FIG. 7—Damage in a fatigue-loaded dry laminate.
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of load cycles. The approximate number of load cycles for initiation of edge
delamination is indicated with a vertical dotted line in each graph.

At a low stress amplitude and no prestress, Fig. 8a, matrix cracks begin in
the 90-deg plies. Upon further cycling, the 90-deg cracks propagate into the
adjacent —45-deg plies, leading to about the same crack density in the 90- and
—45-deg plies. Close to 10° load cycles a small amount of delamination was
observed at the 90/ —45 and -+45/ —45 interfaces at the tips of the matrix cracks.
This delamination i3 apparently responsible for the observed reduction in stiffness
and residual strength.

A high prestress leads to initial matrix cracks in the 90- and —45-deg plies
before fatigue cycling, Fig. 8b. These cracks apparently act as initiators of
delamination, so that this mode of damage was observed earlier in this case.

With increasing stress amplitudes, Figs. 9 and 10, the curves of crack density
shift to a lower number of cycles, which shows that damage develops more
rapidly. In Fig. 10a a plateau in crack density is reached after about 10* cycles.
The leveling-off crack density is approximately 11 cm™'. The specimens subjected
to a very high stress amplitude, Fig. 10b, showed extensive damage development
and failed between 10* and 10° load cycles. In all cases the maximum crack
density is about 10 to 12 cracks/cm in both the 90-deg plies and the —45-deg
plies. This supports the concept of a ‘‘characteristic damage state”” (CDS) for
fatigue loading as discussed by Reifsnider and Masters [10,12]. According to
this concept, the crack patterns when fully developed are dependent on material
properties, ply thicknesses, and stacking sequence, but are independent of load
history.

Damage development in the wet specimens was somewhat different from that
in the dry specimens. Besides the initially observed matrix cracks in the 90- and
—45-deg plies and delamination at the 90/ —45 and *+45 interfaces after a larger
dumber of load cycles, delamination was observed at the 90/90 interface and
longitudinal cracks developed within the 90-deg plies in some specimens as shown
in Fig. 11.

Figures 12 through 14 show the damage development in the wet specimens
during fatigue cycling. With a low stress amplitude and no prestress, Fig. 12a,
no matrix cracks or delamination were observed up to 10° load cycles. With a
high prestress, Fig. 125, the density of matrix cracks increased to constant levels
in the 90- and — 45-deg plies after about 10* cycles. Longitudinal cracks within
the 90-deg ply (Fig. 11) were observed after about 10? cycles.

With increasing stress amplitude, Figs. 13 and 14, damage developed more
rapidly. At the highest stress amplitude, Fig. 14, a crack density of about 10
cracks/cm was reached. A comparison with the damage development for the dry
specimens reveals a significantly slower damage growth for the wet specimens
at lower stress amplitudes. With increasing stress amplitudes the difference in
damage growth behavior between the dry and wet specimens decreases. In fact,
the damage growth at the largest stress amplitudes (348 and 400 MPa) is almost
the same for dry and wet specimens. This means that the initial, internal stress
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FIG. 11—Longitudinal cracks within the 90-deg ply in a fatigue-loaded wet laminate.

state becomes less important when a large amount of damage has occurred. This
must be due to the redistribution of stresses due to damage progression.

The results presented here show that there is only a small difference in the
characteristic damage state between the fatigue-loaded dry and wet specimens,
the saturation density being approximately 11 and 10 cm™' for dry and wet
laminates, respectively. These values are higher than the largest crack density
observed in static loading, which is about 8 cm~! (Figs. 4 and 6).

It is interesting here to compare the saturation crack density with available
theoretical predictions, namely, an approach based on fracture mechanics in
conjunction with the finite-element method, proposed by Wang and Crossman
[17], and a modified shear lag model proposed by Masters and Reifsnider [70].
The fracture mechanics approach yields a saturation density p, = 1/(8d) for
graphite/epoxy where d is the semi-thickness of the 90-deg layer. For the lam-
inates in the present study this analysis yields p, = 10 cm™', in good agreement
with the experimentally obtained values in the study. The shear lag analysis [/0]
was applied to both dry and wet 8-ply [0/%45/90], laminates in Ref /6. The
predicted crack densities for dry and wet (1.2% weight gain) laminates were 14.4
and 13.2 em™!, respectively, which is somewhat higher than the experimental
values obtained in this study.

Discussion and Conclusions

Data are presented here on damage growth during static and fatigue loading
of a 32-ply quasi-isotropic laminate under ambient laboratory conditions and
under humid room temperature conditions.
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The static test results show that the initial damage observed was transverse
matrix cracks in the 90-deg plies. These cracks developed at a stress which was
highly dependent on the moisture content in the laminate. The stress level at
first-ply failure was significantly higher for the wet specimens than for the dry
specimens, and could be predicted by the maximum stress criterion using classical
lamination theory with moisture swelling included. At higher stress levels, further
90-deg ply cracking was observed. Almost all 90-deg cracks propagated into the
adjacent —45-deg plies before final fracture of the laminate, which occurred at
a higher stress for the wet specimens.

No leveling-off in the crack density was observed in static loading before final
fracture. It is therefore not possible to define here the characteristic damage state
in the static case. Acoustic Emission was found to be useful for monitoring
damage during static loading. Under cyclic loading, however, the machine-
generated noise precluded the use of AE for damage monitoring.

In tension fatigue loading, damage development similar to that found in static
loading was observed. Edge delamination and a small number of +45-deg cracks
were observed, however, in specimens subjected to a large number of load cycles,
a high cyclic stress amplitude, or a high prestress before fatigue cycling. The
delamination was observed to form between the tips of matrix cracks in the 90-
and —45-deg plies; that is, the matrix cracks acted as initiators of delamination.
Matrix cracks developed under fatigue loading at stress amplitudes as low as
78% of the static FPF stress.

Absorbed moisture was found to delay the damage development due to swelling
of the matrix. It is also possible that the resin becomes more ductile in the swelled
condition and hence less susceptible to crack initiation. In some of the wet
specimens longitudinal cracks within the 90-deg ply developed during fatigue
cycling.

The approximately constant value of the final crack density observed during
fatigue loading indicates the occurrence of a characteristic damage state. The
saturation crack density was somewhat higher for the dry specimens than for the
wet specimens. There was good agreement between the experimental saturation
crack density and the crack density predicted by the fracture mechanics approach
of Wang and Crossman [/7] and the shear lag analysis of Masters and Reifsnider
[10]. The decrease in stiffness and residual strength during fatigue is attributed
to delamination initiated by the matrix cracks.
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Summary

Fracture

The papers in the fracture section covered both microscopic and macroscopic
aspects of fracture of composites. The topics ranged from probabilistic fracture
kinetics to laminate failure under bolt-bearing loads.

Krausz, Krausz, and Necsulescu proposed a probabilistic method of analyzing
fracture expressing the environment-enhanced subcritical crack velocity as an
appropriate kinetics combination of élementary rate constants. The rate constants
were in turn given by equations of Arrhenius type in accordance with the
assumption of a thermally activated process. Results of a computer simulation
were shown for instantaneous crack velocities at various crack lengths.

The interface chemistry and failure modes of aluminum matrix composites
were studied by Fu, Schmerling, and Marcus. They showed that an oxide in the
form of y-Al,O; was present at some of the silicon carbide/aluminum (SiC/Al)
interfaces while fine-grained y-Al,O; and coarse-grained Al,C; were found in
the interfaces of the as received graphite/aluminum (Gr/Al) composites. The
fracture path in the discontinuous SiC/Al composite was not dominated by in-
terfacial failure but primarily by matrix failure. The dominance of matrix failure
increased with matrix ductility. During heat treatment of Gr/ Al composites, some
of the Al,C, phase grew into and along the porous sites of the graphite fiber
surface, thereby forming a mechanical locking which resulted in transverse
strengthening.

Shirrell and Onachuck found that variations in mold coverage from 97.5% to
25% in R25 sheet molding compounds had virtually no effect on the critical hole
size. Therefore, the spatial strength variability of this material did not appear to
be related to mold coverage. Yet, a rubber toughemng agent slightly reduced the
notch sensitivity.

The remaining papers dealt with various aspects of fracture behavior of graph-
ite/epoxy laminates. Peters. used cracking of 90-deg plies in laminates to deter-
mine the in situ distribution of transverse strength. He showed that both the
characteristic strength and the shape parameter decreased with increasing ply
thickness. For quasi-isotropic T300/5208 laminates with part-through semi-el-
liptic surface flaws, Harris and Morris found that linear elastic fracture mechanics
can predict the influence of the flaw shape and size on the notched strength.
Quasi-isotropic laminates were also used by Aronsson and Bécklund to study
fracture of three-point bend specimens with a notch. They modeled the crack tip
damage zone as a Dugdale-Barenblatt zone, and predicted fracture strengths as
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well as load-displacement curves. Similar laminates but under bolt-bearing loads
were studied by Crews and Naik for failure modes, strengths, and failure energy.
Typical damage sequences were found to be bearing damage onset at the hole
boundary followed by growth of tension damage from the hole boundary. When
the edge distance was small, shearout typified ultimate failure; however, in larger
specimens ultimate failure involved bearing damage beyond the clampup washer.
Extensive bearing damage dissipated more energy than tension damage. Ultimate
failure was controlled by the maximum stress near the hole.

Grady and Sun used high-speed photography and a finite-element computer
program to study propagation of an embedded delamination crack under impact.
They found that if the delamination crack was placed near the top or bottom
surface, local buckling of the sublaminate could cause the crack to become
unstable. When the crack was in the midplane, however, there was no local
buckling and the crack extension was dominated by the shear stress. The crack
propagation and arrest depended on wave reflections from the boundaries as well
as on wave propagation through the delaminated region. The complexity of the
failure mechanisms defied analysis by the simplified finite-element method em-
ployed in the paper.

Fatigue

Most of the papers in the fatigue section addressed the mechanisms and mod-
eling of damage growth in graphite/epoxy laminates. Yet, unidirectional com-
posites and metal matrix composites were not completely left out.

Similar to polymer matrix composites, metal matrix composites also develop
significant internal matrix cracking even when cycled below the fatigue limit,
and hence exhibit stiffness loss. For silicon carbide/aluminum laminates of var-
ious layups, Johnson and Wallis applied Johnson’s shakedown model to predict
the fatigue-induced stiffness loss. Furthermore, they showed that for [+45],,
laminate, the fatigue limit corresponded to the shakedown limit.

Failure mechanisms in unidirectional composites under longitudinal fatigue are
difficult to identify because of the catastrophic nature of failure. To avoid this
difficulty, Lorenzo and Hahn used a fiber bundle embedded in epoxy resin. In
both glass and graphite bundles the omnipresent subcritical failure mechanism
was matrix microcracking normal to the fibers. Yet, these microcracks were not
deleterious in that they neither triggered fiber breaks nor grew bridging the fibers.
A significant reduction in strength occurred in the glass bundle, indicating higher
fatigue sensitivity of glass fibers compared with graphite fibers. The presence of
a notch in a unidirectional composite invariably leads to longitudinal splitting
from the notch tip under fatigue loading. This failure mode was confirmed by
Mallick, Little, and Thomas in a notched pultruded E-glass/epoxy rod under
rotating bend test. The longitudinal splitting before final failure was more ex-
tensive at lower stress amplitudes, and it resulted in a gradual increase in the
dynamic deflection of the specimen.
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Several papers discussed fatigue damage development and modeling of residual
strength in muitidirectional laminates. Charewicz and Daniel confirmed cracking
of both longitudinal and transverse plies in cross-ply graphite/epoxy laminates,
and proposed a cumulative damage model based on residual strength and the
concept of equal damage curves. The ply cracking was shown to be delayed by
absorbed moisture in a paper by Carisson, Eidefeldt, and Mohlin. The absorbed
moisture also retarded damage growth in quasi-isotropic laminates at low stress
levels. Jamison showed that the transverse ply cracks enhanced fiber fracture in
the load-bearing longitudinal plies. He further used acoustic emission to monitor
failure events and concluded that fiber fracture was on average associated with
a lower-amplitude emission than transverse ply cracking. The enhancement of
fiber fracture by transverse cracks is the result of internal load redistribution after
damage. Highsmith and Reifsnider showed through experiment and analysis
significant strain redistributions in regions of highly localized damage such as
ply cracks. Recognizing the importance of load redistribution, Reifsnider and
Stinchcomb proposed a mechanistic approach to cumulative damage modeling
based on the physics and mechanics of the details of the laminate response. The
approach incorporates appropriate criteria for failure and degradation, and fully
accounts for the change of stress state and damage modes.

Tough adhesive strips embedded in the interior of a laminate were shown by
Chan to be effective in arresting and delaying delamination under tensile fatigue.
Further, the Mode I component, not the total energy release rate, was suggested
to be responsible for the initiation of delamination.

The role of thickness in fatigue of laminates with a hole was assessed in two
papers. Lagace and Nolet showed that the delamination in [+45,/0,]; laminates
under compressive fatigue started earlier and at lower stress levels as n increased.
Further, in thicker-ply laminates the delamination was only as wide as the hole
and grew parallel to the load direction while most of the thinnest-ply specimens
showed delamination growing radially from the hole, leading to catastrophic
failure. Delamination growth from a hole can aiso be mostly transverse, as was
shown by Bakis and Stinchcomb for a 32-ply quasi-isotropic laminate subjected
to fully reversed tension-compression fatigue. As expected, the damage initiation
and growth thus depend on the type of laminate as well as the type of loading.
Also, both papers confirmed increase of tensile strength after fatigue as a resuit
of stress relaxation induced by the damage at the hole boundary.

H. Thomas Hahn

Center for Composites Research, Washington
University, St. Louis, MO; symposium
chairman and editor.
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Silicon carbide/aluminum composites

continuous-fiber
fatigue mechanisms, 161
stiffness loss, 169
versus boron/aluminum compos-
ites, 173
discontinuous-fiber,
in fracture, 51

Splitting, longitudinal, ply thickness
effect, 335

Stereoradiography (see X-ray radiog-
raphy)

Stiffness

loss in continuous-fiber SCS,/alu-
minum composites, 161
residual, in graphite/epoxy lami-
nates, 286
static, after fatigue in notched pul-
truded composite rods, 205
in thick notched graphite/epoxy
laminates under tension-com-
pression cyclic loads, 314
Strength
graphite/epoxy laminates under bolt-
bearing load, 115
residual (see Residual strength)
Stress
in graphite/epoxy laminates under
bolt-bearing loads, 120

interface role
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redistribution during fatigue load-
ing of composite laminates,
233
Surface flaws, part-through, fracture
of thick graphite/epoxy lami-
nates with, 100

T

Temperature dependency, crack growth
in natural composites, 73
Temperature effects (see Heat effects)
Tension-compression cyclic loading,
effect on thick notched graph-
ite/epoxy laminates, 314
Time dependency, crack velocity in
graphite/epoxy laminate, 5
Transmission electron microscopy
graphite/aluminum continuous-fiber
composites, 51
SiC/Al  discontinuous-fiber
posites, 51

com-

U

Ultrasound, pulse-echo, graphite/epoxy
damage under compressive
cyclic load, 340

w

Weibull strength distribution, 90-deg
ply cracking in carbon fiber
reinforced plastic, 84

X

X-ray radiography,
composites
fatigue loading, 274
fiber fracture and ply cracking, 252
notched
under cyclic tension-compression
loads, 327, 330, 331

matrix effects, 139

graphite/epoxy






