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Foreword 

The symposium on Effects of Defects in Composite Materials was held in 
San Francisco, California, 13-14 December 1982. ASTM Committees D-30 on 
High Modulus Fibers and Their Composites and E-9 on Fatigue sponsored the 
symposium. Dick J. Wilkins, General Dynamics, presided as symposium chair
man. 
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Introduction 

The objective of the Symposium on Effects of Defects in Composite Materials 
was to provide a forum for presentations and discussions on the effects of defects 
on strength, stiffness, stability, and service life. Defects were considered either 
to originate from the manufacturing process (such as voids, inclusions, and 
porosity) or to result from service usage including low-energy impact, ballistic 
damage, ply cracking, and delamination. Contributions were specifically sought 
on: 

1. Observation and measurement of defect location and size. 
2. Experimental evidence of consequences of defects. 
3. Analytical models for predicting defect behavior. 
4. Observations of failure surfaces influenced by defects. 

The underlying motivation for selection of this topic for a symposium and 
publication was an increasing awareness of the importance of defects as they 
behave as stress concentrators and failure sites in brittle composite materials. 
The extensive application of such materials in aerospace vehicles and commercial 
products fostered the need to understand the interrelationships among the man
ufacturing processes, the inspection techniques, and the in-service performance. 

Probably because of various constraints in the industrial community, most of 
the contributions were from either university or government researchers. Con
sequently, the viewpoint of the majority of the papers is an attempt to understand 
and characterize defects, rather than explore their engineering significance. 

All but one of the papers is concerned with carbon-epoxy laminates. This 
amount of emphasis is appropriate because the aerospace industry is so heavily 
involved with applications of the various commercial forms of carbon-epoxy. 

Most of the papers contribute new experimental observations of the effects of 
various defects. Several papers concentrated on the careful observation and 
documentation of failure surfaces influenced by defects. The interactions between 
ply cracks and delaminations have been especially well-documented. 

Some intriguing new methods of analysis are proposed by a number of the 
papers. These new analyses, coupled with the improved understanding provided 
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2 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

by the experimental observations, will add to our ability to evaluate the sensitivity 
of structures to defects. 

The contributions provided to this volume by the authors, the reviewers, and 
the ASTM staff are gratefully acknowledged. 

Dick J. Wilkins 
Engineering staff specialist, General Dynamics, 

Fort Worth, Texas; symposium chairman. 
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Surendra K. Joneja^ and Golam M. Newaz^ 

Fracture Toughness and Impact 
Characteristics of a Hybrid System: 
Glass-Fiber/Sand/Polyester 

REFERENCE: Joneja, S. K. and Newaz, G. M., "Fracture Toughness and Impact 
Characteristics of a Hybrid System: Glass-Fiber/Sand/Polyester," Effects of Defects 
in Composite Materials, ASTM STP 836, American Society for Testing and Materials, 
1984, pp. 3-20. 

ABSTRACT: In order to understand the damage mechanism in a glass-fiber/sand/polyester 
hybrid composite, it is essential to study the effects of inherent flaws or defects on the 
damage growth in the material. The irregular shape and presence of sharp geometric comers 
in the sand particles, voids, and improper interfacial bonding are factors that contribute 
to the weakening of the composite performance. One of the parameters influencing the 
defect formation is size of sand particles. 

In this investigation, the thickness of glass/polyester layer is varied, while the sand/ 
polyester layer is kept at a constant thickness. Laminates are made using different sand 
particle dimensions in order to investigate their influence on the performance of the hybrid 
composite. The combined effect of the defects is quantified by measuring the residual 
backing toughness provided by the glass/polyester layer after the full crack growth in the 
sand layer. The laminates having fine-sand particles provide better toughness properties 
in comparison to the coarse-sand laminates. 

Impact studies are performed to evaluate the influence of defects on the hybrid composite 
behavior when subjected to impulsive loading. The load is applied to the glass/polyester 
face. The effect of thickness of the glass/polyester layer on damage initiation and prop
agation due to the impacting tup has been studied. It has been found that the thickness of 
the glass/polyester layer has a predominant influence on damage growth and mode of 
failure. 

KEY WORDS: composite materials, fatigue (materials), fracture mechanics, chopped 
strand mat, polyester concrete, glass-fiber/sand/polyester hybrid composite, voids, inter
face, sand particle size, fracture toughness, backing toughness, impact, total energy, 
initiation energy, ductility index 

The relatively low tensile strength and fracture energy of the polyester/sand 
composite has been the driving force behind the development of glass-fiber-
reinforced polyester concrete [1,2].^ Properties of the glass-reinforced polyester 

' Advanced engineers, Owens-Coming Fiberglas Corporation, Technical Center, Granville, Ohio 
43023. 

^ The italic numbers in brackets refer to the list of references appended to this paper. 
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4 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

sand composite depend on characteristics of the fibers, the resin matrix, and the 
fiber/matrix interface. For better design of the composite, investigators active 
in the field are engaged in establishing the relationship between the micro and 
macro behaviors of the composite. Micromechanical approaches to complex 
materials such as plain and fiber-reinforced concrete are commonly based on 
multi- (or two-) phase models. Stroeven [3] modeled the hybrid composites 
based on deterministic as well as probabilistic principles to derive the constitutive 
relationships. Using this model, he evaluated the stress transfer capability of a 
cracked region in plain and fiber-reinforced concrete. 

Excessive voids and poor interfacial bond adhesion between sand and the 
matrix are common factors that affect the performance of the material. The 
irregular shape and size of the sand particles further causes high stress concen
tration at the interface of the matrix and sand [4]. These defects are potential 
failure initiators. The microscopic defects may combine together to produce 
degradation of the sand/fiber/polyester hybrid composites. The presence of 
defects influences critical load for crack initiation and velocity of crack propa
gation in the material, thus affecting the performance of crack arresting material 
such as glass fibers. 

Equally critical in the design of polyester concrete are the dynamic properties. 
Many investigators [5,6] have observed improvements in the impact resistance 
of cement when glass fibers or some toughening agents are introduced into the 
system. However, very little published work is available on impact characteristics 
of polyester concrete. Basic understanding of the behavior of polyester concrete 
at high strain rates caused by impact may provide insight for a more rational 
design analysis of the system under dynamic loads. 

In this study, the combined influence of voids, sand particle size, and inter
facial bond adhesion on fracture toughness and impact behavior of glass-fiber/ 
sand/polyester hybrid composites has been investigated. The thickness of the 
glass/polyester backing layer is varied, keeping the layer of sand/polyester 
concrete at constant thickness to study the effect of backing toughness. Average 
sand particle dimensions are changed in order to understand their influence on 
the performance of the hybrid composite. The effect of the thickness of the glass/ 
polyester layer and particle size on damage initiation and propagation during 
impact has been analyzed. 

Material and Specimen Preparation 

The material used in this investigation is a composite made of E-glass chopped 
strand mat, M721 (ARATON®), and polyester resin E-737, both manufactured 
by Owens-Coming Fiberglas Corporation. The M721 is constructed from chopped 
fine strands randomly oriented and bonded in mat form by a small quantity of 
high solubility polyester resin. The mat weighs 0.457 kg/m^ (4.48 N/m^). The 
E-737 is an unpromoted isophthalic polyester resin having 3.8 to 4.5% ultimate 
elongation. For fabrication of the hybrid laminates, a mold made of high-density 
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JONEJA AND NEWAZ ON A HYBRID COMPOSITE 5 

polypropylene was used. First, the resin was spread on the surface of the mold 
for uniform wetting and then five layers of the mat were placed one by one, 
pouring resin on the top of each layer. A roller was employed to squeeze out 
and enhance the impregnation of the resin. A mixture of 85/15 sand/polyester 
resin by weight was prepared and poured on the top of the mat polyester layers 
in the mold to make 12.7-mm-thick laminates. Figure 1 shows a schematic of 
the laminate in the mold. Sand with two different particle sizes, 100 and 700 
(Jim, were used to make the laminates. The laminates were cured under uniform 
pressure of 9.65 KN/m^ at 22°C for 18 h and postcured at 93°C for 2h. 

For fracture toughness tests, single-edge notch beam (SENB) specimens were 
prepared with three different thicknesses of backing layers, namely, 3.2, 1.6, 
and 0.8 mm. A notch of 2.5 mm was machined at the center, across the width 
of the specimen in the sand/polyester layer. A diagram of a finished specimen 
is shown in Fig. la. For the impact study, rectangular cross-section specimens 
of 12.7-mm width and I27.0-mm length with varying thickness of glass fiber 
mat polyester layer and constant layer of 9.4-mm sand/polyester were prepared 
(Fig. lb). Most of the impact study was performed with samples having the 
larger sand particle size (700 |jim). A limited number of samples with finer sand 
particles were also subjected to impact. 

Experimental Procedure 

Fracture Toughness 

The microscopic examination of the material revealed that the defects are 
distributed and oriented randomly all over in the sand/polyester layer. Due to 
this, many of the defects are not wholly contained in the plane perpendicular to 
the maximum tensile stress, therefore, not all defects are stressed in a typical 
tensile mode, Ki. However, an overall fracture toughness is obtained using 
notched bend tests. The specimens have been loaded at the rate of 1.27 mm/ 
min on an Instron unit. The critical load is obtained from a load-deflection curve. 

Sand/polyester 

nc.i 
Short-glass/polyester 

-Schematic of short glass-fiber/ sand/polyester laminate in mold. 
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^ 1 2 . 7 ^ 

9.4 

Backing short-glass fiber/ 
LOAD, P polyester layer 

(0.8, 1.6 or 3.2 imi) 

-^ 

Sand/Polyester 
n 

- 7 6 . 2 

P ( t ) 

Glass Fiber/Polyester 

Sand/Polyester 

FIG. 2—(a) Single-edge notched beam specimen for fracture toughness lest, and (b) specimen 
for the impact test {all dimensions are in millimetres). 

The fracture toughness is calculated using the following form of the Griffith 
relationship [7]. 

b w^ (1) 

where M,. is the applied critical bending moment; a, b, and w are notch depth, 
width, and thickness of the specimen, respectively; and y is a dimensionless 
parameter that depends on the ratio, alw, and is given by 

Y = 1.93 - 3.07 (alw) + 14.53 {alwf 
25.11 {alwf + 25.80 (a/w)* (2) 

In the hybrid, the value of M^ is calculated based on the load, P^, at which 
crack propagation initiates in the sand layer. This load corresponds to first peak 
in the load-deflection diagram. The crack initiates at critical load and grows in 
the polyester concrete and finally hits the fiber-glass-polyester layer that arrests 
the crack. The residual toughness has been calculated as the area under the load 
deflection curve beyond full crack growth in the polyester concrete (Fig. 3). 
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JONEJA AND NEWAZ ON A HYBRID COMPOSITE 7 

Deflection 

FIG. 3—A typical load-deflection curve for the hybrid. 

Impact 

The Rheometrics High Rate Impact Tester is used to study the impact response 
of glass-fiber/sand/polyester laminates. The specimens were mounted against a 
76.2 mm opening, keeping both ends fixed. A hemispherical tup of 12.7-mm 
radius was used to impact the specimens on the backing side made of glass-
fiber-polyester layer. The impact speeds of 22, 88, and 220 cm/s were selected 
to determine the influence of velocity of impact on the behavior of the composite. 
Plots of load-deflection and energy were obtained for different thicknesses of 
the backing layers. 

Some specimens were also subjected to a bumping type impact. The ram 
displacement was controlled in order to simulate a bumping type impact. The 
depth of penetration was accomplished by using the "Return Point Select" mode 
on the Rheometrics High Rate Impact Tester, thus allowing for only partial 
sample deformation or surface fracture. To do this, the desired penetration depth 
is entered into the computer memory, then when the ram advances to the pre
selected penetration depth, a "data-stop'' sensor is activated. The ram decelerates 
and retums to its initial position. An overshoot will occur due to the momentum 
of the ram and deceleration time. The ram velocity was set at 22 cm/s. The 
actual depth of penetration as well as the amount of surface fracture propagation 
will reflect the impact resistant characteristics of the material. 

Results and Discussion 

The optical and scanning electron microscope (SEM) photomicrographs of the 
composites reveal that the number of voids per square inch in the fine-sand/ 
polyester layer is higher than in the coarse-sand/polyester concrete (Fig. 4a). 
However, the average ratio of the major lengths across the biggest void in the 
coarse sand and the biggest void in the fine sand is approximately seven to eight 
(Fig. Ab). This may be attributed to the difference in total surface areas of fine-
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JONEJA AND NEWAZ ON A HYBRID COMPOSITE 9 

and coarse-sand particles in the laminates. The size of the particles also influences 
the distribution of the polyester that in turn affects the impregnation and wetting 
of the sand. The untreated fine and coarse particles provide poor interfacial 
adhesion to resin as shown in Fig. 5. The combined effects of these defects on 
the performance of the materials are investigated through fracture toughness and 
impact tests. 

Fracture Toughness 

The notch beam test in three-point bending is employed to measure the fracture 
toughness. At least seven specimens are tested for each of the different composite 
laminates. The load deflection curves for the polyester concrete without glass 
fiber are shown in Fig. 6a. Using Eq 1, the value of fracture toughness is 
calculated based on critical load responsible for crack initiation. The fracture 
toughness of the fine-sand concrete is about 1.6 times that of the coarse-sand 
concrete. Past the critical load, slope of the load deflection curve indicates the 
rate of crack growth. The crack growth in the fine concrete is slower because 
more energy is consumed to open new free surfaces ahead of the crack tip and 
the crack path is more tortuous. This is due to the smaller particle size and void 
in the fine-sand/polyester concrete that in turn leads to improved mechanical 
properties. The photomicrographs reveal that the crack travels along the inter
facial boundaries of the sand particles and the polyester (Fig. 6b). In the coarse 
concrete, the particles and large voids are responsible for decrease in stresses in 
steps beyond the critical load, indicating the velocity of the crack to be discrete. 

For the hybrid composite having a different thickness of the backing mat-
polyester layer, the critical load increases with an increase in the thickness of 
the backing layer. At the critical load, for a composite having fine particles, 
load-deflection response is smoother than in the hybrid with coarse-sand particles 
(Figs. 7 and 8). Due to the addition of glass-fiber layer as the crack arrester, 
the fracture toughness of the coarse-polyester concrete improves faster in com
parison to the fine-sand material. This is attributed to lower stiffness of the coarse 
concrete. The combined effect of particle size and voids is that crack growth 
velocity in fine sand is slower than the crack growth velocity in the coarse sand. 
The values of fracture toughness of the hybrid composite has been calculated 
and summarized in Table 1. The residual backing toughness against the crack 
growth is provided by the glass-fiber layer in the hybrid. This has been determined 
as the area under the points, A and B, as shown in force-deflection diagrams in 
Figs. 7 and 8. Points A and B correspond to the load when the load first drops 
down at full crack growth in polyester concrete and the maximum load carried 
by the glass/polyester layer, respectively. The backing toughness increases as 
the thickness of glass-fiber layer increases. However, for the same thicknesses 
of the backing layer, the retained backing toughness is more in the hybrids 
having fine-sand particles than the coarse sand. This may be due to lower stress 
gradient created by slower crack growth in the fine-sand concrete layer. From 
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12 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

1 .0 1.5 

DEFLECTION, ram 

FIG. 7—Load-deflection curves for the hybrid composites having coarse sand and different 
thicknesses of the mat polyester (backing layer). 

the cursory analysis of the results, the backing toughness is not a linear function 
of the glass/polyester thickness. In the coarse-sand hybrid system, 0.8-mm-thick 
glass/polyester layer does not provide any backing toughness. It may be due to 
excessive damage in the glass/polyester layer. The selection of proper thickness 
of the glass-fiber/polyester layer depends on the end-use of the material and its 

1.00 1.50 

DEFLECTION, mm 

FIG. 8—Load-deflection curves for the hybrid composites having fine sand and different thick
nesses of the mat polyester (backing layer). 
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JONEJA AND NEWAZ ON A HYBRID COMPOSITE 13 

TABLE 1—Fracture toughness (K,c) cf sand- and glass-fiber/polyester composites having 
different thicknesses of glass-fiber layers. 

Sand Particle 
Size, (Am 

100 

700 

Thickness of 
Glass/Polyester 

Layer, mm 

0 
0.8 
1.6 
3.2 

0 
0.8 
1.6 
3.2 

Fracture Toughness, 
MNm-"^ 

1.107 
1.221 
1.228 
1.195 
0.659 
1.128 
1.166 
1.155 

Backing Toughness, 
Nm 

0 
0.112 
0.178 
0.304 

0 
0 

0.078 
0.154 

design criterion. Further analysis is needed to determine the backing thickness 
at which functional damage of the material takes place. 

High Rate Impact 

A typical impact behavior exhibited by the hybrid samples containing coarse 
and fine sand are shown in Fig. 9. It is quite clear that both in terms of initiation 
and propagation energies, the impact resistance of the fine-sand hybrid sample 
is superior to the coarse-sand hybrid laminate. Impacted specimens demonstrating 
complete fracture are shown in Fig. 10. The initiation and propagation of these 
cracks are discussed in the next section. 

Fine sand hybr 

• Coarse Sana hybr 

tilass-polyester 
layer thickness 

3.2 rnn 

DEFLECTION (mu) 

FIG. 9—Load-deflection curves of fine- and coarse-sand hybrid samples at impact velocity of 88 
cmls. 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



14 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 
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JONEJA AND NEWAZ ON A HYBRID COMPOSITE 15 

One important aspect is to determine the ultimate load carrying capability of 
the hybrid composites with different glass/polyester layer thickness. For the 
composites having coarse-sand particles, the ultimate loads carried for impact 
velocities of 22, 88, and 220 cm/s prior to complete failure is shown in Fig. 
11. It is quite clear that the higher thickness of glass/polyester layer has a positive 
influence on the ultimate load carrying capability. For the constant thickness of 
glass/polyester layer, the peak load carrying capability does not vary much for 
different impact velocities between 22 to 220 cm/s. The maximum variation of 
about 12% is exhibited by the 3.2 mm glass/polyester layer sample. It may be 
noted that the trend in peak load carrying capability does not change significantly 
with the increase in backing layer thickness. However, the absolute value of 
peak load increases as the backing layer thickness increases. 

The hemispherical projectile produces time-dependent pressure at the location 
of impact. Stresses are then generated within the sample. At subsurface locations, 
triaxial state of stress is produced due to generation of radial, circumferential, 
and normal stresses. The state of stress in isotropic and composite materials 
under impact loading is discussed by Greszczuk [8]. For the hybrid composite 
under investigation, the actual state of stress is not precisely known. To evaluate 
this, finite element analysis can be used. However, this was not undertaken in 
this study. Because of the small size of the sample, the impact response is more 
likely an overall sample response rather than an indication of local deformation. 

5.0 

2.0 

1.0 

D 3.2 rm 

A 1.6 mm 

O 0.8 rni 

Glass-polyester 

layer thickness 

50 100 150 200 

IMPACT VELOCITY (cm/sec) 

FIG. 11—Peak load versus impact velocity. 
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16 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

However, the load-deflection response can be analyzed to distinguish different 
fracture events within the sample that provides information about the nature of 
the local deformation. The energy absorbed during impact provides valuable 
information about the performance characteristics of the material. Two plots 
(Figs. 12 and 13) are presented showing variation of the initiation and the total 
energies, respectively, as a function of impact velocity. As shown in Fig. 12, 
the thicker the glass/polyester layer, the higher the initiation energy. For layer 
thicknesses of 0.8 and 1.6 mm, the initiation energy either increased slightly or 
remained constant as the impact velocity was increased from 22 to 220 cm/s. 
In both these cases, the initiation energy versus impact velocity response is 
linear. However, the 3.2-mm-layer sample exhibits nonlinear behavior. The 
energy response of the 3.2-mm-layer sample, between impact velocities of 22 
and 88 cm/s increases rapidly and remains about flat thereafter. The early rise 
of the initiation energy as a function of impact velocity is not well understood 
for the thicker sample. However, the overall trend of the initiation energy is 
consistent as is explained later. 

The total energy response as a function of impact velocity (Fig. 13) shows 
that for glass/polyester layer thicknesses of 0.8 and 1.6 mm, the curves pass 
through maximum energies between impact velocities of 22 and 220 cm/s. 
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FIG. 12—Initiation energy versus impact velocity. 
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FIG. 13—Total energy versus impact velocity. 

However, the total energy absorbed by the 3.2-mm-layer sample continuously 
increases in this velocity range. Thus, the energy absorption capability of the 
3.2-mm glass/polyester layer sample is superior to the other samples. Certainly, 
from an energy absorption viewpoint, it is reasonable to expect that the thicker 
the glass/polyester layer, the more ductile is the overall composite when sub
jected to impact loading. The influence of higher backing layer thickness on 
impact resistance of the hybrid composite under consideration is not well under
stood. A further investigation on microbehavior of the composite is needed to 
explain the impact behavior observed in Figs. 11 through 13. 

Samples with fine sand having 3.2-mm-thick glass/polyester layer were also 
subjected to an impact test at 88 cm/s. The peak load-carrying capability is 
found to increase about 30% in comparison with the coarse-sand hybrid laminate. 
This trend is also observed for the initiation and the total energies. For the fine-
sand hybrid system, both the initiation and the total energies increase about 40 
and 50%, respectively. These differences are attributed to the smaller size of 
the voids in the fine-sand hybrid system. For the coarser sand, interfacial sep
arations, as well as large size of voids make it difficult for a smooth transfer of 
strain at the glass/polyester and sand/polyester interface. This may result in 
lower interlaminar shear resistance of the composite. The overall impact resist
ance of the hybrid laminates then depend significantly on the sand particle size 
as evidenced here. 

By introducing the concept of "Ductility Index" as discussed by Adams [9], 
the relative degree of brittleness of the composites can be established. The 
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18 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

Ductility Index is defined as 

D = {Ej- EdIE, (3) 

where 

Er = total energy, and 
£, = initiation energy. 

For the hybrid systems considered, Table 2 shows the values of Ductility Index 
for various glass/polyester-layer thickness and impact velocities. 

As seen in Table 2, the lower the index value, the more brittle is the composite. 
Also, it is clear from Table 2 that the lower the glass/polyester layer thickness, 
the more brittle is the hybrid composite at all impact velocities considered. For 
a fine-sand hybrid system, D is calculated to be 1.86 at impact velocity of 88 
cm/s. Comparing to the coarse-sand hybrid system value of 1.5, it is clear that 
the fine-sand system is more ductile and thus has better energy absorption ca
pability. 

Bump Impact 

The bump impact tests are performed to determine how the cracks initiate and 
propagate. Three dominant stages of crack initiation and propagation are iden
tified as illustrated in Fig. 14. Clear cutoff points of delamination and subsequent 
propagation through the sand/polyester layer are difficult to establish. However, 
it is observed that delamination occurs prior to oblique crack progression back 
into the sand/polyester layer. 

Summary and Conclusion 

The size of sand particles and the formation of void size influence the fracture 
toughness behavior of polyester concrete. The fracture toughness of the fine-
sand concrete is about 1.6 times more than that of the coarse-sand concrete. The 
size of the particles and voids also affect the crack growth in the concrete. 

The critical stress increases with an increase in the thickness of the backing 

TABLE 2—Ductility index of hybrid samples. 

Impact Velocity, 
cm/s 

22 
88 

220 
88 

coarse sand 

fine sand 

Ductility Index, D, 
glass/polyester-layer thickness 

3.2 mm 

1.8 
1.5 
2.0 
1.86 

1.6 mm 

0.8 
1.1 
1.0 

0.8 mm 

0.7 
1.0 
0.4 
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DISPLACEMENT 

FIG. 14—Various stages of crack propagation due to impact loading. 

layer. The combined influence of size of the sand particles and voids on the 
impulsive stresses at the interface between polyester concrete and the glass-fiber/ 
polyester layers is evaluated in terms of residual backing toughness. The backing 
toughness increases with the increase in the thickness of the glass-fiber/polyester 
layer. While this conclusion may have been drawn intuitively, the results of this 
work have quantified its magnitude and offer a method for its measurement. 
This quantification can aid in designing systems with a desired fracture toughness. 

Furthermore, the retained backing toughness is higher in fine-sand hybrid than 
in coarse-sand hybrid, for the same thickness of the glass-fiber/polyester layer. 
However, as the backing layer thickness increases, the toughness increase be
comes nonlinear. 

Overall impact resistance of the hybrid laminates depend significantly on the 
sand particle size and backing thickness of sand/polyester layer. Comparing to 
the coarse-sand hybrid system, the fine-sand system is more ductile and has 
better energy absorption capability. 

The present study reveals that improvement in backing toughness and impact 
resistance of the hybrids having the same thickness of glass-fiber/polyester layer 
can be achieved by using finer sand. 
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ABSTRACT: The mechanisms by which subcritical and critical damage develops in several 
lamination geometries of T300/5208 and T300/914C graphite/epoxy material during ten
sion-tension fatigue were closely examined. A damage analogue in the form of stiffness 
reduction was used to provide a framework by which the sequence of damage development 
could be correlated with mechanical response. Stiffness reduction, measured continuously 
during the course of cyclic loading, was shown to provide a reproducible characteristic 
correlation with percent of life expended. The relationship was observed to differ markedly 
among lamination geometries, but for a given geometry was found to clearly indicate the 
partition of the mechanical response into distinct regions in these characteristic curves. 
These regions, moreover, were shown to be predominated by particular damage mecha
nisms—some already discussed in the literature, others less well-recognized. 

Results of the observed damage development sequence for cross-ply and quasi-isotropic 
laminates are presented along with a preliminary association between this damage and the 
characteristic stiffness reduction curves for these geometries. The geometries used were 
characterized by distinct, predominant, early subcritical damage conditions. This secondary 
and subsequent damage development was examined in relation to known, predictable 
beginning state. Of particular emphasis in each case was the role of this developing damage 
state in the fracture of fibers in the 0-deg plies. 

Damage detection and characterization was accomplished using both nondestructive and 
microscopic techniques. Two techniques proved to be of considerable utility: penetrant-
enhanced stereo X-ray radiography and scanning electron microscopy of coupons taken 
from penetrant-enhanced deplied, damaged specimens. 

A number of significant damage conditions, not heretofore reported, were observed; the 
production of interior delaminations at the 0/90-deg interfaces of [0,902], laminates by the 
gradual growth of longitudinal cracks in the 0-deg plies; the existence of a dense distributed 
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22 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

microcrack condition at all distinct interfaces of [0,90,±45], laminates; the segregation of 
0-deg fiber breaks in all laminates into zones coincidental with cracks in the adjacent plies; 
and, the appearance of shear fracture in 0-deg fibers associated with the passage of lon
gitudinal splits. 

Mechanisms for each of these damage conditions are proposed in terms of the micro-
mechanics of the predominant damage condition with which they are associated and the 
global stress state. 

KEY WORDS: composite materials, fatigue (materials), damage mechanisms, graphite/ 
epoxy nondestructive evaluation, fibers. X-ray radiography, stiffness changes, delami-
nation, microcracking, matrix cracks, fiber fracture, fracture mechanics 

The engineering use of composite materials is rapidly developing both in the 
sense of the range of different applications and the criticality of the components. 
For aircraft, for example, complete wing structures and fuselages are being 
widely planned, and a few are already being flown. These developments bring 
with them a requirement of reliability during low-level, long-term, variable 
amplitude cyclic loading of the type that is common to engineering components. 

While phenomenological characterization is always required when questions 
of strength or life must be answered, the ultimate accuracy and success of 
engineering models of behavior depends greatly on the degree to which they are 
based on an understanding of the mechanisms that produce damage and reduce 
the strength and life of engineering components. This is especially true if pre
dictions of behavior are to be made for situations for which no experience is 
available. It is also important to understand damage mechanisms if improvements 
in material design and optimization of component design are to be attempted. 

The present research effort is concerned with the identification, characteri
zation, and analysis of damage events and mechanisms associated with fatigue 
loading of graphite/epoxy laminates for a sufficient number of cycles, such that 
the strength, stiffness, and life of the laminates were reduced. It represents a 
systematic and comprehensive study of damage development throughout the life 
of such specimens. Several unique experimental techniques were used to obtain 
valuable new information about the precise nature of microstructural damage. 
Several different laminate types and two different materials were used in an 
effort to identify features that are generic to damage development in laminates 
under tension-tension cyclic loading. The following sections provide a detailed 
description of results and a discussion of the implications of these results in the 
evolution of a general understanding of fatigue damage in composite materials 
UV 

Experimental Procedure 

Laminate specimens measuring 25.4 m wide and 203 mm long were fabricated 
from T300/5208 (NARMCO) and T300/914C (CIBA-GEIGY) material. The 

'' The italic numbers in brackets refer to the list of references appended to this paper. 
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fabricated ply thickness was approximately 0.14 mm, and the fiber volume 
fraction was approximately 0.66. Several stacking sequences were chosen to 
span the range of interlaminar constraint conditions and by anticipation provide 
a range of damage conditions for study. Results for the stacking sequences, 
[0,902]s, [0,90,±45]s, [0,90,0,90]2s, and [0,±45,0]2s, will be reported here. 
Specimens were subjected to tension-tension fatigue loading at a constant stress 
ratio, ^ = 0.1, in a sinusoidal form at a cyclic frequency of 10 Hz in a servo-
controlled, closed-loop testing machine operating in the load-controlled mode. 
The maximum cyclic stress amplitude was chosen for each laminate type to 
produce a lifetime between 10' and 10* cycles. For example, for the [0,902]^ 
laminate type, this stress was 70% of the static ultimate stress (S^ii)', for the 
[0,90,±45]s laminate type, 62% of the static ultimate stress. The ultimate stress 
in each case was the average of a number of strength measurements for specimens 
selected from the test population. This choice of maximum stress amplitude 
produced nearly the same initial maximum 0-deg ply stress in each of the laminate 
types. 

Two series of fatigue tests were conducted for each laminate type. The first 
was designed to study the sequence of fatigue damage development in a single 
specimen by nondestructively evaluating its condition at intervals during its 
fatigue lifetime and will be referred to hereafter as a "stop and go" test. The 
second series of tests was aimed at producing various levels of expected damage 
in a number of different specimens, each specimen characterizing a stage of 
fatigue damage. These specimens were both nondestructively and destructively 
examined by methods to be described. 

Since control of both test series required some inference of the state of damage 
in the specimen during the course of cyclic loading, a damage analogue in the 
form of stiffness reduction was employed. The relationship between stiffness 
reduction and the development of damage in composite material laminates has 
been studied extensively, and excellent correlations have been reported [2-4], 
For the purpose of continuous stiffness monitoring, an extensometer having a 
nominal gage length of 50.8 mm was attached to the center portion of the 
specimen. The extensometer knife edges sat in narrow, V-shaped channels ma
chined into metal tabs that were in turn bonded to the specimen surface with 
silicone rubber cement. The extensometer was held in place with small rubber 
bands looped around the specimen. 

Data acquisition and computation was accomplished by a Z-80 microprocessor-
based microcomputer. The calculated quantity taken to represent stiffness was 
the secant modulus of the dynamic stress-strain curve. It should be noted that 
laminate stiffness, which is a property of the laminate, and the secant modulus, 
which is an attribute of the dynamic stress-strain curve, are not one. Stiffness 
reduction is the more rational damage analogue; secant modulus change is simply 
a convenient measurable quantity. When static stiffness and dynamic secant 
modulus values were measured at the same point of a specimen's fatigue life, 
the dynamic secant modulus was typically higher, the magnitude of the difference 
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24 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

depending upon the laminate type. The two quantities were approximately equal 
for the [0,902]s laminates. However, differences between secant modulus values 
measured at two points during a fatigue test did not differ significantly from 
quasi-static stiffness variations measured between the same two points, and the 
use of former quantity to represent the latter was considered to be justified. The 
use of stiffness reduction as the damage analogue in the conduct of all fatigue 
testing was guided by observations made in preliminary tests. In these tests, 
which were designed to fix the maximum working stress amplitude for each 
laminate type and for which stiffness was monitored continuously, it was ob
served that regardless of the stress amplitude and hence the fatigue lifetime, the 
general form of the relationship between laminate stiffness and percent of fatigue 
lifetime was unchanged. The form of the relationship was markedly different 
among the laminate types, but for a given laminate type, exhibited a clear and 
repeatable structure. Thus, a characteristic curve of stiffness versus cycles could 
be associated with each laminate type uniquely. Moreover, each of these curves 
exhibited three distinct regions that provided a framework for the assessment of 
damage development. In each characteristic curve, the initial state was one of 
rapid stiffness reduction. This was followed by an intermediate region wherein 
the stiffness reduction occurs linearly with increasing cycles. The final stage 
was one of rapid stiffness reduction ending in specimen fracture. These will be 
designated Stages I, II, and III, respectively, in subsequent discussion of results. 

Using these regions of stiffness reduction to establish demarcation points, a 
stop-and-go series of fatigue tests was conducted for each laminate type. In this 
series, each specimen was cyclically loaded until the stiffness-versus-cycles curve 
reached the apparent end of Stage I. The specimen was then removed from the 
testing machine and examined nondestructively by methods to be described in 
the following sections. Following this examination, the specimen was returned 
to the testing machine and data acquisition and stiffness monitoring proceeded 
until the next selected stiffness reduction level was reached. The examination 
procedure was then repeated. This stop-and-go process typically continued until 
the specimen failed in fatigue and intermediate stopping points were chosen 
frequently enough that each region of damage was included. 

The stop-and-go series of tests had the advantage that it provided clear evidence 
of damage progression in a given specimen. This information was particularly 
useful in following the development of certain types of damage such as matrix 
cracking, longitudinal splitting, and delamination. The method had the disad
vantage that there were largely uncontrollable extraneous factors involved when 
testing was interrupted that made quantitative interpretation of the local stiffness 
reduction and damage development difficult. 

For this reason, a complementary series of tests was conducted for each 
laminate type in which the specimen was cyclically loaded until a desired level 
of stiffness reduction (and by implication, damage development) had occurred. 
At that point, the specimen was subjected to first nondestructive and then de
structive microscopic analysis but was not subjected to additional fatigue cycles 
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thereafter. This method required that a fairly large number of tests be conducted 
for each laminate type to provide a collection of damaged specimens that, taken 
together, were representative of the full range of damage development. 

The nondestructive and destructive techniques used for the examination and 
analysis of damage conditions produced by each of these test series were edge 
replication, stereo X-ray radiography, and specimen deply. These techniques 
have been applied successfully by other investigations in damage characteriza
tion. However, the present work extended each of the techniques to provide a 
greater resolution of damage detail than has heretofore been reported. Detailed 
descriptions of the techniques used are provided in Refs 1, 5, 6, 7, and 8. 

Experimental Results 

[0,902\ and [0,90,0,90]2^ Laminate Types 

Figure 1 shows the characteristic stiffness reduction curve for a typical [0,902]s 
specimen. The [0,90,0,90]2s showed a similar structure with a less pronounced 
"stair step" character in Stage III. The shape of the curve for short-life and 
long-life tests is similar and varies little in form from specimen to specimen. 
Stages I, II, and III are marked on the figure. This partition of the stiffness 
reduction curve served as well to partition the dominant modes of fatigue damage 
that occurred in this laminate type, as will be shown in the description of damage 
for each state of the [0,902]s laminate type. 
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Stage I—Figure 2 shows an edge replica of a [0,902]s specimen at the end of 
50 000 cycles with a measured stiffness reduction of 2.4% corresponding ap
proximately to the end of Stage I in the characteristic curve. The transverse crack 
spacing corresponds to the characteristic damage state, a well-established con
dition of saturated ply cracks [9,70]. Some incipient delamination growth is also 
observed. Figure 3 is the Stage I portion of the stiffness reduction curve for the 
same specimen. Also included is a plot of crack density taken from replicas 
made at intermediate points in Stage I. Approximately one half of the transverse 
cracks that ultimately form in these laminates do so in the first cycle for the 
load levels used and cracking is complete at the end of Stage I. The procedure 
used for starting each fatigue test inevitably resulted in the loss of initial stiffness 
reduction information. By measuring static stiffness changes at the beginning of 
a number of tests, it was found that the average stiffness deficit was 4.5%. Thus, 
the total stiffness reduction in this specimen at the end of Stage I was approx
imately 6.9%. 

Can this stiffness reduction be explained in terms of the formation of transverse 
cracks alone? The answer is provided by the classical laminated plate theory. 
The longitudinal stiffness of an undamaged [0,902]s laminate is calculated to be 
5.43 X 10* MPa based on the following nominal lamina properties of T300/ 
5208 graphite/epoxy material: 

£, = 14.2 X 10" MPa 
£2 = 10.2 X 10' MPa 
v,2 = 0.305 
G,2 = 6.0 X 10̂  MPa 

If, for saturation cracking, it is assumed that the longitudinal stiffness £2 and 
the shear modulus G12 are reduced to zero and if these discounted properties are 
used in the laminated plate theory, then the predicted laminate stiffness becomes 
4.75 X 10" MPa. The laminate stiffness reduction due only to saturation cracking 
of the 90-deg plies is thus 12.6%. This is more than sufficient to account for 
the measured stiffness reduction of 6.9%. The fact that it is substantially more 
can be attributed to the fact that transverse cracking reduces the load-carrying 
capacity of those plies only in a local region adjacent to the cracks. The material 
between adjacent cracks outside of these relaxed zones is capable of carrying 
some load and hence contributing to the laminate stiffness. For example, if 
saturation cracking is assumed to reduce the longitudinal stiffness of the 90-deg 
plies to one half of the undegraded value, then the laminate stiffness becomes 
5.09 X 10* MPa and the calculated stiffness reduction is 6.3%. Inasmuch as 
the measured stiffness reduction is acquired over a 50.8 mm gage length and is 
certainly "global" when compared to the spacing of the approximately 80 cracks 
that are included therein, the total discount scheme can be expected to provide 
an upper bound on the actual stiffness reduction. 
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FIG. 2—Edge replica from a [0,90^], laminate at Stage I. 

Other damage at this stage is relatively minor. Some small delaminations 
confined to a boundary layer along the edge are observed. These delaminations 
actually appear to mark the beginning of Stage II damage. 

Stage II—Figure 4 is a radiograph of a specimen at the end of Stage II. Aside 
from the transverse cracks, the dominant structures are longitudinal cracks. These 
cracks are present in Stage I but are few in number and small in length. During 
Stage II damage development, both measures increase. They exhibit a fatigue 
character on a macroscopic scale, growing slowly and stably with the increasing 
cycles. As will be seen from the discussion of Stage III damage development, 
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FIG. 3—Stiffness reduction and crack development for a [0,902], laminate at Stage I. 

this growth is not complete at the end of Stage II. But because the formation of 
transverse cracks is complete at the beginning of Stage II and other damage 
modes are only moderately active at this stage, longitudinal cracking predomi
nates. 

The key to understanding the formation and growth of longitudinal cracks in 
0-deg plies in tensile loading lies in the stress state in that ply. For a uniaxial 
load in the x-direction, the transverse stress, 0-,. in the y-direction is strongly 
tensile, owing to the magnitude of the Poisson mismatch between the 0-deg ply 
and the adjacent 90-deg plies. The transverse strength of the 0-deg plies, however, 
is low. In fact, at the maximum operating stress levels used for this laminate 
type, the Uy stress is approximately equal to the static transverse strength of the 
0-deg ply. However, the interlaminar constraint condition prevents complete 
cracking on the first cycle. 

Besides the fatigue aspects of longitudinal crack growth that will be discussed 
further in the section describing Stage III damage development, a significant 
and unexpected phenomenon was observed. Figure 5 is an enlargement of a 
portion of Fig. 4. Of interest are the dark, halolike structures associated with 
some of the longitudinal cracks. Under stereoptical inspection, each of these 
structures was seen to be at one of the 0/90-deg interfaces and, by comparison 
with similar radiographic images at the edges of other laminate types, appeared 
to be a delamination. Sections of fatigue-damaged specimens in which longi
tudinal cracks were identified were prepared such that the plane of the cut was 
normal to the 0-deg fiber direction and placed so as to be adjacent to, but not 
intersecting, the longitudinal crack. The section surface was then abraded, pol
ished, and inspected microscopically in a repeated cycle until the end of a 
longitudinal crack was encountered. Figure 6 is a scanning electron microscope 
(SEM) photograph of the initial encounter of a longitudinal crack in a 0-deg ply. 
A narrow, irregular crack through the full ply thickness is observed. At the 
interface, the crack turns downward and travels along the resin-rich zone at the 
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FIG. 4—X-ray radiograph of a [O.Wi], laminate at Stage II. 

interface. A similar crack turning is frequently observed when cracks in 90-deg 
plies meet this same interface. Followed to its terminus, this delamination was 
seen to extend a distance greater than four times the 0-deg ply thickness. 

Figure 7 is an SEM photograph of the same crack at a parallel section ap
proximately 0.25 mm from that of Fig. 6. The longitudinal crack is seen to be 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



30 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

4-— ..•.^4«^..|»V--

FIG. 5—Detail of X-ray radiograph of a [0,902]^ laminate at Stage II. 
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FIG. 6—Transverse section of a longitudinal crack (near tip). 

more widely open, and a second branch of the delamination is evident. The 
delamination is also wider. Continued section studies of this and other specimens 
indicate that the opening dimensions of longitudinal cracks and associated de-
laminations can be significant when compared to the ply thickness. Successive 
parallel sections provide a picture of the delamination as a shallow domelike 
structure with the longitudinal crack as its apex. 

In none of the sections examined was a longitudinal crack observed that did 
not extend completely through the 0-deg ply. This was true of both incipient 
and well-developed longitudinal cracks. Moreover, no instance was observed 
when the longitudinal crack was not associated with a delamination. There 
appears then to be a rapid or instantaneous nucleation step in longitudinal crack 
development that involves simultaneously the nucleation of a delamination. 

Although the growth of longitudinal cracks can be attributed to the significant 
transverse stresses that act on the 0-deg plies of this laminate type, the nucleation 
process is related to the local stress state about the transverse cracks in the 
adjacent 0-deg plies. Setting aside for the present the anisotropic, inhomogeneous 
complexities of the problem and treating the transverse crack as a crack in an 
infinite, homogeneous isotropic plate and assuming plane strain conditions, the 
stresses in the neighborhood of a crack tip are tensile for a tensile load applied 
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perpendicular to the axis of the crack. Nair and Kei)snider | / / | have shown by 
an approximate solution that the stress field about a crack tip in a nonuniform 
material (with spatially variable mechanical properties) is similar in form to that 
given by linear clastic fracture mechanics for uniform media, and that lor a 
positive strength gradient at the crack tip, the stresses arc tensile. Such a positive 
gradient exists at the interfaces of fiber-reinforced composite materials. 

Figure 8 shows the implications of the existence of a tensile stress, u,, m the 
neighborhood of a crack in the 90-deg plies. The material in the 0-deg ply 
adjacent to the crack tip is subjected to this tensile stress in its lowest strength 
direction. Hence, the transverse crack can be considered a likely site for the 
nucleation of longitudinal cracks. Examination of radiographs in which longi
tudinal cracks appear indicates that the majority of incipient longitudinal cracks 
do in fact intersect or are adjacent to the transverse cracks. 

The local stress nucleation model can be applied to delaminations as well, as 
Fig. 9 illustrates. Here the local tensile stress condition is provided by the 
longitudinal crack. The tensile nature of the stress in this case produces an out-
of-plane tensile stress component, a„ at the interface. In addition, an out-of-
plane tensile stress component, cr,, is provided by the transverse cracks. At 
intersections of these cracks, the stresses are additive and the propensity for the 
nucleation and growth of delaminations should be highest. This is, in fact, 
observed experimentally. The centers of incipient delaminations frequently co-
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FIG. 8—Transverse O-deg stresses in the neighborhood of a transverse crack. 

incide with crack intersections. These are also the points of maximum delami-
nation opening. 

Delaminations created in this way grow in size only moderately during Stage 
II damage development, apparently by coalescence. In the absence of a global 
driving force, for example, interlaminar shear or normal stress components, they 
remain a local phenomenon. 

Stage III—Figure 10 is a radiograph of a [0,902]s specimen made at the end 
of 372 000 cycles of loading with a 5.1% stiffness reduction. This stiffness 
reduction corresponds approximately to Stage III in the characteristic curve. When 
compared with the Stage II radiograph of Fig. 4, the most notable difference is 
the increased average length and density of longitudinal cracks. From analysis 
of radiographs made during stop-and-go fatigue tests, the spacing shown in Fig, 
10 is found to represent a saturation longitudinal crack spacing of approximately 
1.6 mm corresponding to 0.62 cracks per millimetre. The spacing was determined 
by measuring distances between adjacent cracks under the stereoptical micro
scope. The variation in spacing is similar to that observed for transverse cracks. 
In fact, the rationale for predicting the existence and measure of such a saturation 
spacing of longitudinal cracks is identical to that applied to the characteristic 
damage state of off-axis ply cracking. That is, in order for a crack to be formed 
between two existing cracks, the stress in the ply must attain a value exceeding 
the transverse ply strength. However, the reintroduction of stress requires a 

TRANSVERSE 
CRACK 

LONGITUDINAL 
CRACK 

DELAMINATION 

FIG. 9—Influence of longitudinal and transverse cracks on interior delamination formation. 
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FIG. 10—X-ray radiograph of a \0,90^, laminate at Stage III. 
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minimum distance in order to be complete. This minimum distance controls the 
saturation spacing of cracks that corresponds to the characteristic damage state 
for matrix cracking. By applying a modified one-dimensional shear lag analysis 
to this laminate type, a longitudinal crack spacing of 1.4 mm corresponding to 
0.72 cracks per millimetre is predicted. This compares favorably with the meas
ured value of 0.62 cracks per millimetre. The longitudinal stiffness reduction 
attributable to a saturation condition of longitudinal cracks is small: 0.5% if total 
loss of transverse stiffness in the 0-deg plies is presumed in the laminated plate 
theory; 0.25% if a 50% discount of transverse stiffness in these plies is presumed. 

Microscopic examination of Fig. 10 shows that many short, longitudinal cracks 
exist at this stage. These are cracks that have been nucleated by the local mech
anisms described in the previous section and continue to operate in Stage III but 
cannot grow in the relaxed global stress field created by the growth of their 
predecessors. 

The growth of longitudinal cracks and the coalescence of delaminations as
sociated with them combine to produce a final damage mode characteristic of 
Stage III development-longitudinal splitting. The condition is shown schemati
cally in Fig. 11. When delaminations coalesce between adjacent longitudinal 
cracks, a volume of fibers in the 0-deg ply is isolated from the remainder of the 
material. Over the length of the joined delaminations, fibers in this volume have 
no load-sharing bond with either the adjacent 0-deg fibers or the 90-deg ply and 
support the applied load in parallel but independent of the rest of the structure. 
Fiber fractures in this volume directly reduce the net section and increase the 
stress concomitantly in the remaining fibers of the volume. As will be shown 
in a following section, fiber fractures occur fairly frequently in this laminate 
type. If the accumulation of fiber fractures causes the net section stress to exceed 
the net section strength anywhere along the section, then failure of all fibers at 
the section occurs and all load-bearing capability is lost in that volume. 

Longitudinal splitting accounts for the "stair step" appearance in Stage III 

LONGITUDINAL 
SPLIT7 

LONGITUDINAL 
CRACK 

'DELAMINATION 

FIG. 11—Longitudinal split model. 
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of the characteristic stiffness reduction curve for the [0,902]s laminate type. At 
the instant of splitting, the laminate stiffness is reduced by 0.5 to 1.0% through 
the loss of load-bearing capacity in one of its two load-bearing plies. The effect 
is diminished somewhat in the [0,90,0,90]2s laminates where the load-bearing 
contribution of the outer 0-deg plies is proportionally smaller. 

These splits frequently occur first at the specimen edge where delamination 
growth is driven by both longitudinal crack and edge-related mechanisms. Lon
gitudinal splits are observed in the interior of specimens as well. In both cases, 
the splits often have substantial length. In preliminary tests with this laminate 
type, the splits were seen to frequently initiate at the gripped ends. However, 
specimens that had thin epoxy layers applied at the ends were less prone to this 
behavior. It appears that in the former case, the net section fracture failures that 
initiated the splits were caused by damage to the 0-deg plies due to gripping. 

In summary, fatigue damage development in the [0,902]^ and [0,90,0,90]2s 
laminate types can be characterized as follows: in Stage I the predominant mode 
is transverse cracking; in Stage II, longitudinal cracks nucleate and grow along 
the specimen length in the 0-deg plies and produce interior delaminations at the 
0/90-deg interfaces; in Stage III these delaminations coalesce in regions between 
longitudinal cracks, isolating small volumes of material in the 0-deg plies that 
become longitudinal splits. The measured stiffness reductions can be accounted 
for by the contributions of the predominant damage modes in each stage of 
damage. 

[0,90, ±-̂ 515 Laminate Type 

The maximum cyclic stress amplitude for all tests was 0.62 5ui,. Figure 12 
shows the stiffness reduction curve for a [0,90,±45]s specimen with Stages I, 
II, and III marked. The repeatability of this characteristic curve was demonstrated 
for many specimens representing a range of fatigue lives. It exhibits a markedly 
different form from that of the [0,902]^ and [0,90,0,90]2s laminate types as can 
be seen by comparison with Fig. 1. The association of damage with the stages 
of stiffness reduction are provided in the following sections. 

Stage I—Replicas and X-rays made at the end of Stage I show that the 
predominant damage mode is off-axis ply cracking. However, unlike the [0,902], 
laminate type, the cracks do not achieve a saturation spacing in any of the off-
axis plies at this point although crack formation is well-advanced as Fig. 13 
shows. Extension of ply cracking across the width is seen to be incomplete in 
the -l-45-deg plies and somewhat more complete in the — 45-deg and 90-deg 
plies. In addition, the beginning of edge delaminations at the specimen edges 
are observed in X-ray radiographs at the end of Stage I. 

Stage II—Delamination is the predominant damage mode observed in Stage 
II for the [0,90,±45]s laminate type as Figs. 14 and 15 show. The stiffness 
reduction curve associated with this stage is approximately linear. Using a simple 
analysis proposed by O'Brien, [12] the relationship between delamination growth 
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FIG. 12—Typical stiffness reduction curve for a [0,90, ±45], laminate. 

80 

and stiffness reduction for this laminate type was examined in order to quantify 
the phenomenon. 

In principle, the analysis is an extension of the rule of mixtures concept for 
laminate stiffness. From laminated plate theory, the undamaged laminate stiff
ness, L̂AM. is calculated. Next, a complete delamination in one or more interfaces 
is assumed. Using the rule of mixtures assumption that the sublaminates formed 
undergo the same axial strain (but not necessarily the same transverse strain), a 
fully delaminated stiffness, £*, is calculated. By assuming that the laminated 
and delaminated portions of the specimen act as independent components loaded 
in parallel, the rule of mixtures yields an expression for the partially delaminated 
laminate stiffness, E, in terms of the ratio of total delaminated area, A, to the 
total interfacial area. A*, 

E = (£* A)-, + EL (1) 

Equation 1 then provides a means by which observed delaminations in the 
[0,90,±45]s laminate type can be related to measured stiffness reduction. For 
the present case, the quantity ELAM was calculated from laminated plate theory. 
The quantity A* was calculated using a sublaminate development based on the 
experimental observation that in the [0,90,±45]^ laminate type, negligible de-
lamination occurred at the 0/90-deg interfaces but substantial delamination oc
curred at the 90/-1-45 and -l-45/-45-deg interfaces. In order to calculate the 
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FIG. 13—Stiffness reduction and crack development in a [0,90. ±45], laminate. 

delaminated area at each of these interfaces, specimens representing each stage 
of damage development were treated with gold chloride and deplied. Under 
proper illumination conditions the gold chloride particles marking the delami-
nation boundaries could be clearly distinguished. By placing a sheet of clear 
plastic film over the ply, the outline of each delamination could be traced with 
an ink marking pen. The delamination area was measured with a planimeter. 
Three measurements of each delamination were made to minimize error and the 
average value was used. Moreover, since two sets of delamination tracings, one 
for each facing ply, were made, each delamination area was actually measured 
twice. The value used for A, the delamination area, was the average of those 
two measurements. The interfacial area, A', for each ply was equal to the 
specimen width (25.4 mm) multiplied by the extensometer gage length 
(50.8 mm). 

Figure 16 shows the relationship between measured delamination size and 
measured stiffness reduction due to delamination. The latter quantity represents 
the difference between the total measured stiffness reduction and the calculated 
stiffness reduction due to ply cracking. The rule of mixtures prediction from Eq 
1 is also shown. Good agreement confirms the linear relationship between stiff
ness and delamination size for the [0,90,±45]s laminate type. 

Stage in—For the [0,90,±45]^ laminate type. Stage III is a period of accel
erating delamination growth, the extent of which is shown in the X-ray radiograph 
of Fig. 17 where large delamination incursions are observed. It was determined 
from stereoptical viewing of radiographs that they were located at the 90/ -I- 45 
and -l-45/-45-deg interfaces. The net delamination for the specimen shown 
was approximately 19%. 
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1̂  

FIG. 14—X-ray radiograph of a [0,90, ±45], laminate at Stage II. 

Figure 18 is an enlargement of the central portion of Fig. 17. Among the darlc 
lines that are the off-axis cracks can be seen a dense substructure of microcracks 
aligned with the principal fiber directions. Stereoptical examination of this and 
other Stage III radiographs place these microcracks at or near ply interfaces. 
Moreover, the majority of microcracks at a given interface are clustered about 
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FIG. 15—Edge replica from a [0,90, ±45], laminate at Stage II. 

the ply cracks at that interface. The direction of the microcracks appears to be 
determined by the fiber direction of the ply in which they form. Examples are 
shown schematically in Fig. 19. 

The appearance of microcracks was observed to a lesser extent in other laminate 
types and the same local tensile crack tip stress field model previously proposed 
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16—Stiffness and delamination relationship for [0,90, ±45], laminates. 

can be applied as well to this case. The principal difference among the laminate 
types is the higher density of microcracks observed in the [0,90,±45]^ case. 
Close examination of radiographs of [0,90,±45]^ laminates in Stage II reveals 
the presence of some microcracks. However, the preponderance of these cracks 
appears to develop during Stage III. Their role in global stiffness reduction is 
not likely to be great. Their maximum potential contribution would be to complete 
the stiffness reduction normally attributed to the saturation condition in the 
"macrocracks." Their possible effect on fiber fracture is undetermined. If they 
occur within matrix regions between adjacent fibers in the manner of conventional 
ply cracks in graphite material, then little effect would be expected. However, 
if they occur at the fiber/matrix interface and are thereby distinct from the larger 
ply cracks, then the local effect on fiber fracture might be significant. Continuing 
work is directed to answering this question. 

A rapid, large decrease in stiffness in Stage III was observed in every test. 
The predominant damage mechanism in Stage III is the continuation of delam
ination growth from Stage II. Treating the delamination as a planar crack, O'Brien 
[12] has shown that the concept of strain energy release rate can be applied 
successfully to describe the delamination growth rate during fatigue cycling. 
Following his analysis it can be shown that in a constant stress fatigue test of a 
specimen that exhibits edge delamination, the slope of the stiffness versus cycles 
curve must increase in magnitude as the maximum strain increases. In the present 
work, the load-controlled mode employed provided a constant stress condition 
and the maximum cyclic strain increased monotonically with increasing cycles. 
Hence, the observed behavior for the stiffness reduction of [0,90, ±45]s laminates 
in Stage III is attributable to the observed rapid growth of delamination in that 
stage. 

In summary, fatigue damage development in the [0,90, ±45]^ laminate type 
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FIG. \7—X-ray radiograph of a [0.90, ±45], laminate at Stage III. 

can be characterized as follows: in Stage I, the predominant mode is off-axis 
ply cracking; in Stage II, cracking is complete and delaminations grow along 
the edges and across the width at the 90/+ 45 and +45/-45-deg interfaces; in 
Stage III, delamination growth continues until a substantial portion of these 
interfaces are delaminated at specimen failure. 
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FIG. 18—Detail of an X-ray radiograph of a \0,90,±45\ laminate at Stage III. 
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FIG. 19—Microcracks in [0,90,±45\ laminates. 

Fiber Fracture 

Discussion of fiber fracture has intentionally been deferred to this point so 
that the matrix-dominated damage conditions could be developed independently. 
It would be expected of course that fiber fracture occurs in each of the damage 
stages for each laminate type. How it develops and what form it takes when it 
develops will be considered in the next sections. 

The scanning electron microscope (SEM) was a principal investigative tool 
used for this work. Most examinations were performed on coupons cut from 
deplied laminae. In some cases, portions of edge replicas were also examined 
in the SEM for evidence of fiber fracture. 

Edge Fiber Fracture—Figure 20 is a scanning electron micrograph of an edge 
replica taken from a fatigue-damaged [0,90,0,90]2s specimen. The cracks in the 
off-axis plies are evident and individual fibers in each of the plies can be iden
tified. Of interest are the patterns of apparent cracks in the 0-deg plies. At higher 
magnification (Fig. 21) this crack pattern is seen to be composed of individual 
fiber fractures in the 0-deg plies. Examination of numerous specimens of this 
and other laminate types showed that this pattern of fiber breaks was repeated. 
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FIG. 20—Patterns of fiber fractures in an edge replica of a |6»,90,0,90],, laminate at Stage III. 

Most significant was tiie fact that the fiber breaks frequently formed a connected 
(albeit irregular) path, sometimes extending completely across the 0-deg ply 
thickness. In addition, the 0-deg ply cracks showed a periodic structure, occurring 
at repeating intervals of approximately equal distance. Measurements of these 
intercrack distances in the 0-deg plies confirmed that they were on average equal 
to the crack spacing in the adjacent off-axis plies. In many cases, the cracks in 
the two plies were coupled across the interface. This pattern was seen to develop 
quite early in the fatigue life of these specimens. 

Such a crack structure, if repeated across the width of a laminate, has serious 
implications for laminate failure. In order to examine the phenomenon more 
closely, the edges of damaged specimens having this structure of fiber fractures 
were abraded and polished to expose interior fibers for additional replication. 
The result, in all cases, was that the density of fiber fractures at the interior was 
found to be greatly diminished. At sections only a few fiber diameters removed 
from the original specimen edge, there were very few fiber fractures to be seen. 
This fiber fracture mechanism appears, then, to be a boundary layer effect likely 
caused by damage to fibers that occurs during specimen fabrication. However, 
the regular pattern in which the fiber fractures develop and its association with 
adjacent ply cracking is suggestive of an important link between these damage 
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modes, which will he discussed in the lollt)vviiig section. A more detailed dis
cussion of this pt)rtion of the present investigation is provided in Ref /.i\ 

Interior Fiber Fraemre -The 0-dcg plies of fatigue-damaged lO.yO^I, and 
|0,9() ,±45| , laminates were examined for evidence of interior fiber fractures. 
Each specimen had been examined by nondestructive means as described pre
viously. Coupons measuring approximately 6 mm square were cut from each of 
the deplied load-bearing laminae and examined in the SEM. To assure that the 
process of deplying did not produce fiber fractures, several virgin specimens 
were deplied and examined. The fiber arrangement did not show evidence of 
disturbance either in-plane or out-of-plane as a result of deplying. Moreover, 
fiber fractures were not observed. 

For specimens in Stages I, II, and III of damage development, numerous fiber 
fractures were observed. These fractures, however, did not occur in a randomly 
distributed array but instead were observed to have a distinct, consistent pattern, 
shown schematically in Fig. 22. Zones of fiber breaks occurred within narrow 
bands that were separated by zones in which there were very few fiber breaks. 
This pattern was repeated along the length of each specimen. Figure 23a shows 
a region of fiber breaks, and Fig. 23b is an adjacent fiber fracture-free zone 
taken from a typical specimen. Coupons taken from near the edge showed the 
same pattern as coupons from the center of the width. 
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FIG. 22- -Pattern of interior fiber fractures (d = adjacent ply crack spacing). 

The pattern of fiber breaks in [0,902]s laminates suggested the involvement of 
the adjacent transverse cracks whose tips, residing at the 0/90-deg interface, 
had already been seen to be a fiber fracture initiator at the specimen edge. The 
question was approached in two ways. First, a series of sequential photographs 
of coupons in the SEM was taken at X 260 magnification and assembled into 
lengthwise strips that included a number of fiber fracture zones. The average 
distance between the centerlines of these zones was calculated for a series of 
different coupons in the same specimen. This distance was found to be equal to 
the crack spacing in the adjacent 90-deg plies, approximately 0.64 mm. 

Second, several specimens were treated with gold chloride prior to being 
deplied. The gold chloride entered the transverse cracks in the off-axis plies and 
left a trace of each crack on the facing 0-deg plies. Under SEM examination, 
these gold chloride traces were visible, and hence the crack locations were known. 
For all specimens examined in this way, the zones of fiber breaks coincided 
precisely with the locations of gold chloride traces. This was true of specimens 
in each stage of damage and of coupons taken from various locations in those 
specimens. 

As a consequence of these corroborative results and similar results for 
[0,90,0,90]2s specimens, it was concluded that the preponderance of fiber frac
tures that occur during cyclic loading of these laminate types result from the 
influence of transverse cracks at the 0/90-deg interfaces. This mechanism appears 
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FIG. 23—Segregation of fiber fractures in the 0-deg ply of a [O.POj], laminate: (di) fiber breaks 
and (\)) fiber fracture-free zone. 

to supersede any tendency of the fibers to break in a spatially random array 
determined by the expected strength distribution of single fibers and causes the 
fiber breaks to occur in a more localized configuration than would otherwise be 
predicted from statistical strength arguments. 

The role of delamination in the fracture of fibers was also examined for the 
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[0,902]s laminate type. As noted previously, this laminate type delaminates at 
the 0/90-deg interface across a boundary layer of width approximately equal to 
the laminate thickness. Coupons were taken from the edge of [0,902]^ laminates 
at the end of Stage I and after edge delaminations had formed. In these coupons, 
an evident partition between broken and unbroken fibers across each crack trace 
was observed. Over a distance from the edge approximately equal to the laminate 
thickness (0.9 mm), few fiber breaks were observed. However, just beyond this 
point, fiber breaks were frequent and uniformly distributed across the specimen 
width. This pattern was repeated in other edge coupons. 

Several conclusions can be drawn from these results. First, delamination ap
pears to isolate the 0-deg ply fibers from the transverse cracks and thereby 
prevents related fiber breaks. Second, since crack formation generally precedes 
delamination in tension-tension cyclic loading of cross-ply laminates, the mech
anisms by which transverse cracks produce fiber fractures appears to require a 
period of time after cracks form before fibers are broken. Third, in light of the 
previous evidence of fiber fracture at the edge in replicas, it may be necessary 
to distinguish between mechanisms involving fibers at the edge from those 
involving fibers near the edge. The former might be termed a "skin" effect, 
with the term "edge" effect reserved for the latter. 

The role of longitudinal crack growth in the fracture of fibers was also ex
amined for the [0,90,0,90]2s laminate type. Longitudinal cracks are not con
strained to grow along only one side of the fiber but can bridge fibers as shown 
in Fig. 24. As a result of this bridging, a kinking of the fiber occurs locally and 
produces a shear stress, shown schematically in Fig. 25. The highly anisotropic 
structure of graphite fibers results in a significant difference between axial and 
transverse strength, and fibers subjected to combined loading such as this can 
fail well before the axial failure load in the fiber has been reached. Figure 26 
shows an example of a fiber apparently fractured in this way. 

The 0-deg and ±45-deg plies of [0,90, ±45]s laminates in each stage of damage 
were also examined for evidence of fiber fracture. Compared to the fiber fracture 
density observed in the [0,902]s laminates, the [0,90,±45]s fiber fracture density 
was significantly lower—by an order of magnitude on the average. In fact, there 
were very few fiber breaks in any ply at any stage of damage for this laminate 
type. However, the pattern of fiber breaks that were observed were segregated 
into bands coincidental with the location of cracks in the facing ply just as was 
seen in the [0,902]s case. This was true not only of fiber breaks in the 0-deg 
plies caused by transverse cracks in the 90-deg plies but also for fiber fractures 
in the + 45-deg plies caused by the action of 90-deg cracks on one face and 
- 45-deg cracks on the other, and similarly for fiber fractures in the - 45-deg 
ply by cracks in the + 45-deg plies. In each case, the average spacing of fiber 
fracture zones was the same as the average spacing of ply cracks in the facing 
plies. 

Examination of the mode of individual fiber fractures provides one important 
distinction between these two laminate types. In the case of the [0,902]s laminates, 
fiber fracture exhibited a cleavage character with the fracture plane normal to 
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the fiber axis, as in Fig. 27a. The same appearance was observed for the 0-deg 
ply fibers in other laminate types, including the |0,90,±451s type. However, the 
fracture appearance of fiber breaks in the +45-deg and — 45-deg plies was quite 
different. Figure lib shows an example taken from a +45-deg ply. The fiber 
fractures have a shear mode or mixed mode appearance. With few exceptions, 
the fiber fractures observed in off-axis plies in (0,90,±45], laminates at every 
stage of damage exhibited this apparent shearing influence. 

An explanation is provided by considering the state of stress in these plies 
under tensile loading. In both the +45-deg and -45-deg plies, the in-plane 
shear stresses acting on the fibers are comparable in magnitude to the normal 
stresses. This situation differs significantly from the stress acting on the 0-deg 
ply fibers in which the shear component of stress is essentially zero. For the 
-1-45 and -45-deg plies, the angle of the fiber fracture surface to the fiber axis 
varied. However, the majority of breaks were observed to be at an angle of 
approximately 45 deg to the fiber direction. 

In summary of the fiber fracture results, the role of off-axis cracks in deter-
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FIG. 25—Model of fiber kinking by longitudinal crack bridging. 

mining the location and locus of fiber fractures that occur during cyclic loading 
of graphite/epoxy laminates has been shown. Without exception, the fiber frac
tures that occur (in large or in small numbers) are segregated into zones that are 
bounded by fiber fracture-free zones. The stratification of broken fibers in this 
way produces numerous weakened net sections in each of the load-bearing plies. 
It also increases the likelihood of the creation of a critical "crack" in the form 
of multiple adjacent fiber fractures. Whatever the ultimate scenario for the ini
tiation of laminate fracture, the effect of this ordering of fiber fractures cannot 
be ignored. It is unlikely that dispersed fiber fracture models for unconstrained 
plies can be successfully used to predict fatigue failure of laminated structures 
without accounting for the interaction of matrix damage and fiber fracture, 
possibly as a dominant effect. 

Conclusions 

While the details of the results of the present investigation are limited to the 
particular case of tension-tension cyclic loading at elevated stress amplitudes, 
they are potentially valuable as the basis for suggesting generic aspects of damage 
development during long-term fatigue loading of composite laminates of the type 
tested. It is notable that although two different resins were used with the T300 
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FIG. 26—Fiber fractured by passage of a longitudinal crack. 

Fibers in various laminates, the nature of the microdamage observed was cor
related most strongly with the stacking sequence of the laminates examined. 
Although the resin properties undoubtedly have a role in modifying the details 
of the damage, the resin constituency was not observed to be a dominant influ
ence. 

The chronology of damage development as discussed earlier seems to be a 
generic aspect of the behavior investigated. Perhaps the most surprising aspect 
of that chronology is that fiber fracture (if observed at all) occurs early in the 
fatigue life and no accelerated fiber fracture rate is observed in the late stages 
when other damage rates do increase (and strength drops sharply). Another 
generic aspect appears to be the strong relationship of damage modes to one 
another. Matrix cracks cause local fiber fracture and local interior delamination, 
especially if matrix cracks in adjacent layers cross each other. Perhaps the most 
important aspect of this generality is that specific locations where damage initiates 
tend to become subsequent "centers of local activity" for severe damage con
centration. A third generality might be stated as a verification that edges of 
laminates do experience very special damage development reflecting the special 
stress states and the free surface effect on deformation constraints at that location. 
Edge behavior requires careful analysis and observations. 
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FIG. 27—Fiber fracture modes (a) normal and (b) shear. 
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Finally, several new detailed findings should be noted in closing. The occur
rence of interior regions of delamination near matrix cracks is a new damage 
mode that appears to be very universal in occurrence (at least in fatigue of 
graphite/epoxy laminates) and a very important fatigue damage development 
mechanism. It is also surprising to have found that fiber fractures are essentially 
non-existent in regions away from matrix cracks in adjacent plies, even when 
large changes in stiffness and strength near the end of fatigue life have occurred. 
The fact that no evidence was found to support the claim that accelerated fiber 
fracture may account for the rapid increase in damage rate that is usually observed 
near the end of life (sometimes referred to as "sudden death") in these laminates 
was also a salient aspect of the investigation. 
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ABSTRACT: Any micromechanical theory for damage accumulation and ultimate failure 
in composites must depend on a knowledge of the detailed stress distribution in the damaged 
state. Lack of this knowledge has been a major roadblock to progress in this field. A shear 
lag approach to this problem has been proposed by Hedgepeth and Van Dyke for unidi-
rectionally reinforced composites, but it is of limited utility because it contains an unknown 
parameter. 

This paper discusses an experimental technique for finding stress distributions in damaged 
composites with the aid of an electric analogue. In this approach, a current is passed 
through a model employing conducting rods to represent fibers and a liquid electrolyte to 
represent the matrix. The potential distribution in the model is analogous to the longitudinal 
displacement distribution in the composite, and transverse currents are analogous to shear 
forces. The analogue is employed in the paper to evaluate the unknown parameter in the 
Hedgepeth and Van Dyke equation. 

KEY WORDS: composite materials, fatigue (materials), micromechanics, composite fail
ure, damage accumulation, stress distribution, electric analogue, shear lag, mechanics of 
failure, unidirectional composites 

The practical utility of fibrous composites is largely due to the fact that they 
generally do not fail when the first fiber ruptures. Instead, they characteristically 
continue to carry the increasing load for an extended period during which ad
ditional damage accumulates, ultimately causing failure. In most high-strength 
composites, the fibers employed are brittle. As a result, their fracture behavior 
is characterized by a size effect that can usually be described with reasonable 
accuracy using WeibuU's formula [1].^ 

[-<m P^= \ - Pf= exp - L - (1) 

' Adjunct professor and post-doctoral scholar, respectively. Materials Science and Engineering 
Department, University of California, Los Angeles, Calif. 90024. 

^ The italic numbers in brackets refer to the list of references appended to this paper. 
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where 

Pf = the probability of survival and failure, respectively; 
a = the applied stress; 
L = the length of fiber; 

(To = the WeibuU scale parameter; and 
m = the WeibuU shape parameter. 

While it would of course be highly desirable to be able to track the damage 
in complex composites such as cross-ply laminates, in point of fact, at the present 
time we are only just beginning to understand damage accumulation in uniaxially 
reinforced composites subjected to tension. It has recently been shown [2,3] that 
the strength of such a composite varies with its size approximately as shown in 
Fig. 1. A logarithmic plot of the strength of a single fiber obeying Eq I versus 
its length was shown a long time ago [1] to be a straight line of slope — I/m. 
Thus, the first fiber failure in the composite occurs at the stress given by the 
straight line having that slope in the figure. In the case of a sufficiently small 
composite, first fiber failure is followed by failure of the composite as a whole. 
A somewhat larger composite fails only after occurrence of a double break (which 
we shall call a doublet). A still larger composite becomes unstable and fails only 
after a triplet is formed. The failure curve is (approximately) a broken line having 
segments of slope -Mm, —\l2m, -\l3m, etc., corresponding to instability 
of singlets, doublets, triplets, etc., as shown in Fig. 1. In the case of a composite 
of the size indicated by the vertical dotted line, the first fiber breaks at the stress 
labeled CT|. As the load continues to increase, additional singlets occur at random 

Slopes 

Hfiff, 

FIG, 

m (NL) 

1—Plot of failure stress versus size for unidirectional composite (schematic). Space between 
top and bottom lines is damage accumulation region. 
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locations throughout the composite and, at stress a2, one becomes a doublet. 
With increasing stress, additional singlets and doublets appear, and at stress aj 
the first triplet appears. Failure, however, does not occur for the case shown in 
the figure until the first quadruplet appears at stress CT4. The stress range 
(CT| < a < (T4) is the region of damage accumulation. In order to define the 
failure curve, we need to know not only the slopes of the segments but also the 
location of the vertices. The latter depend on the values of the Weibull parameters, 
CTo and m, and on the details of the stress distribution in the vicinity of single 
and multiple breaks (cracks). The stress distribution depends among other things 
on the size and shape of the crack, on the stiffness ratio of fiber to matrix, on 
the geometry of the fiber array [for instance whether the construction is two 
dimensional (single-ply) or three dimensional (multiple-ply)], and on the length 
of debond, if any, between fiber and matrix. 

A number of efforts have been made to establish the stress distribution in 
damaged composites. Some investigators have employed two-dimensional elas
ticity theory to describe the matrix behavior and have idealized the fibers as 
infinitely thin sheets that may either be rigid or elastic [4,5\. Application of the 
results of such studies is of course limited to the case of single-ply composites. 

Dow [6] was among the first to treat the three-dimensional problem. He found 
the stress distribution in the broken fiber by considering it to be at the center of 
an elastic cylinder with the properties of the matrix material, and having a 
diameter such that the volume ratio of fiber to matrix is that of the composite 
under investigation. While this leads to an estimate of the stress distribution in 
the broken fibers, the more important question of the stress distribution in the 
neighboring fibers is left unanswered in this approach. 

Using a somewhat more accurate approach, Muki and Sternberg (7j solved 
the problem of the stress distribution in an infinitely long broken fiber in an 
infinite elastic matrix. Ford [8] solved the same problem considering both fiber 
and matrix to be elastic bodies and obtained a surprisingly different result. The 
two solutions give distances from the location of the break to the location where 
the fiber returns to 50% of its value before occurrence of the break differing by 
more than an order of magnitude when the ratio of stiffness of the fiber to 
stiffness of the matrix is 100. 

Shear Lag Solutions 

Solutions employing the theory of elasticity are so complicated even for the 
problem treated by Muki, Sternberg, and Ford that stress distributions in com
posites must be based on approximate methods of solution. The most commonly 
used technique is shear lag, which was originally devised to find stress distri
butions in the sheet stiffener construction commonly used in aircraft. In shear 
lag theory, the stiffeners (augmented by a certain effective width of sheet) are 
assumed to carry all the direct stress while the sheet carries only shear. In 
addition, displacements in both stiffener and sheet are assumed to occur only in 
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the axial direction. Thus, the load per unit length transferred to the /th stiffener 
by the (i - l)th stiffener is given by the expression 

^ ^ G / ^ ^ " ' " / - ' ^ (2) 
dz a 

where 

F, = load in the /th stiffener, 
z = axial direction, 

w = displacement in the axial direction, 
h = sheet thickness, 
G = shear modulus of the sheet material, and 
d = distance between rivet lines. 

Equation 2 has been used by a number of authors [9-12 ] to investigate stress 
concentration factors or stress distributions or both in two-dimensional compos
ites. The equation should be a good approximation in the two-dimensional case 
if the sheet of matrix material has a thickness equal to or less than the diameter 
of the fibers and if the fiber diameter is small compared to the fiber separation. 
Otherwise, errors of unknown magnitude will be involved, as we shall show 
after considering the problem of treating a three-dimensional composite in this 
manner. 

Hedgepeth and Van Dyke [13] assumed that the transfer of stress between 
adjacent fibers in a three-dimensional composite is completely analogous to the 
case of a two-dimensional composite. Accordingly, for load transfer between 
two adjacent fibers, they used the equation 

—11 = Gh ^-^ -~^ (3) 
dz d 

where the subscripts are defined in Fig. 2. Here, d, the distance between fiber 
centers, is well defined but it no longer represents the width of matrix material 
that is deformed in shear. Worse than that, h, representing the sheet thickness 
in the two-dimensional case, is completely undefined in the three-dimensional 
case. Also, to always use the sheet thickness for h in the two-dimensional case 
implies that as h ^ <^ the shear coupling between adjacent fibers also —> », 
which is obviously untrue. Without knowing h/d, Eq 3 cannot be used to find 
the stress distributions in the fibers adjacent to cracks in the composite. Fortu
nately, this difficulty can be avoided by using an electric analogue. 

Electrical Analogue Solution 

The basic idea of the electric analogue is illustrated in Fig. 3. The left side 
of the figure represents a portion of a fibrous composite subjected to tension. 
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FIG. 2—Shear lag theory for plates and composites. 

The shear stress is a maximum near the break in the fiber and decreases as the 
distance from the break increases. The shear stress is proportional to the gradient 
in the direct stress and therefore to the tensile strain in the composite as shown 
in the figure. The right-hand side of the figure represents a geometrically similar 
set-up where the fibers are replaced by conducting rods and the matrix by a fluid 
electrolyte. A potential applied to the ends of the rod results in a potential gradient 
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COMPOSITE ANALOGUE 
FIG. 3—Basic concept of electric analogue. 
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distribution similar to the strain distribution in the composite, while the transverse 
current in the electrolyte is similar to the shear stress distribution in the matrix. 

In Ref 14, it is shown that if transverse displacements M = i; = 0, the 
equilibrium of a fiber requires that 

d'^-Wf G„ f / dw„ . dw, 
dx + -~dy\ (4) 

dx^ AfEf J \dy dx 

where the integral is taken around the periphery of the fiber. 
Here 

w = longitudinal displacement; 
f,m = fiber and matrix, respectively; 

Af = fiber cross-sectional area; 
Ef = fiber modulus; and 

G„ = matrix shear modulus. 

Equilibrium of the matrix in the longitudinal direction requires that 

bx' bf G„ dz^ ^' 

Here £",„ is the longitudinal extensional stiffness of the matrix when u = v = Q. 
The equations for the potential, <j), in a geometrically similar electrical set

up are analogous to those preceding except that Eq 5 is replaced by 

V^ <j), = 0 (6) 

They can be made completely analogous by a suitable change in scale. Specif
ically, if the transverse dimension of the analogue is K times the corresponding 
transverse dimension of the composite, the longitudinal dimension is chosen to 
be a A' times the composite dimension where 

a ' = E'JG^ (7) 

When this is done, the equations for potential in the analogue are 
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To complete the analogue, we choose the resistivity ratio to be 

p,/p, = E'JE, (10) 

The analogue solution should be better than the shear lag solution because, in 
the analogue case, the matrix is assumed to carry its proper share of longitudinal 
direct stress, and interaction is not limited to nearest neighbors as in shear lag 
solutions. 

The reason for employing such an analogue is that whereas neither the stress 
nor the strain in the interior of the composite is readily accessible to direct 
measurement, the potential distribution in the electric analogue can be readily 
measured using an electric probe. Thus, the interior stress distributions corre
sponding to simple tension, bending, or shear can be found by measuring the 
interior potentials when the potentials at the ends of the conducting rods are 
made to vary in the same manner as the displacements at the fiber ends in the 
composite vary for these stress states. 

The analogue is really quite versatile. The breaks in the fibers are not required 
to be in the same plane, and, in fact, in naturally occurring cracks they usually 
are not. Crack interaction can be investigated for either coplanar or noncoplanar 
cracks. Hybrid composites can be investigated as readily as conventional ones. 
The effect of frictionless debonding between the broken fiber and the surrounding 
matrix can be simulated by applying an insulating tape to the appropriate portions 
of the analogue. Friction between the fiber and the matrix can be simulated by 
placing a tape with the appropriate resistivity in the appropriate places. Reduction 
in stiffness due to presence of cracks is easily found. The fractional reduction 
in stiffness due to the presence of cracks is simply equal to the ratio of the 
resistivities of the analogue in the undamaged and damaged states. 

An electric analogue approach has one limitation in common with numerical 
methods such as the finite-element approach. That is, a specific solution will 
apply only for a particular combination of the variables representing the geometry 
and mechanical properties of the composite under consideration. Therefore, it 
seems likely that its greatest utility will be to check particular cases, to evaluate 
the accuracy of other approaches, or to supply missing information that is needed 
in order to carry out an analytical approach. 

Shear Interaction Between Fibers in a Composite 

Two-Fiber Interaction 

It was brought out earlier that Eq 3 has a very limited utility because no 
theoretical technique exists for finding hid at the present time; instead one has 
to determine this quantity by experiment. The remainder of this paper will be 
devoted to the problem of how to find hid. More generally, we want to evaluate 
the force transfer between fibers in a composite. 

Consider a line force on the axis of an infinitely long cylinder of elastic 
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material having a very large radius, RQ. On the surface of a coaxial cylinder of 
radius r, the shear stress in the axial direction will be 

F' 

where F' is the force per unit length. Since 

dw T F' 

dr G ZirrG 

we can integrate and obtain 

(12) 

F' 
In r + constant (13) 2TrG 

If we assume that w {RQ) = 0, then 

(̂̂^ = - £ '" fe) '''^ 
We note that since the displacement, w, is constant for all portions of the surface 
of a cylinder of radius, r, the material inside such a cylinder can be replaced by 
a rigid rod without changing the external stress field. 

If we have two equal and opposite lines of force, the displacement in the 
elastic body at any point will be the sum of the displacements due to the two 
force fields. Thus 

F' F' 
w {x,y) = —— In (r,/r2) = — - In c (15) 

2170 2TTG 

where c = r^lri, r, is the distance from the negatively directed line force, and 
fj is the distance from the positively directed line force. Since the locus r^lri 
= constant is a cylinder, the preceding equations can be employed to find the 
shear interaction between any two parallel rods in an infinite elastic medium. 
This was done in Ref 15, where it was shown that for equal rods 

hid = TT/ln [(1 ± V l - (1 - sldf)l{\ - sId)] (16) 

= ir/ln [(1 ± Vl - Wld'')l(2rjd)] (17) 

where s is the distance separating the two rods, d is distance between centers, 
and ro is rod radius. The solid curve in Fig. 4 shows how hid depends on sId. 
Unfortunately, this type of approach cannot be used for more than two loaded 
circular fibers, because then equal-displacement contours are no longer circular 
cylinders. 
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FIG. 4—Experimental confirmation of theoretical interaction of two irtfinitely long rigid fibers 
in infinite elastic matrix. 

The relationship just given for h/d can be checked experimentally using the 
electric analogue. The rigid cylinders must be modelled by perfectly conducting 
rods, that is, by rods whose resistivity is many orders of magnitude less than 
that of the electrolyte. The analogue to Eq 15 is 

where / ' is the current per unit length of conducting rod. From this 

(18) 

/ ' = 
Pf In c 

Thus, hid = T/ln c varies as 

/ '/((t, - <t>2) = R' 

(19) 

(20) 

where R' is the resistance per unit length between the two conducting rods. 
The variation in resistance with spacing was measured, and the implied data 

points for h/d are plotted in Fig. 4. It is seen that the agreement with theory is 
quite close. Since the theory is exact, discrepancies must be attributed to ex
perimental limitations; such as, inability to obtain an infinitely large electrolytic 
tank and zero resistance rods, possible contact potential differences between 
electrode and electrolyte, possible nonuniform conductivity of electrolyte due to 
ion migration, error in alignment of electrodes and in current measurement, etc. 
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When only two fibers carry load, but additional fibers are present, the unloaded 
fibers assume the average displacement the surrounding matrix would have in 
the absence of such fibers. When fiber radius r^ -^ d, the interaction between 
the loaded fibers is the same whether the unloaded fibers are present or not. For 
example if eight coplanar fibers are present, but only the center two are loaded, 
theory indicates that the displacements in the plane through fiber axes will be 
as shown in Fig. 5. The expectation from this that current between the electrodes 
will be unaffected by the presence of additional conducting rods for low fiber 
volume ratio has been verified experimentally. For high volume ratio, the ef
fective shear stiffness of the medium between loaded fibers (effective conduc
tivity of electrolyte) is increased, so in this case the presence of unloaded fibers 
does affect the interaction between loaded fibers. 

Multiple Fiber Interaction 

Consider next the case in which two adjacent fibers in a square array are 
loaded with forces per unit length ± F' and the remaining fibers are unloaded. 
If the fiber volume ratio is low, the displacements in the loaded fibers are given 
by 

F' , id In — •̂o) 

iTlG ro 
(21) 

FIG. 5-
matic). 

-Displacements of two loaded and six unloaded fibers in an infinite elastic matrix (sche-
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FIG. 6—Axial displacements of unloaded fibers when loaded fibers are displaced ±1, and when 
d/r„ = 12JH. 

while the displacements in unloaded fibers are obtained by applying Eq 15. 
When dlr^^ = 12.38 (a value chosen to agree with an experiment performed 
with the analogue equipment), the theoretical normalized values of w for five 
fibers, two of which are loaded, are as indicated in Fig. 6. According to Hedge-
peth's and Van Dyke's equation, the force on the center fiber depends on its 
relative displacement with respect to all four surrounding fibers. But, as we have 
seen, the displacement is the same whether the three unloaded fibers are present 
or not, which suggests they do not, in fact, interact with the center fiber. 

A clue to the resolution of this paradox is found by considering the case of 
stiffened plates with rigid stiffeners. If only two stiffeners are loaded and they 
are separated by several unloaded stiffeners, the interaction between the loaded 
stiffeners is the same whether the unloaded ones are present or not. Nevertheless, 
a calculation considering them to be present turns out right. 

Accordingly, we adopt Hedgepeth and Van Dyke's equation and calculate the 
force on the center fiber for two different conditions. Under Condition A, all 
outer fibers are displaced an equal distance relative to the center one. Case B 
will be the situation depicted in Fig. 6. 

The idea behind this exercise is that in Case A it is reasonable to assume that 
the interaction between each peripheral fiber and the center fiber is one quarter 
of the total interaction. Using this interaction for a fiber pair in a square array 
composite, we can find its relationship to the interaction between the loaded 
fibers in Case B, where we know the exact solution (for the limiting case, 
To <§ d) from Ref 75. This will allow us to evaluate the interaction (value of 
hid) for a square array. 

In Case A, the Hedgepeth and Van Dyke equation leads to 

F', = AG \^\ (w, - w,) (22) 

where the subscript, c, denotes the value for the two-fiber interaction in a square 
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array composite. In Case B 

F'a = G M [4w„ - w, - w, - w, - w j (23) 

= G (^ (w, - w,) (24) 

where the subscript, /, denotes the value for a pair of isolated fibers. For suf
ficiently small Ko/d 

Wa = - W ( , = 
F' 

2TTG 
In (J/ro - 1) 

Using Eq 15, the displacements of the other fibers are 

w, = w. 
F' ^ InVl 

In V 2 = w„ • l-nG In (d/ro - 1) 

and 

Thus, for Case B 

Wj 

F' 

2TTG 
In 2 = w„ 

In 2 
In (d/ro - 1) 

'•- = "^ U 4 w„ + w„ + 
2 In V 2 w„ + In 2 

In (d/ro - 1) 

(25) 

(26) 

(27) 

(28) 

Since w^ = - w,,, this can be written as 

F ' , = G{-j (w, - wi,) [2.5 - In 2/ln (d/ro - 1)] 

= G ( - I (Wa - Wj) 

(29) 

(30) 

Comparing Eqs 29 and 30, we see that 

dJc \d),/ r^ In (d/ro 
(ro < d) (31) 

(t//ro - 1)_ 

The relationship between (hid), and (hld)i has also been investigated exper-
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TABLE 1—The measured currents. 

IA 
IB 
IA/4 1B 

0.84 

0.186 
0.103 
0.542 

0.7 

0.525 
0.279 
0.470 

0.6 

0.368 
0.189 
0.487 

0.54 

0.361 
0.183 
0.493 

0.4 

0.543 
0.269 
0.514 

s/d 

0.375 

0.738 
0.332 
0.556 

0.3 

0.980 
0.423 
0.578 

0.285 

1.37 
0.548 
0.624 

0.275 

2.08 
0.753 
0.6905 

0.2625 

3.2 
1.06 
0.754 

imentally. Five rods were placed in an electrolytic tank in the configuration 
shown in Fig. 6. A potential of 10 V was applied between Rod a and Rod b. 
In Case A, Rods c, d, and e were all connected to Rod b by a conducting wire. 
In Case B, Rods c, d, and e were disconnected and were thus free to adopt the 
local potential of the electrolyte in which they were immersed. The measured 
currents were as shown in Table 1, for several different fiber volume ratios. 

The last line in the Table gives the ratio of (h/d), to (h/d)i. The experimental 
and theoretical results are compared in Fig. 7. Since Eq 28, representing the 
theoretical result, is only valid for ro <^ d {or s ^ d), it is shown as a dotted 
curve where this condition is not satisfied. The experimental data agree very 
well with theory in the range where theory is valid, which lends to confidence 
to their validity. The curve through the data points represents our present best 
estimate of (h/d),/(h/d)i. 

The bottom line for this enquiry, of course, is to state what is the absolute 
value of (h/d),. Our solution is found by combining the results in Figs. 4 and 
7. The result is shown in Fig. 8. 

(h/d), 

/ 
Theory / 

/ 

^ ^ Experiment 

0.1 0.2 0.3 0.4 Q5 

FIG. 7—Ratio of h/d for composite to h/d for two isolated fibers. 
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(h/d). 

FIG. 8—Effective shear coupling parameter for two fibers in a composite. 

Conclusion 

We have described an electric analogue for finding the local stress distributions 
in damaged composites. It is closely related to shear lag theory, in that it assumes 
transverse stresses are zero, but more accurate, since in the analogue the matrix 
carries its proper share of direct stress, whereas in shear lag the matrix does not. 
The analogue can also be used to find the reduction in overall composite stiffness 
resulting from damage and to evaluate certain unknown quantities that must be 
used in theoretical calculations. 

An example of the latter type is the effective shear stiffness of the matrix that 
appears in the equations of shear lag. This was evaluated first theoretically for 
very low fiber volume ratio, and then over a wide range of this ratio using the 
analogue. This result, displayed in Fig. 8, constitutes the first practical appli
cation of the analogue and is believed to reduce the uncertainty in the value of 
effective shear stiffness by more than an order of magnitude. 
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ABSTRACT: The effect of delaminations on the stiffness-controlled behavior of laminated 
composites is investigated. Four panels of [±45,0,90]2s quasi-isotropic layup are fabricated 
from the T300/Narmco 5208 material system, three with prescribed delaminations of 
different rectangular shapes and orientations. Nondestructive buckling tests and vibration 
experiments are conducted on these panels with clamped-free and clamped-simple support 
boundary conditions to assess the stiffness-controlled behavior. Free-free vibration tests 
are also conducted to study the influence of delaminations on higher modes. Finite-element 
analyses are performed to compare with the experimental results. The findings indicate 
that delaminations of the size considered can be tolerated for some service conditions 
without dire consequences. 

KEY WORDS: composite materials, fatigue (materials), fracture mechanics, composite 
laminates, composite structures, defects, delaminations, compressive buckling, vibration 

The high specific strength and stiffness of composite stractures hold great 
promise for improving the performance of aerospace vehicles. The high potential 
of graphite/epoxy composites has been demonstrated thoroughly in selected 
secondary structures, which are generally designed by stiffness requirements. 
To realize the full benefit of these materials, application in primary structures 
is currently being emphasized. As primary structures operate at high strain levels 
and are critical to flight safety, integrity of the material is a paramount consid
eration. 

Unlike metallic materials where failure modes are usually associated with 
cracking or yielding, laminated composites have several others—delamination 
being one of the most frequently encountered ones. Delamination may be caused 
by a manufacturing defect or service-induced. It usually contributes to final 
failure of the structure. A knowledge of the structural consequences of such 

' Senior research engineer, professor, and research assistant, respectively. School of Aerospace 
Engineering, Georgia Institute of Technology, Atlanta, Ga. 30332. 
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72 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

defects on the behavior of composite structures is needed. Stiffness-controlled 
behavior of graphite/epoxy laminates is investigated in this work. Prescribed 
delaminations of known shape and size are introduced into the laminated flat 
panels in order to assess the effect of such flaws on the structural behavior. This 
effort contributes to the existing data base on this subject [1,2].^ 

In this paper, uniaxial compression buckling and vibration test data on the 
virgin and delaminated panels are presented. Analytical results obtained with 
finite-element computer analyses are provided for comparison. 

Overview 

Bending, buckling, and vibration tests are conducted in the experimental 
program to determine the relative behavior of the damaged and the undamaged 
panels. Three- and four-point bend tests are performed to evaluate the panel 
bending stiffnesses. The panels are then tested in compressive buckling with 
clamped loaded edges and both free and simply supported unloaded edges. The 
first test represents a simple situation and the second a more practical one. 
Buckling tests on the panels are in their fundamental mode with the load estimates 
obtained from a stiffness plotting technique. As the changes in stiffness should 
lead to changes in natural frequencies, flexural vibration tests are also conducted 
on the panels with these boundary conditions. The objective here is to compare 
the stiffness-controlled behavior from static and dynamic tests for consistency. 
This may enable use of simpler dynamic tests as our assessment tool in the future 
work [3,4]. Free-free panel vibration tests are performed to study the influence 
of imbedded delaminations at higher modes. As the damage affects each mode 
differently, these data are expected to provide some differences in behavior 
between panels. Finite-element analyses are carried out by modeling the delam-
ination in two different ways. Structural Analysis Program (SAP) IV is used to 
estimate the frequencies in both the cases. Buckling analysis, however, is per
formed only on the second model using the Engineering Analysis Language 
(EAL). 

Experimental Program and Results 

Test Specimens 

The specimens used in this investigation were fabricated from the unidirec
tional Thomel 300 graphite/fiber tapes impregnated with Narmco 5208 epoxy 
resin. Four panels with a [±45,0,90]2s quasi-isotropic layup were manufactured 
from this material system by Lockheed-Georgia company. One of these has no 
delaminations and hence serves as a reference or control. Delaminated zones 
equal to 10% of the panel area, (77.42 cm^), which is thought to be an upper 
limit to the size encduntered in practice between inspections, were built into the 

^ The italic numbers in brackets refer to the hst of references appended to this paper. 
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remaining panels between the central plies. These defects were implanted by 
inserting one ply of TX 1040 fiberglass fabric, manufactured by Palliflex Cor
poration, sandwiched between two plies of 1-mil (0.00254-cm) thick teflon. The 
edges of the panels were machined flat and parallel to permit uniform loading. 
The finished panels measured 25.4-cm wide and 30.48-cm long. They were 
inspected by ultrasonic C-scan to establish the quality and the size and shape 
of the imbedded delamination. These C-scan output records are presented in 
Fig. I. 

The panels were instrumented with strain gages across the width to check 
uniformity of loading in the compression tests. On the control panel, they were 
placed close to the center line, whereas, in the case of others, they were located 
away from the delamination. This is to eliminate possible interaction of local 
buckling modes with the strain data. The strain gage placement was offset also 
from the line of inflection determined from the mode shapes generated from a 
finite-element analysis. In addition, strain gages were mounted at the center and 
along the edges of delamination. The former is to indicate the local buckling of 

fc-o 

1 0 . 1 8 c m 

m 3 ^ w 

1—16.24 cm-^f" 

Panel 3 P«nel 4 

FIG. 1—C-scans of test panels. 
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TABLE 1—Panel characteristics. 

Panel Thickness ((), cm (in.) Weight, kg 

Control 0.2057 (0.08097) 0.245 
2 0.2099 (0.08264) 0.248 
3 0.2092 (0.08235) 0.248 
4 0.2076(0.08173) 0.248 

delamination and the latter its propagation during the compression tests. One 
face of each of the panels was painted with strippable masking film to enable 
use of moire-fringe technique to monitor out-of-plane deflections when loaded 
in compression. The panels were geometrically characterized and weighed before 
proceeding with the tests. This information is provided in Table 1. 

Bend Tests 

In order to determine the bending stiffnesses of the panels, three- and four-
point bend tests were performed. The load versus central deflection data were 
generated from the experiments, and the resulting bending stiffness results are 
presented in Table 2. 

Compression Tests 

The panels were tested as clamped wide columns under uniaxial compression, 
a simple situation, to produce buckling in the first mode. Machined angles were 
clamped to the two opposite edges of the panel to provide the fixed end con
ditions. Lateral displacements of the panel under increasing load were monitored 
by a linear variable differential transformer (LVDT) displacement transducer. 
The buckling load of each panel was estimated from a stiffness plot [5] and is 
presented in Table 3. 

In a more practical configuration, the panels were tested with clamped loaded 
edges and simply supported unloaded edges. A fixture shown in Fig. 2 was 
employed to load and support the panel. The load is applied to the specimen 

TABLE 2—Summary of panel stiffnesses. 

Panel 

Control 
2 
3 
4 

Compressive 
Stiffness 

(A), 10' N 

26.11 
28.92 
27.49 
26.52 

Four-
Point Test 

8.12 
8.23 
8.41 
8.49 

Bending Stiffness, N • m 

Three-
Point Test 

7.81 
7.77 
7.94 
8.00 

1" 

Computed, 
At-

D = — 
12 

9.20 
10.62 
10.03 
9.52 
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ARS 

EST SPECfMEN 

SUPPORT PLATE 

- ANGLE PLATE 

LOADING BAR 

FIG. 2—Single-bay test fixture. 

through the top loading bar. The shim plates located in the top and bottom 
loading bars facilitate central location of the panel in the fixture and provide the 
clamped boundary conditions when tightened. The heavy angle plate is secured 
to the test machine during testing and has two support bars with rounded edges 
mounted on its front end. In assembly, the two support bars on the support plate 
line up with the ones on the angle plate and provide the simply-supported bound
ary conditions. The fixture is designed to accommodate axial compressive de
formation of the panels. Electrical resistance strain gages were used to monitor 
strain across the panels and around the delaminations. The lateral displacements 
and end shortening were measured by LVDTs. Acoustic emission instrumentation 
was also provided on the panels to record the activity during loading. The moire 
fringe method was used to check symmetry of support conditions and provide 
a visual indication of the buckling event. Strain and displacement data were 
generated on all panels at subcritical loads. Buckling load estimates were obtained 
using a stiffness plot. They are listed in Table 3. Typical strain data from the 
back-to-back strain gages on the control panel are presented in Fig. 3. 

Compression tests to determine the extensional stiffnesses of the panels were 
conducted with the same fixture incorporating two extra support bars at one-
third panel width. Strain data were recorded from all panels as a function of 
load and are presented in Fig. 4. Extensional stiffnesses estimated from these 
data are listed in Table 2. 
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FIG. 3—Typical control panel back-to-back strain gage response. 
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FIG. 4—Panel compressive strain plots. 
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Vibration Tests 

In all the vibration tests, the panels were excited by impacting them with a 
light, instrumented hammer. Dynamic response was sensed by a light-weight 
accelerometer mounted on the specimen. Vibration data were generated on each 
of the panels immediately following the buckling tests so that the boundary 
conditions are preserved. The data on the clamped-free and the clamped-simply 
supported configurations were analyzed by a Hewlett Packard 5423A Structural 
Dynamics Analyzer to obtain the natural frequencies, damping, and mode shapes. 
Frequency information in the two cases is summarized in Table 4. 

Free-free vibration tests were performed to study the behavior of the panels 
at higher modes. The boundary conditions were simulated by hanging the panels 
by a long, flexible cord attached at a point. This test setup is simple and eliminates 
boundary influences. Dynamic behavior of the panels was studied in the fre
quency range 0 to 2400 Hz. This frequency data with the corresponding mode 
shapes are summarized in Table 5. 

Analysis 

Finite-element analyses were performed to correlate with the experimental 
data. In this study, two different models were used to represent the delamination. 
The first model is shown in Fig. 5 where the panel is divided into two layers 
of quadrilateral plate elements of equal thickness in the delamination region. 
They are attached at the nodes by three-dimensional beam elements. Delami
nation of the required shape can be introduced into the panel by removing the 
appropriate beam elements. The remaining portion of the panels is made up of 
plate elements equal in thickness to the panel under study. The bending stiffness 
of an element with a central plane delamination with continuity condition on 
lateral displacement and zero shear stress imposed along the delamination length 
reduces to one-fourth its original value. The second model utilizes these elements, 
shown in Fig. 6, to represent the delamination zone. Consequently, Young's 
modulus of these elements is reduced to one fourth in the computations. This is 
a simpler but weaker model than the first and overestimates the influences. The 
computer code SAP IV [6] was used to estimate the frequencies of both the 
models. The data are presented in Table 6. The buckling load information was 
generated using the Engineering Analysis Language [7] on the second model 
and the results are summarized in Table 7. 

Correlation of Results and Discussion 

Bending stiffnesses obtained from the three-point bending tests are lower than 
those in the four-point tests (Table 2). This is a natural result considering that 
shear stresses influence the response under three-point loading. The trend of the 
results is also consistent, and Panel 4 exhibits the highest value for stiffness. 
The bending stiffness values estimated utilizing the extensional stiffness and the 
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TABLE 5—Free-free panel vibration test data. 

Frequency , ojlhz) 

C o n t r o l P a n e l 2 P a n e l 3 P a n e l 4 
Mode Shape 

9 

10 

11 

12 

13 

16 

17 

18 

19 

20 

21 

22 

23 

24 

25 

102.19 

189 .21 

237.48 

270 .51 

102.14 

190.08 

236.0 

335.23 334 .5 

439 .3 438.66 

481.4 481.0 

512.7 512.03 

599.14 

646.68 

725.23 

766.59 

852.4 

1071 

1203 

1338 

1489 

1594 

1681 

1742 

1968 

2050 

2140 

2224 

603.3 

646.63 

727.96 

767.86 

853.1 

1073 

1206 

1325 

1485 

1606 

1684 

1752 

1967 

2055 

2144 

2228 

102.13 

190.76 

236.21 

267.56 

335.44 

439.4 

478.49 

514.07 

602.53 

647.21 

728.71 

766.32 

855 

1074 

1204 

1344 

1491 

1598 

1685 

1743.7 

1972 

2056 

2144 

2223 

2395 

236.27 

268.2 

336.88 

436.47 

482.41 

514.14 

604.01 

645.01 

720.45 

763.78 

855.6 

1065 

1208 

1345 

1481 

1597 

1689 

1747 

1961 

2044 

2154 

2223 
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t^^lane ot Delamination 

0 Node 
09am Element 

FIG. 5—Finite-element Model 1 of delamination. 

nominal thickness of panels are listed in Table 2. These are larger than either 
of the stiffnesses obtained from the bend tests. This simple estimate, which does 
not account for the individual plies, has been calculated because it utilizes 
experimentally determined extensional stiffnesses. A reliable means of making 
a purely theoretical estimate of the bending stiffness for a delaminated panel is 
not available, although two approaches have been attempted here and are de
scribed subsequently. 

The buckling load results do not indicate any significant degradation in the 
stiffness-controlled behavior of the delaminated panels. On the contrary, the load 
values of Panels 3 and 4 are higher than the control panel. When corrections 
for variations in panel thickness and extensional stiffness are made, the results 
look different, however. The percent degradation in both test cases show the 
same trend, although not in the absolute sense. The dynamic tests on the wide 
column and single bay configurations also provide similar conclusions when the 
frequency results are corrected for variations in panel mass, m, extensional 
stiffness, and thickness. 

The analytical frequency and buckling load data presented in Tables 6 and 7 
are in a form directly comparable with the results listed in Tables 3 and 4. Model 
1 frequency experimental results do not indicate significant differences between 
panels, whereas large degradations are reflected in the data obtained using Model 

T 
w is Continuous 

Ojiz '^ Zero 

FIG. 6—Model of a delaminated element. 
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TABLE 6—Summary of frequency results from SAP IV. 

Panel 

Control 
2 
3 
4 

Control 
2 
3 
4 

Frequency 
(<o), 

Wide Column 

216.7 
226.1 
221.3 
217.8 

216.9 
211.2 
200.4 
205.1 

Hz 

Single Bay 

MODEL 1 

244.9 
255.9 
249.5 
244.8 
MODEL 2 
245.3 
220.1 
217.0 
210.3 

Percent Degradation Based 
on Frequency Coefficient 

Wide Column 

4.8 
3.27 
2.0 

16.8 
20.7 
12.5 

Single Bay 

4.17 
3.63 
2.26 

29.3 
27.3 
28.1 

2. In both cases, the analytical wide column frequencies deviate more from the 
experimental values suggesting less restraint than the fully clamped condition 
on the panels. The buckling load results from EAL runs provide satisfactory 
comparisons with the experimental values. The correlation with single bay test 
results is good compared to the wide column results. The discrepancy, once 
again, is due to the boundary conditions and the departure between the analytical 
and experimental values is of the same order in static and dynamic cases. Model 
2 is thus simple, conservative, and could be used to predict behavior of delam-
inated panels. 

The free-free vibration test results in Table 5 include 25 modes of vibration. 
The absolute differences between the control panel and the panels with delam-
inations are less than 2% in all the cases considered. The expectation that larger 
departures in frequency occur at higher wave numbers in defective specimens 
did not prove so by the data. The imbedded delaminations did not result in 
changed mode shapes between specimens. Hence, only typical mode shapes are 
presented in this table. 

Panel 

TABLE 7—Buckling load predictions by EAL-Model 2. 

Buckling Load (/>„), N Buckling Coefficient (PJAt^), m"^ 

Wide Column Single Bay Wide Column Single Bay 

Control 
2 
3 
4 

6726 
7760 
7325 
6958 

11554 
13310 
12577 
11945 

60.88 
60.90 
60.88 
60.87 

104.52 
104.46 
104.53 
104.51 
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Conclusions 

The stiffness-controlled behavior of graphite/epoxy flat panels with prescribed 
delaminations has been investigated. The data generated are consistent and in
dicate similar trends in all experiments. 

Bending stiffness degradation appears to be negligible when the raw data are 
examined. The effects are more pronounced after corrections are made for var
iations in panel thickness, extensional stiffness, and weight. The absolute effects 
of delaminated zones of the size and shape considered are not large; 16% is the 
maximum. In all the tests. Panel 4 performed as if perfect in spite of the fact 
that the delamination is verified by C-scan ultrasonic inspection. This is a sig
nificant practical result. It demonstrates that extensive defects can be indicated 
that have no stiffness-related structural consequence. Furthermore, these delam
inations do not influence the panel behavior even at higher modes. These findings 
suggest that rather large delaminations can be tolerated for some service con
ditions without serious consequences. 

The results of delamination modeling by finite elements, especially with Model 
2, provide conservative estimates of behavioral degradation. Further develop
ments in modeling are required to gain better correlation with the experimental 
data. 
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ABSTRACT: Delamination is an important step in the fracture of laminates. In order to 
characterize this phenomenon, tension opening (Mode I) tests have been carried out. 
Monitoring by acoustic emission allows the determination of an initiation fracture energy 
that is characteristic of the material bonding. Analysis by fracture mechanics of the de
lamination propagation shows that the resistance curves description is a very useful pres
entation of the delamination behavior. Results of experiments on glass-polyester, carbon-
epoxy, and kevlar-epoxy are presented. The influence of moisture content on the R-curves 
of carbon-epoxy laminates is included. 

KEY WORDS: composite materials, fracture mechanics, delamination, laminates, fatigue 
(materials) 

The process of fracture in laminates has been considered in many papers for 
more than 15 years. Elementary events such as matrix cracking, interface de-
bonding, and fiber breaking are combined in a very complicated way for the 
description of damage growth and fracture. Although the state of knowledge is 
not very high at the present time, a few principles have been firmly established. 
First ply failures, intralaminar transverse cracking in 90-deg layers, shear fail
ures, characteristic damage state, delamination, etc., are now fairly well-known, 
and these mechanisms of fiber or ply failure describe to some extent the process 
of fracture in laminates. 

The importance of delamination has been progressively pointed up. This phe
nomenon was formerly emphasized in bending as shear delamination. However, 
the delamination may occur at discontinuities by the coupling effect, and the 

' Groupe "Polymeres et Composites," Department de Genie Mecanique, Universite de Tech-
nologie de Compiegne, B. P. 233, 60206 COMPIEGNE, France. 
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work of Pipes and Pagano [7 f- has described the interlaminar stress components 
at the edge of laminates under tensile stress. 

The description of delamination growth has been studied in a number of 
laminates under various stress states. Delamination is one of the few cases 
(perhaps the only one) where fracture mechanics can be applied aptly. The 
delamination crack is well-defined and relationships between crack length, stress 
level, and specimen geometry can be laid down. These relationships can be 
applied to monotonic or fatigue delamination growth. Fracture mechanics can 
thus be applied to the problem of delamination defects that may occur either 
during molding or by mechanical damage, such as impact. This paper emphasizes 
the use of fracture mechanics testing for defining delamination parameters. After 
reviewing the delamination tests already published in other papers, one shall 
describe how a thorough interpretation of Mode I testing can give a better 
knowledge of delamination growth. 

Previous Studies 

Delamination may occur either by shear (in bending) or by cleavage. Shear 
delamination is a Mode II crack propagation and cleavage delamination is a 
Mode I crack propagation in terms of fracture mechanics. 

The edge delamination has been shown to occur by the interlaminar stress 
that appears at the discontinuities (edge, hole, etc.). Several papers have been 
devoted to the description of stress evolution in the vicinity of the edges of a 
tensile coupon [1,2,3]. The importance of stacking sequences has been empha
sized. For instance, the normal stress, a„ can be either in compression or in 
tension depending on the ply sequence [4,5]. These studies show that edge 
delamination is a mixed-mode crack propagation (cleavage and shear, Mode I 
and Mode II) and that the Mode I test is an important part of the definition of 
delamination behavior. Since this cleavage is very easy to carry out, several 
authors have published studies on this delamination test. 

Mode I Delamination Tests 

The simple double cantilever beam (DCB) specimen used by several authors 
[6-12] is presented schematically in Fig. 1. The defect is introduced during 
molding by a thin nonadhesive film. The compliance method is used for the 
determination of fracture energy, G^ 

G = ^ ^ 
2 w da 

^ The italic numbers in brackets refer to the list of references appended to this paper. 
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P 

FIG. 1—Mode I delamination test. 

where 

f, = critical load of delamination, 
C — compliance, 
w = width of specimen, and 
a = length of defect. 

The dClda is evaluated by a set of specimens with various lengths of defects. 
Devitt et al [13\ has introduced corrections for thin specimens that severely 
deform before delamination takes place. Only a few authors have noticed dif
ferences between initiation and propagation fracture energy [8,9,10,12]. In order 
to facilitate interlaminar fracture testing, Bascom et al {14\ has utilized a width 
tapered DCB specimen like Brussat et al [75] for adhesion testing. In this constant 
dClda specimen, the load during delamination is independent of a. 

Mode II Delamination Tests 

Pure Mode II tests (sliding or shear) are very difficult to work out. de Char-
entenay et al [9] and Russell and Street [72] have proposed tests of bending on 
partially delaminated beam. Conditions of loading and specimen geometry have 
to be carefully optimized. Development of such tests in a number of laboratories 
should appear soon. 

Mixed-Mode Delamination Tests 

The study of shear lap tests carried out by Wilkins et al [77] has been shown 
to be a mixed Mode I and II test (25% Mode I for the specimen used). This is 
calculated by finite element method. Also, the edge delamination of (±30, ±30, 
90, 90)s by tension test is shown to be a mixed-mode delamination test [16,17]. 
Since in this experiment the strain energy release rates, Gj and Gu, are inde
pendent of the delamination size, the determination of total G, needs only the 
measurement of the strain at delamination start. 
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Mechanics of Mode I Tests 

The application of linear elastic fracture mechanics on Mode I delamination 
is based on compliance method (Fig.l) 

P/ dC 
Gc = r ^ y - (1) 

2w da 
where 

a 
C = - , and 

P 
8 = displacement. 

The compliance function of crack length, a, from the simple beam theory, is 

^ = m ^'^ 
where 

E = modulus, and 
/ = moment of inertia. 

However, the exact description is slightly different than the simple beam theory 
due to the finite length of the beam and some rotation components due to the 
thickness. This can be taken into account by either a polynomial coefficient 
[78,79] or more simply by replacing the Exponent 3 by an n-value [20,21] 

a" 
C = -r (3) 

h 

The coefficients, n and h, are determined by experiment on a set of specimens 
with various a-values. The compliance, C, measured at low displacement is 
utilized in a log-log plot 

logC - n log a - log h (4) 

The fracture energy, G ,̂ can thus be evaluated 

n P, 8, 

Gc = ^ r ^ (5) 
2a w 

where subscript c means critical. 
The calculation by the same procedure of strain energy release rate G (available 
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elastic energy) in the function of a for a given 8 shows that, if G^ is considered 
to be constant, delamination must be stable throughout the experiment (Fig. 2). 

This method allows us to determine easily critical fracture energy for delam
ination. However, as shown by a few papers [9,10,12], the fracture energy does 
not remain constant when delamination grows. The increase of Ĝ  during growth 
is well described by the resistance curves (R-curves) that are the plot of instan
taneous G( in the function of a. The determination of R-curves may be easily 
done by the compliance method: 

(1) The a can be measured by compliance method using Eq 3 either by a few 
unloadings during the experiment (Fig. 3a) or by drawing a straight line from 
the origin in the case of small residual displacement (Fig. 3/?). 

(2) Knowing the coefficients n and h, G can be calculated from Eqs 3 and 5 

G = Sp n+\ ^n-n\lr 

where subscript p means propagation. 
Thus the construction of R-curves only needs the calibrated function C = f{a) 

DELTfl.l MM 

20 40 60 80 100 120 140 160 180 200 

Ap(nim) 
FIG. 2—Strain energy release rate versus crack length at constant displacement 8. 
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FIG. 3—Construction ofR-curves. (a) Determination of compliance for a set of points by unloading 
and reloading, (b) Determination of compliance for a set of points by drawing straight lines from 
the origin. 
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and the load-displacement curve. However the calculated crack length, a ,̂ is 
slightly different than the true delaminated crack because the compliance is also 
modified by the damage at the crack tip. Thus, the length, a^, is larger than the 
true crack length, a, but smaller than the length, a, plus the damage length [22]. 

Experiments 

Several materials have been tested in Mode I delamination. The glass fiber 
reinforced plastics (GFRP) are glass woven fabrics with polyester resin (Synres 
S.A). The carbon reinforced composites are made of T300 Toray fibers and 
epoxy resin either from Narmco (N5208) or from Ciba Geigy (BSL914). Some 
of the prepregs are from Brochier. The carbon-epoxy and kevlar-epoxy, both 
unidirectional, were molded by Societe Nationale Industrielle Aerospatiale and 
Etablissement Technique Central de I'Armement. During the molding, a thin 
film (Teflon for polyester, and a piece of molding bag or vac-pak for the carbon 
and kevlar-epoxy) is introduced in the middle of the plates. Samples containing 
various lengths of interlaminar defect are cut from the molded plates. Dimensions 
of the tested samples are shown in Table 1. 

Some of the carbon-epoxy samples were moisture conditioned by immersion 
in water at 90°C during a period calculated by a program using Pick's law and 
a finite difference method. 

The moisture content through the thickness was homogenized in stainless steel 
containers at 90°C during a period calculated by the same program. After opening 
the container, the samples were stored in a desiccator over various saturated salt 
solutions that control the moisture content in the atmosphere [23\. 

The loading of the samples is executed by means of two hinges. One part of 
both hinges is glued on both sides of the sample. The other part is clamped in 
the testing machine jaws. The delamination test is carried out at a displacement 
rate of 2 mm/min. An X-Y recorder plots the load-displacement curves. 

Acoustic emission was utilized for monitoring the microscopic process of 
fracture. The signal of a piezoelectric transducer (300 kHz resonant frequency) 
is amplified (90 dB), filtered (frequency lower than 50 kHz are filtered out), 
and fed to a discriminator that transforms burst signals into counts (LEANORD-
CGR). The threshold of the discriminator was fixed to 0.5 V. However, we have 
checked, and that variation of the threshold value from 0.4 to 0.7 V does not 
influence the counts rate recording. 

Results and Discussion 

Initiation 

Typical load and acoustic emission counts rate versus displacement curves are 
shown for carbon-epoxy (Fig. 4), glass-polyester (Fig. 5), and kevlar-epoxy 
(Fig. 6). From the first part of these curves, the compliance can be measured 
and the coefficients, n and h, determined (Fig. 7, for example). 
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FiG. 4—Load and acoustic emission counts rate versus displacement for T3OO-N520S carbon-
epoxy. 

FIG. 5—Load and acoustic emission counts rate versus displacement for glass-polyester. 
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Counts 
Rate 

FIG. 6—Load and acoustic emission counts rate versus displacement for kevlar-epoxy. 

logCi ' 

FIG. 7—Log-log plot of compliance versus initial defect length. Determination of the constants, 
n arul h. 
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TABLE 2—Initiation fracture energy in delamination. 

Materials a„, mm G„ J/m^ 
Standard 
Deviation 

Glass-polyester 
(cloth, 270 g/m=) 

Glass-polyester 
(cloth, 830 g/m-) 

Glass-polyester 
unidirectional, 
420 g/m^ 

Carbon-epoxy 
unidirectional, 
T300-5208 

Carbon-epoxy 
unidirectional, 
T300 Brochier 

Kevlar-epoxy 
unidirectional, 
Brochier 

Glass-epoxy 
unidirectional, 
Brochier 

25-90 

25-88.5 

22-96.5 

39-103 

23-76 

22-79 

24-74 

165 

102.9 

133.46 

59.8 

45.37 

118.85 

165.13 

14.65 

6.03 

5.3 

8.46 

3.69 

18.8 

2.44 

FIG. %—R-curvefor T300-N5208 carbon-epoxy. 
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FIG. 9—R-curve for glass-polyester. 
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FIG. 10—R-curve for kevlar-epoxy. 
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FIG. 11—Initiation fracture energy versus moisture content for TJ(X)-N5208 and T3(X)-BLS9I4 
carbon-epoxy. 
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FIG. 12—R-curvefor T300-BSL914 carbon-epoxy, moisture content = 0.' 
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FIG. 13—R-curve for T300-BSL914 carbon-epoxy, moisture content = 1.5%. 

In a few experiments, the first part of the load-displacement, which should 
be a straight line, shows a slight positive curvature (see Fig. 3, for example). 
This is due to the non-linearity introduced by high displacement in bending [13]. 
In these few cases, although this is not strictly correct, we have used as a 
compliance value the one determined by the straight line between the origin and 
the point of acoustic emission initiation. 

Acoustic emission onset defines very accurately the initiation of microscopic 
damaging at the crack tip before macroscopic delamination. Results on several 
specimens are presented in Table 2. The initiation fracture energy, G,, is inde
pendent of the initial delamination length. G, is thus a material parameter and 
defines an intrinsic microcracking fracture energy. 

The measured values appear to be fairly low compared with results of exper
iments that did not check damage or delamination initiation point [13,14]. The 
neat resin values were not measured in our case but other results show higher 
fracture energy for common epoxy or polyester resin. This can be explained by 
considering that the first damage occurs at the fiber-matrix interface that is less 
resistant than the matrix itself. Attention must be paid to the particularly low 
value of the T300-N5208 carbon-epoxy interface. 
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FIG. 14—R-curve for T300-N5208 carhim-epoxy, moisture content = 0.4%. 

Propagation 

Typical R-curves for the Mode I test on the three types of laminates are shown 
on Figs. 8 (carbon-epoxy), 9 (glass-polyester), and 10 (kevlar-epoxy). These 
R-curves show that, after initiation, the fracture energy grows very rapidly and 
becomes somewhat constant at a level that is much higher than the initiation 
fracture energy. Results published in various papers are located between the 
initiation fracture energy and the maximum propagation fracture energy. The 
determination of the R-curves that includes the different steps of delamination 
is much more informative for the characterization of materials. 

The comparison of the three curves (Figs. 8,9, and 10) on the three laminates 
is an illustration of the different delamination behaviors. In carbon-epoxy, the 
increase of fracture energy is lower than in glass-polyester indicating that the 
damage mechanism by microscopic failure around the delamination crack tip is 
very different from one material to the other. The huge increase of fracture 
energy in kevlar-epoxy can be due to the delamination of the fibers that occur 
in the adjacent planes of reinforcement. 

It is interesting to note that these damage developments as described by 
R-curves are in the same order as the impact resistance measured by a falling 
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FIG. 15—R-curve for T300-N5208 carbon-epoxy, moisture content = 1.5%. 

weight experiment. Damage is a known mechanism that enhances impact re
sistance. 

In order to check further the significance and validity of the R-curves, we 
have performed a set of experiments on T300-N5208 and T300-BSL914 carbon-
epoxy unidirectional laminates in various moisture contents. Delamination tests 
were conducted for each material and moisture content using a set of six to seven 
specimens with various lengths of interlaminar defects. The initiation fracture 
energy was slightly sensitive to the moisture content in both cases (Fig. 11). 
The result obtained here for T300-N5208 is consistent with the value of 60 
J/m^ measured on the same material but not from the same molding batch. 
Figures 12 and 13 show the R-curves for the two extreme moisture contents of 
the T300-BSL914. In this case, the R-curves are not very much different for the 
two states, and the influence of initial defect length is low. However, the R-
curves determined on the T300-N5208 are very sensitive not only to the moisture 
content but also to the length of initial defect (Figs. 14 and 15). At low moisture 
content, the R-curves are lower when the initial defect length is larger and some 
of the R-curves present negative slope. At high moisture content, the R-curves 
are higher when the initial defect length is larger. 
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FIG. M^SEMphotomicrograph of delaminatedsurface of T30()-BSL914 carhon-cpoxy, moisture 
content = 1.5%. 
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FIG. 18—SEMphotomicrograph of delaminated surface ofT300-N5208 carbon-epoxw moisture 
content = 0.4%. 

FIG. 19—SEM photomicrograph of delaminated surface ofT300-N5208 carbon-epoxv, moisture 
content = 1.5%. 
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This kind of variation of delamination growth parameters with the initial defect 
length has also been verified on glass-polyester [10]. Thus, in this case, fracture 
mechanics does not hold. The influence of local shear stress components for 
high displacement, 8, arising at a large length of delamination, may modify the 
damaging mechanism and hence the propagation fracture energy. Since moisture 
plasticizes the epoxy matrix, this influence may be moisture dependent. 

Scanning electron microscope (SEM) photomicrography does not show sig
nificant differences between the two moisture contents for both materials (Figs. 
16 to 19). However, differences between the two materials are clearly shown: 
the T3(X)-BSL914 undergoes fracture mainly in the matrix, while the T300-
N5208 shows interfacial debonding. This is consistent with the lower initiation 
fracture energy of this material. 

Conclusion 

Mode 1 delamination tests must be carefully monitored and interpreted in order 
to get precise descriptions of delamination processes and accurate parameters 
for an objective characterization. The initiation fracture energy has defined the 
onset of damage by microscopic failure of matrix or interface and is a charac
teristic material parameter. The resistance curves described development of the 
damage during delamination in which a large part of fracture energy arises from 
multiple cracking and debonding. Improving the interlaminar resistance should 
take into account the two stages of the delamination process. A good material 
must not only have a high initiation (or first failure) fracture energy but also 
develop extensive damage before and during the delamination propagation. 
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ABSTRACT: Viable test methods that may be used in characterizing matrix-dominated 
composite properties are asses,sed. Special emphasis is placed on matrix cracking and 
delamination. Both strength characterization and fracture mechanics test methods are con
sidered. Transverse tension, in-plane shear, interlaminar shear, and a laminate test tor in 
situ first-ply failure are the strength tests considered. Fracture mechanics test methods 
discussed include the double-cantilever-beam lest, a 90-deg center-notch tension test, and 
a free-edge-delamination tension test. 

KEY WORDS: composite materials, fatigue (materials), fracture mechanics, delamina
tion, matrix-related properties, first-ply failure, tension tests 

Standard test methods currently in use for characterizing new or improved 
matrix resins for apphcation in high-performance fiber-reinforced composites 
give Hmited information concerning matrix-dominated failure modes. Since ma
trix cracking and delamination are of key concern in assessing "toughness" in 
composite laminates, current test philosophy must be modified to accommodate 
methods that interrogate the materials resistance to transverse ply cracking and 
delamination. 

Among the standard test methods utilized, only 90-deg unidirectional tension, 
unidirectional in-plane shear (±45-deg tension, 10-deg off-axis tension, and rail 
shear), and short beam shear give any information concerning the matrix-dom
inated failure modes under consideration. Transverse tension and in-plane shear 
are often used to set design allowables on matrix-dominated first-ply failure, 
while the short beam shear test is the only interlaminar test performed. 

The matrix also provides support to the fiber so that 0-deg compression can 
be sensitive to matrix properties, especially at elevated temperatures. Since 
compression failure is usually stability related (fiber micro-buckling, local crip
pling due to fiber waviness, and gross buckling), test data are a function of 

' Materials research engineer, Nonmetallic Materials Division, Materials Laboratory, Air Force 
Wright Aeronautical Laboratories, Wright-Patterson Air Force Base, Ohio 45433. 
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specimen geometry and support conditions. This makes it very difficult to relate 
resin properties directly to unidirectional compression strength. Thus, compres
sion tests are not considered in the present study. 

Two generic approaches are available for interrogating a composite material's 
resistance to matrix cracking and delamination. The first approach involves a 
detailed stress analysis used in conjunction with a failure criterion to predict, 
and measure experimentally, the onset of matrix cracking and delamination. In 
the second approach, classical techniques of linear elastic fracture mechanics 
are applied to characterizing matrix cracking and delamination. Current trends 
point toward the first approach for characterizing matrix cracking and the second 
approach for delamination studies. 

In this paper, viable test methods that may be used in determining composite 
toughness, with special emphasis on matrix cracking and delamination, are as
sessed. Both strength characterization and fracture mechanics test methods are 
considered. 
, In order to assess the sensitivity of the various test methods, the corresponding 
composite properties, to matrix stress-strain behavior, two model resin systems 
are utilized extensively in the experimental data presented. Typical tensile stress-
strain curves for these two resin systems are illustrated in Fig. 1. The AF-R-
E350 resin is a brittle system consisting of MY-720 (a tetra-functional epoxy 
from Ciba-Geigy) and DDS (diaminodiphenylsulfone curing agent from Ciba-
Geigy) custom mixed to Air Force directions. Union Carbide's polysulfone 
represents a ductile matrix. 

Tension dogbone specimens approximately 4.1 mm (0.16 in.) wide and 51 
mm (2 in.) long in the gage section were utilized in obtaining the AF-R-E350 
tensile data. An extensometer was used for measuring strain. The polysulfone 
stress-strain curve was obtained from data supplied by Union Carbide in which 
a dogbone specimen was utilized in conjunction with ASTM Test for Tensile 
Properties of Plastics (D 638-77a). The initial tensile modulus of AF-R-E350 is 
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FIG. 1—Typical tensile stress-strain curves for brittle and ductile resin systems. 
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approximately 3.46 GPa (500 ksi) and the polysulfone approximately 2.76 GPa 
(400 ksi). 

Shear stress-strain data for these two resin systems are shown in Fig. 2. These 
stress-strain curves were obtained from a three-rail fixture [If using a 152-mm 
(6-in.) square plate. 

Strength Characterization 

In this section, the conventional tests for measuring transverse tensile strength, 
in-plane shear strength, and interlaminar shear strength are discussed. These are 
the tests normally utilized for measuring matrix-dominated strength properties. 
In addition, consideration is given to tensile loading of a laminate for the purpose 
of determining in situ transverse-ply failure. 

Transverse Tension 

Strain to failure as determined from a 90-deg unidirectional tension test is 
often the basis for determining engineering strength in a laminated composite 
material. In particular, if first-ply failure is assumed to determine laminate strength, 
then for composites containing 90-deg plies, transverse tension strength becomes 
a measure of laminate strength. 

Stress-strain curves are illustrated in Fig. 3 for AS-1/AF-R-E350 and AS-1/ 
polysulfone unidirectional composites. These tests were performed on 25.4-mm 
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FIG. 2—Shear stress-strain curves for brittle and ductile resin systems. 

• The italic numbers in brackets refer to the list of references appended to this paper. 
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FIG. 3—Transverse tensile stress-strain curves. 

(1-in.) wide, straight-sided tensile coupons. The tests were performed in ac
cordance with ASTM Test for Tensile Properties of Oriented Fiber Composites 
(D 3039-76). 

Although the more ductile polysulfone composite has an increased strain to 
failure compared to the brittle AF-R-E350 matrix composite, the increase is not 
in proportion to neat resin strain capability. Yielding of the polysulfone in neat 
resin form leads to necking of tension specimens at high strain levels. Since the 
resin is under biaxial stress in the composite, necking is prevented. Perhaps 
biaxial stress-strain data is more indicative of resin performance in the composite. 

When making a comparison between composites containing different matrix 
systems, the effect of fiber volume content must be considered. For the com
posites in Fig. 3, a large difference in volume content between the two composites 
under consideration is observed. In order to make a comparison on an equal 
fiber volume basis, the AS-1/AF-R-E350 data was extrapolated to a fiber volume 
fraction of V/ = 0.54. The extrapolated results appear as the dotted line in Fig. 
3. This extrapolation was obtained by assuming the strain to failure for the brittle 
matrix composite is determined by the maximum strain concentration factor in 
the matrix, which is a function of fiber volume fraction. The strain concentration 
factor can be estimated by breaking the repeating element of the fiber packing 
geometry into thin strips, as illustrated at the top of Fig. 4 for hexagonal packing. 
This approach has been discussed in detail by Chamis [2] and leads to the strain 
concentration expression 

- /T, 

kV< 
IT 

(1) 
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FIG. 4—Transverse strain concentration as a function of fiber volume fraction. 

where 

e„ = average strain in matrix along the center strip (see Fig. 4), 
€7 = average transverse strain in composite, 

E„ = modulus of the matrix, 
Efj = transverse modulus of the fiber, and 

k = constant that depends on fiber packing geometry. 

For square packing, k = 4, and for hexagonal packing, k = 3.464. The strain 
concentration factor is plotted as a function of fiber volume fraction in Fig. 4 
fortworatiosof£„/£}7. The curve for £„/£/T = 0.1667 corresponds to £„ = 3.46 
GPa (500 ksi), and EJEfj = 0.2667 corresponds to E,„ = 5.53 GPa (800 ksi). 
In both cases, E/r = 2Q.1 GPa (3 x 10* psi). 

Since the neat resin tensile stress-strain curve is linear to failure, it is assumed 
that the transverse composite stress-strain curve is linear for all values of Vf. 
Ultimate strength can then be determined at Vf = 0.54 from the transverse tensile 
modulus of the composite, Ej, and the strain at failure as extrapolated from Eq 
1. The Halpin-Tsai equations [i] are used to extrapolate Ej from V[ = 0.70 to 
Vf = 0.54. In particular 

ET — 
EAEfTJl + Vf) + EJl - Vf)] 

Efrd - Vf) + E^H + Vf) 
(2) 
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Using this approach, the dotted Hne in Fig. 2 yields little change in the ultimate 
strength while the ultimate strain increases from 0.485% at Vf = 0.70 to 0.646% 
at V,̂  = 0.54. Thus, volume percent of fiber must be considered when comparing 
the effect of matrix properties on composite properties. For the AS-1/AF-R-
E350, EriVf = 0.70) = 10 GPa (1.45 x 10* psi) and EjiVf = 0.54) = 7.53 
GPa(1.09 X 
psi.) 

lO'psi). FortheAS-l/polysulfone,£r = 7.32 GPa (1.06 x 10* 

In-Plane Shear 

Shear stress-strain curves are shown in Fig. 5 for unidirectional composites. 
Rail shear data are obtained from a three-rail fixture [7] using a 152 mm (6 in.) 
square plate. For shear data derived from a ±45-deg tensile coupon, specimens 
were straight-sided tensile coupons 25.4 mm (1 in.) wide tested in accordance 
with ASTM Test D 3039-76. Data is reduced in accordance with ASTM Rec
ommended Practice for In-plane Shear Stress-Strain Response of Unidirectional 
Reinforced Plastics (D 3518-76). Although correlation can be observed between 
initial shear stress-strain response of the rail shear and ±45-deg tensile coupon, 
the rail shear fails prematurely with the failure propagating from the bolt holes. 
The ±45-deg tensile coupon results in an unrealistically high shear strength due 
to the fact that some of the fibers run through the grip section and are clamped. 
The rail shear test may, however, provide a sufficient portion of the stress-strain 
curve to be useful from an engineering standpoint. In Fig. 5, the longitudinal 
shear stress is denoted by T^^ and the longitudinal shear strain by yi^j. The initial 
shear modulus for AS-1/AF-R-E350 is G^T = 5.53 GPa (800 ksi) and for the 
AS-1/polysulfone, G^T = 3.87 GPa (560 ksi). 

12 

-AS-I/POLYSULFONE 

-AS-I/AF-R-E350 

75 

60 

45 S. 

30 

15 

FIG. 5—Shear stress-strain curves for unidirectional composites. 
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The nature of the shear stress-strain curves makes it difficult to assess the 
effect of matrix properties on the in-plane shear response of a unidirectional 
composite. 

Interlaminar Shear 

Interlaminar shear strength of a unidirectional composite is usually determined 
by a short beam shear test [ASTM Test for Apparent Horizontal Shear Strength 
of Reinforced Plastics by Short Beam Method (D 2344-76)]. For high-perform
ance composite materials, the method is often used in conjunction with a thin 
beam (12 to 16 plies) under three-point bending. In order to induce a shear 
failure, the span-to-depth ratio is nominally 4 :1 . Such thin beams rarely, if ever, 
produce an interlaminar shear failure. A typical failure mode for such specimens 
is illustrated in Fig. 6, where a photomicrograph of the top section of a failed 
0-deg, 16-ply, AS-1/AF-R-E350 beam reveals localized buckling adjacent to 
the load point (loading was applied to the right of the buckled region). For a 
50-ply beam of the same material, a horizontal split is observed. However, the 
photomicrograph in Fig. 7 of the failed beam reveals a vertical crack that initiated 
prior to the horizontal split. The load was applied to the left of the vertical crack. 
Some localized buckling can also be observed behind the vertical crack. These 
failure modes occur in regions where the stress distribution is very complex. 

FIG. 6—Photomicrograph of 16-ply, AS-lIAF-R-E350 short-beam shear specimen. 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



WHITNEY AND BROWNING ON MATRIX-DOMINATED FAILURE MODES 111 

FIG. 7—Photomicrograph of 50-ply, AS-1IAF-R-E350 short-beam shear specimen. 

The shear stress distribution at three different cross sections of the 16-pIy beam 
is illustrated in Fig. 8. Note that classical beam theory is accurate over a very 
limited segment of the beam. This stress distribution was obtained from a plane 
stress Fourier series solution in which the concentrated loads were modeled as 
uniform stresses distributed over a very small length of the beam. The axis 
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FIG. 8—Shear stress distribution through-the-thiclcness of a 16-ply short-beam shear specimen. 
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system is at the centerline of the beam. The thickness coordinate, -x], is normalized 
by the beam thickness, h, while the shear stress is normalized by the maximum 
bending stress. 

Horizontal splitting can also be produced on graphite/epoxy beams under four-
point bending, if the span-to-depth ratio is reduced to 16:1 from the usual 32:1 
[4]. A photomicrograph of a failed 0-deg, 24-ply, AS-1 / AF-R-E350 beam under 
four-point bending is shown in Fig. 9. Again the horizontal split is preceded by 
a vertical crack. In this case, the horizontal split initiates near the tip of the 
vertical crack and begins moving toward the center of the beam and then reverses 
direction, propagating catastrophically to the end of the beam, in Fig. 9, the 
load was applied to the left of the vertical crack. 

The complex failure modes along with the complex stress distribution make 
interlaminar failures in beam specimens difficult to interpret. Furthermore, hor
izontal failures are difficult to induce in thermoplastic matrix composites such 
as the AS-1/polysulfone material. These restrictions reduce considerably the 
usefulness of these interlaminar beam tests. 

In Situ Transverse Strength 

A 90-deg unidirectional tension test gives useful information concerning the 
transverse strain capability of the material under consideration. However, a 

FIG. 9—Photomicrograph of24-p!\. AS-JIAF-R-E350Jour-point beam .shear specimen. 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



WHITNEY AND BROWNING ON MATRIX-DOMINATED FAILURE MODES 113 

multidirectional laminate containing 90-deg plies may provide a more realistic 
approach to both measuring and defining in situ first-ply failure. 

By using a multidirectional laminate, the results may also be more realistic 
for engineering purposes. In particular, a 90-deg tension test provides initial 
transverse-ply failure data only, while a multidirectional laminate allows one to 
observe multiple cracks in transverse plies and assess their effect on laminate 
mechanical behavior. Such constraint plies have several important effects. In 
addition to offering resistance to crack growth in the transverse plies perpen
dicular to the load direction, they also reduce the effect of surface flaws on first-
ply failure. It has been experimentally observed by Flaggs and Kural [5] that in 
situ transverse strain to failure, including the effects of residual thermal strains, 
can be almost twice the failure strain of a transverse, unidirectional tensile 
coupon. 

This phenomenon of in situ transverse reinforcement is illustrated in Fig. 10, 
where the tensile stress-strain curve for a Hercules' ^S-1/3502 laminate with 
the stacking geometry [45/90/-45/90/45/90/-45/W], is shown. Transverse 
crack density in the center 90-deg ply as a function of axial strain level is also 
illustrated. Note that the onset of any measurable transverse crack density closely 
correlates with the knee in the stress-strain curve that occurs at approximately 
0.8% axial strain. Although this strain level is likely to be a function of the ply 
orientations adjacent to the 90-deg plies and the number of 90-deg plies stacked 
together [5], the results in Fig. 10 are informative. Thus, any materials char
acterization scheme should consider including a laminate tension test that will 
interrogate in situ transverse-ply strength. The data in Fig. 10 was obtained from 
a 25.4-mm (I-in.) wide, straight-sided tensile coupon tested in accordance with 
ASTM Test D 3039-76. Crack density was determined by stopping the test at 
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FIG. 10—Tensile stress-strain curve and transverse crack density for an angle-ply laminate. 
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various load levels, removing the specimen, placing it under a microscope, and 
counting the number of cracks along the edge of the specimen. The edges of 
the specimen were polished prior to testing. 

Interlaminar Fracture Mechanics Characterization 

Since composite laminates do not commonly develop through-the-thickness 
cracks as a prelude to catastrophic failure, fracture mechanics does not apply to 
composite materials in the classical manner of metallic materials. However, in 
the case of delamination, fracture mechanics appears to be a natural approach. 
In particular, the failure process can be characterized by the propagation of a 
single crack. 

Fracture due to both interlaminar tension and interlaminar shear are of concern. 
Thus, characterization of delamination should include both interlaminar Mode I 
and Mode II along with mixed-mode type tests. To date, interlaminar Mode I 
has received the most emphasis and is the focus of attention in this paper. 
Consideration is given to the double-cantilever-beam test, 90-deg center-notch 
coupon, and the free-edge delamination tensile coupon. 

The Double-Cantilever-Beam Test 

A double-cantilever beam specimen is illustrated in Fig. 11 along with the 
data reduction scheme. The specimen is 229 mm (9 in.) long and 25.4 mm (1 
in.) wide. Standard thickness is 24 plies. A 25.4-mm (1-in.) long teflon strip is 
placed in the center of the laminate during fabrication in order to create a starter 
crack. Load introduction is achieved through the use of extruded aluminum " T " 
end tabs bonded to the specimen at room temperature. These tabs contain holes 
for connecting pins that attach the specimen to the loading fixtures, and slots 

- \ ' ' \ -
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FIG. 11—Double-cantilever-beam test. 
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for adjustable screws that attach to an extensometer for measuring deflec
tion [6]. 

Edges of the specimen are marked at 12.7-mm (0.5-in.) increments with a 
silver-leaded pencil for visual crack growth determinations. The initial increment 
of loading produces a pop-in phenomenon, resulting in erratic loading and un
loading response. In addition, this first increment produces a natural crack from 
which a critical strain energy release rate, Gt, can be determined on further 
increments of crack growth. Subsequent tests are then performed on the same 
specimen for each 12.7-mm (0.5-in.) increment marked on the specimen. The 
specimen is loaded until crack propagation begins at load, P,. As the crack 
extends to the next mark on the specimen, the load drops to f j - The specimen 
is then unloaded and the deflection returned to zero. The test is then repeated 
to the next increment of crack extension. Five increments of loading, from 38.1 
mm (1.5 in.) to 102 mm (4 in.), are used and an average value of Gje determined 
from the relationship 

Gic = ^ ^ (̂ '282 - PjS,) (3) 

where 8, and 82 are deflections associated with loads P | and P2, respectively; b 
is the specimen width; and Ac is the increment of crack extension. A typical 
loading and unloading curve is shown in Fig. 11. Equation 3 is based on the 
area between the loading and unloading curves, that is, the energy lost during 
incremental crack extension for a material undergoing elastic response. This 
approach also assumes that all of the energy change is absorbed in moving the 
delamination, that is, no other damage is induced. Other data reduction schemes 
have been utilized in conjunction with the double-cantilever-beam (DCB) method 
and are discussed in detail in Ref 6. Materials considered in conjunction with 
current work displayed linear elastic behavior in the DCB test. Thus, Eq 3 was 
utilized for all data reduction. For materials displaying significant time-dependent 
or inelastic behavior or both, the area method would have to be modified. 

Typical results from the DCB test are shown in Table 1. In addition to the 

TABLE {—Mode I delamination, G„ /O"^ Jlcm" (Iblin}). 

Material 

AS-1/AF-R-E350 
AS-1/3502 
AS-1/polysulfone 
AS-l/ATQ 
AS-1/3502 

[902/0,/90J, 
AS-1/3502 

AF-163U adhesive inlay 

Vf 

0.70 
0.70 
0.54 
0.55 

0.70 

0.70 

DCB 

1.31 (0.752) 
1.40(0.801) 
6.55 (3.74) 
3.68(2.10) 

2.80(1.60) 

12,8 (7.28) 

90-deg CN 

2.31 (1.32) 
1.54(0.881) 

FED 

1,94(1.11) 
2.67(1.53) 

0.298 (0.170) 
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two resins displayed in Fig. 1, data are presented for composites containing 
Hercules' 3502 resin system and an Air Force developed acetylene terminated 
quinoxaline (ATQ) resin system. With the exception of the 0/90 laminate, all 
of the results are for 24-ply 0-deg composites. 

Note that considerable improvement in energy release rate is obtained with 
the ductile polysulfone resin system. In making comparison with the brittle resin 
systems, however, the difference in fiber volume content should be considered. 

Whenever data from a DCB test is interpreted, the failure mode and failure 
surfaces must be carefully scrutinized. For example, the AS-1/ATQ composite 
yields a relatively high value of Gi^ when compared to the epoxy resin composites. 
The failure surface reveals, however, a brittle failure with many bare fibers 
exposed. Thus, the crack did not stay along the centerline of the laminate. Some 
of the energy was expended in creating new surfaces around the fibers. In other 
matrix-dominated tests, such as the edge-delamination coupon that will be dis
cussed later, the resin appears to be very brittle. Similar results are noted in the 
AS-1/3502 bidirectional laminate where the crack moves to the 0/90 interfaces 
above and below the centerline. In fact, it has been noted by Nicholls and 
Gallagher [7] that multiple failure regions with different energy release rates 
develop within the same specimen for angle-ply laminates. Since 0-deg com
posites appear to produce the lowest energy release rate, they appear to provide 
the most useful data from both a structures and materials characterization view
point. 

It should also be noted from Table 1 that considerable improvement in energy 
release rate can be obtained by using ductile inlays such as an AF-163U adhesive. 

Current results indicate that the DCB test can provide a useful tool for char
acterizing interlaminar Mode I energy release rate. 

90-Deg Center-Notch Coupon 

A 90-deg unidirectional tensile coupon with a center crack provides an alternate 
approach to the DCB test for determining 0-deg Mode I interlaminar strain energy 
release rate. The in-plane fiber packing geometry does not provide as clear a 
fracture plane through the resin as does a DCB test performed on a unidirectional 
laminate. Thus, a 90-deg center-notch (CN) specimen is likely to produce a 
somewhat higher value of G^ compared to a 0-deg DCB test. 

Results for the 90-deg CN test are shown in Table 1 for AS-1/AF-R-E350 
and AS-1/3502 unidirectional composites. These tensile coupons measured 229 
mm (9 in.) in length, while the widths of the specimens were varied depending 
on the crack length. Three crack sizes were utilized, measuring 5.1 mm (0.2 
in.), 10.2 mm (0.4 in.), and 15.2 mm (0.6 in.) for widths of 25.4 mm (1 in.), 
38.1 mm (1.5 in.), and 51 mm (2 in.), respectively. The center notch was 
machined in the specimen by first drilling a 7.4-mm (0.29-in.) diameter hole in 
the center of the specimen and then using a Lastec diamond wire saw having a 
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1.127-mm (O.OOS-in.) diameter wire to machine a straight crack parallel to the 
fibers on each side of the hole. No attempt was made to sharpen the ends of the 
crack. 

All CN data were adjusted for finite width using the relationship [8] 

a„" = cr„[l -I- 0.128(a/W) - O.lSSia/Wf + l.53(a/wy] (4) 

where a„ is the strength of a tensile coupon with finite width 2W, containing a 
center crack of length 2a, and a„" is the notch strength of an equivalent plate 
of infinite extent. 

The average stress criterion was utilized for determining a critical stress in
tensity factor, ki^. In particular, an inherent flaw model was assumed, that is 

fc„ = CT„» VTT(a + oo) (5) 

where Oo is an inherent flaw. The value of AQ can be determined from the average 
stress criterion as described in Ref 7. If ao denotes the unnotched tensile strength 
and A' the total number of notched specimens tested, then 

1 ^ 

o-„ • 

(6) 

where a, and cr„, are the half crack length and notched strength, respectively, of 
the rth coupon. In the average stress criterion, it is assumed that failure occurs 
when the average normal stress, parallel to the load, over some characteristic 
length adjacent to the crack, equals the unnotched strength of the material. This 
characteristic dimension is assumed to be independent of crack length. A critical 
strain energy release rate can be calculated from the relationship [9] 

(7) 

where E^, Ej, v^, and GLT are modulus parallel to the fibers, modulus transverse 
to the fibers, major Poisson's ratio, and longitudinal shear modulus, respectively, 
of the unidirectional composite. These properties are shown in Table 2 for the 
composite systems under consideration in this work. 

As anticipated, the results in Table 1 show higher values of G^ as determined 
from the 90-deg CN coupon relative to DCB data. This test does, however, 
provide a reasonable alternative to the DCB test for determining 0-deg critical 
strain energy release rate under Mode I delamination. 
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Free-Edge-Delamination Tensile Coupon 

In the free-edge-delamination test (FED), a straight-sided, multidirectional, 
laminated coupon is loaded in tension. The stacking geometry is chosen such 
that delamination is induced along the straight-sided free edges. This test was 
originally proposed by Pagano and Pipes [10] as an interlaminar strength test. 
O'Brien [II] extended this test to a fracture resistance method by performing 
an approximate energy release rate analysis of free-edge-delamination coupons. 

Laminates of the class [±30/90]s tend to delaminate under tensile load. This 
delamination is driven primarily by interlaminar normal tension along the free 
edges at the laminate centerline. After delamination is initiated along the entire 
length of the tensile coupon, the crack front moves toward the center of the 
specimen. Thus, the crack propagation simulates Mode I delamination in a 0-
deg unidirectional composite. Using an analysis similar to the one presented by 
O'Brien [11], an energy release rate relationship can be derived. 

Gfc = heAl ~ E.VEdE, (8) 

where h is the half laminate thickness (see Fig. 12), e,. is the critical axial strain 
at delamination, £, is the laminate modulus in the load direction as calculated 
from laminated plate theory, £•,* is an effective laminate modulus for a delam-
inated composite as calculated from laminated plate theory, and E, is the ex
perimentally determined value of £,. If £i = £,, Eq 8 reduces to the expression 
derived by O'Brien [11]. This modification empirically adjusts the analytical 

FIG. 12—Energy release rate analysis for free-edge-delamination tensile coupon. 
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expression for any discrepancy between the theoretical modulus and the actual 
experimentally determined modulus. In terms of laminated plate stiffnesses [12] 

E, = A„ - An^lA^^ (9) 

c. * ' J < ^12(^12^22 "~ B\V^1l) "t" "ni^ljB]! ~ '4l2"22) I ,,f.^ 

hy L A22D22 - B22 J J 

where the laminated plate stiffnesses are expressed in terms of the anisotropic 
reduced stiffnesses for plane stress, Q,,. 

(hl2 
{A,„B„,D,) = Qij{l,z,z')dz 

J -hll 

Equation 10 differs from the expression for £,* as derived by O'Brien [ / /] . 
Complete derivation of this expression is shown in the Appendix. Note that Eq 
10 is derived by considering the upper half of the free-edge coupon as a laminated 
plate, that is, £1* is derived for the stacking geometry [±30/90], which is 
unsymmetric. 

Results from the free-edge delamination test are shown in Table 1. Ply prop
erties used in conjunction with Eqs 9 and 10 are listed in Table 2. The FED test 
yields somewhat higher values of Gĵ . than the DCB test for both AS-1/AF-R-
E350 and AS-1/3502. The extremely low value of C,,. obtained from the FED 
test on AS-I/ATQ is likely to be realistic as ATQ is a very brittle resin, yielding 
only about 0.2% strain to failure in an unnotched 90-deg tension test. As pre
viously discussed, the high value of G\^ obtained from the DCB in conjunction 
with the ATQ composite is misleading due to the actual failure process. 

Because of the complex state of stress in the free-edge zone, the FED specimen 
does not necessarily produce a pure Mode I delamination. In addition, the as
sumptions that led to Eq 8 are very crude. The failure is not initiated cleanly 
along the centerline, as the crack moves to the 90/30 interfaces creating an 
irregular pattern that is difficult to analyze. The delamination zone is usually 
very irregular as the crack moves toward the center of the coupon. This makes 
it difficult to consider a constant crack length as illustrated in Fig. 12. Transverse 
cracking often precedes delamination. In such cases, all of the energy loss does 
not go into producing delamination. Finally, for ductile matrix laminates such 
as AS-1 /polysulfone, no edge delamination is produced prior to ultimate laminate 
failure. Thus, the FED test appears to have some definite drawbacks. This test 
may have more use as a delamination strength characterization method. 

Conclusions and Recommendations 

Based on the data discussed in this paper, the following conclusions are made 
concerning materials characterization for matrix dominated failure modes: 
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1. Of the current strength tests, 90-deg unidirectional tension appears to be 
the most useful. In-plane shear can also be informative, but results are often 
difficult to interpret. 

2. A laminate test that interrogates in situ transverse tension strength should 
be added to characterization tests. 

3. The short beam shear test appears to be of little value and should be deleted 
from materials characterization. 

4. A 0-deg double-cantilever-beam test appears to be a viable approach for 
determining Mode I delamination resistance. This method could also be supple
mented with a 90-deg center-notch tension test. 

5. Despite its drawbacks, a free-edge-delamination tension test performed on 
laminates of the [±30/90]s class could be used as an alternative to a double-
cantilever-beam test for determining Mode I delamination resistance. This method 
could also be utilized as simply an interlaminar tensile strength test. 

The development of a completely sound plan for characterizing matrix-dom
inated failure modes depends on a thorough understanding of the role of the 
matrix in composite failure. This need for such an understanding points to areas 
where additional research is needed. A better understanding of the relationship 
between matrix stress-strain response and both transverse tension and in-plane 
shear of unidirectional composites is required. Additional studies on shear as a 
failure mode, especially under complex states of stress such as in the short beam 
shear specimen, need to be accomplished. It is not clear, for example, whether 
a pure shear failure can ever be produced. Although not discussed in this paper, 
failure processes under compression loading need more clarification before in
telligent compression tests can be added to a materials characterization program. 

Fracture mechanics appears to offer considerable potential for relating matrix 
properties to interlaminar fracture resistance. Additional test methods need to be 
developed or assessed or both, however, in order to be able to completely 
characterize interlaminar fracture resistance. In particular, viable methods must 
be made available for measuring Mode II and mixed-mode interlaminar fracture 
resistance. Since 0-deg delamination appears to provide the weakest failure mode, 
initial focus of test method development should be on unidirectional composites. 

A schematic of potential uses of fracture mechanics, starting with neat resin 
fracture characterization, is illustrated in Fig. 13. Small compact tension tests 
can be used to evaluate fiber/matrix interface toughness. In addition to the Mode 
I tests discussed in this paper, a 0-deg center-notch tension test may also be 
useful in evaluating composite behavior. For example, matrix ductility or fiber/ 
matrix interface strength or both may determine whether the crack propagates 
across the fibers or parallel to the fibers. A simple cantilever beam under bending 
with a center slit, as proposed by Vanderkley [13], is a potential specimen for 
measuring pure Mode II. An off-axis unidirectional center-notch specimen, pre
viously utilized by Wu [14], provides one possible approach to mixed-mode 
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NEAT RESIN INTERFACE MECHANICS 

a 
COMPOSITES 

MIXED MODE 

MODE n 

FIG. 13—Some potential fracture mechanics tests for characterizing matrix-dominated composite 
properties. 

fracture. In any fracture mechanics characterization, at least two different test 
methods should be utilized to measure a particular fracture mode. This will help 
to ascertain as to whether the property is independent of test method and specimen 
geometry, and is indeed a material property. 
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APPENDIX 
Strain Energy Release Rate Analysis for Free-Edge-Delamination Tensile Coupon 

Consider the free-edge-delamination tensile coupon shown in Fig. 12. The strain energy 
release rate due to delamination can be determined from a change in compliance as 
displayed by the load-strain curve in Fig. 12. For a specimen containing an edge delam
ination of length a, crack extension from a to a + da induces a change in compliance 
that results in a loss of strain energy. The strain energy lost for a linear elastic body is 
simply the area, dA, between the loading and unloading curves. Thus 

4 \ da da (11) 
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The desired relationship for G, can be determined by considering the upper half of the 
tensile coupon in Fig. 12 over the interval 0 < y s ^ as a laminated plate. Then 

(12) 

where N, is the force resultant per unit length of the plate. If £, denotes the axial modulus 
of the laminate prior to delamination, then 

{"'"" N,dy = hE,{b-d)t,'' (13) 
Jo 

where e/ is the mid-plane strain of the laminate in the axial direction. The axial modu
lus, £,, is given by Eq 9 that is a well-known relationship derived from laminated plate 
theory [12]. 

It now remains to evaluate the integral in Eq 12 over the interval (b-a) ^ y •& b. To 
do this, it is assumed that the cross section opens up like a double-cantilever beam (see 
Fig. 12), as suggested by Pagano and Pipes [lO], due to the unsymmetric nature of the 
delaminated portion of the plate. The constitutive relationships for a laminated plate in 
matrix form are [12] 

where N and M are force and moment resultant vectors, respectively, €° is the mid-plane 
strain vector, and K denotes plate curvatures. The following assumptions are made 

N, = constant, N, = M,, = 0 (15) 
W = H'(_v) 

where w is the plate deflection. The assumption in Eq 15 concerning w leads to K, as the 
only nonvanishing curvature. For laminates of the class under consideration in the free-
edge-delamination tension test, the in-plane properties are orthotropic (/1,6 = A21, = 0). 
Using Eq 15 in conjunction with Eq 14, one obtains the following constitutive relationships 

N, = A,,€," + A,2e," + fl,,K,, (16) 

Â ,, = 0 = A|,e,° + A,,e,° -I- B,,K, (17) 

M, = 0 = fiiae," + iS ĵe," + 0 , ,K, (18) 

Solving Eqs 17 and 18 for e,° and K, and substituting the results into Eq 16, one obtains 
the following result 

N,dy = hE,* a e,» (19) 
J{b-ii) 

where £,* is defined by Eq 10. The desired relationship between P and e," is now obtained 
by combining Eqs 12, 13, and 19 with the result 

£ , - ^ ( £ , - £ , * ) l » = ^ (20) 
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Substituting Eq 20 into Eq 11, one obtains 

G, = h € / (£, - £•*) (21) 

Note that in this analysis, e," is assumed to be constant across the entire width of the 
plate, while N, is constant, but of different magnitude, in the regions 0 < )J (b-a) and 
(b-a) ^ y ^ b. This is a result of the clamped end conditions in the tensile coupon. 
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ABSTRACT: Unnotched [±9/0/90], graphite/epoxy laminates, designed to delaminate 
at the edges under static and cyclic tensile loads, were tested and analyzed. The specimen 
stacking sequences were chosen so that the total strain-energy-release rate, G, for edge 
delamination was identical for all three layups. However, each layup had different per
centages of crack-opening and shear-mode strain-energy-release rates, d and Gn, respec
tively. Results with composites made from T300 graphite fibers and 5208 epoxy, a brittle 
resin, indicated that only d contributed to delamination onset under static loading. How
ever, results with composites made from C6000 fibers and H205 epoxy, a tougher resin, 
indicated that the total G governed the onset of edge delaminations under cyclic loads. In 
addition, for both materials, the threshold level of G for delamination onset in fatigue was 
significantly less than the critical Gc measured in static tests. Furthermore, although the 
C6000/H205 material had a much higher static G, than T300/5208, its fatigue resistance 
was only slightly better. A series of mixed-mode tests, like the ones in this study, may 
be needed to evaluate toughened-resin composites developed for highly strained composite 
structures subjected to cyclic loads. 

KEY WORDS: composite materials, graphite/epoxy, delamination, mixed-mode, fracture 
mechanics, toughness, fatigue (materials) 

Nomenclature 
a Delamination. size 

Aa Incremental delamination size 
£[90] Stiffness of a 90-deg ply in axial (loading) direction 

£"[±45/01 Axial stiffness of a laminate containing +45, - 4 5 , and 0-deg 
plies 

£LAM Axial laminate stiffness calculated from laminated plate theory 
£* Axial stiffness of a laminate completely delaminated along one or 

more interfaces 
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126 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

G Strain-energy-release rate associated with edge delamination 
Gc Critical strain-energy-release rate for delamination onset 

Gi, Gil, Gill Strain-energy-release rate components due to opening, interlam-
inar shear, and out-of-plane shear fracture modes 

Gic Critical value of Mode I strain-energy-release rate for delamination 
onset 

h Ply thickness 
Â  Number of fatigue cycles 
n Number of plies 
t Laminate thickness 
e Nominal tensile strain 

Cc Nominal tensile strain at delamination onset 
^MAx Maximum cyclic strain level in fatigue 

6 Fiber orientation angle in laminate plies 

One major obstacle to achieving the full weight-saving potential of advanced 
composite materials in large, highly strained, primary aircraft structures is the 
tendency for these materials to delaminate. Delamination often results in loss of 
stiffness, strength, and fatigue life [1-4]} Delamination failure criteria are needed 
to predict the onset and growth of delaminations. One measure of delamination 
resistance under static loading is interlaminar fracture toughness. The interlam-
inar fracture toughness, G^, of a composite laminate is the critical value of the 
strain-energy-release rate, G, required to cause a delamination to grow. Previ
ously [7] , the critical strain-energy-release rate measured at delamination onset 
in eleven-ply [±30/±30/90/90]„' NARMCO 1300/5208" graphite/epoxy lam
inates was used to predict delamination onset in layups with other thicknesses 
and stacking sequences. Good agreement was found between measured and 
predicted delamination onset strains. However, before delamination criteria can 
be generated with confidence, the relative contributions of interlaminar tension 
and shear to the formation and growth of delaminations must be identified. 

The primary goal of this investigation was to determine the effect of different 
mixed-mode (interlaminar tension and shear) strain-energy-release rate percent
ages on the formation of edge delaminations in unnotched laminates subjected 
to static and cyclic tensile loads. Unnotched graphite/epoxy laminates, designed 
to delaminate at specific interfaces, were analyzed and tested. A parametric study 
was performed to optimize laminate layups for Gc measurement (see Appendix). 
A combination of stacking sequences was chosen so that the total strain-energy-
release rates were the same, but the percentages of interlaminar tension, Gj, and 

' The italic numbers in brackets refer to thie list of references appended to this paper. 
' The bar over the center 90-deg ply denotes one half of a ply thickness. 
* Use of trade names or manufacturers does not constitute an official endorsement, either expressed 

or implied, by the National Aeronautics and Space Administration or AVRADCOM. 
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interlaminar shear, Gu, were very different. A closed-form equation [/] was 
used to calculate total strain-energy-release rates. A quasi-three-dimensional 
finite-element analysis [5] was used to determine G, and Gu percentages using 
the technique outlined previously [1]. 

Static tests were performed on T300/5208 laminates. Measured delamination 
onset strains and corresponding strain-energy-release rates were compared for 
the layups with the same total G but with different G, and Gu percentages. 
Results were also compared to Gt measurements from double cantilever beam 
tests. 

Static and fatigue tests were performed on Hexcel C6000/H205 graphite/ 
epoxy laminates. The number of cycles to delamination onset at prescribed 
maximum cyclic strains (and corresponding strain-energy-release rates) were 
compared for two layups with the same total G but again with different Gj and 
Gu percentages. 

The secondary goal of this investigation was to determine if these static and 
fatigue tests could be used to establish the relative delamination resistance of 
different composite materials. Therefore, static and fatigue results for T300/ 
5208 and C6000/H205 were compared. 

Static Behavior 

Delamination Onset Prediction 

Previously, the onset of 0/90 interface edge delaminations in [-I-45„/- 45„/ 
0„/90„]s (n = 1,2,3) T300/5208 graphite/epoxy laminates were predicted from 
a closed-form equation for the total strain-energy-release rate, G, for edge de
lamination []]. This equation 

G = Y (£LAM - E*) (1) 

is independent of delamination size. The stiffness quantities, ELAM ^nd E*, were 
calculated from laminated plate theory and the rule of mixtures [7,2]. To predict 
delamination onset, the critical value, G ,̂ was calculated from Eq 1 using the 
critical strain, e ,̂ measured at the onset of -30/90 interface edge delamination 
in tension tests on [±30/±30/90/90]s laminates. Then, Eq 1 was rearranged, 
and this G^ was used to predict t, in the [ -l-45„/ -45„/0„/90„], laminates. The 
predictions [7] agreed closely with the data reported [6]. In this study, additional 
8-ply and 16-ply specimens were tested to verify these results. Figure 1 shows 
that the predicted and newly measured values of ê  also agreed well. The arrow 
in the stacking sequence shown in Fig. 1 indicates that delaminations were 
modeled in the 0/90 interfaces. Figure 2 shows a micrograph of the specimen 
edge showing the delamination location through the thickness for the 8-ply 
laminates. Delaminations formed at, and wandered between, the 0/90 interfaces 
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FIG. 1—Delamination onset prediction, [+45J -45J0J90„], graphite epoxy. 
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FIG. 2—Delaminated straight edge, [±4510190], T300/5208 laminate. 
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where they were assumed to occur. This same detail was observed for the 16-
ply laminates. 

Because these results verify the thickness dependence of delamination onset 
observed in the data and show good quantitative agreement with predicted de-
lamination onset strains, the strain-energy-release rate appears to be a viable 
parameter for predicting delamination behavior. However, G, as calculated using 
Eq 1, is a total strain-energy-release rate consisting of both Gj and Gu. As 
previously mentioned, to evaluate the relative contributions of the two fracture 
modes to edge delamination, three different quasi-isotropic layups, each with 
the same total G but different percentages of G[ and Gu, were analyzed and 
tested. The total G was calculated from Eq 1, and the relative percentages of 
Gi and G,, were calculated by a finite-element analysis [5] using the technique 
outlined previously [7]. 

Analysis 

Three different quasi-isotropic layups were analyzed. Laminate A was [±45/ 
0/90]3, Laminate B was [0/+45/90],, and Laminate C was [45/0/-45/90], . 
All three have 90-deg plies in the center to create high interlaminar tensile stresses 
at the 6/90 interfaces, where 6 is either 0 or - 4 5 deg. Delaminations were 
modeled at the 0/90 interfaces for Laminate A, and at the -45/90 interfaces 
for Laminates B and C. 

Because these layups are all quasi-isotropic, their initial laminate stiffnesses, 
£̂LAM» are identical. The rule of mixtures equation for stiffness after the 0/90 
interfaces are completely delaminated is 

8 

The stiffness of a [±45/0], laminate, calculated from laminated plate theory, is 
identical for all three permutations of +45, —45, and 0-deg plies in Layups A, 
B, and C. Hence, E* is also identical for the three layups. Therefore, the total 
strain-energy-release rate calculated from Eq 1, for a given nominal strain, e, 
and laminate thickness, t, will be identical for Laminates A, B, and C. 

Figure 3 shows the finite-element meshes used to calculate strain-energy-
release rates. Delaminations were modeled in the 6/90 interfaces previously 
specified. The virtual crack extension technique outlined in Ref 1 was used to 
compute strain-energy-release rates from nodal forces and displacements cal
culated before and after an incremental delamination extension, respectively. 
Figure 4 shows G calculated with the coarse finite-element mesh and a remote 
strain of 0.004, plotted as a function of delamination size normalized by ply 
thickness. As was previously observed for other layups [7-10], Gu and total 
G are independent of delamination size, once the delamination has grown one 
to two ply thicknesses in from the specimen edge. As indicated in Fig. 4, the 
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FIG. 3—Finite-element grids for calculating strain-energy-release rates; (top) coarse mesh and 
(bottom)/ine mesh. 

total G calculated from finite-element analysis by summing Gi and Gn agrees 
closely with the total G calculated independently from Eq 1. Figure 4 also shows 
the percentage of the total G attributed to the opening mode, G|. The opening 
mode, G,, was 85%, 57%, and 28% of the total G for Laminates A, C, and B, 
respectively. The interlaminar shear mode, Gn, constituted the remainder. The 
out-of-plane shear mode, Gm, was negligible for all three layups. 

Refinement of the coarse finite-element mesh from one to three elements 
through a ply thickness had a negligibly small effect on the Gi percentages, as 

£ =.0M 

A O [±45/0/90], 

B D [0/±45/90] 

0 2 4 6 8 10 
a/h 

FIG. 4—Strain-energy-release rates from finite-element analysis. 
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shown in Fig. 4 for alh = 3.7. The G curves in Fig. 4 were generated assuming 
material properties in Table 1 [6]. In addition, a set of three-dimensional material 
properties were used, based on the work of Kriz [7/], to account for the different 
in-plane and through thickness moduli and Poisson's ratios. These modified 
properties had only a small influence on the Gj percentages, as shown in Fig. 
4 for alh = 9.3. 

Experiments 

Two 305 by 305-mm panels were made for each of the three layups using the 
same roll of T300/5208 graphite/epoxy prepreg. Each panel was cured in an 
autoclave using the manufacturer's prescribed curing cycle. Five 254 by 38-mm 
(10 by 1.5-in.) coupons were then cut from each panel and tested in tension 
using apparatus and procedures described in Ref I and 2. A pair of linear variable 
differential transducers (LVDTs) were mounted on either side of the specimens 
to measure nominal strain over a 102-mm (4-in.) gage length. Dye-penetrant-
enhanced radiographs were taken to confirm the onset of edge delamination, 
which was indicated by a deviation from a linear stress-strain curve. Photomi
crographs of specimen edges shown in Figs. 2 and 5 indicated that delaminations 
formed only in the interfaces that were assumed to delaminate in the analysis. 

Results and Discussion 

Laminates A, B, and C all have the same total G. Therefore, if total Ĝ  governs 
the onset of edge delamination, ê . would be identical for all three layups. How
ever, if only Gi governs delamination onset, then ê  would be lowest for the 
layup with the highest Gi percentage. Hence, ê  would be lowest for A, highest 
for B, with C somewhere in between. Figure 6 shows the measured e,. values. 
The symbols represent the mean of ten tests, and the brackets show the scatter. 
The mean values of e,. were lowest for Layup A and highest for Layup B, with 
C in between. Hence, G,, and not the total G, appears to control the onset of 
edge delamination for static loading. 

Figure 7 shows the critical values of strain-energy-release rate, G ,̂ calculated 
from Eq 1 with the e^ data for the three layups. The open symbols and brackets 
represent the mean values and scatter bands, respectively. The solid symbols 
represent corresponding values of G^ calculated from the percentage of G^ that 
was due to Gi. For Laminates A and C, these Gĵ  values agree fairly well with 
Gic data from unidirectional double cantilever beam (DCB) tests [12]. However, 

T300/5208 
C6000/H205 

TABLE I-

£„ , GPa 

134 
124 

—Lamina properties. 

£22, GPa 

10.5 
8.4 

G,2, GPa 

5.5 
5.3 

^ , 2 

0.30 
0.33 
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(+45/0/-45) (-45/0/45) (0/+45/-45) 

t t 
-45/90 INTERFACES 

D ELIMINATED 

(-45/+45/0) 

t t 
-45/90 INTERFACES 

DEU\/V1INATED 
FIG. 5—Delammaled straight edges: (left) 1+45/0/-45/901, and (right) |0/±45/90], T300/ 

5208 laminates. 

for Laminate B, which had the lowest G] percentage, the estimated Gic was well 
below G|c measured by the DCB tests. 

Both Laminates B and C exhibited large scatter in G^ data and, hence, in G^^ 
values. Figure 8 shows that both of these laminates developed many 90-deg ply 
cracks before the onset of delamination, as seen in sequential dye-penetrant-

.006 

.004 -

.002 

±45/0/901 [45/0/-45/90l^ [o/±45/9ol ^ 

FIG. 6—Delamination onset strains for T300/5208 laminates. 
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[+45/0/90]^ [45/0/-45/90] [o/±45;9o]^ 

DCB 

G -OPEN SYMBOLS 

G| -SOLID SYMBOLS 

FIG. 7—Comparison of interlaminar fracture toughness measurements for T300I5208. 

enhanced radiographs taken at load increments throughout the tests. Previously, 
Talug and Reifsnider [13,14], and more recently Grossman, Wang, and Law 
[8,9], showed that interlaminar tensile stresses can develop at ply interfaces at 
matrix crack tips. Perhaps, the interaction of these stresses with the interlaminar 
edge stresses due to Poisson's mismatch led to the large G^ scatter observed in 
Layups B and C that developed many cracks before delamination onset. Fur
thermore, in layups like B where the Gi percentage is low, these stresses may 
have a significant effect on the apparent mean values of Gi^. Hence, care should 
be taken to avoid extensive 90-deg ply cracking before delamination onset in 
layups where the edge delamination test is used to measure interlaminar fracture 
toughness. Matrix ply cracking can be reduced by optimizing specimen layups 
to minimize the ê  required to measure a given G^. A [±35/0/90]s family of 
layups appears to be optimal (see Appendix). Layups from this family were used 
to study delamination resistance in fatigue in the next section. In addition, concern 

NUMBER 
OF 40 

CRACKS 

20 -

[45/0/-45/90] 

[±45/0/90] [0/+45/90] 

FIG. S—Number of 90-deg cracks before delamination, T300/5208. 
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about 90-deg ply cracking influencing G^ measurements is diminished for tougher 
resin composites where 90-deg ply cracking is suppressed [7]. For this reason, 
C6000/H205 graphite/epoxy composites were analyzed and tested to study mixed-
mode effects in fatigue. 

Fatigue Behavior 

Analysis 

Cyclic loading may cause extensive delamination in graphite/epoxy laminates, 
even for stacking sequences that do not delaminate under static loads. Therefore, 
it is necessary to characterize delamination resistance in fatigue as well as in 
static loading. To this end, two layups with the same total strain-energy-release 
rate, but relatively high and low G\ percentages, were analyzed and tested. 
Specifically, these layups were [±35/0/90], and [0/±35/90],. The 35-deg angle 
was chosen from a parametric study to optimize the layup for the edge delam
ination test for measuring interlaminar fracture toughness (see Appendix). Both 
laminates have 90-deg plies in the center to create high interlaminar tensile 
stresses. 

Figure 9 compares G and G,, calculated at a remote strain of 0.004, for two 
[±9/0/90], families. Results for both [±6/0/90], families were calculated using 
the T300/5208 material properties in Table 1 \6]. The quasi-isotropic results 
were replotted from Fig. 4. As indicated by the arrows in Fig. 9, delaminations 
were modeled in the 0/90 and -35/90 interfaces for the [±35/0/90], and [0/ 
±35/90], layups, respectively. The open symbols show the total strain-energy-
release rates, calculated by summing G| and C„. The solid symbol shows that 
these total G's agree well with values calculated independently from Eq 1. Also 
shown in Fig. 9 are the G\ calculations from finite-element analyses. 

Figure 9 illustrates that changing 9 from 45-deg to 35-deg will result in a 
higher total G at the same remote strain, and a wider range of Mode I percentages 
for the three different stacking sequence permutations. Furthermore, as was 

l.Or 
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FIG. 9—Strain-energy-release rates for [±9/0/90], laminate families. 
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previously noted [7], Gi percentages are controlled by the stacking sequence and 
are very insensitive to large changes in the matrix-dominated lamina properties, 
as long as the fiber-dominated moduli are relatively unchanged. Table 2 shows 
the influence of material properties on Gi percentages for the [±35/0/90]s family 
of layups. The range of Mode I percentages was slightly greater for T300/5208 
than C6000/H205, due primarily to the lower £,, value for the C6000/H205 
composite (Table 1). 

Experiments 

Static and constant-amplitude, strain-controlled (R = 0.2, f = 10 Hz) cyclic 
tests were performed on [±35/0/90], and [0/±35/90], layups made of C6000/ 
H205 graphite/epoxy. The H205 epoxy was chosen because, as a composite 
matrix, it has significantly greater interlaminar fracture toughness than the 5208 
epoxy [7,15]. Furthermore, 90-deg ply cracking was greatly suppressed in C6000/ 
H205 [±30/ ±30/90/90]s laminates used to measure interlaminar fracture tough
ness [7]. Hence, the tougher H205 matrix was expected to suppress 90-deg ply 
cracking before delamination in the [0/±35/90]s layup that has a low Gi per
centage. 

Tests were run until the first indication of delamination onset. Indications 
involved a combination of visual detection, audible detection, and measured 
stiffness loss indicated by a discontinuous jump in the load deflection plot during 
static tests or a drop in cyclic load during the strain-controlled fatigue tests. At 
the first sign of delamination, loading was stopped and a dye-penetrant-enhanced 
radiograph was taken to verify the presence of delamination. 

Figure 10 shows typical dye-penetrant-enhanced radiographs for the C6000/ 
H205 laminates taken just after delamination onset in fatigue. Figue 11 shows 
that delaminations formed in the 0/90 interfaces of [±35/0/90], and in the - 35/ 
90 interfaces of the [0/ ±35/90], layups as modeled. The delaminations wandered 
through the 90-deg plies to the symmetric 9/90 interfaces. There was no evidence 
of significant 90-deg ply cracking before delamination during either the static 
or cyclic loading. 

Results and Discussion 

Figure 12 shows the delamination onset strains as a function of fatigue cycles 
for the two C6000/H205 layups chosen from the [±35/0/90], family. Delam
ination onset strains for static loading are shown at Â  = 0 in this figure. De-

T300/5208 
C6000/H205 

TABLE 2—Influence of material properties on G, percentage. 

[±35/0/90], [ + 35/0/-35/90] , 

90% 58% 
88% 59% 

[0/±35/90], 

22% 
25% 
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[+35/0/90] [0/±35/9O] 
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FIG. 10—Radiographs showing delamination onset in fatigue, C6000IH205. 
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FIG. II—Delaminated straight edges after fatigue, C6000/H205, (left) [±55/0/90], and (right) 
[0/±351901. 
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FIG. 12—Delamination onset as a function of strain and fatigue cycles. 

laminations formed at the edge of [±35/0/90]s layups before failure. However, 
the [0/±35/90]s layups fractured into two pieces before delaminations formed 
at the edge. These layups have the same total G, but did not delaminate at the 
same strain. Hence, total G^ does not control delamination onset for static loading. 
Because the [±35/0/90]s layup that did delaminate has a very high Gi percentage, 
then d probably plays the dominant role under static loading as was observed 
earlier for T300/5208. However, quantitative verification would require per
forming static tests on composites with higher fiber failure strains (see Appendix). 

The fatigue data in Fig. 12 show the number of cycles applied at the onset 
of edge delamination for a range of maximum cyclic strains. Fatigue cycles are 
plotted on a linear scale to show the steep reduction in the maximum cyclic 
strain for delamination onset with increasing fatigue cycles. Eventually, a plateau 
is reached that is tantamount to an endurance limit for delamination onset. Below 
this level, no delaminations formed. Data points with arrows indicate runouts 
at 10* cycles. Figure 12 demonstrates that delaminations form at different strains 
in the two layups under static loading. However, the endurance limit strain for 
delamination onset is identical for the two layups. 

Static and constant-amplitude fatigue data for [±45/0/90]^ T300/5208 lam
inates are also shown in Fig. 12. These fatigue data were generated in load-
controlled tests [i]. However, these data can easily be transferred to maximum 
cyclic strains since no significant stiffness loss occurs before delamination onset 
[7,2]. The endurance limit for delamination onset, that is, the maximum cyclic 
strain at which no delamination occurs at 10' cycles, is higher for C6000/H205 
than for T300/5208. However, because strain endurance Umits will decrease 
with increasing laminate thickness [5] and change with layup [7], comparisons 
of the fatigue delamination resistance of materials should be presented in terms 
of strain-energy-release rates. 
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Figure 13 shows critical G^ values for delamination onset, calculated from Eq 
1, as a function of fatigue cycles. For static tests (A' = 0), Gc values were 
calculated from the Cc data shown in Fig. 12. For fatigue tests {N > 0), G^ 
values were calculated from the e^Ax data shown in Fig. 12. The G^ values for 
the [±35/0/90]s and [0/±35/90]s layups under static loading are obviously 
different; however, the threshold G^ values under cyclic loading, calculated from 
strain endurance limits for the two layups, are identical. Hence, although Gj 
may govern delamination onset under static loading for the C6000/H205 com
posite, the total G appears to govern the threshold for delamination onset in 
fatigue. Obviously, the interlaminar shear that is present may not contribute to 
delamination under static loading, but contributes fully to delamination under 
cyclic loading. Of course, the difference in static versus fatigue behavior is not 
simply a matter of adding the interlaminar shear contribution, because the thresh
old value of G for fatigue is much less than the static G .̂ Furthermore, if we 
were to consider the H205 matrix material as a toughened resin alternative to 
5208, Fig. 13 shows a significant improvement in the static G ,̂ yet the magnitude 
of this improvement for the G^ threshold in fatigue is much less. Hence, a series 
of mixed-mode static and cyclic tests, like those performed in this study, may 
be needed to evaluate toughened resin composites developed for highly strained 
composite structures subjected to cyclic loads. 

Conclusions 

Unnotched composite laminates, designed to delaminate at the edge under 
static and cyclic tensile loads, were analyzed and tested. The specimen stacking 
sequences were chosen so that the total strain-energy-release rate, G, for edge 

0 2 4 6 8 10x10^ 

FIG. 13—Critical G, as a function of fatigue cycles. 
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delamination was identical for ail three layups. However, each layup had different 
percentages of crack opening and shear mode strain-energy-release rates, Gi and 
Gil, respectively. Static and fatigue tests were conducted on T300/5208 and 
C6000/H205 graphite/epoxy laminates. Based on the analysis and experiments 
conducted, the following conclusions have been reached. 

1. The interlaminar crack opening mode strain-energy-release rate, Gi, con
trols the onset of edge delamination under static loading. 

2. The total mixed-mode (interlaminar tension and shear) strain-energy-re
lease rate controls the onset of edge delamination under cyclic loads. 

3. The threshold value of strain-energy-release rate for delamination onset in 
fatigue is significantly less than the corresponding value measured in a 
static test. 

4. Based on a comparison of T300/5208 and C6000/H205 laminates, the 
improved delamination resistance provided by the toughened resin (H205) 
composite was much larger for static loading than fatigue loading. 

APPENDIX 
Layup Optimization for G^ Measurements 

Background 

Recently, the edge delamination test was used to measure the interlaminar fracture 
toughness of toughened resin composites in Ref 7, In that study, eleven-ply [±30/±30/ 
90/90], laminates, with C6000 graphite fibers reinforcing Hexel 205 and rubber-tough 
ened F185 resins, were tested to determine critical values of mixed-mode interlaminar 
fracture toughness, G^- These edge delamination tests were successful in discriminating 
the improved toughness of the different matrices. However, in order to achieve a better 
quantitative comparison of interlaminar fracture toughness, layups with a wide range of 
mixed-mode percentages are needed. In addition, fiber-dominated layups, containing 0-
deg plies, may be needed for testing composites with toughened resins (like the rubber-
toughened F185jesin) that exhibit material nonlinearity in the individual plies of the 
[±30/±30/90/90], layup before delamination onset [7]. Therefore, a parametric study 
was undertaken to develop optimal layups for the edge delamination test for measuring 
interlaminar fracture toughness. 

The ideal layup for the edge delamination test would be one that requires the fewest 
number of plies yet delaminates at the lowest possible strain for a given interlaminar 
fracture toughness. Minimizing the number of plies will help conserve the amount of 
constituent material needed to make the composite specimen. This is of particular concern 
when only small quantities of resin are available. Minimizing ê  for measuring a given 
Gc will help ensure that edge delamination precedes extensive 90-deg ply cracking or 
fiber failure. Some 90-deg plies must be kept in the center of the laminate to ensure a 
high Poisson's mismatch [16]. 

[±e/90], Family Optimization 

Perhaps the simplesUayup would be a [±6/90], five-ply laminate with delaminations 
occurring in the —6/90 interfaces. As 6 varies, the (£LAM ~ E*) term in Eq 1 will 
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change. Figure^ 14 shows the variation in delamination onset strains, e ,̂ required for 
various [±9/90]s laminates to measure an interlaminar fracture toughness of 0.15 kJ/m^ 
As shown in Fig. 14, the lowest ê  occurs in the vicinity of 30 deg. 

Furthermore, by noting that e, is proportional to 1/V?, increasing the laminate thick
ness, t, will also lower the ê  required to measure a given G^. This may be_accomplished 
in two ways: first, by increasing the number of angle plies, that is, [(±e)„/90]„ or second, 
by increasing the number of 90-deg plies, that is, [±e/90J,, where n = 1,2,3. . .Figure 
15 shows the effect of both techniques on the ê  required to measure a given G .̂ For a 
given number of 90-deg plies, n, the [(±30)2/90„], layup requires a lower ê  than the 
[±30/90„]s layup to measure the same G^. However, increasing the number of angle 
plies has the disadvantage of rapidly increasing the laminate thickness and, hence, the 
amount of material needed to make the specimen. Increasing ±6 plies requires adding 
four new plies each time. As shown in Fig. 15, increasing the number of 90-deg plies 
will also lower the ê  required to measure a given G .̂ However, increasing the number 
of 90-deg plies has the disadvantage, when taken to extremes, of increasing the contri
bution of the 90-deg ply cracks to laminate stiffness loss. Such a significant contribution 
would have to be included in the E* calculation [/]. In addition, if the number of 90-
deg plies grouped in the center is large enough, delaminations can form due to the 
interlaminar stress fields that develop in the interface at the 90-deg ply crack tips and 
not due to the large Poisson's mismatch [8,9,17]. However, both these concerns about 
increasing 90-deg ply thickness are diminished by the tendency for 90-deg ply cracking 
to be suppressed in composites with toughened-resin matrices [7]. 

Based on this parametric study, the eleven-ply |±30/±30/90/901s layup (shown on 
Fig. 15 as [(±30)2/90„]s where n = 3/2) previously used in Ref 7 is a good candidate 
layup to measure interlaminar fracture toughness. However, because material nonlinearity 
may appear before delamination for composites with toughened matrix resins [7], an 
alternate layup was sought for the edge delamination test. 

[ ± e/0/90]. Family Optimization 

The [±9/0/90], family of layups was considered because including the 0-deg ply, that 
is, having a fiber-dominated Jayup, would suppress the material nonlinearity. Figure 14 
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FIG. 14—Parametric study of variation in delamination onset strains with layup. 
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FIG. 15—Parametric study of variation in delamination onset strains with thickness. 

shows the variation in delamination onset strain, e ,̂ for various [±0/0/90], layups re
quired to measure an interlaminar fracture toughness of 0.15 kJ/m^. The lowest ê  occurs 
in the vicinity of 35 deg. Figure 15 shows the effect on ê  of increasing 90-deg ply 
thickness for [±35/0/90,]^ laminates. The same concerns mentioned earlier about in
creasing 90-deg ply thickness would also apply to this layup, but would be diminished 
by the tendency for 90-deg ply cracking to be suppressed in toughened resin matrices 
[7]. As shown in Fig. 15, the largest reduction in €£ results between « = 1/2 and n = 1. 
Hence, the eight-ply [±35/0/90], laminate is a good candidate for the edge delamination 
test. 

Furthermore, the finite-element analysis performed in this study (Table 2) shows that 
the three permutations of the -1-35, - 3 5 , and 90-deg plies will result in three eight-ply 
layups with the same total G but a wide range of G, and Gn percentages. Hence, the 
[±35/0/90], family of layups should be very useful for evaluating mixed-mode effects 
in toughened resin composites. One potential disadvantage with these layups, however, 
is that the range of toughness measurements that can be made is limited by the ultimate 
tensile strain of the fiber, which controls the nominal failure strain of a fiber-dominated 
laminate [2]. However, the new high failure strain (> 1.4%) graphite fibers currently 
on the market will increase the range of Ĝ  measurements possible beyond the 1% 
limitation illustrated in Figs. 14 and 15. 

Summary 

As a result of this parametric study, the eleven-ply [±30/±30/90/90], and the eight-
ply [±35/0/90], layups appear to be good candidates for the edge delamination test for 
measuring interlaminar fracture toughness. Furthermore, the three permutations of the 
eight-ply layup, that is, [±35/0/90],, [-1-35/0/-35/90],, and [0/±35/90]„ all have 
the same total G but a wide range of Gi and Gn percentages. Hence, these three layups 
are good candidates for studying mixed-mode effects in toughened resin composites. 
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A Mixed-Mode Fracture Analysis 
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ite/Epoxy Composite Laminates," Effects of Defects in Composite Materials, ASTM 
STP 836, American Society for Testing and Materials, 1984, pp. 143-160. 

ABSTRACT: An investigation of the fracture mechanisms and behavior of sub-laminate 
cracking in graphite/epoxy composite laminates is presented. A series of laminates of the 
form (±25/90„), is chosen for analytical modeling and compared with experimental results. 
By varying the number of 90-deg plies, indicated by n, several important and distinct 
fracture modes are identified. The thickness of the 90-deg layer is the single parameter 
that separates these fracture events. The present work focuses in particular on the mech
anisms of transverse ply cracking and free-edge delamination. 

The energy release rate approach of classical fracture mechanics is applied to describe 
the crack initiation fracture process. The cracking process is numerically simulated using 
a finite-element procedure formulated within the framework of ply elasticity and on the 
assumption of a generalized plane-strain state. The numerical procedure explicitly calculates 
the Mode \, Mode U, and Mode III components of the strain-energy release rate as a 
function of crack length. Unit mechanical and unit thermal load conditions are solved, 
and the results are superposed to obtain the general load case. The analytical model predicts 
the sequence of occurrence of the fracture modes and the critical onset loads. 

The theoretical model is then correlated with published experimental data including 
tension tests on (±25/90„), (n = 'A, 1, 2, 3, 4, 6, and 8) laminate coupons manufactured 
using the T300/934 graphite/epoxy system and with fracture tests using double-cantilever-
beam and cracked-lap-shear specimens. Good agreement is obtained between the theoretical 
and experimental results. The general nature of the present analytical method is readily 
applicable to composite laminates of more complicated structural geometry or loading 
conditions or both. 

KEY WORDS: composite materials, energy release rate, fracture mechanics. Mode I, 
Mode n, delamination, transverse crack, graphite/epoxy composites, fatigue (materials) 

The fracture behavior of graphite-reinforced-epoxy composites is of current 
interest, particularly with regard to their durability and damage tolerance. Nu
merous studies have been performed to determine the critical value of the strain-
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energy release rate [1-5Y and to examine the interlaminar and intralaminar 
fracture response of graphite/epoxy composite laminates [6-17]. 

The purpose of this paper is to predict the initiation loads for transverse 
cracking and free-edge delamination of the (±25/90„)s family of laminates util
izing a mixed Mode I-Mode II fracture criteria. It is shown that the thermal 
residual stresses due to cool down in the curing process are a significant factor 
in the fracture analysis. 

Experimental Results 

The results of an in-depth experimental investigation into the interlaminar and 
intralaminar fracture behavior of (±25/90„)„ n = Vi, 1,2,3, 4, 6, and 8, T300/ 
934 graphite/epoxy test coupons has been previously reported in Ref 7. All test 
specimens were of the form of straight tensile coupons with a test section 25.4 
mm long by 152.4 mm wide (6 in. by 1 in.). The storage and test conditions 
were maintained at room temperature, 25°C (75°F), and ambient humidity (60% 
relative humidity) conditions. 

As shown schematically in Fig. 1, these laminates may be segregated into 
three categories based on their fracture behavior: thin (n = V2 and 1), thick 
(n = 2 and 3), and very thick (n = 4, 6, and 8) 90-deg layers. The initial 
fracture of the thin 90-deg layer laminates is a free-edge delamination along the 
mid-plane of the laminate. The thick 90-deg layer laminates showed transverse 
ply cracking as their first failure mode, followed by free-edge delamination along 
the 25/90 interface. Lastly, the very thick 90-deg layer laminates exhibited 
transverse ply cracking as their first failure mode, followed by a combination 
of free-edge delamination and transverse-crack-tip delamination. These fracture 
modes are illustrated in Fig. 2. The experimental onset strain for each fracture 
event is summarized in Fig. 3. The significance of these tests is that a vast 

(±25/91)5 (±25/90)s (±25/902)s (+25/903)5 (±26/904)5 (±25/906)$ (+25/908)s 

'D D • • 
• U 

@i SI i l 
FIG. 1—Schematic of the fracture sequence in the {±25/90„), laminates: (a) just prior to edge 

delamination, (b) subsequent to edge delamination, and (c) just prior to final failure. 

' The italic numbers in brackets refer to the list of references appended to this paper. 
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TRANSVERSE CRACK FREE EDGE DELAMINATIOM 

FIG. 2—Schematic of fracture types. 

TRANSVERSE-CRACK TIP 
OEIAMINATION 

difference in fracture behavior was observed through simply changing the thick
ness of the 90-deg ply layers. 

Calculation of Energy Release Rate 

A numerical technique to calculate the strain-energy release rate using finite-
element models has been presented by Rybicki and Kanninen [18]. In the finite-
element representation, the continuous stress and displacement fields of the solid 
are approximated by the nodal forces and displacements, respectively. Figure 4 
(left) illustrates the finite-element representation of a crack tip region. Here, a 
crack of Length a is shown with the crack tip at Node / . The finite-element 
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FIG. 3—Experimental onset strains. 
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FIG. 4—Finite-element mesh at crack tip. 

solution determines the displacement components {u, v, w)f, of the crack tip 
node,/, under a prescribed displacement loading. An incremental crack exten
sion, Aa, is introduced by replacing the crack tip node, / , with two separate 
nodes, g and h, as shown in Fig. 4 (right). With this new crack geometry taken 
into account, the finite-element solution for the nodal displacements, («, v, w)̂  
and (M, V, w)^, are found for Nodes g and h, respectively. The crack extension 
is then closed by applying equal and opposite forces at Nodes g and h such that 
their common displacements match the displacements found earlier for Node / . 

The work required to close the crack extension is approximated by 

W = '/2[F,(u, - u , ) + F,(v, - V,) + F.,(w, - w,)] (1) 

where F^, Fy, and F. are the components of the nodal forces required to close 
Nodes g and h together. Thus, the energy release rate for the three crack extension 
modes are approximated by 

(2) 

In the present analysis, the cracking process is modeled using a finite-element 
procedure formulated within the framework of ply elasticity and based on the 
assumption of generalized plane strain [S, 79]. By judicious selection of the plane 
of generalized plane strain, the transverse cracking, free-edge delamination, and 
transverse-crack-tip delamination problems may each be modeled with this finite-
element procedure. Both a mechanical load of uniaxial tension and a thermal 
load due to residual curing stresses are considered. The mechanical and thermal 
load conditions are solved independently under unit load conditions and are 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



LAW ON MIXED-MODE FRACTURE ANALYSIS 147 

superposed to obtain the combined load condition. The energy release rate as a 
function of crack length is represented by a set of shape functions as described 
later. The sets of shape functions used in this study are given in the Appendix. 
Let/e and de be the crack tip nodal forces and nodal displacements, respectively, 
due to a unit uniaxial strain, e, and let/j and dj be the crack tip nodal forces 
and nodal displacements due to a unit thermal load, AT = —I deg. Define the 
mechanical load shape functions for Mode I, Mode II, and Mode III crack growth 
as 

Cm — ifey "ev) 
1 

2tAa 

Cmi = if ex dex) -z-r- (3) 

CEIII — \Sez "ez) 
1 

ItAa 

where t is the cured lamina ply thickness. The cured ply thickness for the T300/ 
934 material system is 0.132 mm (0.0052 in.). Similarly, define the thermal 
load shape functions for Mode I, Mode II, and Mode III crack growth as 

Cn — {.jTy djy) 
I 

2tAa 

Cm = ifrx dr,) - \ - (4) 
2tAa 

Cnii — ijTz dj-z) 
1 

2tAa 

Note that these energy-release-rate shape functions are a function of the non-
dimensionalized crack length, a/t. This dependence on crack length is illustrated 
by the figures in the Appendix. A detailed description of the finite-element 
techniques used to obtain the shape functions is contained in Ref 8. 

The superposition of stress intensity factors for two load conditions is given 
by [20] 

^I = -̂ 1(1) + ^1(2) (5) 

This may be restated in terms of energy release rates as [20] 

Gi = (VG^, + VG^,y (6) 

For the problem at hand, the superposition of the mechanical and thermal loads 
gives the Mode I, Mode II, and Mode III components of the energy release rate 
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in terms of the unit load shape functions as 

G, = (VCci ê  t + V C n ^ T ^ ^ 
G„ = {VC^^ + VCn, A7^ tf (7) 
G„, = ( V o i T ? " ' + VCn„ A7^ f)2 

The Mode III component of the strain-energy release rate was found to be 
negligible in the ensuing analysis and is only included in the preceding description 
for completeness. 

Fracture Criteria 

The condition that leads to fracture for a Mode I crack, such as the transverse 
cracking and mid-plane delamination problems, occurs when the strain-energy 
release rate reaches a critical value as 

G, = G,c (8) 

where G^^ is the critical strain-energy release rate for Mode I. Combining Eqs 
7 and 8 gives the fracture criterion in terms of the unit load shape functions as 

e, VC^ + M VCn = VG^T^ (9) 

where e, refers to the critical failing strain. 
The analysis of a combined Mode I-Mode II crack growth, such as the 25/ 

90 interface and transverse-crack-tip delamination problems, requires a mixed-
mode failure criterion. The present analysis makes use of a mixed-mode fracture 
criterion advanced by Wu [27] of the form 

^G,IG,, + GnIG,,, = 1 (10) 

where Cue is the critical strain-energy release rate for Mode II crack growth. 
Replacing G^ and Gn with their shape function representations given by Eq 7 
leads to a quadratic equation in e^. Note that Eq 10 reduces to Eq 8 when 
G„ = 0. 

Finally, the analysis of a combined transverse-crack-tip delamination (TCTD) 
and free-edge delamination (FED), as exhibited by the very thick 90-deg layer 
laminates, requires a three-dimensional solution. In the present analysis, a method 
is introduced to superpose two two-dimensional solutions. This superposition 
method is illustrated by Fig. 5. Details of the finite-element modeling techniques 
are described in Ref 8. Since these two forms of crack growth are orthogonal 
(the transverse-crack-tip delamination grows in the 0-deg or loading direction 
and the free-edge delamination grows in the 90-deg direction transverse to the 
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FIG. 5—Superposition of transverse-crack-tip and free-edge delamination. 

loading), it is proposed that the energy release rates be treated as vector quantities 
such that 

GTOT ~ V (Gj-cTu + GpED ) (11) 

where GXCTD ^nd GFED refer to the energy release rates for the transverse-crack-
tip and free-edge delamination problems, respectively. This "rule" is then ap
plied to each fracture mode individually, and substituted into the previously 
described mixed-mode fracture criterion given in Eq 10. However, this super
position is not based on rigorous analysis and is thus no replacement for the 
three-dimensional analysis required to describe this complex problem. 

In order to apply the fracture criteria given by Eq 10, it is first necessary to 
determine the stress-free temperature of the laminate and the initial flaw size. 
For the T300/934 material system, the laminate curing temperature is 177°C 
(350°F). Allowing internal stress relaxation and moisture pick-up subsequent to 
curing, the stress-free temperature will be less than the curing temperature. 
Experiments conducted by Kim and Hahn [22] on similar composite laminates 
indicate that the stress-free temperature is approximately 150°C (BOOT). In the 
present analysis, the ambient test condition of 25°C (75°F) and 60% relative 
humidity is assumed equivalent to a uniform temperature change of Ar = - I25°C 
(-225°F). The value of the initial flaw size is taken as 0.254 mm (0.010 in.) 
as determined by an unnotched transverse tension test [8]. Thus, the shape 
functions are evaluated at a relative crack length of alt = 2. For cases in which 
the shape functions show a maximum value prior to a/t = 2, the maximum 
value of the shape function is used in the analysis [19]. 
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Critical Strain-Energy Release Rate 

Experimental investigations that detennine the critical values of the strain-
energy release rate for delamination and transverse cracking have only recently 
become available. Using a double-cantilever-beam specimen, which represents 
the delamination problem, Vanderkley [/] found values of G[c as low as 155 J/ 
m^ (0.887 in-lb/in.2) and CuUen [2] as low as 128 J/m^ (0.73 in-lb/in.^) for 
the AS 1/3502 material system. Williams [3], utilizing a compact tension spec
imen to represent transverse cracking, reported values of dc equal to 270 J/m^ 
(1.54 in-lb/in.^) for the same material system. Williams explained the difference 
in Gjc values for delamination and transverse cracking based on the morphology 
of the fracture surface. In the case of delamination (interlaminar fracture), as 
long as there is no fiber nesting between the plies, the fracture surface is very 
smooth. For transverse cracking (intralaminar fracture), the fracture surface is 
not smooth because there is no clear interface for the crack to follow. The fiber 
involvement in the intralaminar fracture process causes the composite to have a 
greater resistance (as measured by GjJ to intralaminar fracture than to interlam
inar fracture. 

Wilkins [4] performed a series of fracture tests using double-cantilever-beam 
and cracked-lap-shear specimens made from the AS 1/3501-6 material system. 
Wilkins also found that the morphology of the crack surface significantly affects 
the fracture toughness. His specimens were carefully prepared to minimize fiber 
nesting along the fracture surface so that valid values of the critical strain-energy 
release rate could be measured. He reported a value of G,;. = 140 J/m^ (0.8 in-
Ib/in.^) from the double-cantilever-beam tests. Wilkins reported a value of 
Giic = 315 J/m^ (1.8 in-lb/in.^) from his cracked-lap-shear tests that include a 
combination of Mode I and Mode II. This reported value of Guc ignores the 
Mode I contribution that was reported to be 31% of the Mode II component. 

For the present analysis of the T300/934 material system, the value of Gĵ  for 
transverse cracking is chosen as 270 J/m^ (1.54 in-lb/in.-) based on Williams's 
experimental results [3]. The value of Gĵ  for the delamination problem is taken 
as 140 J/m^ (0.8 in-lb/in.^) based on the experimental results of Vanderkley [1], 
Cullen [2], and Wilkins [4]. The value of Guc for delamination is chosen as 315 
J/m^ (1.8 in-)b/in.^) based on the experimental data reported by Wilkins [4]. 
Although this toughness data has not been generated for the T300/934 material 
system, it is appropriate to apply the basic data of the ASl/3501-6 material 
system to the T300/934 system because these two epoxies are chemically similar. 
The AS 1/3502 material system has a higher glass transition temperature than 
the T300/934 system that, in general, translates into a lower fracture toughness. 

Results 

The result of applying the Mode I and mixed Mode I-Mode II fracture criteria 
to the (±25/90„)s laminates is displayed in Fig. 6. Good agreement is demon
strated between the theory and experiments. Mid-plane, Mode I delamination at 
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FIG. 6—Comparison of predicted onset strains and experiment. 

the free edge is the initial predicted fracture mode in the laminate when n = Vi 
and 1, while transverse cracking in the 90-deg layers is the initial predicted 
fracture mode for n = 2. Free-edge delamination for the laminates of n = 2 
and 3 is predicted to occur as a mixed Mode I-Mode II fracture at the 25/90 
interface subsequent to transverse cracking. Finally, for n = 4, 6, and 8, a 
combined transverse-crack-tip and free-edge delamination along the 25/90 in
terface is the predicted fracture mode. Each of these predicted fracture modes 
is as observed in the experiments. 

The residual thermal stresses play a significant role in the current fracture 
analysis. The thermal contribution has been obtained by comparing solutions 
of Eq 10 for AI = 0 and ^T = - 125°C (-225°F). Figure 7 shows the con
tribution of the residual thermal loading to transverse cracking. For the laminates 
that exhibit transverse cracking as their first fracture mode (n = 2 and above), 
approximately 50% of the energy released due to transverse cracking as a direct 
result of the residual thermal load. The contribution of the thermal loading in 
the delamination analysis is displayed in Fig. 8. Here the thermal load accounts 
for a minimum of 20% of the fracture energy released. Thus, it is concluded 
that the thermal residual stresses must be considered in the transverse cracking 
and delamination analysis. 

Conclusions 

The mixed Mode 1-Mode II fracture analysis predicts the type and nature of 
the fracture events experimentally observed for the (±25/90„)s family of graphite/ 
epoxy composite laminates. The fracture analysis correctly discerns whether 
transverse cracking of the 90-deg plies or free-edge delamination is the first 
failure mode. It also predicts the ply interface of free-edge delamination, be it 
the mid-plane or the 25/90 interface. 
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FIG. 7—Contribution of thermal loads to transverse cracking. 

The mixed Mode I-Mode II fracture analysis also accurately predicts the onset 
strain for each of the fracture types that were experimentally observed. Excellent 
agreement was obtained between theory and experiment for transverse cracking. 
The theory also predicts well the onset strain for free-edge delamination when 
interaction between transverse cracking and edge delamination is not evident in 
the form of transverse-crack-tip delamination. The simplistic method presented 
to superpose the transverse-crack-tip and free-edge delamination analysis pro
duced surprisingly good results when compared with the experiments. However, 
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FIG. 8—Contribution of thermal loads to free-edge delamination. 
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this superposition is not based on rigorous analysis and is thus no replacement 
for the three-dimensional analysis required to describe this complex problem. 

The thermal residual loading caused by cool-down after curing was found to 
have a significant affect in the fracture load predictions. The thermal loading 
represents approximately a 50% contribution to the transverse cracking problem 
and approximately a 20% contribution to the free-edge delamination problem. 
Although it is not clear that the thermal residual loads must be included in all 
fracture analyses of fiber-reinforced composite materials, it is apparent that the 
thermal residual loads cannot be ignored in the analysis of transverse cracking 
and free-edge delamination. 
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APPENDIX 
Strain energy release rate shape functions required to perform the transverse cracking 

and edge delamination fracture analysis of the (±25/90„)„ n = 'A, I, 2, 3, 4, 6, and 8, 
laminates are shown in Figs. 9 through 20. 

_ ISO 

HELdTIVE C»»CK L E K 6 T H . » / T 

FIG. 9—Mode I mechanical load shape function for transverse cracking. 
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FIG. 10—Mode I thermal load shape function for transverse cracking. 
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FIG. 11—Mode I mechanical load shape function for mid-plane delamination. 
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FIG. 12—Mode I thermal toad shape function for mid-plane delamination. 
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FIG. 13—Mode I mechanical load shape function for 25/90 interface delamination. 
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FIG. 14—Mode I thermal toad shape function for 25/90 interface delamination. 
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FIG. 15—Mode U mechanical load shape function for 25/90 interface delamination. 
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FIG. 16—Mode 11 thermal load shape function for 25/90 interface delamination. 
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FIG. 17—Mode 1 mechanical load shape function for transverse-crack-tip delamination. 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



158 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

100X10 

20 

1 1 1 ! ^ N = H 

-

D.D 

2.0 

1.0 

0.5 

0.5 1 .0 1 .5 2.0 2.5 

RELHTIVE CRACK LENCTH. »/T 

FIG. 18—Mode I thermal load shape function for transverse-crack-tip delomination. 
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FIG. 19—Mode II mechanical load shape function for transverse-crack-tip delomination. 
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FIG. 20—Mode II thermal load shape function for transverse-crack-tip delamination. 
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ABSTRACT: Usefulness of analytical methodologies and nondestructive tests for assessing 
criticality of disbonds in laminated composties is examined. Fracture mechanics approach 
and critical energy release rate concepts are employed for the prediction of catastrophic 
growth due to quasi-static transverse shear loading. Semi-empirical growth laws are con
sidered for modeling slow growth under cyclic loading. 

Brief descriptions of the analytical methods utilized for calculation of energy release 
rates are given. Sizes and locations of implanted disbonds in graphite/epoxy laminates are 
determined from ultrasonic C-scans. Analytical results and quasi-static destructive test data 
for beams subjected to three-point bending are correlated for determining the critical value 
of energy release rate. Effects of initial flaw size, location, sharpness of disbond tips, as 
well as mixed-mode (I and II) loading conditions are studied. Uhrasonic C-scans are also 
used for monitoring growth of disbonds in plate-type structures under cyclic transverse 
shear. Least square fits are attempted with the disbond growth rate data. 

KEY WORDS: composite materials, fatigue (materials), laminated composites, nonde
structive evaluation, defect criticality, delamination fracture, graphite/epoxy materials, fa
tigue crack growth, fracture mechanics 

Nondestructive evaluation (NDE) is an attractive tool for assessing criticality 
of defects in aircraft structural components. It also provides a basis for defining 
regular inspection intervals for a structural element during its service and for 
determining the need for mandatory repair. To achieve the desired objective, it 
is necessary to assess criticality of defects by utilizing analytical or semi-empirical 
methods or both, after the defects are quantified by the use of nondestructive 
measurements. Growth of disbonds in laminated composite structural members 
appears to be an important phenomenon, and in the opinion of some investigators 
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the most critical one, which can govern the residual strength or lifetime of such 
members. Disbonds can initiate near structural discontinuities like free edges or 
ply drops, may be found as "birth defects," or can be created due to foreign 
object impact. Growth of such disbonds in Mode I, Mode II, or combined modes 
under quasi-static and cyclic loading has been modeled by various investigators 
using critical energy release concepts of linear elastic fracture mechanics and 
fatigue crack growth laws [7-77].' A bibliography of most of the recent studies 
in this area can be found in Ref 12. Validity of these methodologies, however, 
has not been fully demonstrated. Further, in all these studies, growth of implanted 
or inherent disbonds is either one-dimensional or the correlation is attempted via 
one-dimensional models. This work reports the results of a comprehensive test 
plan and data correlation studies for testing the validity of the analytical meth
odologies for prediction of criticality of two types of disbonds: (1) rectangular 
shaped disbonds in beam type laminates having the same width as that of the 
beam; and (2) disbonds with elliptic plan forms in laminated plates. 

Presence of a disbond does not affect the structural performance of a laminated 
beam or plate member under in-plane loads except when such loads can cause 
local buckling due to in-plane compression or shear or both. Under transverse 
shear, catastrophic or slow growth of disbonds may occur due to quasi-static or 
cyclic loading, respectively. Details of studies on such growth patterns are re
ported in the next three sections. Studies on buckling of disbonded laminates 
under compressive loads are not given here, but are reported in Refs 12 and 13. 
For brevity, details of the analytical models used in data correlation studies are 
not described here. Brief descriptions of these models are given next. 

Strain energy release rates (or stress intensity factors) at the tips of disbonds 
located in beam-type members are obtained from a two-dimensional (plane stress) 
elasticity analysis, where each lamina is considered as an anisotropic material 
characterized by its effective elastic properties. Details of the stress analysis that 
reduces the problem to the solution of a set of singular integral equations and 
numerical solutions of these equations can be found in Ref 77. 

Elliptic disbonds in plate type structural members are modeled as two laminated 
plates bonded everywhere except over the area of the disbond. A laminated plate 
theory with the effects of surface tractions and shear deformation is used for 
each plate and the problem is reduced to the solution of a set of integral equations. 
The model, as described in Ref 13, yields Mode I, Mode II, and Mode III 
contributions to energy release rates along the disbond periphery. Because of 
the use of laminated plate theory, the solution is approximate and does not yield 
the inverse power type singularity, which exists in elasticity solution. The sin
gularity appears in the form of concentrated forces at the disbond tips. The 
energy release rates, however, should be close to those obtained from more 
rigorous elasticity solution for disbonds of large size as compared to the thickness 

' The italic numbers in braclcets refer to tlie list of references appended to this paper. 
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of the plates. No elasticity solution of the problem under consideration is reported 
in literature. 

Disbonds in Beams—Effects of Location 

Tests were performed on three types of laminates of AS-350I graphite/epoxy 
material with seven different defect (two-ply teflon disbond) locations through 
the thickness of the samples. All tests were performed in three-point bending at 
room temperature. The three types of laminates used in the test are: (1) Type 
A—[Og/ +454/ -454]2s, (2) Type B—[Og/ -^454/ -454/O6/ +454/ -454/02]^, and 
(3) Type C—[04/±452/+452/04]2,. 

Test Method 

Testing was performed in an Instron load frame at a rate of 1.27 mm (0.05 
in.)/min. Prior to testing, the static test machine was balanced and calibrated 
and care was taken to assure that the force was introduced perpendicular to, and 
in the center of, each of the 25.4 mm by 254 mm by 64-ply graphite/epoxy 
beams. Load was applied using a 12.7-mm-diameter circular steel rod and a 
12.7-mm-wide copper pad for uniform load introduction and to avoid stress 
concentrations at the center of the beam. Geometry of the test specimens is 
shown in Fig. 1. All implanted defects were located in the region of compressive 
flexural stress. Ultrasonic C-scans were made on all beams prior to testing and 
if catastrophic failure did not occui after a significant load drop, the beams were 
rescanned and retested. Thickness and width of each beam and length of each 
disbond (from C-scans) were measured. These data, as well as measured failure 
loads, are tabulated in Ref 12 where details of fabrication are also given. 

I 
ll 

v cr̂  

FIG. 1—Test geometry for three-point bend tests. 
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Analysis of Data 

All test data were utilized to calculate the critical values of strain energy 
release rates with the help of the analytical methods developed in Ref 77. These 
methods directly yield the stress intensity factors and energy release rates at the 
tips of two symmetrically located disbonds in a laminated composite beam loaded 
in three-point bending. The layers are assumed to be in a state of plane stress. 
Elastic properties of the layers, nondimensionalized by a factor of Eg = 6.895 
GPa (10* psi), which were used for calculations, are given in Table 1. These 
values are representative of those measured from experiments [77]. 

Since the +45 and — 45-deg layers are lumped separately in Laminates A 
and B, properties listed under Material 2 were used for both of these layers. For 
consistency, the same properties were also used for Laminate C. Calculations 
indicate that if the properties of a smeared material (Material 3) are used, the 
resultsdifferby less than5%. Laminates A, B, and C are defined in the beginning 
of this section. 

The computer code, DELAM, in its present form [//] can solve the problem 
of disbonds between two unidirectionally reinforced layers of the same orien
tation. In a few ca.ses, however, the disbonds were between a 0-deg and a -t-45-
deg (or a —45-deg) layer. Therefore, calculations were performed for disbonds 
located between two epoxy matrix layers (Material 4) of equal thickness, which 
is small compared to the ply thickness. Results were obtained for three values 
of the matrix layer thickness, and the values of the energy release rates in the 
limiting case of zero thickness were obtained by extrapolation. The details of 
this scheme are given in Ref 72. 

It should be noted that for Laminates B and C, the failure loads were also the 
maximum loads. Some specimens of Laminate A, however, showed some load 
drops before final failure occurred, details of which can be found in Ref 12. In 
some cases, that is, for some of the specimens of the Series A, the first load 
drop occurred at very low loads. The reasons for such load drops before failure 
are not very clear. It should be pointed out, however, that the present analysis 
does not consider the effect of the tearing mode (Cm), which can have significant 
influence, especially in cases where the +45 and —45-deg layers are lumped 
together. Also, shifting of the disbond location across the thickness of the spec
imen may yield such load drops. These effects cannot be assessed at this time 

TABLE 1—Elastic properties of the layers. 

Material Layers CulE„ Ci,/Ef, C,iiE„ C^ilEo 

1 0-deg 18.24 1.46 0.409 0.841 
2 -1-45 or -45-deg 2.16 1.49 0.294 0.711 
3 (-1-45/-45)- 2.88 1.50 0.130 0.687 

smeared 
4 epoxy matrix 0.605 0.605 0.228 0.188 
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but should be considered in future studies. For the current study, the value of 
the maximum load was used for calculations. Since the disbond geometry might 
have changed before the maximum load was attained, the results for Laminate 
A given in Ref 12 should be interpreted with some caution. 

All calculations were performed for a laminate thickness of 8.95 mm and a 
beam width of 25.4 mm. Experimental values of loads were normalized with 
due consideration to specimen thickness and width. In the analysis of all test 
results as well as consideration of the scatter of experimental data that exists in 
results for three test specimens of the same type, it appears that the critical energy 
release rate does not vary to a great extent with its location, that is, the orientation 
of the layers between which the disbond is located. This is expected if one 
considers the fact that there is always a matrix rich region between two laminae 
and contends that G" is a characteristic material constant for the matrix material, 
which may, of course, depend on its type and processing variables. 

To examine the usefulness of the analytical methodology in assessing criticality 
of disbonds placed at different locations, use was made of the simplest and most 
commonly employed fracture criterion based on a critical value of total energy 
release rate to correlate predictions with the experimental data. Failure loads, 
Pf, for Laminate C predicted by this criterion, that is, G = Gi + Gn = G^ = 1000 
N/m, are plotted in Fig. 2. Similar plots for Laminates A and B are given in 
Ref 12. These plots show reasonable correlation with experimental data that 
have been normalized for 2.54-cm-wide beams with 2.54-cm size defects. In 
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FIG. 2—Failure loads for disbonds of 2.54-cm-length in 2.54-cm-wide beams—Type C laminates. 
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general, the differences between predicted and experimental values are higher 
when contributions of Gj to the total energy release rates are relatively high, 
indicating that a quadratic interaction criterion of the form (Gj/Gi^y + 
(G„/GnO^ = 1 or even the assumption of linear interaction with different coef
ficients associated with G, and Gn may yield better correlation with experimental 
data. No detailed examination of such criteria was attempted, however, since 
the scatter in test data may not yield a realistic assessment of G|'. Alternative 
experiments with G] dominating the response should be designed for this purpose. 

It should be pointed out that in cases when G, ¥= 0, the stress intensity factor, 
A'l, at one of the tips is positive, whereas at the other tip, it is negative, indicating 
existence of compressive stresses near that tip. Therefore, it is quite possible 
that the two surfaces of the disbond may come in contact near such a tip causing 
frictional resistance. The effect of this phenomenon cannot be assessed here, 
but obviously, it may have some influence on the results presented. 

Effect of Sharpness of Disbond Tips 

Test Method 

The test method was the same as that described in the previous section. The 
25.4 mm by 254 mm by 64-ply graphite/epoxy beams with defects implanted 
between the mid-plies were loaded in three-point bending. Maximum load was 
recorded on a chart recorder. Twelve samples from the test program conducted 
under a previous study [13], which were 76.2 mm by 254 mm by 64 plies, were 
used to make the sharp crack specimens. These plates had all been previously 
fatigued in three-point bending. Cyclic loading is known to yield sharp crack 
fronts. These beams were all ultrasonically C-scanned to determine the sizes and 
locations of defects. The 76.2-mm-wide samples were marked and 25.4-mm-
wide beams were cut from the center region of each plate. These beams were 
then rescanned and defect sizes, as well as width and thickness, were measured. 
These scans are given in Fig. 3 and tabulated results can be found in Ref 12. 
Average defect size, radius of the crack front, and crack spacing were determined. 
These data were used to fabricate the blunt crack specimens. The blunt crack 
specimens were made from AS-3501-6 prepreg, and the delaminations were 
implanted between the center plies of the [04/±452/ + 452/04]2s laminates. The 
average defect length was made to be 53.98 mm with a crack front radius of 

19.05 mm. The defects were made from two-ply teflon. 
Smeared (-I- 45/ - 45) material properties (Material 3 described in the previous 

section) were used for calculation of GuEgl/P^ (G, = 0) for midplane disbonds 
in laminates with a thickness of 8.95 mm and a width of 25.4 mm. Normalized 
values of failure loads, with due consideration to width and thickness of the 
specimens, were used for determination of G;,'. Results are given in Table 2. 
Results show some scatter and about 10% difference in average Gn^ for blunt 
and sharp tips. Considering the scatter, this difference is not significant, and it 
appears that the nature of the tip does not have any dominant influence on 
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FIG. 3—C-scans of sharp crack specimens. 

catastrophic disbond growth under static shear. Results from a follow-on study 
yet to be published [14] on blunt disbonds of varying lengths appear to yield 
further support to this hypothesis. 

Elliptic Disbonds in Plates Under Cyclic Transverse Shear 

Test Method 

Effects of size and location of disbonds placed in [04/±452/+452/04]2s AS-
3501-6 graphite/epoxy laminates on flaw growth under cyclic transverse shear 
were studied in these tests. This was a continuation of the studies on disbonds 
with two-dimensional planforms reported in Ref 13. Circular disbonds of 25.4 
mm, 31.75 mm, and 38.1 mm diameter in the form of Teflon films were placed 
in 76.2-mm-wide by 254-mm-long specimens. Two similar disbonds were placed 
symmetrically in the net section span of 152.4 mm with their center 101.6 mm 
apart. All fatigue specimens were tested in three-point bending in a manner 
similar to the beam specimens described in the previous sections. Some of the 
disbonds were placed in the midplane, that is, between plies 32/33 and others 
were placed at Z = ±0.25// (between plies 16/17 or 48/49), H being the 
laminate thickness. It should be pointed out that Z = +0.25H indicates that 
the disbonds were in the region of compressive flexural stress and Z = — 0.25// 
means that they were in the region of tensile flexural stress. 
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r̂  in ô  — o ' i O Ov Tf r^ >0 m 
+1 

3 

-—' rJ m Tt ' 
Q3P3abcQCQP3CQQ2c6cQ03CQ 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



CHATTERJEE ET AL ON DISBONDS IN LAMINATED COMPOSITES 169 

The samples with 25.4-mm-diameter defects were first tested at an S'-level 
(ratio of maximum load to static ultimate) of 0.5 based on a failure load of 
29 400 as determined from static tests reported in Ref 13. It should be noted 
that those static failures were due to flexure and not due to transverse shear. 
Larger disbond dimensions are required for inducing quasi-static disbond growth 
as observed in an on-going study [14]. The specimens with defects located at 
Z = -t- 0.25H showed little propagation after 12 million cycles. The S-level was, 
therefore, increased to 0.75 for 31.75-mm and 38.1-mm defects located at 
Z = -1-0.25//. The S-level was kept at 0.5 for all other samples. The ratio, R, 
of minimum to maximum load was always kept equal to 0.1. Details of all 
specfmens tested with 5-levels, measured thickness and widths are given in 
Ref 12. 

On an average, the 25.4-mm-diameter defect samples were scanned about 24 
times during their life, while the same figure for 31.75-mm- and 38.1-mm-di-
ameter defect samples was about 14. Representative C-scans for one of the 
samples are given in Fig. 4. Growth of disbonds at three locations on each of 
the four fronts were measured from each of the scans and the results were 
tabulated. These data were later used for data correlation studies that are reported 
in the next section. 

Analysis of Data 

Strain energy release rates along the periphery of elliptic disbonds of various 
sizes with semi-axes L, and Li located at the midsurface of [04/±452/+452/04]2s 

V. • # -̂ -M 

• 

*.* 

FIG. A—Flaw growth in Sample 3-125RO-1, S = 0.5. 
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AS-3501-6 graphite/epoxy laminates are reported in Ref 13. These results were 
also utilized in the present study. Properties of the unidirectionally reinforced 
composite (0-deg layer) and stiffness of the (04/±452/+452/04)s laminate can 
be found in Refs 12 and 13. As indicated in Ref 13, D,6 and D26 were neglected 
for the calculation and the laminate was considered as orthotropic. Since the 
disbond is located in the midplane, the energy release rate, G,, in opening mode 
is identically equal to zero in this case. In the present study, disbonds were also 
placed at Z = ±0.25//, H being the laminate thickness. For such location, Gj 
is nonzero and the variations of Gu, Gm, and Gi along the disbond periphery are 
shown in Fig. 5 for some particular geometric configurations. The calculations 
were performed with laminate properties given in Ref 12, for self-equilibrating 
uniform shear stress in jc-direction on the disbond surfaces. The two laminates 
were considered orthotropic, that is. A,5 = A26 = /)|6 = /)26 = 0 for the pur
pose of calculations. As in the case of disbonds in the midplane, Gu first increases 
with L| and then starts decreasing provided L2 is kept fixed. Similar behavior is 
also observed for Gi. 

Growth of disbonds under cyclic loading observed experimentally were mea
sured and tabulated as described in the previous section. Growth in y-direction 
(in the direction of the width of the plate specimens) was not significant. Growth 
rates in jc-direction were measured at six points (y = 0 and y = ±9.53 mm). 
The distance L, of the two disbond fronts at 3; = 0 from the center of each of 
the two flaws were plotted against A', the number of cycles for each specimen. 
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FIG. 5—Variation ofGi, Gu, Gm with dimensions for flaws at Z = ±0.25H. 
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Some representative data are shown in Fig. 6. Growth rates AL,/AN were then 
computed at various points along the Li versus A' plots. For midplane disbond, 
values of the current total length of the disbond in j:-direction were then used 
as the dimension of the major axis of an approximated elliptic disbond to cal
culate A(VGii), the range of variation of vG^i. Values of dL^/dN were then 
plotted against A(VGn) on log-log graph papers. 

Results for disbonds in midplane are shown in Fig. 7 along with a semi-
empirical curve fit, which is also shown in Fig. 7. In the equation utilized for 
curve fitting, AQ is the threshold value of A ( \ / G ^ ) below which disbond prop
agation is not expected, and G" is the critical energy release rate for quasi-static 
propagation. Several values of AQ and G' were considered and C, and C2 were 
obtained from least square fit. Best value of AQ and G" were then chosen. 

Figure 8 shows the plots for disbonds at Z = ±0.25// along with the semi-
empirical growth law obtained for midplane disbonds (Fig. 7) with Gu being 
replaced by G, -I- Gu. 

The correlation is not satisfactory especially at the upper and lower ends of 
the spectrum. Although the data points at the upper end are mostly for 5 = 0.75, 
effect of mean stress does not enter the picture, since R ratio (minimum stress/ 
maximum stress) is the same. Possible reasons for the unsatisfactory correlation 
are: (1) comparison with plane strain results [12] shows that the computer code, 
FLAW, used to calculate the energy release rates, Gi and G,,, overestimates G, 
and underestimates Gn, which might explain the apparent horizontal shift of the 
experimental data points (Fig. 8) to the rights; and (2) it is possible that the 
parameters appearing in the growth laws are different for Mode I and Mode II, 
since the growth rates under Mode I may be different from those under 
Mode II. 

Before closing this discussion, it should be pointed out that growth of a disbond 
under pure Mode II loading should be the same at JC = ±L| as predicted by the 
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FIG. 6—L, versus N, Sample 3-125RO-2, S = 0.5. 
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empirical growth law and the stress analysis model used here. The results for 
beams with midplane disbonds, however, show some differences between the 
growths at the four fronts, possibly because of the presence of inhomogeneities 
or the approximations or both used in the analysis. This is one of the reasons 
for the scatter noticed in data correlation. Presence of mixed mode conditions 
for disbonds at Z = ±0.25// may introduce larger differences because of the 
existence of tensile and compressive normal stresses at the two fronts. Fatigue 
data from this study and those from Ref 13 are being compared in an ongoing 
investigation [14]. 

Discussion and Conclusions 

From the results reported herein, the following conclusions and comments 
can be made. 

1. A linear elastic fracture mechanics approach and methods of stress analysis 
based on two-dimensional elasticity theory can be used to assess criticality of 
disbonds in laminated beam-type structures under transverse shear, irrespective 
of disbond size and location. Validity of the proposed methodology has been 
demonstrated for cases where Mode II energy release rate is the dominant factor 
influencing failure. Further work appears necessary to assess the effects of Mode 
III release rate as well as the interaction of all three modes; that is. Modes I, 
II, and III, in causing failure. 

2. Sharpness of disbond tips introduced by fatigue loading does not appear 
to have a significant influence on Gn, as seen from comparison with test data 
from disbonds with blunt tips, that is, implanted teflon defects. However, because 
of the scatter in experimental results, more tests are needed before a final con
clusion is drawn. 

3. Methods of stress analysis based on laminated plate theory yield reasonably 
accurate values of energy release rates along the periphery of disbonds in lam
inated plate-type structures under transverse shear. Usefulness of semi-empirical 
crack growth laws in predicting the growth of such flaws, for cases where Mode 
II energy release rate is dominant, has been clearly illustrated. Further work for 
evaluating effects of varying mean stress as well as influence of Mode I and 
Mode II energy release rates on flaw growth are needed to put the NDE meth
odology for assessing criticality of disbonds under fatigue loading on a sound 
basis. Detailed examination of the fracture surface may indicate the relative 
influences of Mode I and Mode II, since dewetting of fibers along the surface 
is usually expected in Mode I dominated fracture for high fiber volume fractions. 
Such examinations were not attempted in this study. 

Acknowledgment 

The results reported here were obtained from research supported by Naval Air 
Development Center Contracts N62269-78-C-0111, N62269-79-C-0209, N62269-

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



174 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

80-C-0271, and N62269-81-C-0271. The authors express their sincere appre
ciation to Dr. W. R. Scott and Dr. B. W. Rosen for numerous suggestions and 
help during various stages of this work. 

References 

[/] Bascom, W. D., Bitner, J. L., Moulton, R. J., and Siebert, A. R., Composites Journal, 1980, 
pp. 9-18, 

[2] de Charentenay, F. X. and Benzeggagh, M., "Fracture Mechanics of Mode I Delamination 
in Composite Materials," Proceedings, International Conference on Composite Materials 3, 
Paris, France, Aug. 1980. 

[3] Devitt, D. F., Schapery, R. A., and Bradley, W. L., Journal of Composite Materials, Vol. 
14, Oct. 1980, pp. 270-285. 

[4\ Wilkins, D. J., Eisenmann, J. R., Camin, R. A., Margolis, B. S., and Benson, R. A., 
"Characterizing Delamination Growth in Graphite-Epoxy," presented at the ASTM Symposium 
on Composites Damage Tolerance, Miami, Nov. 1980. 

[5] Ramkumar, R. L., Kulkami, S. V., Pipes, R. B., andChatterjee, S. N. m Fracture Mechanics. 
ASTM STP 677, American Society for Testing and Materials, 1979, p. 668. 

[6] Grossman, F. W., Warren, W. J., Wang, A. S. D., and Law, G. E., "Initiation and Growth 
of Transverse Cracks and Edge Delamination in Composite Laminates, Part 2, Experimental 
Correlation," Drexel University, Phila., Pa., 1979. 

17] Rybicki, E. F , Schmueser, D. W., and Fox, J., Journal of Composite Materials. Vol. 11, 
1977, p. 470, 

[8] Wang, S. S., ASME Journal of Applied Mechanics. Vol. 47, 1980, pp. 64-70. 
[9] Wang, S. S., Composite Materials: Testing and Design (Fifth Conference). ASTM STP 674. 

American Society for Testing and Materials, 1979, pp. 642-663. 
[10] Ratwani, M. M. and Kan, H. P., "Compression Fatigue Analysis of Fiber Composites," 

NADC-78049-60, Naval Air Development Center, Warminster, Pa,, Sept, 1979, 
(//) Chatterjee, S, N. in Modern Developments in Composite Materials and Structures, J, R, Vinson, 

Ed,, American Society of Mechanical Engineers, New York, 1979, p, 1; aLso see Chatterjee, 
S, N,, Pipes, R, B,, and Hashin, Z,, "Definition and Modelling of Critical Flaws in Graphite 
Fiber Reinforced Resin Matrix Composite Materials," NADC-77278-30, Naval Air Devel
opment Center, Warminster, Pa,, Aug, 1979, 

[/2] Chatterjee, S, N, and Pipes, R, B,, "Composite Defect Significance," Warminster, Pa,, 
NADC-80048-60, Naval Air Development Center, Aug. 1981, 

[13] Chatterjee, S. N. and Pipes, R. B., "Study of Graphite/Epoxy Composite for Material Flaw 
Criticality," NADC-78241-60, Naval Air Development Center, Warminster, Pa., Nov. 1980. 

[14] Chatterjee, S. N., Pindera, M. J., Pipes, R. B., and Dick, B., "Composite Defect Signifi
cance," NADC-81034-60, Naval Air Development Center, Warminster, Pa., Nov. 1982. 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



John D. Whitcomb^ 

Strain-Energy Release Rate Analysis of 
Cyclic Delamination Growth in 
Compressively Loaded Laminates 
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Delamination Growth in Compressively Loaded Laminates," Effects of Defects in 
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pp. 175-193. 

ABSTRACT: Delamination growth in compressively loaded composite laminates was 
studied analytically and experimentally. The configuration used in the study was a laminate 
with an across-the-width delamination. An approximate superposition stress analysis was 
developed to quantify the effects of various geometric, material, and load parameters on 
Mode I and Mode II strain-energy release rates Gi and G,,, respectively. Calculated values 
of Gi and G„ were then compared with measured cyclic delamination growth rates to 
determine the relative importance of G, and d, . High growth rates were observed only 
when G, was large. However, slow growth was observed even when Gi was negligibly 
small. This growth apparently was due to a large value of Gu-

KEY WORDS: composite materials, fatigue (materials), fracture mechanics, laminates, 
delamination, local buckling, nonlinear stress analysis, compression 

Nomenclature 

a Half-length of delamination before loading 
a Half-length of delamination after loading 

Aa Virtual crack closure distance used in strain-energy release 
rate calculations 

b Specimen width 
C, CI, CI, C3, . . .̂  

, ^ „ Arbitrary constants 
n, n\, n2, Z 

D Bending stiffness of the buckled region given by 

h P . 3 / \ 3" 

«. - 2/ " r -> - 2 

' Research engineer, NASA Langley Research Center, Hampton, Va. 23665. 
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dy 

Eu, ET,, EX 
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G, 

G2J 
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.PD 

PT 

•1 •JD 

Gi2, G, 

PA, PB, PC 

where p = number of plies 
Unit load solutions for displacements near crack tip 
Young's modulus for ply k 
Young's moduli of unidirectional ply. The subscripts 1,2, 
and 3 refer to the longitudinal, transverse, and thickness di
rections, respectively. 
Unit load solutions for forces at crack tip 
Mode I strain-energy release rate 
Mode II strain-energy release rate 
Maximum possible value of G, for current delamination length 
Shear moduli of unidirectional ply 
Moment 
Number of applied load cycles 
Axial loads in Regions A, B, C, and D, respectively 
Remote applied compressive load 
Axial stiffness of Regions A, B, C, and D given by 

= *i £•*(«* - OLk-t) 

where p = number of plies 
t Thickness of buckled region 

X, y Rectangular Cartesian coordinates 
a^-i Distance from top surface of laminate to ply k; top ply is 

Ply 1 
8 Lateral deflection at jc = -a due to applied load 
8 Value of 8 corresponding to G| 

80 Initial lateral deflection at ;t = - a 
V|2. v,3, V23 Poisson's ratios for unidirectional ply 

In composite structures subjected to compression loads, delaminations can 
cause localized buckling (Fig. 1). High interlaminar stresses at the edges of the 

FIG. 1—Local buckling of laminate with through-width delamination. 
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buckled region often lead to cyclic delamination growth (herein referred to as 
instability-related delamination growth). 

The objective of this paper is to investigate the mechanism of instability-
related delamination growth. Figure 1 shows the configuration used in the study— 
a laminate with a "through-width'' delamination. This configuration was selected 
because it is perhaps the simplest configuration that exhibits instability-related 
delamination growth. Goals of the investigation were: (1) to develop and use an 
approximate superposition stress analysis to explain how various geometric, 
material, and load parameters affect interlaminar stresses, (2) to determine the 
delamination growth behaviors predicted by several different criteria based on 
strain-energy release rates, and (3) to compare analytical calculations with ex
perimental observations to determine the applicability of each growth criterion. 

Because of the stress singularity at the end of the delamination (crack tip), 
calculated stresses there have little meaning. Strain-energy release rates are finite 
parameters that characterize the intensity of the stresses near the crack tip. 
Consequently, in the following discussion, strain-energy release rates will be 
used to characterize the severity of the interlaminar stresses. 

Analysis 

The configuration shown in Fig. 1 was idealized as a two-dimensional plane-
strain problem. Linear and nonlinear finite-element analyses and an approximate 
superposition analysis were used to calculate strain-energy release rates for the 
two-dimensional idealization. The nonlinear analysis was used to provide ref
erence solutions for evaluation of the approximate superposition analysis. The 
linear analysis was used to calculate several constants used in the approximate 
superposition analysis. The nonlinear analysis is described in Ref 1,^ and the 
linear analysis is simply a linear version of this analysis. 

The approximate superposition analysis, the procedure for calculating strain-
energy release rates, the finite-element models, and material properties are dis
cussed in the following sections. 

Approximate Superposition Analysis 

Superposition techniques have been widely used in linear stress analysis to 
represent a complicated problem as a combination of several simpler problems. 
Application of the principle of superposition to nonlinear problems first requires 
a transformation that results in a linear system. 

The key to the transformation is replacement of the source of nonlinearity 
with equivalent loads (Figs. 2a and 2b). Because of symmetry, only half of the 
configuration is considered. The buckled region (which responds nonlinearly 
due to significant rotations) is replaced by the loads, P^ and M, the axial load 
and moment, respectively, in the column where it is cut (Fig. 2b). The new 

^ The italic numbers in brackets refer to the list of references appended to this paper. 
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configuration is linear, with three nonlinearly related applied loads, Pj, P^, and 
M. By superposition, the number of loads can be reduced to two, as illustrated 
in Figs. 2c through 2e. 

The load system in Fig. 2c is divided into the two load systems shown in 
Figs. 2d and 2e. Because Pc is calculated using rule of mixtures, the load system 
in Fig. 2e causes a uniform axial strain state and no interlaminar stresses. Con
sequently, in terms of interlaminar stresses, only the load system in Fig. 2d (that 
is, (Pc ~ ^D) and M) need be considered. Accordingly, in the current study 
involving strain-energy release rates. Fig. 2d is the linearized equivalent of the 
nonlinear problem in Fig. 2a. 

The appendix describes a strength of materials analysis for calculating (P^ - P^) 
and M. The key equations from the appendix are 

PT a' V 
(8^ + 288o) ^ D(5A + SD) 

16 SA^D 8 + 8o_ 
(1) 

Pc- Px,= 
So 

5A + So 
PT-

•n^D 

a^ 8-1-80 
(2) 

M = —-rh 
2d?-

(3) 

To use the loads (Pc - PD) and M in a two-dimensional analysis requires that 
they be expressed as an equivalent distribution of tractions. To calculate this 
distribution, the axial strains were assumed to vary linearly through the thickness 
where the tractions are applied (that is, at the cut). Intuitively, this seems to be 
reasonable if Region D (Fig. 2) is not cut too close to the crack tip. The validity 
of the assumed linear variation will be checked later in this paper. 

Linear finite-element analysis was used to calculate the response of the lin-

D-Cr 

D-G- 1:'-! "̂ rt . i _ ^ 

'- NO INTERLAMINAR 
STRESSES 

(c ) (d) ( e l 

FIG. 2—Nonlinear configuration (a) transformed into linear configuration (d) with two nonlinearly 
related loads, (Pc - PD) and M. 
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earized configuration in Fig. 2d to unit values of {PQ - PQ) and M. Because 
the configuration is linear, the solution for any arbitrary combination of (PQ - PD) 
and M is simply a linear combination of the unit load responses. If Region B 
(Fig. 2) is much thicker than Region C, the unit load solutions are very insensitive 
to delamination length. In the current study, the ratio of thicknesses was 61 to 
3. Hence, the unit load solutions for 2a = 25 mm were used for analyzing all 
delamination lengths. Also, initial waviness of the buckled region does not enter 
into the finite-element analysis. Delamination length and initial waviness were 
both accounted for in the strength of materials analysis in calculating (Pc - PD) 
and M, Eqs 2 and 3, respectively. This procedure will be discussed further in 
the next section. 

Strain-Energy Release Rate 

The virtual crack closure method (Ref 2) was used to calculate Mode I and 
Mode II strain-energy release rates, Gi and Gn, respectively. The forces trans
mitted through the node at the crack tip and the relative displacements of the 
two nodes on the crack boundary closest to the crack tip were used in the 
calculation. Equation 4 shows how this technique is used for the superposition 
stress analysis. 

G, = ^ liPc - PB)FI + MFl] [{Pc - PM + Mdl] ^^^ 

Gu = ^ [{Pc - PD)FI + MFl] [{Pc - PM + Mdl] 

In these equations, F^, Fy, d^, and dy are the unit load values of the nodal forces 
and the corresponding relative nodal displacements in the x and y directions. 
(The coordinate system is defined in Fig. 2.) Superscripts 1 and 2 on the unit 
load parameters identify parameters associated with (Pc - FD) and M, respec
tively. 

If the distance is small between the crack tip and the nodes used to calculate 
relative displacements, then Flld^ = F^ld^ and F\ld\ = F^/d^. Using these 
relationships in Eq 4 results in 

•̂ = d^^[(^^-^°)^>+^^>]^ (5) 

In the Results and Discussion section of this paper, it will be shown that for 
high loads or long delamination lengths, G, is zero, that is, the crack tip closes 
in the normal direction. To prevent the crack faces from overlapping (analytically) 
requires the addition of multipoint constraints on the crack face nodes. Concep-
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tually, the crack face nodes are connected in the direction normal to the crack 
face by infinitesimal springs. These springs have infinite stiffness in compression 
and zero stiffness in tension. To determine whether to select zero or infinite 
stiffness requires solution of a nonlinear contact problem. To include the contact 
problem directly in the superposition analysis would severely complicate the 
otherwise simple equations. Therefore, use of a non-contact analysis to approxi
mate Gii was investigated. 

A laminate with la = 76.2 mm was analyzed using two different approaches. 
First, contact forces were ignored (that is, overlap of crack faces was allowed), 
and G| and G„ were calculated using Eq 5. In the second approach, overlap of 
the crack faces was prevented, which is more realistic, and Gn was calculated 
using Eq 5. (Note that Eq 5 yields G, = 0 when overlap is prevented.) Applied 
loads {Pj) ranged from 14.8 kN, which corresponds approximately to initial 
crack tip closure, to 55.2 kN. 

When crack face overlap was prevented, a larger value of Gn was calculated 
than when overlap was allowed. The difference in the G„ values increased with 
load. But in all cases, the difference was approximately equal to G, calculated 
using the approach that allowed crack face overlap. For example, ioxPj = 55.2 
kN, the contact analysis yielded G„ = 413 J/m^ When crack face overlap was 
allowed, G, and Gn were 35 and 384 J/m^ respectively. The sum of these values 
is within approximately 1.5% of the more realistic solution, that is, G,, = 413 
J/m^ Apparently, the crack-face contact forces do not significantly alter the 
total strain-energy release rate. Hence, when there is crack tip closure, the total 
strain-energy release rate from the non-contact analysis can be used to approx
imate G„ (which is then the total strain-energy release rate, since G, is identically 
zero). 

-DELAMINATION 

- - .025 mm 

CRACK TIP 

. a 4- 1 1 miT >• 

FIG. 3—Typical finite-element mesh. 
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Finite-Element Model 

A typical finite-element mesh for the nonlinear analysis is shown in Fig. 3. 
Because of symmetry, only half of the laminate was modeled. The mesh contains 
813 nodes and 740 four-node isoparametric elements. Reduced integration was 
used to improve the performance of the elements in modeling bending defor
mations. Because the rotations are small except in part of the buckled region, 
the nonlinear strain-displacement relationships were used only for the region 
y > 0, —a ^ X ^ —0.56 mm. As shown in Fig. 2i>, the linearized configuration 
is the same as the nonlinear configuration except that most of the buckled region 
is removed. Accordingly, the mesh used in the linear analysis was derived from 
that in Fig. 3 by removing elements in the deleted part of the buckled region. 

Materials Properties 

The material studied was NARMCO T300/52083 graphite/epoxy. The uni
directional-ply properties were assumed to be 

£„ = 140 GPa 

£•22 = £33 = 14 GPa 

V,2 = Vi3 = V23 = 0 .21 

G12 = Gi3 = G23 = 5.9 GPa 

These properties were selected because of their wide usage in other analytical 
studies. Plane strain (that is, ê  = 0) and e,̂  = 0 were imposed to calculate the 
two-dimensional properties. In regions where coarse finite elements spanned 
several plies, laminate theory was used to obtain average properties. 

Experimental Procedure 

The specimens used for this study were fabricated and tested by Northrop 
Corporation. (Details are in Ref J.) A cursory description of the experimental 
procedure is given herein. 

The specimen consisted of 64 plies of T300/5208. The fiber orientation and 
stacking sequence were [04/(0/45/90/ -45)7]s. The laminate width, b, was 25.4 
mm. To simulate a delamination, kapton film was used to prevent bonding 
over a 19-mm length between the third and fourth plies. The ply thickness was 
assumed to be 0.14 mm. Six specimens were tested in fatigue under compressive 
constant-amplitude loads. Minimum compressive load was 10% of the maximum 
compressive load. The load frequency was 10 Hz. Delamination lengths were 
measured with a microscope. 

' Use of trade names or manufacturers does not constitute an official endorsement, either expressed 
or implied, by the National Aeronautics and Space Administration. 
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Results and Discussion 

First, the accuracy of the approximate superposition analysis will be evaluated. 
Then the effect of various parameters on Gi and Gn will be considered. Finally, 
the experimental observations will be compared with the analytical results. 

Evaluation of Approximate Superposition Analysis 

The approximate superposition analysis was evaluated by comparison with 
results from a geometrically nonlinear finite-element analysis. Recall that a major 
assumption in the approximate analysis was that the strains vary linearly through 
the thickness where (Pc ~ ^D) ̂ nd M are applied. Figure 4 shows the axial 
strain variation through the thickness at JC = - 0.2 and - 0.7 mm obtained using 
the nonlinear finite-element analysis. Along the line x = - 0 . 7 mm, the strains 
vary almost linearly for the three applied loads. However, closer to the crack 
tip along JC = - 0 . 2 mm, the variation is more nonlinear, especially near y = 0. 
In the following, (Pc - PD) and M were applied atx = - 0.76 mm. The virtual 
crack closure distance, Aa, was 0.0254 mm. 

The unit load solutions F, F., 

Fl 
Fl 

Fl 

Fl. 
dl 

dl 

F 

= 
= 
= 
— 

= 
= 

„ d^, and dy 

9.36 X 
531 m-
0.0261 

10 

-252 m^' 
1.40 X 
2.97 X 

10-
10-

are 

2 

-'«m-
10 N 

N 
-1 

oi- }. 

"^i 
(TOP SURFACE) 

LOCATION 
THROUGH 

THICKNESS, 
mm 

.42 
40 

30 

20 

_ 

-

r P ^ = 119kN 

\ ^ 2 5 

-.012 -.008 -.004 0 .004 .008 
AXIAL STRAIN 

.012 

FIG. 4—Variation of axial strain through thickness of buckled region (2a = 25 mm), nonlinear 
analysis. 
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These values were used in Eq 5 for any combination of {PQ — Po) and M to 
obtain G, and Gn. 

Differences between Gj and Gn from the approximate superposition analysis 
and the geometrically nonlinear finite-element analysis can be traced mainly to 
two sources: (1) nonlinear variation of the strains through the thickness of the 
buckled region and (2) inaccuracy in determining (Pc - ^D) and M. 

By using (PQ - PQ) and M from the geometrically nonlinear finite-element 
analysis, the effect of nonlinear variation of the strains can be examined. Figure 
5 shows that this effect is small. 

Figure 6 shows that if the strength of materials analysis is used to calculate 
(Pc ~ -PD) and M, the difference is much larger. Hence, most of the difference 
between the two analyses is due to inaccuracy in determining (Pc ~ PD) and 
M. But the general trends for the G, variation with delamination length and load 
are predicted very well. In Fig. 6, the curves for the two analyses seem to differ 
(approximately) by a constant scale factor. 

A direct test of the approximate analysis for predicting trends is to use it to 
coalesce the curves in Fig. 6 into a single curve. Equations 2 and 3 show that 
(Pc - PD) and M can be expressed as functions of 8. Hence, from Eq 5, Gj 
and Gn are functions of 8. Equations 1, 2, 3, and 5 show that for constant 8, 
PT varies as a~^, and Gi and Gn vary as a"*. Hence, plotting a'^Gi versus O^PT 
should coalesce the curves for various delamination lengths. Figure 7 shows that 
the data for five delamination lengths (including those in Fig. 6) do coalesce 
into a narrow band around a single curve. Since the peak values of Gi for various 
lengths differ by more than two orders of magnitude, the closeness of the fit 

40 r 

2a = 25 mm 

J/m' 

NONLINEAR FINITE ELEMENT ANALYSIS 

SUPERPOSITION ANALYSIS 

APPLIED COMPRESSIVE LOAD, P KN 

FIG. 5—Evaluation of approximate superposition analysis ((Pc 
finite-element analysis). 

100 

PD) and M from nonlinear 
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NONLINEAR FINITE ELEMENT ANALYSIS 

SUPERPOSITION ANALYSIS 

APPLIED COMPRESSIVE LOAD, P., kN 

FIG. 6—Evaluation of approximate superposition analysis ((P( 
materials analysis). 

Pn) and Mfrom strength of 

suggests the approximate analysis is accurate for predicting trends. Therefore, 
all results that follow are obtained with the approximate superposition analysis. 
Figure 7 also shows that if nonlinear finite-element results are available for one 
delamination length, the values for other lengths can be estimated immediately. 

An advantage of the superposition analysis is that it allows a problem to be 
dissected. In particular, one can determine the relative importance of the loads 
(PQ - /*D) and M on Gi and G,i. Figures 8 and 9 show Gi and Gn calculated by 

l O X 10"' 
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FIG. 7—Compaction of results from geometrically nonlinear analysis. (Curve is visual fit of 
data.) 
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usingM alone and by using (PQ - PD) and M in combination. Although intuition 
might suggest that only the peeling action caused by the moment, M, has a 
significant effect on Gj, Fig. 8 shows that {PQ — PD) contributions cannot be 
ignored. Figure 9 shows that both {PQ — P^) and M are also important when 
calculating Gn. 

Parametric Study 

The effects of several parameters on d and Gu were examined using the 
approximate superposition analysis. The parameters were initial waviness, de-
lamination length, applied load, and the ratio of axial to bending stiffness for 
the buckled region. 

Initial imperfections in the form of simple sinusoidal waviness were assumed 
(Eq6) 

l^W initial = : r 1 - COS — 
2 \ a 

(6) 

where v(x) = distortion in the y direction. When a column is initially wavy, 
bifurcation buckling does not occur. As soon as load is applied, the column 
begins to deflect laterally, which causes interlaminar stresses. Hence, Gi and Gy 
are nonzero as soon as load is applied. If SQ = 0, Gj and Gu are zero until 
buckling occurs. However, Fig. 10 shows that the peak value of Gi is significantly 
reduced, even for very small imperfections. In contrast, Fig. 11 shows that Gu 
is hardly affected by initial waviness. 

400 r 

300 

200 

100 

(Pj, - Pp) ANDM 

80 100 

FIG. $—Effect of (Pc - PD) and M on G, (2a = 25 mm). 
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FIG. 9—Effect of (V, - V„) and M on G„ (2a = 25 mm). 

Figures 6, 12, and 13 show the effect of delamination length on G, and Gn. 
The shorter delaminations have the larger values of peak Gi (that is, G,) 
(Fig. 6). However, for the longer delaminations, Gj becomes nonzero at lower 
loads. Figure 12 shows that after only a little delamination growth, Gj reaches 
a peak and decreases rapidly with further growth. At 2a = 40 to 50 mm, the 
crack tip closes in the normal direction and G| is identically zero. Further de
lamination growth causes compressive normal stresses to develop at the crack 
tip. In contrast, Gn initially increases then decreases only slightly to a constant 
value with increased delamination length (Fig. 13). Note that G,, is typically 
much larger than Gi. 

Figures 6 and 14 illustrate the effects of applied load on Gj and Gn, respec
tively. The Mode I strain-energy release rate, Gi, first increases to a peak value 

.051 

APPLIED COMPRESSIVE LOAD. P.. kN 

FIG. 10—Effect of initial imperfection 8o on G, (2a = 25 mm). 
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FIG. 11—Effect of initial imperfection So on G,; (2a = 25 mm). 

(Gi), then decreases with increasing load (Fig. 6). In contrast, Gn monotonically 
increases with increasing load. As a result, Gi and Gn do not usually reach peak 
values at the same time during a fatigue load cycle. Furthermore, the load at 
which GI is maximum decreases with increasing delamination length. 
Since Gi is the maximum possible value of Gj for a given delamination length, 

it is of interest how Gj varies with delamination length. The first step in deter
mining this variation is to determine the lateral deflection, 8, corrresponding to 
G\. The lateral deflection, 8, is obtained by solving 

as (7) 

60 r 

40 

Gj. 

J/m 

20 

36 kN 

0 20 40 60 80 100 
DELAMINATION LENGTH. 2a, mm 

FIG. 12—Effect of delamination length on GI. 
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FIG. 13—Effect of detamination length on O//. 

Equations 2, 3, 5, and 7 are combined to obtain the governing equation (Eq 8) 

D8o 1 - S, i ,̂̂  S^SQ 5(1 + 8o) ^ 

•JA + -̂ D (8 + 8,,)- S, 2 (8) 

Equation 8 is solved iteratively for 8. Once 8 is determined, G, can be calculated 
from Eqs 1, 2, 3, and 5. Note that 8 is independent of delamination length. 
Earlier it was shown that for constant 8, G\ and Gn vary as a"", and Pj varies 
as a~^. Hence, Gi varies as a"" and, the corresponding applied load varies as 

FIG. 14—Effect of applied compressive load on CJ// (2a = 25 mm). 
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a~^. The corresponding value of Gn also varies as a "*. These observations will 
be of special interest later when examining the fatigue data. 

The last parameter to be examined is the ratio of flexural-to-axial stiffness 
(that is, D/5D) of the delaminated region. The buckling load for the region is 
linearly related to D. Prior to buckling, the load in the delaminated region is 
linearly related to 5^. Hence, for thick specimens with a thin delaminated region, 
the applied load that causes buckling depends on the ratio, DIS^. Delaminated 
regions are less prone to buckle if they possess low axial stiffness and high 
flexural stiffness. But for homogeneous materials or unidirectional orthotropic 
laminates, this ratio is simply 

D f 

Hence, the applied load that causes buckling is independent of the material 
properties of the buckled region. However, for multi-directional laminates the 
ratio, D/SD, depends on both the lamina properties and the stacking sequence. 
For example, the value of ISD for a [O3] laminate is approximately 1.4 times that 
for a [0/90/0] laminate, but the value of D is essentially the same for both 
laminates. Consequently, for a thick laminate with a delamination, buckling 
occurs at a lower applied load if the delaminated region is [O3] rather than 
[0/90/0]. 

Comparison of Analysis and Fatigue Data 

The roles of Gi and Gn in delamination growth were investigated by comparing 
calculated values of G, and Gn with measured growth rates. Fatigue data for six 
specimens from Ref 3 were used for comparison with analytical results. Three 
ofthe specimens were tested at (P7-)max = 33 kN and another three at (Pĵ )n,ax = 30 
kN. The results are presented in Fig. 15. The daldN decreased rapidly with 
delamination growth. Both curves are approximately linear with a slope of - 4 , 
hence 

S = Ca- (10) 
dN 

Figure 16 shows daldN versus the maximum values of Gi and Gn during 
fatigue cycling at a maximum compressive load of 33 kN. Note that the growth 
rate is largest when Gi is relatively large. But slow growth is observed even 
when Gi is very small. The Mode II strain-energy release rate, Gn, changes little 
after initial delamination growth. Since G,, remains large, delamination growth 
likely is driven by Gn. 

Two delamination growth criteria were examined to determine whether they 
could predict the observed growth rates. The first growth criterion examined is 
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FIG. 15—Ejfect of delamination length and load on growth rate. 

given by 

da_ 

dN 
= ZG", (11) 

where Z and n are constants. Equation 11 is evaluated at the point in the load 
cycle when Gi is maximum. The load range and delamination lengths are such 
that for almost the entire test, the maximum G^ during each load cycle is G|, 
which was obtained by solving Eq 7. Recognizing that G, decreases as a~*, as 
shown earlier, Eqs 10 and 11 can be solved for n; the result is n = 1. This is 
in strong contrast to published values of n « 15 to 20 for double cantilever beam 

da, 
dN 

m/CYCLE 

20 40 60 i 
DELAMINATION LENGTH, mm 

100 

FIG. 16—Comparison of G„ G,„ and delamination growth rate for maximum fatigue load of 
33 kN. 
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fatigue tests (Ref 4). Apparently, Eq 11 is not a valid growth criterion for the 
specimens considered. 

Next a growth criterion was considered that includes both Gi and Gu. If we 
assume there is no synergistic interaction of Gi and Gn (that is, the effects are 
separable), then 

^ , = / . ( G I ) + fiiGn) (12) 
dN 

where / i and /z are functions of Gi and Gu, respectively. 
From the double-cantilever beam data just discussed, we know that / i is 

extremely sensitive t o d (that is, da/dN oc Gj'). Since Gi decreases rapidly with 
increasing a, / , must also decrease extremely fast as a increases. In fact, / , 
would not contribute noticeably to da/dN after the initial growth. Hence, de-
lamination growth appears to be driven by Gn alone. Accordingly, it was assumed 
that the growth criterion should be evaluated when Gn is maximum, that is, at 
peak load. However, earlier it was shown that for long delaminations the crack 
tip closes and produces compressive CTJ, stresses when the cyclic load is maximum. 
The compressive stress probably reduces the effect of Gn on delamination growth, 
but it was not clear how to account for this stress. Two approaches were tried: 
(1) ignore the compressive normal stress and set / i = 0 when the tip closes, or 
(2) let / i take on negative values after the crack tip closes. 

If we choose to set / i = 0 when the crack tip closes, then 

dN 

for virtually the entire test. Figure 14 showed that Gu first increased then de
creased slightly as the delamination extends. In the experiments, two load levels 
were used: (/'r)max = 33 kN and 30 kN. Figure 14 shows that for 2a > 25 mm, 
the minimum value of Gn for (Pr)n,ax = 33 kN is greater than the maximum 
value of G,i for (PT)max = 30 kN. Hence, Eq 13 would predict that for 2a > 
25 mm, the minimum da/dN for the higher load should exceed the maximum 
da/dN at the lower load. Figure 16 shows this is not the case. Hence, Eq 13 is 
not valid. 

If we select a function, / i , that becomes negative when the crack tip closes, 
then we (analytically) allow compressive normal stresses at the crack tip to retard 
delamination growth due to Gn. Since the compressive crack tip stresses increase 
as the delamination grows, such a function, / i , would predict a decrease in 
growth rate with increased delamination length. Although this prediction agrees 
with the data trend in Fig. 15, more tests are needed to verify or disprove this 
interpretation. 

Despite the complexity of the growth behavior, two trends were clear: (1) 
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high growth rates were observed only when G, was large, and (2) slow growth 
was observed even when d was negligibly small; apparently, G,, alone can drive 
delamination growth. 

Conclusions 

Analysis and experiments were used to study instability-related delamination 
growth in a fatigue specimen with a through-width delamination. To perform 
the analysis, an approximate superposition analysis was developed. The analysis 
expresses G, and Gn in closed form, which can be used easily to determine the 
effects of various parameters. The analysis agreed very well with more rigorous 
solutions. 

The response of the delaminated laminate to applied loads was found to be 
very complex. Key observations are: 

1. Gil is generally much larger than Gj. 
2. G| and Gn usually reach their peak magnitudes at different points in a 

fatigue cycle. Gn always reaches its peak value at maximum load. 
3. High delamination growth rates were accompanied by large values of G,. 
4. Slow growth rates were observed even when G| was negligibly small. This 

growth apparently was due to a large value of Gn. 

APPENDIX 
A strength of materials analysis is described herein for the configuration in Fig. 1. 
The configuration is subdivided into four regions, as shown in Fig. 2. Because of 

symmetry, only half of the laminate is modeled. The laminate is of width h. The following 
assumptions are made; 

1. Regions B and C are perfectly bonded. Regions A and D are unbonded. 
2. Regions A, B, and C have constant axial strain. Hence, the force-displacement 

relationships are those for a simple rod subjected to axial load. 
3. Region D has zero slojje at both ends. 
4. Region D has an initial sinusoidal imperfection of peak magnitude 8„. The initial 

shape is given by 

vix) I i„i,iai = Y ( ' ^ COS—j (14) 

where v{x) = the distortion in the y direction. 

To describe the nonlinear behavior of Region D, Eqs 15 [5] and 16 [6] for post-buckling 
of a column were used. 

TT^D 8 

Po = ~T^—^ (15) 

a- a = ^ (8̂  + 2S8o) + ^ (16) 
16a SD 
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where 8, a, a, and P^ are peak lateral deflection, axial length before deformation, axial 
length after deformation, and load, respectively. Equations 15 and 16 were derived using 
strength of materials analysis of a column. 

To combine Regions A, B, C, and D, equilibrium and compatibility conditions must 
be considered. The equilibrium condition for the axial force is 

P^+ Pu = Pj^ + Pc = Pr (17) 

Compatibility requires the shortening of Regions A and D to be identical. Hence 

^ = a -a (18) 
S^ 

Equations 15 through 18 can be combined to obtain the governing equation for the 
laminate. 

cr LI6 Sf,So 8 + 8oJ 

For a specified load, Pj, Eq 19 is solved using a Newton-Raphson technique to obtain 
8. PD can then be calculated using Eq 15. From static equilibrium, the moment acting 
on the delaminated region at the crack tip is 

M = ^ (8 + 8o) = ^ 8 (20) 
2 2a' 

The force, PQ, is found from rule of mixtures as 

^c = ~ V ' ' ^ (21) 
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ABSTRACT: This paper is concerned with the understanding, interpretation, and engi
neering representation of fatigue damage development in continuous-fiber composite lam
inates that are fiber dominated, but have significant effects caused by damage in the off-
axis plies. It is the objective of this paper to present a description of damage development 
under tension-tension, tension-compression, and compression-compression cyclic loading 
that is as complete and generic as possible in the sense that it can be used as a basis for 
engineering representations and interpretations of the effect of such damage on the strength, 
stiffness, and life of composite laminates. 

KEY WORDS: composite materials, laminates, fatigue (materials), fracture mechanics, 
localization process, transverse (matrix) cracking, characteristic damage state, fiber frac
ture, delamination, stiffness, stress redistribution 

We are concerned with continuous, high-modulus fiber composite laminates 
manufactured by lamination of various plies at several angles to the direction of 
subsequent uniaxial loading, in the manner that has become familiar and popular 
for engineering purposes. Loading is assumed to be cyclic (fatigue) with constant 
stress amplitude for a given load history but with various combinations of tension 
and compression load excursion amplitudes from test to test. A special effort is 
made to identify generic aspects of damage development under such circum
stances . Much of the data quoted was developed from '' identical'' material during 
an investigation that included careful damage monitoring for several different R 
ratios. However, the choice of "generic" behavior was made in the context of 
our experience over the last 14 years in this field and with an awareness of the 
extensive experience reported in the literature. 

' Graduate research assistant, and professors, respectively, Engineering Science and Mechanics, 
Virginia Polytechnic Institute and State University, Blacksburg, Va. 24061. 
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One of the most complete recent directed descriptions of damage development 
appears in Ref [7],^ a book which resulted from an American Society for Testing 
and Materials (ASTM) Symposium on Damage in Composite Materials. One of 
the conclusions mentioned in the summary of that book was that "experimental 
methods have developed to the point where nearly any type of damage can be 
detected." But it was also mentioned that a unified philosophy, especially a 
functional general engineering approach to representation has not yet been found. 
Among the more recent additions to the literature are a discussion of damage 
mechanisms observed in tension-tension loading [2,5], a discussion of the me
chanics of fatigue development [4], and a discussion of the fatigue mechanisms 
that reduce strength, stiffness, and life for low-stress-level long-life tests in a 
companion paper to this one by Jamison et al in this volume. Damage accu
mulation and development is also discussed by Poursartip, Asby, and Beaumont, 
by Valentin and Bunsell, and by O'Brien (in separate papers) in Ref [J]. On 
the more basic side, important new groundwork is being laid in the development 
of viscoelastic models for damage development around individual defects by 
Schapery [6,7]. 

It is difficult to find a general quantitative characteri.Tation of fatigue damage 
development in composite laminates under arbitrary load excursions with tensile 
and compressive components. However, it is the basic premise of this paper that 
such a philosophy can be built around the single concept that fatigue damage 
development in such laminates can be generalized as a progressive localization 
of damage, at least in those instances when degradation is defined by loss of 
strength, and "failure" is defined as specimen fracture. In this sense, one might 
define fatigue damage development as progressive localization and contrast it to 
damage development under quasi-static loading that might be called spontaneous 
localization. 

Localization—Tlie Process 

During quasi-static loading to fracture, the region of separation generally 
involves a localization of damage that is driv.m by stored strain energy in a 
region of damage initiation. In that sense, the localization could be called spon
taneous. As an example, one might consider fracture under monotonic tensile 
loading for a quasi-isotropic laminate. As we noted in earlier papers [2,3,4], 
the localization can be described in an approximate way by matrix cracking that 
causes local net-section stresses in the 0-deg plies to be elevated by the load 
"dropped" by the off-axis plies that crack, leading to overload and fracture. 
When laminate strengths are calculated using such assumptions (commonly called 
the discount scheme), the quasi-static strength of composite laminates (not dom
inated by edge-related damage) can be predicted with engineering accuracy. 
Such calculations are the "accepted method" and have been used for over 15 

^ The italic numbers in brackets refer to the list of references appended to this paper. 
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years by most engineers and investigators in the field. However, under cyclic 
loading, two major aspects of the problem are different. First, the cyclic load 
amplitude is lower than the static ultimate strength. Hence, the localization 
process must be more severe to produce fracture at such a stress level. And 
second, the localization is a progressive process that is driven not only by stored 
strain energy but also by the cyclic energy dissipated (the cyclic work rate) as 
the applied load oscillates. Hence, damage development is progressive, including 
such behavior as delamination growth, crack coupling, etc. The localization 
process under such conditions is also progressive, and must (ultimately) reduce 
the strength of the laminate to the applied stress level if fracture occurs. 

It will be convenient for us to discuss progressive localization as a process 
having two distinctive features that form the basis for a discussion of the me
chanics of the process. Those features are local changes in geometry and local 
changes in stress. Local changes in geometry are caused by such things as crack 
formation, interface separation, and fiber fracture. When such micro-events cause 
local geometry changes, the local stress state also changes, that is, a cracked 
ply "shifts" its load to neighboring plies in the region near a crack, stress 
concentrations may form, etc. While these two features generally occur con
comitantly, we will use them as discrete features that occur in an alternating 
chain of events that (collectively) cause progressive localization, strength re
ductions, and eventual fracture if cycling continues. Our detailed discussions 
that follow will be arranged in such a sequence for each generic case. This step-
by-step analysis is motivated by observations that suggest that damage commonly 
develops in characteristic patterns (which we have called "characteristic damage 
states" (CDS) in earlier publications) that can be modeled with well-set me
chanics formulations and used to anticipate both the consequences of such pat
terns (reduction in strength and stiffness) and the next sequence of damage events 
to follow under continued cyclic loading. As the next sequence of damage 
develops, the local geometry changes to form a new pattern and new local stress 
changes, producing another "link in the chain." In this way, the chain of events 
that cause progressive localization are described and analyzed. It is apparent that 
this approach is very convenient for the eventual use of such information to 
construct a cumulative damage philosophy. 

Tension-Tension Loading 

Before discussing the effects of fatigue-induced defects on the response of 
composite laminates, it is useful to determine what the "critical elements" are 
for the laminate and loading type under consideration. As mentioned previously, 
if fatigue failure is defined by specimen fracture and if the laminate under 
consideration contains 0-deg plies, then the 0-deg plies are the critical elements 
when the laminate is subjected to tension-tension fatigue loading, since 0-deg 
ply failure and specimen fracture are coincident. The off-axis plies then constitute 
the "sub-critical elements" of the laminate. 
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The identification of critical and sub-critical elements provides a framework 
for a discussion of the effects of particular damage modes on residual response. 
An overview of the localization process for tension-tension fatigue is presented 
in Table 1. In analytical terms, a damage event represents a change in geometry 
(boundary conditions) within a laminate. Such a change in geometry changes 
the local stress distribution. In the discussion that follows, it will become apparent 
that a given damage mode may influence laminate residual response in two ways. 
First, the stress redistribution associated with the damage may involve the critical 
elements, in this case, the 0-deg plies, directly. If damage causes a local increase 
in the fiber direction stress in the 0-deg plies, a corresponding decrease in residual 
strength is expected. Second, the stress redistribution associated with the damage 
may encourage further damage development. 

As indicated in Table 1, the first damage mode observed in a composite 
laminate subjected to tension-tension fatigue loading is matrix cracking in off-
axis plies. A matrix crack extends completely through the thickness of the cracked 
ply and follows the general fiber direction of the ply across the width of the 
specimen. Since the crack surfaces are stress free, there is a volume of material 
surrounding the crack in the cracked ply that carries only a fraction of the load 
that is carried by that ply in an undamaged region. This means, in turn, that the 
adjacent uncracked plies must carry an increased load. Figure 1 is a moire fringe 

TABLE 1—Process of localization for tension-tension fatigue loading. 

Activity In: 

Critical 
Geometry Change 

• ^ — 

Local fiber 
failures near 
matrix cracks 

Initiation event 

Specimen fracture 

Element 
Stress State Change 

1 " 
Increase ofOy^ in 0 
degree piles, local 
stress concentration 

Stress concentrations 
neor fiber failures 

i ' 
Increase Interface 
stresses 

• * 
Change of all local 
stresses 

* « Local overload or 
critical stress 
localization 

Subcrltlco 
Geometry Change 

Matrix crackings 
CDS formation 

• i 
Fiber direction 
cross-cracking 

' i 1 ' 
Local delamlnatlon 

Element 
Stress State Change 

• 1 
Local variation of 
Ô jj In 9 Piles 

• i 
Increase interface 
stresses 

' • 
Change of all local 
stresses 
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FIG. I—Moire friiii^e pallern of u [0.9()t\, E-f>lass luminuie between cracked seciioiis in the 90-
dcf^ plies. 

pattern taken from the O-deg ply of a |0,90,), E-glass specimen that was loaded 
quasi-statically to develop matrix cracks in the 90-deg plies [H\. Each dark or 
light band is a contour of constant relative axial displacement. Consecutive dark 
or light bands differ in displacement by 1/1200 mm. Near cracked sections of 
the interior 90-deg plies, the observed fringe density, and thus the axial strain 
in the O-deg plies, is high. In regions between matrix cracks, the fringe density, 
and thus the O-deg ply strain, is low. At the cracked sections, load that would 
normally be carried by the 90-deg plies must be carried by the O-deg plies. Also, 
note that the axial strain in the O-deg plies is not uniform because stress is 
transferred back into the 90-deg plies away from the crack. Thus, the axial strain 
in the O-deg plies is largest at the cracked cross sections, and decreases with 
increasing distance from the cracked sections. 

During cyclic loading, numerous matrix cracks develop in the off-axis plies. 
They do not develop randomly, but form a characteristic pattern called the 
Characteristic Damage State (CDS) that depends only on material properties, 
ply thicknesses, and stacking sequence [9,70]. After sufficient cyclic loading, 
the cracks within each of the off-axis plies achieve a uniform spacing that is 
determined by the ability of the surrounding plies to transfer load back into the 
cracked ply. A simple example of a CDS is shown schematically in Fig. 2. 
Material properties and ply constraint influence the distance over which stress 
recover}' in the cracked ply is complete. It is the redistribution of stresses near 
matrix cracks that determines the CDS. 

Because matrix cracks develop when a laminate is loaded quasi-statically, 
they are not expected to influence directly the residual strength of a laminate 
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FIG. 2—Schematic representation of a simple CDS. 

when they are developed under tensile fatigue loading. However, because they 
disturb the internal stress distribution, they influence residual response by en
couraging additional damage development. Further, this damage tends to be 
localized: since the local stresses near matrix cracks motivate damage devel
opment, the damage develops in the vicinity of the matrix cracks. 

The axial stress in a 0-deg ply is elevated near a transverse crack in an adjacent 
ply since the stress in the adjacent ply is zero at the crack surface. The 0-deg 
ply carries some of the load that would be carried by the adjacent ply if it were 
undamaged. If local deformation is constrained by surrounding material, the 
stress in the 0-deg ply is also elevated by the crack as a stress raiser, that is, a 
stress concentration. These high stress regions in the 0-deg plies are regions that 
are favorable for 0-deg fiber fracture. Figure 3b shows schematically how fiber 
fractures are clustered near a transverse crack in an adjacent ply. Scanning 
electron microscope (SEM) micrographs of a 0-deg ply taken from a fatigue 
damaged [0,902]s T300/5208 graphite/epoxy specimen are shown in Fig. 4 [3]. 
In the first micrograph, numerous fiber fractures are evident. Also, note the 
dust-like traces of gold chloride that are observable in this region. The gold 
chloride was dissolved in diethyl ether and applied to the specimen edge. Traces 
of the gold chloride were left along matrix crack lines adjacent to the 0-deg ply. 
Note that the fiber fractures observed in Fig, 4a occur only in the region marked 
by the gold chloride, and that in Fig. 4b, where there are no traces of gold 
chloride, there are no fiber fractures. Jamison [11] has found that the number 
of fiber fractures in the interior of a given 0-deg ply is smaller than the number 
of fiber fractures near a ply interface, as the effect of the transverse cracks is 
diminished. In addition, the zone of fiber cracks is wider in the interior of the 
ply. As indicated in Fig. 5, most of these fiber fractures occur relatively early 
in the fatigue life of a laminate. 
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a b 

FIG. 3—Schematic representation of the progressive development of (a) matrix cracks in off-axis 
plies, (b) fiber fractures. (c) fiber direction cross cracks, and (d) local delamination. 

Fiber fractures in the 0-deg plies affect laminate response in two ways. First, 
a fiber break causes a local increase in the axial stress in the 0-deg ply, which 
is the critical element in tension-tension fatigue, in much the same manner as a 
transverse crack in an adjacent ply does. An analysis by Hedgepeth and Van 
Dyke [12] indicates that this effect is restricted to a zone of a few fiber diameters 
surrounding the crack. Another similarity to the cracked adjacent ply is that 
stress is transferred back into the fiber away from the crack by its surroundings. 
As indicated in a shear lag analysis by Rosen [13], significant shear stresses 
develop in the matrix material surrounding the broken fiber in order to cause 
this stress transfer. Since fiber breaks are most common along matrix cracks in 
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FIG. 4—Scanning electron micrographs taken from a fatigue-damaged [OSOz], graphite/epoxy 
specimen showing (a) fiber fracture zone, and (b) a fiber fracture-free zone. 

adjacent plies, this elevated shear stress contributes to the local degradation of 
the interface. 

The next damage mode that is observed is fiber direction cross cracking that 
develops at ply interfaces [3,11]. A representative damage state containing fiber 
direction cross cracking is shown schematically in Fig. 3c. A penetrant-enhanced 
X-ray radiograph of a [0,90,±45]s graphite/epoxy specimen that was subjected 
to tension-tension fatigue is presented in Fig. 6. Note the numerous small dark 
lines, which are penetrant enhanced cracks, extending in the 0-deg direction. 
An examination of stereo X-ray pairs reveals that most of these cracks do not 
extend through the thickness of the 0-deg ply initially, but are restricted to the 
ply interface, possibly to the matrix-rich interfacial region between the 0-deg 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



202 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 
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FIG. 5—Chronology of fiber fracture during the fatigue life of [0,902], graphite / epoxy laminates 
(adapted from Ref. II). 

and 90-deg plies. There is, in fact, a network of such cracks parallel to both the 
0-deg and 90-deg direction at the 0-90 interface associated with each transverse 
crack in the off-axis ply. Some of these microcracks may eventually propagate 
through the thickness of the 0-deg ply. 

Referring to Table 1, both matrix cracking and fiber fracture influence cross-
crack development. The elevated shear stress in the matrix near fiber fractures 
at the interface contributes to the overall degradation of the interface near a 
transverse crack, but the greatest contribution is made by the transverse crack 
itself. Generally, the transverse crack in the cracked ply serves as a stress raiser. 
The stresses due to the crack dominate the local response, and, as a consequence, 

FIG. 6—Section of a radiograph showing fiber direction cross cracking in a [0,90, ±45], graphite/ 
epoxy laminate. 
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there are large tensile stresses in the uncracked ply normal to the plane of the 
crack (shown as o-, in Fig. 3a). If the uncracked ply were not constrained along 
the crack line by the cracked ply, a large Poisson contraction would be observed. 
But in fact, since the crack line is in the fiber direction of the cracked ply, it 
exerts maximum constraint against just such a contraction. The result is that a 
large tensile stress is developed in the uncracked ply at and near the interface 
between the two plies in the direction of the crack line (shown as a, in Fig. 3a). 
This tensile stress encourages the formation of fiber direction cross cracks. 

Presently, the influence of fiber direction cross cracks on the critical elements 
and their direct influence on laminate residual response is unclear. They do, 
however, appear to encourage the development of local (internal) delaminations. 
A radiograph of a fatigue-damaged [0,902]s graphite/epoxy specimen is presented 
in Fig. 7. In this laminate, in which both the global and local transverse stress 
in the 0-deg plies are tensile, cross cracks in the 0-deg plies grow through the 
thickness to become longitudinal splits. The gray zones that extend generally in 
the longitudinal direction are local delamination of the 0-90 deg interface. Notice 
that each such zone is associated with a particular longitudinal split. A schematic 
representation of this damage state is shown in Fig, 3<i. These delaminations 
develop because of interlaminar stresses that arise due to the presence of trans
verse matrix cracks, longitudinal splits, and fiber direction cross cracks in the 
laminate. When load is applied to the specimen, these cracks open up. The 
constraining plies resist this deformation via tensile interlaminar normal stress, 
(T̂ , and interlaminar shear stress T„. Talug [14] has developed a three-dimensional 
finite difference analysis that can compute three-dimensional field stresses near 
matrix cracks in a laminate. Figure 8 shows a plot of CT^ and T^Z through the 

FIG. 7—Section of radiograph showing local delamination associated with longitudinal splitting 
in [0,90i], graphite I epoxy laminates. 
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FIG. i—Distribution of interlaminar stresses a, and T„ near a crack in the 90-deg plies of a 
\0,±45.90]^ graphite I epoxy laminate. (A half-thickness edge view is shown.) 

thickness of a [0,±45,90]s graphite/epoxy laminate near a cracic in the 90-deg 
plies. Near the crack tip, a. has a relatively large tensile value, and T„ is also 
large. Both of these stresses tend to cause the plies to delaminate near the crack. 
Both matrix cracks and fiber direction cross cracks produce these types of stresses. 
While matrix cracks cause greater redistributions of stresses, cross cracks are 
typically more numerous and seem to be a precursor of local delamination. 

Here a comment should be made concerning the effect of matrix cracks and 
cross cracks on the local distribution of stress in the laminate. Consider the 
complete stress field near a matrix crack to be the superposition of a global 
(laminate) stress field and a local stress field. Upon isolating the local stress 
field near the crack, one would find that in the adjacent plies, three normal 
stresses [the normal stress perpendicular to the plane of the crack (cr, in Fig. 
3a), the normal stress along the line of the crack (a, in Fig. 3a), and the 
interlaminar normal stress (a, in Fig. 3a)] all take on large tensile values. This 
behavior is generic, since the only condition necessary to render these stresses 
tensile—that the cracks lie along the fiber direction—is always observed. In 
addition, while in principle it is possible that global stresses dominate these local 
effects, we have observed no such behavior. 

In order to investigate the effect of delamination on laminate response, a 
specimen with a delamination was fabricated. Three pieces of T300/5208 graph
ite/epoxy, 254-mm long by 38.1-mm wide, were bonded together using Miller-
Stephenson Type 907 two-part epoxy adhesive. As shown in Fig. 9a, the two 
outer layers were [0,90]^ material, while the central layer was [-1-45, 
— 45, — 45, -l-45]s material. A 50.8-mm-long region on each of the mating sur
faces was coated with vaseline before the adhesive was applied. During assembly 
of the specimen, a 38.1-mm-wide strip of mylar film was placed on the center 
of the vaseline-coated region of each interface. After curing the adhesive, the 
mylar strips were removed, and the laminate was trimmed to 25.4 mm in width. 
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MYLAR 

FIG. 9-
assembly. 

-Schematics of Specimen SCI (fabricated with delaminations) (a) before and (b) after 

The resulting specimen, shown in Fig. 9b, contained 50.8-nim-long delamina
tions in the 0-45 interfaces that crossed the entire width of the specimen and 
were aligned along its length. 

A moire fringe pattern, Fig. 10, obtained from this specimen indicates how 
the delamination influences material response. Again, each fringe is a contour 
of relative axial displacement. In the undamaged region, the fringes are straight 
and uniformly spaced. In the delaminated region the fringes are curved and are 
also closer together than those in the undamaged region. The difference in fringe 
density indicates that the axial strain is greater in the delaminated region. This 
difference in strain arises because the three layers are not constrained to have 
the same transverse and in-plane shear strains in the delaminated region. The 
Poisson's ratio mismatch between the two types of layers causes the distributions 
of stresses in the two regions to differ. This also explains why the moire fringes 
are curved in the delaminated region. The transverse constraint relaxation takes 
place more readily near the specimen edge, and thus the transition from undam
aged to delaminated response occurs over a shorter distance. Away from the 
edge near the delamination front, the delaminated layers are still somewhat 
constrained by the surrounding material. A simple stress analysis using laminate 
theory can be performed to estimate the effect of delamination on internal stresses. 
In this analysis, the three layers in the delaminated region are required to have 
equivalent longitudinal strain, but no restrictions are imposed on the transverse 
and shear strains. Equilibrium requires that the delaminated and undelaminated 
regions are subjected to the same total load. The predictions of in-plane stresses 
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Undamaged 
Region 

Delaminated 
Region 

FIG. 10—Moire fringe pattern taken from Specimen SC-I spanning both undamaged and delam
inated regions. 

in each ply of both the delaminated and undamaged regions are presented in 
Table 2. Note that o-, in the 0-deg plies is larger in the delaminated region, 
as indicated by the moire pattern. Using a 1-in.-gage-length clip-on type exten-
someter, local axial strain response was monitored in both the undamaged and 
delaminated regions. This data is presented in Fig. 11. (Load was chosen instead 
of stress because the material cross sections in the delaminated and undamaged 
regions differ by two thicknesses of epoxy adhesive. However, the adhesive is 
relatively compliant so this discrepancy should not significantly affect the re
sults.) The reduction of axial stiffness due to the delamination was observed to 

TABLE 2—Comparison of in-plane stresses predicted via laminate analysis for a 
[0,90,90,0, +45, —45, —45, +45], graphite I epoxy laminate (lamina properties: E, = 141.6 

GPa, E2 = 10.2 GPa, v,2 = 0.305, G,; = 6.00 GPa. N, = J 13.0 kN-mm) with and without 
delamination at the 0-45 interfaces. 

Ply 

0 

90 

+ 45 

- 4 5 

Damage 
Condition 

undamaged 
delaminated 
undamaged 
delaminated 
undamaged 
delaminated 
undamaged 
delaminated 

o-„ MPa 

399.4 
459.1 

26.3 
32.7 

100.3 
67.2 

100.3 
67.2 

tr,, MPa 

0.1 
8.8 

-112.6 
- 8 . 8 
56.2 
0.0 

56.2 
0,0 

T„, MPa 

0.0 
0.0 
0.0 
0.0 

65.1 
27,9 

-65 .1 
-27 .9 
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SPECIMEN SC-I 
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FIG. 11 —Comparison of load-strain response of undamaged and delaminated regions of Specimen 
SC-1. 

be 14.3%. The simple analysis just discussed predicts a 12.7% reduction in 
stiffness. 

It is true that the delaminations in the specimen just discussed can hardly be 
considered local because they cover a large portion of the adhesive interfaces. 
Local delaminations appear to be more constrained by the surrounding material. 
However, interaction of other damage events with the local delaminations have 
thus far been ignored. Quasi-static tension tests were performed on [0,90, ±45]^ 
graphite/epoxy specimens that had aligned delaminations at both 0-90 interfaces. 
These delaminations were produced by taping together two 25.4-mm-wide strips 
of mylar fiber stacked atop one another, and placing one such delamination at 
each 0-90 interface during the layup of the laminate prior to curing. During 
tensile loading, axial strain was monitored via both a 25.4-mm-gage-length clip 
gage that spanned just the delaminated zone, and a 50.8-mm clip gage that 
spanned both the delaminated region and undamaged material. While no meas
urable difference in stiffness was detected (or predicted), the average reduction 
in tensile strength from that observed in specimens without delaminations was 
25.4%. This is nearly the reduction in strength that would be expected if the 
interior plies carried no load. It is possible that other damage is coupling with 
the delamination and mechanically separating the 0-deg plies from the interior 
plies. 

At this point in the history of the specimen or component, most of the ' 'fatigue 
effect'' has occurred. The cumulative damage state to this point is shown sche
matically in Fig. 12. In the context of our present terminology, the development 
of damage in subcritical elements has redistributed the load carried by various 
plies and has caused a progressive localization of deformation and stress that 
has increased the stress in the remaining critical elements that are yet unbroken. 
We have seen that the local stress amplitudes that can be produced by this process, 
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FIG. 12—Schematic representation of the cumulative damaf;e state throuf<h the development of 
local delaminalions. 

especially by the newly discovered local delamination mode, are sufficient to 
cause fracture of critical elements such as 0-deg plies at applied stress levels 
that are as low as 50 to 60% of the quasi-static loading strength of an undamaged 
laminate, in general terms. 

The next stage in the life of the specimen or component is a geometry change 
referred to as the "initiation event" in Table 1. At present, this event has not 
been isolated. From our experience in the laboratory, previously outlined, we 
can say that the local conditions may be sufficiently severe to cause fracture, 
but the event that actually causes the final fracture initiation has not been iden
tified despite considerable effort to do so. The data we have obtained is at least 
consistent with one scenario that is also suggested by various analytical treatments 
and some experimental results reported in the literature. That scenario suggests 
that the critical initiation event is the fracture of a critical number of adjacent 
fibers, for example, that for a given final ply fracture to occur in a given material 
system, a critical number of fibers must break in a region small enough so that 
the fractures "couple up" to form a local region that reaches a critical size 
(characteristic of that material) that is just large enough to cause cataclysmic 
propagation and specimen fracture. This scenario is supported by the fiber failure 
data observed in our laboratory in the sense that the number of fibers that fail 
in close proximity to one another increases throughout the fatigue test and appears 
to reach a maximum number that is surprisingly small and surprisingly consistent. 
Tamuzs has made similar observations and has used a penny-shaped crack, 
fracture mechanics analysis to predict such behavior with some success [75]. 
Batdorf has generated a statistical strength argument that is based on a very 
similar physical concept [16]. In both cases, the critical number of broken 
fibers is similar to our experience for graphite epoxy, generally of the order of 
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half a dozen or less. Since no specific determination of such a number was 
attempted in the present investigation (such a determination would require an 
extensive data base meticulously generated and interpreted for this specific pur
pose), no specific numbers are quoted here. It should also be mentioned that the 
statistical interpretations of strength derived by Phoenix and Harlow are also 
consistent with this "critical fiber fracture localization" concept [17]. The au
thors know of no evidence that such a concept could not be the basis for fracture 
initiation. 

However, we must stop short of a conclusion on this matter until positive and 
direct identification has been made. Returning to Table 1, we note that when 
the local geometry is altered by the fracture initiation event, the corresponding 
stress-state change is expected to be either local overload or other type of critical 
stress locahzation in the critical element. It may be that a critical rate of strain 
energy release is reached, or other criteria may be more appropriate. In any case, 
a comparison of our observations of specimens that were severely damaged so 
that their residual strength was reduced almost to the level of applied stress, and 
our observations of specimens after fracture following long-life cyclic loading 
has revealed no damage modes or local geometric details that suggest that a new 
type of event initiates fracture. In fact, our experience to date does not contradict 
the possibility that the fracture initiation event is the same in severely fatigue-
damaged specimens and specimens loaded to failure quasi-statically. It could 
be, for example, that the same number of local adjacent fiber breaks trigger the 
fracture event in both cases. While such a suggestion is not contradicted by our 
findings, it is certainly not established by them either. However, such a con
clusion would be of great value to efforts to model residual strength and life, 
so that further work in this area is encouraged by the authors. It should also be 
remembered that the final fracture event may be peculiar to a given composite 
material system, and is certainly limited (in the present case) to fiber-dominated 
fracture in tensile loading. 

Compression-Compression Loading 

In sharp contrast to the extensive documentation of the details of damage due 
to tension-tension loading, relatively little is known about damage mechanisms 
and subsequent response of laminates subjected to compression-compression 
loading. Much of the compression data that exists must be viewed in the light 
of methods of test and special fixtures designed to restrict or prevent buckling. 
Thus, compression data may represent the behavior of specimens subjected to 
particular test procedures and may not be representative of the compression 
response of the material. The data presented in this discussion were obtained 
from 48-ply quasi-isotropic laminates of AS-3502 graphite epoxy [18]. Three 
stacking sequences were investigated: (a) ([0,±45,90]s)e, (b) ([0,90,±45]s)6. and 
(c) ([0,-^45,90,-4513)6. 

Fatigue tests were conducted at a stress ratio of/? = 10 at 10 Hz on specimens 
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2.54-cm wide with a free, unsupported length of 10.2 cm. Under compressive 
loading, the stress perpendicular to the fibers in the 90-deg plies is compressive 
and matrix cracks do not initiate in these plies. The primary damage mode under 
compression-compression loading is delamination of ply interfaces where the 
interlaminar normal stresses (a^) are tensile or the interlaminar shear stresses are 
large or both. Of the three stacking sequences investigated, only the ([0,90,±45]s)6 
laminate exhibited compression-compression fatigue damage at minimum cyclic 
strains of —5000, —5500, and —6000 (jie. The fatigue lives corresponding to 
these cycHc strains are approximately 10*, 10', and 6 x 10' cycles, respectively. 
The damage in these cases was edge delamination of the ±45 interfaces where 
the interlaminar normal stresses are tensile and the interlaminar shear stresses 
are large. At minimum cyclic strains of -4500 jjie, neither delaminations nor 
matrix cracks developed and the specimens survived one million cycles. The 
other two laminates survived one million cycles with no damage at minimum 
cyclic strain between —4500 and —6000 |i,e. 

When delamination is the primary damage mode of laminates subjected to 
compression-compression loading, the critical element is defined by the stiff
ness of the various delaminated regions and the loads carried by those regions. 
If, for example, the outer 0,90, and -l-45-deg plies of the ([0,90,±45]s)6 laminate 
are separated from the rest of the laminate due to delamination of the first ±45 
interface, the three delaminated plies will deform out-of-the plane due to a 
decrease in their bending stiffness as the delamination grows along the length 
and through the width of the specimen. 

The increased load carried by the core region of the laminate and the local 
stiffness reduction of the core resulting from the delamination promote the de
velopment of additional delaminations throughout the thickness of the laminate 
until the combination of locally high loads and reduced stiffness causes the 
laminate to buckle. 

The scenario of the development of damage in laboratory specimens and 
structural components will vary according to a number of geometrical factors. 
The fatigue life of a specimen is dependent on the growth rate of delaminations, 
which, in turn, is a function of the unsupported length of the specimen and the 
mode of gripping. A delamination that causes a compressive instability of a 
laboratory specimen may have little or no effect on the response of a structure. 
The effects of defects on compressive fatigue life of a laminate must be under
stood to be a combined effect of material, geometrical, and structural properties. 

Tension-Compression Loading 

Having discussed the fatigue response of laminates under tension-tension and 
compression-compression, one might assume that the tension-compression re
sponse could be described as a simple combination of damage due to these two 
loading modes. This is not the case. There is a complex interaction between 
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tensile damage modes and compressive damage modes that Whitney has modeled 
as competing failure modes [79]. 

Tension-compression fatigue tests at R = — 1 have been conducted on the 
three 48-ply quasi-isotropic laminates described in the previous section and the 
data are reported in Ref 18. The history of damage development can be sum
marized in the following way. During the tensile portion of the loading waveform, 
damage initiates in the form of matrix cracks as described in a prior section. 
The matrix cracks grow into the ply interfaces and couple along those interfaces, 
producing interlaminar shear stresses, T^,. Under tension-tension loading at/? = 
0.1 to a maximum cyclic strain, Cmax. the range of the cyclic interlaminar stresses 
is 0.9 T̂2 „ax- However, under tension-compression loading between ±e^^, the 
range of the cyclic interlaminar shear stresses is 2T^^ ^J^; and the interfacial 
damage propagates at a higher rate than it does under tension-tension loading. 
This response was observed in each of the three laminates under tension-compres
sion loading even though the response of two of the laminates was insensitive 
to compression-compression loading. The accelerated degradation of the lami
nates, shown in Figs. 13 through 15, is due to the cyclic nature of the stress 
fields associated with the state of damage. When damage is present, the associated 
stresses cause damage propagation on both the tensile and compressive portions 
of the loading waveform. This observation is supported by experimental data on 
the fatigue response of the ([0,±45,90]s)6 graphite/epoxy laminate. Under ten
sion-tension loading at a maximum strain of 4500 |xe and R = 0.1, matrix 
cracks in off-axis plies initiate early in the loading history, as shown in Fig. 13. 
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* Saturation,-•Continuing Damage 

MODE 
1- Motrix Cracks, 90 Deg Plies 
2 - Matrix Cracks,-45 Deg Hies 
3 - Delammation,±45 Interface 
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FIG. 13—Chronology of damage modes in ([0,±45,9O]^t graphite I epoxy laminates for cyclic 
loading at R = O.l and —I. 
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FIG. 14—Chronology of damage modes in ([0.90.±45]X graphite I epoxy laminates for cyclic 
loading at R ~ 0.1, -I. and 10. 
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FIG. 15—Chronology of damage modes in {[0,+45,90,—45],)t graphite / epoxy laminates for 
cyclic loading at R = 0.1 and — 1. 
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Under compression-compression loading at a minimum strain of — 4500 fxe and 
R = 10, no damage was observed after one million cycles. In a subsequent 
experiment to investigate the effects of a loading history with tensile and com
pressive cycles, a specimen of this laminate configuration was subjected to an 
initial block of tension-tension loading for 1000 cycles. Nondestructive inspection 
showed the expected matrix cracks in the off-axis plies. A second block of 
compression-compression loading was then applied to the damaged laminate. 
After 1000 cycles, the nondestructive inspection showed that the cracks that 
initiated during the block of tensile loading had coupled along ply interfaces 
during the block of compressive loading, even though a similar compressive 
loading history of an undamaged specimen did not initiate damage. 

Figures 13 through 15 identify damage modes and compare the chronology 
of damage in the three laminates under tension-tension loading (/? = 0.1, 
m̂ax = 4500 fjie) and tension-compression loading (/? = - l ,e„ax = 4500 |xe). 

In general, tension-compression loading was the more damaging of the two 
loading modes. Under tension-compression loading, matrix cracks initiated ear
lier in the loading history, cracks reached saturation spacing in some laminates 
earlier in the loading history, and more extensive delamination was observed. 
Under compression-compression loading (/? = 10, Cmm = —4500 |xe), no dam
age was detected in any of these laminates. These results suggest that the damage 
modes in laminates subjected to tension-compression loading are both interactive 
and competitive. The effects of these damage modes on the response of the 
laminates are most detrimental for tension-compression loading. 

Summary 

We have seen that damage development under fatigue loading can be regarded 
as a process that usually involves sequential changes in geometry and load 
distribution at the local level. We have also seen that this process is very dis
tinctive for tension-tension, compression-compression, and tension-compression 
loading. The concept of progressive localization has been advanced as a general 
definition of the fatigue process. In the case when failure is defined by fracture, 
that is, separation of the specimen into two pieces, the progressive localization 
generates a local region of damage that eventually becomes the fracture site. In 
the case of failure by instability, the localization process acts to disconnect various 
elements of the laminate until the resistance to buckling is lowered to the applied 
stress level. 

The concept of critical and subcritical elements was also introduced. Fatigue 
damage, per se, was defined as the degradation of subcritical elements. Resist
ance to failure (residual strength) was defined in terms of the remaining integrity 
of the critical elements and the localized stress field caused by subcritical element 
damage. 

As mentioned in the beginning of this paper, a major motivation for the 
arrangement of information and the architecture of the interpretations presented 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



214 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

in this paper was the apparent utility of both for the purpose of the description 
of damage accumulation in composite laminates under fatigue loading with ar
bitrary tensile and compressive load excursions. The authors suggest that it is 
possible to construct rigorous models of the local changes in geometry and 
redistributions of load so as to calculate the effect of the degradation of subcritical 
elements on the remaining strength and rate of degradation of critical elements 
as a function of cycles of load application, guided either by direct damage 
observations or a damage indicator such as stiffness change, and, thereby, to 
anticipate the residual strength and life of specimens or components. While it 
is not the charge of this paper to discuss the experience that supports such a 
suggestion, it is at least pertinent to stress the practical orientation of the approach 
we have taken to the present investigation and presentation in this paper. 
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DISCUSSION 

Theodore Laufenberg' {written discussion)—Recent tests run on fiberglass/ 
wood laminates with longitudinal to transverse stiffness ratios on the order of 
9:1 have yielded some information on crack density and stiffness loss for this 
realistic laminate. First, there is no detectable stiffness loss. The capability to 
detect the loss is limited by the accuracy and repeatability of the load and strain 
detecting equipment. 

Secondly, our tracking of crack density shows, as you hypothesized, that near 
failure localized cracking occurs at the impending failure zone that can increase 
the crack density four-fold. The composite we have worked with has never 
reached the saturated crack density except at the local failure zone. 

Alton L. Highsmith {authors' closure)—It is possible that the transverse cracks 
that develop in a laminate cause no appreciable stiffness loss if the broken plies 
are much more compliant in the load direction than the unbroken ones. However, 
several factors other than equipment sensitivity can affect the detection of stiff
ness loss. Of particular importance is the gage length of the strain measuring 
device. If the gage length is small, the material in the test section may not provide 
an accurate representation of the laminate in its damaged condition. This is 
especially important at low crack densities. 

As far as the saturation crack density is concerned, our experience is that not 
all laminates reach saturation when loaded quasi-statically. Saturation crack 
density can be attained if the laminate is fatigued over an appropriate range of 

' Forest Products Laboratory, Madison, Wis. 53705. 
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load levels. This of course implies that additional damage (for example, fiber 
breaks and delaminations) must develop before the laminate will fail. In lami
nates, where off-axis ply cracking is life-limiting, saturation crack density will 
not be observed. The saturation crack density is properly viewed as a limit that 
the crack density approaches during damage development. 
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Julius Jortner^ 

A Model for Predicting Thermal and 
Elastic Constants of Wrinkled Regions 
in Composite Materials 

REFERENCE: Jortner, Julius, "A Model for Predicting Thermal and Elastic Constants 
of Wrinkled Regions in Composite Materials," Effects of Defects in Composite Mate
rials, ASTM STP 836. American Society for Testing and Materials, 1984, pp. 217-236. 

ABSTRACT: Previous theoretical attempts to predict the mechanical behavior of curved-
fiber composites have provided only upper or lower bound estimates of the elastic constants 
of orthotropic wrinkled regions. In this paper, a new model is described that extends the 
prior work in the following ways: (1) for a certain class of wrinkles the approach is exact 
in that stress equilibrium and strain compatibility are simultaneously satisfied; (2) the 
model can treat wrinkled regions that are non-orthotropic because of asymmetries in the 
wrinkle's waveform; and (3) the model explicitly provides results for all the elastic constants 
and the thermal expansion coefficients, of the (monoclinic) wrinkled region. For orthotropic 
wrinkled regions, a model also is provided for thermal conductivities. The approach is 
appropriate to wrinkles formed by "cooperative" distortions of reinforcement layers, in 
which the waveform of each layer is (more or less) in phase with the waveforms of the 
other layers. Implementation of the analysis is numerical, using a simple specialized finite-
element formulation. Examples of the model's predictions are compared to predictions of 
previous analyses. 

KEY WORDS: composite materials, defects, elastic properties, fiber composites, lami
nates, stress analysis, thermal conductivity, thermal expansion, waves, wrinkles, fatigue 
(materials), fracture mechanics 

Nomenclature^ 

A Amplitude of wrinkle (see Figs. 2 and 8) 
Cji, Elastic stiffness constant for a slice 

Cjk° Elastic stiffness constant for the ideal straight material referred to a-b-c 
coordinates (Figs. 2 and 5) 

Cji, Effective elastic stiffness for the wrinkled region (RVE) 

' Research engineer, Jortner Research & Engineering, Inc., Costa Mesa, Calif. 92626. 
^ Notes: *The use of overbars and the ° superscript for these symbols is consistent with the usage 

for stiffness and strain. 
Unless otherwise noted, all quantities are referred to the 1-2-3 coordinate system. Figs. 2 and 5. 
Contracted notation is used for stresses and strains, etc., that is, each subscript represents two 

subscripts in tensor notation: 1 = I I , 2 = 22, 3 = 33, 4 = 23, 5 = 13, 6 = 12. 
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Ejt Young's modulus in the j-direction* 
ej Strain witiiin a slice, in the y-direction 
ej Volume average strain in wrinkled RVE 

Gjic Shear modulus for jk-shear* 
kjj, Thermal conductivity of slice, for j-direction heat flow in response to k-

direction thermal gradient* 
Qj Heat flow, 7-direction* 
Sji, Elastic compliance constant for slice* 

T Temperature rise above the temperature at which RVE slices are free of 
stress (in absence of external tractions on RVE) 

Xj Distance along they-direction; 1-direction implied if no subscript 
ttj Coefficient of thermal expansion of slice, in y'-direction* 
Oj Stress, y'-direction* 
9 Distortion angle, see Figs. 2 and 5 
X. Wavelength, or total length of RVE in the 1-direction, see Figs. 2 and 5 

Vji, Poisson's ratio, defined as -Sji,Ej* 

Wrinkles sometimes occur in composite materials as a result of improper layup 
of the reinforcing yams or layers, or from deformations of the reinforcement 
during debulking or cure of the matrix. From the stress analyst's viewpoint, 
wrinkles have been treated, and referred to in the literature, as regions of curved 
fibers. The thermal conductivities, thermal expansions, and elastic constants of 
such wrinkled regions can be significantly different from the corresponding 
properties of a composite with straight reinforcements. Previous work (reviewed 
in the following section) gives upper or lower bounds to the effects of wrinkling 
on elastic constants. Unfortunately, the discrepancy between these bounds can 
be quite large. 

This paper provides a new model for estimating the effective thermal and 
elastic properties of wrinkled regions in fiber-reinforced composite laminates. 
The wrinkle type for which the modeling approach is appropriate is the relatively 
common one in which the layers of reinforcement are distorted "cooperatively" 
so that the waveform of each layer is more or less in phase with the waveforms 
of neighboring layers. For this type of wrinkle, the model provides numerical 
estimates of the exact solutions rather than upper or lower bounds. The numerical 
analysis has been implemented with a FORTRAN-coded computer program 
called WAVETEC (WAVE Thermal and Elastic Constants). Numerical results 
are presented for selected cases and compared to predictions of previous models. 

Review of Selected Prior Work 

Since 1966, attention has been given to predicting the elastic behavior of 
composites with distorted, or wrinkled, reinforcements. Most of the published 
results deal in detail only with the composite's Young's modulus, £",, in the 
nominal axial direction of the reinforcement. 
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Bolotin [/ f examined the case of a layered material in which the layers are 
slightly distorted in a random manner (Fig. 1), He arrived, via statistical argu
ments, at the expression 

£. = 

i + \~]<^' 
(1) 

where (|)̂  is proportional to the "mean square angle" of the layer distortions; 
that is, it is a measure of the cumulative effects of the deviation angles, 6, shown 
in Fig. 1. Bolotin notes that his method may be used to deduce the effects of 
distortions on the other elastic constants; however, he presents no equations 
comparable to Eq 1 for the other constants. 

Tarnopol'skii et al [2] deal with a regularly distorted layered, or fiber-rein
forced, composite. By assuming all the layers, or fibers, conform to a sine wave 
of uniform amplitude, wavelength, and phase throughout the body (Fig. 2), they 
are able to provide a deterministic analysis (as opposed to Bolotin's statistical 
analysis); indeed, they show that the somewhat mysterious ^^ of Eq 1 is 

ATT 

T (2) 

for a regularly distorted medium when (A/X) < 1. 
In deriving this result, the composite is treated as a chain of slices of width 

AJC (Fig. 2). The properties of each slice are the same relative to the local 
coordinate system {a, b, c) but are different in the body coordinate system (1, 

FIG. 1—Randomly distorted reinforcing layers, after Ref \. 

' The italic numbers in brackets refer to the list of references appended to this paper. 
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FIG. 2—Regularly distorted composite, after Refl. 

2, 3) because of the rotation through the angle 9.* In the 1-direction, the com
pliance over the entire wavelength (or any integral number of wavelengths) is 
estimated by assuming that the stress cr, would be the same in each slice if the 
composite body were placed in simple tension or compression along the 1-
direction. Then, the total elongation of the composite is simply the sum of the 
elongations of the slices, and the compliance of the composite is 

£i X J 
dx (3) 

The result of the indicated integration for a sinusoidal waviness is 

where 

ATT 

if £ -

•, and 

M = 2(1 + fy'\ 

Equation 1, with Eq 2 used to define 4> in terms of / , is said to be a reasonably 
accurate representation of Eq 4 for small values of the parameter, / . 

Nosarev [3] approaches the problem of predicting fiber curvature effects in a 
somewhat different way. He also considers a symmetric waveform, but does not 

" Note the need to know the elastic properties (£„, G„j,. . .) of a similar composite with absolutely 
straight reinforcements. All the approaches considered here require that information. In actuality, 
the properties of this ideal composite may be difficult to obtain because measurements can be made 
only on real materials, which, as Tamopol'skii et al point out, may inherently contain distortions 
of the reinforcement. Thus, one is usually forced to apply micromechanical theory to estimate the 
properties of the ideal straight composite. 
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restrict his analysis to sinusoids; instead of closed-form integration, he uses 
numerical summation. In effect, the waveform is divided into slices (as in Fig. 
2), a deviation angle is assigned to each slice, the stiffness matrix of that slice 
is computed in the body coordinate system (1, 2, 3), and the stiffness of the 
wavy body is taken as the average of the 1-2-3 stiffnesses^ of the finite number 
of slices. Although he only provides numerical results for Ei, Nosarev notes that 
all the elastic stiffnesses of the (orthotropic) composite can be found by similar 
numerical procedures. 

Note that Tamoporskii et al averaged the compliances, whereas Nosarev 
averaged the stiffnesses. These two approaches represent lower and upper bounds 
to the true stiffness of a composite wavy material. The average-compliance 
method amounts to assuming that stresses are uniform from slice to slice (Fig. 
2) when the body is subjected to uniform external tractions. Thus, stress equi
librium is satisfied but there is no guarantee that compatibility of displacements 
is preserved among the slices. The stiffness calculated thereby is a low bound 
to the true stiffness, per the Theorem of Minimum Complementary Energy (Ref 
4, for example). On the other hand, averaging the stiffnesses amounts to assuming 
uniform strain throughout the body; compatibility of displacement is satisfied 
but stress equilibrium might not be obtained. The resulting stiffness is an upper 
bound estimate of the true stiffness, per the Theorem of Minimum Potential 
Energy [4]. 

Both Tamopol'skii et al and Nosarev provide experimental data to show their 
respective predictions to be reasonably close to measured stiffnesses. It is in
structive to note that the experiments are on different composite materials. The 
waviness in Tamopol'skii's composite is the waviness of fiber or fabric layers, 
closely spaced, so a section through a specimen looks like Fig. 2. In such a 
case, the composite stiffness in the 1-direction is probably quite close to the 
lower bound estimated in Ref 2; the composite may be viewed as a stack of 
slices in which a, must be continuous across the slice boundaries, and the strain, 
e,, in each slice may be different without violating compatibility of displace
ments. Nosarev tested a composite reinforced with somewhat widely spaced 
wires, each of which was wavy before assembly into the composite, so the phase 
of each wire's wave is independent of the phase of the other wires' waves (Fig. 
3). In this case, each slice (Fig. 3) contains a variety of wire angles; in the limit 
of a large enough body, each slice can be viewed as containing all possible wire 
angles, so that the properties of each slice are the same and equal to the average 
properties of the composite itself. The problem of estimating the properties of 
each slice is similar to determining the properties of a parallel array of segments 
of the same straight composite, each at a different angle to the load axis, as 
sketched in Fig. 4. Clearly, the assumption of the same strain, Cj, in each segment 
is more appropriate than the assumption of uniform stress. Nosarev's analysis 
therefore seems appropriate to the material he was studying. 

Obviously, it is important to tailor the theoretical assumptions to match the 
material at hand. As the discrepancy between upper and lower bounds can be 
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FIG. 3—Composite reinforced with out-of-phase wavy wires, after Refi. 

substantial (see the section on Illustrative Results), we may presume that appli
cation of the Tamopol'skii model to Nosarev's material, or vice-versa, would 
not be successful. 

Robinson [5] provides an analysis similar to that of Tamopol'skii et al. Instead 
of a sinusoidal waveform, Robinson treats a special wave in which, over a 
quarter wavelength 

dx 
= Kx (5) 

where A" is a constant. The full wave is built up of quarter-wave segments bearing 
the same relationship to each other as the quarter-wave segments of a sinusoid. 
This waveform has two potential advantages: the integration of the rotated com
pliances can be done in closed form; and the waveform provides an alternate to 
the sinusoid for representing real distortions in composites. Having defined the 
waveform, Robinson otherwise follows the compliance-averaging approach adopted 
by Tamopol'skii et al, and arrives at 

5 „ . i = t ; + v 5 ^ + M/^'"4^'" 
2e„ 4e„ 

(6) 

- A x -
FIG. 4—Parallel array of segments used to model Nosarev's composite. 
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where 

, 3 / 1 1 \ 1 / 1 2Vab 

1 / 1 
2\E, 

, and 

""^lii^i - -
8 VGai, 

2Vaft 

E. 

and 6^ is the maximum value of 6 for the waveform. From the additional formulae 
Robinson gives in Ref 6, it is easy to derive similar expressions for the other 
compliance-averaged elastic constants of orthotropic wrinkles that conform to 
Eq5 . 

Bert [7] has extended Tamopol'skii's method of averaging compliances to 
provide equations similar to Eq 4 for all the elastic constants of a sinusoid-
textured material. His results, in matrix form, are 

(7) 

Su 
Si2 

^22 

•^66 

> = 

^bb 

^ab 

1 

.Gab 

/, 
h 
l\ 

u 

h 
- / , 

h 

-h 

where 

^'^~ Ea 
^ab — r, 

Eb 

0 
1 

-2 

^nh 

' 4 ; 

-2 
1 
0 

11 
1 
1 

4_ 

• 

'^aa 

^ab 

Sbb 

1 

, . ^ a ( > > 

- . 1 
m 

—2 1 m 

cos* Qdx = 

cos^ Qdx = 

1 - I -

(1 + fy 

Vl + f' 

:; and 
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We may note that Bert's equations provide lower bound estimates of the true 
stiffnesses of the composite. 

In all the approaches reviewed, the analyses deal with symmetric waveforms 
so that the resulting wavy material is orthotropic; that is, the effective stiffness 
and compliance matrices of the RVE have no shear-to-extension, or shear-to-
shear, coupling terms in the 1-2-3 coordinate system. 

A New Numerical Approach 

The approach described here predicts thermal expansions, thermal conductiv
ities, and elastic constants for materials of wavy texture. No reference need be 
made to fibers or layers of cloth. The material analyzed has a repeating volume 
element (RVE) of the type shown in Fig. 5; its characteristics include: (a) a 
regular wavy texture; (b) properties independent of translation along the 2- and 
3-directions; and (c) properties that vary, with translation along the 1-axis, only 
because of the rotation of the material locally through the angle, 9; that is, there 
is postulated an "ideal" straight-textured material that is orthotropic in the a-
b-c coordinates, of which the RVE is made. The properties of this ideal material 
are assumed available, having been measured or calculated theoretically. 

As shown in Fig. 5, the wavy RVE is imagined to be divided into a finite 
number of slices of equal width, AJC. Within the slice, the distortion angle, 6, 
is assumed constant, and the properties of the slice are those of the ideal material. 
In the 1-2-3 coordinate system, the properties of the slice may be calculated by 
rotation of the property matrix through the angle, 6, using well-established 
equations (such as those of Ref 8). The variation of 6 with x is arbitrary; the 
analysis will be numerical and can deal with (almost) any waveform. 

A complication arises if the wavy texture is derived from distortions of fibers 
or layers that are continuous through the RVE. Simple geometric considerations 
show that the spacing or thickness of such layers must vary with distortion angle. 
An implication is that the reinforcement volume fraction will vary with axial (1-

TV 
t - ^ l 

X — 

THE IDE^L' MATERIAL 
IS ORTklOTROPlC IN 
a - b - C COOROlNATES 

THE WAVr-TEXTURED KVE: 

Q\ = e\ 
THE RVE IS C0^4SlDEREt> 
TO BE MM>e UP OF SLICES 

FIG. 5—Idealization of wavy-textured material in which waviness is represented by rotation of 
an ideal orthotropic material. 
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axis) position so that there is no single ideal material whose simple rotations 
determine the local properties at each axial station. For the time being, this 
complication is ignored, as it has been by previous investigators, although the 
numerical method could be extended to include a theoretical approach to defining 
ideal material properties as a function of distortion angle. 

Elastic Constants and Thermal Expansions 

The modeling approach is "exact," rather than aiming at a lower or an upper 
bound, in that stress equilibrium and strain compatibility are both satisfied. 
However, the results, obtained by a numerical method, are subject to uncertainties 
associated with the use of a finite slice width Ax, Presumably, as Ax approaches 
zero, the results converge to the exact solution. To proceed with the analysis, 
we assume that stress and strain are uniform within each slice but can vary from 
slice to slice; these stresses and strains must satisfy four requirements: (1) dis
placement compatibility of neighboring slices, (2) periodicity of displacement 
at the RVE boundaries (to ensure displacement compatibility between neigh
boring RVEs), (3) stress equilibrium of each slice, and (4) continuity of stress 
across contacting slice boundaries; in addition to Hooke's law for the ideal 
material. 

By inspection (see Fig. 6), the following set of constraints satisfies these 

I . -

1̂  

^ • ~ 

i 

-^1 

STRAINS SnTlSFYiNG 
COMPATIBILITY 

STRESSES SftTlSPyiNG 
EQUILIBRIUM 

FIG. 6—Constraints applied to each slice of the wavy-textured RVE. 
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conditions 

CT| = a , 

ei = €2 

'' = ^' (8) 
et = e^ 

(J , = CT, 

0-6 = CTj 

These constraints define six of the 12 components of stress and strain for the 
RVE. The remaining six components are defined in the form 

Here, the values of e* or a^ for each slice / are the response of that slice to any 
set of constraints (Eq 8) that is applied to the RVE. We also assume the tem
perature of each slice to be equal to the temperature of the RVE. Generally, for 
the ith slice 

<T, = Cjde^ - aj) (10) 

where the Cŷ  are obtained by rotation of the stiffness matrix [C°] of the ideal 
material through the texture angle, 0. Equation 10, with double-subscript sum
mation implied, is a set of six simultaneous equations with six unknowns: e,, 
es, €(,, CT2, o-j, and CT4. Seven special cases of Eq 10 are solved, in sequence, to 

TABLE 1 —Seven special problems. 

Problem Number 

1 
2 
3 
4 
5 
6 
7 

Nonzero Constraint 

^ 6 

ei 

e, 
O's 

^4 

T 

Calculated RVE Constants 

c„ 
C22 

c„ 
C,5 

C44 

Oi\ 

^16 ^66 t .26 (-- 12 

C2, 

c« 
ttj a , «« 

Cn C36 
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derive the stiffness matrix and the thermal expansion coefficients of the wavy 
R V E . These seven cases are described in Table 1. 

For example , the first problem solved assumes the application of an arbitrary 
(unit) uniaxial stress a ; = 1 to the RVE; the other constraints of Eq 8 are zero. 
For this case, Eq 10 is 

CTi = C„e, + Cis^e = 1 

o'2 = CijCi + Czê e 

CT3 = C„e, + C,,e, (11) 

0-6 = Cie^i + Cf^ee = 0 

Cr4 = CTj = ^4 = ^5 = 0 

Equation 11 can be solved for e , , Cf,, CT2, and CT3; thus , after doing the summations 
of Eq 9, all the stress and strain components for the RVE are known. The nonzero 
components are o-,, (T2, CT3, e,, and e^. Then, the constitutive law for the R V E 

may be expressed in matrix form (for this case) as 

(12) 

1 

CT3 

0 

Cn 

C,3 

C,6 

C_\(, 
C26 

C36 

Qe 
{1} (13) 

This set of four equations is insufficient to solve for the seven unknown terms 
of Cjk- The additional necessary equations may be provided by going on to the 
second problem, in which all the constraints of Eq 8 are zero except a^ = 1. 
The same procedure as in the first case yields 

0 
(T'2 

(T'3 

1 

Cn 
Cn 
C,3 

C,6 

C,6 

C26 

Cj,6 

Ce6 
{?::} (14) 

where the stress and strain terms are distinguished by the prime ( ') from the 
numbers obtained in Case 1 for the same components . 
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The eight simultaneous equations of Eq 13 and Eq 14 may be solved to give 

Cii = [pi '-^] C,2 = (p2 - CjtPe) — 
V 6̂ / Pi 

r - - r ^ r - ^3 - P^r 
^6 ^6 - P^r 

_ 1 - - 1 
C«, = (1 - C|,9,) - C,3 = (PJ - C,(,/7,) -

lb P\ 

^ _ g2 - Pir 

(15) 

q'6 - P(,r 

where, for simplicity in notation, 

_ - _ - , ?i 
PI = e, q'l = e , r = — 

P\ 

P2 = CT2 <?2 = «• 2 

P3 = CTj (73 = O-'j 

Problem 3 involves setting all constraints to zero except 2̂ = 1. After solving 
Eq 10 for each slice and doing the summations of Eq 9, the nonzero stress and 
strain components of the RVE are found (e,, i , = 1. o-j, CT,, and ^e), and 
application of Eq 12 gives 

C22 = (Ji - CiiCi - Ci^Cf, 

(16) 

C23 = 0-3 - C | 3 e , - €36^6 

where Cn, C26, C^, and C^ have been determined previously in Eq 15. 
Problem 4, in which e^ = 1 is the only nonzero constraint, is similarly solved 

to give 

C33 = (J, - C,3e| - €36̂ 6 (17) 

Likewise, Problem 5 (0-5 = 1) gives 
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C55 = =r 

(18) 

and Problem 6 (̂ 4 = 1) gives 

t-« — 
es 

i-^AA — CFA C^ses (19) 

The complete (monoclinic) C matrix is now known. 
The last problem, to derive the effective coefficients of thermal expansion for 

the RVE, involves setting T = 1 and setting to zero all the constraints of Eq 8. 
The solution to Eq 10 provides the nonzero stress and (total) strain components 
of each slice, which are then summed (Eq 9) to give e,, e^, e^,, (TJ, ^3, and 
0-4. It is then straightforward, using Eq 12, to obtain 

H ^ ^ n ? = lC]-'[cr - Ce] 

012 

" 3 

0 
0 

(20) 

Thermal Conductivities of Orthotropic RVEs 

A numerical approach to the exact solution for the thermal conductivities of 
the wavy RVE could be patterned on the approach just described for the elastic 
constants and thermal expansions. Here, we present a solution restricted to 
orthotropic RVEs; that is, the waveform of the texture must be symmetric so 
that, in the 1-2-3 coordinate system, the RVE conductivity is characterized fully 
by ^,1, lc22, and ̂ 33. 

The slices, however, are characterized by ^n. 2̂2- 3̂3> and ^,2, obtained by 
rotation of conductivity tensor of the ideal material 

1̂1 = k^ cos^ e -I- khh sin^ 6 

2̂2 = kaa sin^ e + ki,i, cos^ 9 

3̂3 ~ Kc 

kn = k^ cos 9 sin 6 — ki,i, cos 9 sin 9 

(21) 
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We assume that the temperature gradient is uniform within each slice, as is the 
heat flow. To ensure continuity of temperature and heat flow among slices, it 
is sufficient (by inspection) to require 

Gi = e , 

(22) 
dT 

dxj 

dT 

dX} 

dT 
—-

8X2 

df 
__ dX} 

The assumed symmetry of the waveform causes the net effect of cross-coupling 
via kt2 to be zero. Thus, with due consideration for the basic definition of thermal 
conductivity, we can readily derive the following simple expressions for the 
thermal conductivities of the RVE 

Kii 

"^22 

^33 

U?^nj 

= 7 S 't33Ax 

(23) 

Illustrative Results 

To demonstrate the nature of the results obtainable with the approach presented, 
several cases are analyzed and the results compared to those obtained by previous 
(bounding) approaches [2,3,5,7]. 

First, the current approach was applied to some of the cases for which closed-
form solutions have been given by Robinson in Ref 5. Robinson's cases represent 
a baseline material (properties listed in Table 2) and three variations designed 

TABLE 2—Hypothetical properties of ideal materials (arbitrary units). 

Case Name 

Baseline 
High G.J 
Low Gab 
High E, 

E, 

12.0 
12.0 
12.0 
12.0 

£» 

2.0 
2.0 
2.0 

12.0 

E, 

12.0 
12.0 
12.0 
12.0 

Vfc. 

0.0 
0.0 
0.0 
0.0 

",«. 

0.0 
0.0 
0.0 
0.0 

V,l, 

0.1 
0.1 
0.1 
0.1 

Gbc 

1.0 
1.0 
1.0 
1.0 

G„, 

1.0 
1.0 
1.0 
1.0 

Gab 

1.0 
2.0 
0.1 
1.0 
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to explore the effects of changes in shear modulus, Gab, and transverse modulus, 
£(,, on wavy RVE properties. The wrinkle waveforms in these cases confomrto 
Eq 5. Robinson's closed-form "low-bound" results for RVE axial modulus, £,, 
as a function of wrinkle severity are shown in Fig. 7. Also shown in Fig. 7 are 
the results of our numerical "exact" calculations for the same ideal material 
and wrinkle geometries. Sixty slices were used to represent the RVE for the 
numerical analyses; subsequent exploratory calculations showed that about 20 
slices are sufficient in similar cases to give a solution that does not change upon 
increasing the number of slices. As expected, the numerical "exact" predictions 
of axial stiffness equal or exceed in magnitude the closed-form low-bound pre
dictions. 

It appears in Fig. 7 that when the shear modulus, G„i>, is not "too low," and 
when the transverse modulus, Ei,, is relatively low, as in the baseline case, the 
low-bound and exact solutions for £] are in excellent agreement. However, the 
low-bound solution may be significantly in error when the shear modulus is 
reduced or the transverse stiffness increased. 

The second set of examples is for sinusoidal wrinkles in the same ideal material 
(low-shear-modulus case in Table 2). The numerical "exact" results are com
pared to the lower bound and upper bound predictions derived from uniform 
stress and uniform strain assumptions. The lower bound predictions are essen
tially the same as Bert's (Eq 7) although the implementation was by numerical 

\X f 
ROBINSON'S WAVE 

LOW BOUND (CLOSED F O R M ) 

EXA>CT ( N O K V E W C A U EST.) 

HIGH E^ 

- HIGH G^t, 

~~BKSELIN6 

LOW G ^ b 

FIG. 7—Comparison of current numerical-exact solutions to Robinson's closed-form low-bound 
solutions, for the effective axial Young's moduli of wrinkles in the materials listed in Table 2. 
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integration rather than closed-form calculation. The upper bound analysis is 
similar to Nosarev's (Ref 3), extended to all the elastic constants. Some results 
are plotted in Figs. 8 through 11, as a function of sinusoid amplitude/wavelength 
ratio. The points (circles) in these graphs are the numerical estimates; the curves, 
which were drawn to help one follow the trends, do not necessarily give accurate 
interpolations between points. 

Note, in Figs. 8 and 9, that the exact solutions for the Young's moduli are 
rather closer to the lower bound predictions than to the upper bounds.' However, 
neither upper nor lower bound analyses do a good job in predicting the wavy 
composite's shear modulus (Fig. 10). 

Trends for the effective thermal properties of the low-shear-modulus material 
are given in Fig. 11, assuming a„ = a, = 1.0, a,, = 2.0, /(:„„ = k„. = 1.0, 
and k^i, = 0.5. 

Applicability and Limitations 

The model presented here provides numerical estimates of the exact solutions 
for the effective thermal and elastic constants of regions of wrinkled texture in 

UPPER BOUr4B 

0 0.1 0.2 0.^ 0.4 O.S 

Vx 
FIG. 8—Effective axial Young's moduli of sinusoidally wrinkled regions in the /ow-G.t composite 

of Table 2. 

' It is to be expected that £, is closer to the lower bound (see discussion of Tamopol'skii's and 
Nosarev's papers). However, that £, also is closer to the lower bound was a surprise because the 
2-direction constraint (Eq 8) is ?̂  not a,. This result may perhaps be viewed as a demonstration of 
the importance of shear coupling and the fact that the model (properly) allows each slice to have 
an independent shear strain e^, whereas the upper bound calculation constrains Cf, to be the same in 
each slice. 
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3.0 

FIG. 9—Ejfective transverse Young's moduli of sinusoidally wrinkled regions in the /ow-G.b 
composite of Table 2. 

an Otherwise orthotropic material. As such, it may be considered an improvement 
on the prior woric [1,2,3,5,7]. However, there remain significant limitations to 
its applicability. 

First, as already pointed out, the model is appropriate to cooperatively wrinkled 
laminates (Fig. 2) and not appropriate to out-of-phase wrinkling (Fig. 3). That 
is, the waviness of reinforcing yams in woven-cloth laminates is not well treated. 
Such interwoven reinforcements are perhaps closer to Nosarev's model and might 
be modeled better with an upper-bound (stiffness-averaging) analysis. Also, 
special efforts may be necessary to deal with the bidirectional waviness in cloth. 

Second, the derivation of the constraints (Eq 8) depends on the idea that the 
RVE is indeed a repeating element in a much larger body. Thus, the model is 
applicable strictly only to extended three-dimensional solids that are of the same 
wrinkled texture throughout. Thin wall components are not treated exactly; nei
ther are bodies containing only local areas, or channels, of wrinkled material. 

Third, wrinkles in unbalanced laminates also are not treated by the present 
model because no consideration is given to bending moments. Likewise, un
balance that might be introduced by a wrinkle in a thin section of an otherwise 
balanced laminate also is ignored. 

Thus, many cases of practical interest are not rigorously treated by the proposed 
model, although the results may be useful as approximations. In judging the 
severity of these limitations, it may be appropriate to recall that none of the 
other simple models, described in the literature just reviewed, escape such lim-
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0.8 r 

="11 

FIG. 10—Effective shear moduli (Gn) of sinusoidally wrinkled regions in the low-G,^ composite 
of Table 2. 

EKFANSIONS CONDUCTIVITIES 

FIG. 11—Effective thermal expansions (left) and conductivities (right) of wrinkled regions in the 
/ow-Gab composite of Table 2. 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



JORTNER ON WRINKLED REGIONS IN COMPOSITE MATERIALS 235 

itations. Indeed, the second limitation is inherent in the definition of effective 
moduH, even with reference to unwrinkled laminates [9], 

To predict the behavior of wrinkles in thin sections, modeling may be improved 
(perhaps) by modifying the constraints of Eq 8 to provide zero stress in the 2-
direction (0-2 = CTJ = 0, rather than 62 = e^), assuming that the 2-direction is 
the through-thickness direction. 

To apply the model to the structural analysis of a wrinkled component, using 
a finite element method, the element mesh would be defined and material prop
erties assigned to each element. These properties, for elements containing wrin
kles, could be estimated from the properties of unwrinkled regions, using the 
proposed numerical analysis. To do this, the wrinkled regions first would be 
characterized geometrically by assigning a distortion angle to each location (im
aginary slice) within each element of the mesh. Implementing the model would 
provide the effective properties of the entire element. The level of detail provided 
by the model would seem most appropriate to use with linear elements; structural 
analyses with quadratic or cubic elements that allow property and strain variations 
within an element might benefit from more detailed property models—especially 
if the elements' dimensions are large relative to the stress/strain gradients in the 
structure. A potentially significant advantage of the current simple model over 
previous simple models is the ability to produce a monoclinic property matrix 
for unsymmetric wrinkles. This allows the prediction of individual properties 
for finite elements (or regions within a higher-order element), which may be of 
small dimensions relative to the wrinkle wavelength, as would be appropriate 
for situations of appreciable strain gradient over a single wrinkle. 

Summary 

Previous efforts to predict the effective elastic behavior of curved-fiber com
posites, from the properties of an ideal (orthotropic) straight-fiber composite, 
rely on two assumptions (among others). First, it is assumed that the stresses, 
or the strains, are uniform throughout the representative repeating-volume-ele
ment (RVE) of the wrinkled material; therefore either stress equilibrium or strain 
compatibility is satisfied (but not both) so the predictions represent lower or 
upper bounds, respectively, to the elastic stiffnesses, rather than direct estimates. 
Second, the waveform of the wrinkle is assumed symmetric about the half-
wavelength plane to ensure that the RVE is orthotropic; real wrinkles do not 
necessarily conform to this assumption. 

This paper describes a new theoretical model (implemented numerically) that 
extends the previous work in several ways: the approach is "exact" for a certain 
class of wrinkles, within the uncertainty attributable to the numerical imple
mentation, because stress equilibrium and strain compatibility are simultaneously 
satisfied; the model can treat wrinkled regions that are non-orthotropic (mono-
clinic) as a result of asymmetries in the wrinkle's waveform; and the model 
explicitly provides estimates of all the elastic constants and the thermal expansion 
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coefficients of the wrinkled composite. The approach is appropriate for wrinkles 
in which the layers of reinforcement are distorted cooperatively, so the waveform 
of each layer is more-or-less in phase with the waveforms of the other layers. 
For orthotropic wrinkles, a formulation for predicting the thermal conductivities 
also is described. 

Numerical results show that the discrepancies can be large between upper 
bound stiffness predictions (via the assumption of uniform microstrain) and lower 
bound predictions (uniform microstress). The estimates of exact behavior pro
vided by the new model can differ substantially from either bound. 

The model applies rigorously only to a restricted set of circumstances. It would 
be desirable to know how well it approximates situations of technical interest to 
which it does not apply rigorously. Comparisons with experimental data, or with 
results of detailed finite-element models of wrinkles, are recommended to explore 
its wider applicability. 
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ABSTRACT: The vast majority of developments in fracture mechanics have been insti
gated by the need to avoid fracture of metals. Consequently, these developments are based 
on the assumption that the material is homogeneous—an assumption that is far more 
palatable in the case of most metals than it is for fiber-reinforced composites. Attempts 
to make fracture mechanics concepts more applicable to composite materials have resulted 
in the emergence of anisotropic fracture mechanics approaches. But, while this simple 
extension of linear elastic fracture mechanics does remove the assumption of material 
isotropy, it still assumes the material to be homogeneous. Experimental evidence suggests 
that the application of anisotropic fracture mechanics to fiber-reinforced composites still 
leads to inconsistencies in the prediction of fracture. 

This paper presents an improvement in the application of a concept that allows for direct 
consideration of heterogeneous material behavior in the near crack tip region. The concept 
is similar to the singular perturbation and matched asymptotic expansion techniques used 
in fluid mechanics. The problem of a fiber-reinforced composite containing a flaw is divided 
into a local heterogeneous region (LHR) and a global anisotropic homogeneous continuum 
region. In the LHR, local failure events can be individually modeled, and then related to 
a global fracture parameter. Specifically, a quasi-three-dimensional finite-element LHR 
model is used to investigate micromechanical failure events at the tip of a crack in a fiber-
reinforced composite laminate. These events are then related to a global fracture event, 
whereupon the fracture toughness of the composite can be estimated. Computational resuhs, 
although in seemingly reasonable agreement with existing experimental data, are heuristic 
in nature. The work represents only a preliminary effort toward possible future development 
of a more sophisticated predictive model. 

KEY WORDS: fracture mechanics, fiber-reinforced composites, finite-element method, 
fatigue (materials), composite materials 

In the absence of a significant stress riser like a sharp crack, small inherent 
defects in a fiber composite material (for example, broken fibers, matrix flaws, 
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238 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

and debonded interfaces) can coalesce to form an identifiable crack-like flaw. 
As it approaches a critical size, the size scale of the damage zone near the crack 
tip will still be small relative to the crack length and other dimensions of the 
body. Hence, micromechanical failure mechanisms, such as fiber breakage, 
debonding, and matrix cracking, control the fracture process. This will be true 
whether the composite is composed of uniaxially or multiaxially oriented fibers. 
Figure 1 illustrates the many local failure events that can contribute to the damage 
growth that generally precedes fracture in a fiber composite. 

Kanninen et al [7]^ have taken the point of view that a proper fracture me
chanics analysis must treat the micromechanical damage mechanism directly. 
To achieve this end, they developed a model that can be linked conceptually to 
the singular perturbation and matched asymptotic expansion techniques used in 
fluid mechanics. That is, the problem of a composite material containing a flaw 
is divided into a local and global region. In the local region surrounding the 
crack tip, called the Local Heterogeneous Region (LHR), each constituent of 
the composite is modeled separately and given its own individual mechanical 
and fracture properties. Surrounding this region is the global region. This is 
modeled as an anisotropic homogeneous continuum and represents the bulk 

Fibers 

Matrix 

FIG. 1—Model of a crack tip in a fiber composite illustrating the various energy dissipation 
mechanisms involved in crack propagation. 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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response characteristics of a single lamina or a unidirectional laminate. A load 
(or displacement) applied at a location remote from the LHR is transmitted 
through the global region to the boundary of the LHR. Failure mechanisms inside 
the LHR are then influenced by the applied stress, the component geometry, 
and the local stress concentration (due to the macroscopic crack length), as well 
as by the deformation and failure of neighboring constituents. 

A typical LHR for a unidirectional fiber composite containing three distinct 
components (that is, the fibers, the matrix, and the fiber matrix interface zones) 
is shown in Fig. 2. In the approach used in Ref 1, any of these components 
ruptures when an intrinsic critical energy dissipation rate is reached. The far-
field solution was made to reflect damage increases in the LHR by increasing 
the crack length. The global model then provides a new set of boundary conditions 
for the LHR. 

t t t t t t t t 
Continuum 

. /— Local Heterogeneous 
/ I Region 

r ) 1 X \^\ 
Interfocial 

Zone Fiber Matrix 

Vi ,./, \ . . / N 

FIG. 2—The analysis model of Kanninen et al [I] with a local heterogeneous region embedded 
in a linear elastic anisotropic continuum. 
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The heuristic computations presented in Ref 1 were performed using a two-
dimensional idealization of the problem. The finite-element analysis used con
stant strain triangular elements. This paper represents a two-fold improvement 
over that stage of the model. First, a three-dimensional LHR model containing 
an ordered array of fibers is constructed. Second, a more accurate isoparametric 
finite-element formulation is used. However, because of unavailability of suf
ficient material property data, the computational results are still largely heuristic 
in nature. 

Model Development 

Composite fracture research results given in the literature generally fall into 
one of two broad categories. These are either (1) a continuum analysis for a 
homogeneous anisotropic linear elastic material containing an internal or external 
flaw of known length, or (2) a semiempirical analysis of the micromechanical 
details of the crack-tip region in a unidirectional fiber composite. The continuum 
approach completely ignores the inherently heterogeneous nature of composite 
materials and the basic way that heterogeneity affects crack extension. In fact, 
this approach represents only a slight extension of ordinary linear elastic fracture 
mechanics to account for the anistropic response of the material to load. It 
involves only an evaluation of the crack driving force with its critical value 
tacitly being considered a material constant that can be obtained from experi
ments. 

The micromechanical approach, the second of the two just cited, essentially 
represents a way to determine the crack driving force in terms of basic material 
properties by considering the various mechanisms involved in composite fracture. 
For example, values of G^, the critical value of the energy release rate, have 
been deduced for debonding of the fiber from the matrix material, pull-out of 
the fiber from the matrix, and for inelastic deformation and fracture of the matrix 
material. A review of several micromechanical and continuum approaches to the 
failure prediction of fiber composites can be found in a paper by Kanninen et 
al [2]. 

Basis of the Model 

A practically useful failure prediction model for fiber composites must reflect 
the role of the various micromechanical failure processes. Furthermore, the 
combined effect of these processes must dictate the ultimate macroscopic failure 
point of the composite. To devise such a model, the present development relies 
on the two-dimensional LHR model originally proposed by Kanninen et al [7]. 
A conceptual view of their model for a unidirectional 0-deg ply is shown in Fig. 
2. The model contains three distinct components: the fibers, the matrix, and the 
fiber-matrix interface zones. The constitutive behavior of each of these com
ponents must be prescribed. In addition, failure criteria, such as an intrinsic 
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critical energy dissipation rate, for each component must be known. 
The LHR is modeled over a small area surrounding the crack tip. The failure 

events inside the LHR are assumed to be controlled by a far field fracture 
mechanics parameter; for example, by the stress intensity factor, if the region 
surrounding the LHR behaves in a linear elastic fashion. This outer region is 
viewed as a homogeneous anisotropic continuum in which the simple "rule of 
mixtures" relationships for defining the elastic moduli can be used. 

The computation begins by finding the boundary condition for the LHR. This 
is done by solving the global problem in which the material is taken to be 
homogenous. These boundary conditions are then prescribed in the local analysis 
involving the LHR. The size of the LHR is chosen to be large enough so that 
the local failure events do not significantly change the conditions at its boundary, 
but yet sufficiently small to allow accurate modeling of each component without 
excessive computational expense. 

In Ref 1, computations were performed for arbitrary flaw size and orientation 
for unidirectional composites with linear elastic-brittle constituent behavior. The 
mechanical properties were nominally those of graphite epoxy. With the rupture 
properties arbitrarily varied to test the capability of the model to reflect real 
fracture modes in fiber composites, it was shown that fiber breakage, matrix 
crazing, crack bridging, matrix-fiber debonding, and axial splitting can all occur 
during a period of (gradually) increasing load prior to catastrophic fracture. 
Qualitative comparisons with experimental results of Brinson and Yeow [3] on 
edge-notched unidirectional graphite/epoxy specimens were also made. In Ref 
1, computations were performed using a two-dimensional finite-element code. 
Therefore, each element of the LHR vi'as assumed to be continuous in the out-
of-plane direction (Fig. 3a). This, of course, is unrealistic. In actual composites, 
the fibers are randomly distributed through the thickness (Fig. 3fc). 

If the number of fibers is not very large, one could perhaps use a three-
dimensional finite-element code to model each individual fiber without excessive 
computer storage (and cost) requirements. This not being the case, a compromise 
between precise modeling and computational effort is necessary. A reasonable 
compromise is to consider an ordered array of elements containing fibers (Fig. 
3c). Then, a reduction in computational effort is possible if one can ignore the 
free surface effects at Z = ±t (Fig. 4a). For this case, only one layer of thick
ness, A?, removed from the thickness direction (Fig. Ab) needs to be considered 
with appropriate boundary conditions to enforce periodicity in the Z-direction. 

The geometry of this repeating layer also suggests that, in a finite-element 
model, it can be represented by three types of special elements, as shown in 
Fig. 5a. If the stiffness of the interface can be absorbed into the stiffness of the 
fiber, then only one formulation of a sandwich-type element is needed. This is 
shown in Fig. 5b. Type 3 element is simply a special case when Material 1 is 
the same as Material 2. 

Another essential feature of the micromechanical approach is the modeling of 
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FIG. 3—Representations of fiber distribution in three dimensions: (a) two-dimensional, (b) ran
dom, and (c) idealized three-dimensional. 

the failure mechanisms. In their two-dimensional model Kanninen et al [1] used 
spring-like connections between node points that were severed once a prescribed 
local failure criterion was met. In the present three-dimensional case, this tech
nique would lead to excessive computer storage requirements, and possibly to 
an ill-conditioned global stiffness matrix. To circumvent this situation, a method 
successfully used by Bazant [4] for reinforced concrete structures may be em
ployed. In this method, each element in which a prescribed failure criterion is 
satisfied is made to lose its stiffness. This loss of stiffness or "death" of a 
particular element is enforced by simply deleting the corresponding terms in the 
global stiffness matrix. The element death option is particularly appealing when 
used in conjunction with the special sandwich element discussed earlier. 
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FIG. 4—(a) Three-dimensional view of the local heterogeneous region and (b) a repeating layer. 
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FIG. 5—Conceptual development of special elements for fiber-reinforced composites: (a) three-
element types, and (b) sandwich element. 
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Determination of Boundary Conditions 

As stated earlier, the boundary conditions for the LHR are prescribed by first 
solving the global problem with the assumption of homogeneous anisotropic 
equivalent material properties. Consequently, the displacement boundary con
ditions at the LHR boundary are exactly the same as if the entire cracked body 
were an anisotropic continuum. 

For many problems of practical interest, this phase of computation can be 
performed using simpler two-dimensional analysis procedures. For example, 
consider an elastic continuum with rectilinear anisotropic properties subjected 
to in-plane deformation. For this case, the work of Sih and Liebowitz [5] can 
be used to obtain the displacement boundary conditions for the LHR. For a polar 
coordinate system (r, 6) with origin at the crack tip, the displacements near the 
crack tip are given by 

IrV" r 1 

(1) 

M, = A', ( — ) Re \ \SfP2i (cos e -I- 2̂ sin 6)' 

52^2,-1 (cos e -I- 5, sin 6)"^] 

2 r \ " ^ { 1 
+ Kn\ — ] Re < [p,, (cos Q + S2 sin 9)"^ - p^-i (cos 6 

',17/ IS, - 5, 

+ 5, sin 9) , / 2 ] | 

where / takes the values 1 and 2 for the two displacement components, and K, 
and Kii are the Mode I and Mode 11 stress intensity factors. 

The constants p^, pi, p^, and p4 are functions of the elastic constants given 
by 

Pi = a,i 5,^ -I- 0,2 - ai^S, 

"2 = a^ S2 + fl|2 •" fll6>J2 

P3 = -Z («12 5,^ + fl22 - ^26 5i) (2) 

P* = TT («12 ^2^ + a22 - ^26 '̂ '2) 
O2 

where Si, S2, S^, and 52 are the roots of the characteristic equation 

a„ 5* - 2fl,6 S' + {Ian + a^) S^ - 2a26 5 + 2̂2 = 0 (3) 

In the special case when the material orthotropy Directions 1 and 2 are parallel 
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and normal to the crack line, the elastic constants, a,^, can be given as 

_ J_ 1 1 
On — J-, > (^22 — „ , cin — 

0-16 = ^26 = 0 

where E, |JL, and v stand for extensional modulus, shear modulus, and Poisson's 
ratio, respectively. 

The case discussed in the preceding discussion is only a simple example. The 
use of the LHR concept is, of course, not restricted to this simple situation. In 
general, the LHR boundary conditions can be found by performing a three-
dimensional finite-element stress analysis using a homogeneous anisotropic 
equivalent material description. Further, in the development presented so far, it 
has been assumed that the boundary conditions for the LHR remain essentially 
unchanged. Hence, the local damage processes of its constituents can be modeled 
only as long as the damage zone remains small compared to the LHR size. This 
assumption, while appropriate for the heuristic nature of the present study, is 
not essential to the LHR concept. It is used simply as an expedient to reduce 
the computational effort. In general, sequential updating of the boundary con
ditions following each local damage event can be used. 

Constituent Material Properties 

The material properties of each constituent in the LHR, as well as the equiv
alent material properties for the global analysis presented in this paper, were 
assumed to be linear elastic. Once again, this assumption is not essential to the 
model. It is used here so that the model can be exercised without excessive 
computational expense. In general, nonlinear and rate-dependent material prop
erties of the constituents may be treated. In that case, however, the use of linear 
elastic fracture mechanics concepts will be inappropriate, adding further com
plications to the computational process. 

In keeping with the primary purpose of the LHR model development, each 
of the individual constituents of the composite must be capable of rupturing to 
allow the body to exhibit the changes in strength that correspond to various 
levels and orientations of local damage. In the present stage of model devel
opment, this is done by using the element death option in the finite-element 
analysis. A similar technique has been effectively used by Bazant [4] in the 
study of fracture in reinforced concrete structures. In general, the technique may 
be employed to selectively reduce or eliminate the stiffness of a given finite 
element in any given direction when a local failure criterion is met. In the present 
work, however, it is assumed (for simplicity) that once the average strain energy 
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of a given element exceeds a prescribed critical value, the element loses all 
components of its stiffness simultaneously. Since each member of the LHR, for 
example, each fiber, is made up of several finite elements, this element death 
implies a very local loss of stiffness. 

In the present work, as in Ref 1, the material properties used are those for 
graphite fibers and epoxy matrix deduced from the experimental work of Brinson 
and Yeow [3]. These properties are contained in Table 1. The properties of the 
interface between fibers and epoxy could not be directly obtained from Ref 3. 
Therefore, in the computations, they were simply assumed to be the same as 
those of the matrix. In essence, this means that the LHR is composed only of 
matrix and fibers. 

For the global analysis, the following equivalent material properties were used: 
£i = 124105 MPa, £2 = 4757 MPa, v,2 = 0.3, and fji,̂  = 20684 MPa, 
where Direction 1 corresponds to the fiber direction. In the numerical compu
tations performed in this work two fiber orientations were considered: (a) the 
fibers were assumed to be normal to the crack line, and (b) the fibers were 
assumed to be parallel to the crack line. For each case, the global analysis was 
performed using Eq 1 with appropriate material properties to determine the LHR 
boundary conditions. 

Example Computational Results 

To test the validity of the three-dimensional LHR model concept, computations 
were performed assuming the crack tip as belonging to a double-edge-notch 
tension panel made of unidirectional laminates. The crack was assumed to be 
oriented normal to the applied load direction. Brinson and Yeow [3] have meas
ured the fracture stress for these and other configurations. Specifically, their 
experimental results of relevance here are for [OJss and [90|gs laminates. For the 
relatively simple computations performed in this work, it is assumed that there 
are no debond effects between the piles. Thus, the periodicity condition imposed 
in the finite-element analysis to reduce computational cost is applicable. 

An obstacle that precludes direct comparison between the predictions of the 
model and the experimental results is that all of the material properties required 
by the model are not available. For the purpose of the present computations, 
these properties had to be inferred by making some simplifying assumptions. 
Specifically, Brinson and Yeow's stress-strain curves for [Gigs and [90]8s lami-

TABLE 1-

Constituent 

Fiber 
Matrix 
Interface 

—Elastic properties 

Elastic Modulus, 
E, MPa 

193053 
3413 
3413 

used in the simulation of graphite 

Poisson's Ratio, 
V 

0.3 
0.3 
0.3 

epoxy composite. 

Critical Strain Energy 
Density, MN • m/m' 

4.528 
0.0855 
0.0855 
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nates were assumed to be those of the fiber material and the matrix material, 
respectively. This assumption was used to obtain the critical strain energy density 
values given in Table I. 

A further complication was in the interpretation of what Brinson and Yeow 
have recorded as the fracture stress. It is not clear whether this stress level 
corresponds to the initiation event or to the onset of unstable crack propagation. 
This distinction may be particularly important in the [OJgs case in which consid
erable stable crack growth may precede actual fracture. In the computational 
results presented here, it is interpreted as the applied stress that, if even slightly 
increased, results in a large number of elements in the LHR to fail simultaneously. 
Individual element failure events with increasing applied load are interpreted as 
indicative of stable damage growth. 

For the [OJgs case, computations began by finding the boundary conditions at 
the LHR boundary using Eq 1. For this case, the roots Si and 2̂ of the char
acteristics Eq 3 were found to be 

5,,2 = +1.0857 + 1.9821 i 

The other material constants were found by use of Table 1. The boundary 
conditions obtained through Eq 1 were then applied to the three-dimensional 
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FIG. 6—Sequential failure of matrix (M) elements with increasing applied load for the 0-deg 
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TABLE 2—Comparison of predicted and experimental results for double-edge-notch specimens 
for e = 0-deg. 

2a 

W 
Predicted Failure 

Stress, MPa 

435 
317,8 
262 
225.4 
195.8 

Experimental Failure 
Stress, MPa 

490.2 
443.3 
274.4 
263.4 
211.6 

0.11 
0.21 
0.31 
0.41 
0.51 

LHR model shown in Fig. 6. The first to fail was a matrix element at Location 
1 in Layer 2 at an applied stress intensity factor (Ki) of 10.4 MPa Vm. Subsequent 
increases in /T, caused further matrix element failure in the order shown in 
Fig. 6. 

It is clear that the model predicts damage growth parallel to the direction of 
the fibers and in the matrix elements. This was also observed in the experiments 
of Ref J. Stable matrix damage^growth continued until the applied stress intensity 
factor reached 32.4 MPa Vm. At this stage, 15 new matrix elements failed. 
This was considered to be an indication of unstable crack propagation. 
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FIG. 7—Sequential failure of matrix elements with increasing applied load for the 90-deg case. 
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TABLE 3—Comparison of predicted and experimental results for edge-notch specimens for 
e = 90-deg. 

_ Predicted Failure Experimental Failure 
W Stress, MPa Stress, MPa 

0.11 37.2 21.4 
0.21 26.8 15.8 
0.31 22 12.4 
0.41 19.3 9.6 
0.51 16.5 8.3 

Using the value of ^i at the onset of instability, the prediction of fracture 
stress for different crack lengths in a double-edge-notch specimen of 0.025-m 
width was made. These are contained in Table 2 along with the experimental 
measurements of Brinson and Yeow [3]. 

Results of similar computations performed with the initial crack parallel to 
the fiber direction and lying entirely in the matrix are shown in Fig. 7. These 
show that damage growth again occurs in the matrix and parallel to the fiber 
direction, which is consistent with the general observations made in Ref i . The 
predicted and experimentally measured values of failure stress are contained in 
Table 3. 

Concluding Remarks 

The computational results presented in this paper, although in seemingly rea
sonable agreement with some experiments, should not be viewed as conclusive. 
The assumptions that were necessary to perform the computations, particularly 
with regard to material properties and to the interpretation of fracture stress, 
preclude the results of these computations as being indicative of the accuracy 
of the model. The purpose of the computations was mostly heuristic, and in this 
respect the three-dimensional LHR model can be considered to have performed 
well. 
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Influence of Ply Cracks on Fracture 
Strength of Graphite/Epoxy Laminates 
at76K 

REFERENCE: Kriz, R. D., "Influence of Ply Cracks on Fracture Strength of Graph-
ite/Epoxy Laminates at 76 K," Effects of Defects in Composite Materials, ASTM STP 
836, American Society for Testing and Materials, 1984, pp. 250-265. 

ABSTRACT: Quasi-isotropic laminates ([0/90/±45], and [0/±45/90],) were fabricated 
from graphite/epoxy and quasi-statically loaded in tension at 76 K until fracture occurred. 
Fibers in 0-deg plies carry the largest portion of the tensile load; the weaker 90- and 45-
deg plies crack at loads much lower than fracture strength. The effect of ply cracks on 
fracture of load-bearing 0-deg plies was examined to understand how defects affect laminate 
strength. A generalized plane-strain finite-element model was used to predict stress gra
dients in the 0-deg ply near the crack tip. Variations in residual stress caused by changes 
in temperature and absorbed moisture were included in the analysis. The experiments 
indicated that absorbed moisture significantly alters the fracture strength and fracture surface 
of a dehydrated [0/90/±45], laminate tested at 76 K. The 0-deg plies of dehydrated 
laminates fractured along several 90-deg ply cracks. When moisture saturated a [0/90/ 
±45], laminate, a single 90-deg ply crack dominated the fracture of the 0-deg ply and the 
laminate fracture strength decreased 8%. Analysis of residual stresses indicated that a 
higher residual stress state existed near the 90-deg ply crack when moisture was absorbed. 

KEY WORDS: composite materials, fatigue (materials), fracture mechanics, graphite/ 
epoxy laminates, low temperatures, cracks, residual stress, finite element 

When loaded in tension, graphite/epoxy laminates accumulate damage in the 
form of ply cracks, delaminations, fiber breaks, fiber-matrix debonding, and 
matrix cracks. Prior to fracture, 0-deg plies carry a larger portion of the tensile 
load than the weaker 90- and 45-deg plies. Laminate fracture occurs when fibers 
fracture within the load-bearing 0-deg plies. 

Experimental evidence of graphite fiber breaks occurring in 0-deg plies prior 
to fracture was observed by Kriz [lY at room temperature. An enlargement of 
these fiber breaks is shown in Fig. 1. The fiber breaks observed in Fig. 1 are 
not influenced by the stress concentration of a 90-deg ply crack. The scatter in 

' Materials research engineer, Fracture and Deformation Division, National Bureau of Standards, 
Boulder, Colo. 80303. 

^ The italic numbers in brackets refer to the list of references appended to this paper. 
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90* PLY 

50 jim 
Ply crack 

FIG. 1—Graphite fiber breaks adjacent to 90-deg ply crack in a [0/90/±45], graphite/epoxy 
laminate loaded in tension at room temperature (see Fig. 19 in Ref 1). 

graphite fiber breaks is similar to those modeled by Rosen [2] for unidirectional 
glass/epoxy. However, Hartwig [3] observed an accumulation of graphite fiber 
breaks near 90- and 45-deg ply cracks at 76 K. Hence, the presence of large 
residual stresses near a ply crack at 76 K can influence the fracture of 0-deg 
plies. 

In this study, the influence of residual stress on 0-deg ply fracture was in
vestigated for two quasi-isotropic laminates: [0/90/±45]^ and [0/±45/90],. Re
sidual stresses were altered, prior to fracture at 76 K, by dehydrating and sat
urating laminates with absorbed moisture. A statistical analysis of laminate fracture 
populations was designed to model the weakening of load-bearing 0-deg plies. 
A generalized plane-strain finite-element model was used to predict variations 
in 0-deg ply stresses caused by mechanical and thermal-moisture loads. 

Analysis 

Stresses within each layer were predicted for a symmetrical laminate loaded 
in tension. Material response was assumed to be linear and elastic at 76 K. 
Hence, thermal and moisture loads were superposed with mechanical loads. The 
applied loads were assumed to be steady and uniform across the laminate. A 
typical symmetric laminate loaded in tension is shown in Fig. 2, where L> B > T. 
Each layer was assumed homogeneous with transversely isotropic elastic prop
erties. Room-temperature and 76-K elastic properties used in the analysis are 
listed in Table 1. Coefficients of thermal and moisture expansion (listed in Table 
1) were modeled as the only contributions to residual stress. Changes in residual 
stress caused by variations in elastic properties were neglected. 

Generalized Plane Strain 

Stresses near a ply crack tip (x = y = 0,z/T = 0.75) were predicted within 
the x-z plane far from the laminate edges {y = ±B). The constraining out-of-
plane strain, e.y, was modeled as the generalized strain normal to the x-z plane 
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V, Y 

FREE EDGE 

FIG. 2—Quasi-isotropic laminate dimensions. 

at y = 0. The strain in the load direction, e,, was assumed to be uniform. Using 
classic laminate-plate theory (see Jones [5]), the strains, ê  and e„, can be 
calculated in terms of the known laminate loads, N^, with A', = 0. 

^jr ~ '^yy'^xl \"-xx^yy "-xy ) . ^y -A,^,NJ(A,A.. - AJ) (1) 

where A„, Ayy, and A„ are laminate midplane stiffnesses. Since generalized 
plane strain was assumed normal to the x-z plane, all six components of stress 
must be independent of the y-axis. Hence, the equations of equilibrium reduce 
to 

d(j, S T , _ ^Jxy 

dx dz dx dz dx dz 
(2) 

The displacement relationships are derived by Talug [6] for the generalized plane-
strain problem assuming laminate symmetry 

u{x,y,z) = U(x,z) 
v{x,y,z) = (.yj + V{x,z) 
w{x,y,z) = W(x,z) 

(3) 

where U, V, and W are unknown displacement functions. Talug [6] derived the 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



KRIZ ON PLY CRACKS 253 

3 

o 
O 

00 o 
en 

o 

O 

O 

CO. 1 -

_; s 

il 

i 
Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



254 EFFECTS OF DEFECTS IN COMPOSITE MATERIALS 

elliptic equations of equilibrium in terms of these unknown functions and solved 
for displacements near ply cracks using finite difference techniques. In this study, 
thermal and moisture loads were included in the analysis and a finite-element 
model was used to solve for displacements near ply cracks. 

Finite-Element Model 

Constant-strain elements with three nodes were chosen. Hence, the required 
displacement fields (Eq 3) are satisfied for each element by the linear relationships 

M = a, -I- a2X + a^z 
V = at, + a^x + a(,z + i.^y 

z = Oj + flgx -I- a^z 
(4) 

where the a, terms are evaluated in terms of nodal displacements. Elemental 
stiffness and load matrices for mechanical and thermal-moisture loads were 
derived by Renieri [7]. A finite-element computer program was written using 
these elements. Because of laminate symmetry, only the cross-hatched quadrant 
shown in Fig. 2 was modeled. The grid of elements shown in Fig. 3 was used 
to model stress concentrations within the 0-deg ply near the 90-deg ply crack. 
The dimension of the smallest element at the crack tip was less than one graphite-
fiber diameter (see Region A of Fig. 3). 
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TABLE 2—Comparison of finite-element and laminate-plate-theory layer stresses. 

Stress (MPa), finite 
element"/laminate-plate theory [5] 

Layer 

0-deg 
90-deg 
45-deg 

-45-deg 

4.99/5.09 
-117/-117 
54.4/55.8 
54.2/55.8 

574/577 
68.9/69.6 
208/212 
208/212 

0.15/0 
0.14/0 

-94.6/-96.5 
94.2/96.5 

"Finite-element stresses averaged over four elements at each midlayer. 

Traction-free boundary conditions along z = r are approximated by prescrib
ing statically equivalent zero nodal forces. Laminate symmetry along z = 0 
requires displacements w = 0. Similarly, displacements u = 0 along jc = 0 are 
required, except for the traction-free surface 0.5 < z/T < 0.75 that requires 
statically equivalent zero-nodal forces. In the jc-direction along the surface x = L, 
a uniform axial strain, e^, is modeled by prescribing a uniform nodal displacement 
C/o = ^xL. 

FIG. 4—Cryogenic tension test fixture. 
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r n 11J1 u i 11 

FIG. 5—Side-mounted extensometer. 

To check the accuracy of the grid shown in Fig. 3, finite-element stresses 
predicted with no ply crack were compared with thin-laminate-piate theory. This 
comparison is shown in Table 2 when a grid aspect ratio of L/T = 6 is prescribed. 
Using the grid shown in Fig. 3, finite-element predictions of stress far from the 
ply crack {x = 5L) also agree well with thin-laminate-plate theory. 

Procedure 

A total of 73 [0/±45/90],, 73 [0/90/±45],, and 70 [OJ specimens were 
fabricated from the same batch of graphite/epoxy reported in Ref /. All spec
imens were 10.2-cm long with uniform width. Quasi-isotropic laminates were 
1.27-cm wide and unidirectional specimens were 0.64-cm wide. Half of the 
specimens of each type were exposed to 95% relative humidity at 343 K until 
no additional absorbed moisture weight gain could be measured (wet or saturated 
condition). The remaining specimens were dried in an oven at 338 K until no 
additional moisture weight loss could be measured (dry or dehydrated condition). 
The edges of four [0/±45/90], and four [0/90/±45], were polished and repli
cated as outlined in Ref 8 prior to wet and dry conditioning. Thirty-five wet and 
35 dry quasi-isotropic laminates (gage length 7.62 cm) were quasi-siatically 
loaded in tension to fracture using a hydraulic load controlled system. The 
cryogenic tension load fixture is shown in Fig. 4. A special extensometer (shown 
in Fig. 5) was used to measure strain over a 1.27-cm gage length with ±0.05% 
accuracy. Glass/epoxy tabs, 1.27-cm long, were used to grip the quasi-isotropic 
specimens with a fine-mesh stainless-steel interface. The stainless-steel mesh 
allowed thermal contraction mismatch between graphite/epoxy specimens and 
glass/epoxy tabs without causing unnecessary stress concentrations. Glass/epoxy 
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FIG. 6—Weibult plot of wet and dry [01901 ±45], strengths. 

tabs were bonded to all [Og] specimens with epoxy adhesive. No debonding was 
observed at 76 K. 

All specimens with polished edges were loaded in increments of 445 N, and 
replicas were taken of edge damage at room temperature after each load incre
ment. Hence, the load increment required to initiate ply cracking was recorded. 
Thermal cycling after each load increment resulted in no new damage. 

Results and Discussion 

All specimens failed at random locations between grips. There were no ap
parent stress concentrations near tabs that influenced fracture strength. Strengths 
reported in Table 3 compare well with results reported in Ref 4. Hence, strengths 
recorded in Table 3 are minimally influenced by test procedure. Statistical-
distribution functions used to represent inherent scatter should not be chosen a 
priori [9]. Here we used normal and Weibull distribution functions and tested 
for "goodness of fit" using a chi-square test [10]. All [Og], [0/90/±45]s and 
[0/±45/90]s specimens fit the Weibull distribution best with 80% confidence or 
better. Weibull distributions imply a weak-link effect that influences fracture 
strength. 

The largest difference between wet and dry strengths was observed for [0/90/ 
±45]s laminates. Weibull strength distributions for wet and dry [0/90/±45]s 
laminates are shown in Fig. 6. Comparison of Weibull shape parameters 
CwET > CIDRY indicates a more dominant weak-link effect when moisture is ab-
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FIG. 7—Fracture surface of a dry [0/901+45], laminate. 
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sorbed into the dehydrated laminate. Fracture surfaces of dry and wet conditioned 
[0/90/±45]s laminates are shown in Figs. 7 and 8. Figure 7 shows 0-deg ply 
fractures along several 90-deg ply cracks of a dehydrated laminate. When ab
sorbed moisture saturates the laminate, a single 90-deg ply crack dominates the 
0-deg ply fracture shown in Fig. 8 and the Weibull mean strength decreases 8%. 

Stress distributions near 90-deg ply cracks were predicted with the finite-
element model. The mechanical plate load, A'̂ , required to initiate the first 90-
deg ply crack was observed at Â^ = 273 kN/m. Relationships in Eq 1 were 
used to calculate strains, ê  = 4010 |xm/m and ê  = —964 ixm/m, which 
constitute the mechanical load used by the finite-element model. Stresses in 
dehydrated laminates loaded in tension were calculated by superposition of the 
mechanical stresses with residual stresses caused by a temperature change at 76 
K. Stresses in saturated laminates loaded in tension were calculated by super
position of additional residual stresses caused by swelling when moisture is 
absorbed. Moisture weight gain was measured at 1.2% in the saturated state and 
a temperature change of -318 K was chosen, with the idealization of a stress-
free state at 494 K (see Ref / / ) . Using the preceding mechanical and thermal-
moisture loads together with the elastic properties defined in Table 1, stresses 
near the 90-deg ply crack in a [0/90/±45]^ laminate were calculated and plotted 
in Figs. 9 through 11. 

Through-thickness variation of CT, in the 0-deg ply along jc = 0 is shown in 
Fig. 9. Stress in the load JC direction is calculated for three cases: (1) mechanical 
load with no residual stresses, CT^"^^*-"; (2) mechanical load including residual 
thermal load, o-̂ ""*̂  (dehydrated condition); and (3) mechanical load including 
residual thermal-moisture load, a,*^^ (saturated condition). At position zIT = 0.753 
and X = 0, the largest CT̂  stresses are predicted, where CT,'^^'^" < CT^*^^ < â "̂*̂ . 
At position zIT = 0.766 and x = 0, the inequality of cr̂  stresses is reversed. 

Here we assume laminate fracture is dominated by 0-deg ply fracture because 
the 0-deg plies carry the largest portion of the tensile load. Hence, the predicted 
0-deg ply stresses, â *^^ and a^™ ,̂ were compared with the mean wet and dry 
fracture strengths (XWET = 425 MPa, XQRY = 460 MPa). in Fig. 9, stresses 
averaged within the region 0.761 < zIT < 1.0 for saturated (WET) laminates 
are larger near the crack tip than dehydrated (DRY) laminates. Hence, saturated 
laminates would fracture at lower tension loads. Conversely, stresses predicted 
in the region 0.75 < zIT < 0.76 indicate dehydrated laminates will fracture at 
lower loads than saturated laminates. Stresses predicted in the region 0.75 < 
zIT < 0.761 are located approximately one fiber diameter from the 0/90 inter
face. Hence, the heterogeneous graphite/epoxy structure of the 0-deg ply can 
not be modeled as a continuum within the region 0.75 < zIT < 0.76. Stresses 
predicted in this region were ignored. 

Delaminations were observed only at the 0/90 interface near the fracture 
surface. However, delaminations at the 0/90 interface were not observed on 
replicas taken prior to fracture. Since delaminations occurring at the 90-deg ply 

Copyright by ASTM Int'l (all rights reserved); Thu Dec 31 18:34:34 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



KRIZ ON PLY CRACKS 261 

WET 

1 mm 
• ^ — - -

2 

o 

4i 

FIG. 8—Fracture surface of a wet [01901 ±45\ laminate. 
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FIG. 9—Variation of a^ through the 0-deg ply thickness above the 90-def; ply crack tip. Load 
cases: (I) mechanical load N> = 273 kN/m with no residual stress (MECH), (2) mechanical load 
including residual thermal load {-318 K) (DRY), and (3) mechanical load including residual 
thermal and moisture load (+ 1.2% water) (WET). 
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are the same as shown in Fig. 9. 
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FIG. 11—Variation of a^ with x, along surface z/T = 0.766 above 0190 interface. Load cases 
are the same as in Fig. 9. 

crack tip will blunt the stress concentration, fiber breaks within the 0-deg ply 
will not occur near the crack tip. In Figs. 7 and 8, we observed broken 0-deg 
ply fibers near 90-deg ply crack tips. Although delaminations did not influence 
0-deg ply fracture, interlaminar stresses were plotted near the 0/90 interface in 
Figs. 10 and 11. When moisture is absorbed, lower interfacial shear stress, T^,, 
is predicted near the crack tip (see Fig. 10). Similarly, stress normal to the 
0/90 interface is lower when moisture is absorbed (see Fig. 11). Hence, stresses 
leading to delaminations are decreased due to absorbed moisture. 

Laminates with a stacking sequence of [0/±45/90]s were less affected by 
absorbed moisture at 76 K than [0/90/±45]s laminates. Absorbed moisture 
increases [0/±45/90]s laminated strength by 3.8% at 76 K. Fracture surfaces 
of dehydrated and saturated [0/±45/90]s laminates were similar; 0-deg ply fiber 
fractures occurred randomly and stepwise along several 45-deg ply cracks as 
shown in Fig. 12. 

Strengths for unidirectional [Og] specimens, shown in Table 3, scattered more 
than the strengths of quasi-isotropic laminates. Absorbed moisture decreases 
strength 12% at 76 K. When unidirectional graphite/epoxy is bonded to 90- and 
45-deg plies, a constraining effect on strength was observed by Stinchcomb [12]. 
Strengths reported in Table 3 for [0,90, ±45]s specimens are reduced to equivalent 
cross-sectional areas of 0-deg plies and compared with [Og] strengths. This 
comparison is justified when the 0-deg ply fracture is assumed to dominate 
laminate fracture strength. Unconstrained [Og] mean strength is 23% lower than 
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the fracture strength of a 0-deg ply constrained by 90- and 45-deg pHes. Detailed 
discussions on constraint are given in Refs 6 and 12. 

Conclusions 

Predicted dehydrated and saturated residual stresses within 0-deg plies near 
ply cracks account for the observed differences in [0/90/ ±45]^ fracture strengths, 
assuming 0-deg ply fracture dominates laminate fracture at 76 K. Absorbed mois
ture swells 90- and 45-deg plies and changes the residual thermal 0-deg ply 
stresses. When dehydrated laminates are saturated and loaded in tension at 76 
K, larger residual stress exists near the crack tip. Hence, saturated laminates 
fracture at lower tension loads. Fractographic observations confirm this predic
tion, where a single 90-deg ply crack is observed to dominate the fracture of a 
0-deg ply. This dominance of a 90-deg ply crack on the 0-deg ply fracture is 
recovered statistically, where the Weibull shape parameter, a, indicates a stronger 
weak-link effect when [0/90/±45]^ laminates are saturated. Laminate strength 
is increased 8% when dehydrated. 

Laminates with the stacking sequence [0/±45/90]s are less affected by ab
sorbed moisture at 76 K than the [0/90/±45]s laminates. 

Unconstrained [Og] unidirectional strengths are lower with more scatter when 
compared with constrained O-deg ply strengths. Strength of unidirectional graph-
ite/epoxy at 76 K was improved when constrained by crossplies. 
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