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Foreword

The symposium on Damage in Composite Materials, sponsored by ASTM
Committees E-7 on Nondestructive Testing and E-9 on Fatigue, was held in
Bal Harbour, Fla., on 13-14 Nov. 1980. J. T. Fong, National Bureau of
Standards, and K. L. Reifsnider, Virginia Polytechnic Institute and State
University, served as symposium chairmen. K. L. Reifsnider also edited this
publication.
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Introduction

It is well established that the micro-events which reduce the strength and
stiffness, and determine the life of composite laminates (commonly referred
to as “‘damage’’) are complex, various, and intricately related to a variety of
failure modes under different circumstances. The study of individual details
of damage is certainly of academic interest. However, it was the objective of
the symposium which formed the basis for this book to provide a forum for
the general discussion of the specific nature of damage in composite mate-
rials as a collective condition, what might be called a ‘“‘damage state.”” The
symposium was sponsored by Subcommittees E09.03 on Fatigue of Compo-
site Materials and E09.01 on Research, in Committee E-9 on Fatigue.
Committee E-7 on Nondestructive Testing also contributed in a formal way.
The symposium material was chosen and organized to specifically serve
three groups of people.

1. Materials scientists and nondestructive evaluation practitioners: For
this group, the symposium was intended to provide an opportunity to estab-
lish the mechanisms which create damage in composite materials, to discuss
the experimental methods that can be used to investigate those mechanisms,
and to study the relationship of these mechanisms to loads, strains, and
other environments.

2. Fatigue researchers in composite materials: For this group, whether
they consider composites to be structural materials or models for studying
microscopic damage of complex material systems such as metal alloys, ce-
ramics, semi-crystalline polymers, etc., it was intended that the symposium
provide an attempt to establish the nature of damage accumulation, and to
identify and characterize cumulative damage states as collective entities as an
approach to anticipating the residual properties and response of such mate-
rials. This emphasis included an effort to develop modeling methods and
analytical techniques which can be used to represent damage states and to
anticipate response in unfamiliar circumstances.

3. Designers and others primarily concerned with the application of com-
posite materials to engineering structures and with the nondestructive testing
of those structures: The symposium was intended to provide information to

Copyright” 1982 by ASTM International Www.astimn.org



2 DAMAGE IN COMPOSITE MATERIALS

this group which could be used to assess the damage tolerance of various
composite laminates and structures in terms of their subsequent strength, life
and stiffness following the formation of damage states.

The material the Symposium Committee chose to include in the sympo-
sium and in this book was based on these criteria.

In a more general sense, the contents of this book should serve a variety of
technical people in a variety of ways. Engineers who only want to consider
damage mechanisms and damage development to the extent that they can
use those concepts in design will find that several papers deal specifically
with relationships between damage development and life (see papers by Ba-
daliance and Dill, Ramkumar, Wilkins et al, and O’Brien). Engineers and
others on the ‘““‘design side’’ will also find discussions of property reductions
due to damage development and the influence of environment on damage
development and subsequent property reductions (see papers by Highsmith
and Reifsnider, Kriz and Stinchcomb, and Masters and Reifsnider). Techni-
cal people with a nonspecialist interest will find an excellent review of the
“state-of-the-art” in the sense that virtually all major damage mechanisms
are discussed from the standpoint of detection, characterization and model-
ing, and finally from the standpoint of their influence on engineering
behavior.

But perhaps the book has the most to offer those investigators who are vi-
tally involved in the study of damage as such. For that group, this book is
the most complete collection of information, knowledge, and philosophy
which deals with damage in composite materials currently available. More-
over, the book bridges the gap between micro-observations and macro-
behavior, the most critical and difficult step in the process of attempting to
make technical and scientific progress in this area. And experimentalists will
be especially glad to find that investigative techniques are discussed (some
quite new) in sufficient detail to allow direct adoption by the reader (see pa-
pers by Mordfin; Sendeckyj, Maddux, and Porter; Masters and Reifsnider;
Highsmith and Reifsnider; and Wilkins et al).

Perhaps one last point should be made in our introductory comments.
One overriding question is at the heart of many of the investigations de-
scribed herein, and was the central issue that motivated the symposium asso-
ciated with this book. Basically, that question is, ‘“What philosophy and ra-
tional analysis can we use to describe and explain damage development in
composite laminates so that we can anticipate their residual strength, stiff-
ness, and life under engineering conditions?” In a general sense, this question
requires a replacement for the single crack problem (and fracture mechanics)
in homogeneous isotropic materials. The discovery and development of such
a philosophy is the ultimate goal of our efforts to study damage. Without
such a development the practical application of composite materials will be a
desultory effort which produces a random array of limited successes and
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costly failures. With such a development as a foundation, a rational exploita-
tion of the widely recognized advantages of composite materials for many
engineering purposes is possible and probable.

K. L. Reif;nider

Department of Engineering Science and Me-
chanics, Virginia Polytechnic Institute and
State University, Blacksburg, Va. 24060;
symposium cochairman and editor.



Damage Mechanisms: Accumulation
and Nondestructive Investigation



L. Mordfin'

Toward the Nondestructive
Characterization of Fatigue Damage
in Composite Materials

REFERENCE: Mordfin, L., “Toward the Nondestructive Characterization of Fatigue
Damage in Composite Materials,” Damage in Composite Materials, ASTM STP 775,
K. L. Reifsnider, Ed:, American Society for Testing and Materials, 1982, pp. 7-15.

ABSTRACT: This paper is based upon introductory remarks presented at the opening
of the ASTM Symposium on Damage in Composite Materials. The cooperation be-
tween specialists in fatigue and in nondestructive testing, in the organization and im-
plementation of the symposium, is marked as a noteworthy milestone in an era in
which closer cooperation between these two groups will be needed in order to achieve
enhanced quality in materials and manufactured products.

Experiences with an unusual form of damage in pultruded guys for antenna support
systems are described to show that the development of meaningful test methods for
composites may benefit from unconventional approaches. It is suggested, further-
more, that the development of voluntary standards for the nondestructive characteri-
zation of composite materials will succeed only to the extent that individuals with the
relevant competences are encouraged to contribute to this important activity.

KEY WORDS: composite materials, damage, fatigue, guys, mechanical testing, non-
destructive testing, pultrusions, standards

Few ASTM symposia have titles which are as long or as specific as the title
of this symposium (Damage in Composite Materials: Basic Mechanisms, Ac-
cumulation, Tolerance, and Characterization). In choosing this title the sym-
posium organizing committee felt that it was important to specify precisely
the kind of information which it wanted to acquire and to disseminate. To a
large extent the committee was successful in this endeavor, but not entirely
so. Note that the symposium is sponsored by ASTM Committees E-7 on
Nondestructive Testing and E-9 on Fatigue but that neither “nondestructive
testing” nor *‘fatigue’” appears in the symposium title. I think it is safe to
infer that where the title says Damage it is supposed to imply Fatigue Damage
primarily, and where it says Characterization it is supposed to imply Nondes-

! Acting chief, Office of Nondestructive Evaluation, National Bureau of Standards, Washing-
ton, D. C. 20234.
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8 DAMAGE IN COMPOSITE MATERIALS

tructive Characterization primarily, although other kinds of damage and
other kinds of characterization were not excluded from the program.

The nondestructive characterization of fatigue damage—in this case for
composite materials—is the theme of mutual interest that brought Commit-
tees E-7 and E-9 together in this cooperative effort. That is a significant
event because these two committees have not joined forces very often in the
past. Upon consulting my outdated membership lists for the two committees
I think I discovered the reason for this. As of 1978 Committee E-7 had 288
members, Committee E-9 had 257 members, but only three individuals held
membership in both committees! Those statistics suggest that the members
of the two committees have generally different interests.? If that is, indeed,
the case, then I am hopeful that this symposium will show that the differen-
ces are not as great as once might have been perceived. The advances that
have been achieved over the past decade in our understanding of fracture
mechanics and fatigue crack propagation show us, beyond question, that
cooperation between specialists in fatigue and in nondestructive testing is
vital if we are to succeed in our national quest for enhanced quality in mate-
rials and manufactured products.

An immediate requirement for such cooperation is represented by our
need for standard methods for nondestructively characterizing fatigue dam-
age in composite materials. Committee E-9 has recognized this need for
some time but Committee E-7 has not yet responded to this need. This is not
meant as an indictment, but rather to point out that the development of test
methods for composite materials may require some radical departures from
the approaches that we have used so successfully in the past for conventional
materials.

The brief narrative that follows may clarify this point. Several years ago I
had the privilege of leading a research program, in the old Engineering Me-
chanics Section of the National Bureau of Standards, to characterize the me-
chanical behavior of pultruded rod products. The rods we worked on were
fabricated from polyester resin, heavily reinforced in the axial direction with
continuous fiberglass roving. These rods are used widely for guying com-
munications towers and arrays all over the world. Literally miles of the rod
are employed in applications of this kind, as shown in Fig. 1, as well as for
insulators on cross-country power lines. The rods are coated with an epoxy
formulation for enhanced environmental resistance.

Our work, which was supported by a number of government agencies’
which have responsibilities for the design, erection, or maintenance of such
systems, was concerned with evaluating the mechanical properties and per-

2Those statistics also explained to me how I was selected to serve on the organizing commit-
tee for the symposium; I am one of the three.

% Air Force Materials Laboratory, Army Electronics Command, National Bureau of Stand-
ards, Naval Facilities Engineering Command, Rome Air Development Center, U. S. Coast
Guard, and U. S. Information Agency.
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FIG. 1—Pultruded guys support an antenna mast.

formance of the rods under the kinds of operational and environmental con-
ditions that they might be expected to see in service [/-5].* This was not a
problem of trivial concern because failures of antenna guys can and do lead
to catastrophic failures of the structures which they support.

Because of our involvement it was not uncommon that, when failures of
rods occurred in service, the failed pieces were sent to us for examination. It
was in this way that we became aware of a very unusual failure mode that
sometimes appeared. Figure 2 shows one of these, in which the rod fractured
near one of its end fittings. Note the surprisingly smooth fracture surfaces
normal to the fiber direction. This failure mode is entirely different from
anything we had seen in the laboratory, where fracture surfaces were invari-
ably jagged and involved considerable brooming of the fibers.

Figure 3 shows a pultruded guy which had failed at some distance from its
end fittings. The fracture surface normal to the fibers again looks as though
it had been made with a fine saw. Upon closer examination, however, it be-
came clear, as shown in Fig. 4, that the fracture surface through the epoxy
coating was, in fact, considerably smoother than the fracture surface
through the fibers.

We could not explain this mode of failure. We conducted tension, torsion,

* The italic numbers in brackets refer to the list of references appended to this paper.
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FIG. 2—Puliruded guy which failed near one of its end fiitings.

FI1G. 3—Pultruded guy which failed ar some distance from its end fittings.
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FI1G. 4—Fracture surface on the pultruded guy shown in Fig. 3.

bending and buckling tests, and we conducted fatigue and creep rupture tests
in all types of simulated environments, but we were unable to reproduce this
failure mode in the laboratory. Then, one day, we received from the field the
failed rod shown in Fig. 5. This rod exhibited the same type of fracture sur-
face normal to the fibers, but it showed us something we had not noted pre-
viously—a series of hairline cracks normal to the rod axis. This led us to sus-
pect that the hairline cracks represented a form of damage which, if
undetected, could propagate into relatively smooth transverse fractures. But
what caused the hairline cracks?

A pultrusion manufacturer suggested that transverse hairline cracks could
be produced by shock tension loads such as might be experienced by certain
guy configurations in the field under sudden wind gusts. We mounted a piece
of rod in an electro-hydraulic testing machine and applied a tensile load to it
at an extremely high rate of loading to a level just short of the nominal
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F1G. 5—Pultruded guy which failed at some distance from its end fittings. exhibiting transverse
hairline cracks.

breaking load. Then we unloaded it and carefully examined it for transverse
hairline cracks. We found nothing.

The next morning one of our technicians went to remove the rod from the
testing machine and found, to our surprise, three transverse hairline cracks
in the specimen, as seen in Fig. 6. By applying a gradually increasing tensile
load to the rod in this condition, the hairline cracks began to propagate into
transverse fractures, shown in Fig. 7, of the kind we had been seeking to gen-
erate for so long. In subsequent work we were able to show that the kind of
damage represented by the hairline cracks could be produced in certain
kinds of coated pultruded rod by a shock tension load followed by an incu-
bation period of several minutes or hours.

This unusual two-stage test method has since been incorporated into the
national specifications for coated pultruded rod for guying applications
(6,71, but that is not the point of this story. It is easy now, with hindsight, to
postulate mechanisms that explain damage of this kind in pultruded rod. But
we didn’t think of such mechanisms before, probably because we—my asso-
ciates and I—had spent most of our careers until then doing research on me-
tals and metal structures, and we were not accustomed, at that time, to think-
ing in terms of the different things that can happen with composites. |
suggest that when you are dealing with inhomogeneous, anisotropic, and
viscoelastic materials like organic-matrix composites, your intuition may
well be better off without a strong background of experience with metals. We
have seen, for example, that many of the mechanical test methods for com-
posites have been developed by ASTM Committees D-20 on Plastics and
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FIG. 6—Pultruded rod specimen with three transverse hairline cracks that were produced in the
laboratory by a shock tension load followed by an incubation period. (The horizontal black line
along the lower surface of the specimen is a scuff mark, )

FYG. 7—The pultruded rod specimen from Fig. 6 during a subsequent tension test
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D-30 on High Modulus Fibers and Their Composites, involving people who,
for the most part, have not been similarly involved in Committee E-28 on
Mechanical Testing.

This hypothesis is relevant to the situation we now face wherein Commit-
tee E-7 on Nondestructive Testing has not yet satisfied the needs of Commit-
tee E-9 on Fatigue for standard nondestructive methods for characterizing
damage in composite materials. I submit that the difficulty may lie in the fact
that the active membership of Committee E-7, while unquestionably compe-
tent, consists primarily of individuals with strong backgrounds in the non-
destructive testing of metals.

This is not to imply that nondestructive test methods for composites are
not being developed. Some of the papers in this symposium and in other re-
cent symposia and conferences show that such methods are being developed.
But the developers have not pursued the standardization of their methods. I
maintain that until they have taken that step they have not completed their
developments. Examples have been cited elsewhere [8] which show that the
most advantageous time to pursue the standardization of a test method is
during the development of the testing methodology itself. Attempts to retro-
fit standards to accommodate already well-developed test methods often re-
sult in less satisfactory compromises.

Let me summarize. I think that the cooperative effort here between spe-
cialists in fatigue and in nondestructive testing is significant, and I am hope-
ful that this symposium will mark the beginning of an era of increasing
cooperation between these two groups. I think that the development of test
methods for composite materials can benefit from the ingenuity of young
minds and fresh approaches that are unencumbered by long experience with
the testing of traditional materials. And, finally, let me encourage those of
you who are developing nondestructive test methods for composite materials
to become involved in the standardization activities of Committee E-7 on
Nondestructive Testing. I can assure you of a warm welcome and, more im-
portantly, you will be taking a significant step toward giving the whole na-
tion the benefit of your accomplishments.
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ABSTRACT: The results of an experimental study of penetrant enhanced stereo X-ray
radiography for damage documentation in resin-matrix composite materials are pre-
sented. The results show that penetrant enhanced stereo radiography can describe ac-
curately the spatial distribution of matrix cracks and delaminations. Presence of fiber
fractures can be inferred from the matrix cracking patterns.

KEY WORDS: stereo X-ray radiography, tetrabromoethane, composite materials,
graphite/epoxy composites, delaminations, matrix cracks, fiber fractures, nondestruc-
tive evaluation

An accurate description of the state of damage as a function of fatigue load-
ing is required for successful development of procedures for predicting the
residual strength and fatigue life of composite structures. The state of dam-
age in composites can be documented by using nondestructive evaluation
(NDE) techniques. Of the available NDE methods, only penetrant enhanced
X-ray radiography has the resolution capability to record matrix cracks, de-
laminations, and fiber bundle fractures {1,2].° Unfortunately, the X-ray
procedure used by the composites community does not provide through-the-
thickness information on the state of damage. In an attempt to overcome
this deficiency, we have adopted a three-dimensional X-ray technique used
by the medical profession. While sophisticated X-ray techniques (such as
computer aided tomography and multiple film laminography) are in every-
day use in medicine, classical stereo X-ray radiography is more than ade-
quate for the documentation of the state of damage in resin-matrix compos-
ites. Herein, we will describe the penetrant enhanced stereo X-ray method
that we have been using, describe a simple procedure for constructing the

' Aerospace engineers, Structural Integrity Branch, Structures and Dynamics Division, Flight
Dynamics Laboratory, Air Force Wright Aeronautical Laboratories (AFSC), Wright-Patterson
Air Force Base, Ohio 45433.

? Nondestructive testing engineer, Universal Technology Corp., Dayton, Ohio 45432.

? The italic numbers in brackets refer to the list of references appended to this paper.
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three-dimensional image of the damage, and present some typical examples
of stereo X-ray radiographs of damage in graphite/epoxy test specimens.

Penetrant Enhanced Stereo X-ray Radiography Procedure

Stereo radiography is a well established X-ray procedure, described in ref-
erence books [ 3-5]. The standard procedure consists of making two X-ray
radiographs of an object from slightly different orientations. This can be
done by translating the X-ray source relative to the object/film combination
by moving either the X-ray tube or the film and object. In either case, the
amount of permissible translation is limited by the characteristics of the cone
of X-rays emanating from the X-ray tube. To overcome this difficulty, we
adopted a different procedure for making the X-ray stereo radiographs. The
procedure makes use of a special fixture for properly positioning the film
and object being X-rayed. The fixture, shown on edge in Fig. 1, consists of a
“bed” that can be precisely rotated with respect to the X-ray source. The bed
consists of a lead foil (to absorb the X-rays that penetrate the film) mounted
on a foam rubber cushion which is in turn mounted on a wooden plate that
can be rotated about an axis in its plane. The foam rubber cushion and lead
foil are slightly smaller than the test section to avoid difficulties in maintain-
ing intimate contact between the film pack and specimen caused by the load
introduction tabs on the specimen. When positioned directly under the X-ray
source, the bed can be rotated through any desired angle with the specimen
at the center of the cone of X-rays. The angle of rotation is controlled by a
positioning pin system.

The following procedure was used in making the stereo X-ray radiographs
presented herein:

1. The specimen was treated with tetrabromoethane (TBE), an X-ray
opaque penetrant, to bring out the details of the damage. The penetrant was
necessary to provide sufficient contrast between the damage and the graphite/
epoxy so that the damage could be observed. The TBE was applied continu-
ously to the surfaces of the specimen in the damaged region for 30 min to
give it sufficient time to penetrate into all of the matrix cracks and delamina-
tions. After it had fully saturated the damage regions, the excess TBE was

LEAD FOIL
; ~-FOAM RUBBER CUSHION

P |
/ Z WOODEN PLATE

v AXIS OF ROTATION

FIG. 1—Cross-section view of specimen holding fixture.
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removed from the surfaces of the specimen with absorbent towels. Note that
other penetrants, such as zinc iodide in an alcohol solution or diiodobutane
(DIB), can be used just as easily and more safely. We used the TBE because
we had a supply of it on hand.

2. The saturated specimen was placed on top of a Kodak* Type R single-
coat industrial film pack placed on the lead foil in the fixture. The fixture
was positioned precisely under the X-ray source by using a laser positioning
system mounted on the X-ray machine. The fixture then was set to give the
desired viewing angle. A small-focal-spot Norelco 150 X-ray unit, set at a
focal film distance of 91.4 cm and operating at 25 kV and 5 mA, was used to
expose the film. The film was exposed for 1.5 min.

3. Step 2 was repeated for each desired viewing angle. We used three view-
ing angles (—15, 0, and 15 deg) to give three possible stereo pair combinations.

4. The X-ray negatives were printed at X4 magnification on high contrast
paper. This was done to bring out the fine details in the damage region.

Initially, we tried using Type R double-coat film because of a shorter re-
quired exposure time. This proved to be unsatisfactory for our purposes be-
cause the X-ray images on the two emulsions are slightly displaced, resulting
in a double image on the film. This leads to loss of resolution in the stereo
image constructed from the stereo pair.

Reconstruction of Stereo X-ray Pairs

The perception of three-dimensionality in a scene involves a complex in-
teractive relationship between the brain and the eyes. The eyes, operating at
a fixed distance apart, each provide a slightly different view. The brain com-
bines this sensory information with years of observations involving all of the
senses to reach a conclusion about the scene. If the scene is photographed by
a pair of cameras having the same angular separation from it as a pair of eyes
would have, the resulting images can be used to reconstruct a reasonably ac-
curate three-dimensional view. This view exists only in the mind of the viewer.
This is accomplished by placing the images in such a way that the left eye can
see only the left image and the right eye the right image. A number of ways
for accomplishing this have been developed since the introduction of stereo
photography in the 19th century [6].

The most popular instrument for viewing stereo pair images is the stereo-
scope invented by Brewster in 1844. It consists of a pair of convex lenses
mounted in a hand-held frame which allows the images to be moved to com-
pensate for variations in the user’s eyesight. Unfortunately, many viewers do
not have the same degree of nearsightedness or farsightedness in both eyes

“ Reference to a company or product name does not imply approval or recommendation of
the product by the Air Force Wright Aeronautical Laboratories to the exclusion of others that
may be suitable.
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and the viewing position is a compromise. It was, and still is, awkward to
look through optical elements of any sort with eyeglasses on. A more conven-
ient device, called the telestereoscope, was invented by Helmholtz in 1857. It
has a more sophisticated set of optics, which permit individual focusing of
each eyepiece, adjustable distance between eyepieces, and variable magnifi-
cation. It has an additional advantage in that much larger pictures can be
viewed. The telestereoscope has been used for interpreting aerial photo-
graphs and is still being manufactured. If the viewer suffers from astigma-
tism, he must still use his glasses and the stereo optics.

The aforementioned difficulties and the requirement to have a display unit
which also could be used in routine examination of specimens led to the con-
struction of the viewer used in this effort. The unit is designed so that it could
be used by a number of viewers, one at a time, with no intervening adjust-
ments. The concept is actually the oldest, being invented by Whetstone in
1838. The present device shown in Fig. 2 consists of an enclosure, an inter-
nal light source, two front surface mirrors, and a frame for holding the photo-
graphs. The viewer positions himself so that he is centered on the intersec-
tion of the two mirrors and close enough to the unit so that the left eye can
see only what is reflected from the left mirror and the right eye can see only
the reflection from the right mirror. The viewer can do so comfortably with
his glasses on. As can be seen from the ray trace diagram in Fig. 3, the two
separate images appear to merge in the center, behind the mirror. The angle
between the mirrors is somewhat arbitrary. Once it is chosen, the angular
position and location of the photograph planes can be determined. The angle
was chosen for our unit so that a conveniently sized display box could be
fabricated.

The brain assembles the information from the superimposed images and is
convinced that there is a three-dimensional object located behind the mir-
rors. Owing to the fact that the reflections in the mirrors are reversed left to
right, the perspective of the scene is reversed. It is as though one is looking
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FIG. 2—Device for viewing X-ray stereo pair photographs.
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FIG. 3—Ray trace diagram illustrating reconstruction of three-dimensional image from stereo
pair photographs.

through the back surface toward the front. This can be corrected by revers-
ing the photographs during printing or exchanging the left photograph for
the right one. Since identifying X-ray opaque markers are normally placed
on the reference surface(s), it really does not make any difference in which
direction the reconstruction is viewed. It is interesting to note that the length
of time it takes to see a three-dimensional view ranges from almost instantly
to a few seconds, from individual to individual. Once the reconstructed
three-dimensional image is perceived, the point of attention can wander
around the image without losing the depth perception. Even though the
present viewing unit can be used successfully by people who cannot use the
telestereoscope, there are a few people who cannot merge the stereo pairs.
This inability is possibly due to strabismus or some other malfunction.

At the outset of this section, we mentioned that the recording cameras
normally are located at the same angular separation as the eyes. Quite satis-
factory reconstructions can be obtained using larger angles. The effect in the
reconstruction is to change the perspective or perception of depth. In the
case of stereo radiography, the resulting reconstruction is an arrangement of
abstract objects in space. Since the brain has no prior experience of having
encountered a view like this, it does not care whether the object appears to be
a fraction of an inch in depth or an inch or more. The stereo recording
geometry thus can be varied to yield the most information. For the purpose
of damage documentation in composites, the primary interest is in the rela-
tive location of damage artifacts as opposed to determining the exact depth-
wise separation between the artifacts. Automated photogrammetry proce-
dures can be used to obtain precise spatial information [J].
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The process of taking the radiographs, converting them to 20.3 by 25.4 cm
(8 by 10 in.) photographs, and locating them in the viewing box is not very
convenient for laboratory use. The radiographs could be back lighted and
projected onto the photo plane. An even more interesting, but much more
expensive, approach might be to view the backlighted radiographs with
video cameras. Television monitors could then replace the photographs.
With appropriate zoom lenses and positioning apparatus, the entire speci-
men could be examined first and then an enlargement of an area of interest
made. In addition, the contrast of selected areas could be greatly enhanced
to bring out subtle details.

Examples of Application to Damage Documentation

The penetrant enhanced X-ray stereo radiography procedure described in
the previous sections was used to document the fatigue induced damage ac-
cumulation process in the [(0/145/90)s]; T300/5208 graphite/epoxy speci-
mens used in Ref 2. The specimens were 25.4 mm wide and contained a cen-
trally located circular hole with 4.75 mm diameter. The reader is referred to
Ref 2 for a detailed description of the specimen geometry. The specimens
were subjected to 150 000 cycles of constant amplitude fatigue loading at a
frequency of 5 Hz. The maximum and minimum cyclic loads were 13.3 kN
and 1.33 kN, respectively. Note that the maximum cyclic load used is ap-
proximately 86 percent of the static tensile strength of the specimens.

Specimen AB-100

A penetrant enhanced stereo X-ray triple of the fatigue induced damage in
Specimen AB-100 is shown in Fig. 4. The left, center, and right views in the
figure were obtained by using —15, 0, and 15-deg viewing angles, respec-
tively, in making the X-ray photographs. The viewing angles are defined in

F1G. 4—Penetrant enhanced X-ray stereo triplet of damage in Specimen AB-100.
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FIG. 5—Sketch showing the orientation of specimen and film relative to X-ray source and the
resulting relative location of artifacts on film.

Fig. 5. Any two of the three views can be used to reconstruct a stereo image
of the damage in the specimen. Since details can be lost in the printing proc-
ess, stereo sketches of interesting damage features were prepared from en-
larged photographs of the views in Fig. 4. A typical stereo triplet sketch, il-
lustrating a number of damage indications, is shown in Fig. 6.

As can be seen from the stereo views in Figs. 4 and 6, the fatigue loading
has caused matrix cracking in the vicinity of the hole in all the 0-deg plies.
The depth location of these matrix cracks can be determined from either the
stereo image of the damage or the relative location of the matrix crack indi-
cations (dark vertical lines in the two figures) in the different views. If the
stereo image is used, the depth perception of the damage details depends on
how the different views are merged to form the stereo image. If the views are
merged with the aid of an optical device like the stereoscope, the left eye sees
the left view and the right eye sees the right one. This type of image merging
is referred to as conventional stereo viewing. If the stereo pairs are viewed
without optical aids, the depth perception depends on whether the stereo
pairs are merged conventionally or cross-eyed. In cross-eyed viewing, the left

]

FIG. 6—Stereo triplet skeich of selected damage features from Fig. 4.
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eye sees the right image and the right eye sees the left one. As a result, the
depth perception is reversed from that in conventional merging. In cross-
eyed viewing, images further apart than the eye separation can be merged,
while in conventional unaided viewing the images have to be located closer
to each other than the eye separation.

When the relative location of the crack indications in the different views is
used to determine the depth of the cracks, the matrix cracks in the bottom
surface 0-deg ply (the ply adjacent to the film pack during the X-raying proc-
ess) have essentially zero relative displacement in the different views. The
matrix cracks in the middle and top surface 0-deg plies are displaced to the
left in the left-hand view and to the right in the right-hand one relative to
their location in the center view. The magnitude of the relative displacement
indicates the depth location of the matrix cracks. The matrix cracks with the
largest relative displacement in the views are in the top surface 0-deg ply,
while those with an intermediate relative displacement are in the subsurface
plies. This procedure for determining the depth location of damage features
was used to determine the spatial location of the matrix cracks in the 0-deg
plies. The depth location of these matrix cracks is indicated in the right-hand
view in Fig. 6 by letters B, M, and T (standing for the bottom, middle, and
top, respectively). The depth location of the matrix cracks in the off-axis
plies and delaminations between plies also can be determined by this proce-
dure. Thus, the matrix cracks in the 45-deg plies shown in the sketches in
Fig. 6 are in the 45-deg ply adjacent to the back surface 0-deg ply. These ma-
trix cracks are initiated by the matrix cracks in the back surface 0-deg ply.
Whether they are associated with fiber fractures in the 45-deg ply cannot be
determined from the present results. The delamination feature, indicated by
the letter D in Fig. 6, is between the back surface 0-deg ply and the adjacent
subsurface 45-deg ply. This delamination feature is a region in which the
penetrant evaporated out due to the presence of the matrix cracking. Simi-
larly, the delamination feature just above the hole is between the top surface
0O-deg ply and the adjacent subsurface 45-deg ply. With these preliminary
considerations out of the way, we can form the following description of the
fatigue induced damage in the specimen:

1. Matrix cracks are present in the vicinity of the hole in all the 0-deg
plies. The matrix cracks in the middle 0-deg plies occur at the edges of and
are tangent to the hole. The matrix cracks in the surface 0-deg plies occur at
these and a number of other locations. The matrix cracks tangent to the hole
are due to the stress concentration at the edge of the hole. The other matrix
cracks are due to the presence of delaminations between the surface and sub-
surface plies.

2. Matrix cracks are present in the 45-deg plies in the vicinity of the hole
and along the specimen edges. These have the appearance of dark 45-deg
lines in the different views in Fig. 4. The matrix cracks in the 45-deg plies in
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the vicinity of the hole are in the 45-deg plies adjacent to the surface 0-deg
plies. They were initiated by the matrix cracks in the surface 0-deg plies. This
can be inferred from the short matrix cracks sketched above the hole in Fig. 6.
The matrix cracks in the 45-deg plies near the specimen edges are associated
with the matrix cracks in the —45-deg plies. These matrix cracks are in the
45-deg plies nearest to the 90-deg plies and were initiated by the matrix
cracks in the —45-deg plies. -

3. Anextensive pattern of matrix cracks in the 90-deg plies can be seen in
the views in Fig. 4. Most of these cracks were initiated at the free edges of the
specimen and have propagated towards the specimen center. This can be
confirmed by the horizontal crack indications (horizontal dark lines) in Fig. 4
that terminate inside the specimen. Evidence of matrix cracks in the 90-deg
plies that did not initiate at the specimen edges can be seen in the views in
Fig. 4. One such crack associated with the extensive matrix cracking in the
—45-deg ply in its vicinity has been sketched above the hole in Fig. 6.

4. An extensive pattern of matrix cracks in the —45-deg plies can be seen
near the specimen edges. The cracks are associated with the matrix cracks in
the 90-deg plies. Most of these cracks run towards the specimen center, but
do not cross the specimen width. The exception to this is the cracks intersect-
ing the circular hole. Thus, the matrix cracks in the —45-deg plies were in-
itiated at the free edges by the matrix cracks in the 90-deg plies.

5. Delaminations are present near the hole and along the specimen edges.
The delaminations have the appearance of dark regions with diffuse edges
and lighter colored splotches in their interiors. The delaminations near the
hole are between the surface 0-deg plies and the subsurface 45-deg plies.
Whether delaminations between the other plies are also present near the hole
cannot be determined from the photographs. The delaminations along the
specimen edges are between the interior 90-deg plies and the adjacent —45-deg
plies.

Specimen AB-97

A penetrant enhanced stereo X-ray triple of the fatigue induced damage in
Specimen AB-97 is shown in Fig. 7. As can be seen by comparing this figure
with Fig. 4, the damage features in Specimen AB-97 are similar to those in
Specimen AB-100. The extent of the delaminations near the hole is the only
difference.

Conclusions and Recommendations
The experimental results lead to the following conclusions:
1. Penetrant enhanced stereo X-ray radiography gives detailed information

on the nature and spatial distribution of damage in graphite/epoxy compos-
ites. It can find fiber fractures [ ,2], matrix cracks, and delaminations.
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F1G. 7—Penetrant enhanced X-ray stereo triplet of damage in Specimen AB-97.

2. Fatigue loading of [(0/%45/90);]; specimens with a center hole causes
extensive matrix cracking in the 90-deg and the +45-deg plies. It also causes
matrix cracks in the 0-deg plies near the hole. The extensive matrix cracking
is believed to cause the delaminations resulting from the fatigue loading.

Based on our experience with TBE enhanced stereo X-ray radiography, we
offer the following recommendations:

1. A procedure for obtaining more detailed information on the damage
associated with the delaminations should be developed. We believe that this
can be done by varying the time between the introduction of the penetrant
into the damage regions and taking of the stereo radiographs.

2. A procedure for rapidly quantifying the spatial distribution of the
damage should be developed. This may be done by using either laminography
or photogrammetry.
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ABSTRACT: Techniques have been developed for determining fracture directions and
locating fracture origins for graphite/epoxy (Gr/Ep) laminates that fail by overload.
These techniques have used the scanning electron microscope (SEM) to identify failed
epoxy component topographic features (hackles) that characterize overload failures.
Now, the hackle interpretation technique is used to trace hackles back to fracture
origin locations on the fracture surfaces of tensile failed Gr/Ep test coupons and
structures.

Recently, these SEM studies have been expanded to include fatigue tested cross-plied
Gr/Ep specimens. Patterns of arrest marks (striations) have been associated with ten-
sion-compression fatigue crack propagation for some Gr/Ep test specimens. The stria-
tion features are distinctly different in appearance from hackles; therefore, they pre-
sent a promising topographic feature to differentiate tension-compression fractures
from overload fractures in Gr/Ep composites. Visual, nondestructive testing, and
SEM techniques that were used to identify the striation topographic features are de-
scribed. Progress to date is presented on attempts to correlate observed striation pat-
terns with fatigue damage growth in Gi1/Ep test specimens.

KEY WORDS: composite materials, fatigue, fracture (materials), fractography, failure
analysis, graphite/epoxy, hackles, striations

Aircraft and automobile components, as well as sporting equipment, are
being fabricated of graphite/epoxy (Gr/Ep) composites. There are no stand-
ardized fractographic techniques for conducting failure analyses for this
material. The techniques that are most often used for analyzing these failures
have been primarily mathematical and can only speculate as to where frac-
ture origins are located; they have not identified the initiating mode of fail-
ure. Current visual and scanning electron microscope (SEM) examination
techniques for Gr/Ep fractures include assessing the degree of fiber pull-out
or the profiles of fracture surfaces. Many of these studies have been confined
to unidirectional composites that do not necessarily duplicate the fracture
characteristics of cross-plied laminates.

! Unit chief and engineer, respectively, Materials and Physics Laboratories, McDonnell Air-
craft Co., McDonnell Douglas Corp., St. Louis, Mo. 63166.
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One technique has been reported for determining fracture directions and
locating fracture origins for Gr/Ep laminates that fail by overload.> When
Gr/Ep composites fail, the fracture surfaces are comprised of the graphite
fiber and epoxy matrix components. For overload failures, the fractured
epoxy matrix most often has a characteristic overlapping platelet topographic
feature, shown in Fig. 1, that has been termed both hackles and lacerations.’
The way that hackles overlap has been interpreted to determine the fracture
directions for the various exposed plies of a failed Gr/Ep composite. In addi-
tion, the fracture directions have been traced back to fracture origin loca-
tions. These are the first two required steps for conducting a failure analysis
of metals,* graphite/epoxy, or any other failed material. Graphite/epoxy
components are subjected to the same static and cyclic service loads as the

3um
FIG. 1—Hackles (fractured epoxy) and graphite topographic features on an overload fracture
surface of graphite/epoxy composite.

2Morris, G. E. in Nondestructive Evaluation and Flaw Criticality for Composite Materials,
ASTM STP 696, American Society for Testing and Materials, 1979, pp. 274-297.

?Chamis, C. C. and Sinclair, J. H., “Mechanical Behavior and Fracture Characteristics of Off-
Axis Fiber Composites Il—Theory and Comparisons,”” NASA Technical Paper 1082, National
Aeronautics and Space Administration, Washington, D. C., Jan. 1978,

* Fractography and Atlas of Fractographs. ASM Metals Handbook, Vol. 9, American Society
for Metals, Metals Park, Ohio, 1974,
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metal components to which they are attached. Because hackles characterize
static failures, it also was considered necessary to study fatigue failed Gr/Ep
specimens to detect topographic features that could define this fracture mode.

This report describes recent SEM studies that have been conducted to
characterize constant amplitude fatigue failed Gr/Ep cross-plied laminates.

Procedure
Equipment

All fatigue testing was conducted at constant amplitude using an MTS
load frame. A JOEL Model JSM-2 scanning electron microscope was used
to study and document the topographic features of the failed Gr/Ep test
specimen fracture surfaces. Stereo viewing of stereo pairs of SEM fracto-
graphs, taken at +5 and —5 deg, was considered the best way to study and
interpret the fracture surface topographic features of the failed specimens.

Specimen Fabrication

Twenty-five ply-thick Gr/Ep (AS/3501-6, MMS-549 Type II) laminates
were fabricated for this examination. Panel P1 was a 48/48/4 fiber domi-
nated laminate with a [+45, —45, 0, 0]3, 90, [0, 0, —45, +45]; layup, and
Panel P2 was a 16/80/4 matrix dominated laminate with a [+45, —45, 0,
+45, —45]2, +45, —45, 90, —45, +45, [—45, +45, 0, —45, +45], layup. The
panels were cured in an autoclave for 2 h at a maximum temperature of
177°C (350°F) at 0.69 N/m (100 1bs/in.), and subsequently were post-cured
at the same temperature for 8 h in an air-circulating oven. Test specimens
measuring 3.81 cm (1.50 in.) wide by 17.8 cm (7 in.) long, shown in Fig. 2,
were machined from each panel with diamond impregnated tools using es-
tablished machining techniques for graphite/epoxy. A 0.64-cm (0.250-in.)-
diameter hole was machined at the center of each specimen. Ultrasonic “C”
scan inspection of the laminates and all test specimens, after the completion
of machining, indicated that all specimens were acceptable.

Test Procedure

The initial study was conducted on a 16/80/4 specimen that was tension-
compression constant amplitude fatigue tested at room temperature in air

90
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FIG. 2—Graphite/epoxy fatigue specimen.
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using an MTS load frame operating at 5 Hz according to the following
schedule:

Cumulative Maximum Load Maximum Load
Number of Number of Tension, Tension, Specimen
Cycles Cycles kN (Ibs) kN (Ibs) Condition’
500 500 57.0 (128200 —57.0 (—12820) NF-NDT
2500 3 000 43.9 (9870) —43.9 (—9 870) NF-NDT
2500 5 500 439 (9870) —43.9 (—9 870) NF-NDT
1370 6 870 43.9 (9870) —43.9 (—9 870) fail

“NF = No failure; specimen supported loads. NDT = Enhanced penetrant radiographic
inspection.

The Radiographic Inspection Procedure (NDT) enhanced radiographic
inspections indicated in the test schedule were conducted using tetrabromo-
ethane (TBE) enhanced Z1-22A Magnuflux penetrant in a ratio of one part
TBE to three parts of Z1-22A. The penetrant was applied to the hole surface
and to the outside edge surfaces during each test stoppage. Enhanced radio-
graphs were taken to document the extent and location of any damage pro-
gression that occurred during each test interval. Figure 3 presents four views
of a failed specimen. The +45-deg oriented surface plies are obviously de-
laminated, and the right and left edge views show several obvious splits be-
tween variously oriented subsurface plies. Figure 4 shows how the fatigue
damage progression was monitored with the enhanced radiographs.

Left Front Right Back
Edge 0.635cm Dia Hole Edge

FI1G. 3—Four views of the failed graphite/epoxy tension-compression fatigue specimen.
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3,000 Cycles 3,000 Cycles

5,600 Cycles 5,600 Cycles

FIG. 4—Enhanced radiographs showing damage growth (white lines) during tension-compression
Jfatigue testing of a graphite/epoxy specimen.
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To examine the fracture surface topographic features, the outside +45-deg
oriented surface ply was peeled from the specimen. A distinct texture varia-
tion was obvious between the fatigue incurred damage and the delaminated
overload zone that resulted from peeling the surface ply from the specimen,
shown in Fig. 5. The delaminated fracture surface that resulted during fatigue
testing had a mottled appearance that was comprised of alternate light and
dark bands. The created fracture surface appeared uniformly black. Because
the fluorescent penetrant used during the enhanced radiographic inspections
had dried, it was decided to examine several of the exposed fracture surfaces
under a black light. The dried penetrant on the mating fracture surfaces be-
tween the second and third plies fluoresced as shown in Fig. 6, and differen-
tiated the fatigue created surfaces from the overload created surfaces.

It is anticipated this technique can be applied to any failed Gr/Ep compo-
nent to examine the extent of test or of in-service incurred damage. Removal
of the dried fluorescent penetrant has proven to be somewhat difficult using
standard acetone solvents in an ultrasonic cleaning tank. Various solvents
are being evaluated to solve this problem.

A SEM was used to detect and document topographic features that would
characterize fatigue fractures of Gr/Ep composites. Prior to SEM examina-
tion, gold was sputtered onto the fracture surface of each specimen ply to ob-
tain optimum resolution of the topographic features and to minimize static
charging by the SEM electron beam.

Test Results and Discussion

During SEM examination there were distinct differences in the topographic
features between the fracture surface in the mottled and uniformly black

450
|2.54cm| s

FIG. 5-—Surface texture variations between fatigue (mottled) and created (uniformly black)
zone in graphite/epoxy.
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FIG. 6—Comparison between white light (top) and black light (bottom) appearances of mating
fracture surfaces of a graphite/epoxy tension-compression fatigue specimen.
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FIG. 7—Variations in fatigue striation morphology.
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areas. In the SEM, the uniformly black, manually created, fracture surfaces
consisted of relatively clean graphite fibers and hackles—topographic fea-
tures that characterize overload failures (Fig. 1). The mottled areas exhibited
several topographic features. However, striations were the most commonly
observed feature that typified the fatigue created zones. Striations appeared
with several variations, as shown in Fig. 7. Proximate to the fastener hole
and on opposite sides of the hole, individual striations could not be detected.
However, what appeared to be concave bands of striations were detected in
the epoxy component; the adjacent graphite fibers appeared relatively clean.
Striations with two configurations were detected away from the hole. Graph-
ite fiber striations were located on the fibers and were oriented normal to the
fiber axes and convex to the hole. Epoxy striations were oriented more
nearly parallel to the fiber axes. The epoxy striations appeared to be more
numerous and closer spaced than the fiber striations. However, at some loca-
tions, the epoxy striations were extensions of the fiber striations. A relation-
ship between the number of striations and the cyclic fatigue loading could
not be determined. Because of the adjacent composite plies and different
orientations, the spacing and orientation of the fiber striations apparently

Zum

a}l Epoxy Striations Propagating From Adjacent Fibers b) Epoxy Striations Propagating From the Top of One
Toward Each Other Fiber to the Base of the Adjacent Fiber

¢} Combined Striation and Hackle Propagation d) Striations on Hackle-Like Features

FIG. 8—Various fatigue striation configurations.
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are influenced by the orientations of the fibers on which they are located and
the relative orientation of the applied fatigue loads. Fiber and epoxy stria-
tions were detected on fibers of +45, —45, 0 and 90-deg plies.

Striations similar to those observed on the graphite fibers have been re-
ported previously for cyclic debonding of unidirectional composite bonded
to aluminum sheet for constant-amplitude loading. The striations spacing
reportedly reflected the debonding rate that was monitored using a photo-
elastic coating technique. A correspondence between the debonding rate or
striation spacing with respect to the application of one or more fatigue cycles
apparently was not included in the test regime. Roderick et al did not at-
tempt to explain the formation of individual striations.’

TABLE 1—Test conditions for constant amplitude fatigue specimens.

Specimen Layup Fatigue Conditions®
Percentage Maximum Stress, Minimum Stress, Cycles to
0/45/90 Plies MPa (ksi) MPa (ksi) Stress Ratio Failure
48/48/4 443 (64.3) —443 (—64.3) -1 6 690
48/48/4 445 (64.5) —445 (—64.5) -1 7 000
48/48/4 439 (63.7) —439 (—63.7) -1 4 890
48/48/4 378 (54.8) —378 (—54.8) -1 30 840
48/48/4 287 (41.6) —287 (—41.6) -1 279 350
48/48/4 233 (33.8) —467 (—67.7) -2 11 910
48/48/4 188 (27.2) —375 (—54.4) -2 377 770
48/48/4 233 (33.8) —467 (—67.7) -2 12 550
48/48/4 0(0) —465 (—67.4) — 535 960
48/48/4 0(0) ~—460 (—66.7) —o0 431 520
48/48/4 375 (54.4) —375(—54.4) -1 75 030
16/80/4 291 (42.2) —291 (—42.2) -1 170
16/80/4 292 (42.3) —292 (—42.3) -1 40
16/80/4 248 (35.9) —248 (—35.9) -1 1150
16/80/4 192 (27.8) —192 (—27.8) -1 11 650
16/80/4 0(0) —309 (—44.8) ~o0 570
16/80/4 0(0) —247 (—35.8) ~e0 28 810
16/80/4 148 (21.5) —297 (—43.0) -2 110
16/80/4 123 (17.9) —246 (—35.7) -2 2 220
16/80/4 121 (17.6) —243 (—35.2) -2 3160
16/80/4 99 (14.4) —199 (—28.8) -2 226 190
16/80/4 234 (33.9) —234 (—33.9) -1 4 850
16/80/4 226 (32.7) ~226 (—32.7) -1 5 060
16/80/4 202 (29.3) —202 (—29.3) -1 20 140
16/80/4 246 (35.6) —246 (—35.6) -1 1120

7100 MPa = 14.50 ksi.

*Roderick, G. L., Everett, R. A., and Crews, J. H., “Cyclic Debonding of Unidirectional
Composite Bonded to Aluminum Sheet for Constant-Amplitude Loading,” NASA Technical
Note TN D-8126, National Aeronautics and Space Administration, Washington, D. C., Jan.
1976.
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Some other configurations of striations that were observed during the ex-
amination are presented in Fig. 8. These SEM fractographs were studied
using stereo pairs and the striations had the following appearances. Figure
8a shows striations in the epoxy propagating from adjacent fibers in oppo-
site directions toward each other. The striations were concave to the nearest
fibers and propagated such that one set of striations overlapped at the frac-
ture surface created by the other set of striations. In Fig. 85, epoxy striations
initiated at the common sides of each fiber and propagated in a common di-
rection toward the adjacent fiber. They propagated away from the top of
each fiber and terminated near the bottom of the adjacent fiber. In Fig. 8¢, a
similar fracture propagation sequence occurred, but instead of propagating
completely to the adjacent fiber by epoxy striation formation, the epoxy ap-
peared to fracture initially by fatigue (striations) and finally by overload, as
evidenced by hackle formation during the latter 40 to 50 percent of the inter-
fiber crack propagation. In Fig. 84, striations were observed on the surfaces
of hackle-like topographic features.

In an attempt to understand what kinds of fatigue test conditions resulted
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FIG. 9—Graph showing the presence or absence of striation ropographic features for fiber domi-
nated fatigue test specimens.
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in the formation of striations, numerous test specimens that had been tested
in tension-tension, tension-compression, or compression-compression con-
stant amplitude fatigue at room temperature, in air, at 5 Hz, in an MTS load-
ing frame were dissected and examined.

Table 1 shows the test conditions for the failed fatigue specimens that were
studied. Each failed specimen was examined using the procedures described
for the initial 16/80/4 specimen. The specimens were classified as either ‘‘ex-
hibiting” or “‘not exhibiting” striation topographic features. Figure 9 shows
the results of the study that was concluded on 48/48/4 fiber dominated spec-
imens. The clear triangles represent specimens that exhibited striations with
the SEM and the dark triangles present specimens for which striations were
not detected. The axes represent applied stresses as a percent of the ultimate
tensile strengths and percent of the ultimate compressive strengths. This
plot, although lacking data points below about 50 percent of the ultimate
compressive strength, still indicates that the maximum compressive strengths
that resulted in striation formation were somewhere between 65 and 80 per-
cent of the ultimate compressive stress.
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FIG. 10—Graph showing the presence or absence of striation topographic features for matrix
dominated fatigue test specimens.
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FIG. 11—Plot of combined fiber and matrix dominated fatigue test specimens.

Figure 10 shows the results that were obtained for a 16/80/4 matrix domi-
nated layup. Again an apparent zone existed between 60 and 70 percent of
the ultimate compressive stress above which striations were not observed.

When the preceding specimens were plotted together, as shown in Fig. 11,
a common boundary area at about 65 to 70 percent of the tensile compres-
sive strength appeared to be present to separate the striation containing spec-
imens from those that did not exhibit striations. These plots represent prelimi-
nary data, however, and additional tests are going to be conducted to corre-
late further the formation of striations with the combination of applied ten-
sile and compressive stresses. If this correlation can be accomplished, it
possibly can provide design and strength engineers with data that can be
used for future applications of graphite/epoxy.

Summary

The examination of Gr/Ep element specimens failed by known modes has
resulted in the identification of microscopic topographic features associated
with the different modes of failure. In past studies, hackles have been associ-
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ated with fracture direction in overload Gr/Ep specimens. In this study, stria-
tions have been associated with fatigue damage growth in tension-compres-
sion loaded Gr/Ep specimens. Preliminary test results indicate that the
formation of striations may be limited, and will not occur in Gr/Ep fatigue
specimens in which more than 70 percent of the ultimate compressive
strength of the specimen has been applied.
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The ability to predict the strength of high performance composite mate-
rials under complex loading conditions is a necessary ingredient for rational
design with such materials. Similarly, because composite materials are fre-
quently used in structures subjected to dynamic loads, it is also important
that their response to cyclic loads be well known and understood.

Pipes states that no unified failure model has emerged to date; rather, a
multitude of models are being developed to describe a multimode failure
process [1].} Similarly, Stinchcomb states that our current understanding of
the failure of composite materials is incomplete [ 2]. Although we can detect,
identify, and monitor damage details during the process of failure, we do not
understand how the individual details combine to form the damage state

! Senior research scientist, General Dynamics Corp., P.O. Box 748, Fort Worth, Tex. 76101.

? Professor, Department of Engineering Science and Mechanics, Virginia Polytechnic Insti-
tute and State University, Blacksburg, Va. 24060.

* The italic numbers in brackets refer to the list of references appended to this paper.
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which controls the fracture of the materials. Stinchcomb further states that
only through assiduous investigations of mechanics and materials interac-
tions throughout the loading history can we hope to characterize flaws more
completely and understand their relationships to material response.

This report will detail the results of an investigation of cumulative damage
development in laminated graphite epoxy plates. It will begin by describing
the material system examined and the experimental procedures employed.
This will be followed by a qualitative description of the cumulative damage
development observations. Finally, quantitative experimental results will be
presented, followed by a brief outline of the proposed characteristic damage
state model.

Materials and Experimental Procedures

The specimens studied in this investigation were constructed of Hercules
Type AS/3501-5 graphite/epoxy prepreg. Two quasi-isotropic configurations
were studied: [0/+45/—45/90];s (referred to as Type 1) and [0/90/+45/—45]s
(referred to as Type II). The Type I laminates had a 28 percent resin content,
and the Type II laminates had a 31 percent resin content. The specimen
geometry is illustrated in Fig. 1. These two layups are of particular interest
because even though large differences in laminate properties exist, laminate
plate theory predicts identical in-plane stresses (0., o0,, and 7). The
through-the-thickness normal stresses (o:), however, are quite different for
these two laminates. Applying the Pipes and Pagano analysis [3] indicates
that under axial tensile loading the o, stresses in the Type I laminates are ten-
sile throughout the thickness at the laminate edges, while the largest o;
stresses in the Type II laminates are compressive [4].

Tests were conducted in quasi-static tension and constant amplitude
tension-tension fatigue. All the fatigue tests and a portion of the quasi-static
tension tests were run on a 222400 N (50 000 1b) MTS testing machine. The
remaining quasi-static tests were run on a Model 1125 Instron testing ma-
chine. The 89000 N (20 000 Ib) capacity machine was run at a constant cross-
head displacement rate of 1.3 mm/min (0.05 in./min). All specimens were
held using 89000 N (20000 1b) Instron wedge grips.

TYPE 1: [0/145/90]’
/I TAPERED GLASS z , TwEn [ orsorzas)

o EPOXY END TABS Y
’ | :
48 PLIES

}
2.0" ~!— 30" ———L—— 20" —

FIG. 1—Specimen configuration.
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The general approach was to apply nondestructive test techniques to in-
terrogate the specimens during loading. The goal of the study was to define
the physical mechanisms which lead to ultimate failure of the material.
Damage development in the form of transverse cracking in all off-axis lami-
nae, longitudinal cracking, and delamination was monitored throughout the
tests. Results of the study include a detailed description of the chronology of
events leading to failure of the two specimen types.

The bulk of the data reported in this paper was obtained through the mi-
croscopic examination of surface replicas. This technique was first used to
monitor damage in composite material by Masters and Stalnaker [4,5]. With
this procedure it was possible to obtain quickly highly detailed permanent
records of the entire specimen edge while the specimen was held at load. This
was important because, in the unnotched specimens studied, damage (trans-
verse cracking) was dispersed along the entire specimen edge. A thorough
discussion of the technique can be found in Ref 6.

The experimental procedure employed in the monotonic tension tests was
quite straightforward. The specimen was mounted in the Instron wedge
grips, and an 1100 N (250 Ib) tensile load was applied to open any initial
cracks which may have resulted from thermal curing or handling. An initial
surface replica then was made. (Experience has indicated that these cracks
may go undetected if a slight tensile load is not applied first.) Once the initial
crack pattern was recorded, tensile ramp loading was continued. The loading
subsequently was halted periodically so replicas could be made. The speci-
men was held at load for approximately 5 min during these periods. Again,
once the replication was completed, the ramp loading continued until the
next load level was reached, and the replication process was repeated. Load-
ing continued in this manner until specimen failure occurred.

There is no experimental evidence to indicate that this procedure adversely
affected the observations. Ultrasonic attenuation remained unchanged and
there was no acoustic emission during replication periods.

Fatigue specimens were subjected to 1000000 cycles of tension-tension
fatigue (R = 0.1). These tests were conducted at 15 Hz with a maximum
stress level of 275.7 MPa (40 ksi). This stress level was chosen since it would
be an upper bound design level, the stress at which first ply failure would
occur if thermal residual stresses were neglected. The average ultimate stress
measured for Type I laminates was 602 MPa (87 ksi). The average Type Il
value was 532 MPa (77 ksi).

The experimental procedure for these tests was similar to the static test
procedure. The specimen was mounted in the wedge grips, an 1100 N (250 1b)
tensile load was placed on the specimen, and an initial replica was made. The
specimen was then loaded to mean load (P mean) and cycled in tension-
tension fatigue. As in the static tests, loading was interrupted periodically for
surface replication.
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Cumulative Damage Development

Resuits of the surface replica observations indicate that two distinct dam-
age patterns develop in the specimens depending on the stacking sequence;
that is, the damage states in Type 1 ([0/4+45/—45/90]5) and Type II
([0/90/+45/—45]s) materials were reproducible from specimen to specimen
and were distinctly different according to specimen type. Surface replication
results also indicated that the same damage patterns developed under mono-
tonic tension and tension-tension fatigue loading.

Figure 2 illustrates typical segments of Type I ([0/£45/90]s) and Type II
([0/90/%45]s) laminates at advanced quasi-static load levels. A phenomeno-
logical description of the damage development will be presented in this sec-
tion. Quantitative results will be discussed in a later section.

In the case of both Type I and Type II specimens, damage appeared first in
the form of transverse cracking of the 90-deg laminae. These transverse
cracks were arrested initially at the lamina interfaces and did not propagate
to adjacent plies. As the load increased, cracks appeared almost solely within
the 90-deg laminae. From this point on, however, the sequence of events
differed.

In the [0/+45/—45/90]s (Type 1) laminates, the number of transverse
cracks in the 90-deg lamina increased until a uniform pattern of periodically
spaced cracks was formed over the entire length of the specimen. As the load
increased, transverse cracks appeared in the —45-deg laminae (terminating
at the lamina interfaces), again reaching a saturation crack spacing (Fig. 2).

Longitudina}y Cracking

X {

FIG. 2—Photomicrographs of replicas showing details of damage development: (left) [0/145/90]s
laminate and (right) [0/90/145]s laminate.
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Coincident to this transverse crack extension into the —45-deg laminae, lon-
gitudinal cracks grew from transverse cracks in the 90-deg lamina (Fig. 2).
These longitudinal cracks appeared at several locations along the specimen
length and propagated axially with increased load. They eventually joined
together, linking all 90-deg lamina transverse cracks, and formed one con-
tinuous edge delamination which spanned the entire specimen length. The
only new damage that appeared from this point to failure was the formation
of a few cracks in the +45-deg laminae. In extending over the specimen
length, the longitudinal cracks occasionally “jogged” to the 90/—45-deg inter-
face and then “jogged™ back to the interior of a 90-deg lamina or to the cen-
tral 90/90-deg lamina interface, as shown in Fig. 3. As the loading was in-
creased, the central delamination opened further; that is, it extended from
the edges toward the center of the specimen. This delamination never fully
propagated across the specimen width prior to failure, however.

Damage in the [0/90/+45/—45]s (Type II) specimens also began with
transverse cracking that initially spanned only the 90-deg lamina. These
cracks were much more numerous (that is, the saturation spacing was much
smaller) in the Type 11 specimens than in the Type 1 specimens. As load in-
creased, transverse cracks appeared in all of the remaining off-axis laminae.
This was particularly evident at elevated load levels (Fig. 2).

In general, each off-axis lamina in the Type II specimens appeared to seek
independently to achieve a saturation crack spacing before ultimate speci-
men failure occurred. In contrast to the Type I specimens, negligible longi-
tudinal cracking appeared in the Type II specimens. It existed only in short
segments at one or two locations in the 90-deg laminae along the specimen
length (Fig. 2) and has been attributed to local material defects {7].

As stated earlier, comparable damage states developed under quasi-static
tension and tension-tension fatigue. The sequence of damage development in
the fatigue specimens follows the description given previously. Examination
of the surface replicas indicates that comparable damage states existed in fa-

FIG. 3—Longitudinal cracking in [0/£45/90])s laminate.
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tigue specimens after one-half cycle (that is, when loaded from zero to Ppax)
and in statically loaded specimens at equivalent load levels. However, when
fatigue cycling continued, additional cracks formed as a function of addi-
tional cycles of loading. The type of cracks that form (that is, the type of
laminae that develop cracks) is controlled by the load level, but the number
of cracks increases for successive cycles of loading at that level until a satura-
tion number of cracks is reached in the individual laminae.

There were, however, two significant features in the Type I fatigue damage
sequence that did not appear in the static loading case. The first was the
presence of significant damage in the +45-deg laminae. No significant dam-
age was noted in these laminae in the static tests. It should be noted, how-
ever, that although significant numbers of cracks appeared in these laminae
and crack spacing values appeared to be stabilizing, saturation was not at-
tained at 1000000 cycles. The second difference was the presence of delam-
ination at the +45/—45-deg lamina interfaces, shown in Fig. 4. While a
“forked” crack-+45/—45-deg delamination pattern was noted in the static
results, the delaminations caused by fatigue loading were much longer.

Similarly, although no significant delaminations or longitudinal cracks
appeared in the statically loaded Type II specimens, delaminations at the
+45/—45-deg lamina interfaces were evident in the fatigue loaded speci-
mens, shown in Fig. 5. These delaminations were seen in several segments
along the specimen edge and appeared to grow from a transverse crack in
one 45-deg lamina to a transverse crack in the adjacent 45-deg lamina. In
many instances, these delaminations were the final link in a crack pattern
that extended from one 90-deg lamina to the other, crossing the whole lami-
nate edge [8).

Figure 6 presents a diiodobutate (DIB) enhanced radiograph of Specimen
I-15 after it has been subjected to 1000000 fatigue cycles. It illustrates sev-

FIG. 4—Fatigue damage features in [0/145/90]s laminate.



46 DAMAGE IN COMPOSITE MATERIALS

F1G. 5—Fatigue damage features in [0/90/ 1 45)s laminate.

eral key features which confirm damage development observations made via
the edge replication technique. The existence of a characteristic damage state
is verified by the uniform damage pattern observed over the whole specimen
length. A periodic crack spacing is seen in all of the off-axis (that is, 90, +45,
and —45-deg) laminae. The extent of delamination from the specimen edge
into the center is also evident. Transverse cracks are oriented at 90, +45, and
—45-deg, indicating that they propagate along the fibers (that is, fibers are
not broken in this stage of damage development). This has been verified
through microscopic investigation of sectioned specimens [6]. The radio-
graph also shows that these cracks transverse the entire specimen width, in-
dicating that the damage observed at the specimen edge via surface replica-
tion is representative of damage in the specimen interior.

F1G. 6—DIB enhanced X-ray radiograph of [0/145/90]s fatigue specimen.
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Static Test Results

A quantitative description of the cumulative damage/saturation spacing
development observed in quasi-static tension tests will be presented in this
section. Information defining the observed cumulative damage development
is reported in terms of crack spacing. This can be interpreted physically as
the average distance between transverse cracks. These values were obtained
by scanning the replicas of the specimen edges on a metallograph and count-
ing the number of transverse cracks in each lamina. The average crack spac-
ing distance then was computed by dividing the lamina length by the total
number of transverse cracks in the lamina. This is equivalent to physically
measuring the distance between each crack and taking the numerical aver-
age. To simplify the data presentation, the numerical average of the two
crack spacing values obtained (one for each 90, +45, and —45-deg lamina)
will be reported. Data which demonstrate the validity of these procedures is
available in Ref 6. Due to space limitations, it will not be presented here.

Figure 7 illustrates the damage development in [0/1+45/90]s Specimen I-6.
Loading was halted at 520 MPa (76 ksi) and the specimen was sectioned so
that the internal damage could be recorded. Several fundamental character-
istics of damage development in tensile loaded [0/145/90]s laminates can be
seen in the figure. First, there was no appreciable damage in the +45-deg
lamina. This was true of all specimens tested, even those loaded to failure.
The figure also demonstrates that transverse cracks appear first in the 90-deg
lamina and that, in the 90-deg lamina, spacing values near the final satura-
tion spacing values are attained very early in the loading. Saturation was at-
tained at 415 MPa (60 ksi), but at 277 MPa (40 ksi) the crack spacing was 90
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FIG. 7—Damage development in [0/+45/90]s Specimen I-6.
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FIG. 8—Damage development in 90-deg plies of [0/ +£45/90])s laminates.

percent of the saturation level. Saturation spacing was not attained in the
—45-deg lamina until 450 MPa (65 ksi). The replicas also indicated that lon-
gitudinal cracking was first evident at 242 MPa (35 ksi). When loading was
halted at 520 MPa (76 ksi), it had just reached full extension over the entire
specimen length.

To demonstrate the reproducibility of the damage development, the crack
spacing versus applied stress histories of five [0/145/90]s (Type I) specimens
have been plotted in Figs. 8 and 9. Two of the specimens were tested under
controlled load. The remaining three were tested under controlled displace-
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FIG. 9—Damage development in —45-deg plies of [0/+45/90)s laminates.
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ment. The horizontal lines in each figure represent values predicted earlier by
Reifsnider using a modified shear-lag analysis [9]. This analysis will be dis-
cussed further in the Appendix.

Figure 8 illustrates the results obtained for the 90-deg laminae. Saturation
spacing was attained in all specimens. The initial portions of the curves differ
in slope, and crack spacing values differ at low stress levels. (The stress level
at which cracking begins in each lamina was not determined.) However, all
the curves coalesced to the same approximate crack spacing. The average
spacing was 0.756 *+ 0.06 mm (0.029 % 0.002 in.). This spacing was obtained
at an average stress level of 402 + 8 MPa (58 ksi). Figure 9 shows the crack
spacings in the —45-deg laminae for the same five Type I specimens. The
same observations apply; despite initial variances, the curves coalesced to a
common value. The average saturation spacing in the —45-deg lamina was
1.12 + 0.17 mm (0.044 £ 0.006 in.) attained at an average stress level of
485 + 70 MPa (70 ksi).

Also shown in the figures are the average stress levels for longitudinal crack
initiation and complete crack extension. The initiation level, 247 + 35 MPa
(36 ksi), is defined as the average stress level at which longitudinal cracks
first appeared, initiating at 90-deg transverse cracks (Fig. 2). The full exten-
sion level, 493 £ 71 MPa (71 ksi), is the average stress level at which these
separate longitudinal cracks first join together to form a continuous edge de-
lamination. The investigators did not observe any influence of this longitudi-
nal cracking/delamination on the transverse crack development. However,
this possibility was not thoroughly investigated.

We now turn our attention to the Type II, [0/90/+45/—45]s laminates.
Figure 10 traces the development of the saturation spacings for the 90, +45,
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FIG. 11—Damage development in 90-deg plies of [0/90/£45]s laminates.

and —45-deg laminae of Specimen 2652-10 [loaded to failure at 570 MPa
(83 ksi)]). The figure demonstrates that transverse cracking again appears
first in the 90-deg laminae, and shows that saturation spacing was achieved
for the 90 and —45-deg fiber orientations. The 90-deg lamina curves are quite
flat, indicating that crack spacings comparable to saturation values were at-
tained early in the loading. The curves for the other two ply orientations
demonstrate that although cracking appears at higher loads, it rapidly ap-
proaches saturation.
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FIG. 12—Damage development in +45-deg plies of [0/90/ +45)s laminates.
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FIG. 13—Damage development in —45-deg plies of [0/90/145]s laminates.

The results of four typical quasi-static tension tests are plotted in Figs. 11,
12, and 13. All laminates were loaded to failure. The average ultimate stress
was 532 £ 24 MPa (77 ksi). The horizontal lines in each figure represent the
values predicted from the modified shear lag analysis [ 9]. Again the figures
demonstrate the consistency of the characteristic saturation spacing values
from specimen to specimen. Although some variance is seen in the initial
portions of the curves, crack spacing values coalesce to the characteristic
crack spacing values for the 90 and —45-deg lamina. The average crack spac-
ings were 0.393 + 0.016 mm (0.0154 £ 0.0006 in.) and 1.64 £ 0.10 mm
(0.0645 = 0.004 in.), respectively. The saturation spacings in the +45-deg
lamina were disrupted by crack growth from ply to ply prior to failure.

As in the case of the Type I specimens, it must be emphasized that in the
Type II 90-deg lamina, crack spacing values near to saturation values were
attained at relatively low loads. Although cracking first appears in the 90-deg
lamina of both specimen types, a comparison of these average stress levels
also reveals that damage occurs at a much lower stress level in the Type I
90-deg lamina than in the Type II 90-deg lamina. The average saturation
stress level was 471.5 MPa (68 ksi) for Type II specimens versus 402.2 MPa
(58 ksi) for Type I specimens. The average saturation stress levels for the
—45-deg lamina were similar, however, with 485.6 MPa (70 ksi) for Type I
and 473 MPa (69 ksi) for Type II specimens.

Fatigue Test Results

As noted earlier, the fatigue specimens demonstrated damage develop-
ment sequences which were very similar to those observed in the static
specimens.
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FIG. 14—Fatigue damage development in [0/+45/90]s Specimen I-15.

The data in Fig. 14 represent typical crack development in a Type I lami-
nate subjected to tension-tension fatigue loading. The figure shows that the
crack spacings in the 90 and —45-deg plies again reach a saturation spacing.
The crack spacing in the 90-deg plies for three Type I, [0/145/90]s speci-
mens has been plotted versus cycles of loading in Fig. 15. The ordinate has
been expanded to impart a better representation of the relative scatter of the
data. While a small variability is seen in the data for the early parts of the
tests, the crack spacings of each specimen remain stable through the majority
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FIG. 15—Fatigue damage development in 90-deg plies of [0/ 1+ 45/90]s laminates.
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FIG. 16—Fatigue damage development in —45-deg plies of [0/145/90]s laminates.

of the fatigue life. The average final crack spacing value was 0.802 = 0.08 mm
(0.032 £ 0.003 in.). Figure 16 is a similar plot for the —45-deg plies of the
same specimens. The same observations as to the stability of the saturation
crack spacing at advanced cycles may be made for this data [the average
value here was 0.959 4+ 0.13 mm (0.0377 % 0.005 in.)]. Finally, the same
general behavior was noted in the +45-deg lamina data shown in Fig. 17.
When cycling was halted at 1 000 000 cycles, an equilibrium spacing was not
achieved. However, the test data again show good consistency [the average
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FIG. 17—Fatigue damage development in +45-deg plies of [0/ 145/90]s laminates.
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FIG. 18—Fatigue damage development in [0/90/ 1 45]s Specimen I1-20.

spacing was 3.20 £ 0.20 mm (0.126 + 0.0078 in.)]. The predicted saturation
spacing is below the data since the crack spacing is still changing.
Consider now the [0/90/+45]s laminates. Figure 18 displays the crack de-
velopment history of a typical Type II laminate subjected to tension-tension
fatigue loading. All three off-axis plies reach a stable (regular) crack spacing.
To compare the crack spacings in the various lamina of three specimens, the
values again have been separated and plotted versus the number of cycles.
These plots are seen in Figs. 19 through 21. The horizontal lines in these fig-
ures represent the analytically predicted saturation spacings. The saturation
crack spacing varies little from specimen to specimen. The average values
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FIG. 19—Fatigue damage development in 90-deg plies of [0/90/145)s laminates.
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FIG. 20—Fatigue damage development in +45-deg plies of [0/90/145]s laminates.

are 0.380 £ 0.018 mm (0.149 £ 0.0007 in.), 0.639 = 0.093 mm (0.0252 +
0.0004 in.), and 1.06 % 0.120 mm (0.0419 £ 0.0047 in.) for the 90, +45, and
—45-deg lamina, respectively.

Summary of Experimental Results

The significant feature observed consistently throughout this investigation
was, in the opinion of the authors, the development of the unique saturation
crack spacing in the off-axis laminae. Table 1 lists the average saturation
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FIG. 21—Fatigue damage development in —45-deg plies of [0/90/ 1+ 45)s laminates.
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TABLE 1—Saturarion crack spacing, mm.

Type Loading

Predicted
Lamina Quasi-Static Fatigue Value
Type 1 {0/+45/—~45/90]s
90 0.756 + 0.06 0.802 + 0.08 0.760
+45 oo 3.201 + 0.20 0.755
—45 1.12+0.17 0.959 + 0.13 0.879
Type 11 [0/90/+45/—45]s
90 0.393 + 0.016 0.380 + 0.018 0.363
+45 0.737 + 0.059 0.639 + 0.093 0.875
—45 1.64 £ 0.10 1.06 + 0.120 1.21

“Negligible damage observed, spacing not computed.

crack spacings attained under both quasi-static and fatigue loading for all
the specimens studied. Several observations can be made from this table
relevant to the nature of damage development in the laminates. The variance
in the experimentally determined saturation spacing values is generally quite
small, indicating that the values were reproducible from specimen to speci-
men. A second observation is that the saturation spacing values for the two
laminates ([0/+£45/90]s and [0/90/145]s) are distinctly different. Finally,
the table demonstrates that equivalent saturation spacings were developed
under quasi-static tension and tension-tension fatigue in both laminates.

Further evidence of the reproducibility of this saturation spacing phenom-
enon is seen in Figs. 22 and 23. The figures demonstrate the insensitivity of
the saturation spacing to cyclic load frequency. These figures compare the
crack spacing versus applied fatigue cycle data obtained in this study with
data from Stalnaker’s study [4]. In that study, specimens identical to those
used for the present study were cycled to the same 275 MPa (40 ksi) stress
level in tension-tension fatigue (R = 0.1) but at a frequency of 1 Hz (versus
15 Hz used in this study). The figures demonstrate that equivalent crack
spacings were observed in both studies. However, these crack spacings were
reached after (1000 cycles in Stalnaker’s 1 Hz tests as compared to 1000000
cycles in this study. This indication of a fatigue frequency effect on the rate
of damage development is consistent with the observations of Sendeckyj
[10], Sun [11], and Reifsnider et al [12,13].

Conclusions

The cumulative damage data developed in this study indicated that the
[0/+45/90])s and [0/90/+45]s graphite epoxy laminates developed two dis-
tinctly different crack patterns. These patterns were created by the formation
of transverse cracks with a regular spacing (a saturation spacing) in each off-
axis lamina. Examination of the data reveals that this spacing is unique for
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each lamina in the laminate. The data also show that the saturation spacing
values are highly reproducible from specimen to specimen.

This spacing is not merely a characteristic of fiber orientation. Laminae in
[0/1£45/90]s specimens had saturation crack spacing values that differed
from the values observed in corresponding laminae in [0/90/145]s speci-
mens (for example, saturation spacings in 90-deg plies of Type I and Type I1
laminates were quite different). The crack spacings were different even
though laminated plate theory predicts identical stresses in the individual
plies.

A comparison of the edge replicas of specimens subjected to quasi-static
tension and tension-tension fatigue indicated that the saturation crack spac-
ings are independent of load history. Identical damage states were formed
under high static stresses and repeated cycles at lower stress levels.

The saturation crack patterns observed are characteristic damage states in
the sense that they are well-defined, unique damage patterns that are charac-
teristic of a given laminate, independent of loading history. Such a well-
defined physical situation is amenable to well-set modeling, as we have sug-
gested by comparisons to a simple model published earlier. However, the
characteristic damage state is a wholly physical situation which our observa-
tions suggest is generic for the type of matrix cracking discussed in this inves-
tigation of this type of graphite epoxy composite laminates.

APPENDIX

A brief summary of the one-dimensional analysis used to predict saturation crack
spacings cited in the text is presented below.

Figure 24 shows an edge view of a laminate divided into three regions. The center re-
gion of width a represents a cracked ply; the regions on either side of width ¢ represent

Ua Uso Ua
T I T i
i !
I i
I i
X il
e I

I
Ye— +— —I"‘E—i—a-l— -
il I I
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ih I
1 :I
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FIG. 24—Schematic diagram of a crack in the center plies of a laminate (edge view).
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the adjacent region of influence, and the remainder of the specimen thickness consists
of the material beyond these two regions. For purposes of illustration, we take the
broken region to be the 90-deg plies of a [0/145/90]s graphite epoxy laminate. Con-
sider the equilibrium of an element dx long, with unit thickness, representing a region
just above or below the crack plane in Fig. 24. A simple force balance is written in-
cluding only stress components thought to be important, with two shear stress com-
ponents on either side of the element representing the action of the constraint layers
and an axial normal stress component within the element in this case. The resulting
equation is

d2U9o ( U45 - UM)
aExo —— + 2G{ ——] =0 1)
0 dxt b ¢

where E,q is the uniaxial engineering stiffness of the 90-deg ply in the x direction, G is
the engineering shear stiffness of the matrix material, Ugo is the average X displace-
ment of the 90-deg ply at a given point, and the stress transfer region dimension b has
been used to write the constraining forces in difference form. For the constraint lay-
ers, an equilibrium element also can be constructed having width ¢ and axial dis-
placement U as shown in Fig. 24. The resulting equilibrium equation is

2

CE,,d—l:"+£(U,o+U°—2U,)=0 @
dx b

where E,. is the uniaxial engineering stiffness of the constraint layer, U° is the undis-
turbed laminate displacement, and U is the average displacement in the constraint
layer. In normalized form Eqgs ! and 2 take the form

d* U, d*U,
A— + U~ Uo=0 and B=—+ U +x—2U.=0 €)
dx dx
where
b FE bec Exe
A=— x20 and ==
2a Eim a Em

for this case where Ery is the laminate modulus. The appropriate boundary condi-
tions require that

dUso du,
I (x ) =1 o (x — ) (4)
du,
—Z(x=0=0 Us(x=0)=0 (5)
dx

Solutions to Eqs 4, as well as a large class of similar equations, are obtained easily
and are available from such familiar situations as the coupled oscillator problem. For
our purpose, we choose solutions of the form

Uo=x+ Cie™ + Ce™ and U,=x+ DiCie™ + D;Cze™™ (6)

From these results, the normal stress in the plies and the shear stress can be approxi-
mated. A normalized plot of the normal stress in the broken ply is shown in Fig. 25.
Beginning from a vanishing value at the free face of the crack, the stress rises to the
level of stress that existed in the unbroken material. The saturation crack spacing is
estimated by postulating that the shortest distance from the existing crack to a posi-
tion where a new crack can form is the distance from the existing crack to the posi-
tion where the normal stress just reaches the undisturbed value (which formed the
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FIG. 25—Stress distributions in a cracked [0/+45/90)s laminate.
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first crack). Such a position is suggested by a dotted line in Fig. 25. Since that dis-
tance is the shortest such distance possible, when crack spacings reach that level they
should become stable, corresponding to the saturation spacings observed. Correla-
tions with experimental data have been published previously [4-6,9, 14].Other formu-
lations including a three-dimensional finite difference analysis are discussed in other
sources [8.15].
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ABSTRACT: This investigation demonstrates how moisture absorbed in [0/145/90];
and [0/90/445]; graphite epoxy laminates significantly alters the stress state and
chronology of damage development along the laminate edge during static tension and
tension-tension cyclic loading.

Emphasis is placed on using reasonable approximations for wet and dry elastic
properties, including out-of-plane properties (v23 and G;), since these properties are
required by finite element and shear lag models to predict the stress state at the lami-
nate edge.

Moisture was observed to alter the dry edge stress state in the 90-deg plies of the
[0/+£45/90]; laminate such that delaminations occurred at a lower load and transverse
cracks occurred at a higher load. A model was developed which predicted the differences
in loads required to initiate damage in the 90-deg plies of the two laminates in the wet
and dry conditions.

Although moisture can alter the chronology of damage development, the damage
state in each laminate observed prior to fracture appeared to be independent of mois-
ture content.

KEY WORDS: composite materials, graphite epoxy, damage, characteristic damage
state, moisture absorption

Recent emphasis on environmental degradation of graphite epoxy fiber-
reinforced composites is due to the increased use of these materials in struc-
tures exposed to atmospheric moisture. The accumulative moisture absorbed
by graphite epoxy when exposed to in-service environments [[]’ is significant
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in terms of reduced lamina properties which are related to the degradation of
the matrix and fiber/matrix interface [2,3].

The experimental and analytic techniques used in this investigation are
based on observations from previous investigations [4,5,6], which are that
damage first occurs at the laminate edge and that the subsequent develop-
ment of damage at the edge prior to fracture can be characterized as a stable
pattern of ply cracks. The concept of a characteristic damage state (CDS),
defined as a predictable pattern of ply cracks, first was introduced by Reif-
snider et al [7,8,9] as a laminate property which exists prior to fracture. Def-
inition of the CDS is facilitated by a shear lag model which predicts the spac-
ing of cracks that develop after the first ply failure. The damage state ob-
served prior to failure is unique for each laminate stacking sequence.

Variations in stacking sequence can have a substantial effect on the lami-
nate strength as demonstrated by Crossman [I0]. From a damage state
viewpoint, these variations in laminate strengths are related to the stress
concentration of each unique damage state on the unbroken 0-deg ply.

Moisture not only affects the strength of individual plies, but also can have
a unique influence on the laminate strength by altering the dry residual stress
state such that, when quasi-statically loaded, the first formation of damage
and subsequent CDS development could be altered and change the 0-deg ply
stress concentration.

Although it is necessary to investigate further the influence of the CDS on
laminate fracture strength, the effort in this investigation is to define the
CDS better with respect to the effects of moisture.

From a damage state viewpoint the objective of this investigation was to
demonstrate how moisture can alter the dry residual stress state and the de-
velopment of a CDS in [0/145/90]; (Type 1) and [0/90/145]; (Type 1) lam-
inates fabricated from Narmco T300/5208 graphite epoxy.

Differences in wet and dry damage free stress states uniquely influence the
free edge damage which developed when mechanically loaded. Using a pre-
viously established replica technique [4], damage at the laminate edge is re-
corded by replicating an image of damage from the edge onto the surface of
an acetate strip, while the load is held constant. The chronology of damage
events can be observed during the static and cyclic tests by incrementally
stopping the test, taking a replica, and viewing the damage with a microfiche
card reader at X50 magnification.

Analytic Methods

Since a mechanistic approach is emphasized in this investigation, the stress
state predicted near the laminate edge is compared with the damage process
as observed on the replicas.
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Damage Free Stress State

The stress state existing prior to the first formation of damage observed on
replicas is predicted by a finite element model (FEM) and a linear elastic thin
laminated plate analysis (LPA).

If the stress state prior to the formation of damage is substantially altered
by moisture absorption, then accurate wet and dry elastic properties, includ-
ing out-of-plane properties (v2; and G3), should be utilized when predicting
this change in stress.

Transversely isotropic fiber properties and dry epoxy properties listed in
Table 1 were extrapolated from experimental data [11]. Elastic lamina prop-
erties listed in Table 1 were calculated using the formulation of Hashin [12]
such that the dry epoxy Young’s modulus and shear modulus were reduced
25 percent and 27 percent, respectively, owing to absorbed moisture of 1.2
percent by weight gain. Fiber elastic properties were assumed to be unaf-
fected by absorbed moisture. Lamina elastic properties calculated in this
manner reflect the change of constituent properties, due to absorbed mois-
ture, without including the inherent statistical variations of experimental
data. Laminate Young’s modulus, E,, was calculated using a laminate plate
analysis with the lamina elastic properties listed in Table 1. For the dry state
both Type I and Type II laminates have a Young’s modulus of 51.1 GPa (7.4
Msi) and for the wet state 49.5 GPa (7.2 Msi). Elastic property subscripts
correspond to coordinate systems defined in Fig. 1.

A dry shear transfer layer modulus, Gg., of 4.48 GPa (0.65 Msi), predicted
by Reifsnider et al [7], was calculated using Hashin’s equation [12] for G2 at
a fiber volume fraction of 42 percent. A reduced shear transfer layer mod-
ulus of 3.36 GPa (0.49 Msi) was calculated similarly using the wet epoxy
shear modulus listed in Table 1.

The wet and dry laminate, shear transfer layer, and lamina elastic proper-
ties listed in Table 1 provide a consistent set of elastic properties to be used in

TABLE 1—Wet and dry elastic properties.

Type Materiat Elastic Properties—Dry/Wet, (Percent Difference)
E,, GPa Gm, GPa Vm
Epoxy 5.35/3.96 1.95/1.43 0.353/0.388
Matrix 5208° (—25) (=27 (+10)
Ep, GPa Err, GPa Grer, GPa Grrr, GPa vrLT vrerr
Graphite 232.0/232.0 15.0/15.0 24.0/24.0 5.02/5.02 0.290/0.290 0.490/0.490
Fiber T300° 0) ©) ) ©) ) ©0)
T300/5208°
Graphite/ E,, GPa E,, GPa G2, GPa G, GPa viz (23]
Epoxy 130./129.6 9.72/8.69 5.39/4.16 3.25/2.83 0.308/0.323 0.492/0.323
Lamina v, = 0.55* (—0.5) -1 (-23) —-13) (+4.6) (—8.1)

“Trade name: NARMCO T300/5208 graphite/epoxy.
¥ Py = fiber volume fraction percent.
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FIG. 1—Coordinate system definition.

the FEM, LPA, and shear lag models to predict differences in the wet and
dry laminate stress states.

Coefficients of thermal expansion («;) shown below were the same as used
by Nagarkar and Herakovich [6], and moisture coefficients (8;) were ob-
tained by curve fitting experimental data reported by Crossman et al [5] as-
suming a moisture threshold, C,, of 0.4 percent.

a1 = —0.41 pe/°C (—0.23 ue/°F); o» = 26.8 pe/°C (14.9 pe/°F) = a3
B1=10; B, = 5560 ue/percent weight = B; when C, = 0.4 percent weight

The same wet and dry properties were consistently used in the FEM and
LPA models except the value of 8; used by the FEM was recalculated to give
the same total swelling strain at AM = 1.2 percent when C, = 0 percent.

B2 = 3710 pe/percent weight = 8; when C, = 0 percent weight

The current version of the FEM (NONCOM I1I) used in this investigation
was developed at Virginia Polytechnic Institute and State University. The
general formulation of this FEM is reported in the most recent reference
[15]). The FEM represents the laminate Y-Z plane in a state of plane strain
along the laminate load (X) direction using constant strain triangular ele-
ments. The FEM used 768 elements to model the symmetric four-layer quar-
ter-plane with 96 elements at the laminate edge. Although the sizes of the
elements near the edge were reduced in order to model the stress gradients,
the size of the smallest edge element (centroid at ¥/B = 0.998) included at
least 15 fibers in order to maintain the idealization of homogeneity.

An approximation of the stresses, oy, in the plane of a thin laminate is cal-
culated using the LPA model assuming plane stress. The combined effect of
a mechanical load, Ni, and residual stresses, o,%, on the individual ply
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stresses, o0i, is shown in Eq 1 using the notation of Kim and Hahn [13].
g; = Qy'Ajk—lNk + UiR (1)
where

Q; = reduced ply stiffnesses,
Ajx = laminate stiffnesses, and
Ni = equivalent stress resultants

The residual ply stresses, o%, can be represented in terms of differences be-
tween lamina (¢A7, BAM) and laminate (¢ AT, BAM) thermal and moisture
strains.

of = Qi(ey — )AT + Qy(B — B)AM @

The percent moisture weight gained, AM, was measured as 1.2 percent in
the fully saturated state and a temperature change, AT, of —82.2°C (—180°F)
was chosen using the approximation of 121°C (250°F) for the stress free
temperature [/4].

Based on observations from previous investigations [4,5,13], damage first
occurs in the 90-deg plies of Type I and Type II dry laminates in the form of
ply cracks transverse to the direction of the laminate tension load, Nx. Since
cracks first occur in the 90-deg plies, stresses in this ply are calculated using
Eq 1 where the shear stress in the 90-deg ply is zero.

o = LAy — Qudy _ Qudy = Qudy

Ne+a" (3
AxxAyy - Axyl AxxAyy - Axyz ? ( )

N, + oxR; 02

The initial crack in the 90-deg ply is labeled FPF for first ply failure and
the corresponding load is labeled, N;"". Although o and o both exist in the
90-deg ply at FPF, the o; stress is equal to the transverse strength, T, while o1
is much lower than the longitudinal strength. Therefore, a maximum stress
failure criterion (MSC) can be used which assumes FPF occurs when the
value of 0, is equal to the transverse strength, 7, of a [90s] specimen

FPF _ AxxAyy — Axy2
Q22A.v.v - QlZAxy

where the wet and dry transverse strengths were measured.

Tpry = 44.6 MPa (6.47 ksi) and Twer = 32.7 MPa (4.74 ksi)

Ny (T — 025 4

Using the previously defined wet and dry properties the residual 90-deg
ply stress and the FPF laminate loads are calculated and listed here.

opry® = 23.6 MPa (3.43 ksi); 02, = —13.5 MPa (—1.96 ksi)
Nipey' 77 = 1380 N/cm (789 Ib/in.); Niys, " = 3330 N/cm (1900 1b/in.)

Note that the FPF laminate loads predicted by LPA for both laminate types
are identical since changing the stacking sequence has no effect on a®.
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Although the 90-deg ply stress, o2, was singled out for use in FPF calcula-
tions, all 0, 90, and 45-deg in-plane ply stresses in the wet and dry state were
calculated and compared with the in-plane stresses predicted by the FEM, as
a check, using the same wet and dry FPF laminate loads predicted by the
LPA.

The stress state in finite width quasi-isotropic laminates is not uniform
through the width as assumed by LPA [15]. FEM stress analysis demon-
strates that the out-of-plane stresses, which are negligible away from the lam-
inate edge, can exceed ply strengths within a thin boundary layer near the
edge [15]. Depending on stacking sequence, the magnitude of these out-of-
plane stresses can contribute to the formation of interply cracks (delamina-
tions) at the edge [4]. Table 2 provides a comparison of the predicted FEM
90-deg ply stresses and edge damage as observed at 445 N (100 Ib) load
intervals.

Characteristic Damaged Stress State (CDS)

Since the pattern of ply cracks is the basis of the CDS, the effects of mois-
ture on the mechanics of predicting the crack spacing, using the shear lag
model, will be demonstrated. The shear lag model is presented in Ref 7 in
sufficient detail such that only basic principles are restated below.

The shear lag model assumes that after a FPF crack forms in the 90-deg
ply, the o, stress is recovered from zero at the crack surface to the unbroken
ply stress (o = 0.999 T) as shown in Fig. 2. The o stress near the crack no
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3 4 Lao 3
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FIG. 2—Influence of wet and dry elastic properties on crack spacing.
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longer can be carried by the cracked ply but is transferred through a thin
[6b=10.015 mm (6 X 107 in.)] interply shear layer to the adjacent plies.
When the o, stress has recovered 99.9 percent of the ply strength, T, the for-
mation of a second crack is possible. Cracks continue to form in this manner
with increasing laminate load, N,, until no new cracks are observed (equili-
brium crack spacing, ECS). The crack spacing is said to be characteristic of
the laminate since the ply and laminate elastic properties are used together
with the ply strengths to calculate ECS. ECS is typically nonuniform within
a ply due to variations in ply strengths distributed along the ply length. Typi-
cally the standard deviation reported by Masters [16] is 0.21 mm when an
average ECS of 0.665 mm was measured. Therefore, an average ECS is usu-
ally reported by dividing the length of the ply by the total number of cracks.

The increase in the predicted wet ECS, shown in Fig. 2, is largely due to
the factor (Ex/Gs.)"? shown in Eq 9 of the Appendix. Recall the shear
transfer layer modulus, Gs;, was calculated at a fiber volume of 42 percent
and is an epoxy dominated property compared with the fiber dominated
laminate Young’s modulus, E,. As a consequence, Gs; will decrease with re-
spect to Ex when the laminate absorbs moisture, causing an increase in the
predicted ECS.

Experimental Program
Environmental Conditioning

A total of 72 Type I, 72 Type I1, 12 [0s], and 12 [90s] specimens were fabri-
cated from the same batch of Narmco T300/5208 graphite epoxy. All speci-
mens were 2.54 cm (1 in.) wide and 30.5 cm (12 in.) long. Half of the speci-
mens of each type were exposed to 95 percent relative humidity (RH) at 70°C
(158°F) until no additional weight gain due to moisture could be measured
(wet condition). The remaining specimens were dried in a dry nitrogen gas
oven at 65°C (149°F) until no additional loss of weight due to deabsorption
could be measured (dry condition). The edges of ten Type I and ten Type II
laminates were polished and replicated as outlined in Ref 4 prior to wet and
dry conditioning.

Experimental Procedures

Seventeen wet and seventeen dry unpolished laminates (gage length, 10.2
cm) of each stacking sequence were quasi-statically loaded in tension to frac-
ture using an MTS hydraulic load controlled system with an MTS exten-
someter to measure strains. The wet and dry [0z] and [90s] specimens were
quasi-statically loaded in tension to fracture using an Instron load frame.
The strains transverse and parallel to the load were measured at the center of
each specimen using biaxial strain gages.

Fracture strengths, Young’s moduli, and Poisson’s ratios were determined
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for each specimen in a wet or dry condition. However, a series of strengths
was obtained from each [90s] specimen by testing the remaining sections
after each failure. Using a minimum specimen length of 3.81 cm (1.5 in.), up
to eight values of strength could be measured from each 30.5-cm (12-in.)
[90s] specimen. Testing the [90s] specimens in this manner allows the exper-
imentalist to isolate the first or ““weakest link”’ strength from the subsequent
higher strengths.

Nine wet and nine dry laminates from each stacking sequence without pol-
ished edges were quasi-statically loaded in tension to maximum stress of 345
MPa (50 ksi) and cyclically loaded at 10 Hz with R = 0.1. Residual strengths
were measured after 100 K cycles by a quasi-static load to fracture.

All wet and dry laminates with polished edges were loaded in increments
of 445 N (100 Ib) in order to replicate the damage process up to 8900 N (2000
1b). From this group of tests one wet and one dry laminate from each stack-
ing sequence continued with replicas from 8900 N (2000 Ib) in increments of
890 N (200 Ib) to fracture. The remaining wet and dry laminates with pol-
ished edges were cyclically loaded at 10 Hz with a stress ratio of R = 0.1 and
a maximum stress of 345 MPa (50 ksi). Replicas were obtained at 5 K, 10 K,
50 K, 100 K and 1 M cycles. Residual strengths were measured after 100 K
and 1 M cycles with replicas taken at 890 N (200 1b) load increments.

Results

A summary of residual and static strengths for all wet and dry specimens
which were quasi-statically loaded in tension to fracture is shown in Fig. 3. A
comparison of these strengths with the wet and dry laminate stress state is
provided in Fig. 4 by using the LPA model to equate [0s] and [90s] strengths
with their respective 0 and 90-deg ply stress in the laminate. As a conse-
quence, the maximum stress failure criterion (MSC) used to predict FPF in
the 90-deg ply is graphically represented in Fig. 4. For comparison, the
values of stress corresponding to FPF observed on replicas within a 175
N/cm (100 1b/in.) load interval are included in Fig. 4. The wet and dry static
strengths for both laminate types along with the wet and dry [0g] strengths
also are oriented with respect to the laminate stress axis as shown in Fig. 4.
Figure 4 provides some perspective on how moisture can alter the in-plane
stresses and shift the damage events in a laminate.

The difference between the Type I and Type 11 laminate mean strengths in
a wet or dry condition, shown in Figs. 3 and 4, is not due to the random na-
ture of a small sample size (# = 17) but can be shown to be statistically sig-
nificant using the Student’s ¢ distribution [17] at a 99 percent confidence
level. A Chi-square test [/8] demonstrated that a larger specimen size
(n = 30) was needed to determine more accurately the type of distribution
function. At best, with an interval sample size of six, the Type I and Type 11
dry laminate strengths fit the Weibull distribution [ 18], shown in Fig. 5, with
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FIG. 3—Summary of strength data.

a Chi-square of 1.128 and 2.616, respectively. In summary, the difference be-
tween the Type I and Type II dry mean strengths, which is reduced by mois-
ture absorption, is small but statistically significant.

The chronological sequence of 90-deg ply damage events observed on rep-
licas is summarized in Table 2 and compared with nonzero FEM edge
stresses. FEM edge stresses were calculated using first ply failure laminate
loads of 1380 N/cm (789 Ib/in.) for the dry condition and 3330 N/cm (1900
1b/in.) for the wet condition. ,

As previously discussed, due to swelling, moisture reduces the inplane re-
sidual 90-deg ply stress 02,0, = 23.6 MPa (3.43 ksi); O2wsrs = —13.5 MPa
(—1.96 ksi)] such that the laminate load required to produce FPF is in-
creased, as shown in Fig. 4, even though the transverse strength is reduced by
moisture, as shown in Fig, 3. Conversely, the predicted FEM out-of-plane
stress, 0., as shown in Table 2, is increased with moisture such that a lower
load in the Type I laminate is required to produce delaminations between the
90-deg plies. Using the replica technique, dry Type I FPF was observed to
occur within the laminate load increment 876 to 1050 N/cm (500 to 600
Ib/in.), and wet FPF laminate load was observed to increase to 1930 to 2100
N/cm (1100 to 1200 1b/in.). The laminate load required to cause delamina-
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FIG. 4—Correlation of wet and dry [0s) and [90s) strengths with 0/90 laminate ply stresses.

tions in Type I laminates was observed to decrease from 3150 to 3500 N/cm
(1800 to 2000 Ib/in.), for the dry case to 1930 to 2100 N/cm (1100 to 1200
1b/in.), for the wet case. As a result of moisture absorption, FPF and delam-
inations in Type I laminates were observed to occur simultaneously near
1930 N/cm (1100 Ib/in.) as shown in Fig. 6.

A comparison of ECS predicted by the shear lag model and the ECS ob-
served on the replicas is summarized in Table 2. For both laminate types
moisture increases the ECS as predicted, except the ECS for the Type I wet
laminate was twice as large as predicted. Delaminations occurring at the
same load with FPF alter the boundary conditions assumed by the shear lag
model to predict the wet ECS. In summary, moisture has altered the se-
quence of damage events in the Type I laminate such that the ECS in the wet
90-deg ply is increased.

Although moisture can alter the chronology of the damage process, the
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fully developed crack pattern (CDS) of the wet Type I laminate prior to frac-
ture was observed to be similar to the CDS of the dry Type I laminate, as
shown in Fig. 7. Similar crack patterns were observed after 100 K cycles for
both wet and dry conditioned Type I laminates. Except for a 2 percent in-
crease in the ECS of the wet 90-deg plies, identical crack patterns were ob-
served prior to fracture for all Type II laminates in the wet or dry state.
Except for the Type II dry laminate, the FPF, observed in Fig. 4, occurred
at lower laminate loads than predicted by MSC. An increase in the o and o.
FEM stresses predicted near the laminate edge shown in Table 2 is most
likely a factor to be considered with respect to the lower FPF laminate loads

600 Ibs/in , (1050 N/om)
N FPF< 1200 Ibs/in , (2100 N/om)

u:’ﬁ.

FIG. 6—Wet and dry 90-deg ply cracks (X50) at N = 1100 Ib/in. (1930 N/cm).
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FIG. 7—Wet and dry characteristic damage state at the [0/£45/90] laminate edge (X50).

shown in Fig. 4. It is interesting to note that the smallest predicted increase
of ox and o, occurs near the edge of the Type 11 dry laminate. Based on these
observations, a model is developed which predicts the first formation of
damage near the edge of the 90-deg ply in any stacking sequence.

It is tempting to use this predicted increase of FEM edge stresses together
with some failure criteria in order to account for the differences in the FPF
laminate loads, N;""*, as previously discussed. Crossman et al [5] point out
that only trends in the predicted FEM edge stress can be realized when the
material can no longer be modeled as homogeneous at one or two fiber di-
ameters from the edge and when the elastic properties in the lamina 2-3
plane are assumed. Improved predictions of o, and g: stresses are obtained in
this study by using better approximations for the wet and dry elastic proper-
ties in the lamina 2-3 plane. From a continuum viewpoint, Crossman et al
[5] suggest that FEM stresses evaluated at five fiber diameters from the edge
(Y/B == 0.998) are more realistic than stresses predicted at 7 um (2.8 X 107
in.) from the edge. Although a few improvements in FEM stresses near the
edge can be realized, a model is needed which can predict failure without
reference to an exact prediction of an experimental stress within the region of
stress concentration.

Whitney and Nuismer [19] demonstrated that the localized nature of a
stress concentration near a hole of radius, R, in a quasi-isotropic laminate
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can be empirically modeled by evaluating a characteristic distance, d,, from
the elasticity given by Eq 5. The stress ratio o,/ ¢ is redefined in terms of
experimental notched, o,, and unnotched, o,, laminate strengths

0,(§)/5 =2/(2 + £ + 3¢*) = on/0, (%)
where

¢ =R/R + d,),

R = hole radius,

d, = distance from the edge of hole,

gy = stress within region of stress concentration,
o = far-field stress,

o» = notched strength, and

0, = unnotched strength.

Although a critical stress at some distance, d,, is realized as some lower
notch strength, on, changes in g, can be predicted for different hole radii, R,
without requiring that this critical stress be a prediction of an actual experi-
mental stress at some distance, d,, within the stress concentration. This same
philosophy can be extended to edge damage events corresponding to stress
concentrations existing in individual plies near the laminate edge.

The objective of the proposed model is to predict cracking at the edge of
the 90-deg ply without requiring that some critical stress state, which is pre-
dicted by the FEM at some distance, @, = | — ¥/B, from the edge, be nu-
merically equal to the actual experimental stress state. The model requires
only that the variations in the 90-deg ply stresses at some point near the edge,
due to variation in stacking sequence in the wet or dry state, be accurately
predicted by the FEM. The nonzero-90-deg ply FEM stresses averaged at the
centroid (Y/B = 0.998; a, = 0.002) of the 90-deg ply edge element are sum-
marized in Table 2. When these nonzero FEM stresses are substituted into
the tensor polynomial failure criterion, outlined in Ref 15, the surviving
terms are written as follows:

20,/T — 26./T — (6x/T)} ~ (0/T)' = ff (6)

where the transverse strengths in the lamina 2-3 plane are assumed equal
(F, =F=2T,F; = Fy3 = l/Tz) and ff = 1 since the FEM stresses, located
at a, = 0.002, are calculated using N,FFF as observed on replicas.

The model uses Eq 6 to empirically evaluate the parameter, T, which effec-
tively represents the crack formation in a 90-deg ply.

Ty = 0x + 0: £ [(0: + 0:) — 0i” — 0:']"” )

The parameter, Ty, is not an exact measure of ply strength, in the same
sense that d, used by Whitney and Nuismer [19] is not the exact location
from the hole where some critical stress initiates damage leading to fracture.
The empirical parameters (T, d,) are based on experimental observations
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and are used only to predict changes in laminate loads which result in a
damage event due to a change in a stress concentration.

The linear relationships between the laminate load, Ny, and the parameter,
T.y, for both laminate types in the wet and dry state are plotted in Fig. 8
along with the experimental FPF laminate loads, N;"*’. Based on the exper-
imental observations in this investigation, it appears that Teycan be used as a
parameter to predict changes in the N, due to changes in stacking se-
quence. Because of the replica load interval, FPF is observed to occur when
the numerical value of T,y is within the intervals of 23.1to 28.3 MPa (3.35 to
4.10 ksi) for dry laminates and 15.6 to 18.7 MPa (2.26 to 2.71 ksi) for wet
laminates. Using acoustic emission to detect FPF [13] and including other
laminate stacking sequences may provide additional information to evaluate
the proposed model critically.

The model, as shown in Fig. 8, verifies that the difference between the
Type I wet N, and Type II wet N:f"* can be predicted as a result of a
change in the stress concentration near the edge which is modeled by empiri-
cally evaluating the parameter, Ty

A final comparison of edge stresses, shown in Fig. 9, demonstrates the ef-
fect that the experimental FPF laminate loads have on the nonzero 90-deg
ply FEM stresses at ¥/B = 0.998. Of particular interest is the near equality
of Type I wet ox and o, stresses predicted using the experimental values of
N:"PF. A picture of the replica taken at Nx"*" for the Type I wet laminate, as
shown in Fig. 6, demonstrates that both FPF and delaminations occur si-
multaneously, which validates the approximation of equating transverse
strengths in the lamina 2-3 plane, at least for wet 90-deg plies.
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Conclusions

1. In general, moisture tends to reduce moduli, strengths, and scatter of
strengths for specimens tested in this investigation. Moisture also reduces the
difference between Type I, [0/145/90];, and Type II, [0/90/145];, laminate
strengths.

2. Edge damage, which is recorded using acetate replicas, can be viewed
on a microfiche card reader with sufficient magnification such that the dam-
age process can be interpreted conveniently during the test.

3. Moisture was observed to significantly alter the Type I dry laminate
edge residual FEM stresses such that delaminations are predicted to occur at
lower loads, and first 90-deg ply failures (FPF) are predicted to occur at
higher loads. These predicted trends due to moisture absorption were veri-
fied experimentally using the replica technique.

4. For the Type I wet laminate, delaminations were observed to occur si-
multaneously and interact with transverse cracks in the 90-deg ply such that
ECS was twice the value observed for the Type I dry laminate.

5. The absorption of moisture was observed and predicted to cause less
than a 2 percent increase in the ECS of the Type II laminate.
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6. By using an empirically evaluated parameter, Ty, it was possible to
model the observed difference in FPF laminate loads.

7. Differences in observed FPF laminate loads were accounted for by the
model as predictable changes in the nonzero FEM values of stresses near the
laminate edge, due to changes in the wet or dry stress gradients near the
edge.

8. Although moisture was shown to alter significantly the first formation
of damage in the 90-deg plies, the fully developed dry crack patterns prior to
fracture (dry CDS), which develop from static or cyclic loads, were similar to
the wet crack patterns (wet CDS). Consequently, the difference between the
redistributed stresses in damaged wet and dry laminates prior to fracture will
be small; as a result, these differences will have a small influence on the lami-
nate strength. This observation was verified statistically as small but signifi-
cant differences between wet and dry laminate strengths.
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APPENDIX

The ECS in the 90-deg ply for the Type I laminate may be predicted by ¢alculating
a value for X when the normalized strain, dUs/dx, reaches a value of 0.999.

Uso = ao(x + c1e™™ + c2¢”")/(E«Gs)"”? t))
and
X = xa (E«/Gst)"? ©
where

a,8 = [(B + A)/(24B) + (B* + 44%)"*/(24B))"?,
A = (bEs)/(2aEx), B = (bcEss)/(a*Ex),
C1 = —Dz/(BDl - aDz), Cz = D]/(BD] - aDz),
Di=1—A4d, D;=1— A8,
x = normalized distance from crack surface,
X = distance from crack surface,
o = laminate stress,
E, = laminate modulus,
Eg = 90-deg ply modulus,
E4s = 45-deg ply modulus,
Gs; = transfer layer shear modulus,
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a = 90-deg ply thickness,
b = shear transfer layer thickness, and
¢ = 45-deg ply thickness.
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ABSTRACT: Fatigue damage mechanisms have been investigated using a series of ten-
sion fatigue tests on several laminates of boron/aluminum (6061-0). This study focuses
on four aspects of the fatigue response. First, in laminates with 0-deg fibers on the out-
side, an analysis that identifies “shakedown™ conditions is shown to predict the stress
amplitude below which no fatigue damage accumulates. Second, a simple fatigue
damage accumulation model which relates matrix fatigue cracking and the overall
laminate properties is described. A model for the saturation damage stage develop-
ment is presented. Third, data illustrate that identical laminates, tested in directions
90-deg apart (such that one layup has 90-deg outer plies and the other 0-deg), have dif-
ferent fatigue behaviors due to the stacking sequence. The 90-deg plies on the surface
develop cracks earlier than predicted by shakedown. An attempt is made to explain
this stacking sequence effect. Finally, variable load history effects on the fatigue dam-
age response are investigated by simple tests. These tests reveal that for a given stress
ratio the specimen seeks the saturation damage state for the largest stress range to
which it is subjected. It also was found that little damage is generated by shifting a
given stress range down, whereas significant damage may be created by shifting it
upward.

KEY WORDS: boron-aluminum composites, metal matrix composites, fatigue dam-
age mechanisms, fatigue, stacking sequence, saturation damage state, load history,
shakedown analysis, composite materials

Nomenclature

a Half length of crack, mm
E’ Fiber elastic modulus, MPa
E™ Matrix elastic modulus, MPa
E,™ Effective modulus of the matrix in the loading direction, MPa
Ex Unloading elastic modulus of the Nth cycle, MPa
E, Unloading elastic modulus of the first cycle, MPa
R Stress ratio

! Research engineer, National Acronautics and Space Administration, Langley Research Cen-
ter, Hampton, Va. 23665.
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Smax Maximum laminate stress, MPa
Smin  Minimum laminate stress, MPa
Sn  Laminate stress in the 0-deg fiber direction, MPa
S2: Laminate stress in the 90-deg fiber direction, MPa
S33  Laminate stress in the thickness direction, MPa
Vs Fiber volume fraction
Y Cyclic hardened yield stress, corresponds to one half the matrix
fatigue limit for R = 0, MPa
Ae Laminate strain range associated with the saturation damage state
Aécomp” Compressive strain range of the matrix material in the loading
direction
AK  Stress intensity range, MN - m™?
AK:, Threshold stress intensity range, MN m™"?
AS Laminate stress range, MPa
ASr Experimentally determined stress range that causes no fatigue dam-
age, MPa
ASs Calculated maximum stress range that causes no fatigue dam-
age, MPa
Ag. Stress required to grow an embedded flaw, MPa
Aos Stress required to grow a surface flaw, MPa
v/ Poisson’s ratio of the boron fiber
v" Poisson’s ratio of the matrix material
¢ Correction factor to account for the effect of laminate stacking
sequence

In recent years, fatigue damage and failure of metal-matrix fibrous com-
posites have been studied extensively [ /-11].> Most studies were tests to de-
termine S-N curves. Such tests indicate only the number of cycles that a
composite laminate can sustain for constant maximum and minimum load
levels; they do not indicate the mechanical degradation due to fatigue, nor
do they give much insight into the complex fatigue damage mechanisms that
occur in these materials. Most fatigue tests of metal matrix composites were
conducted under constant amplitude loading; thus, variable amplitude load-
ing effects, which are prominent in most structural applications, are not well
understood.

The objective of this paper is to describe the results of tests in which the
fatigue damage mechanisms of continuous boron fibers in a 6061 aluminum
matrix were studied. Four areas of metal matrix fatigue are discussed: (1)
correlation of laminate fatigue damage threshold with the matrix cyclic yield
stress; (2) presentation of a simple model that describes damage that leads to
a damage saturation state; (3) the effect of ply stacking sequence on fatigue
damage accumulation; and (4) the effect of variable load history on fatigue
damage.

? The italic numbers in brackets refer to the list of references appended to this paper.
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TABLE 1-—Composite constituents mechanical properties.

Boron Fiber [12], 0.142 mm dia 6061 Aluminum [ /6]

Elastic modulus E’ = 40.0 X 10*MPa (58.0 X 10° psi) E™ = 7.25 X 10* MPa (10.5 X 10° psi)
Poisson’s ratio v =0.200 »™ =0.33

Fatigue of Composite Laminates
Specimen Preparation and Testing

The material for the boron-aluminum composite specimens was manufac-
tured in the form of 300 by 230 mm (12 by 9in.) plates. The matrix was 6061
aluminum; fibers were 0.14-mm (5.6-mils)-diameter boron.

Table 1 presents material properties for the boron fiber and aluminum
constituents, and Table 2 shows the six laminates that were tested. Plates
were cut with a diamond saw into rectangular specimens 102 mm (4.0 in.)
long and 12.7 mm (0.50 in.) wide. All specimens were annealed at 413°C
(775°F) for 2 h and cooled at the rate of about 28°C (50°F) per hour from the
annealing temperature to 260°C (500°F), then oven cooled to room tempera-
ture. Ultrasonic C-scan was used to screen out the specimens containing de-
tectable defects [ 13, 14]. This screening eliminates most of the fatigue scatter
such that the data presented are significant. Glass-epoxy end tabs were
bonded to each composite specimen. Tab dimensions were 3.2 mm (0.125 in.)
thick, 28.6 mm (1.125in.) long, and 12.7 mm (0.50 in.) wide. All fatigue fail-
ures occurred in the gage section, none in the tab area.

The specimens were tested at a cyclic frequency of 10 Hz using an MTS
closed-loop hydraulic machine, in a load-controlled tension-tension mode.
Standard wedge grips were used. The specimen strains were measured with
an MTS extensometer of 25.4 mm (1.0 in.) gage length, designed for fatigue
testing. The stress-strain response, during quasi-static loading cycles, was re-
corded using an x-y plotter at various intervals during the fatigue test.

Boron-Aluminum Composite Test Results

The stress-strain response of each specimen was recorded at various inter-
vals during the cyclic life to determine the changes in the longitudinal modu-

TABLE 2-—Predicted and experimental laminated composite behavior.

Shakedown Stress ¢,

E, X 10° Range, ASq ASx/

Layup 7 MPa AS4/Y Predicted Experimental ASa

[0]e 0.45 2.200 6.10 429 481 1.12
[0/90);s 0.50 1.840 3.13 220 214 0.97
[90/0].« 0.50 1.840 3.13 220 173 0.79
[0/+45/90], 0.33 1.264 2.60 183 166 0.91
[90/145/0], 0.30 1.210 2.57 181 123 0.68

{0/+45/90/0/+45/90), 0.45 1.514 2.71 191 196 1.03
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UNLOADING ELASTIC MODULUS, on
CYCLE NUMBER 1

E
(of £45/90/ 0/ £ 45/ %j N
STRESS

INITIAL LAMINATE YIELD STRESS

STRAIN

FIG. 1—Example of stress-strain recording of a boron-aluminum laminated composite specimen.

lus due to fatigue damage. These changes in modulus will be shown to be
caused primarily by fatigue cracks developing in the matrix material. Figure
I shows a typical stress-strain response of a boron-aluminum laminate
loaded at R = 0.3. The unloading elastic modulus, Ex. was measured for
each recorded cycle. It is known that the secant modulus is affected by ma-
trix hardening as well as fatigue damage [ 13, 14]. Since the unloading elastic
modulus is not affected, it is a more direct indicator of fatigue damage.
An example of the fatigue damage accumulation as a function of number
of applied cycles and stress is presented in Fig. 2 for a [0/ +45/90/0/145/90)
laminate. The damage is expressed in terms of Ex/E,, the percent of the in-
itial unloading elastic modulus remaining after N cycles. All of the data
shown are for specimens that survived at least 2000 000 cycles, after which

T T T T
2
o
S 100 S max " 2250 MPa
S 9 250.0 .
a
2 o 250 |
= BORON/ALUMINUM
= [07:245/90/ 0/ 25/ 0], R - 0.1 J
S wnt v, =045
S { 300.0
s I
o 0 315 T
&
S s0d 0 -
—1 1 & |
0 1 2

NUMBER OF CYCLES, x 108

FIG. 2—Change in elastic modulus of [0/:!:45/90/0/1:45/9_6]. Specimens tested at different
values of Smax.
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FIG. 3—Change in elastic modulus of [0/+45/90/0/+45/90). Specimens related to applied
Stress range AS.

the tests were terminated. Notice that each specimen appears to reach a sta-
bilized value of En/E,, herein referred to as a ‘‘saturation damage state”
(SDS). All of the specimens shown in Fig. 2 were cyclic loaded below the 375
MPa (54 ksi) fatigue limit. S-N data and the associated fatigue limits are
presented in Ref 14 for all six laminates. The SDS implies that the laminate
will neither accumulate more damage nor fail under the present loading
condition.

Figure 3 presents the SDS as a function of stress range by plotting the
En/E, values after 2000 000 cycles. This figure includes data for stress ratios
of R = 0.1 and 0.3. The constant amplitude SDS seems to be a function of
stress range and independent of mean stress. (This will be explained by the
simple fatigue damage model.) The data can be extrapolated, using a regres-
sion analysis, to 100 percent of Ex/E, (that is, no change in elastic unloading
modulus) to determine the stress range below which no fatigue damage ac-
cumulates. This range was referred to as the shakedown range ASx. The type
of data presented previously were generated for all six laminates. The cor-
responding ASx values are presented in Table 2. Notice that the laminates
with a 90-deg ply on the surface have lower AS;; values than similar lami-
nates with 0-deg surface plies. Hence, the stress level required to produce fa-
tigue damage is lower for laminates with 90-deg outer plies than for those
with 0-deg outer plies. This stacking sequence effect will be discussed later.

Shakedown Analysis

The possible relationship between fatigue and shakedown stress range in
metal matrix composites was first suggested by Dvorak and Tarn [15] and
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related to the available experimental data, obtained primarily for unidirec-
tional boron-aluminum materials. Since only $-N data were available for
analysis, they tried to relate the shakedown stress to the fatigue limit. This re-
lationship, however, does not hold generally, as was demonstrated when ad-
ditional data became available. In this paper, the relationship between the
fatigue damage initiation stress (not fatigue limit) and shakedown is exam-
ined analytically and experimentally for both unidirectional and cross-plied
boron-aluminum composites.

If fatigue damage in general is to be avoided, and low cycle fatigue failures
in particular, the cyclic applied load must produce only elastic strains in all
constituents. However, local plastic straining can be permitted in the com-
posite during the first few load cycles, provided that the composite *‘shakes
down” during these few cycles. The shakedown state is reached if the matrix
cyclically hardens to a cyclic yield stress Y such that only elastic deformation
occurs under the subsequent load cycles. Previous tests on annealed alumi-
num have shown that the fatigue limit coincides with the stable cyclic yield
stress [ 16]; that is, the cyclic range was elastic. This is in accordance with
Melan’s theorem [17] as well as others [18-20].

The application of Melan’s theorem to shakedown of unidirectional com-
posites was presented in Ref 21, and the extension to laminate plates was dis-
cussed in Ref 13. These and other related results [ 22-24] describe a proce-
dure for the determination of initial yield surfaces for composite laminates.
The translation of these surfaces in the load space during plastic loading and
their relation to shakedown envelopes also are described.

Figure 4 shows the ply yield surfaces for the case of a boron-aluminum
plate under biaxial in-plane stresses Si; and Sz; Y is the cyclic hardened

SZZIY

YIELD SURFACES OF B/AL
Lo/ 145/90:15
VF = 0.43

(REF. 25)

FIG. 4—Yield surfaces for plies of a boron-aluminum laminate. The S, direction coincides with
0-deg fiber direction.
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FIG. 5—Initial and current yield surfaces of a boron-aluminum laminate. The S, direction coin-
cides with (-deg fiber direction.

yield strength of the aluminum matrix. Each of the plies has its own elliptical
yield surface, constructed analytically from the ply matrix stresses and the
Mises yield condition. The overall yield surface of the laminate is an internal
envelope of the yield surfaces of individual plies.

Figure 5 shows this internal envelope (that is, the laminate initial yield sur-
face) and the translation and deformation of this yield surface in the process
of plastic loading to 811/Y = 3.0. The deformation of the laminate yield sur-
face is the result of the relative translation of the three ply yield surfaces in
the biaxial loading plane. Each of the ply surfaces translates, according to its
own hardening rule [23-25]. After loading to S11/Y = 3.0, the composite
will remain elastic for any loading path within the current yield surface. In
the case of cyclic loading, the current yield surface will be the shakedown en-
velope, such as the envelope shown in Fig. 5. The shakedown stress range,
ASq, is the width of the shakedown envelope in the uniaxial loading
direction.

ASs/ Y is the dimensionless width of the internal envelope of the yield sur-
faces along the S1; load axis in Figs. 4 and 5. The analytically predicted mag-
nitudes of ASs/Y are listed in Table 2. In each case, the load applied is ap-
plied in the 0-deg fiber direction.

Unreinforced 6061-0 aluminum specimens were fatigue tested to deter-
mine the extent of cyclic hardening and the appropriate value for Y that may
be expected for the matrix of the composite specimens. The average initial
yield stress of six specimens was found to be 58.0 MPa (8.42 ksi). The maxi-
mum elastic stress range corresponded to the fatigue limit, which was 141
MPa (20.4 ksi) at 2 X 10° cycles. The magnitude of matrix yield stress ¥ to be
used in shakedown limit calculations was assumed to be 70.3 MPa (10.2 ksi),
that is, to one half of the fatigue limit at R =~ 0.10. This R value is not quite
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ideal because the matrix, within a composite containing 0-deg fibers, cycles
between its tensile and compressive yield stress, Y, at R = —1.0. Assuming
kinematic hardening behavior for the matrix material, the stress ratio effect
is minimal. More details are available in Refs 13 and 14.

Table 2 presents the analytical shakedown range, ASq, and the range de-
termined from the regression analysis of the experimental data, ASz. The
correlation is within 10 percent except for those laminates with 90-deg outer
plies. This suggests that a stacking sequence effect exists.

Simple Fatigue Damage Model

The decrease in elastic unloading modulus observed during fatigue cycling
could be caused by matrix cracking, or fiber breakage, or both. Specimens
were optically examined for fiber failure and matrix cracking after gradual
etching of the surface layers of aluminum matrix in a 30 percent hydro-
chloric acid (HCI) solution in distilled water. Fiber failure was detected only
in specimens subjected to stresses that approached the fatigue limit. How-
ever, substantial laminate modulus changes were detected well below this
stress level. Those specimens that sustained modulus loss without failure had
long matrix cracks which grew parellel to the fibers in the off-axis layers of
the laminate. These cracks appeared to be mostly within the individual off-
axis plies. They did not extend beyond the nearest layer of fibers that were
not parallel to the matrix crack direction. Almost all of the observed modu-
lus decrease is likely to be attributable to cracks in the matrix of the off-axis
plies, since such cracks were the only observed damage of consequence. No
split fibers were observed in specimens which failed by fatigue. The only split
fibers observed were under the conditions described in the next section.

Figure 6 shows the matrix cracks in the 45-deg layer of a
[0/145/90/0/1+45/90]; specimen tested at Smax = 375 MPa (54 ksi), R = 0.3,
for 2 X 10° cycles. The cracks are partially hidden behind the few remaining
0-deg (vertical) fibers (oriented in the vertical direction in Fig. 6). No matrix
cracks were seen on the outer surface, other than an occasional H-crack [9, 13]
associated with a random broken 0-deg fiber.

Figure 7 reveals the matrix cracking in the second ply of a [0/90];; lami-
nate specimen tested at Sy, = 500 MPa (72.5 ksi), R=0.1 for 2 X 10°
cycles.

A simple analysis was developed to relate the decrease in laminate unload-
ing elastic modulus to the matrix damage. The off-axis plies were assumed to
develop cracks during cyclic loading (above the shakedown stress range) so
that the cracks opened during tensile loading; thus, the modulus is reduced
under tensile loads in the matrix. However, for compressive loading the
cracks close, so the modulus is unchanged. Figure 8 illustrates this behavior
in terms of the applied laminate stress and the corresponding stresses in the
matrix and 0-deg fibers. The laminate has an ideally elastic-plastic matrix
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CRACKS IN +45° MATRIX

FIG. 6—Cracks in the +45-deg lamina mairix material.

(for illustration of the model and simplicity of presentation) and is subjected
to a constant cyclic stress range, AS. The matrix stress was assumed to cycle
between +Y and —Y as shown in Fig. 8. The dashed lines in this figure repre-
sent the initial loading response. Accordingly, the first load cycle causes the
matrix and 0-deg fiber stresses to follow the dashed loops. With subsequent
cycling, the matrix cracks effectively decrease the overall matrix tensile mod-
ulus until an SDS is reached (that is, the matrix stiffness contribution is

FIG. 7—Cracks in 90-deg lamina matrix material.
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FIG. 8—Decreasing tensile matrix response and increasing 0-deg fiber stress as the laminate at-
tains a saturation damage siate.

lowered). The dashed loops narrow to zero-width loops, shown as solid lines;
the lines represent the SDS. The SDS develops when the matrix cracking
causes transfer of load to the 0-deg fibers, thus relieving the matrix from un-
dergoing additional damaging plastic deformation. If the stress range, AS,
were increased, the effective tensile modulus of the matrix must decrease to
again reach an SDS, which implies that more fatigue damage must occur by
growing existing cracks and/or initiating new ones. The laminate elastic un-
loading modulus would then decrease even more. If the load transferred to
the 0-deg fiber due to matrix cracking and overall laminate load causes the
0-deg fiber stress to exceed the fiber’s endurance strength, oui, no saturation
damage state will develop; the laminate will fail. Notice in Fig. 8 that the re-
quired matrix damage for the SDS is independent of stress ratio, and is only
a function of AS.

The drop in matrix modulus in the load direction due to fatigue damage
now will be evaluated. Figure 9 depicts the stress-strain curve of the satura-
tion damage state that has developed in a hypothetical laminate. The strain
in the matrix and laminate is plotted versus the matrix stress, ¢”, and lami-
nate stress, S, respectively. The damage state has an associated cyclic strain
range, Ae, that remains constant during an SDS [14]. If this cyclic strain
range is known, an effective tensile modulus E.;" of the off-axis matrix mate-
rial can be estimated. Note that E,;" is the modulus in the loading (0-deg
fiber) direction. The compressive strain range of the matrix, Aecomp™ » Was ap-
proximated by

ASsh
2E,

1

m
A ecomp -
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FIG. 9—Composite laminate and matrix stress-strain response for a saturation damage state.

where AS;; and E, are the calculated shakedown stress range and initial lami-
nate unloading elastic modulus, respectively. The effective tensile modulus
of the off-axis matrix material now can be approximated by dividing ¥ by
the cyclic strain minus the compressive portion

Assh)
EjS"=Y - 2
off /(Ae 2L, (2

where Y = 70.3 MPa (10.2 ksi) for laminates with 0-deg outer laminae,
which correlated well with the shakedown analysis; however

m_ _ ASa
E.f —Y¢/(Ae 2E,,) ?3)

For the laminates with off-axis laminae on the outside the factor ¢ is intro-
duced to correct for the effects of stacking sequence on the shakedown stress
range, and is defined as

_ AS
ASsh

C))

Notice that the values of ¢ iri Table 2 are near unity for laminates with 0-deg
fibers on the surface, but are much smaller for laminates with off-axis lami-
nae on the outside. The validity of the above assumptions and model can be
evaluated for other arbitrary laminates that have developed an SDS by
measuring the cyclic strains. The E,4™ values can be calculated from the data
in Tables 2 and 3 and the preceding equations.

The E,;" values were used as the matrix modulus in lamination theory
(using the computer program AGLPLY [25]) to calculate the unloading elas-
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TABLE 3—Saruration damage state predictions.

En/E,
Somax, E.”7,
Layup MPa R AeX10® MPa  Predicted Experimental

(U 900 0.3 2.96 36 653 91 96
800 0.1 3.40 29 813 89 94
[0/90)s 450 0.1 2.88 24 410 ) 63
35 0.1 1.58 44 494 84 82
[90/0]s 450 0.1 3.60 17 826 67 66
250 0.1 1.70 46 029 85 83
[0/+45/90), 225 0.1 2.10 47 954 79 76
200 0.1 1.60 72 450 100 89
[90/+45/0), 180 0.1 1.70 39 287 70 75
_ 160 0.1 1.40 49 712 80 83
[0+45/90/0/+45/90]; 350 0.1 3.7 22 802 42 51
275 0.1 2.0 50 831 83 79

tic modulus of the composite in its SDS. All the fibers were assumed to be
intact, and matrix damage was assumed to be characterized by its lower
modulus, E.,". Although such a formulation implicitly assumes that the ma-
trix modulus is reduced isotropically, the reduction really is orthotropic.
However, since we are interested in the laminate modulus in the loading di-
rection only, the assumption should not introduce excessive error. Table 3
presents the results obtained at two cyclic stress levels for each laminate. The
predicted and experimental Ey/E, values are presented for comparison. The
good correlation between these experimental and predicted values lends va-
lidity to the model illustrated by Figs. 8 and 9. Therefore, if the cyclic strain
range is known for a particular metal matrix composite laminate, a good
quantitative approximation of the matrix fatigue damage in terms of elastic
modulus reduction can be calculated.

It is suggested further that an SDS can be maintained only within laminate
specimens that contain 0-deg or near 0-deg laminae. The 0-deg laminae ena-
ble the matrix to reach a damage state such that the matrix stresses, o™, are
low enough that damage no longer accumulates. In other words, it is ex-
pected that an angle-ply laminate specimen, such as (+45),, would fail at ap-
proximately the laminate shakedown stress range since, once the fatigue
damage starts, it could end only in failure of the laminate. Menke and Toth
[7] present S-N data for +45-deg cross-ply boron-aluminum 6061 speci-
mens, with ¥y = 0.60. The fatigue limit, at 2 X 10° cycles and R = 0.0, was
138 MPa (20 ksi). The S-N curve was very flat. The initial yield surface of this
laminate was calculated, as discussed earlier in this paper, and resulted in a
shakedown range of 2.14 Y. Assuming the Y for Menke and Toth’s matrix is
equal to the matrix material tested in this program, the shakedown range for
a 145 laminate with ¥; = 0.6 is ASs» = 150 MPa (21.7 ksi), which agrees
well with the experimental data (that is, 138 MPa). Therefore, the angle-ply
laminate specimens probably do not reach a saturation damage state, but fail
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at approximately the laminate shakedown stress range due to matrix
cracking.

Stacking Sequence Effect

As shown earlier, laminates with 90-deg outer plies tends to accumulate
fatigue damage at a lower stress level than a similar laminate with 0-deg
outer plies (Table 3). An examination of the behavior of [0/90],; and [90/0];,
laminate specimens cut from the same plate will now illustrate this.

Figure 10 presents curves depicting modulus loss, due to 2 X 10° cycles of
fatigue, versus the cyclic stress range for both [0/90];s and [90/0];. Notice
that the [90/0],; accumulates damage at a lower fatigue stress range. How-
ever at the high stress, that is, 400 MPa (58 ksi), the damage is nearly equal
for both laminates.

Further evidence of the stacking sequence effect is found in a series of mi-
crographs of [90/0]zs specimens, shown in Fig. 11. The micrographs are of
the failure surface with the 90-deg fibers in the plane of the page. Each speci-
men presented was tested at a different stress level for 2 X 10° fatigue cycles
and then pulled for residual strength. Notice in Fig. 11a [AS = 202.5 MPa
(29 ksi)] that the 90-deg fibers are split longitudinally in all of the 90-deg
plies. The 90-deg fibers split through the tungsten core, which is sometimes
visible as a line in the middle of the fiber. This is an indication of very little
fatigue damage in the matrix before the residual strength test. The transverse
static strength of the boron fiber appears to be less than the undamaged ma-
trix material. Merke and Toth [ 7] have made similar observations. The speci-
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AS - MPa 300
250
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c 1o ] 1 (g
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6
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F1G. 10—Change in elastic unloading modulus of [0/90)2s and [90/02s specimens for a range of
applied stress.
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FIG. l1—Fracture surfaces indicating the degree of fatigue cracking present, [90/0]zs, R = 0.1.

men shown in Fig. 116 [AS = 225 MPa (33 ksi)] indicates cracks in the outer
90-deg plies, since the inner 90-deg plies still failed through the fibers,
whereas the outer plies failed through the weaker cracked matrix. These
cracks in the outer 90-deg plies also were visible on the surface. [Notice in
Fig. 10 that at a stress range equal to 225 MPa (33 ksi) the [90/0],s laminate
had lost 18 percent of the initial modulus, whereas the [0/90]:s laminate lost
only 5 percent. When examined, the [0/90);s specimen revealed no signifi-
cant surface damage, fiber damage, or cracks in internal ply matrices.] Figure
11c [AS = 405 MPa (59 ksi)] shows extensive matrix damage in all four 90-
deg plies. A [0/90);s specimen tested at the same stress level also showed as
much damage,

Hancock [ 5] stated that the fatigue damage in a composite laminate could
initiate from surface imperfections. However, as previously discussed, the
microscopic examinations showed that the only surface cracking found on
the 0-deg outer layer were the H-cracks that were associated with broken 0-deg
fibers. The microscopic examination further revealed that the 0-deg lamina
had a crack arresting capacity for cracks growing other than parallel to the
fibers. Long matrix cracks in the +45 and 90-deg lamina (Figs. 6 and 7) grew
to the edge of the 0-deg fibers without causing 0-deg fiber failure or growing
past the 0-deg fibers to the free surface. Therefore, if potential crack initia-
tion sites existed on the free surface, it is doubtful that they could initiate and
grow because of the restraint of the 0-deg fibers.
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However, with the 90-deg fibers on the free surface, the surface defects
could indeed cause early crack initiation and growth. Figure 115 illustrates
the crack growth in the outer 90-deg surface as opposed to little or no crack-
ing in the inner two 90-deg plies. This can be explained by the use of fracture
mechanics. Assume that there exist two tiny flaws of the same dimension a,
one of the free surface in the form of a “thumbnail” type flaw, and one in the
form of a “‘penny”’ shaped flaw embedded in the matrix of an inner 90-deg
lamina, as shown in Fig. 12. The stress intensity range, AKX, for these two
types of flaws are as follows

Surface *“thumbnail” flaw [26]
AKxh = l.l Ao:\/ wa (5)

where AK. is the threshold stress intensity range, below which no crack
growth will occur, and Ags is the corresponding threshold stress.

Embedded ‘“‘penny” shaped flaw [27]

AKy = %"7‘/—; 6)

The preceding equations were solved for the threshold stress ratio to obtain

AK,
Bo. _ 2Wa _ 7
AO, AKth

1.1\/ ma

This implies that the stress required to grow an embedded flaw in the inner
90-deg lamina is 1.73 greater than the stress required to grow a surface flaw
of the same size. Thus a [90/0],; laminate would develop fatigue damage at a
lower stress in the outer ply than a [0/90], laminate in the inner ply. This
explanation, which pertains to homogeneous isotropic materials, is not in-
tended to apply rigorously to the composites in question, since they are an-
isotropic in nature, but to suggest a qualitative trend.

ARRESTED SURFACE
\ FLAW

oo B FPT
S e (OO
Q00000 b .

[90/0]25 Lo/ 90]2 s

FIG. 12—Schematic of possible crack initiation sites.
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In summary, it appears that the crack initiations on the free surface have
little effect if the O-deg fibers are on the outer plies, due to the crack arresting
capabilities of the fibers and the lower matrix stress. In this case, the cracks
initiate within the inner, off-axis lamina matrix. However, if off-axis plies
(such as 90-deg) are on the outside, surface flaws may grow at stresses lower
than those predicted from shakedown. Results similar to those discussed in
this section were found for [0/145/90]; and [90/£45/0]; laminates [ 14].

Load History Effect

Three [0/1£45/90/0/145/90], specimens were subjected to simple load
variations; the corresponding fatigue damage in terms of unloading elastic
modulus loss was monitored. Figure 13 presents results from a single speci-
men tested at R = 0.1 when Sn.. was increased stepwise. The cycling at a
given level was continued until a relatively stable value of damage was
reached (that is, no significant drop in modulus with additional cycling). For
reference, the data previously presented in Fig. 5 are shown as dashed lines
in Fig. 13. The test was conducted first at maximum stress (Smax) of 210 MPa
(30 ksi); this resulted in a modulus drop to about 97 percent. This loss seems
to be consistent with the dashed line for 225 MPa (33 ksi). The Sy.ax then was
raised to 275 MPa (40 ksi), which resulted in a loss to about 73 percent
(slightly lower than the dashed 275 MPa data). The test specimen then was
subjected to Smax = 337 MPa (49 ksi), which caused further drop in modulus
to about 58 percent, which is slightly above the dashed line for 350 MPa (51
ksi). The test results of Fig. 13 imply that a laminate will seek the SDS asso-
ciated with the current value of Smax if Smax is the largest in the loading
history.

The response of a laminate subjected to a constant stress range [that is,
225 MPa (33 ksi)], but with varying values of Snax was investigated. Figure 14
indicates that the modulus drops when Smax is shifted upward. As expected,
the modulus did not decrease when Sp.x was lowered from 325 to 275 MPa
(47 to 40 ksi).

Additional data are presented in Fig. 15. Again the stress range was con-
stant [AS = 225 MPa (33 ksi) until the last loading segment]. The shift from
Smax = 325 to 300 MPa (47 to 44 ksi) resulted in a gradual modulus decrease
of approximately 2 percent. The 300 to 325 MPa (44 to 47 ksi) shift upward
in Fig. 14 resulted in a decrease of more than 4 percent. No detectable dam-
age was created by decreasing Spqx = 300 to 250 MPa (44 to 36 ksi). The Spmax
then was increased to 325 MPa (47 ksi), and additional damage resulted. Fi-
nally, this maximum stress then was held at 325 MPa (47 ksi), and the stress
range increased such that R = 0.1. The damage resulted in a modulus loss of
approximately 36 percent, which is close to what one might expect from Fig. 5.

From observations of these three tests, two phenomena seem obvious:

1. For a given stress ratio, the specimen seeks the SDS for the largest Syax
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FIG. 14—Change in elastic unloading modulus under constant stress range and varying maxi-
mum stress (primarily increasing Smax).

to which it is subjected. The simple damage accumulation model in Fig. 8
may be used to give a possible explanation of this phenomenon. An increase
in the cyclic stress range above the shakedown range must result in an in-
crease in the amount of matrix fatigue damage to re-establish a new satura-
tion damage state. Once the new saturation damage state is established, re-
ducing the stress range within the AS range on Fig. 9 clearly will result in no
additional damage.

2. For a constant stress range, relatively negligible modulus drop is gener-
ated by shifting the mean stress downward, whereas significant loss may be
created by shifting the mean stress upward. This second phenomenon is at-
tributed to the tensile plastic deformation and the opening and extension of

T T T
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e / AS = 225 MPa =—t—=- AS =2925MPa |
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FIG. 15—Change in elastic-unloading modulus under a variable loading program.



JOHNSON ON MECHANISMS OF FATIGUE DAMAGE 101

the existing cracks during the upward shift of the stress range. The pre-
viously presented model, Fig. 8 and 9, does not account for this drop in mod-
ulus due to increasing the mean stress. It is clear, however, from Fig. 8 that a
downward shift of the stress range would result in a compressive yielding of
the matrix, which would not serve to open or extend the present cracks
further. Thus, raising the cyclic mean stress would be more damaging than
lowering it.

Although the variable load history tests were simple, they revealed some
interesting implications for fatigue response under complex spectrum loads.
For example, Miner’s cumulative damage would not apply. For constant
amplitude tests the fatigue damage was found to be a function of stress
range, but not mean stress. However, if one were to use the shakedown stress
range and randomly change the mean, fatigue damage would result from the
plastic deformation required each time the mean was shifted. In this manner,
it is not so much the cyclic load causing the damage as the plastic excursion
between cyclic levels.

Concluding Remarks

A shakedown analysis for annealed matrix, metal matrix composites was
shown to predict the stress amplitude below which no fatigue damage ac-
cumulated in laminate with 0-deg fibers on the outside.

A simple fatigue damage accumulation analysis was presented which ade-
quately described the relationship between matrix modulus drop due to ma-
trix fatigue cracks and overall laminate properties. A method for predicting
changes in the laminate properties was developed. It is based upon a model
that envisions an SDS to be able to exist during constant amplitude fatigue
loading.

Data were presented to show the difference in fatigue response of lami-
nates that differed only in stacking sequence; some laminates had 0-deg plies
on the surface, whereas the others had 90-deg plies on the outside surface.
The 90-deg plies on the surface developed cracks earlier than predicted by
shakedown. An attempt was made to explain this stacking sequence effect.

Variable load history effects on the fatigue damage response were investi-
gated by simple tests. These tests revealed that, for a given stress ratio, the
specimen secks the SDS for the largest stress range to which it is subjected. It
also was found that relatively negligible modulus loss results when shifting a
given cyclic stress range down, whereas significant damage may be created
by shifting upward.
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ABSTRACT: It now is recognized widely that stiffness changes during the service load-
ing of composite laminates can be significantly large, especially as those changes affect
deflections, dimensional changes, vibration characteristics, and load or stress distribu-
tions. Several generic sources of stiffness change can be identified, in various degrees,
in fibrous composite materials. The source which occurs quite early in the life of a
specimen or component is matrix cracking, the subject of this paper. While most labo-
ratories now report stiffness changes, very little systematic philosophy has been devel-
oped to account for and explain such stiffness changes. The complexity of this situa-
tion requires systematic study, and motivates the search for a model, or models, which
can describe the behavior and predict unfamiliar response. The present paper reports
the results of an experimental program and an analytical modelling exercise which in-
dicate that much of the observed matrix cracking can be predicted and the effects on
stiffness calculated with various degrees of accuracy depending upon the sophistica-
tion of the model used.

KEY WORDS: composite materials, stiffness, matrix (transverse) cracking, crack den-~
sity, characteristic damage state (CDS), laminate

One of the primary differences between the mechanical response of fiber
reinforced composite laminates and that of more conventional structural
materials, such as aluminum and steel, is that the damage that develops in
such composites is generally much more complex. In traditional engineering
materials, one particular flaw usually accounts for failure. In laminated
composites, numerous defects above the atomic level but still microscopic in
nature may contribute to the eventual failure of the material, including
transverse cracking, delamination, fiber breakage, and fiber-matrix debond-
ing. This investigation studies degradation of the mechanical response of
composite materials, as determined via stiffness measurements, resulting
from transverse cracking.

The three most important mechanical properties of structural materials
are strength, stiffness, and life. Measurement of strength or life during dam-
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age development in a material is not feasible, because only one such measure-
ment can be made for one specimen, and as yet it is very difficult to compare
damage states between two specimens. On the other hand, stiffness can be
measured frequently during damage development, and can be measured
without further degrading the material. Therefore, stiffness is a potential
nondestructive test parameter which could be used to monitor the damage
which develops in a component during service, and to establish residual
strength and life. Numerous such applications of stiffness change as a mea-
sure of damage development have been cited in the literature (1.2

Previous investigations in which stiffness as well as other parameters, such
as ultrasonic attenuation and acoustic emission, were monitored during
damage development were primarily qualitative in nature [2]. With regard
to transverse cracking, the most important discovery was that of the charac-
teristic damage state (CDS). It was noticed that after sufficient loading the
off-axis plies in a laminate reach a saturation state, wherein the distance be-
tween consecutive cracks in a particular ply is nearly uniform throughout the
specimen. Hence, the cracking which appears in all off-axis plies in this state
forms a distinctive pattern, and is referred to as the characteristic damage
state; this pattern can be predicted by a shear lag analysis [ 3].

This study is the quantitative extension of previous work. After obtaining
considerable insight into the physics of the problem, relationships (not merely
trends) between crack density and stiffness were sought. One of the first dif-
ficulties to be overcome was that in the previous studies, axial behavior was
so dominated by the 0-deg plies that laminate stiffness changes were small.
For this investigation, [0,90;]s, [905.0]s, [0,90]s, and [0,£45]; glass-epoxy
laminates were studied. A glass-epoxy material system was chosen because
the ratio of transverse to longitudinal moduli for a lamina (E;/E),) for this
material is large in comparison to that of other advanced composites. The
laminate load carried by off-axis plies, particularly 90-deg plies, is signifi-
cant, and stiffness changes resulting from transverse cracking in these situa-
tions also will be significant. And while the first two laminates listed may not
be of great practical value, their stiffness changes due to cracking are
large enough to provide a critical test for an analysis, and also to allow a
check for stacking sequence dependence. The remaining two laminates pro-
vide different constraint cases and different off-axis plies to further test our
analysis.

Finally, a long term goal is the ability to both classify and quantify dam-
age in a composite laminate. Since the three principal damage modes—
transverse cracking, delamination, and fiber breakage—may all contribute
to the degradation of the mechanical response of the laminate, no single stiff-
ness measurement will suffice even to classify the damage. In addition, struc-
tural designs may depend on several stiffness components. Therefore, to

?The italic numbers in brackets refer to the list of references appended to this paper.
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achieve the desired goal, information concerning the degradation of several
components of stiffness with increasing damage will be required to deter-
mine fully the damage state of the material.

Analysis

In order to determine how transverse cracking in off-axis plies affects the
stiffness of the overall laminate, the stress state in the vicinity of such cracks
must be found. Talug has formulated a finite difference solution to such a
problem [ 4]. The laminate is assumed to be symmetric and infinite in width
(the y direction). The x-axis is chosen to be the load direction, and the z-axis
is chosen through the thickness, with z = 0 at the midplane. The finite dif-
ference solution is applied to the first quadrant of the x-z plane, with cracks
inserted along x = 0. The principal reason for using this technique is that it
yields a full-field solution; all six stress components are determined through-
out the laminate in the presence of a crack. One then can determine the dis-
tance from the crack over which the stresses in the x-y plane are redistributed
to reach essentially laminate analysis values. Also, the out of plane stresses
0z, Txz» and 7., stresses which may initiate delamination, are determined in
the vicinity of a crack. To determine the precise nature of damage propaga-
tion and crack growth into adjacent plies, such a full-field solution is essential.

The finite difference solution does present some difficulties. Due to the
large core requirements for the solution of the resulting algebraic equations,
a computer implemented solution is limited to relatively simple laminates. In
our case, Talug’s numerical solution can analyze symmetric laminates of no
more than eight plies. Further, with the discovery of the characteristic dam-
age state it is unnecessary to know all of the details of the stress field, as it is
unnecessary to know the precise details of crack growth throughout the
laminate.

Reifsnider has developed a one-dimensional model which can approxi-
mate normal stress in the load direction o, in the various plies of a cracked
laminate [ 2]. Careful examination of edge replicas of crack patterns in spec-
imens of various materials shows that shear deformations in any given ply
are restricted to a thin region in the vicinity of interfaces of that ply with ad-
jacent plies. Further, this region tends to be resin-rich, and thus is less stiff in
response to shear loads than the central portion of the lamina. Transverse
cracks extend up to this region, but usually do not extend into it. In the one
dimensional model that follows, this thin region is assumed to be a shear
transfer region. This approach is similar to that used by Zweben in model-
ling the strength of notched laminates [ 5].

Figure 1 shows a typical one-dimensional equilibrium element for a ply
within a laminate, Ply i. The thickness of the ply is a;, and the thickness of
the shear transfer region is b; in the figure, the ply is shown to be cracked. At
a crack surface, the stress in the ply is zero, but away from the crack, the
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FIG. 1—Equilibrium element used in formulation of shear lag model.

stress is nonzero; load is transferred back into the middle Ply i from the con-
straining Plies i — 1 and i + 1 via shear transfer across the thickness 5. The
equilibrium equation for such a ply is

U, 2G 2G _
a; i;xz_—T((]i_Ui-l)—T(Ui—Ui*l)_o I

where E; is the longitudinal modulus of the middle ply, G is the shear modulus
in the shear transfer region, and U;-,, U;, and U;+, are displacements in Plies
i—1,i,and i + 1, respectively. If the substitutions x = b§, U; = bu;, Ui-1 =
bu;-,, and Ui+, = bu;+, are made, Eq 1 can be written in nondimensional
form as

E.-a,- d zu,-
2Gb dt*

There are two special cases of Eq 1 which need to be considered. Suppose Ply
i is an exterior ply of a laminate, so that there is no Ply i — 1 to constrain
it. Then the shear lag contribution from Ply i — 1, (2 G/bY U; — Ui-1), must
be eliminated from Eq 1, since the left surface of Ply i is a free surface. The
resulting equation written in nondimensional form is

E,-a; dzu,-
2Gb dt?

YU =2+ war =0 )

-+ U =0 3)

The other special case arises when one surface of Ply i is the midplane of a
symmetric laminate. For example, if Plies i and i — 1 are plies on either side
of the midplane of such a laminate, then (2G/bX U; — Ui-,) = 0 from sym-
metry, since U; = U;-,. This result yields an equation which is identical to
that which was obtained for an exterior ply.

The assembly of the governing equations discussed previously for the plies
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FIG. 2-—Normal stress distribution in cracked 90-deg ply of a [ 0,1 45,901« graphite-epoxy lami-
nate predicted by finite difference and shear lag models.

within a laminate yields a system of coupled, second order differential equa-
tions in displacements. This system is similar in nature to those obtained for
coupled oscillator problems, and the solutions take the form of sums of
characteristic solutions multiplied by arbitrary constants. The application of
boundary conditions, including stress-free surfaces at transverse crack faces,
applied displacements, and applied strains, determines the arbitrary constants.

In Fig. 2, a comparison is made between the normal stress distributions in
the cracked 90-deg plies of a [0,£45,90] graphite-epoxy laminate predicted
by the shear lag and finite difference models. For the finite difference model,
an aspect ratio L/T = 6, where T is the laminate half-thickness, was used.
The crack was placed at X/T = 6 in both cases. Material properties are
shown in Table 1. The finite difference results show that there is a normal
stress gradient through the thickness, but near the center of the ply (Z <
0.12T) that gradient is not very pronounced. This affirms the existence of a
shear lag region. The shear lag model is stiffer than the finite difference
model but the stresses are similar to those predicted by the finite difference
model as Z approachese 0.57, the interface between the 0 and —45-deg plies.
Both models indicate that the stress level becomes constant at approximately
X/T = 4.5. Figure 3 shows that similar trends exist in a [0,90,£45]; graphite-
epoxy laminate with cracked 90-deg plies. Note that due to the different con-
straint on the 90-deg plies, a stable stress level is reached at X/T = 5.0, which

TABLE 1—Mazerial properties for graphite-epoxy and glass-epoxy.

Material E,, GPa E;, GPa m2 G2, GPa Gn GPa G. GPa a. mm b, mm

Graphite-Epoxy 142 9.85 0.30 4.48 3.37 1.38 0.127 0.013
Glass-Epoxy 417 13.0 0.300 34 .. 1.38 0.203 0.041
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FIG. 3—Normal stress distribution in cracked 90-deg ply of a [ 0,.90,% 45)s graphite-epoxy lami-
nate predicted by finite difference and shear lag models.

is only two thirds of the distance from the crack which was determined in the
previous case.

With the aid of stress distributions determined by these analyses, it is pos-
sible to develop a simpler model for laminate response after transverse crack-
ing has occurred. In a given off-axis ply, transverse cracks generally run
across the width parallel to the fiber of that ply. Therefore, no significant
change is expected in the response of such a ply to a load in the fiber direc-
tion. However, both the finite difference solution and the shear lag solution
indicate a change in the net load carried by that ply normal to the crack. The
effect of this behavior on overall laminate response can be modelled by re-
ducing the stiffness E; in the cracked ply and using a laminate analysis to
predict laminate stiffness values. In order to determine the degraded value of
E,, the shear lag model can be used to calculate the contribution to the over-
all load carried by the laminate of an off-axis ply damaged to a specified
crack density. The appropriate reduction in E, could then be made. However,
we already have seen that the shear lag model is too stiff due to the assump-
tion that other than the resin-rich shear transfer region, the material is rigid
in shear. Instead, E; can be assigned a zero value, which should be nearly
true when damage is fully developed. The stiffness of a degraded laminate at
the CDS will be underestimated, but the existence of small amounts of dam-
age other than transverse cracking should decrease any discrepancy between
predicted and observed values. The laminate analysis using reduced stiff-
nesses in cracked plies also will predict other laminate stiffness values. If the
physics of the crack problem has been accurately simplified to producing a
net decrease in stress normal to the crack face, these predictions of other stiff-
ness also should be reliable.
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Procedure

Specimens of two geometries, 203 by 25.4 mm and 254 by 50.8 mm, were
obtained from panels of [0,90;];, [90;5,0);, [0,90]);, and [0,£45], type 1003
Scotchply reinforced plastic, which has a ply thickness of about 0.203 mm.
Specimen edges were polished with 5 um and 3 um alumina to enhance the
detail observed in edge replicas. Edge replicas are obtained by pressing
acetone-softened acetate tape against the specimen edge. When the tape
hardens it provides a permanent record of surface detail at the specimen edge
(6]

Quasi-static tension tests and tension-tension fatigue tests in a load con-
trolled testing mode were performed on the 25.4-mm-wide specimens. A
stress ratio of R = 0.1 was used for the fatigue tests. In both test types, at
various stages of the load sequence, the specimen was unloaded, and a longi-
tudinal stiffness was measured with the aid of a 50.8-mm gage length clip-on
type extensometer. Edge replicas were made without removing the exten-
someter. Thus, a record of stiffness degradation at various stages of damage
development was obtained.

Several stiffness components of the 50.8-mm-wide specimens were mea-
sured. Some specimens were instrumented with 0,45,90-deg stacked stress
gage rosettes. For these, an initial shear modulus Gy, was obtained using a
modified rail shear apparatus developed by O’Brien [7] by applying small
compressive loads to the specimen-rig assembly. A bend test was then per-
formed in which the specimen was supported along its length by two knife
edges which were 47.63 mm apart, and line loaded along its center line in a
constant crosshead rate test. Load versus deflection data could be used in
conjunction with a Levy solution for a simply supported, infinitely long plate
subjected to a line loading along its center line to determine the bending stiff-
ness Dy,. Next, the initial longitudinal modulus E, and Poisson’s ratio vy
were determined in a load controlled quasi-static test. After a specimen was
damaged, the measurements described previously were repeated so that
values of E;, vyy, Gxy and Dy, for a damaged specimen were obtained. The
rail shear and bend tests give qualitative information about changes in G,
and D,,, but actual stiffness values may be suspect.

Considerable variations in the value of »,, measured in the damaged lami-
nates were observed, and were thought to be due to the local nature of the
stress measurement of a strain gage. An alternative scheme was devised in
which two clip-on type extensometers were used to measure strains in some
of the 50.8-mm-wide specimens. A 50.8-mm gage length clip gage was
mounted on one specimen face to measure longitudinal strain, and a 25.4-mm
gage length clip gage was mounted on the other face to measure transverse
strains. This configuration is illustrated in Fig. 4. The specimen then was
loaded quasi-statically in a load-controlled test to determine Ex and vxy. The
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FIG. 4—Clip gage configuration for Poisson’s ratio measurement.

two clip gage technique improved the consistency of the measured value
of vy,.
Results and Discussion

As mentioned above, the [0,90;]; and [905,0]; laminates were expected to
exhibit large stiffness changes after transverse cracking occurred. The shear
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F1G. 5—Stiffness and crack density versus stress level for a [0.90s]s laminate.
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lag analyses of these two laminates are identical. Typical quasi-static test re-
sults for a {0,90;]; specimen, in this case Specimens A6, are shown in Fig. 5.
The initial stiffness was approximately 21 GPa. The general trend indicated
by the plot is that as the crack density increases, the stiffness decreases. At
the higher load levels, both the stiffness and the crack density reach relatively
stable values; the maximum crack density is about 0.75 cracks/mm, and the
minimum stiffness is about 11 GPa. The stable crack density indicates that
the CDS for this laminate has been attained. Figure 6 shows that large in-
creases in crack density occur simultaneously with large decreases in stiff-
ness; when smaller increases in crack density occur, the stiffness decrease is
also smaller. Good correlation between stiffness and crack density is indi-
cated, and the stiffness change which was expected to be large, was 45 per-
cent. A typical damage pattern for [0,90;]s materials subjected to large loads
is shown in Fig. 7. The spacing of the large cracks that extend through all six
90-deg plies is nearly uniform. Also, some crack branching—smaller cracks
extending from larger ones—is seen.

Figure 8 illustrates typical quasi-static test results for a [90;,0]s specimen,
in this case Specimen II-3. The results are similar to those for the [0,90;];
laminate in that the stiffness decrease is large (37 percent), and that when the
crack density increases, the stiffness decreases. The crack density does not
quite reach a stable value at high stress levels. The significant differences are
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FIG. 7T—Typical saturation crack patierns observed in [0,90;)s laminate.
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that both the initial stiffness (19.3 GPa) and the final crack density (0.51
cracks/mm) are lower than the corresponding values for the [0,90;]; lami-
nates. The damage pattern for [90,,0]; material shown in Fig. 9 indicates
again a relatively uniform crack spacing in the 90-deg plies and some crack
branching.

Fatigue results for [0,90]; Specimen V-6 are shown in Fig. 10. The maxi-
mum stress applied during the fatigue cycle was 207 MPa. The initial stiff-
ness is approximately 22.7 GPa, and decreases to 20.2 GPa within the first
10000 fatigue cycles. The stiffness decreases more slowly over the next 90 000
cycles to a stable value of about 19.3 GPa. The stiffness decreases by about
15 percent. During the first 10000 cycles, the crack density increases from a
near zero value, to about 1.6 cracks/mm. During the final 90 000 cycles, the
change in crack density is small; the crack density reaches a stable value of
1.9 cracks/mm. Again, a large increase in crack density is accompanied by a
large decrease in stiffness. A damage pattern for [0,90]; material near CDS,
illustrated in Fig. 11, shows that cracks in the 90-deg plies are almost evenly
spaced, and usually extend through both 90-deg plies. Little crack branching
is observed.

Fatigue data for Specimen IV-6, a representative [0,£45]; laminate, are
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FIG. 9—Typical saturation crack patterns observed in [ 90.01s laminate.
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shown in Fig. 12. The maximum stress applied during the fatigue cycling was
172 MPa. Again, the decrease in stiffness over the first 10000 cycles is large,
and beyond 10000 cycles the stiffness change is small. Also, during the first
10000 fatigue cycles virtually all of the cracking occurs in both the +45 and
—45-deg plies, and after 10000 cycles both of those crack densities have
reached stable values. The stable crack density in the +45-deg plies is about
1.8 cracks/mm, while the stable crack density in the —45-deg plies is about 1.2
cracks/mm. A representative saturation damage state is shown in Fig. 13.
Note that local delamination frequently occurs between the tips of cracks in
the +45 and —45-deg plies. The damage is obviously not limited to trans-
verse cracking.

The results for all four cases could be summarized in general terms. As the
loading is increased, either in stress level for a quasi-static test or in number
of cycles for a fatigue test, the crack density increases until it reaches some
stable value. During this process, the stiffness decreases and reaches a stable
value when the crack density does. Further, the rate of increase of the crack
density is related to the rate of decrease of the stiffness. Large stiffness
changes occur when large crack density changes occur, and small stiffness
changes occur when small crack density changes occur.

In Fig. 14 theoretical predictions and experimental observations for stiff-
ness as a function of crack density are shown. The material properties used
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FI1G. 11—Typical saturation crack patterns observed in [ 0,901s laminate.
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FIG. 12—Stiffness and crack density versus cycles of loading for a {0,.=45)a laminate.

in the analysis are shown in Table 1. A comparison of the shear lag predic-
tions with experimental results indicates that while the general shape of the
predicted curve is correct, the stiffness is overestimated. Some of this discrep-
ancy could be eliminated by reevaluating the value of the shear transfer layer
thickness b used in the analysis based on the finite difference results. Some
difference between theory and experiment is expected in any case, since
damage is not restricted exclusively to transverse cracking. As shown, the
shear lag analysis predicts a 29 percent stiffness reduction, while a reduction
of 45 percent was observed. The dashed line indicates the axial stiffness pre-
dicted by a laminate analysis in which E; of the 90-deg plies has been reduced
to zero. Of importance is that this prediction and the shear lag prediction
bound the observed results. Also, the laminate analysis provides a reason-
able, and for design considerations conservative, estimate for the longitudinal
stiffness when damage is fully developed.

A comparison of measured changes in the four stiffness components E,,
vxy, Gxy, and D,, with corresponding laminate analysis predictions for all
four stacking sequences is given in Table 2. For the [0,90;]s, [90s,0];, and
{0,90]; cases, the predicted values and measured values are in close agree-
ment. Some longitudinal splitting, or cracking in fiber direction in the 0-deg
plies, was observed and might account for the difference between the ob-
served and predicted changes in D, in this case. The measured change in G,
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FIG. 13—Typical saturation crack patterns observed in [ 0,1 45)s laminate.
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laminate.

for the [0,90]; material is not unreasonable because of the local nature of the
strain measurement of a strain gage. In the [0,90;];, (905,0]s, and [0,90];
cases, the analysis is somewhat conservative; it overestimates the longitudinal
stiffness change. Agreement between theory and experiment for the [0,1£45];
case is not good, but in this laminate, other damage modes are observed.
Fiber breakage in the 0-deg plies, longitudinal splitting, and local delamina-
tion are also evident in the [0,145]; material, and thus also can be expected
to contribute to the overall degradation of the mechanical response of the
laminate. The simple analysis postulated does not account for these addi-
tional damage modes.

Conclusions

In general, the objective of the investigative program reported in the pres-
ent paper was to isolate stiffness changes due to matrix cracking experimen-

TABLE 2—Predicted and observed stiffness decreases for glass-epoxy laminates.

Material AEx, % ' Allxy, % Any, % ADyy, %
observed 42.0 oo 0.0 0.6
0,90} predicted 473 74.3 0.0 34
[903,0] observed 38.8 71.0 0.0 0.0
e predicted 47.3 74.3 0.0 2.0
[0,90] observed 17.1 49.8 11.2 7.3
e predicted 22.6 48.9 0.0 1.0
[0,245], observed 94 8.1 28.4 5.3

predicted 4.3 20.6 11.8 11.0
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tally and to model those changes analytically. The experiments were designed
to promote matrix cracking in off-axis plies, the type of matrix cracking that
was modelled. Some longitudinal cracking in the on-axis plies was caused by
tensile transverse normal stresses in those plies for the cross ply laminates,
and some matrix cracks which were not transverse to the load axis (and pos-
sibly some fiber fracture) occurred in the [0,245]; laminates. The limitations
of the analysis also are identified easily. The best stress analysis available to
us for the representation of internal matrix crack patterns is three dimen-
sional and highly sophisticated, but approximate. And, most important, the
philosophy which we have developed for representing the effect of matrix
cracking on the tensor stiffness components of the individual laminae is still
in a relatively adolescent stage.

What can be said, at this point, is that the correlation of tensor stiffness
changes due to matrix cracking predicted by our analysis with those measured
in the experiments strongly suggests that a solid analytical foundation has
been laid, and that tensor stiffness changes due to matrix cracking can be
predicted with what might be called engineering accuracy using very simple
lamina stiffness reduction principles and standard laminate analysis. The
practical implications of such a capability are obvious. The intricate rela-
tionships between such tensor stiffness changes and the corresponding inter-
nal stress redistributions which control the residual strength and life of such
laminates are certainly less obvious, but these relationships may well hold
the key to the development of successful mechanistic models for the predic-
tion of the engineering materials response of composite laminates.
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ABSTRACT: (25/—25/90,),, n = 1/2, 1, 2, 3, 4, 6, 8, and (252/—25,/90;), T300/934
graphite/epoxy laminate coupons were tested in tension and examined periodically by
di-iodobutane (DIB) enhanced X-radiography following progressively larger incre-
ments of applied load. The tensile strain required to initiate transverse cracking in the
90-deg ply was found to depend on the thickness of the 90-deg layer. For n << 3 delami-
nation was initiated at the edge of the coupon. The onset of delamination occurred be-
fore or after transverse cracking, depending on the laminate construction. For n = 4
delamination at the 25/90 interface was initiated across the entire width of the coupon
by the formation of a transverse crack in the 90-deg ply. In some laminate construc-
tions the location of specimen separation during final fracture was associated with the
growth and coalescence of edge delaminations under either incrementally increasing
or constant strain cyclic loading. Comparisons of experiments to the fracture sequence
predictions by stress and energy analysis are made to assess our ability to account for

the ply thickness dependence of fracture in these laminates.

KEY WORDS: composite laminates, graphite-epoxy, fracture, delamination, trans-

verse cracking, X-radiography, tension testing, composite materials

The process of composite laminate fracture under static or fatigue loading
is known to involve a sequential accumulation of damage, in the form of ma-
trix dominated cracking, prior to final fracture by fiber breakage in the
primary load carrying plies. One type of damage consists of multiple trans-
verse cracks running parallel to fibers in plies which are oriented transverse
to the applied load. A second type of matrix dominated damage consists of
interply delamination cracks which are frequently found near the free edge
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of alaminate. The density of transverse cracks has been observed to increase
to a peak level characteristic of the laminate construction and loading condi-
tions, while the degree of delamination damage is frequently observed to in-
crease steadily until failure occurs by fiber fracture in the primary load carry-
ing plies [ 1].> Both matrix dominated damage modes can be detrimental to
the structural reliability and durability of composite laminates since they re-
sult in a redistribution of lamina stresses which can influence the onset of
final fracture involving fiber breakage in the primary load carrying plies.

The sequence of damage accumulation in composite laminates is found to
depend strongly on the laminate construction and stacking sequence. In a
(0,245,90) quasi-isotropic symmetric laminate series, certain stacking se-
quences are found to delaminate more easily than others. For example, the
ultimate tensile strength of a delamination prone (£45/0/90); T300/934 lam-
inate is found to be 30 percent less than the strength of a (90/145/0);s con-
struction which does not delaminate prior to failure [2]. The out-of-plane
normal and shear stresses which exist near laminate free edges are known to
influence the initiation and growth of delaminations. For this reason many
studies have been conducted in recent years to determine the gradient of the
free edge stresses due to mechanical, thermal, and hygroscopic loading. The
location of the observed delamination is usually successfully predicted by fi-
nite element or more approximate numerical methods [ 3]; however, in other
cases, especially those involving hygrothermal loading, delamination is not
observed in locations where the calculated free edge normal stress o; is sev-
eral times larger than the transverse tensile strength of the composite [4].

More recent studies of transverse cracking [5] and delamination [ 6] have
shown that varying the thickness of the plies used to construct the laminate
alters the applied strain (load) needed to initiate these damage modes. For
example, the tensile strain at onset of delamination of (+45,/0,/90,)s,
n =1, 2, 3 graphite epoxy laminates was found to vary inversely with the
square root of the laminate thickness [ 6]. The observed ply thickness effect
on fracture initiation cannot be predicted from stress analysis alone. Two
approaches based on Weibull statistics [ 7] and fracture mechanics [ 8] have
been taken to account for these results. Wang and Crossman [ 9] have em-
ployed a finite element energy analysis procedure to predict the onset of both
transverse cracks and edge delamination in (£25/90.);, n=1, 2, 3, 4
T300/934 laminates. They assume that the values of critical strain energy re-
lease rate (fracture toughness) associated with transverse fracture and in-
terply delamination are the same. The energy analysis successfully predicted
the observed dependence of onset strain for transverse cracking and delami-
nation upon the thickness of the 90-deg plies and the alteration of delamina-
tion mode from the midplane to the 25/90 interface [9,10].

In this paper we examine the tensile fracture sequence of (25/—25/90,)s,

* The italic numbers in brackets refer to the list of references appended to this paper.
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n=1%,1,2,3,4,6,8and (25,/—25,/90,)s T300/934 laminates. In addition to
providing documentation of fracture predictions described in previous refer-
ences [9,10], the paper summarizes our observations of the interdependen-
cies of transverse cracking and delamination fracture processes and their
influence upon final fracture involving 25-deg ply failure. Our goal is to
delineate the degree of structural modeling necessary to predict fracture suc-
cessfully in composite laminates.

The (£25/90;) laminate series was chosen for these experiments because of
its well documented propensity for delamination under tensile loading [ 3].
Pagano and Pipes even suggested it as alternative method of measuring the
interlaminar tensile strength [ 11]. As described by Harris and Orringer, the
through-thickness free edge stress distribution is complex [3]. 7, peaks at
the (25/—25) interface, is small at the 25/90 interface, and vanishes midplane.
Ty: is greatest at the 25/90 interface and of the same order of magnitude as o.
which is high throughout the 90-deg layer. All three components reduce to
zero far from the edge. The influence of stacking sequence on the prevailing
delamination mode was first noted by Harris and Orringer [3]. They ob-
served 25/90 delamination during tensile loading of (25/—25/—25/25/90);
coupons but a zig-zag delamination within the 90-deg ply of (25/—25/25/
—25/90), coupons. These results indicate that contributions from both 7«
and o; influence the particular delamination mode.

Experimental Procedure

Laminates were fabricated from Fiberite T300/934 prepreg tape and auto-
clave cured at 450 K according to the manufacturer’s recommended cure
procedure. Nominal fiber volume was 66 + 2 percent. The 30 by 30 cm pan-
els were cut by diamond saw to a coupon length of 22.5 cm and width of 2.5
cm. Fiberglass tabs of length 3.75 cm were bonded to each end of the cou-
pon. Coupons were stored and tested under ambient conditions (22 + 3°C,
60 * 5 percent Relative Humidity) 3 to 6 months after fabrication. All tests
were conducted on an Instron Universal Test Machine at a controlled dis-
placement rate of 0.25 mm/min. The experimental procedure for document-
ing damage sequence was as follows:

1. An average ultimate tensile strength (UTS) for each type of laminate
construction was determined by ramp tension testing of two replicas. Speci-
mens were strain gaged (% in. strain gagers; EA-13-125TM-120 type) at the
centroid of specimen gage length and width to determine the initial axial stiff-
ness of each laminate type.

2. Three to five replicas of each laminate type were step loaded without
strain gaging under axial tension; the loading increment was approximately
10 percent UTS until damage in the form of transverse cracks or delamina-
tion was detected. The loading increment subsequently was reduced to ap-
proximately 5 percent increments until ultimate failure.
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3. After each step-loading, the specimen was removed from the tester,
swabbed on the edges with di-iodobutane (DIB) solution to penetrate cracks,
wiped off to remove excess DIB after 30 s, placed immediately into a Faxi-
tron 804 point source X-radiographic chamber atop a Polaroid film (Type 55
positive/negative ASA 50) cassette, and exposed to X-rays for 1.25 min at 30
kV.

4. X2 positives were prepared by enlarging the Polaroid negatives onto
high contrast Kodak paper. The onset and density of transverse cracks and
the onset and growth of delaminations visible on the positive prints were
measured and recorded.

5. Following fracture, the edges of each specimen were optically examined
under a X30 microscope to document the location of delamination and de-
tails of the fracture process.

Experimental Results and Observations

Table 1 summarizes the results of incremental tension testing and radio-
graphic examination of the (£25/90,), n = }, 1, 2, 3, 4, 6, 8 laminates as well
as [(25/—25)2]s, (252/—252/90.)s, and (90s)s laminates (designated as n = 0,
n = 2% and n = 8**, respectively, in subsequent discussions). The average
stresses at which the onset of transverse cracking and delamination were ob-
served are tabulated with the range given in parentheses. The measured
stress-strain response of these laminates was essentially linear to failure. The
onset strain for each fracture event was estimated by dividing the measured
stress by the laminate initial modulus.* Figure 1 plots the applied strain for

TABLE 1—Summary of tension tests on T300/934 (25/—25/90n) laminates.

Youngs Stress at Onset of Stress at Onset Ultimate
Modulus,  90-deg Ply Transverse Cracking, of Delamination, Tensile Strength, Number of
n GPa MPa MPa MPa Specimens Tested
0 76.8 514 (480 1o 538) 3
172 723 438 (425 to 457) 471 (455 to 492) 3
1 68.9 409 (393 to 413) 459 (453 to 464) 4
2 65.5 282 (272 10 )) 302 (296 to 308) 324 (310 10 341) 5
2 546 227 (207 10 243) 324 (311 10 332) 356 (342 10 378) 4
3 455 165 (147 10 167) 270 (258 to 287) 292 (282 10 302) 4
4 39.3 127 (127 10 127) 211 (200 to 216) 211 (200 to 216) 3
6 27 108 (98 to 120) 128 (125 to 135) 140 (133 to 147) 3
8 26.3 90.9 (85.4 10 97.8) 94.4 (92.3 10 97.8) 101 (97.1 10 104) 4
Liddd 113 44.1 (41310 48.2) 5

% (25,/—25,/90;) laminate.
bae (904), tr idirectional

* The stress-strain response of these laminates was essentially linear to the point of delamina-
tion onset. Thereafter some small reduction in stiffness as measured by strain gage at the speci-
men centroid was noted, although the reduction in tangent modulus even at failure never ex-
ceeded 15 percent. The reader may verify that in the worse case of constant modulus to 0.60
percent strain, followed by a 15 percent modulus reduction to 0.75 percent failure strain, the
error in estimating failure strain from ultimate stress divided by initial modulus is less than 3
percent.
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FI1G. 1—Observed tensile strain e for transverse cracking, delamination, and ultimate failure
versus the number of 90-deg plies in T300/923 laminates.

onset of transverse cracking, onset of delamination, and final fracture show-
ing the average value and range as the thickness of the 90-deg ply varies from
n =0 to n = 8. The strain to failure for n = 0, 1, 2, 3 laminates is found to
be constant. For n = 4, 6, 8 laminates the strain to failure &’ shows a signifi-
cant reduction as n increases. Delamination is observed to initiate at strains
& = 0.90 ¢ for each laminate; although for n = 4 delamination is not ob-
served prior to final fracture. The onset strain for transverse cracking shows
a strong dependence upon n. Transverse cracks are not observed prior to de-
lamination in n = % or n = 1 laminates. The strains for onset of transverse
cracking, delamination, and final failure in (252/—25,/90,); laminates are
well below the values obtained in (25/—25/90); laminates with equivalent
elastic stiffnesses.

Figure 2 provides a schematic view of the sequence of fracture in these
laminates. Referring to Fig. 1 for the appropriate tensile strain, Column a
shows the degree of transverse 90-deg cracking just prior to the initiation of
delamination as viewed on radiographs of the specimen width. Column b
shows specimen width and edge views (dotted lines are the 25/90 interfaces
viewed on edge) immediately after edge delamination is observed. Column ¢
shows the area occupied by delamination and the type of delamination im-
mediately prior to final failure. Transverse cracks are displayed only in the
edge views when they are associated with the initiation of a local 25/90 de-
lamination at the transverse crack tip. Before describing the fracture se-
quence of each laminate in more detail the following general observations
are made:
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FIG. 2—Schematic of the fracture sequence in(25/— 25/90,)s laminates: (a) just prior to delam-
ination; (b) subsequent 10 delamination; and (c) just prior 1o final failure.
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1. Prior to delamination, a well-developed set of transverse cracks exists
only in n = 2, 3, 4 laminates.

2. Inn=1, 2, 3 and 2* laminates, a locally higher density of transverse
cracks is observed in regions of edge delaminations subsequent to delamina-
tion.

3. Inn=1%,1,2,and 2%, an edge delamination which wanders through the
90-deg layer is predominant.’

4. In n = 3 an edge delamination at the 25/90 interface is predominant.’

5. Inn = 4, 6, 8 laminates, 25/90 delamination initiates simultaneously
with the creation of a new transverse crack when the applied stress is high.
The delamination zone is larger at the edge but extends across the entire
width of the specimen.

6. Transverse cracks across the entire width of n = § laminates are not ob-
served even after extensive edge delamination.

7. The extent of midplane delamination prior to failure is greater in n = 2%
than in the comparable n = 1 laminate with equivalent elastic properties.

8. The character of fracture sequence, density of transverse cracking, and
the location and extent of delamination are seen to change consistently as n
varies from } to 8.

(£25/905)s Fracture

Figure 3 shows radiographs of portions of the gage section of two
(£25/90s)s laminates tensile loaded to 95 percent of UTS. The dark section
at the base of each specimen is the image of the fiber glass tab area. Five
transverse cracks are seen in Specimen 8-1. The top two transverse cracks
which formed first during incremental loading show upon closer examina-
tion a narrow 25/90 delamination at the tip of the transverse crack in the 90-
deg ply. The dark zone in Specimen 8-1, a delamination associated with the
fourth crack from the top of the specimen, develops entirely within the last
incremental loading. Cracks at 25-deg indicate that transverse splitting of the
25-deg plies parallel to the fiber axes also has taken place. The delamination
and 25-deg ply splitting is developed more fully in Specimen 8-2. While de-
lamination is found across the entire width of the specimen, the 25-deg
cracking is concentrated at the specimen edge.

(£ 25/905)s Fracture

25/90 delamination at the tip of 90-deg transverse cracks does not occur at
the onset strain for transverse cracking, as evidenced by the radiographic
image of several cracks in the lower portion of Specimen 6-7 in Fig. 4. At

’ We distinguish here between a *90/90 delamination,” which wanders back and forth within
the 90-deg ply and in some instances runs a short distance along a 25/90 interface, and a ““25/90
delamination,” which runs predominantly along the ply interface. The schematic edge view ac-
centuates these differences for clarity.



CROSSMAN AND WANG ON DEPENDENCE OF TRANSVERSE CRACKING 125

(a) )]

FIG. 3—DIB X-radiographs of (25/~25/90s)s Specimens A 8-1 and B 8-2 after tensile strain-
ing 10 0.38 percent. Specimen width is 2.5 cm in all radiographs.
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(a) (b)

FIG.4—DIB X-radiograph of (25/—25/90s)s Specimens A 6-7 and B 6-9 after tensile straining
to 0.41 percent and 0.45 percent, respectively.
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slightly higher loads, edge 25/90 delamination develops rapidly but asym-
metrically with respect to specimen width. The tendency for delamination to
be associated with the transverse cracks is evident from the spiked appear-
ance of the dark zones which delineate the tip of the delaminations where the
DIB penetrant has concentrated by capillary action. The entire region to the
right of each 25/90 delamination front is delaminated. n = 6 and n = 4 lam-
inates showed similar fracture patterns involving separation along both
25/90 interfaces, and delamination extending across 50 percent of the speci-
men width prior to failure. 25-deg ply splitting parallel to the fibers is found
along the right-hand edge of both specimens in Fig. 4. A radiograph of failed
Specimen 6-9 demonstrates the mixed fracture of the 25-deg plies involving
both inplane shear out and fiber fracture. The regions of fiber fracture (left
side of Specimen 6-9) invariably exhibit a fracture line which is parallel to
transverse cracks in the 90-deg ply. While one is tempted to associate this 25-
deg fiber fracture crack with the stress concentration at the tip of a specific
transverse 90-deg crack, the failure of (£25,); specimens exhibited essentially
the same mixed failure mode and orientation of the fiber fracture regions.

(£25/905)s and (£25/904)s Fracture

These two laminates represent a transition from delamination associated
with specific transverse cracks and delamination associated with free edge
stresses. Both laminates develop a high density of transverse cracks prior to
delamination initiation. In the n = 4 laminate, 25/90 delamination initiates
at the edge but in association with transverse cracks. In the n = 3 laminate,
edge delamination initiates at the 25/90 interface, and causes a simultaneous
increase in the local density of transverse cracks in the delaminated region
(see Fig. 5). Isolated areas of 25-deg ply splitting also are observed in associa-
tion with the 25/90 delamination. The scallop-like edge delamination re-
gions shown in Fig. 5 are typical of the n < 3 laminates loaded in tension.

(£25/90,)s Fracture

n = 2 laminates exhibit the highest density of transverse cracks prior to
delamination, as shown in Fig. 5. Edge delaminations of 90/90 and 25/90
types are seen in these specimens. The maximum extent of delamination in
n = 3 and n = 2laminates prior to ultimate failure is only 10 to 20 percent of
the specimen width. Furthermore, the ultimate strain to failure is essentially
that of (£25,)s laminates.

(£25/90)s Fracture

Although it is difficult to observe in the radiograph reproduced in Fig. 5,
transverse cracking in the n = 1 laminate is found only after the initiation of
90-deg ply delamination and only in those delaminated regions. Delamina-
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(a) (b) (c)

F1G. 5—DIB X-radiograph of (a) (25/—25/90)s Specimen 5-4 after ex = 0.67 percent. (b)
(25/—25/90,)s Specimen 7—4 after ex = 0.61 percent, and (c) 25/—25/90s)s Specimen 8-4 after
ex = 0.59 percent.

tions seem to alternate along both edges of the specimen but do not coalesce
to cover the entire edge before ultimate failure. Figure 6 shows the maximum
extent of delamination in an # = | laminate at 96 percent of UTS. Some 25-
deg ply splits seen within the right hand delamination region in Fig. 6a ap-
pear to identify the final failure surface in Fig. 6b. Fiber fracture and inplane
shear out of the 25-deg plies are both observed at the fracture surface. This
figure illustrates a trend observed in many specimens examined—the final
fracture surface is found most commonly in the region of greatest delamina-
tion extension. However, a prediction of this location necessitates interrupt-
ing a tensile loading only a few percent below the UTS of the specimen.
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(a) 8 oA

FIG. 6—DIB X-radiograph of (25/~25/90)s specimen after (a) ex = 0.64 percent and (b)
ex = 0.67 percent.
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(= 25/_9_0).1 Fracture

Figure 7 shows the morphology of damage in n = } laminates at or close
to tensile failure. Delamination is predominantly in the 90-deg plies. Some
evidence of 25-deg ply splitting is found near the specimen edges, but the
final fracture surface shows a mix of fiber fracture and inplane shear out of
the 25-deg plies. Transverse cracking of the 90-deg plies is not observed prior
to initiation of delamination. Subsequently, the transverse lines in the delami-
nated zone suggest 90-deg ply cracks which run only partially in from the

FIG. 7—DIB X-radiograph of (25/—25/90). Specimens 11-2, 11-3, and 11-4 (left to right)
after ex = (.63 percent. Oblique cut made for microscopic examination of delamination Regions a
and b is shown.
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(a) —t
200 um

(b)

FI1G. 8—Microscopic oblique section examination of (25/— 25/%). Specimen 11-4 in delamina-
tion Regions a and b. ( See Fig. 7.) Original magnification X 100.

edge. However, a microsectioning along an oblique cut in Specimen 11-4
(see Fig. 7) through the delamination region provides a different interpreta-
tion. In Fig. 8 the microscopic section shows the transverse line pattern at lo-
cation b in Fig. 7 to be caused by the irregular delamination surface in the
90-deg ply. No transverse cracks are found in this region. At location a close
to the tip of the delamination, we find that the delamination runs to the
25/90 interface and several oblique cracks, barely discernible in the radio-
graphs, are found in the 90-deg ply. The orientation of these cracks strongly
suggests that they initiate due to the locally complex shear and normal stress
state in the vicinity of the 25/90 interface delamination.
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(25:/—25,/90,)s Fracture

Figure 9 illustrates the 90/90 delamination mode associated with n = 2*
laminate specimens. Although elastically equivalent to the (£25/90), lami-
nate, n = 2* specimens exhibit transverse cracking prior to delamination,
enhanced transverse crack densities in the delaminated regions, and clear evi-
dence of local 25-deg and —25-deg ply splitting near the specimen edge, sub-
sequent to delamination extension inward from the edge. Nearly 80 percent
of the width of the specimen is found to delaminate prior to ultimate failure.
The final fracture occurs at a much lower stress (strain) than that obtained
for equivalent n = | specimens. Indeed, the failure mode of the 25-deg plies
is quite distinctively due to inplane shear out. Thus a doubling of the 25-deg
ply thickness alters the predominant failure mode and lowers the strength of

) (2) (3) )

FIG. 9—DIB X-radiographs of (25,/— 25,/90,)s Specimen D6-6 tensile strained to progres-
sively increasing levels in 13 steps and then cycled 4 times at ex = 0.49 percent.
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the laminate. Figure 9 shows the effect of four tensile loading cycles at con-
stant peak load (R = 0) on delamination area. Growth of delamination is
found to be a function not only of the previous peak load increment, but also
of the number of cycles at a constant high stress (strain) level. This observa-
tion demonstrates the difficulty of associating a given delamination exten-
sion with a particular static load level. The incremental nature of the experi-
mental procedure also can include crack extension by a mechanical fatigue
mechanism.

Discussion of Results

Given the widely varying sequence of damage accumulation and failure in
these (£25/90,); laminates, this discussion will describe briefly several ana-
lytical models which seek to predict certain aspects of the laminate failure
process. A detailed exposition of these models is not appropriate here, but
references providing these details are cited.

Transverse Cracking

Transverse cracking of the 90-deg plies is the first damage mode inn = 2,
3,4, 6, and 8 laminates. Although free edge effects might influence the tensile
strain at which transverse cracking is initiated, the contribution of the free
edge to the transverse normal stress g, in the 90-deg plies is typically only 10
percent above the value calculated by laminated plate theory [ 12]. In Table 2
the transverse normal stress in the (125,90); laminates is calculated by lami-
nated plate theory using the LPARL*ADVLAM code [ 13]. The elastic con-
stants used in the analysis: E; = 163.4 GPa, Er = 11.9 GPa, G.r = 6.5 GPa,
and vzr = 0.30, were based on previous experiment [2]. Table 2 shows the
individual contributions to transverse normal stress due to thermal and me-
chanical (tensile) loading. The combined thermal and mechanical stress
which exists at the tensile strain e equal to the onset strain for transverse
cracking e, is given in Column 4 of the table. The calculated stress is not
found to be constant as » varies. Furthermore, all the calculated stresses are
significantly higher than the transverse tensile strength of (90s)s specimens

TABLE 2—Calculated transverse normal stress ax in 90-deg plies of (25/—25/90a)s laminates.

Total Stress at

Thermal Residual Stress Mechanical Stress Transverse Cracking Onset
AT = —1°F = —0.56°C, &=1X10" AT = —125°C; & = &,
n kPa kPa MPa « . %
172 173 10.4 106 0.650%+*
1 170 11.0 1t 0.665%*
2% 170 11.0 85.6 0.430
2 163 11.4 839 0.415
3 156 11.5 76.5 0.360
4 149 11.6 71.2 0.325
6 137 11.7 69.4 0.330
8 128 1.7 69.2 0.345

2® (25:/~25:/902)s laminates.
®++Ultimate failure strain.
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listed in Table 1. It is clear that 2 maximum stress or strain failure theory
does not predict the strong dependence of transverse cracking upon the
thickness of the 90-deg ply.

In Figure 10 the density of transverse cracks—as determined by radio-
graphic observations over the gage length of each specimen—is plotted ver-
sus applied tensile stress. Individual data points for # = 2 and n = 3 lami-
nates have been reported earlier [ 9] and only the limits of the experimentally
observed range are shown. The accumulation of transverse cracks with addi-
tional tensile load can be attributed to two causes: a statistically distributed
variation in transverse strength from point to point; or the result of 90-deg
ply stress relaxation in the vicinity of each transverse crack which effectively
reduces the average stiffness of the 90-deg ply.

The latter mechanism implies that a slightly higher applied tensile load will
be required to initiate a second transverse crack even in the absence of a statis-
tical variation in strength of that layer. Finite element modeling [ 8] of each
cracked state can be used to predict crack density as a function of applied
load, but the procedure is tedious. Furthermore, the finite element analysis
demonstrates that the stress redistribution around each transverse crack is
closely approximated by a simplified shear lag theory [ 9]. Parvizi and Bailey
have used the shear lag analysis to predict successfully the average spacing of
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FI1G. 10—Density of transverse cracks versus applied tensile stress in (£ 25/90y)s laminates for
n = 2, 3, 4, 6. Theoretical transverse crack saturation densities Sn are shown.
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FIG. 11—Density of transverse cracks versus applied tensile strain in (% 25/90,)s laminates for
n=2346.

cracks as a function of applied load in crossplied glass-epoxy laminates [ /4].
By plotting the density of transverse cracks versus applied strain in Fig. 11,
we find that, once initiation of cracks begins, the average crack density ver-
sus Aex above the threshold ¢,"€ is strikingly similar in n = 2, 3, 4, and 6 lami-
nates. Thus the density of cracks above the onset threshold is predicted read-
ily by a laminate stress analysis.

Assuming a position-invariant ultimate strength for the 90-deg layer, one
can use the shear lag theory [ I] or energy analysis [ 8] to predict the ultimate
saturation spacing of transverse cracks. Both procedures give a saturation
spacing S, = 8 nt where n is the number of 90-deg plies above the symmetry
plane and ¢ is the thickness of an individual ply. For a ply thickness of 0.013
cm in T300/934 composites, the calculated saturation crack spacings S» for
n =2, 3,4, and 6 laminates, and the equivalent crack densities were deter-
mined. The densities are shown as arrows in Fig. 10. The transverse crack
densities in this figure were measured only at loads below the onset of delami-
nation. As noted earlier, many more transverse cracks initiate subsequently
in the delamination regions; thus, the shear lag model, while successful in
predicting the trend of density increase versus tensile load [ 4], under-
estimates the peak densities which can develop locally in delaminated re-
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gions. Perhaps a shear lag model which takes into account statistical strength
variation of the 90-deg ply would prove more successful; however, the signifi-
cantly greater transverse crack density under delaminations (Figs. 5 to 6)
would not be predicted by analysis based simply on the average tensile strain
applied to the coupon.

Initiation of Transverse Cracking and Delamination

We have noted the inadequacy of laminated plate stress analysis to predict
the thickness dependence of the onset of the transverse cracking. Recently
Wang et al have calculated the elastic strain energy release rate associated
with the transverse cracking and edge delamination cracking by a general-
ized plane strain finite element analysis [ 8-10]. The energy release rate for a
crack (transverse or delamination) of Size a can be expressed as

G(a) = ¢i(a) o2 + da(a) a:AT + ¢s(a) AT?

where o, is the applied tensile stress, AT is the difference between the test
temperature and the stress-free temperature, and functions ¢, ¢, and ¢; are
determined by the finite element analysis. The thermomechanical coupling
term ¢, is extremely important in (£25/90,); laminates and accounts for 30
to 60 percent of the energy released when transverse cracks are formed [ 15].
The values of the ¢; functions are directly proportional to the thickness of
the laminate plies. More energy is released from thicker plies when a geomet-
rically similar crack initiates or propagates. For example, in laminates of
(£45,/0,/90,)s n =1, 2, 3 the delamination onset stress varies as in
l/\/n [6]. In Fig. 1 the onset strain for delamination in (£25,/90,)sn = 1,2
laminates also varies as 1/y/n, as predicted by the energy analysis. Figure 12
compares experimental data with the predicted onset for transverse cracking
and edge delamination [ 15]. Predictions were based upon this energy analy-
sis and a single value of critical strain energy release rate (appropriate for
cracks which do not cut fibers) for both the transverse cracking and delami-
nation processes. The effect of 90-deg ply thickness on transverse cracking is
predicted quite well by the analysis. Edge delamination predictions are rea-
sonably accurate for n < 3, but clearly do not account for the 25/90 delami-
nations associated with particular transverse cracks prevalent in the n = 4
laminates. Prediction of this latter delamination mode involves further de-
tailed energy analysis of transverse crack/delamination crack interaction,
described elsewhere [ 15].

25-deg Ply Failure

Radiographic examination of (£25/90.), laminates just prior to ultimate
failure typically shows small triangular regions of 25-deg ply splitting near
the edge of the tensile coupons (Figs. 3 to 5). In (25,/—25,/90;); laminate
coupons (Fig. 9) these triangular regions extended over as much as 20 per-
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FIG. 12—Comparison of predicted{15) onset strains for transverse cracking and edge delamina-
tion 1o experimental results (see legend in Fig. 1) obtained on (X 25/90,), T300/934 laminates.

cent of the specimen width before failure at a stress significantly lower than
that in the elastically equivalent (£25/90); laminate. The experimental ob-
servations suggest that failure analysis must take into account the local edge
damage in the 25-deg plies and the effects of 25/90 delamination or 90-deg
transverse cracking on the redistribution of stress within the 25-deg ply. The
rapid drop in ultimate strain for n = 4 laminates points to some kind of
stress concentration effect in the 25-deg plies resulting from the transverse
cracking and delamination which is more effective in thicker laminates, but
detailed modeling of such processes have not been attempted to date.

One may examine the ability of laminated plate theory to predict ultimate
failure by some inplane stress (or strain) criterion for failure. Table 3 displays
the inplane stresses in the 25-deg ply of each laminate under unit thermal and
tensile loads and the combined thermomechanical stresses which are calcu-
lated at the tensile ultimate strain ¢," . These calculations were based on lami-
nated plate analysis and properties described earlier in this section. The
reader is free to employ any of the common strength theories to this stress
state to develop a consistent prediction of failure. We have been notably un-
successful in our attempts. Surprisingly, the 25-deg ply stresses developed in
a (£25;)s laminate (n = 0) at ultimate failure are significantly less than those
inn =4, 1,2, and 3 laminates. Detailed modeling of the effects of transverse
cracking and delamination would be expected to locally raise the 25-deg ply
stresses in the latter series even higher than those values based on laminated
plate analysis.
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TABLE 3—Calculated stresses in 25-deg ply of (25/—25/90n)s laminates.

Thermal Residual Stress ~ Mechanical Stress Total Stress at Failure

AT = —1°F = —0.56°C, &=1X107, AT = —125°C, & = &
kPa kPa MPa
n Ox oy Txy Ox oy Txy Ox oy Txy fxr
0 0 0 —102 828 0 312 538 0 180  0.660
172 —43.2 102 —105 106 167 418 677 132 248 0.650
1 —84.9 109 —120 110 198 438 710 156 264 0.665
2% —849 109 —120 110 198 438 524 123 190  0.495
2 —163 102 —150 112 21.8 450 699 165 261  0.655
3 —233 90.1 —178 113 225 455 668 163 249 0.635
4 —298 781 =204 114 229 457 539 140 197 0.532
6 —413 559 =250 114 234 460 396 112 140  0.427
8 —510 362 —289 115 236 462 323 98.1 111 0.382

“%(25,/~25,/90; ), laminate.

Conclusions

Incremental tensile loading and DIB enhanced radiographic examination
of T300/934 (£25/90,);,n = 4, 1,2, 3, 4, 6, 8 and (25,/—25,/90;); laminates
were employed to document the dependence of damage type and develop-
ment sequence on ply thickness. Comparison of experimental results was
made to predictions based on analytical methods in current use to delineate
the degree of structural modeling necessary to predict successfully the details
of damage initiation and growth in composite laminates. While stress and
energy methods prove useful in predicting the onset of transverse cracking,
the density of transverse cracking, and the onset of delamination at the lami-
nate free edges, more detailed analysis is shown to be necessary for predic-
tion of the saturation density of transverse cracks, delamination growth
under fatigue loading, and the ultimate strength of the primary load carrying
plies.

Acknowledgments

This study was supported in part by a research contract from the Air
Force Office of Scientific Research (AFOSR) and in part by the Lockheed
Independent Research Program. We wish to acknowledge the contributions
of W. J. Warren (Lockheed) and G. E. Law (Drexel University), who per-
formed the tensile loading and radiographic examination of the composites
specimens.

References
[1] Reifsnider, K. L., Henneke, E. G., and Stinchcomb, W. W., “Defect Property Relation-

ships in Composite Materials,” AFML-TR-76-81, Part IV, Air Force Materials Labora-
tory, June 1979.



CROSSMAN AND WANG ON DEPENDENCE OF TRANSVERSE CRACKING 139

[2] Bjeletich, J. G., Crossman, F. W., and Warren, W. J. in Failure Modes in Composites IV, J.
R. Cornie and F. W. Crossman, Eds., American Institute of Mining, Metallurgical, and
Petroleum Engineers, New York, 1979, p. 118.

[3]1 Harris, A. and Orringer, O., Journal of Composite Materials, Vol. 12, 1979, p. 285.

[4] Crossman, F. W., Mauri, R. E., and Warren, W. J., “Hygrothermal Damage Mechanisms
in Graphite-Epoxy Composites,” NASA-CR-3189, National Aeronautics and Space Ad-
ministration, Dec. 1979.

[5] Bader, M. G., Bailey, J. E., Curtis, P. T., and Parvizi, A., Proceedings of the 3rd Interna-
tional Symposium on Mechanical Behavior of Materials, Cambridge, England, 1979, p. 227.

[6] Rodini, B. T. and Eisenmann, J. R., ““‘An Analytical and Experimental Investigation of
Edge Delamination in Composite Laminates,” Proceedings of the 4th Conference on Fi-
brous Composites, San Diego, Calif., Nov. 1978.

[7] Parvizi, A., Garrett, K. W., and Bailey, J. E., Journal of Materials Science, Vol. 13, 1978,
p. 195.

[8] Wang, A.S. D. and Crossman, F. W., Journal of Composite Materials, Supplementary Vol.
14, 1980, p. 71.

[9] Crossman, F. W., Warren, W. J., Wang, A. S. D., and Law, G. E., Journal of Composite
Materials, Supplementary Vol. 14, 1980, p. 88.

[10] Wang, A.S. D.. Third International Conference on Composite Materials (ICCM3) Proceed-
ings, Paris, France, Aug. 1980, p. 170.

[11] Pagano. N.J. and Pipes. R. B., International Journal of Mechanical Sciences, Vol. 15, 1973,
p. 679.

[12] Wang, A.S. D. and Crossman, F. W., Journal of Composite Materials, Vol. 11,1977, p. 92.

[13] Flaggs, D. L. and Crossman, F. W., Composites Technology Review, Vol. 1, 1979, p. 8.

[14] Parvizi. A. and Bailey, J. E., Journal of Materials Science, Vol. 13, 1978, p. 2131.

[15] Law, G. E., Ph.D. dissertation, Drexel University, Philadelphia, Pa., June 1981.



T. K. O’Brien'

Characterization of Delamination
Onset and Growth in a Composite
Laminate

REFERENCE: O’Brien, T. K., “Characterization of Delamination Onset and Growth in
a Composite Laminate,” Damage in Composite Materials, ASTM STP 775, K. L.
Reifsnider, Ed., American Society for Testing and Materials, 1982, pp. 140-167.

ABSTRACT: The onset and growth of delaminations in unnotched [1£30/130/90/90];
graphite-epoxy laminates is described quantitatively. These laminates, designed to de-
laminate at the edges under tensile loads, were tested and analyzed. Delamination
growth and stiffness loss were monitored nondestructively. Laminate stiffness de-
creased linearly with delamination size. The strain energy release rate, G, associated
with delamination growth, was calculated from two analyses. A critical G for delami-
nation onset was determined, and then was used to predict the onset of delaminations
in [+45,/—45,/0,/90,1; (n = 1,2,3) laminates. A delamination resistance curve (R-
curve) was developed to characterize the observed stable delamination growth under
quasi-static loading. A power law correlation between G and delamination growth
rates in fatigue was established.

KEY WORDS: graphite-epoxy, delamination, ply-cracking, rule of mixtures, stiffness
loss, strain energy release rate, R-curve, fatigue, growth law, composite materials

Nomenclature

[4] Extensional stiffness matrix
A Delaminated area

A* Area of interface containing a delamination
a Strip delamination size

Aa Incremental strip delamination size

da/dN Delamination growth rate in fatigue

[B] Coupling stiffness matrix
b Half width of laminate cross section

C,B Empirically determined coefficients

[P] Bending stiffness matrix
E Axial stiffness of a partially delaminated laminate
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E*

E
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En, Ex, E3
dE/dA
dE/dN

Gu, G, Gu
G

G1, Gu, Gm

€c

€max

Vi2, Vi3, V23
Ox

Oc

443
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Axial laminate stiffness calculated from laminated plate
theory

Axial stiffness of a laminate completely delaminated along
one or more interfaces

Axial stiffness of the i** sublaminate formed by a delamination
Initial tangent modulus of an undamaged laminate

Lamina moduli

Rate of stiffness change with delamination area

Rate of stiffness change with fatigue cycles

Lamina shear moduli

Strain energy release rate associated with delamination
growth

Strain energy release rate components due to opening, in-
plane shear, and out-of-plane shear fracture modes

Values of Gi, Gu, Gm calculated from finite element
analysis

Critical strain energy release rate for delamination onset
Delamination resistance

Maximum strain energy release rate in constant strain ampli-
tude fatigue test

Ply thickness

Saturation spacing of cracks in 90-deg plies

Gage length used to measure axial displacements

Number of fatigue cycles

Number of plies in a laminate

Laminate thickness

Thickness of i sublaminate formed by delamination
Displacements in x, y, z directions

Displacement functions in x, y, z directions

Material volume

Rate of strain energy released as flaw extends

Rate of work done by applied load as flaw extends
Cartesian coordinates

Nodal forces in x, y, z directions

First element of the inverse extensional stiffness matrix (4;")
(ij=123)

Nominal axial strain

Uniform axial strain assumed in finite element analysis
Nominal axial strain at onset of delamination

Maximum cyclic strain level in fatigue

Lamina Poisson’s ratio

Axial stress in a ply

Remote axial stress applied at onset of delamination
Interlaminar normal stress between plies
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A commonly observed failure mode in laminated composite materials is
delamination between the composite layers. Delaminations may develop
during manufacture due to incomplete curing or the introduction of a for-
eign particle; they may result from impact damage; or they may result from
the interlaminar stresses that develop at stress-free edges or discontinuities.
Furthermore, delaminations may grow under cyclic loading. Delamination
growth redistributes the stresses in the plies of a laminate, and may influence
residual stiffness, residual strength, and fatigue life. Hence, a fatigue analysis
for composite materials should take into account the presence and growth of
delaminations.

A bibliography of experimental and analytical work on delamination is
contained in Ref 1.2 One of the most promising techniques for characterizing
delamination growth is based on the rate of strain energy released, G, with
delamination growth [7]. Previous work has shown that the cyclic growth
rate of debonds between the metal and composite components of reinforced
panels could be correlated with G [2]. Measured critical G values have been
used in sophisticated analyses [3,4] to predict the onset of edge delamina-
tions in unnotched composite laminates.

In the present study, a simple technique was developed, employing strain
energy release rates to characterize the onset and growth of delaminations in
a composite laminate. First, the damage that developed in unnotched
[£30/£30/90/90]; graphite-epoxy laminates under static tension loading
and tension-tension fatigue loading was determined. Next, stress distribu-
tions generated from a finite element analysis were correlated with the ob-
served damage. Then, during quasi-static test loads, delamination growth
and stiffness loss were monitored nondestructively to relate laminate stiff-
ness and delamination size. The resulting test data and analysis were used to
derive a closed-form equation for the strain energy release rate, G, asso-
ciated with delamination growth. Next, a critical value of G for delamination
onset was determined. It then was used to predict the onset of delamination
in [+45,/—45,/0,/90,]; (n = 1,2,3) laminates. A delamination resistance
curve (R-curve) was developed to characterize the observed stable delamina-
tion growth during quasi-static loading. Finally, a power law correlation be-
tween G and delamination growth rates in fatigue was established.

Specimens and Apparatus

Unnotched [+£30/430/90/90],, T300-5208 graphite-epoxy laminates were
tested in tension. This laminate was designed to have relatively high tensile
interlaminar normal stresses at the edges resulting in the formation of a de-
lamination [5]. Figure 1a shows the delamination that developed along the
edge.

?The italic numbers in brackets refer to the list of references appended to this paper.
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FIG. 1—Typical instrumented test specimen and dye-pentrant enhanced radiograph.

The specimens were 254 mm (10 in.) long by 38 mm (1.5 in.) wide. These
eleven-ply laminates had an average ply thickness of 0.14 mm (0.0054 in.).
Specimens were tested in a closed-loop hydraulic testing machine. The spec-
imen length between the grips was 180 mm (7.0 in.).

Also shown in Fig. 1a is a pair of linear variable differential transducers
(LVDT’s) that were mounted on the specimen to measure displacements over
a 102-mm (4.0-in.) gage length. To prevent slippage, a fast drying glue was
applied to the central 5.6 mm (0.22 in.) portion of the LVDT mounts where
they touched the specimen. During “strain-controlled” loading, these LVDT’s
were used as the feedback device in the closed loop.

Dye-penetrant enhanced radiography was used to monitor delamination
growth through the specimen width. Diiodobutane (DIB), a dye penetrant
opaque to X-rays, was injected along the delaminated edge. The film was
placed immediately behind the specimen. While still mounted in the test ma-
chine, specimens were exposed to X-rays generated for 5s at 18 kV from a
portable point-source unit positioned 386 mm (15.5 in.) away from the spec-
imen. The radiographs showed the location of the delamination front (Fig.
15). The dark outline in the center of the picture is the “shadow” (X-ray
image) of the LVDT rods used to measure displacements.

Damage Development

The same type of damage developed during both quasi-static tension and
constant-amplitude, tension-tension fatigue. First, a few isolated cracks
formed in the 90-deg plies. These were followed almost immediately by the
formation of small delaminations along the edge, as seen in Fig. 2a. When
the delaminations formed, the number of 90-deg-ply cracks increased signifi-
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FIG. 2—Radiographs showing damage growth through the width of [£30/+30/90/90)
laminates.

|
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cantly along the delaminated length of the specimen. Most of the 90-deg-ply
cracks, which appear as horizontal lines on the radiographs in Fig. 2, ex-
tended beyond the delamination front outlined in the X-ray photograph.
Many of the ply-cracks immediately extended halfway across the specimen
width. As loading continued, additional delaminations formed and joined
with original delaminations. Delaminations grew much more rapidly along
the length of the specimen than across the width (Fig. 2b). Eventually, two
delaminations, one on each side of the specimen, extended along the entire
specimen length between the grips (Fig. 2¢), after which the delaminations
continued to grow across the width. Loading was terminated when the de-
lamination front reached the shadow of the LVDT rods (Fig. 2d).

To illustrate the location of damage through the thickness, a few acetate
tape replicas of a delaminated edge were made [6]. Figure 3 shows photo-
graphs of two replicas and a portion of the delaminated edge. As shown in
Fig. 3a, ply cracks extended through the thickness of all three interior 90-deg
plies. As shown in Fig. 3b, delaminations formed and grew in —30/90 inter-
faces, typically shifting from one interface, through 90-deg ply cracks, to its
symmetric —30/90 counterpart. However, delaminations did not shift inter-
faces at every 90-deg ply crack encountered. As shown in a photograph of
the delaminated edge, Fig. 3c, interface shifting did not occur in a regular
pattern.

Besides formation of delaminations at the —30/90 interfaces and cracks in
the 90-deg plies, an occasional angular crack formed in the innermost —30-
deg ply. The replica of the edge in Fig. 4a shows two angular cracks in the
innermost —30-deg plies originating at a 90-deg ply crack tip and creating de-
laminations in the +30/—30 interfaces. As shown in the radiograph in Fig.
4b, the delaminations in the +30/—30 interfaces were small and triangular in
shape. These +30/—30 delaminations often temporarily arrested initial
—30/90 interface delamination growth along the length of the edge. However,
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FIG. 3—Damage location through the thickness of [130/130/90/36]., laminates.
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FIG. 4—Delaminations in +30/~—30 interfaces.
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—30/90 interface delaminations eventually joined up and grew, whereas iso-
lated +30/—30 delaminations usually remained small.

Stress Analysis

Two approximate analyses were used to obtain quantitative predictions of
the onset and growth of delaminations. The first was a quasi-three-dimen-
sional stress analysis that yielded stress distributions and strain energy re-
lease rates. The second was a simple rule of mixtures analysis that was used
along with laminated plate theory to calculate stiffness loss and strain energy
release rates.

Because delaminations form in unnotched laminates as a result of the in-
terlaminar stresses that develop at the edge, a quasi-three-dimensional finite
element analysis [7] was performed. The finite element analysis was used to
calculate stress distributions in the [+30/4:30/90/90], laminate for a unit
axial nominal strain (e = 1). Some details of the analysis are described in
Appendix I.

Figure 5 shows that the through-thickness distribution of the interlaminar
normal stress, o., calculated at the edge is compressive in the outer 30-deg
plies but reaches a relatively high tensile value at the —30/90 interface and
throughout the 90-deg plies. Also shown in Fig. 5 is the approximate o dis-
tribution through the thickness calculated from laminated plate theory and
an assumed stress distribution across the width [8]. This plot also shows the
highest tensile o; stresses to be at the —30/90 interface and within the 90-deg
plies.

Figure 6 shows a distribution of g, across the specimen width, near the
edge, at the —30/90 interface, as well as a distribution of the axial stress, ox,
in the adjacent 90-deg ply. Both o, and g, have high tensile values at the

edge.
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FIG. 5—Through-thickness o. distribution at edge of [:t30/:|:30/90/§_0]. laminate.
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FI1G. 6—Through-width distributions of ox and o, near the edge.

These stress distributions showed reasonable correlation with the ob-
served damage that developed. Indeed, examining o, and interlaminar shear
stress distributions are helpful in identifying likely delamination sites. How-
ever, interlaminar stress distributions calculated from finite element analyses
were not useful for modeling damage growth quantitatively because the
magnitude of calculated peak stresses at the edge varied with mesh size.
Furthermore, linear elastic analysis suggests that the interlaminar stresses at
ply interfaces can become singular at the edge [7]. This singular behavior
would preclude the use of a failure criterion based on maximum interlaminar
stress values. Therefore, an alternate approach, based upon strain energy re-
lease rates, was adopted to quantitatively describe the onset and growth of
delaminations.

Stiffness Loss

In many composite laminates, stiffness loss may reflect delamination
growth. Furthermore, the rate of stiffness loss with delamination growth can
be related directly to strain energy release rates. Therefore, analysis and
experiments were performed to correlate laminate stiffness and delamination
size.

Rule of Mixtures Analysis

To analyze stiffness loss due to delamination, a simple rule of mixtures
analysis, along with laminated plate theory, was used. First, the stiffness
(tangent modulus) of a balanced, symmetric composite laminate (Fig. 7a)
was calculated from laminate theory [9,10] as
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Exa=—— (¢}

where X\, is the first element of the inverse extensional stiffness matrix, 4
(1.7 = 1,2,3), and ¢ is the laminate thickness. Next, assuming a complete de-
lamination in one or more interfaces, and using the rule of mixtures assump-
tion that the sublaminates formed undergo the same axial strain (but no
longer have the same transverse strains), results in

E E;
E* = —"='t 2

where

m = number of sublaminates formed by the delamination,
E* = stiffness of a laminate completely delaminated along one or more
interfaces,
E; = the laminate stiffness of the i** sublaminate formed by the delamina-
tion, and
1; = the thickness of the i sublaminate.

Although Eq 2 represents a two-dimensional formulation, £* will depend
upon which interfaces delaminate. This, in turn, determines the stiffness, E;,
and thickness, #;, of each new sublaminate. Hence, Eq 2 is sensitive to_the
through-thickness location of the delamination. For the [£30/%30/90/90],
laminate, assuming a delamination in both —30/90 interfaces (Fig. 7b) Eq 2
becomes

— 8E(:!:30)2+ 3E(90)s
11

/ /

E* 3

/

=

4
— 4
/ r,/
LAMINATED !
(a'\: ‘ TOTALLY / ‘._ b ka :
DELAMINATED
(b) PARTIALLY

DELAMINATED
(c)

FIG. 7—Rule of mixtures analysis of stiffness loss.
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Finally an equation for the stiffness, E, of a partially delaminated speci-
men was developed using the rule of mixtures. Equal-sized delaminated
strips were assumed to exist at both edges of the laminate (Fig. 7¢). Then, by
assuming the laminated and delaminated portions of the specimen act as in-
dependent components loaded in parallel, the rule of mixtures yields

E=(E* — Eran) % + Epam 4
A more general form of Eq 4 may be developed by assuming that the rela-

tionship between laminate stiffness loss and delamination size can be repre-
sented by

E—E
LB A4 )
E*—Eiqm A*
where
A = delaminated area and
A* = total interfacial area.
Rearranging Eq 5 yields
A
E=(E'°ELAM)7:+ELAM (6)

Equation 4 is a special case of Eq 6 where a/b = A/A4*.

Experiments

To verify the linear relationship between stiffness and delamination size
implied by Eqs 4 and 6, four quasi-static tension tests were conducted. The
specimens were loaded in a strain controlled mode until a delamination
formed. Then, the specimens were unloaded to ten percent of the peak nom-
inal strain, DIB was placed on the specimen edges, and an X-ray photograph
was taken. Next, the specimens were reloaded in strain increments of 0.00025
above the previous maximum strain level. This procedure was repeated until
the specimen was almost totally delaminated.

During each loading, output signals of the two LVDT’s were averaged,
and load deflection curves were plotted on an X-Y plotter. The initial linear
portion of each plot was used to calculate laminate stiffness corresponding
to the damage recorded in the previous X-ray photograph (Fig. 8). Delami-
nated areas recorded on the photographs within the 102-mm (4-in.) gage
length were measured with a planimeter. To minimize data reduction error,
each delamination was traced three times and measured areas were averaged.
Then, a strip delamination size, a, having equal area over the LVDT gage
length as the measured delamination, was calculated (Fig. 9).

Figure 10 shows a plot of normalized stiffness, E/E,, as a function of
normalized delamination size a/b. A least-squares regression line for the



150 DAMAGE IN COMPOSITE MATERIALS

[i30/¢30/90/<i)]S GRAPHITE/EPOXY LAMINATE
E, E, EE

00
byt

€
FIG. 8—Delamination size and stiffness data accumulation during quasi-static loading.

data indicated that E* = 0.742E,, where E, is the initial tangent modulus
measured. Hence, a total delamination in the [£30/+30/90/90]; laminate
would result in a 25.8 percent reduction in laminate stiffness. The data
agreed with the linear rule of mixtures Eq 4, normalized by E; 4s, where E*
was calculated from Eq 3 and sublaminate stiffnesses were calculated using
Eq 1 (see Appendix II) with material properties from Ref 11.

Finally, Eqs 2 and 4 were used iteratively to calculate laminate stiffness for
specimens having —30/90 interface delaminations and concurrent, although
small, +30/—30 interface delaminations (see Appendix III). The contribu-
tion of 90-deg ply cracks to laminate stiffness loss also was considered (see
Appendix III). However, the net effect of both secondary mechanisms
(+30/—30 delaminations and ply cracks) on stiffness loss was negligible for
the [£30/130/90/90]; laminate.

1 | ool i —

a |- -—‘ a .
2b —=
(@) STIFFNESS {b) DELAMINATED (c) DELAMINATION
MEASURED AREA MEASURED SIZE CALCULATED

FIG. 9—1Illustration of strip delamination approximation.
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FIG. 10—Stiffness as a function of delamination size.
Strain Energy Release Rate

For an elastic body containing a planar flaw of area 4, the strain energy
release rate, G, is the difference between the rate of work done, d W/d4, and
the rate at which elastic strain energy is stored, d°W/dA4, as the flaw area in-
creases [12], that is

d® dU
G=——— )
dA dA
Assuming that a nominal strain, ¢, is sufficient to extend the flaw, the work
term vanishes. Then, if U is expressed as a product of the strain-energy den-
sity and volume of the body, U, substituting Hooke’s law into Eq 7 yields

2
G=-V-= ®)

where dE/dA is the rate of stiffness change as the flaw extends.

In this study, the body was a tensile-loaded, unnotched composite lami-
nate, containing edge delaminations. The strain energy release rate asso-
ciated with the growth of edge delaminations can be calculated by assuming
two strip delaminations (Fig. 9) where

CV=2b11t
A*=2b1
&)
A=21la

dA = 2l da
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Then, substituting Eqs 9 into Eq 8 and differentiating Eq 4 yields

2

G =5 (Evw— E¥) (10)
Equation 10 also may be derived for an arbitrary-shaped delamination by
substituting Eq 6 into Eq 8, differentiating, and noting that U = A*r.
Hence, as indicated in Eq 10, the strain energy release rate associated with
delamination growth is independent of the delamination size. The magnitude
of G depends only on the laminate layup and location of the delaminated in-
terface(s) (which determine E; 4 and E*), the nominal strain, ¢, and the lam-
inate thickness, ¢.

Furthermore, the strain energy release rate (Eq 10) may have contribu-
tions from any of the three components G1, Gu, or G, corresponding to the
opening, in-plane shear, and out-of-plane shear fracture modes. In addition,
near the edge, G may deviate from the value predicted by Eq 10, which was
developed using laminated plate theory and the rule of mixtures. Therefore,
a virtual crack extension technique was used with the quasi-three-dimen-
sional finite element analysis to calculate Gi1, G, and Gm as a function of
delamination size (see Appendix I). As shown in Fig. 11, the finite element
analysis indicated that the total G, represented by G1 + Gu (Gm was negli-
gible), reached the value predicted from Eq 10 once the delamination had
grown a very small distance in from the edge.

Because G increased rapidly with “a’” near the edge, a small delamination
that formed (for whatever reason) at the edge would be expected to undergo
rapid initial growth. This behavior was observed in the quasi-static tension
tests used to generate stiffness data. As soon as a delamination was detected.

Crotac™ ®1 * Opp
Lor
T il _300
GI 9°
AL ]
=l
GFEM 5 F Aa = O.Ia
=
Oy
6o =0
[_ m 1 1 Il i
0 2 2 6 K] Lo
a
b

FIG. 11—Strain energy release rate components from finite element analysis as a function of de
lamination size.
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the loading was stopped. The formation and growth of the delamination to
some finite size appeared to be nearly instantaneous. Therefore, G calculated
from Eq 10 at the nominal strain where delamination first was detected was
considered to be the critical value, G., required to form the delamination.
This G, then was used to predict the onset of delamination in other laminates.

Delamination Onset

To predict the onset of delamination in other laminates, several things
were done. First, tension tests of [£30/1+30/90/90); laminates were run to
determine the nominal strain level, e, at which delamination begins. Next, e
was used in Eq 10 to predict a critical G. for the onset of delamination. Then,
G. was used to predict the nominal strain at the onset of delamination in
other laminates. A more detailed description of the procedure follows.

Critical G. Determination

First, eighteen [+30/430/90/90]; graphite-epoxy laminates were loaded
monotonically in tension at a rate of 44.5 N/s (10 1b/s) until a delamination
was detected. The load level corresponding to delamination onset was re-
corded and the corresponding applied stress, o., was calculated. Then, to de-
termine the nominal strain at the onset of delamination, e, o. was divided by
Eiram, calculated from laminated plate theory using the following elastic
properties from Ref 11

E, = 138 GPa (20.0 Msi)
E2» =15 GPa (2.1 Msi)
G1, = 5.9 GPa (0.85 Msi)
vi2 = 0.21

The average e, value was 0.00347. In addition, e, was determined from LVDT
measurements on the four tests conducted to generate stiffness data. In each
of these four tests, the load deflection plot was linear until the delamination
formed. The average value of e¢. where the load-deflection curve deviated
from linear for these four tests was also 0.00347.

Next, e was substituted into Eq 10 to determine G.. Stiffness ELaspr and E*
were calculated from Eqs 1 and 3, respectively, using elastic properties from
Ref 11. The average laminate thickness, measured with micrometers, was
1.51 mm (0.0594 in.). A value of 137 J/m? (0.78 in-Ib/in.?) was calculated
for the critical strain energy release rate.

Delamination Onset Prediction

To predict the onset of delamination in other laminates, Eq 10 was in-
verted to yield



154 DAMAGE IN COMPOSITE MATERIALS

f(E]_AM - E*)

The critical G, determined from [+30/+30/90/90], laminate data was used
in Eq 11 to predict the nominal strain at the onset of delamination in
[+45,/—45,/0,/90,] (n = 1,2,3) T300-5208 graphite-epoxy laminates hav-
ing the same stacking sequence but different thicknesses. To evaluate E*, de-
laminations were modeled along both 0/90 interfaces where high tensile o;
stresses were anticipated [3] on the basis of the approximate analysis of Ref
8. Delaminations have been observed in the 0/90 interface of a [1£45/0/90],
laminate in Ref 13. Then, stiffness Er4x and E* were calculated from Eqs 1
and 2, respectively, using elastic properties from Ref 11.

A ply thickness.of 0.15 mm (0.0057 in.) was determined in Ref 3 for the 8-
ply (n = 1), 16-ply (n = 2), and 24-ply (n = 3) laminates. In Fig. 12, predic-
tions of e were compared to ¢ values calculated by dividing measured o,
values from Ref 3 by E, qum. Because the data from Ref 3 represent the aver-
age of only two or three tests for each stacking sequence, only preliminary
conclusions can be drawn. Nevertheless, the good comparison indicates that
G. may be independent of the ply orientations that make up the delaminat-
ing interface. For example, G. may be the same for delamination onset in the
—30/90 interfaces of [+30/430/90/90], laminates and for delamination
onset in the 0/90 interfaces of the [+45,/—45,/0,/90,}; (n = 1,2,3) lami-
nates. In fact, Eq 11 indicates that the dependence of ¢. on stacking sequence
and the ply orientations that make up the delaminating interface is ac-
counted for in the (ELqm — E¥) term.

In addition, both Eq 11 and the data indicate that delaminations will form
at a lower nominal strain in thicker laminates of identical stacking se-
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FIG. 12—Edge delamination onset prediction compared with [+45,/—451/00/902)s (n = 1,2.3)
data.
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quences. According to Ref 4, interlaminar stress distributions calculated from
elastic analysis will be identical for all [+45,/—45,/0,/90,]; laminates sub-
jected to the same applied stress. Therefore, the authors concluded that a
failure criterion, if based on critical interlaminar stresses, would not predict
the thickness dependence of delamination onset. Hence, the strain energy re-
lease rate appears to be the most useful parameter for quantitatively predict-
ing the onset of delamination after the delamination-prone interface(s) have
been identified from a stress analysis.

Delamination Growth
Quasi-Static Tension

Edge delamination has been observed to be a stable fracture process in
laminates subjected to tension loading [1,5,14]. Hence, the applied load
must be increased to force the delamination to grow. Tension tests on the
[£30/1£30/90/90]; laminates confirmed this observation. Unstable growth
of the delamination through the width did not occur before the laminate
failed (fractured into two pieces). In the four quasi-static tests conducted to
generate stiffness data, delaminations did not grow after the mean applied
load exceeded 13 350 N (3000 Ib). The four laminates eventually failed at a
mean load of 20 000 N (4500 Ib). Therefore, the [£30/130/90/90]s laminate
is well suited to studying stable delamination growth.

The stable growth of flaws can be characterized using the crack growth re-
sistance curve (R-curve) concept of fracture mechanics [15]. Therefore, a de-
lamination resistance curve was constructed. Strain energy release rates, G,
were calculated from Eq 10. Because G does not depend on delamination
size, it appears as a horizontal line in Fig. 13. The three horizontal lines
shown are G values calculated for a single specimen at three successive nom-
inal strain levels. In addition, the delamination resistance, Gg, was calcu-
lated using the maximum nominal strain in Eq 10. However, Gg was plotted
as a point corresponding to the size (see Fig. 9) of the delamination created
by the nominal strain. As shown in Fig. 13, the curve formed by all such
points, generated during the four [:!:30/:!:30/90/9_()L quasi-static tension
tests, constitutes the delamination growth resistance curve (R-curve) for the
graphite-epoxy specimens tested. The critical G used in the previous section
to predict the onset of delamination represents the first value of Ge, that is,
the first point on the R-curve. Hence, the R-curve characterizes the lami-
nates’ resistance to delamination growth under tensile loading.

If the R-curve is independent of the ply orientations that make up the de-
laminated interface, as G. appears to be (see previous section), then Eq 10
and the R-curve can be used to predict the growth of delaminations under
quasi-static tension in other laminates. As the loading is increased, G can be
calculated from Eq 10 and compared with the R-curve to predict delamina-
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FIG. 13—Delamination resistance curve (R-curve) for {+30/+30/90/901, T300-5208 graphite-
epoxy laminates.

tion size. Hence, delamination size as a function of applied load could be
predicted for other laminates.

Fatigue

Experiments—Constant amplitude, tension-tension, strain-controlled fa-
tigue tests of [+30/4:30/90/90], graphite-epoxy specimens were conducted
at a frequency of 10 Hz and a strain ratio of 0.2. Specimens were loaded
slowly in tension until a small delamination appeared. Laminate stiffness
was measured during this initial loading. Then, the specimen was unloaded
and delamination size was recorded using DIB-enhanced X-ray photog-
raphy. Next, the specimen was reloaded to the mean strain and the stiffness
of the delaminated specimen was recorded. Then, constant-strain-amplitude
cyclic loading was applied. The cyclic loading was interrupted at specified in-
tervals to measure delamination size and static stiffness. Hence, a photo-
graphic record of delamination size and a record of static stiffness as a function
of load cycles were accumulated. Cyclic loading was terminated when the de-
lamination had grown across most of the specimen width and the front was
obscured by the X-ray image of the LVDT rods (Fig. 2d).

Delamination Growth Rate Measurements—Figure 14 shows a typical plot
of delamination size as a function of load cycles. A strip delamination size,
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FIG. 14—Typical plot of delamination size as a function of load cycles.

=

a, was calculated from the delaminated area (Fig. 9) measured from X-ray
photographs using a planimeter. Three separate planimeter tracings of each
delaminated area were performed to minimize data reduction error. As indi-
cated in Fig. 14, once the delamination had grown over the entire length of
the specimen edge, a constant growth rate, da/dN, eventually was achieved.
Table 1 lists the growth rates, da/dN, determined from least squares linear
regression analysis of the data for each fatigue test.

TABLE 1—Fatigue growth rate measurements.

da/dN, mm per cycle

Cycle range of
€max 5 Gmax, Specimen Area Stiffness  dE/dN, Pa per linear fit,
pm/m  J/m* Number Measure Measure cycle cycles X 10°
3000 102 C20 26.0 223 -17.7 4510 120
3000 102 F18 19.5 29.0 —22.9 40 to 120
3000 102 F24 24.5 27.0 —-213 25 to 80
3000 102 C10 28.3 30.2 —23.8 40 to 115
3000 102 mean 24.6 27.1 CL R
3250 119 A7 41.8 e L 40 to 80
3250 119 F3 63.9 64.2 —50.7 14 t0 50
3250 119 E4 23.3 51.2 —40.3 40 to 70
3250 119 C16 23.6 25.4 —20.1 40 to 120
3250 119 mean 38.2 46.9 C N
3500 138 D2 52.6 106.2 —83.8 30 to 60
3500 138 B13 87.1 119.7 —94.5 16 10 40
3500 138 D22 64.6 39.7 -313 20 to 60

3500 138 B21 47.9 46.6 -36.7 28 to 75
3500 138 mean 63.0 78.0 o
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FIG. 15—Typical plot of static stiffness loss as a function of load cycles.

Figure 15 shows a typical plot of static stiffness loss as a function of load
cycles, This plot also became fairly linear once the delamination had grown
away from the edge. Stiffness degradation rates, dE/dN, were calculated
from least squares linear regression analysis of the data over the same cyclic
range used to fit da/dN data. Because stiffness was found to be linearly re-
lated to delamination size, differentiating both sides of Eq 4 with respect to
number of cycles (N) allowed an alternate determination of delamination
growth rates, da/dN, from measured stiffness degradation rates, dE/dN,
that is

(b )i a2
dN \E* —E; qul dN

Therefore, delamination growth rates for the edge delamination specimens

1x 107
i - B
| = Bnax
5% 10”1
da _mm
dN, CYCLE
S . A o
1x10 5 100 500
6. J
max, ~ o
2

FIG. 16—Power law curve fit for da/dN as a function of Guax+
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FIG. 17—Effect of delamination measurement method on power law curve fit.

could be estimated without measuring the delamination size directly (Table
1). Hence, the [:1:30/:1:30/90/%]s specimens used in this investigation should
be useful for generating baseline delamination growth data.

Data Correlation with Analysis—Four fatigue tests were conducted at each
of three maximum cyclic strain levels. The maximum cyclic strain levels,
€max , chosen were 0.003, 0.00325, and 0.0035. The maximum strain energy re-
lease rate, Gmax, was calculated from Eq 10 using €max. Therefore, a constant
€max test was also a constant Gr.a, test. The mean of the four delamination
growth rates, da/dN, was determined for each of the three G, levels. A
power curve of the form da/dN = ¢Gnma;” was fit to the three mean values of
da/dN and the three values of Gn..x using a least squares routine. An excel-
lent correlation was achieved for both delamination growth rate measure-
ment techniques.

Figure 16 shows da/dN as a function of Gumax for growth rates estimated
directly from measured delaminated areas. The growth rates for all four tests
at each Gmay level are shown along with the mean growth rate. Figure 17
compares the least-squares power law fits using direct area measurements
and indirect stiffness estimates of delamination growth rates. Because both
da/dN and G can be calculated without direct measurement of delamination
size, the stiffness technique presents a relatively simple means of generating
data to determine the dependence of empirical parameters ¢ and 8 on differ-
ences in load history, frequency, temperature, etc.

With the parameters ¢ and 8 determined, the power law might be applied
to other laminates. The calculated strain energy release rates could be used
with ¢ and B measured from edge-delamination baseline tests to determine
delamination growth rates.
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Concluding Remarks
Methodology Summary

A methodology for analyzing the onset and growth of delaminations in
composite materials was formulated based on findings in the current work
and in the literature. The methodology is as follows.

First, a stress analysis of the particular material, configuration, and load-
ing must be performed. The analysis should establish where delaminations
will be located. For unnotched laminates, the approximate analyses dis-
cussed in this paper [8,16] might be adequate. After the location is estab-
lished, the delamination onset and growth can be characterized quantita-
tively using strain energy release rates. Such a characterization incorporates
the influence of material volume. Furthermore, determination of the singu-
lar stress field at the delamination front is not required.

The current work indicates that a total strain energy release rate may be
sufficient to characterize the onset and growth of edge delaminations in ten-
sile-loaded coupons. More work is required to determine if this is true for
other configurations and loadings. However, if strain energy release rates
must be separated into G1, Gu, and G components using a numerical anal-
ysis, then the dependence of these calculated components on grid size should
be checked carefully and documented.

Immediate Results

A simple rule of mixtures analysis, using laminated plate theory, indicated
that laminate stiffness was a linear function of delamination size. The analy-
sis accurately predicted stiffness loss due to edge delaminations in [130/
130/90/90]; graphite-epoxy laminates. The linear stiffness relationship was
used to derive a closed-form equation for the strain energy release rate, G,
associated with delamination growth in unnotched laminates. The simple G
equation was used to predict delamination onset in [+45,/—45,/0,/90, ]
(n = 1,2,3) laminates using a critical G, determined from [£30/1£30/90/90];
laminates. Stable delamination growth in the [30/1+30/90/90]; laminates
was characterized by developing a delamination resistance curve (R-curve).
Delamination growth in [£30/+30/90/90]; laminates in fatigue was charac-
terized by developing a power law correlation between G and delamination
growth rates.

Potential Applications

Preliminary predictions of delamination onset in [+45,/—45,/0,/90,]s
laminates using a critical G. determined from tests on [£30/%30/90/90]
laminates indicated that G. may be independent of the ply orientations that
make up the delaminating interface. If this is true for stable delamination
growth with increased tensile load and delamination growth in fatigue, then
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the delamination resistance curve (R-curve) and power law developed on
[£30/130/90/90]; laminates can be used to predict delamination growth in
other laminates.

APPENDIX 1

Finite Element Analysis
Formulation

The quasi-three-dimensional finite element analysis was developed in Ref 7. A dis-
placement field of the form

u=ex+ Uy2)
v=V(.z2) (13)
w= W(Q.z)

was assumed. where ¢, was a prescribed uniform axial strain. Eight-noded quadrilat-
eral, isoparametric elements with 3 deg of freedom per node were used to model a
cross section along the specimen length (Fig. 18). Only one quarter of the cross sec-
tion was modeled due to symmetry conditions. Each ply was modeled with one ele-
ment through its thickness except for the central 90-deg ply, which was modeled with
one element through its half-thickness. The graphite-epoxy unidirectional properties
[11] used in the analysis were

Ey, = 138 GPa (20.0 Msi)

Ey = E3; = 15 GPa (2.1 Msi) (14

Gi=Gh= G233 = 5.9 GPa (0.85 MSI)

Vi2 = vi3 = vy = 0.21

UNIFORM AXJAL EXTENSION APPLIED /

LAMINATE CROSS SECTION MODELED
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FIG. 18—Finite elemen: discretization of specimen cross section.
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Virtual Crack Extension Technique

Previously, a virtual crack extension technique has been applied to finite element
analysis of delaminations [1,4]. In this technique, the work required to close the de-
lamination, expressed in terms of nodal forces and displacements is assumed to be
equivalent to the strain energy released as the delamination extends due to a constant
nominal strain. This technique greatly simplifies the computation of G1, Gu, and Gm
because knowledge of the singular stress field near the crack tip is not required.

Figure 19 illustrates the technique as it was used with the quasi-three-dimensional
finite element analysis. First, the nodal forces were calculated for an initial delamina-
tion of size a. Then, the delamination was extended an amount Aa and the resulting
nodal displacements at the same location were calculated. The expressions for Gy,
Gu, and Gm in terms of nodal forces and displacements were

1
Gi= Ey™ UZs' + Z*N(Ws — We) + ZA(Wa — W)

1
Gu=——1[Y'+ YOV — Vo) + Yi&(Va— Vo)l (15)
2Aa

1
Gm = PV (X' + X2 XUy, — U.) + XA(Us — UL))

where, for example, Z;' represents the force in the z direction at node b calculated
from Element 1.

Figure 11 shows Gy and Gu as functions of delamination size. G was negligible
for this case. Strain energy release rates, Gz, calculated using Egs 15, were normal-
ized by the constant value predicted from Eq 10. The total G, represented by G1 +
G, reached the value’ predicted by Eq 10 once the delamination had grown a very
small distance in from the edge. Furthermore, the total G calculated was not sensitive
to mesh refinement. However, the values of G1and Gy calculated were sensitive to
mesh refinement.

Figure 11 shows the nodal discretization used in the finite element analysis. Four
different initial delamination sizes, @, were modeled. For each a, the delamination
was grown in ten increments, Aa, equal to one tenth of the initial delamination size.
As a was increased, the mesh refinement changed accordingly. For the smallest de-
lamination size, G i continually increased as the delamination grew, but G was con-
stant for all ten increments of growth. The ten values of G for the smallest a are rep-
resented by a horizontal line segment. For the next three delamination sizes, both G

? Because the finite element analysis models only one quarter of the laminate cross section due
to symmetry, the analysis assumes four delaminations grow simultaneously, two on each side,
located in the —30/90 interfaces. However, in the derivation of Eq 10, only a single delamina-
tion was considered on either edge to be consistent with the physically observed behavior shown
in Fig. 3c and illustrated in Fig. 20a. Making the same assumptions as the finite element analysis
would have yielded

V = 2bl
A* = 4b]
A =4dla
d4 =4l da

which would result in G = (¢*1/4)(Eram — E*). Hence, the values calculated from the finite ele-
ment analysis using Eq 15 were doubled to be consistent with Eq 10 and the observed physical
behavior.
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FIG. 19—Virtual crack extension technique used to calculate strain energy release rates.
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and Gu were constant for all ten increments of growth, but the ratios G1/Gn changed.
For the largest delamination size modeled, Gi and Gu were identical, both equal to
one-half the total G. Hence, calculations of Gi and Gu varied with mesh size.

APPENDIX 11

Effect of Coupling on Stiffness Loss

The stiffness of an arbitrary composite laminate may be calculated from laminate
theory [9,10] as

(16)

1
Eiam =

- [An']l
where

[41=[A]" + [AT'[BID*T'[BIAT",
[D*] = [D] — [BIAT'[B],

and [4], [B], [D] are the extensional, coupling, and bending stiffness matrixes, re-
spectively, defined in Ref 9. If the laminate is symmetric, the [B] matrix vanishes, and
Eq 16 reduces to Eq 1.

For an arbitrary laminate containing delaminations in one or more interfaces, Eq
16 may be used in Eq 2 to calculate the stiffness, E;, of the sublaminates that are
formed. For the {£30/%30/90/90]; laminate, with delaminations modeled in both
—30/90 interfaces, Eq 2 becomes Eq 3

_ 8E @30, + 3E0),
11

E*

If the (£30), sublaminate stiffnesses are calculated using Eq 16 and material proper-
ties from Ref 1], then E* = 0.69 E.4», which exceeds the value of E* extrapolated
from a least-squares regression line for the stiffness data. However, both —30/90 in-
terfaces did not delaminate completely (Fig. 3). As shown in Fig. 20a, delaminations
shifted from one —30/90 interface to another through various 90-deg ply cracks. De-
laminations were believed to grow in this manner to reduce the effect of bending-ex-
tension coupling that would have been present had only one interface been cleanly
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FIG. 20—Approximate model of observed damage.

delaminated or had both interfaces delaminated at the same time. Therefore, delami-
nations were modeled over both —30/90 interfaces (Fig. 205) but the bending-exten-
sion coupling in the (+30), sublaminates was neglected. Hence, the stiffness of each
sublaminate was evaluated using Eq 1. This resulted in E* = 0.743 Epam which
agreed with the value of E* extrapolated from a least-squares regression line for the
stiffness data (Fig. 10).

In addition, stiffness loss for delaminations of various sizes was calculated from
the finite element analysis. Concurrent strip delaminations were assumed in both
—30/90 interfaces. Uniform axial extension also was assumed and, hence, bending-

R.0.M. EQUATION

1.0 WITHOUT COUPLING
FINITE
ELEMENT
.8t
ROM EQUATION
6l WITH COUPLING
_E_
ELam _
At { ¢30/1-30/90/90]S
L -30/90 INTERFACES DELAMINATED 1
2t
0 2 4 .6 8 1.0
a
b

FIG. 21—Effect of coupling on stiffness loss prediction.
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extension coupling was ignored. The stiffness corresponding to a particular delami-
nation size was calculated using the technique outlined in Ref 16. Figure 21 shows the
stiffness loss predicted by the linear rule of mixtures (ROM) equation without cou-
pling (E;: calculated from Eq 1) and with coupling (E; calculated from Eq 16). The fi-
nite element predictions agreed with the rule of mixtures equation that neglected
bending-extension coupling. Hence, the finite element results also agreed with the
data plotted in Fig. 10.

APPENDIX III

Stiffness Change from Secondary Mechanisms
Ninety Degree Ply Cracks

The spacings of 90-deg ply cracks in the laminated portion of partially delaminated
[£30/£30/90/90]; laminates were measured directly from enlarged X-ray photo-
graphs. The mean spacing is plotted in Fig. 22 as a function of delamination size (see
Fig. 9) for three quasi-static test specimens. As the delaminations grew, the crack
spacings decreased to within values predicted by a simple one-dimensional model [6].

Near the 90-deg ply cracks, load was assumed to be transferred to the neighboring
plies and then back into the 90-deg plies to form the next crack. The model predicted
that 90-deg ply cracks would reach a characteristic saturation spacing, K, determined
by the laminate stacking sequence, ply thickness, and ply stiffness, but independent
of load history. _

For the [£30/£30/90/90]; laminate, the model predicted a saturation spacing of
0.838 mm (0.033 in.). For a [+30/4:30/90;] sublaminate, representative of the delam-

[ £30/+30/90/90] s LAMINATE
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FIG. 22—Ninety degree ply crack spacing as a function of delamination size.
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FIG. 23—Estimate of stiffness loss from 90-deg ply cracks.

inated portion of the [:t30/:t30/90/96], laminate, the model predicted a saturation
spacing of 0.955 mm (0.0367 in.).

Stiffness change due to 90-deg ply cracking in the partially delaminated specimen
was estimated by reducing the maximum axial stress in the 90-deg plies based on the
density of cracks present. As shown in Fig. 23, the transverse stiffness of the 90-deg
plies, E2,, was reduced by the percentage difference in the maximum axial stress, cal-
culated from the one dimensional model, at the predicted crack spacing K and at one
half the spacing K /2. This difference represents the reduction in load carried by the
90-deg ply once the saturation crack pattern has formed.

For the [+30/+30/90/90]; laminate, a 12 percent reduction in the axial stress in
the 90-deg plies was predicted. Reducing, the transverse stiffness, Ej;, of the 90-deg
plies by 12 percent resulted in a 0.7 percent reduction in [£30/430/90/90], laminate
stiffness. Similarly, for the {£30/+30/90;] sublaminate, a 14 percent reduction in the
axial stress in the 90-deg plies was predicted. Reducing the transverse stiffness, Ez;, of
the 90-deg plies by 14 percent resulted in a 2.2 percent reduction in the [£30/130/90]
sublaminate stiffness.

Because the estimated contributions of 90-deg ply cracks to stiffness reduction in
the [+30/430/90/90]; delamination specimen were so small, they were neglected in
calculating E*. However, for other laminates and materials, ply cracking may have a
greater effect on axial stiffness and other stiffness parameters [17,18].

+30/—30 Delaminations

The largest +30/—30 interface delaminations, @, recorded during the four quasi-
static tension tests were measured and tabulated in Table 2. Only Specimen E20 had a
+30/-30 delamination of significant size. Also shown in Table 2 are predicted stiff-
ness values for the [+30/+30/90/90], laminate, containing both —30/90 and
+30/—30 interface delaminations. The stiffness was predicted using Egs 2 and 4 first
for the +30/—30 delamination, and then for the —30/90 delamination. The stiffness
predicted for Specimen E20 was three percent less than the stiffness predicted assum-
ing only —30/90 delamination. However, the data agreed best with the prediction
that omitted the +30/—30 delamination. Hence, the effect of +30/—30 interface de-



O’BRIEN ON CHARACTERIZATION OF DELAMINATION ONSET 167

TABLE 2—Effect of +30/—30 delamination on stiffness prediction.

—30/90 +30/—30 E/E; 4m Prediction

Specimen Number a/b a/b Witha  Withouta  E/E, Measured
F9 0.848 0.009 0.778 0.780 0.782
E20 0.803 0.109 0.768 0.792 0.806
Cl8 0.812 0.004 0.790 0.790 0.798
D6 0.773 0.004 0.800 0.800 0.787

laminations on measured [430/430/90/90), stiffness loss was neglected in calculat-
ing E*.
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ABSTRACT: As part of an overall effort to develop durability and damage tolerance
methodology for graphite-epoxy composites, coupon specimens have been developed
to measure the fundamental static fracture and subcritical growth behavior of de-
laminations. Two basic designs, one for the tensile opening mode (Mode I) and one for
the forward shear mode (Mode 11), are described. These specimens were used to char-
acterize the behavior of two types of interfaces (0/0 and 0/90) for static fracture, con-
stant amplitude fatigue, and spectrum fatigue. Fracture mechanics technology was
applied through the principles of strain-energy release rate. Three-dimensional finite-
element analyses were employed to interpret the experimental results. A simple growth
law was shown to correlate the constant-amplitude and spectrum-growth data. It was
found that the applied cyclic load must be nearly equal to the critical static load to ob-
tain observable growth in the tensile opening mode. On the other hand, the graphite-
epoxy delamination growth rate in the forward shear mode is comparable to the alum-
inum growth rate in tension, which suggests that shear is the chief subcritical growth
mode for graphite-epoxy.

KEY WORDS: composite materials, composite structures, crack propagation, defects
(materials), epoxy resin, fatigue (mechanics), fiber-reinforced composites, fracture
(mechanics), graphite, laminates, life expectancy, mechanical properties, reliability as-
surance, spectra, test methods, tolerance, toughness

Delamination growth is the fundamental issue in the evaluation of lami-
nated composite structures for durability and damage tolerance. When
primary composite structures are evaluated originally with respect to dura-
bility (fatigue) and damage tolerance (safety), they are judged against the de-
sign service usage, and tests are performed to demonstrate their structural in-
tegrity. However, after the parts enter service, they are exposed to a variety
of operational usages so that techniques are needed to estimate the behavior
of defects as a function of time under changing service conditions.

!Engineering specialist senior, engineering specialist, senior engineer, senior engineer, and
engineer, respectively, General Dynamics, Fort Worth Division, Fort Worth, Tex. 76101.
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The experience of General Dynamics and other contractors has been that
only rarely does a composite part fail in a realistic fatigue test. But when test
conditions are extended to explore failure mechanisms, delamination is ob-
served to be the most prevalent life-limiting growth mode [/-7].2 An exami-
nation of the fracture toughness of glass-, boron-, and graphite-epoxy shows
that interlaminar forces (through the thickness) are operating against an in-
herent weakness of the resin [8-23]. An additional observation is that com-
mon design features in laminated composites give rise to interlaminar shear
and normal forces that depend on local details.

These facts suggested a fracture mechanics approach to delamination
growth based on the concept of strain-energy release rate [11,12,22-31]. A
technique known as virtual crack closure, using finite-element deformation
analysis, proved to be a straightforward method of performing the calcula-
tions [31,32]. Subsequently, a program was organized to develop the data
base and modeling procedures to implement the approach. Coupon tests
were designed to provide one-dimensional fracture and growth information
in both the peel (Mode I) and shear (Mode II) failure modes.

Specimen Design

Delaminations in composite laminates generally are constrained to grow
between layers because of the presence of the continuous fibers above and
below each interface. In this sense the composite delamination process is
analogous to debonding of metal-to-metal adhesive joints. As a result, the
delamination specimen designs developed here for composites are based on
those developed for investigations of adhesive fracture mechanics[31,32]. In
contrast to metallic fracture mechanics, where the process is dominated by
the tensile opening mode (Mode I), debonding of metal-to-metal adhesive
joints and delamination of composite laminates. generally involve other
modes of fracture. The forward shear mode (Mode 11) and the parallel shear
mode (Mode III) are often present in addition to Mode 1. Ideally, a separate
specimen would be designed to individually characterize each of the three
possible modes of delamination. With the exception of Mode I, such at-
tempts have been largely unsuccessful.

Various versions of the double cantilever beam (DCB) specimen have been
quite successful for characterizing the Mode I behavior of adhesive bonds
[31,32] and of composite laminates [13,22,23,33,34].> The Mode I speci-
men design, shown in Fig. 1, is a DCB specimen consisting of a 2.5 by 22.9-
cm (1 by 9-in.) coupon with secondarily bonded metal tabs attached at one
end for load introduction. At the same end, a folded layer of 12.7-um
(0.0005-in.)-thick Kapton film is included at the desired interface to initiate a
delamination. When two plies of the same orientation are adjacent to each

2The italic numbers in brackets refer to the list of references appended to this paper.
% Private communication, K. T. Kedward, Convair Division of General Dynamics, 1978.
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FIG. 1—Mode I coupon.

other in the laminate, cure pressure forces the plies to merge together, and
removes the characteristic thin layer of resin that normally separates two
plies of different orientation. This “‘nesting’” of fibers between layers is max-
imized at a 0/0 interface and minimized at a 0/90 interface, so the two limit-
ing cases were investigated. The —1 specimen consists of 24 plies of 0-deg
material with Kapton film at the laminate midplane so that delamination be-
tween two 0-deg plies can be characterized. The —3 specimen has an addi-
tional 90-deg ply at the midplane so that delamination between a 0 and a 90-
deg ply can be characterized. The —3 specimen also has the third ply from
the outer surface replaced with a 90-deg ply to inhibit interlaminar normal
tensile stresses induced during cure. The annealed-aluminum end tabs are
sized to act as plastic hinges without inducing significant end moments dur-
ing loading.

The mixed-mode specimen shown in Fig. 2, was patterned after the
cracked lap shear (CLS) specimen used for bonded joints [31,32]. The speci-
men is a 2.5 by 25.4-cm (1 by 10-in.) coupon with a step change in thickness
from 14 plies to 10 plies at the implanted delamination. The delamination in-
itiator is again a folded layer of 12.7-um (0.0005-in.)-thick Kapton film
placed between plies 10 and 11 during layup. The coupon is loaded via fric-
tion grips over a 3.81-cm (1.5-in.) length at each end. Holes are provided at
both ends for alignment purposes only. The upper four plies have an average
axial modulus of 106 GPa (15.4 Msi) compared to 44.3 GPa (6.4 Msi) for the
lower 10-ply portion of the laminate. The ply stacking sequence for the —1
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FIG. 2—Mixed-mode coupon.

specimen creates a delamination between two 0-deg plies, whereas the stack-
ing sequence for the —3 specimen creates a delamination between a 0 and a
90-deg ply.

A coupon for Mode 111 behavior was not included in the characterization
because it was not clear how to design such a specimen. In an investigation
to characterize all three cracking modes for polymethylmethacrylate adher-
ends bonded with a urethane adhesive [31], Mode 111 behavior was obtained
with a 90-deg-cone torsion test, which is essentially a butt joint between two
cylinders. Critical strain-energy release rates for Modes I, II, and III were
found to be 0.03, 0.07, and 0.10 kJ/m? (0.17, 0.40, and 0.58 in. * Ib/in.%), re-
spectively. Although the values for graphite-epoxy are expected to be differ-
ent, the relative ranking should be maintained. Intuitively, the two shear
modes, which should be similar, will give higher values than the peel mode.
In any case, Mode II values can be used to conservatively estimate the criti-
cality of Mode III behavior.

Specimen Fabrication

Both the Mode I and mixed-mode specimens were fabricated from Union
Carbide’s Thornel 300 graphite fiber (3000 ends/tow) impregnated with
Narmco Material’s 5208 epoxy resin. This graphite-epoxy system with an in-
coming resin content of 32 percent was procured to General Dynamics speci-
fication FMS-2023. The 7.62-cm (3.00-in.)-wide unidirectional tape form of
the material was used to lay up one panel for each of the four specimen
types. Each panel was sized to yield 12 individual specimens. During layup,
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the folded Kapton film was placed between the appropriate plies to initiate a
delamination under subsequent loading. The cure was conducted in accor-
dance with the specification at 177°C (350°F), resulting in a cured resin con-
tent of 27 percent and a cured ply thickness of 0.14 mm (0.0055 in.).

After cure, all laminates were ultrasonically inspected by a reflector-plate
technique with a 2.25-MHz pulise-echo transducer to verify that the cured
material was free of voids. At this point, the metal tabs were prefit along one
edge of the Mode I laminate with Reliabond 398 adhesive and cured under
310 kPa (45 psi) pressure at 177°C (350°F) for 1 h. Sawing of both types of
specimens to the final 2.54-cm (1.00-in.) width was performed on a Micro-
matic wafering saw to prevent machining damage along the specimen edges.

Test Procedures

A critical issue was the evaluation of efficient, reliable procedures for per-
forming the tests. The aim of all the tests was to either measure the critical
strain-energy release rate, G., or measure the subcritical growth associated
with a particular value of G. For linear, elastic material behavior [35], and
the specimen geometries used here

G = PX(dC/da)/2w (D

where P is the applied load, C is the compliance, a is the crack length, and
w is the specimen width. Variations in the specific behavior of the two types
of specimens caused test equipment and procedures to be slightly different
for each.

Mode I Coupon Static Test Procedures

Critical G values for the Mode I coupon were obtained in a standard dis-
placement-controlled (Instron) test machine. After some development, thin
metal-foil connectors were used between the specimen and test fixture. The
specimen weight was supported by a low-stiffness spring and a bar. The
edges of the specimens were painted with a white coating (typewriter cor-
rection fluid) marked at 1.27-cm (0.5-in.) increments to aid in crack
observation.

The first load application was made to break the Kapton film and create a
natural crack for the first set of measurements. Several tests were performed
on each specimen. The displacement was applied to initiate crack growth
and was increased until the crack propagated slowly to the next mark on the
specimen edge. The displacement was then returned to zero, and the process
repeated. Initial crosshead speeds were 0.008 cm/min (0.02 in./min) for the
short cracks, and were increased to a maximum of about 0.08 cm/min (0.2
in./min) near the end of the specimen. Visual observations were made with
an X20 microscope. Load was plotted as a function of crosshead displace-
ment (Fig. 3).



WILKINS ET AL ON DELAMINATION GROWTH 173

1 . T T
9 4 (1.00 In. = 2.54 Cm) |
Y (1Lb=4.488N.)
8 1ﬁ
U — 0.5 IN.
6 V\ : 13 CM
; ' _PC
o b x y——FP
< ¢ P
S = [y [o —
3 v, >
‘b// z
2 p
! & COMPLIANCE =%
0

& = HEAD DISPLACEMENT
F1G. 3—Mode I siatic coupon load-deflection curve.

Mode I Coupon Fatigue Test Procedures

Constant-amplitude (R = 0.1) fatigue tests were performed in custom dis-
placement-controlled test frames at 0.5 Hz. The applied load was measured
by a spring-displacement device and was servo-controlled by position
feedback.

A Hewlett-Parkard 3050B Data Acquisition System was programmed to
automatically perform compliance measurements, compare them to the
compliance/crack-length relationship developed in static tests, and calculate
the instantaneous crack length, as further described later in the Section on
Data Reduction. A procedure was developed to begin cycling at G values
near the critical value to obtain cracking rates in the range of 2.5 X 10~ to
2.5 X 102 mm/cycle (107 to 107 in./cycle). As the crack extended, the G
corresponding to the fixed displacement diminished, allowing slower crack-
ing rates to be obtained. Cycle counts were selected to give accurately mea-
surable crack growth increments of about 0.5 to 1.3 mm (0.02 to 0.05 in.).

Mixed-Mode Coupon Test Procedures

Both static and fatigue tests of the mixed-mode coupon were performed in
custom load-controlled fixtures commanded by a Varian computer and tele-
type interface. The specimens were carefully positioned and tightly clamped
between serrated grips to prevent spurious results because of bearing damage
in the alignment hole.

In the static tests, curves of axial load versus axial displacement were ob-



174 DAMAGE IN COMPOSITE MATERIALS

T L I i 1 N
. 1360
1400 P (Lb)——t— 131 — 138011342
1 COMPLIANCE
2000— 4, /10 x 10°5 "1.617/1.127/1.857/1.917/2.06 /4
1000 S /
P (Lb) K
800 N/4 / /4
RN/ & RY/ERS
SN SN A .S
600 NI/ BB/ AR 1S
Q? ® iy 'Y o, y
A
00 EA—A—oasm.
~ [
200 0.013 CM.
0 N/

DEFLECTION
FIG. 4—Mixed-mode static coupon load-deflection curve.

tained on an x-y plotter as a function of crack length (Fig. 4). Load was mea-
sured from a load-cell strain-gage bridge; displacement was measured from a
parallel-mounted impedance gage (Kaman Model 2S); and crack length was
visually measured from adjacent scales and X20 microscopes.

Procedures similar to those for the Mode I coupons were used for the
mixed-mode constant-amplitude (R = 0.1) fatigue tests, except that visual
crack measurements were used throughout. The compliance of the mixed-
mode specimen did not vary enough with crack length to use automatic
measurements. '

Mixed-mode coupons were spectrum fatigue tested with two representa-
tions of the tension-only part of a stress spectrum for a typical fighter air-
craft horizontal tail. One spectrum was a highly truncated version of the
other.

Data Reduction

As with the test procedures, the data reduction for the two coupons was
somewhat different. In all cases, the relationship between load, compliance,
and crack length represented by Eq 1 was employed.

Mode I Coupon Static Data Reduction

The measured values of critical load, deflection, and crack length were
processed through the equations of linear beam theory to arrive at an auto-
mated, repeatable, scatter-averaging data reduction system. With the aid of a
Hewlett-Packard 9830 desktop computer, plots such as shown in Fig. 5 were
obtained. '

For a pair of linear, elastic cantilever beams, joined at their fixed ends, the
load-deflection relation is
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where 4§ is the total opening displacement, P is the applied transverse load, a
is the beam length (crack length), £is Young’s modulus, and 7 is the moment
of inertia of each of the two beams. The compliance relation is

C =68/P=24/(3El) = A\d’ 3)

Because the specimens were designed to be stiff enough to act as linear canti-
lever beams, the compliance was forced to be linearly related to the cube of
the crack length. The plot of compliance as a function of crack length on the
left side of Fig. 5 must then have a slope of 3. A least-squares-fit routine was
used to calculate the intercept that gave the best fit of the data with a slope of
3. Also, the beam-theory relationship between compliance and crack length,
when coupled with Eq 1, requires the critical load, P., to be inversely propor-
tional to the crack length, a.

P. = (GwEDN"*/a = As/a 4

This relationship is shown on the right side of Fig. 5, where a least-squares-
fit routine was used to calculate the intercept that gave the best fit of the data
with a slope of —1. The points indicated by “X’’ were censored from the fit.
The use of the best-fit relationships for critical load and compliance, as
shown in the center of Fig. 5, resulted in an “‘averaged” value of G. for each
specimen.

G. = 3414,°/(2w) ()

Mode I Coupon Fatigue Data Reduction

The Hewlett-Packard data system used to control the fatigue tests also was
employed to organize the data for presentation. After a prescribed number
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of cycles at a given maximum displacement, the incremental growth was di-
vided by the cycle increment to give da/dN. These data, as well as absolute
crack length, maximum load, and total cycle count, were stored on tape
cassettes for subsequent plotting.

Mixed-Mode Coupon Data Reduction

Mixed-mode coupon data cannot be interpreted through simple beam
theory, and the compliance varies slowly as a function of crack length, as
shown in Fig. 4. An average compliance-curve slope was used to reduce all
the data. The static and fatigue data were manipulated and reduced by hand,
producing da/dN plots as a function of G in the constant-amplitude-loading
case and producing crack-length plots as a function of spectrum repetitions
(or blocks) in the spectrum-loading case.

Mixed-Mode Coupon Fracture Analysis

In applying Eq 1 to the reduction of the mixed-mode data, it is understood
that the experimental G calculated from measured axial load and specimen
compliance is the sum of all the components of G for Modes I, 11, and III. To
decompose this total G into these three modes, the crack-closure method
[32] was used. As shown in Fig. 6, each strain-energy release-rate component
can be calculated from the work required to close a debond over an area
wAa, where w is the width. The work becomes one half the force required to
close the debond multiplied by the displacement through which the force
moves in closing the debond. In practice the force is obtained from one
finite-element model, and the distance through which the force travels is ob-
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FIG. 6—Schematic of virtual crack closure method.



WILKINS ET AL ON DELAMINATION GROWTH 177

tained from a second finite-element model in which the debond is extended
an incremental amount. As described in Fig. 6, each component of the
strain-energy release rate can be calculated in this manner.

The mixed-mode coupon was analyzed with a 2174-deg-of-freedom three-
dimensional anisotropic brick model. All elements used were isoparametric
and can be found in the NASA Structural Analysis (NASTRAN) element Ii-
brary. The model used here can provide only an estimate of the G compo-
nents, because it did not include geometrically nonlinear beam-column ef-
fects. Experimental values of critical load were observed to correspond with
crack advancement along the centerline of the specimen, where Mode III ef-
fects disappear. At that point, the model estimates the Mode II component
to be 75 percent of the total strain-energy release rate, and estimates the
Mode I contribution to be the remaining 25 percent.

The computed model values of G were used to interpret the coupon re-
sults. The Mode I component of G at the critical load was found to be lower
than the G,c value obtained with the DCB coupons. In the absence of a firm
theoretical criterion for mixed-mode fracture [8,9,21,25-31], it was assumed
that each mode acted independently. This assumption allowed Mode II G
values to be calculated as 75 percent of the total G measured.

Test Results

The static critical strain-energy release-rate data are plotted in Fig. 7. The
0/0 interface is critical in the Mode I case. In fact, the 0/90 interface test is
invalid because of crack branching through the 90-deg ply. For Mode I1, it is
seen that the two interfaces give equivalent results.

A summary of the constant-amplitude fatigue data is shown in Fig. 8. The
Mode I slopes are so much higher than the Mode II slopes that the contribu-
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FIG. 7—Ceritical strain-energy release rates.
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tion to delamination from Mode I is insignificant in the mixed-mode cou-
pon. Note that the delamination growth rates are plotted against Gmax rather
than AG. An R value of 0.1 on load (min/max) corresponds to a G-ratio (min/
max) of 0.01, s0 Gmex and AG are nearly equal. As a result, plotting da/dN
versus either Gmqx or AG gives equivalent results. Similar da/dN data have
been correlated with AK (change in stress intensity factor) [6,21], and it is in-
tuitive that, for the Mode II case, different results should be obtained by test-
ing at R = —1 because of the doubling of the shear-stress range. Tests are
now underway to investigate other load ratios. The spectrum results are
given later following a description of a technique for predicting spectrum
growth from a constant-amplitude data base.

Growth Correlation

Simple exponential fits obtained for the constant-amplitude data, of the
form

da/dN = BG" (6)
where B and n are constants, were used to predict spectrum growth by sum-
ming up the growth contributions of each cycle.

No retardation effects were assumed, so that the incremental crack growth
relationships defined by Eq 6 could be integrated easily to obtain

N
a=a,+ ), BG' (7
i=!
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where a, is the initial crack length. Equation 7 was employed to determine
viable load truncation levels for the baseline spectrum. Experimental values
of B and n were used to calculate crack-growth increments for several as-
sumed load truncation levels. Based on these calculations, it was determined
that truncating from 5200 positive slope crossings per block (16 blocks = 1
lifetime) to 244 positive slope crossings per block would result in essentially
equivalent growth. The spectra are plotted in Fig. 9.

Predictions from the constant amplitude data and Eq 7 are compared to
the baseline and truncated spectrum results in Fig. 10. The correlation is
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F1G. 10—Spectrum crack growth.
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quite encouraging in view of the simplicity of the calculation scheme and the
economic advantage to be gained by spectrum truncation. This exercise also
tends to verify the assumptions involved in Eq 6.

Conclusions

A quantitative measure of the effects of defects in composite structures is a
key issue in material selection, manufacturing procedures, quality assurance
plans, structural design, structural integrity predictions, maintenance plan-
ning, and repair decisions. Experience suggests that the inherent lack of in-
terlaminar toughness is the root cause of such problems as poor in-plane
compression properties, edge (and internal) delaminations, and low impact
resistance.

Characterization of the behavior of delaminations has been approached
by adapting and developing techniques for coupon design, static and fatigue
testing, data analysis, fracture analysis for separation of modes, spectrum
life prediction, and spectrum truncation. Critical strain-energy release-rate
values have been obtained for Mode I and Moge II delamination. Interfaces
between 0-deg plies and 0 and 90-deg plies have been investigated. Corres-
ponding delamination growth rates have been measured.

Some significant observations have been made. G, for the 0/0 graphite-
epoxy interface is at least ten times lower than that of structural adhesives
[29-31]. Gic is about twice G;c and is about the same for either the 0/0 or
0/90 interface. The growth-rate exponent for Mode I delamination is high,
Delaminations operating at high percentages of Gic will grow rapidly to fail-
ure, but delaminations operating below about 50 percent of Gic (70 percent
of the critical load) will grow very slowly. For this reason, Mode I delamina-
tion can be thought of as a static design issue rather than a potential fatigue
problem. On the other hand, the growth-rate exponent for Mode II delami-
nation in graphite-epoxy is analogous to the growth-rate exponent for Mode
I cracking in aluminum and must be considered as a fatigue design issue. A
simplified analysis procedure, based on constant-amplitude crack-growth
data, and ignoring sequence or retardation effects, is shown to predict spec-
trum crack growth. A possible explanation for this encouraging result is that
the mechanism of plastic zone formation, so important in crack growth of
metals, is minimized in the epoxy resin because of the small dimensions be-
tween fiber layers and the constraining effects of the graphite fibers them-
selves. A beneficial by-product is that extensive truncation may be employed
to reduce the length of test load spectra.

Recommendations

A key factor in the understanding of mixed-mode fracture is a series of
tests of coupons designed to exhibit failures caused by various ratios of Gy,
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Gy, and Gy, A combined-mode failure criterion, validated by test, will be
needed to predict the behavior of the most general case.

Tests of coupons designed to accept reversed loadings are recommended
to determine stress range effects. Such tests also could be used to guide the
analysis of the case where the crack faces are subjected to normal compres-
sion, and frictional effects become important.

These test methods are applicable to other fiber-reinforced composite
materials, and a data base needs to be built to compare various materials on
an interlaminar toughness basis. Such comparisons have already begun [13],
but much more work is required. »

Delamination testing of graphite-epoxy interrogates the matrix failure
mechanism, which always exhibits the highest statistical variability. Useful
information regarding average behavior was obtained, but a more thorough
statistical test program is needed.

The resin is the environmentally sensitive link in the system. Test programs
should cover the useful temperature and moisture ranges of the material. By
analogy to the performance of structural adhesives, the brittle response at
cold, dry conditions is expected to be the most critical because increases in
both temperature and moisture should increase G..

These tests are more likely to be influenced by processing variables than
the usual mechanical tests used for quality control and process development.
Such variables as prepreg viscosity, cure advancement, layup technique,
cure-cycle parameters, cured resin content, number of fiber ends per tow,
fiber-sizing effects, and many others could significantly affect interlaminar
toughness. A careful test program could help sort out some of the manufac-
turing unknowns to arrive at quantitative relationships among manufactur-
ing cost, inspectability, and structural integrity.

In a similar way, structural design detail concepts should be analyzed with
the available techniques to develop relationships among the in-plane strain
field, the geometry of the concepts, and the interlaminar strain-energy re-
lease rates. Free edges, open holes, ply terminations, bonded joints, and
bolted joints all produce interlaminar normal and shear stress states that
vary with geometry, stacking sequence, and ply properties. These design de-
tails can be analyzed for producibility, inspectability, and delamination re-
sistance to aid in the selection of structural concepts and meaningful accept/
reject criteria.

Finally, the analysis must be generalized to treat two-dimensional delami-
nation growth in three-dimensional solid bodies. Then, the coupon data base
may be employed in the solution of delamination problems in hardware. At
that point, a durability and damage-tolerance methodology will be available
that allows us to compare all types of structural materials on a common
crack-growth basis so that engineers can select the best combination of
materials for a particular application.
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ABSTRACT: This paper discusses an experimental program that investigated the effect
of imbedded (idealized) delaminations on the compression fatigue behavior of quasi-
isotropic T300/5208 graphite/epoxy [aminates. Three different stacking sequences of a
64-ply layup were tested. No lateral constraints were imposed on the specimen test sec-
tion during static and fatigue loading, to permit unencumbered precipitation and
propagation of delaminations. Test specimen geometry was chosen to preclude gross
(Euler) buckling between test grip fixtures. Post-failure examination of specimen
cross-sections revealed the absence of any fiber microbuckling. Consequently. the pre-
dominant failure mode in the test specimens was the propagation of imbedded delam-
inations to the tab region. A 1-D delamination, located below the surface ply across
the entire width, and a 2-D circular delamination, buried one or four plies below the
surface, were considered. The out-of-plane deflection of the thin delaminated region
was measured during static loading to estimate the extent of post-buckling that indu-
ces delamination growth. During fatigue. the growth of an imbedded delamination
was monitored using diiodobutane (DIB)-enhanced radiography. A new procedure,
involving laser-drilled minute holes. was used successfully in extending the application
of enhanced radiography to buried delaminations. S-N, half-life residual strength, and
ultimate strength data were obtained.

KEY WORDS: interlaminar delamination, composites, graphite/epoxy. compression
fatigue. enhanced radiography

Fiber-reinforced composite materials are continuing to replace conven-
tional metals in secondary and primary aerospace structures owing to their
high strength-to-weight ratio. Their mechanical response, however, is ren-

dered complex by the many planes of weakness where local failures can in-
itiate and grow until structural failure occurs. The interface between adja-
cent layers in a laminate presents one such plane of weakness where an

! Engineering specialist. Structural Mechanics Research, Organization 3852/82, Northrop
Corporation, Aircraft Division, Hawthorne, Calif. 90250.
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interlaminar delamination can initiate and grow. There are many processing,
handling, and operating conditions under which an interlaminar delamina-
tion can occur. In most of these cases the delamination is generally present
within the laminate, invisible to the naked eye on inspection. A low velocity
impact of a blunt body on a laminated structure, for example, causes such a
damage at low impact energy levels [1,2).2 If the structural component con-
taining the delamination were to be an upper wing skin of an aircraft that is
subjected to compressive loads during service, the residual strength and the
service life of the component could be severely affected [3]. Recognition of
potentially deleterious effects of delaminations instigated many studies
{4-15] that attempted to quantify such effects. The limited success of these
investigations called for additional efforts. This paper summarizes the results
of an experimental program that studied the effect of imbedded delamina-
tions on the compression fatigue behavior of laminated composites.

Details of the Experimental Program

Three different stacking sequences of a quasi-isotropic, T300/5208 graph-
ite/epoxy layup were tested in the program. The test laminates were 64-ply
thick, and their configurations were identified as shown: Laminate A,
{0/45/90/—45)s;; Laminate B, [45/90/—45/0);; and Laminate C,
[90/45/0/—45)s;.

During the layup of test panels, delaminations were introduced by imbed-
ding two 0.08-mm(0.003-in.)-thick Teflon sheets at a chosen interface. Two
flaw locations were selected near a free surface, to simulate low velocity im-
pact damage. One location was between Plies 1 and 2 (Location 1), and the
other was between Plies 4 and 5 (Location 4).

Two types of delaminations were imbedded at a selected flaw location in the
various test specimens. The first type of delamination (1-D) was 12.7 mm
(0.5 in.) long, centered between tabs, and extended across the 38.1 mm (1.5
in.) width of the test specimen. The second type of delamination (2-D) was
12.7 mm (0.5 in.) in diameter, and was centered within the test section. The
size of the delamination relative to test specimen dimensions is illustrated in
Fig. 1.

Test specimens were 152.4 mm (6in.) long and 38.1 mm (1.5 in.) wide (see
Fig. 1). The 38.1 mm (1.5 in.) square test section was laterally unconstrained
during testing. The free surfaces of the test section permitted uninhibited
growth of delaminations imbedded near the surface ply. The test length was
chosen to be small [38.1 mm (1.5 in.) between tabs] and the laminates were
chosen to be thick [8.10 mm (0.32 in.)} to make the Euler buckling stress ex-
ceed the virgin compressive strength of the unflawed test specimen. Speci-
men ends were ground to be flat and parallel to ensure alignment of the ap-

*The italic numbers in brackets refer to the list of references appended to this paper.
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FIG. 1—Test specimen geometry, flaw size and location, and tab details.

plied load, most of which was introduced through direct bearing on the flat
ends.

Table 1 defines the various tests conducted on Laminate A specimens, and
Table 2 defines the tests conducted on Laminates B and C. A total of 50 spec-
imens were tested in static compression, and 115 specimens were tested in
constant amplitude compression fatigue at R = 10 and w = 10 Hz. R is the
algebraic minimum-to-maximum fatigue load ratio, and w is the frequency
of loading. The maximum compressive stress during fatigue was chosen to be
a fraction, S, of the static compressive strength for each test case.

During static testing, strain gage and dial indicator readings were selec-
tively obtained to monitor specimen Euler buckling and central out-of-plane
(W) deflection of the delaminated region. Readings corresponding to tests
on virgin, unflawed specimens indicated the absence of any significant bend-
ing in the laterally unconstrained specimens. Data from tests on specimens
with imbedded delaminations yielded strains and maximum W displace-
ments at failure. In specimens with imbedded delaminations, failure was de-
fined as the propagation of the delamination to the tab region.

During constant amplitude compression fatigue testing (R = 10, o = 10
Hz), growth in the imbedded delamination was monitored using enhanced
radiography. Diiodobutane (DIB) was used as the radio-opaque dye pene-
trant. In specimens with 1-D delamination, DIB was injected into the de-
laminated region from the free edges. In specimens with buried (2-D) delam-
inations, introduction of DIB into the delaminated region presented a
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TABLE 1—Tests conducted on Laminate A.°
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Delami- s* Number of Number
Test nation Flaw Compressive (R=10; Fatigue of
Series Type Location Load Type w = 10 Hz) Cycles, N Specimens
1 none C static 1.0 1 5
2 1-D 1 static 1.0 1 5
3 1-D 1 fatigue 0.60 Ng° 5
4 1-D 1 fatigue 047 Ny, 5
5 1-D 1 fatigue 0.45 Ny 5
6 2-D 1 static 1.0 1 5
7 2-D 1 fatigue 0.66 Nj, 5
8 2-D 1 fatigue;RS“ 0.66 Ny, /2 5
9 2-D 1 fatigue 0.58 /8 5
10 2-D 1 fatigue;RS 0.58 N,/2 5
11 2-D 1 fatigue 0.55 N, 5
12 2-D 1 fatigue;RS 0.55 N, /2 5
13 2-D 4 static 1.0 1 5
14 2-D 4 fatigue 0.77 Npa 5
15 2-D 4 fatigue;RS 0.77 Np./2 5
16 2-D 4 fatigue 0.72 Ny 5
17 2-D 4 fatigue;RS 0.72 Ny, /2 5
18 2-D 4 fatigue 0.66 Npo 5
19 2-D 4 fatigue:RS 0.66 Np,/2 5
Total 95
“[C/45/90/—45]s, layup.
¢S = maximum cyclic compressive stress/static compressive strength.
° Nj, denotes the number of cycles for fatigue failure at S;.
4These are half-life residual strength (RS) tests under static compression.
TABLE 2—Tests conducted on Laminates B and C.°
Test Flaw
Series  Delami-  Location s° Number of Number
Identi-  nation Identi- Compressive (R = 10; Fatigue of
fication Type fication Load Type w=10Hz) Cycles, N  Specimens
1 none R static 1.0 1 5
6 2-D 1 static 1.0 1 5
7 2-D 1 fatigue S NS¢ 5
8 2-D 1 fatigue S Np 5
13 2-D 4 static 1.0 1 5
14 2-D 4 fatigue Sia Nfu 5
15 2-D 4 fatigue Sis Ny 5
Total 35

“[45/90/—45/0)s and [90/45/0/—45]s, layups, respectively.
S = maximum cyclic compressive stress/static compressive strength.
°For Laminate B, S; = 0.61, S3 = 0.54, S,, = 0.66, and S;5s = 0.61.
For Laminate C, S; = 0.62, S; = 0.49 S, = 0.75, and S5 = 0.67.
4Ny, denotes the number of cycles for fatigue failure at S;.
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challenge. This was overcome by drilling small holes, approximately 0.10 mm
(0.004 in.) in diameter, from the nearer surface to the delaminated interface,
using a 6-W laser beam. A hypodermic needle was then used to inject DIB
into the delaminated region. Based on the observations made by Tirosh [16],
it was expected that the small laser-drilled holes would have negligible det-
rimental effects on delamination growth. A Magnaftux MX-10-50 microfo-
cus tube was mounted close to the specimen, between the vertical uprights of
the test machine. The low kilovolt range required to operate this tube made
it possible to meet radiation safety requirements simply by using lead-lined
vinyl sheets around the test frame, as shown in Fig. 2. The microfocus tube
produced a small spot size [0.05 mm (0.002 in.)] that allowed the tube to be
mounted near the film plane retaining an excellent degree of resolution. Dur-
ing the fatigue tests, cycling was stopped periodically, DIB injected into the
delaminated region, a radiograph obtained on Polaroid film, and cycling re-
sumed. Failure again was defined by the propagation of the imbedded de-
lamination to the tab region.

Subsequent to the completion of fatigue life tests, a small number of half-
life residual strength tests were conducted on Laminate A specimens with
imbedded 2-D delaminations. For example, specimens corresponding to
Test Series 8 were fatigued initially at S = 0.66, R = 10, and w = 10 Hz for
approximately Ny,/2 cycles, where Ny, is the average fatigue life for Test Ser-
ies 7 (see Table 1). These specimens then were failed in static compression
and the half-life residual strengths recorded. Half-life damage growth was

FI1G. 2—Compression fatigue test arrangement.
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recorded selectively prior to residual strength testing. At the completion of
all the tests in Tables 1 and 2, the specimens were subjected to static com-
pression to determine the ultimate failure load. These tests determined the
load-carrying capacity of the specimens beyond delamination failure. The
following section discusses the results from the various tests.

Results from Static Compression Tests

A summary of all the static compression test results is presented in Table
3. The following conclusions are made based on these tests.

1. Static compression tests on unflawed virgin specimens indicated the ab-
sence of specimen gross (Euler) buckling between tabs, until failure.

2. Photomicrographs of selected failed specimens also indicated the ab-
sence of any fiber microbuckling. A specimen photomicrograph at X200
magnification is shown in Fig. 3.

3. In all the unflawed specimens, failure was induced by the precipitation
of interlaminar delaminations. This was accomplished by an unloading phe-
nomenon and a loud “popping” sound.

4. Static compression tests on unflawed specimens yielded strengths that
decreased as the outer ply fiber orientation was changed from 0 to 45 to 90-
deg (Table 3), manifesting significant stacking sequence effects.

5. The virgin, unflawed strength of [0/45/90/—45]ss (Laminate A) spec-
imens is affected deleteriously by 1-D and 2-D delaminations. For a loca-
tion below the surface ply, the 1-D delamination induces a larger strength
loss. As the 2-D delamination location is moved toward the midplane of the
laminate, failure occurs at a lower value of the applied stress with a smaller
transverse deflection of the delaminated region.

6. When the delamination is located just below the surface (0-deg) ply in
Laminate A specimens, the post-buckled, large transverse deflection of the
delaminated ply induces matrix cracks between fibers. If the imbedded de-
lamination has an initial circular geometry, matrix cracks occur along 0-deg
lines that are tangential to the initial geometry, and the delamination propa-
gates between these cracks toward the tab region, resulting in a rectangular
delaminated area at failure.

7. The virgin, unflawed strength of [45/90/—45/0]s; (Laminate B) and
[90/45/0/—45]s; (Laminate C) specimens is unaffected by locating a 2-D
delamination between Plies 1 and 2. The low bending stiffness of the surface
ply in the delaminated region is believed to be the reason for this observa-
tion. As seen in Laminate A specimens, locating the delamination closer to
the midplane induces failure at a lower stress level, with a small deflection of
the delaminated region.

8. Failure initiates and propagates in an unstable manner under static
compressive loading. No stable delamination growth was observed.
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FI1G. 3—Photomicrograph of an XZ cross-section of a failed Laminate A specimen (4284-70)
Sfrom Test Series 14, showing the absence of fiber microbuckling.

Results from Fatigue Life Tests

Subsequent to static tests, compression fatigue life tests were conducted as
shown in Tables 1 and 2. The maximum compressive fatigue load was chosen
to be a fraction (S) of the corresponding static failure load. Different S
values were chosen to precipitate delamination failure after the desired
numbers of cycles (N). When the imbedded delamination propagated to the
tab region, fatigue life was assumed to have expired through the precipita-
tion of a delamination failure. The generated S-N data were plotted for each
test case, and a “*best-fit” curve was drawn through each set of data (Figs. 4,
5, 6, and 7). During these tests, cycling was stopped periodically, and DIB-
enhanced radiographs of the test specimens obtained. A few specimens are
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presented in Figs. 8-14. Only the 38.1 mm (1.5 in.) square test section and a
small portion of the tab region are shown in the radiographs for brevity.
From the fatigue life tests the following conclusions are drawn:

1. From the S-N data for Laminate A it is seen that the “apparent” thresh-
old value of the maximum compressive stress, at which failure is not ex-
pected to be precipitated for many millions of cycles, increases as the test
case is changed from 1-D flaw at Location 1, to 2~D flaw at Location 1, to
2-D flaw at Location 4 (Fig. 5). The same effect was observed as a 2~-D flaw
was moved from Location 1 to Location 4 in Laminates B and C (Figs. 6, 7).

2. From the enhanced radiographs in Figs. 8-14, the growth in the im-
bedded delamination with fatigue cycles (N) may be obtained. For a 1-D or
a 2-D flaw between Plies 1 and 2 (Location 1) in laminates A and B, the im-
bedded delamination grew with N in a stable manner until failure. The large
out-of-plane (W) deflection of the delaminated region and its low transverse
strength precipitated matrix cracks between fibers in the surface ply. This af-
fected the manner in which the imbedded delaminations, especially the 2-D
flaws, propagated to failure (see Figs. 8-14).

3. When a 2-D flaw was located below the surface 90-deg ply in Laminate
C, fatigue failure was not induced by the growth of the imbedded delamina-
tion. The low transverse stiffness of the surface ply caused the delaminated
region to exhibit no visible W deflection, with no consequent growth in the
imbedded flaw. Failure was induced by other delaminations precipitated
near the tab region.
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~+~——— Glass tab

Delamina
ted region

--——— Glass tab

N =0 cycles N = 1300 cycles

Specimen 4238-14

Test Section

N = 300 cycles N = 2300 cycles
FIG. 8b—Outline of the delamination boundaries in the radiographs shown in Fig. 8a.

4. When the delamination was imbedded four plies below the surface ply,
closer to the midplane, no significant flaw growth was observed in all three
laminates until failure. At failure, an unstable propagation of the imbedded
delamination to the tab region was observed, with accompanying matrix
cracks between fibers in the delaminated region.

Results from Half-Life Residual Strength Tests

Only Laminate A specimens with 2-D delaminations were subjected to
these tests (see Table 1). In conducting these tests, the specimens were in-
itially subjected to compression fatigue loading (R = 10; w = 10 Hz) at the §
value corresponding to the preceding fatigue life test series in Table 1. Cyclic
loading was imposed for approximately half the average lifetime of the
preceding fatigue life test series. At the completion of half-life cyclic loading,
selected specimens were radiographed, using DIB for enhancement, to re-
cord the half-life growth of the imbedded delamination. A specimen is
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FIG. 9a—Delamination growth in Specimen 4284-55; Laminate A; Test Series 7; S = 0.66.

shown in Fig. 15. Subsequently, the specimens were failed in static compres-
sion to determine the half-life residual strength.

Table 4 presents half-life residual strength data for Laminate A specimens
with 2-D delaminations below the surface (0-deg) ply. These data are super-
imposed over the S-N data in Fig. 16. It is noted that two specimens suffered
fatigue failure (4284-53, 60) before they could be cycled to less than half the
average lifetime of the preceding test series. Consequently, some specimens
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——

F1G. 9b—Delamination growth in Specimen 4284-55; Laminate A; Test Series 7; S = 0.66.

were cycled to a smaller number of cycles to avoid fatigue failure (see Table
4).
Table 5 presents half-life residual strength data for Laminate A specimens
with 2-D delaminations between Plies 4 and 5. These data are superimposed
over the corresponding S-N data in Fig. 17. It is believed that differing ex-
tents of delamination growth after the same number of fatigue cycles induce
different percentage reductions in the static strength [17].
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F1G. 9c—Delamination growth in Specimen 4284-55; Laminate A; Test Series 7; S = 0.60.
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N=0; P=0 kip N = 4000
N gsog N = 10,000
N = 1000 N = 20,000

FIG. 10a—Delamination growth in Specimen 4284-96; Laminate A; Test Series 14; S = 0.77.
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N = 43,880 (Failure)

Magnified View of the
Failed Test Section

(N = 43,880) obtained
by placing the Polaroid
film farther from the
specimen

FIG. 10b—Delamination growth in Speciment 4284~96; Laminate A; Test Series 14, S = 0.77.
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FIG. 11—Delamination growth in Specimen 4255-9; Laminate B; Test Series 7; S = 0.55.
Ultimate Strength Tests

In the fatigue life tests and the half-life residual strength tests, failure was
assumed to have occurred when an imbedded delamination propagated to
the tab boundary. At this failure load level, the specimen need not necessar-
ily lose all its load-carrying capacity. To determine the excess strength left in
the specimens after this initial failure, ultimate static strength tests were con-
ducted on fatigue life and half-life residual strength test specimens. The load
was increased in a quasi-static manner, and two failure load levels were re-
corded. The lower value corresponded to an intitial delamination failure, ac-
companied by a loud “popping” sound. The higher value corresponded to
ultimate failure, beyond which no additional load can be sustained by the
specimen. Tables 4 and 5 present ultimate strength data on half-life residual
strength test specimens. It is seen that the ultimate strengths are considerably
(>50 percent) larger than the stresses corresponding to delamination fail-
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N=2000

N=22,250 (Failure)

elamination propagated to lower

m g

Matrix Cracks

tween § “H'I'S
in the surface
(45%)ply

FIG. 12—Delamination growth in Specimen 4256-40; Laminate B; Test Series 14; S = 0.66; ra-
diographs taken with a 9.12 kN load.

ure. Similar results were obtained on all fatigue life test specimens, except for

Laminate B specimens that seem to carry minimal additional load beyond
delamination failure [17].

Conclusions

The discussed experimental program provides a qualitative and a quantita-
tive understanding of the effect of idealized interlaminar delaminations on
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N=0) N=15,000

N=52.000 (Failure)

S

h

FIG. 13—Delamination growth in Specimen 4282-24; Laminate C; Test Series 8; S = 0.49.

the compression fatigue behavior of quasi-isotropic, T300/5208 graph-
ite/epoxy laminates. Test specimens were designed to preclude gross (Euler)
buckling between test grips, in the absence of lateral constraints. Fiber mi-
crobuckling was not observed in any of the failed specimens. Failures were
induced predominantly by the propagation of imbedded delaminations to
the tab region. Delamination growth was unstable under static loading. An
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FIG. 14—Delamination growth in Specimen 4282-29; Laminate C: Test Series 14; S = 0.75.

imbedded flaw grew in a stable manner under compression fatigue, when the
flaw was located below a stiff (0- or 45-deg) surface ply. This stable growth
was accompanied by a large deflection of the delaminated region. When a
2-D delamination was located farther away from the surface (between Plies
4 and 5), the growth in the flaw was sudden and unstable, resembling a static
failure mode.

S-N and half-life residual strength data were obtained for two flaw loca-
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FIG. 15—Radiographs of residual strength test specimens after completing approximately half
their lifetimes; Laminate A; Test Series 8; S = 0.66.

tions and two types of flaws. It was observed that, except for Laminate B
specimens, other specimens could carry approximately 1.5 times the load
corresponding to delamination failure before ultimate failure occurs.

A novel and efficient procedure, used in the program to monitor the
growth of imbedded delaminations, can be extended to other test situations
to obtain useful information regarding internal damage growth.
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TABLE 4—Residual strength data from Laminate A specimens with 1.27 cm diameter

delaminations between Plies 1 and 2.

Fatigue Loading
(R=10;w = 10 Hz)

Residual Strength Test Data at

Prior to Residual Delamination Failure’®  Ultimate Faiture

Strength Testing

Test Stress, Strain, Stress, Strain,®
Series Specimen S N MPa pmm/mm MPa uymm/mm
8 4284-33 0.66 1000 -~370.2 C. —481.2 N

4284-36 0.66 1000 —340.5 —9471 —456.2 —12551

4284-53 0.66 680° —241.7 —456.6 e

4282-59 0.66 500 -321.1 —474.6

4361-11 0.66 1000 —372.0 C —~578.6 C.
10 4284-40 0.58 2800 —302.6 —7462 —-498.3 —12279

4284-43 0.58 5000 —326.9 —-7535 —5184 —12901

4284-60 0.58 700” —216.5 RN —460.0 C

4284-61 0.58 5000 —290.3 —479.6

4361-15 0.58 5000 —313.2 RN -599.3 R
12 4284-41 0.55 10000 —339.2 —9465 —544.8 —11587

4284-42 0.55 8000 —325.8 —7948 -509.8 —12372

4284-68 0.55 10000 —289.0 C —465.0 C

4361-14 0.55 3000 —328.5 —590.1

4361-17 0.55 6000 —304.5 —523.8

“Delamination failure occurred prior to residual strength testing.
®The imbedded delamination propagated to the tab region in an unstable manner.
‘Linearly extrapolated from values prior to delamination failure.
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FIG. 16—S-N data and half-life residual strength data for Laminate A specimens with 1.27-cm
(0.5-in.) diameter delamination (2-D) between Plies 1 and 2.
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TABLE 5-—Residual strength data from Laminate A specimens with 1.27 cm diameter
delaminations between Plies 4 and 5.

Fatigue Loading Residual Strength Test Data at
(R=10;@=10Hz)
Prior to Residual Delamination Failure’?  Ultimate Failure
Strength Testing
Test -—_ Stress, Strain, Stress, Strain.’
Series Specimen S N MPa  uymm/mm MPa  pumm/mm
15 4284-82 0.77 1000 329.7 —9620 —507.5 —14444
4284-83 0.77 1000 323.1 —8697 —525.7 —13806
4284-97 0.77 1000 281.0 C —427.6 R
4284-98 0.77 550° 263.9 R —4249
4361-2 0.77 1000 293.0 C —535.1 C
17 4284-86 0.72 7500 328.7 —8996 —538.3 —13900
4284-87 0.72 7500 3094 . —535.1 o
4284-101 0.72 7500 3104 C
4284-102 0.72 7500 3324 Ce C
4361-4 0.72 7500 311.0 Ce —520.0
19 4284-89 0.66 100000 319.0 e —535.9 e
4284-90 0.66 100 000 297.1 —71763 -501.5 —12391
4284-91 0.66 100000 339.7 . —534.0 e
4284-105 0.66 100 000 307.1 e -537.4
4284106 0.66 100 000 294.7 RN —448.4

=]

:Delamination failure occurred prior to residual strength testing.
The imbedded delamination propagated to the tab region in an unstable manner.
¢ Linearly extrapolated from values prior to delamination failure.

T T 11— —
1 | | | | T
i FH “Hesi-f-lt.“.(-furu-e | Hil
1)) el el M~ S G 5 1 e
P— - ‘?{—-L_ . R t L
i t | |
I i I e L M Ll
tactgoe 48 | S o] [P PLI
Fallure a8 — | Bl o
"~ e
1 ool O 0 | il L W R [ g
b Data Frem i-'nt'igw Life Teats Ryn-put
§ *® Half-life Residual Strength Dath
} 't H1 I
§ 50,11 ] Bati—life| residpal strength test speciméns ware Fatigued
¥ skt &t tHese $ vmluyes for the plotted mumber of kycles
| ¥ 5=0.72 || {efore being tested for residual compressive strengthrl
| 3 Sr0.66
— 1 | } ] 1
7 | l I Ll L)
L] 1 2 3 4 5
Log N

FI1G. 17—S-N data for Laminate A specimens with 1.27-cm (0.5-in.)-diameter delamination

(2-D) between Plies 4 and 5.
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Effect of Stacking Sequence on
Damage Propagation and Failure
Modes in Composite Laminates
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age Propagation and Failure Modes in Composite Laminates,” Damage in Composite
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Materials, 1982, pp. 211-228.

ABSTRACT: The effect of stacking sequence on damage growth and failure modes in
composite laminates is discussed. Tests were conducted on AS/3501-6 graphite/epoxy
coupons with four different stacking sequences. All laminates had the same percentage
of 0, 90, and +45 degree plies. Constant amplitude fatigue tests were performed at R
{minimum to maximum stress ratio) = —1.0 and —%. The specimens were periodi-
cally taken out of the testing machine and subjected to nondestructive inspection using
X-ray radiography with diiodobutane.

The results of nondestructive inspection indicate that the direction of damage prop-
agation depends on the stacking sequence in the composite laminate. The damage may
propagate predominantly along the loading direction or in a direction at some angle to
the loading direction, depending on the stacking sequence. Interlaminar stress analysis
of four laminates was performed to correlate the direction of damage propagation
with the nature of interlaminar stresses.

KEY WORDS: composite materials, X-ray radiography, interlaminar stresses, de-
lamination

Fatigue and fracture of composites has attracted considerable interest in
the last decade due to the increasing use of these materials in aerospace
structures. These materials exhibit extremely complex modes of failure both
under static and fatigue loadings [ I-12].2 The failure is accompanied by one
or more of the following phenomena: fiber splitting; delaminations around
free edges or at stress concentrations; matrix crazing; and transverse crack-
ing of the plies with fibers oriented in a direction perpendicular to the load-
ing direction. These phenomena must be taken into consideration in predict-
ing failure of the laminates.

! Manager, structural life assurance research and senior engineer, Northrop Corporation,
Hawthorne, Calif. 90250.
?The italic numbers in brackets refer to the list of references appended to this paper.
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Various investigators [13-15] have shown that the strength and failure
modes of composites depend on the ply orientations and stacking sequence.
Pagano and Pipes [ 13] have analytically investigated the influence of stack-
ing sequence on laminate static strength. They have presented an approach
for optimizing stacking sequence to reduce delaminations.

Daniel et al [ /4] have investigated experimentally the influence of stacking
sequence on tensile strength and failure mode in composites. They showed
that stacking sequences having interlaminar tensile stress or large shear
stress showed 10 to 20 percent reduction in strength, compared to that of al-
ternate stacking sequences. They observed that stacking sequence variations
can alter the mode of failure from catastrophic to noncatastrophic. Whitney
and Kim [15] have investigated experimentally the effect of stacking se-
quence on the notched strength of laminated composites. They investigated
two different stacking sequences of quasi-isotropic graphite/epoxy lami-
nates. One stacking sequence had large interlaminar tensile stresses, and
another one had compressive stresses at the free edges of the tensile coupon.
Their experimental data indicated that unnotched tensile strength is reduced
by the presence of interlaminar tensile stresses at the free-edge, while the
notched strength was not affected by the stacking sequence.

In the present investigations, the influence of stacking sequence on dam-
age propagation and compression fatigue life of graphite/epoxy laminates is
studied. The results, extracted from a broader study [ 16] designed to investi-
gate compression fatigue behavior of composites, are discussed in this paper.

Experimental Program

Sixteen-ply laminates with four different stacking sequences were selected
for fatigue tests. All laminates have the same percentage of 0, 90, and +45
degree plies. The stacking sequences selected were: Laminate 1, (0/£45/90/
02/445)s; Laminate 2, (90/+45/0;/+45),; Laminate 3, (90/0/+£45/0,/£45);,
Laminate 4, (+45/0/90/0,/145);.

All specimens were fabricated from AS/3501-6 graphite/epoxy unidirec-
tional tape of Type 1 prepreg (single-ply, with a nominal thickness of 0.132
mm (0.0052 in.).

The specimen used in the test program is shown in Fig. 1. This type of
specimen has been used by Rosenfeld and Huang [ 5] in compression fatigue
tests. The test matrix is shown in Table 1.

All tests were conducted in MTS machines. The fatigue tests were con-
ducted at frequency of 10 Hz. The specimens were gripped so as to avoid any
out-of-plane bending. This was done by strain gaging initial specimens back
to back (Fig. 1) to check out the test fixture and make sure that strain gage
readings on back-to-back gages did not differ by more than 5 percent.

Some specimens were subjected to nondestructive inspection (NDI) at cer-
tain intervals of fatigue cycles. X-ray radiography with diiodobutane (DIB)
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FIG. 1—Specimen configuration.

was the NDI technique used to determine the extent of damage. The speci-
mens were taken out of the testing machine at regular intervals and subjected
to X-ray radiography.

Diiodobutane was carefully applied to edges of interest, making sure that
DIB did not splatter on the faces of the specimens. Within less than two
hours of the application of DIB, the specimens were exposed in the HP804
X-ray cabinet. Kodak film type AA was used for X-ray.

X-ray Radiography Results
Laminate 1

X-ray radiography of Laminate 1 (0/1:45/90/0;/345); Specimen R1-17,
tested at R = —1 and omi» = —427 MPa (—62.0 ksi), is shown in Fig. 2. The
average notched compression static strength of this laminate is —461 MPa
(—66.9 ksi). The X-ray radiography was taken after 300 and 800 cycles. The
specimen failed after 840 cycles. It is seen that the delamination initiates
around the hole at right angles to loading direction. The delamination sub-

TABLE 1—Test matrix.

Number of Number of Specimens
Specimens Subjected to X-ray
Laminate Tested R Ratio Radiography

1 24 -1 13

1 13 —o0 7

2 6 -1 3

3 6 -1 3

4 6 -1 5
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FIG. 2—X-ray radiography of Specimen RI-17 (0/145/90/0./145)s laminate, tested at
R = —1, Omin = —427 MPa (—62 ksi). Specimen failed at 840 cycles.
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sequently grows around the periphery of the hole and the loading direction.
Major growth takes place along loading direction. Prior to failure, after 840
cycles, considerable cracking is observed in the laminate.

X-ray radiography of Laminate 1 Specimen R1-12, tested at R = —1 and
Omin = —359 MPa (—52 ksi), is shown in Fig. 3 after 2500, 6000, 10000, and
40000 cycles. The specimen failed after 44480 cycles. The delamination
growth in this specimen at 2500 cycles is identical to that in specimen R1-17
at 300 cycles. The delamination grows in the form of a triangle until it forms
a strip with width slightly greater than the diameter of the hole. At 10 000 cy-
cles the entire length of the specimen appears to be delaminated in the form
of a narrow strip on either side of the hole. At 40 000 cycles the width of the
delaminated strip on either side of the hole has increased. The entire length
of the test area is delaminated. The delaminations are not able to grow any

2,500 Cycles 6,000 Cycles

Loading Direction

10,000 Cycles 40,000 Cycles

FIG. 3—X-ray radiography of Specimen RI1-12 (0/145/90/0,/145)s laminate, tested at
R = —1, Omin = —359 MPa (—52 ksi). Specimen failed at 44 480 cycles.
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further along the loading direction because of the limited test length of the
specimen and constraining effects of the tabs at the end of test area.

Figure 4 shows X-ray radiography of Laminate 1 Specimen R1-22, tested
at R = —o and omin = —355 MPa (—51.5 ksi). The X-ray radiography pic-
tures are shown after 150 000, 400 000, and 1 000 000 fatigue cycles. The spec-
imen failed after 2111000 cycles. The delamination growth at R = —oo is
similar to that in specimens tested at R = —1.0. The delamination starts
growing at the edge of the hole around its periphery and propagates along
the loading direction. At 400 000 cycles the entire length of the test area is de-
laminated. However, the damage is confined to a narrow strip, extending on
either side of the hole. The width of the damaged strip after 400000 cycles
and 1000000 cycles is almost the same.

In Specimen R1-12, tested at R = —1 and omn = —359 MPa (—52.0 ksi),
the entire length of the specimen is delaminated at 10 000 cycles, whereas in
Specimen R1-22 [R = —o¢ and omin = —355 MPa (—51.5 ksi)] the entire
length is not delaminated even at 150 000 cycles. In the later specimen the en-
tire length is damaged at 400000 cycles. The X-ray radiography pictures of
these two specimens indicate a very strong influence of R ratio (tension-
compression versus compression-compression) on the delamination growth
in composites.

Laminate 2

X-ray radiography of Laminate 2 (90/+45/0;/1+45); Specimen R2-9,
tested at R = —1, omn = —314 MPa (—45.5 ksi) is shown in Fig. 5. The X-
ray radiography was taken after 20000, 50000, and 100000 cycles. The
specimen failed after 103 420 cycles. The figure indicates that the delamina-
tion propagates both in radial direction and axial (loading) direction. The
delamination in the loading direction is confined to a narrow strip with
width equal to the hole diameter and grows in the loading direction. The ra-
dial delamination initiates from the edge of the hole around its periphery and
propagates radially. Prior to failure (at 100 000 cycles) the entire test area is
delaminated as shown in the figure.

Laminate 3

Figure 6 shows X-ray radiography of Laminate 3 (90/0/145/0,/145);
Specimen R3-7, tested at R = —1.0 and Omin = —317 MPa (—46.0 ksi). The
X-ray radiography pictures are shown after 8000, 18 000, and 30000 cycles.
The specimen failed at 50 790 cycles. The figure shows the delamination to
initiate along +45-deg angles, and at 18000 cycles the delamination has
spread around the periphery of the hole and is almost circular in shape. At
30000 cycles the entire test area of the specimen is delaminated. Several con-
tours in the figure indicate the presence of delaminations between several
plies of the laminate. This was verified with stereo-radiography.
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FIG. 4—X-ray radiography of Specimen R1-22 (0/145/90/0,/145); laminate, tested at
R = —, Gmin = —355 MPa (—51.5 ksi). Specimen failed at 2 111000 cycles.
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FIG. 5—X-ray radiography of Specimen R2-9 (90/+45/0;/+45); laminate, testedat R = —1,
Omin = —314 MPa (—45.5 ksi). Specimen failed at 103 420 cycles.
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FIG. 6—X-ray radiography of Specimen R3-7 (90/0/%45/0,/145)s laminate, tested at
R = —1, Omin = —317 MPa (—46 ksi). Specimen failed at 50 790 cycles.
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Laminate 4

X-ray radiography of Laminate 4 (£45/0/90/0,/145); Specimen R4-2,
tested at R = —1 and gm» = —362 MPa (—52.5 ksi) is shown in Fig. 7. The
figure shows dominant damage growing along the loading direction. How-
ever, there is some damage growth at right angles to the loading direction.

X-ray radiography of Specimen R4-4, tested at R = —1.0 and omin =
—362.0 MPa (—52.5 ksi) is shown in Fig. 8. The specimen failed after 8610
cycles.

Observed Failure Modes

The failure modes observed in Laminate 1 under constant amplitude fa-
tigue loading are shown in Fig. 9. These failure modes are shown for speci-
mens tested under tension-compression and compression-compression load-
ing. The failure mode under tension-compression loading differs from that
under compression-compression loading. The specimen tested under ten-
sion-compression loading shows considerable delaminations between 0 and
+45 deg plies near outer surface, and between the +45 and —45-deg plies. The
specimen tested under compression-compression loading shows dominant
delaminations between the +45 and —45 plies near the surface and also at
the midplane of the laminate.

The failure modes observed in Laminate 2, tested under tension-compres-
sion loading, are shown in Fig. 10. The laminate shows delaminations be-
tween several plies. Near the surface of the specimen, the delamination oc-
curs between +45 and —45-deg plies.

Figure 11 shows the failure mode observed in Laminate 3 specimens tested
under tension-compression loading. This laminate also exhibits delamina-
tions between several plies. Near the surface, the laminate exhibits delamina-
tions between 0 and +45-deg plies.

The failure modes observed in Laminate 4 specimens, tested under ten-
sion-compression loading, are shown in Fig. 12. This laminate also shows de-
laminations between several plies. Near the surface, the delaminations occur
between +45 and —45-deg plies.

Interlaminar Stress Analysis

The interlaminar stress analysis of specimens with holes was performed
with the NASTRAN finite element computer program [ /6], assuming uni-
form displacement at the end of the tabs in the specimen. A typical result of
this analysis is shown in Fig. 13. In this figure, the interlaminar stresses in the
(0/£45/90/0,/+45), laminate at the plane of symmetry are presented. The
interlaminar stresses are normalized with respect to the gross applied stress,
go. It is seen that the interlaminar shear stress 7, is the dominating compo-
nent and has its maximum value at about 56 deg from the loading direction.
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FIG. 7—X-ray radiography of Specimen R4-2 (+45/0/90/0,/+45)s laminate, tested at
R = —1, Omin = —362 MPa (—52.5 ksi). Specimen failed at grips.
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FIG. 8—X-ray radiography of Specimen R4-4 (£45/0/90/ 0,/ 145); laminate. after 2000 and
5000 cycles tested at R = ~1, gmin = —362 MPa (—52.5 ksi). Specimen failed after 8610 cycles.
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1-47, T/C, & 46.6 ksi{321.]) MPs) RI=23, c/fC, O -31.5 kai{335.]1 WPa) Ri-20, €/C. 0 <35 kal(179.2 WPFa)
.! = 460,120 N, = b0,670 Hf = 159,%70

F1G. 9—Failure mode observed in Laminate 1 under constant amplitude fatigue loading.

The radial component of the shear stress, 7., has a high value at 90 deg from
the loading, which is, however, very localized. The interlaminar stresses be-
tween various plies of the laminates were obtained from the finite element
analysis. The maximum interlaminar stresses obtained for Laminate 1|
(0/1+45/90/0,/+45); are shown in Table 2. It is seen that interlaminar nor-
mal stress (o) is about 66 percent of the maximum shear stress (r,.) and oc-
curs at a location different from that where shear stresses are high.
Similar analysis has been performed on all four laminates tested in the
present research program. The maximum interlaminar stresses at various lo-
cations in Laminate 3 (90/0/+45/0,/+45), are shown in Table 3. Here, the

7, T/C, £45.5 ksi (313.7 MPa) R2-4, T/C, +4B ksi (331 MPa)
Hf = 95690 Cycles Ny = 63,930 Cycles

FIG. 10—Failure mode observed in Laminate 2 under constant amplitude fatigue loading.
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13-9,T/C,243 ksi(296.5 MPa) R3-6,T/C.* 46 ksi(317.2 MPa)
N = 119,810 Cycles Ng= 22,390 Cycles

FIG. 11—Failure mode observed in Laminate 3 under constant amplitude fatigue loading.

—E'gi

R4=4,T/C,252.5 ksi(362 MPa) R&-3, T/C,:43.5 ksi(299.9 MPa)
Ne = 8,610 N, = 480,430

FIG. 12—Failure mode observed in Laminate 4 under constant amplitude fatigue loading.
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FIG. 13—Interlaminar stresses in the (0/145/90/0,/145); laminate at midplane.

maximum interlaminar normal stresses are small compared to interlaminar

shear stresses. Similar interlaminar stresses for Laminates 2 and 4 have been
obtained and are reported in Ref 16.

Discussion of Results

The maximum interlaminar stress in Laminate 1 is 7., between the +45
and —45-deg plies (interface 2) at 6 = 90 deg, perpendicular to the loading
direction; hence, the analysis suggests that the damage will initiate at right
angles to the loading direction. Subsequent growth of the damage is influ-
enced by the interlaminar stresses in the damaged specimens. The X-ray ra-
diography pictures shown in Figs. 2to 4 at R = —1 and —<c indicate that the
damage initiates at a right angle to the loading direction and subsequently
propagates along the loading direction. The interlaminar stress analysis of
Laminates 2 and 3 indicates very small normal stresses. Interlaminar shear
stresses are predominant, suggesting that the delamination in these laminates
may be initiated by shear stresses. As seen in Table 3, the maximum inter-
laminar shear stresses (1e,) occur at 45 deg (ply interfaces 1 and 6); hence, the
delaminations will most probably initiate along these directions. The distri-
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TABLE 2—Location of maximum interlaminar stresses in Laminate 1 (0/145/90/0,/145);.

To:/ 0o Tre/ G0 0./ 00
Maximum o Maximum & Maximum ¢
Interface Value Location Value Location Value Location
1 —0.0911 56.25 0.0490 90 0.0286 56.25
2 —0.0548 56.75 0.1519 90 0.0553 90
3 0.0638 56.25 0.0633 90 0.1043 90
4 0.0377 67.50 —0.0695 90 0.0926 90
5 -0.1116 56.25 0.0377 22.50 0.0553 78.75
[ —0.1310 56.25 0.1024 90 0.0548 90
7
(midplane) —0.0858 56.25 0.1359 90 0.0767 90

0
5
+45
6
—45
7 Midplane

bution of interlaminar shear stress 75, shown in Fig. 13, indicates the shear
stress distribution to have a semielliptical shape and a large value over a con-
siderable distance around the periphery of the hole. Hence, the delamina-
tions under interlaminar shear stress 7g, will tend to initiate over a large area
around the hole. The observed initiation of delamination in Laminates 2 and
3 (Figs. 5 and 6) has a shape similar to the distribution of 7. shown in Fig.
13, in the sense that delaminations spread around the periphery of the hole,
contrary to Laminate 1, where the delaminations are confined to a small
strip of a width slightly larger than the diameter of the hole. Figures 5 and 6
also indicate the entire width of the specimen to be delaminated in Lami-
nates 2 and 3 prior to failure. In Laminate 1, only a small strip was delami-
nated prior to failure.

The interlaminar stress analysis of Laminate 4 shows interlaminar shear
and normal stresses to be of the same order of magnitude. The damage in
such a laminate will initiate under shear and normal stresses around the hole.
Figure 7 indicates that the damage grows around the hole and along the
loading direction.

The interlaminar stress analysis indicates the stresses to be significantly
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TABLE 3—Location of maximum interlaminar stresses in Laminate 3 (90/0/145/0:/145)s.

76:/ 00 Tre/ Go 0./ 00
Maximum & Maximum ¢ Maximum ¢
Interface Value Location Value Location Value Location
1 —0.0496 45 —0.0518 90 —0.0084 90
2 —0.1174 45 —0.0347 67.50 —0.0161 90
3 —0.0866 45 0.1099 90 —0.0191 45
4 —0.0271 33.75 -0.0177 45 0.0333 90
5 —0.0855 45 —0.0359 22.50 —0.0220 45
6 —0.1183 56.25 0.1013 90 0.0224 90
7 —0.0779 56.25 0.1323 90 0.0447 90
90
1
0
2
+45
3
—45
4
0
0
5
+45
6
—45
—7

large between several plies in all four laminates, and hence the delaminations
should occur between several plies in the composite laminates. Experimental
observations on the four laminates have shown similar behavior. The inter-
laminar stress analysis of Laminate 1 (Table 2) shows significant interlam-
inar shear stresses between the 0 and 45-deg plies near the surface; hence, the
delaminations nearest to the surface will be between these plies, as shown by
experimental results. Table 3 shows significant interlaminar shear stress ro;
between 0 and +45-deg plies near the surface of the specimen for Laminate
3. Hence, the delaminations nearest to the surface will be at these locations
for this laminate. This was indicated by the postfailure examinations of the
specimen. The location of delaminations near the surface in Laminates 2 and
4 as observed experimentally also was shown by interlaminar stress analysis.

The interlaminar stress analysis of laminates only suggests the initiation of
damage. Subsequent propagation of damage depends on the type of loading
(for example, static or fatigue; tension or compression) and the instantane-
ous configuration of the damage. In order to explain damage growth in
composites analytically, it is necessary that the stress analysis method should
incorporate these elements,
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Conclusions

1. Damage growth in composite laminates depends on the stacking se-
quence. The damage growth may completely change direction and location
with change in stacking sequence.

2. The failure mode in composites changes with change in stacking
sequence.

3. Thelocation of delamination and matrix cracking for the different lam-
inate stacking sequences investigated appeared to coincide with positions of
highest interlaminar shear or normal stress predicted by a finite element ap-
proximate analysis.
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ABSTRACT: This paper describes observation of fatigue damage mechanism in com-
posites subjected to compression dominated fatigue loading, formulation of a damage-
indicating parameter based on the intralaminar microcracking of the resin, and its ap-
plication in conjunction with a linear fatigue damage model to predict spectrum life of
graphite/epoxy composite laminates.

KEY WORDS: damage mechanism, resin microcracks, graphite/epoxy laminates,
damage-indicating parameter, linear residual strength reduction, constant amplitude
fatigue, spectrum fatigue life prediction, composite materials

The use of composite materials in cyclic load carrying structural members
has raised questions of their durability. Recent investigations into the fatigue
behavior of composite materials have concentrated on the experimental de-
termination of damage mechanisms and failure modes.’

In this work, enhanced X-ray radiography was used to facilitate observa-
tion of fatigne damage accumulation in graphite/epoxy laminates. Tetra-
bromoethane (TBE)-enhanced X-ray radiographs show that the damage
progression sequence begins with matrix cracking at the fiber-matrix inter-
face within a ply, followed by delamination in areas which have accumulated
extensive matrix cracking. Delamination and interlaminar matrix cracking
interact to produce eventual fatigue failure.

These observations led to the development of a damage correlation pa-
rameter based on strain energy density factor. In this approach to quantify-
ing fatigue life degradation in composites, it is assumed that the matrix is the
weak link of the system. The lamina is modeled as an isotropic layer of resin
containing crack-like flaws sandwiched between semi-infinite orthotropic

! Technical specialist-Technology and branch chief-Technology, respectively, McDonnell Air-
craft Co., McDonnell Douglas Corp., St. Louis, Mo. 63166.

?Saff, C. R., “Compression Fatigue Life Prediction Methodology for Composite Structures—
Literature Survey,” NADC-78203-60, Naval Air Development Center, June 1980.
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plates representing combined fibers and matrix. A damage correlation pa-
rameter was developed by summing the strain energy density factors for each
ply, normalized to laminate ultimate strength. This parameter is used in con-
junction with linear fatigue damage and linear residual strength reduction
models to predict spectrum fatigue life of center-hole specimens of AS/3501-6
graphite/epoxy laminates.

Methodology Development Test Program

The material was Hercules AS/3501-6 graphite/epoxy. Three panels of
different layups—fiber dominated (48/48/4), matrix dominated (16/80/4),
and intermediate (25/67/8)—were fabricated from 10.4 mil prepreg. The
first number in the parenthesis is the percentage of 0-deg plies, the second
number is the percentage of +45-deg plies, and the third number is the per-
centage of 90-deg plies in the laminate. The stacking sequences of these three
layups are: [(+45,—45,0,0)s, 90, (0,0,—45,+45)3], [(+45,—45,0,+45,—45),,
(+45,—45,90,—45,+45), (—45,+45,0,—45,+45).], and [(+45,0,—45,0,+45,90,
—45,0,+45,—45,—45,+45),]. The test specimen geometry is shown in Fig. 1.
This single-hole test specimen does not require tab ends, since the stress con-
centration created by the fastener hole is the fatigue critical area. The speci-
mens were tested in an MTS closed loop system, with protruding-head close-
tolerance bolts installed into the fastener hole. The nut was torqued
finger-tight. Antibuckling guides were not used in compression testing, since
the specimen’s dimensions were configured to preclude buckling.

A total of 112 specimens were tested. Eighteen specimens were statically
tested to determine ultimate strength, 78 were tested in constant-amplitude
fatigue at different stress ratios (R = fmin/fmax), and 16 were subjected to
spectrum fatigue loads.

Ultimate strength test results are presented in Table 1. Results of constant-
amplitude fatigue tests (Fig. 2) indicate that the life of graphite/epoxy com-

. +0.001 _.

6.350 mm (o.zso in."0 000 1 Ho!e)

Protruding Head Bolt (0.250 '":300(1))
Nut Torqued Finger Tight

Grip Area —\

v da T |
{38.10 mm)
-©--& o 1.50 in.
—45°
(7112 mm)
2.80in.
(88.90 mm) {19 mm) [N—Strain Gages
> 3.50in. | ™ 0.75in. on Both Faces
{177.80 mm)
~ 100in.
l— 25 Plies
| HIH ] 1

FIG. 1—Test specimen.
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FI1G. 2—Methodology development test program (constant amplitude results).

posite laminates is dependent upon the layup and the stress ratio. In order to
reduce or eliminate stress-ratio testing for every layup that might be consid-
ered in design, a correlative methodology described in the following section
was developed. X-ray radiography was used to aid the methodology devel-
opment through observation of fatigue damage progression.

A number of specimens was examined nondestructively by X-ray photog-
raphy to observe the type and location of damage during different stages of
their fatigue life. Since the regular X-ray images of damaged specimens do
not provide discernible contrast for examination, the test specimens were
coated with a mixture of 25 percent TBE and 75 percent dye penctrant
(ZL-2A). The fluid first was applied at the edges of the specimens for the
purpose of detecting edge delaminations. The fluid then was applied at the
fastener hole.

Figure 3 contains X-ray photographs of a fiber dominated (48/48/4) spec-
imen where both the edges and fastener hole were coated with the TBE and
ZL-2A fluid. The figure shows damage around the hole. The white lines in
Fig. 3aindicate matrix cracks that are filled with the TBE and ZL-2A fluid.
The distribution of matrix cracking through the thickness can be seen in Fig.
3b. Figure 4 contains TBE enhanced X-ray photographs of another fiber
dominated specimen at two different stages of fatigue life. Figures 4a and b
demonstrate the progression of matrix cracking from a quarter of the speci-
men’s fatigue life to half life. Figure 5 contains X-ray photographs of two
matrix dominated (16/80/4) specimens fatigued under similar conditions.
The edges and fastener holes of both specimens were coated with TBE and
ZL-2A fluid. The similarity of the two photographs indicates that the pat-
tern of matrix cracking is a repeatable process. These figures indicate that
the damage is concentrated at the hole.
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Specimen P133 1.6x Specimen P133 1.5»
3A 3-B/(Edge View)
R=-1 0.65F, 13,000 Cycles (Half Life)

FIG. 3—X-ray photographs of fiber dominated layup with penetrant applied to specimen edges
and hole.

Life Prediction Methodology

The data presented in Fig. 2 indicate that to predict the fatigue life of
composite structures it is essential to account for layup and stress-ratio vari-
ations. A damage correlation parameter was developed based on the concept
of strain energy density factor.’ The strain energy stored in a volume element
(dV = dxdydz) of an isotropic material is
auv _ 1

@& o2 2 5 _ v —_
W - 3E (ox° + 0, + a.%) z (ox0y + 0y0; + 0:0x) + 2

X (Txyz + Txyz + Txyz) (l)

*Sih, G. C., International Journal of Fracture Mechanics, Vol. 10, 1974, pp. 305-321.
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Specimen P119 Specimen P119 1.5x
Lead
Tab 4-A 4-B
75,000 Cycles (Quarter Life) 150,000 Cycles {Half Life)

FIG. 4~—X-ray photographs of fiber dominated layup at quarter and half life.

Specimen P221 1.6x Specimen P222 1.5x

5-A 5B

5,000 Cycles (Half Life)
FIG. 5—X-ray photographs of matrix dominated layup for two specimens.
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Substitution of stresses in terms of stress intensity factors results in the fol-
lowing simple relationship for strain energy density

dau _ §
— == 2
av r &
where r is the distance from a crack tip, and S is a quadratic function in the
form

S = ank? + 2ank ks + ank + assky? 3

and is a measure of the intensity of the strain energy density field around the
crack tip. The coefficients a;; are

1 1
an=—Y4(U +cosB) (xk—cos )] —

16u L cos @

1 [. 1
a;=—1\1sin@(2cosf—(x— 1))

16 L cos w

- ;@
azz=-I6—“—h(x+l)(l—cosO)+(l+cosO)(3cosO—~l)]cosw
U Y )
. 4u \cos w

The elastic constant « is equal to (3 — 4v) for plane strain and (3 — v)/(1 + v)
for plane stress (u and v are shear modulus and Poisson’s ratio, respectively).
The angles 6 and w describe the crack trajectory and are defined in a special
spherical coordinate system shown in Fig. 6.

An analytic model was developed with the assumption that the matrix is
the weak link. This matrix is modeled as an isotropic layer of resin contain-
ing a through-the-thickness crack sandwiched between the edges of two
semi-infinite orthotropic plates,* as shown in Fig. 6. E and v are the elastic
constants of the resin, while E, E;, v3, and w2 are the elastic constants of the
equivalent orthotropic material surrounding the resin strip of width 2A. r'he
subscripts 1 and 2 represent directions parallel and perpendicular to the ply
fibers, respectively. The strip width 24 is directly related to the fiber volume
fraction. For low fiber volume fraction this width can be estimated to be

=l [m_
h—R(z\/V: 1) &)

where R is the fiber radius and ¥y is the fiber volume fraction. However, for a
graphite/epoxy composite system such as AS/3501-6 with high fiber volume

4Sih, G. C., Chen, E. P., Huang, S. L., and McQuillen, E. J., Journal of Composite Materials,
Vol. 9, April 1975, pp. 167-186.
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FIG. 6-—Cracked lamina model.

fraction, the strip width 24 is very small, hence the limiting value (h/a — 0)

can be used.

The intensity of the crack tip stress field for this problem can be written as

k1 = )\102 \/;
kz = )\2012 \/-a-

where 02 and o1 are the normal and tangential stresses at the edge of the hole
for a particular ply, ais half the crack length (q is assumed to be unity), and
A1 and A; are correction functions which depend on fiber spacing and elastic
constants. Values of A, and A, for AS/3501-6 graphite/epoxy, calculated by

the methodology of Sih, Chen, Huang, and McQuillen,* are
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A1 = 0.2843

7
A2 = 0.0911 M

Far field stresses o; and oy, are obtained through lamination plate theory
which assumes uniform strain distribution through the thickness of a lami-
nate. This assumption reduces the three dimensional problem to a two di-
mensional one, which simplifies the formulation of the strain energy density
factor S.

In the development of this preliminary model, for simplicity, it was as-
sumed that the through-the-thickness crack grows parallel to adjacent fibers.
This assumption permits omission of the interaction term 2a;2 ki k2 from the
strain energy density factor equation. The relationship for the simplified
strain energy density factor is

S = tl||k|2 + a22k22 (8)

Strain energy density factors for each ply are summed as a damage indica-
tor parameter, and normalized with respect to ultimate compressive or ten-
sile strength of the laminate to obtain the following relationship

_ .fl 2 N f 2 N
§= ( ) Z (Sper ply): + 61‘1‘( - Z (Sper ply); 9
Fu‘- n=1 Fuj n=1
i, j = compression, tension
8 = +1 i#j (tension-compression)
Y —1 i=j (compression-compression)

The parameter S then was used to correlate constant-amplitude fatigue
data for the three laminates. Results, shown in Fig. 7, indicate correlation of
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F1G. 7—Correlation of strain energy density with fatigue life.
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F1G. 8—Stress-ratio correction.

fatigue life for different layups for a given stress ratio —R and value of S.
Subsequently, an empirical relationship F(R) as shown in Fig. 8 was devel-
oped to account for R-ratio effect. This empirical relationship, when applied
to the data presented in Fig. 7, resulted in a correlation of S, and life that
was independent of R ratio, as demonstrated in Fig. 9, where S, = S/F(R). It
is emphasized that S., is used as a correlation parameter, not as a crack
growth model.

This constant-amplitude predictive methodology then was used in con-
junction with two linear fatigue damage models to predict spectrum fatigue
life. The fatigue damage models used are linear strength reduction® and
Miner’s rule. The linear strength reduction modet shown in Fig. 10 is a modi-

SBroutman, L. J. and Sahu, S. in Composite Materials: Testing and Design (Second Confer-
ence), ASTM STP 497, 1972, pp. 170-188.
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FIG. 9—Correlation of equivalent strain energy density with fatigue life.

fied version of Miner’s rule, with the assumption of a linear reduction in the
residual compressive strength due to cyclic loading.

The linear strength reduction model in conjunction with the normalized
strain energy density factor was used to predict fatigue lives of three different
layups subjected to the spectrum loads represented in Fig. 11. The increased
tension spectrum has a maximum tension load approximately two thirds of
the maximum compression load. Correlations of test results and predictions

Stress

‘—Fcu

Miner's Rule Linear Residual

Strength Prediction
n

s S« n
N FResidual = Feu = 2, ™ (Fey ~ )
Strength 1

F .
Residual
Strength > Max

Where: fygax = Maximum
Spectrum
Stress

Linear Residual
Strength Reduction

1 | | | 1

1000 2000 3000 4000 5000 6000
N - Cycles

FIG. 10—Linear fatigue damage models.
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FIG. 11—Methodology development test spectra.

are shown in Fig. 12 along with the experimental data. The comparison be-
tween the linear strength reduction model and Miner’s rule for the matrix
dominated layup subjected to increased tension spectrum is shown in Fig.
13. This comparison shows Miner’s rule to be substantially unconservative
for higher values of test limit stress.

Summary

Constant-amplitude fatigue data for AS/3501-6 graphite/epoxy was used
to develop life prediction methodology. The correlation parameter S., was
developed to collapse constant-amplitude data for different laminates and
stress ratios onto a single line, thus providing the means to account for the
large range of stress ratios that exists in a fatigue load spectrum. In the de-
velopment of S, the dominant damage mechanism was assumed to be ma-
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trix cracking, based on the physical observation of fatigue damaged lami-
nates. The life predictions methodology then was used to predict spectrum
fatigue life of notched laminates, and results were compared with experimen-
tal data. Spectrum prediction accuracy is dependent on the validity of the
linear residuatl strength reduction model.
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ABSTRACT: A conceptual definition of fatigue damage is proposed to assist in the se-
lection of measurement techniques and parameters for correlating damage with fa-
tigue life. To illustrate the concept, a critical review of some typical damage parame-
ters for composite materials is given. A survey of some new techniques for damage
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Fatigue, Fatigue Research, and Fatigue Damage

Fatigue is an interdisciplinary subject. The question, “What is fatigue
damage?”’, has been under extensive study by researchers over the last two
decades. Depending on who asks the question and in what context the ques-
tion arises, a reasonable answer may take anywhere from a one-page essay to
a lengthy report. Since research is still going on, no answer at this time may
be considered complete or noncontroversial. Nevertheless, in my capacity
both as a fatigue researcher and the immediate past chairman of the ASTM
Subcommittee E9.01 on Fatigue Research, I gladly accept the invitation of
the organizing committee to address the question and attempt an answer to
stimulate discussion.

I would like to begin with a few words on fatigue and fatigue research.
Most people learn from experience that nothing lasts forever and every struc-
ture or component we build possesses a finite service life. To avoid unex-
pected or premature failures which often carry economic or safety implica-
tions, it is imperative that a method exist to provide an estimate of that
lifetime under a set of “normal” and *“extreme” service conditions. Before
1960, when our techniques for probing the microstructures of a material

! Physicist (Applied Mathematics), National Bureau of Standards, Washington, D.C. 20234.
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specimen were still primitive, the lifetime of a structure or component was
estimated by subjecting specimens to repeated applications of a typical load
cycle, counting the number of cycles to failure (Ny), and interpreting the data
for a variety of loads and specimen geometries with a simple mathematical
model. This laboratory simulation of failure under cyclic loadings led natu-
rally to the concept of “‘fatigue,” and the word was incorporated officially
into the ASTM vocabulary in 1946 when Committee E9, the parent commit-
tee of E9.01, was founded to promote the development of fatigue test
methods. Fatigue damage, as defined in those days, was simply 1/N; per
cycle for whatever context Ny was measured.

Beginning in the early 1960’s, an explosion of new instrumentation and
concepts took place that altered the course of fatigue research. The availabil-
ity of electron microscopes and sophisticated nondestructive techniques of
probing the microstructure made it possible to monitor fatigue damage by
direct methods. The use of computers in closed-loop testing and in large-
scale numerical simulation of fatigue crack growth improved dramatically
the engineer’s ability to predict Ny. By 1978, when ASTM, the National Bu-
reau of Standards (NBS), and the National Science Foundation (NSF) co-
sponsored an international symposium on fatigue mechanisms [11,% the
technical community through the 200-plus symposium participants was able
to predict that, under a favorable funding climate in the 1980’s, a break-
through in understanding damage mechanisms and predicting fatigue life
from direct measurements would be imminent. Strong interest in accelerat-
ing fatigue research in this direction was expressed again at two subsequent
workshops in 1979 [2,3] and two more in 1980 [4,5].

Consequently, in attempting to answer4he question on fatigue damage, I
would like to share some of the excitement surrounding the current state of
fatigue research. This I intend to accomplish in two stages. The first stage is
to provide the reader with a conceptual definition of damage which could be
used to assess the relative merits of existing and new damage parameters
based on direct measurements. This is done in A Conceptual Definition of
Damage. The power of the definition is illustrated in subsequent sections up
to and including Pitfalls of Fatigue Damage Modeling, with emphasis on
applications to composites. The second stage is to sketch the main findings
of a 5-year-long ASTM E9.01 panel study entitled “Fatigue Damage: Physi-
cal Measurement and Research Opportunities in the 1980's.”” This study was
initiated in 1975 under the auspices of ASTM Subcommittee E9.01 on Fa-
tigue Research, and was conducted by a broad segment of knowledgeable
scientists and engineers whose views were respected in the fatigue commun-
ity. The major findings of the panel report, given in the section summarizing
the study, are intended to complement my answer because they cover not
only the technical but also the manpower and the research support aspects of
the fatigue damage problem.

?The italic numbers in brackets refer to the list of references appended to this paper.
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A Conceptual Definition of Damage

Whether we are interested in a global or local definition of damage, it is
necessary that the concept of Ny, the number of cycles to failure, be retained
as a fundamental parameter. A large amount of data on Ny as a function of
material variables, load and temperature variables, specimen geometry vari-
ables, etc., are already available in the open literature. To formulate a con-
ceptual definition of damage, we introduce a nondimensional variable x
which is defined as the ratio of n, the cycle number, to Ny, that is, x = n/Ny.
We also introduce, without specifying how one measures damage, a nondi-
mensional, nonnegative scalar quantity A, to be called the damage parame-
ter, with values between 0 and 1, such that A is a function of x satisfying the
following simple criteria

A=f(x); fO=0, f(I)=1 1y

For convenience, we have suggested in these criteria the existence of an in-
itial state that is ““damage-free.”” It can be shown that this assumption is not
restrictive and the conceptual nature of the damage definition is preserved if
Eq 1 is changed to read f(0) = a, f(1) = 1 + a, and a is some measurable
quantity characterizing the initial damage state of the material. We have
adopted the nondimensional quantity 1 + « as a measure of the final dam-
age state because most of us are interested in the net amount of damage a
material can sustain during service, and we denote that amount symbolically
as 1.

Let us now introduce a physical concept that is at the heart of the damage
definition. If A is indeed a state variable which changes with x, then it stands
to reason to assume that the rate of change of A, that is, dA/dx, should de-
pend strongly on the state variable A. Without knowing anything about
either the quantity A or the relation between dA/dx and A, it is natural to
postulate, as a first approximation, that the damage rate varies linearly with A

dA ,

o kA +k 2
where k and k’ are two constants of which only one is available as a free pa-
rameter to fit the experimental data. The solution to Eq 2 with Eq 1 is

e — 1

& —1

Fork#0, A=f(x)= 3

* This definition is clearly restrictive in the sense that we assume (a) a single measurement is
adequate to describe the state of a local region or the entire specimen, (b) there exists a failure
state such that the measurement made for that state can be used to normalize the data for all
cycle ratios between 0 and 1, and (¢) within the context of this formulation, no provision is made
for any dependence on stress, temperature, frequency, etc. As will become clear later in this
paper, the underlying goal of introducing this conceptual definition is to provide a powerful
screening tool for assessing the relative merits of measurement techniques for fatigue research.
For specific applications, this definition undoubtedly needs further refinement.
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For k — 0, this solution has a limit given by A=f(x)=(kx +. . .}/
(k + . . .)or A = x. This is the solution that corresponds to the ad-hoc def-
inition of damage mentioned in the previous section where the damage per
cycle, A/ n, equals x/n or 1/Ny. A plot of the relation given by Eq 3 for typi-
cal values of k ranging from —4 to +4 is given in Fig. 1.

Let us consider three regimes of cycle ratio x to assist in the interpretation
of Eq 3:

Regime 1: 0 < x < x;. Remark: damage incubation period.*
Regime 2: x; < x < x,. Remark: damage sharing period.*
Regime 3: x; < x < 1. Remark: damage runaway period.’

Assuming a typical value of x; = 0.2, we see from Fig. 1 that the curve as-
sociated with kK = —4 would yield a more sensitive damage parameter for
Regime 1 than those associated with k = 2 and 4. Similarly, if we take x; to
be 0.8 and again look at Fig. 1, the curve given by k = 4 should be preferred
over all others in selecting a damage parameter for Regime 3. The common
thread in this discussion is the need to calibrate the sensitivity of each dam-
age parameter or the associated measurement technique such that a range of
applicability can be established for specific purposes. The fact that Eq 3 can
be used to bring out this crucial feature of damage measurement is interest-
ing in the sense that a single parameter k may serve as a guide in distinguish-

1.0

Damage Parameter A

0 0.2 04 0.6 0.8 1.0
Cycle Ratio x (=n/Ny)

FIG. 1—A one-parameter family of damage versus cycle ratio relations.

* These two regimes, when combined, correspond to the so-called initiation stage.
* This regime corresponds to the so-called propagation stage in the fatigue literature.
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ing one damage parameter from another. In the next three sections, the con-
ceptual definition of A as displayed in graphical form in Fig. 1 will be
employed to review critically the state of fatigue research and damage modeling.

Damage Parameters for Composites: A Critical Review

In a review article by Stinchcomb and Reifsnider [6] presented at the 1978
ASTM-NBS-NSF symposium on fatigue mechanisms, the authors concluded
that ““fatigue behavior is one of the least understood areas of response, due,
in part, to our incomplete knowledge of basic fatigue mechanisms in compos-
ite materials [6, p. 786]. They based their conclusion on the observation
that even though we have identified many failure mechanisms such as fiber
fractures, fiber buckling, matrix cracking, matrix crazing, fiber debonding,
ply delamination, etc., ““a systematic investigation of the precise nature of
damage development . . . has not been undertaken” [6, p. 777]. When asked
by one of the symposium participants (H. Lamba of International Harvester,
Hinsdale, Ill.) on fatigue mechanisms of a laminated composite, W. W.
Stinchcomb gave a succinct explanation of the difficulties as shown in this
excerpt from Ref 6, pp. 784-785:

H. Lamba (discussion)—Let us assume that we know the failure modes of
polymers and the failure modes for fibers by themselves. Can we from
mechanisms of polymers and from fibers quantify what effect the mecha-
nisms will have when you put them together in the laminated composite?

W. W. Stinchcomb—We can get some idea of how the laminate is going to
behave; however, when you have just properties of fibers or failure mecha-
nisms of fibers and properties or failure mechanisms of matrix material, you
have neither the fiber-matrix interface nor the properties of that interface.
The way the interface interacts with the matrix and with the fibers is quite
important in determining fatigue damage initiation in composite materials.

To illustrate the difficulties of characterizing the fiber-matrix interface, let
us examine four typical damage parameters as reported in Refs 7, 8, and 9:

A, = normalized residual tensile strength;

A; = maximum damage length (over all damage lines recorded on X-ray
films);

A; = number of debonded fibers (including fractions over a fixed region);
and

A, = total resin crack length (over a fixed size of an optical micrograph).

In Fig. 2, we reproduce the data reported by Tanimoto and Amijima [7]
who chose the ratio of the residual tensile strength o to the ultimate strength
ou: as a damage parameter (A, = o/0our, our = 222 MPa) for a glass fiber
reinforced plastic with 29.3 percent volume of glass content. Specimens were
subjected to a uniaxial zero-tension fatigue loading with the maximum stress
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Normalized Residual
Tensile Strength A,

0 0.2 0.4 0.6 0.8 1.0
Cycle Ration/N,

FIG. 2—Damage versus cycle ratio for a glass fiber reinforced plastic under zero-tension fatigue
loading with Omax/ 0w = 0.40, oux = 222 MPa, Ny = 1.057 X 10%, A, = o/ous. After Ref 7.

amplitude equal to 40 percent of o, at a frequency of 30 Hz. The measure-
ment technique is destructive and macroscopic.

To assess whether A, as reported in Fig. 2 is a viable candidate of damage
parameter for further fundamental research, let us make a simple transfor-
mation, that is

1= A
0.4

This brings the curve in Fig. 2 to the type of curves exhibited in Fig. 1. The
constant k characterizing the curve in Fig. 2 is estimated to be about —5. One
may conclude at this point that A, satisfies the criterion of being a sensitive
damage parameter for fatigue cycle Regime 1 (damage incubation period),
but fails a consistency criterion owing to the large scatter of data in that
regime.

In Fig. 3, we reproduce the data reported by Chang and his co-workers [8]
who designed a graphite/epoxy laminate specimen with a center slit and
monitored the development of damage lines near the slit by taking periodic
X-ray pictures with the images enhanced through the introduction of an
opaque additive. Of all the damage lines identified and measured on X-ray
pictures, the maximum was taken as a measure of fatigue damage. The data
in Fig. 3 were obtained for four laminates with ply orientation of (0/145)s,
each of which was subjected to a zero-tension fatigue loading at 5 Hz with the
maximum stress amplitude indicated in the figure. Even though the stress
levels varied from 120 to 160 MPa (17.4 to 23.2 ksi), Chang et al [ 8] reported
that their corresponding N's stayed close to 2 X 10° as shown in Fig. 3.

To evaluate Ay, one can perform a transformation similar to Eq 4 for each
of the four curves in Fig. 3, and the resulting values of k range from 0 to 1.5.

4)
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The parameter fails both the sensitivity criterion (because two of the four
curves are too flat) and the consistency criterion if it is intended to apply
over a range of stress levels of interest to the damage investigator. It is, how-
ever, important to recognize that the measurement technique is nondestruc-
tive and microscopic. A different choice of the damage parameter may yield
a powerful tool that is both sensitive and consistent. In short, the technique
is more promising than the parameter.

Using optical microscope and conventional photography, Owen and
Howe [9] observed the development of damage at several sites of the pol-
ished edge of a glass chopped strand mat/polyester resin specimen during
either fully reversed or zero-tension fatigue loadings at 1.7 Hz. For a fixed
region at each site, the total number of debonded fibers including fractions
estimated from the micrographs was recorded as damage parameter A3, and
the total length of resin cracks, also over a fixed region, was measured as As.
We reproduce their data at six sites for two loadings in Fig. 4 and three load-
ings in Fig. 5 for a critical assessment. More details on the experiment [9] are
omitted here for brevity.

Qualitatively speaking, the six curves in Fig. 4 suffer from a lack of ade-
quate data in both Regime 1 (damage incubation period) and Regime 3
(damage runaway period) where the parameter A; appears to be sensitive
enough to be useful. In addition, the measurement technique contains a
judgmental component on the estimate of partial debonding, which could
lead to a large variability due to human factors. The plotting of data from
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two different types of fatigue loading in Fig. 4 is more confusing than shed-
ding any light on the curious conclusion by the authors that *‘the fatigue
damage was substantially independent of stress conditions” [9, p. 1643].
Much more data would be needed to prove or disprove that assertion. For
the data on hand, one cannot even assess whether A; is a viable candidate or
not. What is obvious in Fig. 4 is the message that a composite may be locally
homogeneous in microstructure geometry but is likely to be locally inhomo-
geneous in material properties and failure mechanisms.

The damage parameter A4 as shown in Fig. 5 is the most promising of all
examined so far. Using a transformation similar to Eq 4, we can interpret
those six curves with a value of k close to —3. The parameter satisfies both
the sensitivity and the consistency criteria and deserves recognition as a via-
ble candidate for Regime 1 (damage incubation period).

Direct Measurement of Damage: A Brief Survey

So far, we have examined four damage parameters for composite mate-
rials and found one, the total resin crack length, satisfying our sensitivity and
consistency criteria. Buck and Alers [10] have put together an excellent re-
view of new techniques for detection and monitoring of fatigue damage.
These techniques have been applied to pure and not so pure materials includ-
ing metal alloys, ceramics, and composites. In this brief survey, I have se-
lected five surface and one volumetric measurement techniques, all nonde-
structive, to illustrate the concept developed in the Conceptual Definition of
Damage section. The six techniques and the appropriate references describ-
ing them are given here:

Positron annihilation and lifetime measurement. Sec Ref /1.
Photo-stimulated exo-electron emission method. See Ref 12.
X-ray diffraction method. See Ref 13 and 14.

Optical correlation holographic method. See Ref 15.

Surface temperature measurement technique. See Ref 6.
Small angle neutron scattering (SANS) method. See Ref 17-21.

N bW

Eight additional damage parameters, denoted by As through A2, are dis-
played in Figs. 6 through 16 to show the richness of the current advances in
fatigue monitoring instrumentation. With the exception of the data on As in
Figs. 6 and 7, most of the information given in the plots is sclf-explanatory.
The main thrust of this section is to discuss the typical output of each mea-
surement technique and assess accordingly.

In Figs. 6 and 7, we reproduce the results reported by Tien and his co-
workers [ 11] on measuring the positron lifetime in metals as a technique for
studying surface defects. In Fig. 6, the first slope yields 7 (attributable to va-
cancies in the metal) and the second slope, r; (associated with an increase in
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dislocation density). In Fig. 7, a one-to-one relationship between 72 and a pro-
posed damage parameter As equal to the total stress range from the hysteresis
curve of a strain-controlled experiment for a monocrystalline material (Mar-
M-200), was used to show that in effect the positron lifetime 7, could serve as
a viable damage parameter. A transformation of the damage parameter sim-
ilar to Eq 4 brings the curve in Fig. 7 to conform with one of those curves in
Fig. 1 with k = —4. Positron lifetime is therefore a good damage parameter
for fatigue Regime 1 (damage incubation period).

The other four surface measurement techniques and the damage parame-
ters generated by them are: (a) Photo-stimulated exo-electron emission method
as applied to commercially pure aluminum (Al 1100) in two different hard-
ness conditions by Buck and his co-workers [ 12] with their data reproduced
in Fig. 8; (b) X-ray diffraction method as applied to aluminum Al 2024-T3
by Weissmann et al [13] and Pangborn [14] with their data reproduced in
Figs. 9 and 10; (¢) Optical correlation holographic method as applied also to
aluminum Al 2024-T3 by Haworth and his co-workers [15] with their data
reproduced in Fig. 11; and (d) Surface temperature monitoring by thermo-
couples and temperature sensitive coatings and strips as applied to E-Glass/
Epoxy laminate (+45°)s by Nevadunsky and his co-workers [ /6] with their
data reproduced in Fig. 12. All curves in Figs. 8 through 12 can be inter-
preted using Eq 3 and a transformation similar to Eq 4. It suffices to say that
the damage parameter Aq in Fig. 8 is good for Regime 1, A; in Fig. 9 appears
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F1G. 8—Photoyield of commercially pure aluminum versus Cycle for two material states (HO,
well-annealed; H14, work-hardened). Specimens were of cantilever beam type and flexurally fa-
tigued to 0.3 percent emax. After Ref 12.
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viable also for Regime 1 even though we could use some more data, As in
Fig. 10 appears very good for Regime 2 (damage sharing period), and As and
Ay in Figs. 11 and 12 look very promising for Regime 3 (damage runaway
period). The validity of these observations rests, of course, on the specific
material, specimen geometry, and loading for which the damage data were
generated.

The last of the group, the SANS technique, which is nondestructive and
volumetric, happens to be one of the most exciting developments in micro-
structure measurement in recent years. The use of a neutron beam instead of
the X-ray is to replace, in terms of data analysis, the scattering length of an
electron by the coherent scattering length of the atom. Hendricks, Schelten,
and Schmatz [ /7] applied this technique to 99.9999 + percent — pure alu-
minum single crystals of dimensions 25 mm diameter by 38 mm long, which
were irradiated to fluences between 0.3 and 2.0 X 10! n cm™ at 57°C to pro-
duce an observable distribution of voids. A comparison of their data with
those from transmission electron microscopy (TEM) which sampled only a
very small portion of the crystal is given in Fig. 13. Page, Weertman, and
Roth [ 18] reported the change of the void distribution curves due to fatigue
of high purity (99.999 percent) copper specimens at elevated temperatures,
using the same technique. Their data for 405°C are reproduced in Fig. 14,
and their proposed damage parameters, Aj; and Aj,, corresponding to data
for 567°C are displayed in log-log plots in Figs. 15 and 16. Based on all the
information reported in Ref 18, it appears that both damage parameters arc
promising candidates not only for Regime 1, as one would expect for void
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nucleation during the damage incubation period, but also for Regimes 2 and
3 as well. As a nondestructive technique of monitoring certain features of a
microstructure, the SANS method has been applied to Inconel 700 and In-
conel X-750, as reported by Cortese et al [ /9], and it will not be long before
we shall see more such results as more SANS facilities become available. For
a review of the method and some recent applications, the reader may consult
Ref 20 and 21.

Pitfalls of Fatigue Damage Modeling

Having passed judgment on a total of twelve damage parameters based on
a simple conceptual definition of damage and a three-regime allocation of
the viability of those parameters, I am obliged to qualify my enthusiasm with
a few words of caution. We are all aware that the ultimate goal of measuring
fatigue damage is to be able to predict Ny with confidence. The natural ques-
tions to ask are: how close are we to that goal, and if not close, why?

For some limited class of materials in a very restricted range of applica-
tions, engineers have conducted a large amount of tests to ensure that we can
indeed build some structures or components with confidence.® But that ap-

¢ In addressing the international symposium of fatigue mechanisms [ 7], I estimated that we
spent worldwide close to one billion U. S. dollars a year on fatigue testing to provide the data-
base for fatigue design. See p. 730 of Ref 1.
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proach is both costly and time-consuming. Without a fundamental under-
standing of fatigue, the approach based on testing at a macroscopic level is
inadequate to simulate real-time degradation or to predict residual life for a
structure or component in service. A systematic study of microstructural
changes due to fatigue, using the latest instrumentation for observation and
measurement as mentioned in the last section, must be carried out to achieve
that ultimate goal. Five discrete processes of this study have been identified
by ASTM Subcommittee E9.01 in their panel study report, a summary of
which will appear in this paper following this section. They are: (¢) Mea-
surement; (b) Data Analysis; (¢) Nonlinear Modeling; (d) Physical Modeling
of Fatigue as an evolutionary and thermodynamic process involving the
onset of micro- and macro-stabilities; and (¢) Codes and Standards Develop-
ment for fatigue analysis and decision-making. The purpose of this section is
to discuss fatigue damage modeling in general and some selected pitfalls in
particular.

Fatigue damage modeling is difficult and expensive primarily for two
technical reasons. The first is the enormous scale that separates the atomic
level (107" to 10™* m) where understanding begins, through the subgrain,
grain, and specimen levels, to the component and structure levels (1072 to
10> m) for which the prediction of the model is intended. The second reason
is the impossibility of producing ‘“identical” specimens with well-character-
ized microstructural features for controlled experimentation. The two, when
combined, provide the basis for answering the earlier question in the nega-
tive, that is, we are far from the goal of having a general method of predict-
ing Ny. To focus a little more on this difficulty, we can think of Ny at several
levels, namely, N°®V, Njepecimen) | fstructure) ‘o1 Since Ny is used often as a
normalizing constant, a confusion about which level Nfits in can be a source
of modeling difficulty. In particular, let us examine Figs. 17 and 18 which
correspond to the data reported by Owen and Howe [9] and reproduced in
this paper as Figs. 4 and 5, respectively. The information summarized in
Figs. 17 and 18 is misleading because the authors failed to recognize an im-
portant distinction between the concept of N,*P***™*® a5 defined by macro-
scopic data and the concept of N/"**" at six sites along the edge of the speci-
men as defined by the damage data. By normalizing their damage data with
respect to the individual values of damage at N/**“™ rather than N/,
the latter being unmeasurable and therefore unknown, the authors intro-
duced two erroneous assumptions in arriving at a scatter band for the nor-
malized data: (a) The unknown N/"°°® at each site equals N/***™*, and (b)
the partially damaged states, as numerically quantified by the individually
normalized damage parameters given in Figs. 17 and 18 are ““additive” both
temporally and spatially to yield a global measure of damage. In short, with-
out submitting a reasonable analysis of the microstructural equilibrium of
the composite during fatigue, the reduction of data from Figs. 4 and 5 to
Figs. 17 and 18 is premature. This type of pitfall in damage modeling due to
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a confusion over scale is unfortunately rather common in the fatigue
literature.

Another type of pitfall is in oversimplification. A case in point is given in
Fig. 19, which is also due to Owen and Howe [9]. Based on the observation
that the improperly normalized total resin crack length curve (labelled A in
Fig. 19) and extrapolated but correctly normalized residual tensile strength
curve (labelled B) are similar in form, Owen and Howe first proposed a non-
linear model to fit A and B, and then argued on the ground of inevitable
scatter in fatigue testing that “a linear representation (curve C) may be ade-
quate.” This oversimplification is both incorrect and unconservative because
(a) our analysis in the Damage Parameters section shows that both damage
parameters are appropriate for Regime 1 but not sensitive enough to support
a full-range model, and () the linear model underestimates n/Nyin Regime |
and thus overestimates N; for a fixed n for which damage is measured.

Another difficulty in damage modeling is in knowing where to draw the
line between two regimes of fatigue cycling. Manjoine [22] displays a generic
curve as shown in Fig. 20 where the message is that for low total strain range,
Regimes 1 and 2 occupy about 95 percent of Ny whereas for high total strain
range, the two regimes last no more than 5 percent. In this notation, our Re-
gime 3 (damage runaway period) corresponds to Manjoine’s period of prop-
agation. Is there a quantitative basis for this curve? Yes, but only for a few

1.0

Damage A

0 0.5 1.0
Cycle Ratio n/N;

FIG. 19—Damage parameters versus cycle ratio for a class of glass/polyester resin specimens:
A, resin crack accumulation (Fig. 18); B, reduction of residual strength; C, approximate linear
damage rule. After Ref 9.
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materials in a limited range of applications. The curve of Fig. 20 is not true
in general and can be misleading in the hands of a policy maker in fatigue re-
search funding. This is the pitfall of false generalization.

Elsewhere in this publication is a paper by Morris and Hetter [23] which
discusses the fractographical technique of failure analysis and points up the
importance of observing striations in both the fiber and the epoxy in damage
studies. A typical output of that study is given in Fig. 21 from which they
conclude that “this plot . . . indicates that the maximum compressive
strengths that resulted in striation formation were somewhere between 65
and 80 percent of the ultimate compressive stress.” The lack of a reasonable
effort on data acquisition and data analysis in reaching a conclusion, no
matter how tentative, is a pitfall common to many modeling activities re-
ported in the literature.

Summary of an ASTM E9.01 Panel Study on Fatigue Damage

In response to a natural desire of the public to avoid unexpected or prema-
ture failure of structures or components, engineers began in the 1960’s to in-
troduce fatigue design requirements with appropriate safety factors into
codes and standards for all new aircrafts, pressure vessels, and nuclear com-
ponents. Fatigue design of buildings, bridges, pipelines, and automobiles
" soon followed. It is expected that the trend will continue into the 1980’s so
that by the end of this decade, we shall expect all safety-related man-made
structures and components, including ships and offshore oil-drilling plat-
forms, to withstand fatigue failure.

During the middle of the 1970’s, the public reacted to the world-wide crisis
of energy and material shortages by investing less in the acquisition of new
equipment and more on proper maintenance of existing equipment to pro-
long its service life. To accelerate the development of a credible methodology
for fatigue damage estimate and life prediction, ASTM Subcommittee E9.01
began a concerted effort to identify in a three-part study the overall research
needs and opportunities of the technical community on the question of fa-
tigue damage. An ad-hoc panel consisting of officers of E9.01 and its parent
committee E9 as well as numerous invited contributors from the broad na-
tional and international community of fatigue researchers was given a five-
year time frame to () collect factual information and opinions on fatigue re-
search through interviews and laboratory visits from 1975 to 1980, ()
organize an international symposium on fatigue mechanisms (Kansas City,
1978) and publish a complete proceedings including discussions and closures,
and (c) report findings on research needs and opportunities in the 1980’s for
debate and dissemination at an ASTM conference (Bal Harbour, 1980). As
chairman of that study panel and editor of the panel report [24], I am
pleased to summarize the major findings of the consensus document as ap-
proved by the subcommittee in November 1981 at its St. Louis meeting:
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Technical Finding: Current knowledge on damage measurement, data analy-
sis, nonlinear modeling, micro-mechanics, surface science, and other disci-
plines related to fatigue research, is adequate to foster a favorable climate
for major breakthroughs if both manpower and funding requirements are
met,

Manpower Finding: Fatigue training at the doctoral and master levelsin U. S.
educational institutions appears to be less emphasized while continuing ed-
ucation courses in fatigue and on-the-job training in fatigue testing at indus-
trial and governmental laboratories are popular as a result of an increase in
fatigue design code requirements and testing facilities.

Research Support Finding: Government support by civilian agencies tends
to decrease while that from the military will hold constant unless a case is
made to bring fatigue research’ into the forefront of materials science as a
line item in a budget document. Industry support is difficult to forecast due
to uncertainty in economy and regulatory decisions.

In addition, the panel recommended the pooling of experimental, analyti-
cal, computational, and managerial resources from academic, governmental,
and industrial centers of fatigue research to contribute to a systematic study
consisting of five discrete processes as mentioned previously in Pitfalls of Fa-
tigue Damage Modeling. This recommendation stemmed from the panel’s
recognition that a fundamental study of the complete problem of fatigue
damage is beyond the capability of any single group or individual.

Concluding Remarks

Fatigue damage at three microscopic levels (107 to 107 m; 10%t0 10 m;
and 107 to 10™ m) in simple, composite, and multi-phase materials can be
quantified by recently developed surface and volumetric measurement tech-
niques. Of the twelve damage parameters examined in this paper, ten have
been found sensitive and consistent enough to qualify for accelerated appli-
cations in fatigue damage research. A simple and nonlinear form of the
damage A versus cycle ratio x relation

-1

A="—l’ k#0,0=x=<1 &)
& —
which corresponds to the physical notion that the rate of damage, dA/dx,
depends linearly on A as a first approximation, has been found useful as a
concept in assessing the relative merits of damage parameters and measure-
ment techniques.

Five discrete processes of fatigue research leading to the ultimate goal of

" Fatigue research, as defined by ASTM E9.01, includes all activities aimed at achieving an
understanding of the fatigue process. In this context, we exclude a large amount of testing activi-
ties which generate data primarily for engineering decision-making.
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predicting fatigue life from direct or indirect measurements of damage, have
been identified by an ASTM panel in a five-year-long study on fatigue dam-
age. These processes are: (a) Measurement; (b) Data Analysis; (¢) Nonlinear
Modeling; (d) Evolutionary and Thermodynamic Theory; and (e) Codes and
Standards Development. Only two of the five, namely (a) and (c), are dis-
cussed in this paper. Based on my own work in data analysis [1, pp. 729-758;
25], evolutionary and thermodynamic theory [26,27,28], and codes and
standards development [29,30], and the major technical finding of the
ASTM E9.01 study panel on fatigue damage [24], I strongly believe that a
systematic study of the complete problem of fatigue damage is now techni-
cally feasible.
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Summary

In order to maximize the transfer of information to the reader, and to pro-
vide a convenient brief but precise source of information to readers who use
this summary as a major source of information from this book, the material
that follows will be organized into two major sections. The first section will
review each paper specifically in the order of appearance in this volume. The
second section will address specific subject areas and attempt to bring the in-
formation in the individual papers together to make some collective state-
ment about those subjects. While every attempt will be made to present an
objective commentary, the reader is reminded that this summary is an indi-
vidual effort, and is encouraged to read and study the details in each of the
papers.

The parent symposium was organized under a very specific (albeit very
long) title. The papers which were presented, and those that appear in this
book, were categorized, however, under just two headings, ‘“Damage Mech-
anisms: Accumulation and Nondestructive Investigation” and ‘“‘Damage
Mechanisms: Tolerance and Characterization.” The introductory paper by
Mordfin is titled “Toward the Nondestructive Characterization of Fatigue
Damage in Composite Materials.” The title of that paper makes the point
that much of the “damage” referred to in the conference presentations and
in this Special Technical Publication is damage that is induced by fatigue
loading, and most of the ‘“‘characterization”’ to be discussed will be based on
nondestructive testing and evaluation schemes. Mordfin develops a number
of strong points having to do with the general philosophy of characterizing
fatigue damage. But his central theme, briefly, is that people who have spe-
cialties in nondestructive evaluation frequently are not directly associated
with experts in the mechanical behavior of composites, and even when such
an association is present, the two types of expertise often must be combined
in very unconventional ways to solve problems. He supports his premise
with a case history of a failure analysis of glass-polyester pultruded rods used
as guys for towers and arrays. It happens that those rods failed by propaga-
tion of hairline cracks that were induced by shock tension followed by an in-
cubation period of considerable length, a fact that was identified only after
some very unconventional and interdisciplinary activity.
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The paper by Sendeckyj, Maddux, and Porter deals with ‘“Damage Doc-
umentation in Composites by Stereo Radiography.”” The subject method is a
laboratory scheme for obtaining three-dimensional information for our ra-
diographs made by translating or rotating the specimen relative to the X-ray
source between otherwise identical radiographic exposures. This paper is
very thorough and provides an excellent discussion of the technical details
involved in the method. A demonstration of the technique also is provided
using radiographs of damage around the center hole in [(0,145,90),]. graph-
ite epoxy induced by constant amplitude fatigue loading. The damage was
enhanced by an opaque penetrant material, tetrabromoethane (TBE) in this
case. Matrix cracks and delaminations were identified, and earlier work in
which fiber fractures were detected was cited. A discussion of the manner in
which the depth of detail influences the changes in each radiographic image
as the specimen is rotated or translated suggests methods for quantifying the
spatial distributions observed.

Morris and Hetter address the tedious subject of ‘“Fractographic Studies
of Graphite/Epoxy Fatigue Specimens,” using scanning electron microscope
and fluorescent penetrant methods. Overload and fatigue fracture patterns
in graphite/epoxy laminates were examined. A variety of distinctive charac-
teristic topological features were identified and associated with different
modes of failure. Perhaps the salient results of the work are the identification
of *“hackles’ which relate to the fracture path (and origin) of overload fail-
ure, and the identification and characterization of “striations” or arrest
marks which relate to tension-compression fatigue fractures.

Further evidence of fatigue damage is presented in the paper by Masters
and Reifsnider, “An Investigation of Cumulative Damage Development in
Quasi-Isotropic Graphite/Epoxy Laminates.” Fatigue damage development
in the off-axis plies of [0,+45,90]; and [0,90,%45); graphite/epoxy laminates
under quasi-static fatigue loading was studied using surface replication and
opaque-penetrant-enhanced X-ray radiography. The development of matrix
cracks, crack coupling, and delamination was followed as a function of load
level and cycles of loading. Stacking sequence was found to have a major ef-
fect on the development of all three types of damage observed. The forma-
tion of transverse matrix cracks (across the width of the specimens) was
found to stabilize when a characteristic crack spacing of cracks had formed
in each off-axis ply. That characteristic crack spacing was called the “‘charac-
teristic damage state,” a stable matrix crack arrangement which was deter-
mined by lamina properties and thicknesses, and the laminate stacking se-
quence—a laminate property. The same characteristic damage state was
found to form under quasi-static or fatigue loading.

Kriz and Stinchcomb studied ‘Effects of Moisture, Residual Thermal
Curing Stresses, and Mechanical Load on the Damage Development in
Quasi-Isotropic Laminates.”” The same types of laminates and material as
those used in the previous paper by Masters and Reifsnider were used for this
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study, making comparisons especially meaningful. Moisture was the princi-
pal experimental variable in the experiments. Surface replication was used to
follow matrix crack and delamination development. Statistical analysis of
strength data from quasi-static and residual strength (following fatigue load-
ing) tests was conducted. An extensive analysis of ply and edge stresses was
performed using a plane-strain finite element method. Variations in residual
stresses and threshold stress levels for crack and delamination formation
were calculated by using Young’s modulus and shear modulus values which
were reduced (by 25 and 27 percent, respectively) in the presence of a 1.2 per-
cent moisture weight gain. It was found that the initiation and development
of damage was greatly influenced by moisture, as predicted from the analy-
sis, but that the characteristic crack spacings and the final damage state prior
to failure were altered only slightly, also as predicted. Final strengths were
influenced in a correspondingly minor way.

The only metal matrix investigation was reported by Johnson, who stud-
ied the ‘“Mechanisms of Fatigue Damage in Boron/Aluminum Compos-
ites.” The paper addresses “shakedown” in 0-deg specimens, saturation
damage states, stacking sequence effects, and variable load history effects.
Damage was represented collectively by the percent of initial unloading elas-
tic modulus remaining after N cycles. When that quantity reached a stable
value following cyclic loading, no more damage accumulated and fatigue
failure did not occur. When that quantity did not change at all, the threshold
of damage accumulation was defined. That threshold corresponded to the
shakedown limit (fatigue damage initiation stress) below which the matrix
strain hardens such that only elastic deformation occurs under subsequent
load cycles. Damage was detected by etching off successive layers of mate-
rial. An elastic-plastic analysis is presented which described these events. For
a variable load history it was found that the specimen formed the saturation
state which corresponded to the largest stress range.

“Stiffness-Reduction Mechanisms in Composite Laminates” was dis-
cussed by Highsmith and Reifsnider. The paper is entirely concerned with
the relationship between stiffness changes and crack formation in off-axis
plies in a multiaxial laminate. In order to isolate and exaggerate this effect
for study, [0,901s, [903,0]s, [0,90]; and [0,145]; glass epoxy specimens were
tested under quasi-static and fatigue loading. Characteristic damage states,
as discussed in the paper by Masters, were observed. Changes in E;, vxy, Gxy,
and D,, were measured. Changes of up to 74 percent were observed. Two
analyses were discussed. A shear-lag one-dimensional analysis developed by
the authors showed good agreement with the observed E;, changes as a func-
tion of crack density. The more conventional laminate analysis discount
method was used to predict maximum changes in all of the tensor values
measured with agreement that was satisfactory in some cases but not satis-
factory in other situations.

Transverse crack formation, as well as delamination, was studied also by
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Crossman and Wang in their paper titled *“The Dependence of Transverse
Cracking and Delamination on Ply Thickness in Graphite/Epoxy Lami-
nates.” The tensile fracture sequence of (25,—25,90,); and (25;,—25,,90;)s
T300/934 laminates was studied and reported, with the general goal of de-
termining the degree of structural modeling necessary to predict fracture in
such laminates. Incremental tensile loading and diiodobutane (DIB) en-
hanced radiography were used to examine the damage. The onset strain for
transverse cracking, delamination, and final fracture all showed a strong de-
pendence on the number of repeated 90-deg plies above a threshold thickness
which corresponded to the initiation of edge delamination before failure.
Transverse crack initiation levels showed strong dependence over the entire
range of 90-deg ply thicknesses and was entirely precluded for n = 1/2,1.
The authors found that a shear lag model predicted crack densities as a func-
tion of strain well, but underestimated maximum crack densities when a
characteristic crack spacing was reached. An energy release rate analysis de-
vised by the investigators predicted the dependence of transverse crack initi-
ation on ply thickness but was not as satisfactory for delamination initiation
predictions.

O’Brien continues with a thorough discussion of the ““Characterization of
Delamination Onset and Growth in a Composite Laminate,” specifically in
[+30,£30,90,); graphite/epoxy laminates. DIB enhanced X-ray radiographs
were used to follow delamination growth during fatigue loading. Laminate
stiffness was observed to change linearly with delamination size. Two ana-
lyses (a quasi-three-dimensional finite element analysis and a modified lami-
nate analysis) were used to calculate stiffness loss and total strain energy re-
lease rates. A critical energy release rate for delamination growth was
calculated and used to predict the onset of delamination in [+45,,—45,,
01,90,)s (n = 1,2,3,) laminates with success. A delamination R-curve was de-
veloped to characterize stable growth under monotonic tensile loading, and
a power law relationship between the strain energy release rate and fatigue
induced delamination growth rate was developed. All relationships were
verified with experimental data obtained by O’Brien.

Wilkins, Eisenmann, Camin, Margolis, and Benson also discussed “Char-
acterizing Delamination Growth in Graphite Epoxy.”” However, they con-
centrated on the design of test specimens (and methods) to study Mode I and
Mode II (forward shear) subcritical delamination growth and related strain
energy release rates. A three-dimensional finite element method employing
virtual crack closure was incorporated to interpret data from a lap-shear test
specimen. A double cantilever beam specimen was used to obtain Mode 1
data. It was found that the critical release rate G, (for a 0/0-deg interface)
was about 0.1 of a common value for structural adhesives and about half the
G e value. However, for fatigue, the growth rate exponent for Mode I was
found to be high; hence, at design levels such delaminations grew slowly.
Mode II delamination growth rate exponents were lower (comparable to
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Mode I in aluminum), suggesting that it is a predominant fatigue mode. It
was found also that constant-amplitude data could be used in a simplified
analysis to predict successfully spectrum crack growth.

A third delamination investigation was reported by Ramkumar; his sub-
ject was “Compression Fatigue Behavior of Composites in the Presence of
Delaminations.” Three quasi-isotropic T300/5208 laminates were tested.
Delaminations were introduced by imbedding Teflon strips at chosen inter-
faces at various positions through the specimen thickness. Flaw growth was
monitored using DIB enhanced radiography. Half-life residual strength data
were recorded. When delaminations were positioned near the centerline of
the specimen, no stable growth was observed. (Delamination growth was un-
stable under static loading in all cases). Delaminations which did grow during
fatigue loading were located near a surface and below a 0 or 45-deg ply
which “‘buckled out” in the delaminated region during cyclic load variations.
Residual strength values indicated that relatively little strength variation oc-
curred at the half-life of the specimens even when delaminations grew.

Ratwani and Kan discussed “Effect of Stacking Sequence on Damage
Propagation and Failure Modes in Composite Laminates.”” Four different
stacking sequences were studied. Tension-compression fatigue loading was
applied and damage was followed by DIB enhanced X-ray radiography. The
material system was AS/3501-6 graphite epoxy. All specimens had a one-
quarter width center hole. Interlaminar stresses were calculated using a finite
element program (NASTRAN). For the laminates examined, interlaminar
shear stresses seemed to be a more likely source of delamination initiation
than interlaminar normal stresses judging from a comparison of the stress
analysis and experimental results. Other things being equal, there also
seemed to be a preference for delamination to initiate near a surface.

Badaliance and Dill addressed “Damage Mechanism and Life Prediction
of Graphite/Epoxy Composites™ for compression dominated spectrum load-
ing of center-hole specimens of AS/3501-6 graphite/epoxy laminates domi-
nated by 0 and 45-deg plies. TBE enhanced X-ray radiographs were used to
follow damage around the hole. A damage correlation parameter was devel-
oped by summing strain energy density factors for each ply under the as-
sumption that fiber-direction matrix cracking dominates the failure mode.
The resulting parameter sum was used to correlate data from different lami-
nates tested at different stress ratios. Then the constant amplitude (col-
lapsed) data were used, along with a linear damage rule to predict spectrum
fatigue life. Predictions were compared to data for three laminates, also
dominated by 0-deg (16 percent) and 45-deg (80 percent) plies. Agreement
was satisfactory.

The concluding paper by Fong brings together a number of concepts and
attempts to make an assessment of the “‘state of the art.”” The paper begins
by discussing twelve different damage parameters extracted from the litera-
ture, in the context of their sensitivity to damage throughout the life of var-
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ious materials and their consistency, Data from the literature for each of the
parameters are presented. Several of the damage parameters are based on
nondestructive evaluation techniques that are especially sensitive to voids or
other micro- (or submicro-) nonuniformities, such as positron annihilation
and lifetime measurement, photo-stimulated exo-electron emission, and
small angle neutron scattering. The latter method was judged to be particu-
larly promising. Fong also presents an excellent discussion of the general de-
velopment of fatigue research efforts and presents information from five
years of work by Subcommittee E09.01 on Fatigue Research which bears on
his topic.

Having reviewed the individual papers, I will close now with a brief sum-
mary of the collective document. My remarks will be organized under four
topics which I pose as questions to be answered. “What is fatigue damage?”
“What new concepts were introduced by this work?” ““What can we do with
these concepts?’ “What opportunities for further work do we have?”

From the papers in this volume, one would have to conclude that fatigue
damage consists of matrix damage, that is, matrix cracking parallel to the
fibers and delamination. However, interface debonding and fiber fracture
were mentioned, so we should include those as secondary damage modes.
Based on the present information, however, it is certainly fair to say that ma-
trix cracking and delamination appear to be the types of fatigue damage that
are of greatest concern to most investigators. There is also a strong sugges-
tion that those two modes are closely associated, that they are frequently ob-
served together, and that matrix cracking is a precursor of delamination.

A number of important concepts regarding damage are offered in the vol-
ume. Throughout the book the point constantly is made that much is to be
gained from a truly interdisciplinary study of fatigue damage in composite
materials. The physics, chemistry, and mechanics of fatigue damage events
are so intimately associated and interdependent that rigid disciplinary stud-
ies are, a priori, sterile, Nowhere is this more evident than in the efforts to
find suitable nondestructive evaluation schemes to follow damage develop-
ment. A number of more specific concepts also are discussed. The concept of
using tensor stiffness changes to follow matrix crack development in poly-
mer and metal matrix composites is discussed, and appears to offer a damage
parameter that can be interpreted clearly and measured easily when matrix
cracking causes significant changes in one or more of the four in-plane mod-
uli. The concept of shakedown is discussed and directly associated with the
threshold for fatigue damage (rather than the endurance limit as had been
suggested earlier) in metal matrix composites. Another general concept that
emerged is that sequence effects are often sufficiently inconsequential to
allow constant amplitude fatigue results to be used successfully to predict the
results of spectrum loading. One of the most fertile conceptual fields of dis-
cussion in the volume is the use of strain energy release to characterize mi-
cro-damage. That quantity was used successfully to describe the effect of ply
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thickness on matrix crack and delamination formation, to represent the in-
itiation and growth rate of edge delamination, and to identify the impor-
tance of different failure modes in fatigue damage. Other uses of strain
energy release are mentioned. It is clear that this concept is an important
part of damage representation. Strain energy density also was used as a col-
lective damage parameter and was found to be useful for reducing informa-
tion from different laminates to a single representation of fatigue behavior.

Another concept (which appears in six of the papers) is that of a character-
istic damage state, a stable damage state (consisting mostly of transverse ma-
trix cracks) which develops prior to failure and is uniquely defined by the
properties and thickness of each ply and the stacking sequence. Two final
generalities are also evident. It is suggested that during fatigue loading, dam-
age development usually occurs in three rather distinct phases: an initial
phase which may be dominated by the damage that would have formed at
the corresponding quasi-static load level and by the initiation (or incubation)
of additional damage; the second phase where damage grows, interacts, and
may stabilize; and the third phase where damage combines at an accelerating
rate to cause failure. And finally, it appears that compression fatigue damage
nearly always involves delamination at interfaces which have high interlam-
inar stresses. There is also the suggestion that these delaminations show a
preference for interfaces near the surface, other things being equal, suggest-
ing that (ply) buckling may play a role in this damage mode.

Now to our question of “What can we do with these concepts?”’ I will gen-
eralize this answer slightly beyond the scope of information in this book.
First, it appears that we car find fatigue damage and characterize it. Experi-
mental methods have developed to the point where, in my opinion, nearly
any type of damage can be detected. Of course, we have to look for and ana-
lyze it carefully. We also can analyze stresses and strains in damaged and un-
damaged laminates, approximately, but to a level of useful accuracy. This
latter field is still under development, but it is encouraging to find such fre-
quent efforts to conduct meaningful analyses of the mechanical deforma-
tions and stresses. We can define parameters which characterize fatigue
damage over wide ranges of life; but it does not appear that any parameter
yet defined serves this purpose well over the entire range of damage devel-
opment. And we can associate damage with remaining strength and life. This
association is, at present, somewhat tenuous, but strong foundations have
been laid for the development of this area.

Finally, we arrive at our question of *“What are the opportunities for fu-
ture work?” This is another way of saying “What do we need to do?”’ and
“What are the remaining obstacles?”” While much of the success discussed
here, and elsewhere, is based on single damage modes, we do not have a cor-
responding understanding of mixed modes or combinations of damage.
Partly because of that, damage states (or collective conditions) are poorly de-
fined and the analysis of such states is poorly developed. It is also true that
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we don’t seem to have a damage parameter which we can measure at any
given point in the fatigue life and use directly to calculate the consequences
of that damage, that is, to specify correctly the remaining strength and life of
the specimen or component. And it appears that we are not moving rapidly
in that direction; we seem to be more interested and involved in finding
correlations than in finding explanations and rigorous descriptions.

However, much progress has been made, and certain aspects of damage
can be described with surprising rigor. (Edge delamination in certain special
cases is an example.) Perhaps we should say our understanding of fatigue
damage can be best described in the same words that Irving Stone used to
criticize William Jennings Bryan, “His mind is like a soup dish—wide and
shallow.”” It is hoped that this document has added at least a modest incre-
ment to both of those dimensions.

K. L. Reifsnider

Department of Engineering Science and Me-
chanics, Virginia Polytechnic Institute and
State University, Blacksburg, Va. 24060;
symposium cochairman and editor.



STP775-EB/Jun. 1982

Index

A

Acoustic emission, 203
Analytical methods (See Stress Anal-
ysis)

B

Boron-aluminum, 83
Buckling of laminates, 185

C

Case histories
Failure of pultruded rods, 8
Characteristic damage state
For matrix cracking, 40, 63, 69,
103, 134
Compliance calibration for delami-
nation, 149, 175
Composite structures, 168
Compression of laminates, 184
(See also Fatigue—Testing, Com-
pression-compression)
Crack initiation, 97, 136, 262
Crack length, 260
Crack propagation, 168, 262
Crack spacings, 47, 103
Predicted crack spacings, 56, 69,
108, 134
Crack tip stresses, 235

D

Damage (See specific types such as
Delamination, Fiber fracture,
Matrix cracks, etc.)

Damage incubation, 246

Copyright” 1982 by ASTM International

Damage parameter, 245
Debonding, 247, 249, 261
Delamination, 24, 32, 73, 121, 136,
142, 153, 169, 189, 233
Growth rate, 157, 168, 173
Onset prediction, 122, 153, 213
Diiodobutane (See Opaque X-ray
penetrants)
Discount method, 114
Double cantilever beam specimens,
169

E

Edge effects
Edge stress states, 68, 77
Effective modulus, 92, 148
Enhanced radiography (See Opaque
X-ray penetrants)
Etching of matrix material, 90

F

Fabrication(See Laminates—Fabri-
cation of)
Failure analysis, 27
Failure criteria, 76, 88
Fasteners, 230
Fatigue
Damage induced by, 21, 27, 29,41,
91, 111
Limit, 89
Testing
Compression-compression, 186
Tension-compression, 29, 213
Tension-tension, 21, 41, 83, 86,
109, 230

www.astm.org



278

Fiber buckling, 247

Fiber fracture, 16, 90, 128

First ply failure, 42

Fractography, 27

Fracture
Fracture mechanics, 168
Fracture modes, 11, 33, 127, 228
Fracture surfaces, 9, 11, 32, 96
Fracture surface preparation

For scanning electron micro-
scopy, 32

G

Glass epoxy, 109, 248
Glass-polyester rods, 8
Graphite epoxy
Laminates, 21, 29, 41, 64, 70, 118,
140, 171, 185, 212, 230
Growth law, 140
Delamination growth, 155, 173,
216
Guys, 7, 8

H

Hackles, 27
Hairline cracks, 11
Hysteresis loops, 86

I
Interlaminar stresses, 136, 142, 146,
220
L
Laminates

Laminated composite specimens
Fabrication of, 29, 85, 120, 171,

230
Life
Correlation with strain energy den-
sity, 237

Fatigue life data, 35, 86, 187, 237
Prediction, 233

DAMAGE IN COMPOSITE MATERIALS

Linear strength reduction model, 239
Load history effects, 98
Longitudinal cracking, 44, 95, 127
LVDT strain measurement, 143

M

Manufacture of composites
(See Laminates—Fabrication of)
Matrix cracks, 23, 40, 64, 74,90, 103,
110, 121, 233, 247
Matrix materials (See specific types)
Metal matrix composites (See spe-
cific types)
Microcracks (See Matrix cracks)
Microstructure, 243
Mixed mode delamination, 173
Moisture
Absorption, 63
Coefficients of absorption, 66
Effects on damage development,
63
Effects on elastic properties, 65

N

Neutron scattering, 25
Nondestructive testing, 7
Radiography, 16, 30, 45, 121, 143,
212, 233
Ultrasonic C-scan, 29
Notched specimens
Damage induced in, 21, 31, 199,
213, 233
Strength, 75, 189, 231
Stress analysis, 220

o

Opaque X-ray penetrants
Diiodobutane, 45, 121, 143, 186,
212
Fluorescent penetrants, 32
Tetrabromoethane, 16, 24, 30, 233



Optical correlation
method, 251
Overload failures, 39

holographic

P

Penetrants (See Opaque X-ray pene-
trants)

Photo-stimulated exo-¢clectron emis-
sion, 251

Positron annihilation, 251

Properties (See specific types such as
Stiffness, Strength, etc.)

Q

Quasi-static loading
Damage induced by, 47, 71, 110,
121, 172

R

Reliability, 168
Replication (See Surface replication)
Residual strength (See Strength)
Residual stresses

Residual thermal curing stresses,

42, 63

Resin (See Matrix materials)
Resistance curve, 140
Rods

Fiber reinforced, 8
Rule of mixtures, 140

S

Saturation damage state, 83

Saturation spacing (See Characteris-
tic damage state)

Scanning electron microscopy, 32

Secant modulus, 86

Shakedown stress, 85

Shear lag model, 66

Shear transfer layer, 65
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Shock loading, 12
Small angle neutron scattering, 251
Specimens (See Laminates)
Splitting (See Longitudinal cracking)
Stacking sequence effects, 83,95, 211
Standards
For testing of coated pultruded
rods, 12
Stereo
X-ray technique, 16
Scanning electron microscopy, 29
Stiffness
Laminate stiffness, 86, 103
Stiffness changes, 87, 93, 110, 147
Tensor stiffness and stiffness
changes, 115
Strain
Failure strain, 127
Strain energy release rates, 147, 151,
171, 233
Strength
Laminate strength, 71, 74, 121,
138, 189
Residual laminate strength, 71,
197, 209, 239, 248
Stress analysis, 59, 65, 79, 105, 133,
146, 161, 220
Stress free temperature, 67
Stress intensity factor, 235
Stress ratio correction, 238
Striations, 27, 33
Surface
Cracks, 11, 97
Replication, 43, 64, 71
Temperature measurement, 251

T

Testing techniques
X-ray, 18
Tension testing, 143
Tetrabromoethane (See Opaque
X-ray penetrants)
Thermal expansion coefficients, 66
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U
Ultrasonics
C-scan testing, 29, 85
Unloading elastic modulus, 86
\Y
Void density distribution, 257
Void volume ratio, 257

w

Weibull representation of strength,
74

DAMAGE IN COMPOSITE MATERIALS

Wet strength (See Moisture effects)

X

X-ray (See also Nondestructive test-
ing)
Stereo-radiography, 16
X-ray diffraction, 251

Y
Yield surfaces, 88



