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Foreword 

This publication contains papers presented at the ASTM Symposium on the 
Design of Fatigue and Fracture Resistant Structures, Bal Harbour, Florida, 
10-11 Nov. 1980, and other submitted papers. The symposium was co-
sponsored by ASTM Committees E-9 on Fatigue and E-24 on Fracture Test
ing. Paul R. Abelkis, Douglas Aircraft Company, and Dr. C. Michael Hud
son, NASA-Langley Research Center, presided as symposium co-chairmen 
and served as co-editors of this publication. 
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STP761-EB/Feb. 1982 

Introduction 

The constant quest for more efficient structures has prompted the develop
ment of improved materials, stress analysis, fabrication, and inspection tech
niques. Higher allowable stresses frequently result from the use of these im
proved materials and techniques. From the standpoint of static strength, 
these higher stresses are perfectly acceptable. However, when these stresses 
are cyclic in nature, fatigue failures may occur. Fortunately, testing and 
analysis techniques are being developed which can predict, with reasonable 
accuracy, the fatigue and fracture behavior of various structures. These tech
niques are now being incorporated into the design procedures for such 
diverse structures as (/) pressure vessels in nuclear power plants (Section III 
of the ASME Boiler and Pressure Vessel Code), and (2) aircraft for military 
applications (Specification MIL-A-83444). 

In order to review the latest developments in dealing with fatigue and frac
ture behavior, a symposium was held in Bal Harbour, Florida, on November 
10 and 11, 1980. This symposium was specifically concerned with the design 
of fatigue and fracture resistant structures. The symposium was originally 
divided into three sessions: ground transportation structures, aircraft struc
tures, and nuclear structures. (Invited keynote speakers provided general 
status reviews for each of these three topics.) However, many good papers 
dealing with other types of structures were submitted for consideration. Con
sequently, the scope of the symposium was expanded to include all types of 
structures. 

This volume, which resulted from the Bal Harbour symposium, contains 
the text of all the papers presented, plus the texts of other submitted papers. 
These papers deal with fatigue and fracture prevention in ground transporta
tion, aircraft, nuclear and offshore structures, rotor disks, and loran tower 
eyebolts. The wide variety of structures discussed in this symposium is a po
tent indication that fatigue and fracture behavior are receiving considerable 
scrutiny in the design of all types of structures. 

A large number of people contributed their time and energy to make the 
Bal Harbour symposium a success. Special thanks are due: (/) the speakers, 
for the time and effort spent in preparing their presentations; (2) the review
ers, for their careful editing of the manuscripts; (3) the organizing commit
tee, Harvey Eidinoff, Bryant Leis, Tom Orange, John Potter, Darrell Socie, 
and Roy Watanabe, for its efforts in selecting the fine papers which were pre
sented; (4) the chairmen of ASTM Committees E-9 and E-24, Harold Reem-
snyder and Gil Kaufman, for their dedicated efforts in bringing their com-

1 
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mittees into a harmonious working relationship; and (5) the ASTM staff, for 
its help in organizing and completing the symposium. 

P. R. Abelkis 
Douglas Aircraft Company, McDonnell Doug

las Corporation, Lx)ng Beach, California; 
co-chairman and co-editor 

C M. Hudson 
NASA-Langley Research Center, Hampton, 

Virginia; co-chairman and co-editor 
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P. Watson1 and S. J. Hill1 

Fatigue Life Assessment of Ground 
Vehicle Components 

REFERENCE: Watson, P. and Hill, S. J., "Fatigue Life Assessment of Ground Vehicle 
Components," Design of Fatigue and Fracture Resistant Structures. ASTM STP 761, 
P. R. Abelkis and C. M. Hudson, Eds., American Society for Testing and Materials, 
1982, pp. 5-27. 

ABSTRACT: Fatigue has been a major problem in ground vehicle components for more 
than 130 years. This paper considers why our increasing knowledge of fatigue has now 
significantly reduced its importance. A historical review of past work in a wide range of 
vehicle components is presented. The different aspects of durability assessment—namely, 
service load measurement, materials testing, stress analysis, and component testing—are 
concentrated on in turn. The work is brought up to the present by use of examples of how 
modern methods of fatigue analysis are being applied to contemporary problems. 

KEY WORDS: fatigue, ground vehicle components, historical review, life prediction 
methods, cycle counting, component testing, load measurement, materials testing, stress 
analysis 

Since the expansion of transportation in the first half of the nineteenth 
century, fatigue has been of major importance in determining the durability 
of ground vehicles, and hence considerable effort has been devoted to the 
subject. Even prior to 1850 it had been identified by railway engineers, and 
their researches culminated in the intensive studies of Wohler. Despite these 
and subsequent efforts, the problem was not resolved, as illustrated by a 
quotation from the March 1920 issue of Scientific American Monthly: "Metal 
parts of machines, such as springs, shafts, crankpins and axles, occasionally 
fail suddenly when only subjected to conditions of ordinary service. Not only 
does failure occur suddenly, but the part about to fail shows no ordinary evi
dence of weakness." This statement is made more pointed in that a further 
60 years of even more concentrated effort have not rendered it any less true. 

One of the reasons for this apparent lack of progress is the ever-increasing 
restraints facing the designer. The twin challenges of fuel economy and prod-

1 Materials Engineering Department, GKN Technology Ltd., Wolverhampton, England. 
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6 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

uct liability are particularly relevant today. However, it is also true that les
sons have been forgotten, old ground has been re-covered, and effort has not 
been directed most effectively. This paper seeks to illustrate this by an his
torical review of past work on a wide range of vehicle components. It concen
trates in turn on different aspects of durability assessment, namely, service 
load measurement, stress analysis, materials testing, life prediction, and com
ponent testing. It brings the work up to the present by giving examples of 
how modern methods of fatigue analysis are being applied to contemporary 
problems. 

Service Load Measurement 

Reference to Fig. 1 shows that service load measurement is a necessary in
put to fatigue life assessment by both analytical and experimental methods. 
Notwithstanding this importance, it has over the years often been paid only 
scant attention despite the insight of a number of individuals. An excellent 
example of this insight dates back to the early work on railway axles, when it 
was observed in 1879 by Beaumont [1]^ that: "When a train was running, the 
wheels were lifted up and down again on the very many irregularities of the 
line at a velocity which induced severe shocks. The velocity at which impact 
shocks were transmitted through the wheels to the axle was not simply that of 
gravity and that of the velocity of the train, but very many of the shocks were 
thus transmitted at the velocity of recoil of a loaded spring, which was prob
ably as much as 1300 feet per second." 

Although some notice was taken of this observation in 1895 by Andrews 
[2], the railway axle soon entered folklore as something to be designed with 
the nominal stress under a fatigue limit (for example, Ref 3). This attitude 

Service 

Loads 

Stress 
Analysis 

Material 
Properties 

Component 
Testing 

Cumulative 
Damage 
Analysis 

FIG. 1—Fatigue life assessment. 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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WATSON AND HILL ON FATIGUE LIFE ASSESSMENT 

provided much of the justification for the tremendous volume of work be
tween the two World Wars on studying fatigue almost exclusively as an en
durance limit problem, and still lingers on despite publications by people 
who have actually measured operating loads and strains. Of direct relevance, 
Moreau and Peterson in 1955 published a paper [4] with remarkable insight 
into "Field Testing of Diesel Locomotive Axles." It is well worth repeating 
some of their comments in full: 

It is now possible to predict, with reasonable accuracy, what stresses will be induced in 
a specific axle design by a certain load and the relation between the stress and the 
number of stress applications which will cause a failure is also fairly well established . . . 
There is, however, very little information available about the loads an axle is actually 
exposed to in service. To determine whether a part of a structure or a machine is 
strong enough, the engineer must know the type of loading to which it will be exposed. 
If he does not, he has no other choice than to make a guess and see if it fails. It is too 
expensive to learn about weaknesses in axles from failures and it is also too expensive 
to make them so heavy that they are bound to be strong enough in spite of the design
ers' ignorance about the loads . . . To study axles under service conditions it is neces
sary to study axles in high speed passenger service and in slow freight service, on curves 
and on tangent track, on good track and on bad. The axles might be damaged under 
conditions which occur only occasionally. To make sure that no such conditions are 
overlooked the behaviour of the axles must be observed over long periods. 

They observed in the course of their investigation that about once eveiy 
1000 miles a stress of nearly four times the normal value occurred with a full 
spectrum of loads in between, which was very different from the view held by 
the majority at that time. 

One of the major reasons for the state of affairs until about 1940 was the 
lack of a suitable transducer to make the measurements. In the late 1930s, 
the development of the bonded wire resistance strain gage by Ruge and De 
Forest at MIT and Simmons and Clark at the California Institute of Tech
nology revolutionized the technique of service load measurement. Until that 
time, with the exception of a brief period of use of magnetic strain gages and 
carbon strip gages (for example, Ref 5), only mechanical means had been 
available. These were best suited to stationary objects such as bridge beams 
and rails, and were direct descendents of the method reported by the 1857 
Commission into the Application of Iron to Railway Structures [6]: " . . . and 
a pencil was fixed to the underside of one of the girders of the bridge, so that 
when the latter was deflected by the weight of the engine or train either placed 
at rest or passing over it, the pencil traced the extent of the deflection upon a 
drawing board attached to the scaffold." Although as stated earlier this and 
subsequent developments were generally used for bridge structures. Hill [7] 
reported their use in 1935 on a dragline boom and 1937 on the structure of a 
bus. 

Despite these belated successes of the mechanical gages, the resistance 
strain gages were seized upon with great enthusiasm for application directly 
relevant to ground vehicles. Thus in 1943 Tucker [8] reported on dynamic 
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8 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

strain measurements on cylinder slides and cylinder barrel flanges, and in 
1944 Meier [9] reported on slip rings, special calibrated links or load cells, 
and suggested a potentiometer system to measure the deflection of rubber or 
shock absorbers. In the same year, Goloff [10] wrote about the determination 
of operating loads and stresses in crankshafts. The more complex subject of 
measuring strains in con-rods and pistons was treated in 1946 by Wallace 
and Cassler [77]. Only the problem of mobility prevented the wide-scale ap
plication to automotive components in service, and this was overcome in 1953 
when Colwell [12] presented a paper on "Mobile Instrumentation for Auto
motive Equipment." Although some of the means of implementation seem a 
little old fashioned nearly 30 years later, the basic concepts are remarkably 
like those used widely today by many automotive companies. A power supply 
(generator) was mounted on the back of the test vehicle and an instrumenta
tion pack was mounted on the door. In later developments batteries to pro
vide power were accommodated in a passenger car. This can be compared 
directly with work carried out by GKN about 25 years later where the same 
basic elements can be identified (Fig. 2). More important than the details of 
the system is the care Colwell took to obtain good signals. Such techniques as 
identifying and replacing electric components susceptible to vibration, shock 
mounting equipment on foam, checking the frequency content of the signal, 
assessing the suitability in terms of response of the recording medium, and 
driving with a dummy balanced input over bumps to try to generate spurious 
data were all employed. 

FIG. 2—Conventional instrumentation system. 
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WATSON AND HILL ON FATIGUE LIFE ASSESSMENT 9 

One year later, Polzin [13] reported on the "Performance Evaluation of the 
Magnesium Alloy Truck Wheel." He used a similar technique to Colwell's 
with the following two exceptions: (/) because he was working with rotating 
components he had to use slip rings; and (2) in order to site his gages he used 
the brittle lacquer technique. The latter is perhaps of more significance in 
that guidance can be drawn from this example even today. He used multiple 
coatings to cope with varying temperature and humidity and also to provide 
some strain level segregation. More fundamentally, he took care to observe 
the effects of wheel mounting, tire inflation, and various driving maneuvers. 
His comments that " . . . It was evident that the final analysis of life expec
tancy and design efficiency would have to come purely from strain gage 
readings. It was felt that locating these gages by judgment alone was pure 
folly . . . " are still generally applicable. 

One final development remained to make the techniques of the early 1950s 
fully equivalent to those in widespread use today. This was a means of re
cording the signal so that it could be played back at will for analysis, rather 
than relying solely on paper or film hard copies. About five more years were 
to pass before researchers such as MIRA (The Motor Industry Research 
Association, U.K.) were able to interface FM tape recorders for use over 
many miles of roads. The use of a discrete instrumentation pack for easy fit
ting into a range of vehicles [14] has been widely adopted and used in a wide 
variety of environments. The instrumentation has been fitted to passenger 
cars, buses, lorries, and military vehicles and a number of off-highway ve
hicles, and has proved equal to the job in all cases. As such it is a standard 
method of data acquisition at this time. 

That is not to say that the system is without serious disadvantages. The 
equipment is heavy, inconvenient to operate, bulky, very expensive, and will 
only operate off its own batteries for a relatively short period of time. One of 
the methods proposed to circumvent some of these problems is to divorce the 
recorder from the test vehicle. "Umbilical cords" have been used for the job, 
particularly on test tracks. However, it is readily apparent that for general 
service this scheme is severely impractical, although it has been used success
fully on slow moving off-highway vehicles (Fig. 3). 

A more practical scheme is to use long-range telemetry. This should not be 
confused with short-range telemetry, which is used to obtain signals from ro
tating components such as propshafts and acts as a direct replacement for 
slip rings. Long-range telemetry has been used for a considerable time in the 
aerospace industry to obtain data from radio sondes and guided missiles. Its 
application for ground vehicles is rather more recent, with the strongest pro
ponents being Deere and Company, who have been using the technique since 
1967 [15]. Other manufacturers have reported on its use rather more recently, 
and GKN has successfully used long-range telemetry not only in its usual role 
with a stationary recording center but also with a moving one in pursuit of a 
test vehicle. In this last more general role some deficiencies of the method 
have become apparent, principally in identifying the effects of loss of cou-
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10 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

FIG. 3~'Vmbilical Cord" method. 

pling, eliminating them in subsequent analysis, and keeping contact with a 
service vehicle. It is fair to say that in this role, the method is still in its in
fancy, and many of the problems could be reduced if more liberal licensing 
arrangements could be made to boost the signal power. 

Also of recent interest to the ground vehicle industry is the technique of 
High Density Digital Recording, more popularly known as Pulse Code Mod
ulation (PCM). By encoding the various channels of information and incor
porating synchronization data, improved signal-to-noise ratios can be ob
tained and many more data channels can be recorded. This system is being 
actively investigated by GKN, although to date no completely suitable system 
has been identified. Problems exist owing to the cost of further developments 
to meet particular requirements and the task of converting or replacing exist
ing hardware. 

Finally, the option exists to remove the tape recorder completely and ana
lyze the data on board. This is by no means a new concept. Moreau and 
Peterson [4] reported the use of a level crossing counter. They used it princi
pally as a warning device to investigate aspects of service operation more 
closely. Unfortunately this type of device continued in use for a considerable 
time owing to its convenience, despite the fact that the "cycles" it counted 
were based purely on the convenience of a mechanical or electromechanical 
device rather than on the characteristics of the material under load. Fortu
nately microprocessor-based devices using the "rainflow" algorithm are now 
available, and have been in use for nearly three years with considerable sue-
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WATSON AND HILL ON FATIGUE LIFE ASSESSMENT 11 

cess. One example of an installation is given in Fig. 4. This should be con
trasted with Fig. 2 which shows the earlier tape recorder based system. This 
microprocessor-based system has now been used successfully for over 30 000 
miles in a wide variety of service operations. 

The data generated can be sorted to investigate the effects of different 
drivers, or the effects of different service operations can be studied in detail. 
It should be noted, however, that the data must be of the highest quality, 
since the analysis proceeds with no discrimination between genuine signal 
and noise. The devices are probably best used as a "follow up" to full-scale 
recording exercises where the mechanics of the loading can be observed and 
the quality of the data checked. The comments made by MIRA [14] on an 
early on-board data analyzer are still valid: "The type of testing carried out 
was what we now call "complex routes" and whilst the data was, for its in
tended purpose, quite satisfactory, it was difficult to understand the reasons 
for, and the significance of variation in sets of data." 

Stress Analysis 

In general, stress analysis has a dual role to play in fatigue life assessments. 
The first part is to determine the critical locations, the areas most at risk in 
the component, so that subsequent service load measuring can be made most 
effectively. The extent of the stress analysis required can range from simple 

FIG. 4—Microprocessor-based recording and analysis. 
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12 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

examination of a failed component through techniques such as brittle lac
quer methods to finite-element stress analysis. The importance of carrying 
out this stage properly cannot be conveyed better than by the suggestion by 
Polzin [13] quoted earlier that " . . . locating these gages by judgment alone 
was pure folly . . . " 

The second role of stress analysis is to overcome the very localized nature 
of fatigue. It is often impossible in engineering components to locate a strain 
gage at the critical site. The latter is generally at a stress concentration such 
as a fillet radius or a hole where the strain gradient can be very steep. Fortu
nately by measuring nominal loads, in the vicinity of the critical location, 
stress analysis can be used to derive the local conditions. This has the further 
advantage that the effects of changing materials or local geometry can be 
assessed rapidly by analytical means without recourse to a further measuring 
exercise. 

The importance of stress concentrations was understood at a very early 
stage in the development of fatigue life prediction techniques. Whilst the 
argument was raging in 1850 as to whether or not railway axles "crystallized" 
during fatigue, Ramsbottom [16] had the insight to point out that since fail
ures always occurred in the same place at the shoulders of the axle, it was 
more important to reconsider the design. It is surprising that the point had to 
be remade since, in 1843, Rankine [17] had delivered a paper to the Institute 
of Civil Engineers attributing the failure of a large number of axles to the 
journal fillet radius. 

At the time, no means were available to provide a quantitative assessment 
of the degree of stress concentration. It was left to good engineering practice 
to specify transitions as gradual as possible. The case of a circular hole in an 
infinite plate was considered first and solved in 1898 by Kirsch [18]; an elas
tic stress concentration factor of 3 was obtained. Inglis [19] in 1913 extended 
the analysis to elliptic holes, which he used to consider the behavior of cracks. 
The 1920s brought another paper on holed plates, this time of finite width 
[20], and saw the emergence of experimental techniques. Baud [21] in 1928 
provided early work on photo-elasticity, and Jacobsen [22] used electrical 
analog techniques. This experimental work is not to be confused with fatigue 
testing of specimens with stress concentrations, which included a multiplicity 
of effects including the use of elastic analysis despite the presence of plastic
ity, the development of nonpropagating cracks, and generation of a multi-
axial stress state. This logic became further confused by the sterile concept of 
"notch fatigue" where arbitrary notches were used, which unfortunately 
lingers on today. However, studies of the effects solely of notch geometry con
tinued, and by 1930 Peterson [23] could review the subject of "Stress Concen
tration and Fatigue Strength" and reference 46 sources. He continued to 
maintain an active interest in the subject, and any reader requiring a rapid 
assessment of a stress concentration factor is recommended to at least start 
with his excellent review Stress Concentration Factors [24]. Often if an exact 
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WATSON AND HILL ON FATIGUE LIFE ASSESSMENT 13 

analysis cannot be found, a case closely approaching the problem can be 
utilized, and therein lies a major but often unappreciated facet of the work. 
The user is forced into considering the sensitivity of the solution to a variety 
of parameters and by so doing accumulates a useful background in the 
design of components. 

This is not the case for a more recent development, the technique of finite-
element stress analysis. The technique will provide only specific answers, is 
often expensive and time consuming, and is sensitive to the boundary condi
tions imposed. This last is particularly important for items where the area of 
greatest interest is adjacent to the interface, for example, near the bearing 
caps of universal joints. Despite these problems the method is of great utility, 
particularly for complex structures at the early stages of design. Perhaps be
cause of its cost and association with computers there is a tendency to view 
finite-element analysis as the only tool necessary in the assessment of durabil
ity. This is generally not the case and care must be taken to ensure that it still 
forms an integrated part of the fatigue life analysis package. 

The final development of stress analysis methods to be considered is the 
consideration of plasticity. Although most components used in the ground 
vehicle industry remain nominally elastic, at the critical location where 
failure will take place a plastic analysis has to be utilized. Although the finite-
element method has been extended to use nonlinear stress-strain relation
ships, the cost and time at present involved in its use are prohibitive for all 
but a very few specialized components. Fortunately, the elastic stress concen
tration factor, Kf, has been combined with cyclic stress strain information to 
generate information about the stress concentration factor, K^, and the 
strain concentration factor, Kt. Peterson [24] touches briefly upon this in 
mentioning the rules devised by Stowell [25]. A more popular rule, owing to 
its greater ease of manipulation, is based on the observations of Neuber [26] 
and extended by Topper and his co-workers into the field of fatigue (for ex
ample, Ref 27). Neuber's Rule is now an essential part of most modern com
puter-based methods of fatigue life prediction. 

Material Testing 

The first systematic investigations of metal fatigue failure were carried out 
by Wohler [28] from about 1850. Since then, the continued interest in cyclic 
material testing can be divided into three broad activities. First and by far 
the most prolific has been the attempt to quantify the relationships between 
applied load, stress or strain, and fatigue resistance. This resistance can be 
expressed in terms of crack initiation or propagation or an often unspecified 
mixture of both. The importance of Wohler's work can be reflected in the 
fact that the S-N or Wohler curve is still widely used today as one of the meth
ods of quantifying fatigue resistance. Other notable early contributors to this 
area were Gerber [29] and Goodman [30] who considered the effect of mean 
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Stress and Basquin [31] who introduced the exponential relationship between 
stress and fatigue life. 

The second activity based on materia! testing has been the search for fun
damental understanding of the fatigue damage process. Despite the splendid 
beginnings by such researchers as Ewing and Humfrey [32], we are still a 
long way from complete understanding, and hence have to rely on the empir
ical approach first established in the last century. 

An astute comment, quoted by Peterson [33] was made by an English 
reporter in an account of the 1867 Paris Exhibition. He wrote of Wohler's 
display [34]: 

Wohler's modest exhibition may have been overlooked by 99 out of every 100 visitors 
to the Exhibition yet we believe that his patient experiments will be referred to long 
after the majority of those things which have drawn a shower of medals and ribbons 
will have been forgotten. 

Wohler's work was initiated because of the many failures of locomotive axles 
reported and discussed in the mid-nineteenth century. He began his work by 
running full-scale tests. These were eventually replaced by model axles and 
then by laboratory specimens in his famous rotating bending testing machine. 
The range of topics he covered included bending, torsion, residual stresses, 
stress concentrations, stress-life curves, recording of service histories, and 
the relationship between monotonic and fatigue strengths. This last topic be
came the subject of some outstanding work by Bauschinger in the 1880s [35]. 
His work was the starting point for the final area of activity, the search for a 
quantitative understanding of how the metals behave under cyclic conditions. 
Bauschinger's attention was drawn to one of Wohler's conclusions; that is, 
when a bar was subjected to equal tension and compression it broke at a 
stress lower than its original elastic limit. As a result of extensive, careful ex
periments, Bauschinger explained this by stating that the primitive elastic 
limits of many materials are artificially raised. He also found that cyclic loads 
had the effect of raising an artificially lowered limit or lowering an artificially 
raised limit. This major conclusion from his work was published in England 
and strongly supported by Unwin [36] who wrote: 

By subjecting a bar to a few alterations of equal stresses which are equal to or some
what exceed the elastic limits they tend towards a fixed position which Bauschinger 
calls the natural elastic limit. The range of stress for which a bar is perfectly elastic 
after a few repetitions of such alternating stresses appears to agree very closely with 
Wohler's range of stress for unlimited repetitions of alternating stresses. 
Out of this arises a very important practical suggestion. To determine the safe range of 
stress by Wohler's method requires experiments extending over a period counted by 
years. If Bauschinger is right, a bar can be subjected to alternating stresses in an ordi
nary testing machine perhaps a dozen times and the elastic limits determined. Those 
elastic limits will define the safe range of alternating stresses. Such experiments are 
not easy and measurements must be made as accurately as Bauschinger makes them 
(e.g. to 1/125,000th of an inch). But they are far easier than experiments by Wohler's 
method. Yet further. If the ultimate statical strength is known and the range of stress 
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for repeated tensions and compressions, the Gerber parabola can be drawn, and the 
safe range of stress for any other limits of loading determined. 

Despite the importance of such work and despite Unwin's very strong recom
mendations, the work of Bauschinger has been largely ignored. Even the "ef
fect" which is attributed to him is often ignored in fatigue calculations. 

The next important link in this pioneering work was that of Bairstow at the 
National Physical Laboratory [37.38]. His 1909 paper [38] contains the ear
liest pubHshed hysteresis loops. This work indicates that the phenomenon of 
cyclic softening was known to Bairstow. He also demonstrated that " . . . the 
maximum width of any loop measured parallel to the axis of extension added 
to the elastic extension of the specimen is the total change of length in each 
cycle." 

Extensive studies of stress-strain loops in two low-carbon steels were 
published by Smith and Wedgewood [39] in 1915. This monumental paper 
contains many results and figures remarkably similar to the results of cyclic 
stress-strain studies conducted during the last fifteen years. 

From these very strong beginnings we have moved forward fitfully to our 
present level of knowledge. Many subjects have arisen and much time has 
been wasted. Perhaps the worst example of misdirected effort was the period 
during the 1920s which has been described by Frost [40] in an entertaining 
review as: " . . . the golden age for devising quick methods of determining the 
fatigue limit." He also states that such activities: " . . . provided the raw 
material for scientific papers but were of little direct use to designers." 

This wasted opportunity may well be repeated, as indicated by the com
ments of Morrow [41] in 1978: 

A number of us have tried to eliminate the concept of an endurance limit from our 
thinking and from the thinking of people who have to design parts to last under ser
vice conditions. I am disappointed, frankly, that some of you backslide to thinking of 
a safe stress below which fatigue will never be a problem and a threshold stress below 
which cracks will not propagate. I think that is a mistake and certainly has no place in 
the design philosophy of engineers who try to make parts that last a safe period of 
time. 

Since 1950, however, three major contributions have been made. They 
start with the work of Coffin [42] and Manson [43] who have independently 
established the relationship between plastic strain and fatigue life. Next, 
Paris, and his co-workers (for example, Ref 44) in opening up the field of 
crack growth and Linear Elastic Fracture Mechanics have considerably ex
tended our ability to design and assess components. Finally, the work of 
Morrow and his many colleagues has made a major contribution, particularly 
in the ground vehicle industry, to our understanding of fatigue and of how we 
can assess the durability of products. Based on these contributions and many 
others, we can now assess the fatigue life of a component or structure based 
on strain-life data, crack growth data, and the use of the stress-strain rela
tionships which are relevant to the cyclic condition. 
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Component Testing 

A technique which is often presented as an alternative to the analytical 
methods mentioned above and described in later sections is component test
ing. This suggestion of competition is not strictly true, since in many cases 
the problem can best be solved using the two methods to complement each 
other. In those cases where the analytical methods are not developed, how
ever, component testing has to be carried out exclusively. The attendent pen
alties are increased cost, slower response time to problem solving, and a loss 
of generality and flexibility. 

The term as considered in this section is used in its most general sense. 
Tests can take many forms, ranging from operation in service or simulated 
service on rigs, through accelerated testing on proving grounds or test ma
chines, to constant-amplitude testing of subassemblies. It is apparent that 
the further the testing becomes removed from direct reproduction of service, 
the greater becomes the analytical input requirement. In all cases, a detailed 
knowledge of service loads is required. 

The concept of component testing is by no means a new one. One of the 
earliest papers on fatigue by Albert [45] in 1838 is a report of tests on mine 
cables. The testing method is reproduced in Fig. 5. Although the idea of 
component testing remained popular with civil engineers, as shown by the 
work of Fairbaim [6] and Hopkinson [6], its extension into the ground vehi
cle industry was far more tentative. The trend is well illustrated by the exam
ple of Wohler [28], who initially utilized full-sized axles in his tests but soon 

FIG. 5—Albert's machine for testing chains (1829). 
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turned to smaller specimens. Component testing soon became considered of 
value only for proof testing as described by Andrews [2] for railway axles: 

The axles are to be tested by a weight of 1 ton falling through a space of 30 feet, the 
axle resting upon solid iron bearings about four feet apart. It must receive at least two 
blows without showing any signs of fracture. 
The axles are to be capable of standing without fracture five blows from a weight of 
2000 lbs. falling from a height of 20 feet upon the axle, which shall be placed upon 
bearings three feet six inches apart, and shall be turned after each blow. 
The axles to be placed upon supports three feet six inches apart, and to stand a weight 
of 1800 lbs. falling a distance of 19 feet. 
The axle to be placed upon supports three feet six inches apart, and to stand two 
blows from a weight of 1 ton falling 20 feet; axle to be turned after each blow. 
The axle to be placed upon supports three feet six inches apart, and to stand four 
blows from a weight of 2369 lbs. (21 cwt. 0 qr 17 lbs.) falling a distance of 17 feet six 
inches on the centre of the axle; the axle to be turned over after each blow. 
The axle to be placed upon supports three feet six inches apart, and to stand four or 
five blows from a tup of 2300 lbs. (20 cwt. 2 qrs. 4 lbs.) falling a distance of 18 feet; 
axle to be turned over after each blow. 

The tests were requirements of the various railway companies, and Andrews 
agreed with his audience that, although shock loading was inflicted upon his 
axles in service, the tests were unrealistic in their severity. This is an early ex
ample where the requirements for a rapid test supplanted the need to relate 
to service operations. This need to accelerate tests at all costs unfortunately is 
still with us today. 

With only a few isolated examples, component testing went into a virtual 
lull until the 1930s. This reflects the attitude prevalent at the time that a 
detailed study of the fatigue limit in isolation would provide answers to all of 
the problems. 

One area where at least some component testing was carried out was the 
proving ground. The Dodge Brothers built an early example in 1915, con
sisting of an oval track with a test hill. The construction was interesting, be
ing of split logs, thus introducing a form of surface now known as corruga
tions. This of course provided a severe test for the suspension, and this form 
of accelerated testing is a feature of all proving-ground tests today. Present 
day proving-ground requirements run the whole gamut from the very simple 
and straightforward, with perhaps a week's testing, to much more complex 
requirements. 

The crudest criterion is based on surviving a given distance, usually 1000 
miles, traveling over Belgian pave. More sophisticated requirements are 
formed from a mixture of high-speed track operations, driving over rough 
surfaces and violent maneuvers. When attention is paid to maintaining test 
track failures of the same nature as service failures, this last form of opera
tion is reasonably useful in assessing the durability of components developed 
by a gradual evolutionary process. Where the component is novel in con-
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struction or material, all of the test criteria become arbitrary and possibly 
seriously misleading. 

In the 1930s, it became apparent that in many cases the design of auto
motive components need not be based on endurance limit concepts, but 
rather on the use of finite life techniques. Perhaps the leading figure was 
Almen who, in 1935 [46], published details of experimental work on the 
fatigue strength of spiral bevel gears in back axles. He was able to debunk 
the myth of impact loadings, in addition to demonstrating the inadequacies 
of the 40-year-old gear design formulae still in use at the time, and pointing 
out that the endurance of the gears was determined by the short period of the 
time the vehicle was in bottom gear. His analysis of the problem concluded 
that the vast majority of the fatigue damage arose from only some 30 miles of 
operation. Thus he proposed that fatigue tests on specimens should concen
trate on the finite life region, about 100 000 cycles in this particular case, 
rather than the endurance limit. The testing of components for the ground 
vehicle industry continued in this still fairly low-key fashion until well after 
World War II. During this time, few service load measurements were 
available and testing machines were unsophisticated. Some full-scale testing 
was carried out on railway axles (for example, Refs 47 and 48); sections of 
crankshafts were tested in torsion [49] and bending [50], and gear teeth were 
loaded using a hydraulic pulsator by Mansion [57]. 

A major contributor in the early 1950s was Gassner [52], who recognized 
the complex nature of service loading. To overcome the pitfalls of constant-
amplitude testing, he suggested that variable-loading tests be carried out for 
both ground vehicles and aircraft. He proposed the use of block program
ming, where the service data are analyzed and broken down into blocks of 
loading to be applied sequentially. The idea was taken up enthusiastically 
and is still common today, particularly in the aircraft industry. The principal 
weakness of this approach is demonstrated by the ensuing discussions over 
the need to randomize the order of the blocks, the number of the blocks, etc. 
Unfortunately, the validity of each test depends critically upon the analysis 
used to process the complex loading data. If the analysis method is correct, 
the question should be asked why testing has to be undertaken in the first 
place. Despite these inconsistencies the method is still popular. In the case of 
ground vehicles this is particularly true of acceptance tests of components. 
Often the requirements are based on supposition or guesswork, but have a 
peculiar charisma owing to the apparent scientific basis, in the same way that 
proving-ground tests frequently become almost deified. Perhaps the most 
perverse use of block program tests is the "reproduction" of proving-ground 
operations in the laboratory. 

As stated previously, the block program form of testing still remains 
popular despite the widespread availability of servo-hydraulic actuators that 
can accurately reproduce service loads. Apparatus is now available to test 
components ranging from simple welded joint specimens [53] to complete 
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vehicles [54]. Argument as to whether the frequency content, as, say, 
measured by the PSD of the signal, or the cycle-by-cycle content should be 
reproduced are being swept aside by the addition of computer control to test 
rigs. In these cases, service loads can be reproduced directly, satisfying both 
criteria. 

The advantage of such systems is readily apparent: the component can be 
observed during fully reproducible tests conducted safely and, perhaps, more 
rapidly than real service. The disadvantages are equally apparent: complex 
systems are expensive both to buy and operate, and tests are almost in
evitably of long duration. It is to be hoped that the opportunity is taken to 
develop a better understanding of the mechanisms of failure and hence better 
analytical techniques, and that the temptation to accelerate the tests or base 
them on fallacious criteria is resisted. 

Cumulative Damage Analysis 

Fatigue failure has almost always occurred in ground vehicle components 
as a result of a complex series of loadings. Hence it has always been necessary 
to assess the cumulative effect of such different loads. This is seen nowadays 
as a two-stage process. The initial step is to break down the local history into 
its constituent events, and then the damaging effects of these events must be 
added together. Paradoxically it is this second stage which has received the 
most attention, with the classic papers of Palmgren [55] in 1924 and Miner 
[56] in 1945 the major contributions. Of more interest nowadays, however, is 
the process of extracting from the local history the damaging events and using 
fatigue life data and stress analysis information to predict life. 

The methods used to assess variable-amplitude load histories can be placed 
in two groups. They are (/) continuous load or PSD analysis, and (2) cycle 
counting. In (/) the history is considered as a whole, whereas in (2) it is 
broken down into discrete events, generally cycles of load, stress, or strain, 
which are immediately compatible with basic fatigue data. PSD analysis has 
only limited application to the wide variety of problems facing the ground 
vehicle engineer and such methods are rarely used. 

Cycle counting is thus the first stage of most of the cumulative damage 
analysis methods used today. There are many counting methods in general 
use [57,58]. Unfortunately most of them have flaws which severely limit their 
general application. Two broad approaches have been developed. The first 
consists of methods which identify and count single events which are not 
necessarily related to cyclic damage accumulation in any simple fashion; for 
example, peaks, peak distribution, and level crossing counting have been 
used. These and other methods are described in many papers (for example, 
Ref 59). Their success has been limited to very special classes of signals, and 
hence they should be eliminated from serious consideration for more general 
use. 
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The second group consists of methods that are based on the ranges of 
stress or strain which occur. These techniques are preferred because it is 
known that fatigue damage is closely related to such ranges. They include 
range counting, range mean analysis, range-pair counting, and the rainflow 
method [60]. With the exception of range counting, these techniques also 
identify the mean levels in each range. Unfortunately range-mean counting 
suffers from the well-known [6/] hysteresis or gate-level effect and can be dis
counted. Therefore, after several decades of development, we have two almost 
identical counting methods, rainflow and range-pair, which are consistent 
with modem views of fatigue damage accumulation. 

The recent development of computer-based analytical methods (for exam
ple, Refs 62, 63, and 64) depends upon successful mathematical modeling of 
cyclic material behavior. The first publication of a cyclic material model was 
by Martin et al in 1971 [65], and this has been considerably extended and im
proved by Jhansale [66], Wetzel [67], Conle [68], and many others. 

Surprisingly the first material models were described 60 years ago by Jen-
kin [69]. His models, which consisted of springs and sliders, were developed 
in order to explain the experimental observations from the fundamental re
search of the 1920s. The springs and slider combinations were used by Jenkin 
to explain such phenomena as fatigue limits, cyclic yield, mean stress effects, 
cyclic hardening, overload effects, and coaxing. He concluded one of his 
papers [70] with the following paragraphs: 

Perhaps you wish to know the practical end of all these researches, and may feel in
clined to say: What is the use of your pretty models and fine theories? 
We hope before long to be able to put figures into designers' hands which will be a 
sure basis for all their strength calculations, figures which will not need factors of safety 
to allow for our ignorance of the strength of the materials. We hope to introduce 
fatigue limits into steel specifications so that you will buy your materials on the basis 
of their useful strengths. We hope to have methods of fatigue testing as simple as ten
sile tests. We hope to be able to issue instructions which will save endless failures of 
engines. All these things are already possible. We have now only to verify and confirm 
before issuing our reports. 

Despite such optimism we have had to wait until the last decade to approach 
his objective. 

Material models and rainflow cycle counting can now be combined in the 
computer. The additional process of stress analysis can also be included for 
many applications. Material behavior is easily quantified and stored. As a 
result, it is now possible by processing measured or predicted load histories 
to predict the durability at the critical regions in componenets. The methods 
used will be illustrated in the next section. 

Modem Fatigue Analysis 

Several efficient and reliable methods now exist to perform fatigue analysis 
of complex components using data generated from simple constant-amplitude 
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tests on simple specimens. Assuming that a critical region in a component 
has been identified by analysis or experiment, one of the most common pro
cedures used is shown in Fig. 6. This consists of five closely interrelated steps: 

(/) Description of the service environment in terms of a nominal load/ 
strain history experienced at a point related to, but remote from, the critical 
area. 

(2) Determination of the stress-strain response of the material at the 
critical area. 

(J) Identification in this response of cyclic events in a manner consistent 
with basic material behavior using the rainflow method of cycle counting. 

(4) Calculation of the damage contribution of these individual events by 
comparison with conventional cyclic fatigue data. 

(5) Summation of the damage caused by each event to give a total damage 
for the particular service history. 

Extensive software routines have now been developed and implemented to 
exploit the techniques described previously. The programs are designed to be 
user orientated, requiring no detailed knowledge of either the computer soft
ware or hardware. The programming option selected depends on the prob
lem under consideration and the available data. Communication with the 
computer is via a visual display unit (output) and keyboard (input). Software 
operating instructions are displayed to the user at relevant stages in the pro
cess. 

The fundamental input to all life assessment routines is the service load 
history. Initially the original analogue field recordings of the data are digi
tized and stored in a service load history databank, under individual file
names, on computer disk. These digitized sequences representing specific 
operations (for example, digging, dumping, carrying, etc., for a loader) can 
be linked together to create appropriate duty cycles (Fig. 7) for subsequent 
analysis. 

The analysis combines this history with relevant material data, an esti
mated ATj-value possibly from Ref 24, and Neuber's rule. Combining the 
loads shown in Fig. 7 with data for nodular iron from Ref 71 and at Kj^ of 3.0 
results in the local stress-strain response and life estimate shown in Fig. 8. 
Reducing the severity of the local stress concentration (that is, the K^ from 
3.0 to 2.2) for the same application results in the stress-strain response in 
Fig. 9. This reduction in concentration factor has led to a life increase of 33 
times. 

This process of changing the basic parameters can be continued endlessly. 
The strength of this approach is based on this facility. Many materials can be 
considered, local geometry changes assessed, and the effects of variations in 
load history or service duty cycles can be quantified. Hence many problems 
can be forecast and forestalled before expensive prototype or service trials are 
undertaken. 
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FIG. 9—Local stress-strain response and predicted life. 

Routines have been developed (for example, Refs 72 and 53) that use com
ponent test data. Thus the vast store of fatigue data, stress analysis knowl
edge, and material properties that have been generated over the past century 
can be utilized by such methods. 

Concluding Remarks 

Fatigue has always been a problem in ground vehicles and it is difficult to 
take an optimistic view of its future role> However, methods are available 
which could significantly reduce its importance and allow more efficient de
signs. The lessons of the past must not be forgotten nor must the vast store of 
fatigue data. Many current problems have been studied before. Many recent 
innovations could have been introduced previously. Modem computers can 
be the basis of new methods, but they also can be used as a means of utilizing 
the results of more than a century of research into the phenomenon of metal 
fatigue in ground vehicle components. 
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ABSTRACT: To assure the integrity of nuclear power plant components, fatigue and 
fracture tolerant design concepts have been incorporated into Sections III and XI of the 
ASME Code; these contain requirements for nuclear power plant design, construction, 
and in-service inspection. The methods used in the Code to design against fatigue and 
brittle fracture are described together with the fracture mechanics based procedure sug
gested in Section XI for the evaluation of flaws detected by in-service inspections. Some 
aspects of the present Code methods that could probably be improved are identified. 
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In the United States, the design of nuclear power plants is governed by 
Federal law (for example, Title 10 of the Code of Federal Regulations, Part 
50), and by voluntary consensus standards [for example, Sections III and XI 
of the American Society of Mechanical Engineers (ASME) Boiler and Pres
sure Vessel Code] supplemented by ASME Code cases and by guidelines 
issued by the U.S. Nuclear Regulatory Commission (NRC). In essence, the 
ASME Code, the NRC regulations, and Federal law together are intended to 
provide a conservative basis for the safe design of nuclear plants. 

Fatigue and fracture tolerant design, in the sense of assuring resistance to 
sudden and catastrophic component failure, has been the central objective of 
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the ASME Code since its inception in 1914. This objective is especially im
portant in Sections III and XI, since attaining and maintaining the integrity 
of the pressure boundary components has a crucial role in ensuring the safe 
and reliable operation of nuclear power plants. Currently, these sections in
clude conservative procedures for designing against fatigue and for structural 
integrity and flaw evaluation analyses. This paper reviews some of the key 
elements in these procedures, with particular emphasis on those aspects that 
have recently undergone revision or are believed to be likely to be revised in 
the near future. For an excellent review of the historical development of the 
ASME Code approach to structural integrity assurance, the reader is referred 
to the paper by Yukawa [1].^ 

The ASME Boiler and Pressure Vessel Code (hereafter called the Code) 
was originally developed, and has continued to evolve, on an empirical basis; 
that is, the fundamental premise is the ability to identify, either from service 
experience or laboratory simulation, the potential failure modes of the me
chanical components, and then to develop design and inspection rules that 
assure that each of these potential failure modes is prevented. In the early 
years of Code development, the relatively large number of boiler failures pro
vided the practitioners with a straightforward means of distinguishing reli
able design practice from unsafe practice, with the result that "design by for
mula" became the standard for boilers. The thicknesses obtained from such 
formulas, and the limits thus implied for pressure stresses, provided safety 
margin against ductile failure. 

For structures of high reliability, ductile rupture becomes a rare event. 
During the past three decades, the need to identify less common failure 
modes for nuclear power plant equipment and to codify standards for pre
vention of these failure modes has dominated the ASME Code evolution. 
Section III of the Code, which governs the materials, design, fabrication, and 
pre-service inspection of nuclear power plant structures, is similar to its fossil 
plant counterpart—Section VIII, Division 2—in that design by analysis (as 
opposed to design by rule) is required. A difference, however, is the greater 
emphasis in Section III on fatigue as a failure mode. Also in Section III are 
rules for the prevention of brittle fracture and time-independent buckling. 
Time-dependent failure modes, such as those associated with elevated tem
perature operation—creep rupture, creep buckling, and creep-fatigue inter
action—are considered in recent Nuclear Code Cases. With the exception of 
one reference curve in Section XI (discussed later), failure modes that are 
caused or influenced by environmental effects are not dealt with explicitly by 
the current Code; the designer is merely advised to take such effects into ac
count. It is not entirely surprising, therefore, that corrosion-related failure 
modes are currently by far the most prevalent cause of component failures in 
nuclear power plants. 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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For the purposes of this discussion, the issues of concern are the rules gov
erning design against fatigue failure, brittle fracture, and environmentally 
assisted crack growth. In the following sections we discuss the present state 
of development of the rules for Class 1 nuclear construction relative to each 
of these failure modes. The results of recent research that appear likely to 
lead to changes in the Code rules are also briefly summarized. 

Fatigue Tolerant Design: ASME Code Section m 

Fatigue failure is handled in Section III of the Code by requiring that 
cyclic strain be evaluated at all strain concentrating points in the component. 
This strain is usually evaluated on the basis of an elastic theory where strain 
is assumed to be linearly proportional to stress. The Code requires that a 
fatigue design S-N curve be satisfied at all strain concentrating locations using 
a linear cumulative damage theory and a shear stress rule to provide an 
equivalent uniaxial stress. The major elements in the fatigue analysis are 
given in the Appendix. All of the anticipated cyclic loadings must be identi
fied in the certified design specification for normal and upset loading condi
tions. Some provision for low-probability cyclic loading such as earthquake-
induced cycling is usually also included in application of the Code fatigue 
analysis. The fatigue design S-N curve is developed for each Code-acceptable 
base material by first performing uniaxial strain-controlled fatigue tests on 
small-size polished bar specimens in an air environment. Next, two types of 
correction (a mean stress correction and a temperature effect correction) are 
applied to the mean of this specimen data so that the modified polished bar 
data represent a realistic or conservative evaluation of the number of cycles 
required to initiate a fatigue crack at temperatures up to 644 or 700 K (700 or 
800°F), depending on the type of material. The modified polished bar speci
men data (represented by a mean smooth curve) are then converted into de
sign fatigue curves (Fig. 1) by applying a reduction factor of 2 to the mean 
strain amplitude or 20 to the mean cycles, whichever factor leads to the 
greater conservatism. 

A number of important assumptions are both explicit and implicit in the 
process of converting strain-controlled fatigue data to the Code design 
fatigue curves. These include the following: 

1. The fatigue design curve is based on test data which measure chiefly 
fatigue crack initiation in smooth base material bars. Therefore additional 
Code rules are necessary to apply this design curve to cases where notches are 
present, where material is welded, or where strains are not accurately pre
dicted from elastic stress analysis. 

2. Environmental effects such as corrosion-assisted fatigue, stress corro
sion cracking, or radiation damage are not accounted for in the present Code 
S-N curves. Designers are assigned the responsibility for accounting for such 
environmental effects. 
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Basis of design curve; 
N^/N, = 20 or 

whichever is more conservative 

Best fit curve from 
smooth specimen tests 

Number of Cycles 

FIG. 1—The fatigue design curves of the ASME Code are obtained from the best-fit life 
curves for uniaxially loaded smooth specimens by applying a safety factor of 2 on stress or 20 on 
life, whichever is the more conservative at each point. The design curve therefore consists of two 
segments, as shown. 

3. No credit is explicitly permitted in the Code to account for the crack 
growth stage that follows fatigue crack initiation and precedes failure in an 
actual component. An implicit credit is permitted for some sharply notched 
configurations where there is likely to be no significant crack initiation stage, 
such as at Code acceptable fillet welds or flaws missed by nondestructive 
evaluation (NDE). 

4. Since the safety factors of 2 and 20 are applied to the mean of smooth 
bar data, it cannot be inferred that crack initiation in components will have a 
2 and 20 safety factor. The reasons why the 2 and 20 factors do not translate 
to actual components are due to environmental effects, specimen data scatter, 
and surface finish effects as well as to inaccuracies in the Code rules that ac
count for biaxial strain effects, cumulative damage, notch effects, and weld
ing effects. As a consequence, the fatigue life to crack initiation of a compo
nent designed in accordance with ASME Section III does not have a well-
defined safety margin. 

5. The ASME Section III fatigue design curves presently extend from low 
to intermediate cycle ranges up to 10* cycles. The question of high-cycle 
fatigue design, involving stress reversals up to 10" to 10'^ cycles, is not ex
plicitly covered by the Code. 

6. Section III suggests rules for preventing plastic cycle ratcheting. Code 
Case N-196-1 provides rules for situations in which plastic ratcheting can
not be avoided that permit up to 5 percent localized strains to accumulate 
throughout the design fatigue life. 

The basic fatigue design procedure which is in the ASME Code today ap
peared in the first issue of the Nuclear Vessel Code in 1961. Although nu-
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merous interpretations and refinements have taken place over the years, the 
main aspects of the procedure have remained essentially unchanged. The 
philosophy which originally led to these Code fatigue rules recognized that a 
complete understanding of metal fatigue would not be achieved in the near 
future. (By complete understanding we mean deterministic forecasting of ac
tual fatigue life without significant uncertainty.) Therefore careful judgment 
was necessary to account for the uncertainties that exist with any fatigue de
sign procedure. Ongoing research and field experience were expected to indi
cate the need and provide the basis for evolutionary changes in the Code fa
tigue rules. A significant amount of information now suggests that chemical 
environmental effects not covered by the Code cause the majority of field fail
ures. Therefore it would be highly desirable to develop an environmental 
fatigue procedure which would have sufficient generality to propose for Code 
adoption. Along with such a major step, it would seem prudent to consider 
other Code fatigue rule improvements to take advantage of the improved 
understanding of fatigue life that has developed over the past 20 years. For 
example, the cyclic crack growth stage that follows crack initiation and pre
cedes component failure could now be explicitly accounted for (at least for in
ert environments). Specific acknowledgment of the crack growth stage would 
also permit a more rational treatment of fatigue by providing a means of 
dealing with flaws which escape detection in pre-service inspection. 

The Electric Power Research Institute (EPRI) has sponsored research [2] 
to evaluate the Code treatment of biaxial loading effects. That work was 
completed recently and the results indicate that up to a 15 percent noncon-
servative effect (in terms of allowable strain range) is present in the Code 
rules. In addition, EPRI is currently sponsoring research [3] to broadly ex
amine the fatigue behavior of carbon steel piping with emphasis on the po
tential environmental effects of reactor coolants. This research program is 
also examining notch effects, environmental crack growth behavior, and pos
sible improvements to the ASME fatigue design procedure for carbon steel 
piping. Other EPRI projects are generating crack growth data for pressure 
vessel steels [4], stainless steels [5,6], and other nuclear plant structural 
materials. 

In summary, we believe that serious consideration should be given in the 
near future to major improvements in the ASME Code fatigue design pro
cedures; EPRI research activities in support of such revisions have already 
been initiated. 

Fracture Tolerant Design: ASME Code Sections III and XI 
and 10 CFR Part 50 

As previously stated, ductile failure or collapse of nuclear components is 
avoided by assuring that the primary stresses are small compared with the 
strengths of the construction materials. Nonductile or brittle fracture can oc-
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cur at these small stress levels if the material is sufficiently brittle, but Sec
tion III (NB 2300) specifies minimum toughness (Charpy) properties for con
struction materials and therefore ensures ductile behavior through material 
selection. With the general acceptance of linear elastic fracture mechanics 
(LEFM) in the 1960s, the Code adopted additional procedures to further re
duce the likelihood of nonductile failure. The first area of LEFM application 
is in Section III, the design portion of the Code, where fracture mechanics 
concepts are used to establish the allowable pressure-temperature limits for 
operation of a nuclear installation. The procedure is schematically presented 
in Fig. 2 and originally appeared in the form of a nonmandatoty appendix, 
Appendix G. A virtually identical procedure appears in 10 CFR Part 50, thus 
making the procedure no longer optional, but part of Federal law. LEFM is 
also utilized in Section XI of the Code, the in-service inspection portion, as 
the basis for evaluating flaws discovered during reactor service. This pro
cedure is described in the next section of this paper. 

The fracture mechanics analyses of Sections III and XI use reference curves 
to estimate the available fracture toughness of pressure vessel steels as a 
function of temperature. The Code reference curves (and supporting data) 
appear in Figs. 3 and 4. The references toughness curves K^^ (Section XI) 
and A'lR (Section III) are identical. Note that these curves are referenced to a 
temperature called "RTNDT." The Reference Temperature for the Ml Duc
tility Transition. The RTf^^j-concept is supposed to remove the heat-to-heat 
and material-to-material variability of pressure vessel steels. The RTN^X of a 
material is determined from a combination of Charpy impact and drop weight 
testing. The details of the procedure are contained in paragraph NB 2331 of 
Section III of the ASME Code. 

Although the intent of the RTNOj-approach is to remove variability, recent 

Material 
properties* 

Flaw 
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K,R curve 

y4 T flaw 
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•Includes RT^jj^ shift due to irradiation 

FIG. 2—ASME Code Section III structural integrity analysis. 
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36 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

results [7] indicate this goal is not in fact achieved. For a large base of frac
ture toughness data, the scatter has been shown to be greater when the data 
are plotted against RTNDT than when they are plotted against test tempera
ture. In addition, the present method assumes that the shape of the tough
ness curve is constant for all appHcable materials and the upper shelf (or 
maximum) toughness level is not defined. Additional problems arise when 
one estimates irradiated fracture toughness by simply translating the refer
ence curves by the radiation-induced shift in the Charpy impact properties. 

An alternative approach to the ATIR and /^la procedure is presently being 
evaluated for incorporation into the ASME Code. This method, developed by 
Oldfield [8], uses statistical techniques to transform Charpy impact data to 
fracture toughness. The procedure is illustrated in Fig. 5. The toughness-
temperature data for a number of typical reactor vessel materials are fitted to a 
hyperbolic tangent function that approximates the physical behavior. Charpy 
data from the same heats of material are then statistically analyzed and, with 
reasonable probabilistic assumptions, conversion factors are generated to 
transform the coefficients of the Charpy fit to corresponding coefficients for 
fracture toughness-temperature curve. The fracture toughness-temperature 
response of any given vessel material can then be estimated from its mea
sured Charpy transition curve using these conversion factors. Conversion fac
tors are now available to provide average toughness estimates, as well as to 
develop fracture toughness-temperature curves to specified confidence or 
tolerance levels. 

This procedure is being evaluated by the industry technical committee re
sponsible for the development of improved reference toughness curves for the 
ASME flaw evaluation procedures. Work is also progressing to assess the use 
of this method for predicting the fracture toughness of irradiated materials 
from a knowledge of their irradiated Charpy impact behavior. 

Fatigue Crack Growth Analysis: ASME Code Section XI 

Section XI of the Code specifies in-service inspection (ISI) requirements 
for nuclear power plant components and contains acceptance standards for 
evaluation of any flaws detected in such inspections. The technical basis 
underlying these acceptance standards is described in Ref. 9. In establishing 
the standards, primary consideration was given to satisfying the Code pro
visions for protection against brittle fracture contained in Appendix G to 
Section III, which were described in the previous section and are illustrated 
in Fig. 2. 

If ISI reveals the presence of a flaw that exceeds the Section XI acceptance 
limits, the component must either be retired or repaired (using one of five 
prescribed procedures), or an analysis must be performed to demonstrate 
that an adequate safety margin exists for continued operation. Appendix A 
to Section XI describes a nonmandatory analysis procedure suitable for 
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detailed evaluation of flaws in heavy-section steel components such as the 
reactor vessel, and an equivalent analysis procedure suitable for piping is 
currently under development. The Appendix A procedure is illustrated sche
matically in Fig. 6. In essence Appendix A is a simple structural integrity 
analysis based on linear elastic fracture mechanics that includes considera
tion of flaw growth due to fatigue and uses the reference toughness curves 
discussed earlier to assess the acceptability of the margin to fracture for the 
end-of-life flaw predicted by the growth analysis. Sample problems showing 
the use of the Appendix A procedure can be found in Ref 10. In this section 
of the paper we will focus on the fatigue crack growth prediction part of the 
procedure. 

The fatigue crack growth analysis procedure in Appendix A can be sum
marized as follows: 

1. The flaw is assumed to be of a simple elliptical shape and to lie in a 
plane perpendicular to the line of action of the principal tensile stress. 

2. The cyclic stresses at the flaw are calculated for each anticipated nor
mal, upset, and test transient. 

3. The range of the stress intensity factor, AK, at the crack tip due to the 
first transient is calculated. 

4. The incremental flaw growth, A a, corresponding to one cycle at the 
stress intensity range, A/iT, is calculated from a crack growth equation: 

Aa = C{LK)'" 

where C and m are constants given in the Code in the form of reference curves 
for both subsurface flaws (inert environment) and internal surface flaws 
(water reactor environment). 

5. The crack depth is updated to a + Aa. The procedure then returns to 
Step 3 for the second transient and so on until all the transients expected to 
occur during the remaining reactor life are completed and the end-of-life 
crack depth is obtained. 

This analysis procedure is expected to substantially overpredict fatigue 
crack growth in real components due to the use of conservative flaw shapes, 
loads, and kress intensity factor solutbns in the first three steps. Moreover, 
the simple fidditive summation of crack growth increments employed in Step 
5 ignores tJie crack growth retardation effects that are expected to follow the 
larger load transients. However, it is difficult to quantify the conservatism of 
the procedure, particularly for the surface flaw case, because of uncertainties 
associated with the crack growth reference curves used in Step 4. 

The fatigue crack growth reference curves were formulated in 1972 using 
all pertinent data available at that time. Considerable data were available for 
an air environment (Fig. 7). An upper-bound line was drawn above these 
data and became the Section XI fatigue crack growth reference curve for a 
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subsurface flaw. The curve was based on data from Refs / / and 12. Recent 
data obtained by Dowling [13] and others have shown that the air environ
ment curve remains a good representation. The effect of a water environment 
on fatigue crack growth had been studied by Paris et al [12] and Mager and 
McLaughlin [14]. These investigations were conducted at frequencies of 1 Hz 
or greater, and indicated no significant effects of environment, /?-ratio (K^^^J 
r̂aax)> or material type. However, in early 1972, Kondo et al [15] reported 

data showing that crack growth rates for reactor pressure vessel steels in 
high-temperature aqueous environments increased significantly at lower test 
frequencies. Further testing conducted by Legge and Mager [16] at a fre
quency of 0.0167 Hz verified this effect. As shown in Fig. 7, very few low-
frequency data were available at the time of the formulation of the Appendix 
A reference curve. Consequently, as an interim step, a crack growth curve 
was drawn parallel to the air environment curve, which was a bound to the 
available low-frequency water environment data and predicted that surface 
flaws would grow ten times as fast as subsurface flaws for equivalent loading 
conditions. Data obtained subsequently at low cyclic frequencies [17,18] 
have shown that this interim crack growth curve does not represent an upper 
bound to the crack growth behavior at high values of /?-ratio for a water en
vironment.-' Furthermore, the more recent crack growth data display a bi
linear form (Fig. 8) which is in contrast to the single slope displayed by the 
air data in a log-log plot (Fig. 7). 

As a consequence of the new data, the crack growth reference curve for 
surface flaws is currently undergoing revision. The proposed revision is shown 
in Fig. 9. The form is bi-linear and two curves are used to explicitly account 
for the effect of i?-ratio. Unlike the previous bounding curve approach, the 
new reference curves are based on 95 percent global confidence limits on the 
mean of the currently available data. 

It is likely that the treatment of environmentally assisted fatigue crack 
growth now embodied in Appendix A will undergo further revision in the 
future as our understanding of the processes involved improves. The effects 
of /?-ratio and frequency are not quantitatively understood at present, and it 
is therefore of concern that many of the reactor transients of interest lead to 
loadings that combine high /2-ratios, low frequencies, and small A/if's, which 
is the most difficult regime to access in laboratory tests. Predictions of crack 
rates in this regime involve substantial extrapolations of the laboratory data 
that are of questionable validity in view of our present inability to explain 
some aspects of the behavior observed in the laboratory tests. For example, 
in very recent work [19] it has been convincingly demonstrated that a given 
combination of AK, R, frequency, temperature, and water chemistry is not 

^A note was added to Appendix A in the summer 1977 addendum to the ASME Code to reflect 
this information. 
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FIG. 7—Fatigue crack growth ofA533B steel (ASME Code, Section XI) (conversion factors: 1 
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FIG. 8—Effect of R-ratio on crack growth rate—base metal and welds in a PWR environment. 

associated with a unique value of crack growth rate: in the course of a test in 
which AK, R, frequency, temperature, and water chemistry were all held 
constant, a range of crack growth rates spanning an order of magnitude was 
observed. Thus at least one variable in addition to those already known to be 
important can exert a major influence on the rate of environmentally assisted 
crack growth in pressure vessel steels exposed to reactor coolant. We expect 
that the results of ongoing NRC- and EPRI-sponsored programs on cyclic 
crack growth will identify the additional variable(s) and also will generate 
further information on other areas of current uncertainty, such as the effect 
of neutron irradiation. 
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Sununaiy 

To assure the integrity of pressure-retaining components in nuclear power 
plants, fatigue and fracture tolerant design concepts have been incorporated 
into Sections III and XI of the ASME Code which, in conjunction with the 
Code of Federal Regulations and NRC guidelines, specify requirements for 
plant design, materials, construction, operation and in-service inspection. 
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The treatments of fatigue and fracture currently used by the nuclear industry 
are expected to be conservative, but the margins against failure provided by 
today's design practices are often poorly defined. Accordingly, it is antici
pated that future developments will emphasize refinements that allow safety 
factors to be estimated more exactly. 

Design against fatigue is considered in Section III of the ASME Code. 
Rules are provided for assessing fatigue damage at strain concentrating loca
tions and for comparing the total damage accumulated at a given location 
during component life with the tolerance of the material expressed in the 
form of a design curve that shows allowable combinations of strain range and 
number of stress reversals. These material-specific design curves are derived 
from smooth specimen fatigue life data and include large safety margins to 
account for factors not explicitly treated in the fatigue analysis, such as sur
face finish and life reduction due to material-environment interactions. The 
fatigue design procedure is now nearly 20 years old and could probably be 
improved. In particular, it would seem desirable to develop and incorporate 
an environmental fatigue procedure because chemical environmental effects 
appear to be involved in the majority of recent field failures. 

The basic philosophy of the Code is to avoid brittle fracture through 
careful selection of materials of construction. For heavy-section steel com
ponents added assurance of margin against brittle fracture is provided by the 
inclusion of structural integrity analysis procedures in Sections III and XI 
that are based on linear elastic fracture mechanics concepts. Conservative 
assumptions of flaw shape, orientation, and loading are used to obtain higher 
than expected estimates of the driving force for brittle fracture which are 
compared with lower than expected estimates of the material's resistance, 
obtained from reference curves of fracture toughness versus temperature. An 
easily determined reference temperature (RT^DT) is used to position the ref
erence curve for any particular heat of material, but recent results have re
vealed some deficiencies in this approach. A new procedure is currently under 
consideration that shows promise of providing toughness estimates having 
less uncertainty than values obtained using the current Code-accepted 
method. 

Flaw growth due to fatigue loading of heavy-section steel components is 
considered in Appendix A of Section XI for evaluation of flaws discovered by 
in-service inspection. The material property input to the analysis is in the 
form of curves relating crack growth rate in low-alloy steels to stress intensity 
range. Two curves are provided in Appendix A, one for surface flaws (water 
environment), the other for buried flaws (inert environment). Data generated 
in the eight years since the curves were formulated have lent additional sup
port to the inert environment curve, but have indicated the need for the 
development of more complex treatment for the surface flaw case. New ref
erence curves have been proposed for surface flaws that explicitly account for 
the ratio of the minimum to maximum stress in the loading cycle (/?-ratio), 
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but the results of laboratory studies suggest that further revision of the Code 
treatment of environmentally assisted cyclic crack growth will probably be 
necessary in the future. 

APPENDIX 

M ĵor Efements in the ASME Code Section m Fatigue Analysis 
• Evaluate primary stresses, P, and secondary stresses, Q, and compare with Sm. 

1.5 Sm. and 3 Sm. 
• Evaluate cyclic ratcheting. 
• Determine the apparent alternating stress amplitudes (actually strains) for each 

cyclic condition (nj, n2, • • •, ni): 

K,,K,(P + Q), 
S^x = for «i cycles 

K,2K,{P + Qh , 
Sui — for «2 cycles 

K,iK,(P + Q)i 
Sai = for «,-cycles 

• Use Code design fatigue S-N curve to determine allowable cycles, N^, at each 
value of â,-. 

• Satisfy cumulative fatigue rule: 
« ] n-> 

—!- + ^ - + ••• < 1.0 

where 

Sm = tabulated allowable stress value in ASME Section III, 
P — primary equivalent stress, 

{P + Q)j = primary plus secondary equivalent stress range for cyclic condition 
«/. 

K,(P + Q)i = elastic calculated peak equivalent stress range for cyclic condition 
n,', and 

Kgj = elastic-plastic strain correction factor a 1.0 and is assumed to be 
l.Oif P + Q < 3 5m. 
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ABSTRACT: Criteria and procedures used in commercial aircraft design over the last 
two decades have produced long-life damage tolerant structures with a credible safety 
record. This has been achieved through diligent attention to detail design, manufactur
ing, maintenance, and inspection procedures. Recent updates of federal regulations gov
erning fatigue and fail-safe strength evaluation of transport category airplane structures 
and advancements in the capability to analyze damaged structure have spurred new tech
nological developments. Adaptation of traditional fatigue and fracture mechanics tech
nologies plus a large test and service experience data base have led to development of 
technology control methods suitable for nonspectalist engineers. 

Detection of damage before it becomes dangerous is the ultimate control in ensuring 
damage tolerance throughout the economic service life of the structure. Traditional 
damage growth and residual strength evaluations fail to incorporate damage detection 
parameters which influence maintenance planning. New technology is under develop
ment for proper recognition of damage detection opportunities in a fleet of aircraft with 
possible multiple cracking events and subjected to a multitude of inspections. Emerging 
damage tolerance rating systems provide efficient measurements of inspection activities 
and permit coordinated manufacturer/operator/certifying agency actions necessary to 
ensure continued structural airworthiness of existing and future jet transport fleets. 

KEY WORDS: crack growth, damage detection, durability, fatigue, fracture, inspec
tion, maintenance, residual strength 

Federal regulations for fatigue and fail-safe certification of large commer
cial aircraft have recently been updated. This has accelerated development of 
more rational methods of assuring structural safety in the presence of un
expected fatigue, environmental deterioration, or accidental damage. 

Engineering methods used in the design process of long-life damage toler
ant aircraft structures have evolved over a long period of time and have been 

'Structural Damage Technology Staff, Boeing Commercial Airplane Company, Seattle, 
Wash. 98124. 

47 

Copyright® 1982 by ASTM International www.astm.org 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



48 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

supported by extensive testing and service experience. Major Boeing efforts 
during the last decade have been devoted to providing nonspeciaiist designers 
and stress engineers with durability and damage tolerance analysis methods 
similar to traditional strength checking procedures. Recognition of damage 
growth and consideration of damage at multiple sites is included in damage 
tolerance assessments of new and maturing transports, along with their im
pact on operator maintenance programs. Emerging new technology will pro
vide more quantitative assessments of damage detection opportunities in a 
fleet of aircraft with possible multiple cracking events and subjected to a 
multitude of inspections. 

Overview 

A multitude of design considerations are involved in achieving structural 
integrity in commercial aircraft (Fig. 1). This overview is focused on struc
tural damage tolerance and durability characteristics and their relationship 
to the maintenance and inspection program required to achieve a safe and 
economic operating life. 

The damage tolerance design approach in the 1950s and 1960s was essen
tially based on multistructural member concepts, with established strength 
requirements for the failure or obvious partial failure of a single structural 
element. These fail-safe design concepts, supported by considerable testing, 
have worked well in the past and required diligent performance by the de
signer/manufacturer, operators, and regulatory agencies for continued safe 
operation (Fig. 2). Fatigue analyses and tests provided early indications of 
unexpected cracking requiring modifications to assure a long economic oper
ating life. It is imperative for operators to provide continuous surveillance of 
airplane structure to detect and report damage and perform prompt repairs 
as required. Knowledge of damage that is occurring in the fleet is essential to 
the manufacturer so that timely advice through service bulletins or other 
publications can be provided to all operators. 

CRITERIA 
CONFIGURATION, ,LOADS AND STRESS 

AERODYNAMICS 
AND LOFT 

MATERIAL SIZE^ . ^ . , ) CORROSION 
LIMITATIONS V DESIGN / PROTECTION 

M A N U F A C T U R I N C ' ' ^ ^ ^ ^ ^ ^ , ^ ^~~~~-^^DAMAGE 
PRODUCIBILITY ^ T ^;^'^-^ TOLERANCE 

WEIGHT TRADES-^ / \ XiNSPECTABILITY/ 
ACCESSIBILITY 

COST TRADES' MAINTENANCE 
CONSIDERATIONS 

FIG. 1—Structural design considerations. 
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cwtificitcd 

• 8,000 tircraft tnanufacturad 
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air carriar sarvtca 

• 100 million U.S. domattic air carrier 
fliflht houri 

• Prasant lyttem has partormad wall in 
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- Fatigua cracking to tha axtant of 
dapranuriiation 

- Fatigua damage to tfta axtant of 
fual laakaga 

- Multipla fatigua damaga litat 

- Turbina disk and blada panatration 
of primary itructura 

• Present tystam hat failed in a faw 
limited cases 

FIG. 2—Present damage tolerance system record. 

Continued airworthiness of aging transport airplanes currently in service 
has been debated among experts in the industry in recent years. The question 
has been raised whether the inspection programs supporting fail-safe design 
practices used in the 1950s and 1960s are adequate as airplanes designed in 
this era exceed their design life objectives. The need for re-evaluation or re-
certification after some period of operation has recently been proposed. High-
time Boeing 707 airplanes have exceeded their original design life objectives, 
and models 727 and 737 are rapidly approaching theirs (Fig. 3). Supplemen
tal Inspection Documents (SIDs), calling for special directed inspections, 
have been released for the 707/720 and 727 based on a reassessment of struc
tural integrity. Similar activities are now progressing for models 737 and 747. 
These SIDs, which enhance normally scheduled maintenance and inspection 
actions, will permit continued safe operation of aging aircraft until econom
ics dictate retirement. 

Design Principles 

Modem aircraft operate in a complex combination of external load sources, 
environments, human elements, and economic requirements. The primary 
airframe components are designed to specific static and dynamic loading 
conditions, deformation and functional criteria, and basic service loading 
criteria. 

The structural strength in the absence of any deterioration such as fatigue, 
corrosion, or accidental damage is founded on design criteria that have evolved 
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1955 1960 1965 1970 1975 1980 

Model 

707 
720 
727 
737 
747 

Delivered 
airplanes 

785 
154 

1,692 
715 
487 

Design objectives 

Flights 

50,000 
75,000 
20,000 

Hours 

60,000 
60,000 
60,000 
51,000 
60,000 

High-time airplanes* 

High 
flights 

33,700 
52,500 
49,700 
60,800 
14,900 

High 
hours 

67,600 
62,500 
50,000 
41,100 
48,900 

'Different airplanes in high flights and high hours. 

FIG. 3—Boeing jet fleet summary. 

since the infancy of aviation. The design limit load for maneuvers, gust 
velocities, take-off, and landing conditions are based on millions of commer
cial aircraft hours and flights. Ultimate design loads exceed envelope-type 
limit load conditions by 50 percent. The overall capability of the aircraft to 
meet static strength requirements is demonstrated by analysis and supported 
by test evidence. Because it is impractical to conduct ultimate load tests of all 
critical conditions and portions of the structure, certification is substantiated 
by analysis. Literally hundreds of analyses of the structure are conducted on 
thousands of details. Limit load capability is demonstrated by full-scale test
ing, while testing to failure is mainly conducted to establish gross weight 
growth potential. 

Commercial aviation experience shows the undamaged structure has a 
high level of structural integrity with regard to the design operational loads. 
Significant developments in the ability to analyze damaged structure have oc
curred since inception of the fail-safe design concept in the 1950s. The 
primary emphasis at that time was on a multistructural member concept with 
established strength requirements for a failure of a single structural element 
or an obvious partial failure. Considerable testing was conducted to verify 
design concepts. These envelope criteria were intended to represent more 
critical conditions than would normally be encountered in service. In addi
tion, such structure has generally possessed desirable crack growth features 
permitting timely detection and repair. The relationship between static ulti
mate design requirements for undamaged structure and limit load require
ments for damaged structure is illustrated schematically in Fig. 4. Note that 
the safe damage detection period is governed by damage growth and residual 
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NORMAL 
DETEBIORATION 
DUE TO UNDETECTED 
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ULTIMATE LOAD CAPABILITY 
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DAMAGE DETECTION 
AND RESTORATION 

FAIL SAFE LOAD CAPABILITY 
MUST BE MAINTAINED AT ALL 
TIMES 

NORMAL OPERATING LOADS 

" SERVICE LIFE ' 

FIG. 4—Strength criteria for damage tolerant structure. 

strength characteristics as well as by maintenance and inspection procedures 
determining damage detection thresholds and number of detection oppor
tunities. Once damage has been detected, strength must be restored to the 
design ultimate level. 

Planning for continued structural integrity is an evolutionary process blend
ing increased understanding of the parameters affecting durability and dam
age tolerance with service experience. Current certification requirements 
have evolved with advancements in durability and damage tolerance evalua
tions, but they also attempt to reflect the equally important role of timely 
detection of structural damage by the operators. Certification of commercial 
jet transports requires damage tolerant designs in all instances where it can 
be used without unreasonable penalty. The technical capability now exists to 
relate inspection requirements to damage growth which, in the past, were 
based on service experience. In addition, appropriate multiple-site damage is 
now considered. Future analysis refinements are likely to focus more on 
probabilistic considerations, since the joint likelihood of significant un
detected damage and high loads are extremely remote and may unjustly 
penalize design concepts based on the envelope type of criteria relied upon 
today. 

Design Considerations 

Characteristics required to achieve current structural design objectives 
must be satisfied jointly by: 

Durability—Ability of the structure to sustain degradation from such 
sources as fatigue, accidental damage, and environmental deterioration to 
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the extent that they can be controlled by economically acceptable mainte
nance programs. 

Damage Tolerance—Ability of structure to sustain anticipated loads in the 
presence of fatigue, corrosion, or accidental damage until such damage is de
tected through inspections or malfunctions and repaired. 

Interaction between structural damage tolerance and durability character
istics must be recognized in design, manufacturing, and operation of modem 
jet transports. Design evolution and maintenance requirements are moti
vated by both safety and economic concerns. While these aspects are difficult 
to separate entirely, damage tolerance is primarily governed by minimum 
certification requirements jointly developed by the manufacturer, operator, 
and the regulating agency. Durability characteristics of damage tolerant 
structures mainly influence the economics of in-service operation, mainte
nance, and repair, and are dictated by the requirements of a competitive in
ternational market. 

Inspectability and accessibility characteristics of the structure must be 
such that general visual methods of damage detection can be confidently em
ployed for the majority of the structure. Directed inspections involving so
phisticated damage detection equipment may be acceptable in areas where 
inaccessibility dictates infrequent inspections. 

The key element of damage tolerance is the ability to detect damage (shown 
schematically as detection windows in Fig. 5). A short crack growth period 
with high detectability can provide as many opportunities for damage detec
tion as a long crack growth period with low detectability. Damage tolerance 
comprises three distinct elements of equal importance for achieving the de
sired level of safety: 

Allowable Damage—The maximum damage, including multiple second
ary cracks that the structure <;an sustain under fail-safe load conditions. 

Damage Growth Period—The interval in which damage progresses from a 

DETECTABILITY 

DETECTION WINDOWS HAVE 
EQUAL OPPORTUNITIES FOR 
DAMAGE DETECTION 

FLIGHTS 

FIG. 5—Opportunities for damage detection. 
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detectable threshold to maximum allowable based on proper recognition of 
operating service loads, load sequencing, and environmental effects. 

Inspection Program—A sequence of inspections in a fleet of aircraft with 
methods and frequencies aimed at timely damage detection. 

Adequate contributions from all elements are usually required to achieve 
the desired level of damage tolerance. The best design has safety provided by 
structural characteristics and requires only a small contribution from inspec
tions (Fig. 6). In extreme cases, where these elements combined provide in
sufficient contributions, a safe life classification is the only alternative. 

It is important to recognize that all structure, whether classified as safe life 
or damage tolerant, has a limited period of safe performance. Several combi
nations of the primary damage tolerance parameters can provide safety be
yond this initial service period. If allowable damage is obvious in terms of 
detection prior to flight or permits safe operation for the remainder of a flight, 
there is no need for additional damage growth substantiation and inspection 
program analysis. Example of this case would be foreign object impact with 
the fuselage resulting in controlled decompression or splice-to-splice wing 
skin damage with extensive fuel leakage. 

Technology Control Methods 

Interacting technologies employed in the evaluation of long-life jet trans
port structures have been available in various degrees for 25 or more years, 
but have generally been applied to aircraft analysis by a limited number of 
specialists using nonuniform methods. Performance demands, increasing 
structural complexity, aging fleets, and multiple aircraft programs have re
quired the development and documentation of disciplined technology meth
ods (Fig. 7) with the following principal advantages: (7) application of ad-

SAFE DAMAGE TOLERANCE PERFORMANCE 
FOR ECONOMIC LIFE OF AIRPLANE 

INSPECTION PROGRAM 

GROWTH RESISTANCE 

ALLOWABLE DAMAGE 

STRUCTURAL 
CHARACTERISTICS 

INITIAL PERIOD OF SAFE LIFE PERFORMANCE 

OBJECTIVE: 
MAINTAIN SAFETY THROUGH AN INSPECTION PROGRAM 
BASED ON THE STRUCTURAL CHARACTERISTICS 

FIG. 6—Elements required to provide safe operation of damage tolerant structures. 
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FIG. 7—Boeing structural damage technology development. 

vanced technology by large teams of nonspecialist engineers: (2) consistency 
between multiple airplane programs, sometimes involving great geographic 
distances; and (J) visibility and control of key design and maintenance pa
rameters. 

Fatigue evaluations of early Boeing commercial jet transports depended 
heavily on experience, engineering judgment, and tests during the design and 
analysis process. As technology progressed and competitive pressures for 
long-life economic structures increased, fatigue specialists were forced to ap
ply more sophisticated analysis methods. However, the timing of such evalua
tions was often incompatible with the detail design and drawing release pro
cess, since fatigue evaluations involved time-consuming analyses and lacked 
visibility of key parameters. Logistics involved in managing large teams of 
engineers to effectively utilize cumulative design experience and to apply dis
ciplined fatigue methods prompted development of a Durability System in 
the early 1970s. 

Fracture problems have effectively been resolved in the design of commer
cial jet transports by designing structures to selected fail-safe load conditions 
under assumed structural damage conditions. Significant advancements have 
been made in recent years in the ability to analyze damaged structure. 
Recognition of damage growth and consideration of damage at multiple sites 
are now included in the damage tolerance assessment of structures. Residual 
strength and crack growth characteristics are necessary ingredients for evalu
ation of inspection programs necessary to maintain safety of damage tolerant 
structure. The ability to use the emerging state-of-the-art technological ad
vancements has been confined to relatively few specialists in the fields of 
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fracture mechanics and structural maintenance. Boeing has developed stan
dardized damage tolerance and inspection evaluation methods suitable for 
engineers with varying levels of familiarity with these technical disciplines. 

Durability 

Successful design of long-life structure requires balancing detail design 
practices with operating stress environment. Ninety million commercial flight 
hours of accumulated fatigue design experience have supported this by show
ing that incompatible operating stresses and fatigue allowables cause 85 per
cent of the fatigue problems encountered. By properly recognizing and 
evaluating the key variables illustrated in Fig. 8, each designer and analyst 
can balance required and actual fatigue qualities. The most significant item 
in standardizing the fatigue analysis process is the damage model which 
allows the requirement analysis to be conducted independently and prior to 
the capability analysis and benefit the design process in the following ways: 
(/) early attention can be directed toward fatigue; (2) fatigue methods and 
allowables are available to all structural engineers; (J) emphasis on improv
ing detail design to achieve life goal objectives; and (4) trade studies lead to 
efficient weight/cost design improvements. 

Design for durability involves proper recognition of accidental damage, 
environmental deterioration such as corrosion and stress corrosion, in addi
tion to fatigue damage. Accidental damage is considered in the design and 
analysis process by applying equivalent minimum stress concentration fac
tors to represent scratches and nicks anticipated during the economic service 
life. Corrosion damage cannot be tolerated in a fleet of aircraft; every effort 
must be made by the operator and the manufacturer to eliminate any prob
lem at the first sign of distress. Experience has shown that certain materials 

CAPABILITY ANALYSIS ^ 

| R E Q U I R E M E N T ANALYSIS^ 
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AIRCRAFT 
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ENVIRONMENT 
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URATION 
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FIG. 8—Fatigue check procedure. 
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or material forms are prone to stress corrosion problems, and that certain 
structural locations, details, and assemblies are prone to environmental cor
rosion problems. The design process for selecting material, configuration, 
and protective finish is continually updated based on service experience and 
technological advancements and reflected in durability design guides. Con
trol of corrosion and stress corrosion in the fleet also requires diligent efforts 
by the manufacturer, operator, and regulator to jointly develop efficient 
maintenance programs such as described later. 

Fatigue Ratings and Allowables 

Flight-by-flight fatigue damage calculations are based on linear damage 
models representing known test and service experience. The nomenclature 
"damage model" will be used here to relate it to the function performed 
while avoiding confusion with direct 5^-data. A limited range of the stress-
life regime is similar in shape to traditional SN-curves, which retains the ad
vantage of basic fatigue quality determinations from such testing (Fig. 9). 
The selected damage model accounts for low amplitude stresses and load se
quencing effects previously addressed by Smith and Goranson and by Craig 
and Goranson.^-' The focal point in the damage model is defined by a Detail 
Fatigue Rating (DFR) for structural fatigue and Detail Sonic Rating (DSR) 
for sonic fatigue. A comprehensive inventory of service and test-proven de
sign details was developed based on this family of damage curves and repre-

95% CONFIDENCE, 95% RELIABILITY 
DAMAGE CURVE (DFR = 11) 

© TEST DATA 

., SN CURVE 

FIG. 9—Test data reduction to match damage model. 

^Smith, H. W. and Goranson, U. G., "Spectrum Loading in Relation to Aircraft Design," 
8th International Committee on Aeronautical Fatigue Symposium, Lausanne, Switzerland, June 
1975. 

3Craig, L. E. and Goranson, U. G., "Airworthiness Assessment of Boeing Jet Transport 
Structures," 10th International Committee on Aeronautical Fatigue Symposium, Brussels, May 
1979. 
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sentation of various mean and alternating stress combinations uniquely de
fined by given DFR or DSR values. Such Detail Fatigue Ratings permit 
quantitative compilation of the cumulative fatigue and design experience 
(Fig. 10). All stress analysts and designers have Durability Design manuals 
which show inactive and acceptable design concepts based on historical data. 
Figure 11 illustrates the format used to convey attention to durability design 
considerations. In many cases, new design considerations are provided and 
relative cost comparisons are given for design alternatives. 

Structural configuration in terms of material, type of structure, panel divi
sion, load paths, and operating stresses is selected to meet the design life goal 
objectives. This implies that a minimum fatigue quality must be achieved 
with the desired level of confidence and reliability. A two-parameter Weibull 
distribution is assumed with shape parameters based on over 2000 test sam
ples of several duplicate specimens. Standard test representation, confidence, 
and reliability factors are employed to obtain airplane reliability levels of 95 
percent with 95 percent confidence. These factors are selected to achieve 
competitive economic structures with very limited cracking during the antici
pated service life. Additional fatigue reliability factors are applied to the de
sign life goals to recognize economic consequences of cracking in unique 
areas, and thus effectively increase the reliability levels to well above 95 per
cent. 

Analytical fatigue allowables complementing the durability design guides 
are also available to all designers and stress analysts to modify existing con
figurations proven by test and fleet experience, or to derive fatigue ratings for 
a completely new design. The type of detail, amount of load transfer, fasten
ing system, surface finish, and other specific properties for test or service 
data have been used to derive empirical fatigue rating solutions.^ 

Fatigue Analysis Methods 

Boeing jet transports are designed to achieve a minimum of 20 years of ser
vice life without cracking causing an undue economic maintenance burden. 
Design life goals are based on the most critical combinations of flight length 
and number of flights (shown schematically in Fig. 12). A high degree of 
operational flexibility is therefore provided to the airlines, since the selected 
discrete short, medium, and long flight profiles represent both typical and 
extreme usage during the projected service life. 

Operating load conditions and spectra are standardized to allow efficient 
and timely derivation of operating stresses for discrete flight profiles applica
ble to different models. A concept of equivalent load cycles is used to facili
tate hand fatigue checking of discrete items. Computer analyses with inter
active graphics permit full spectra analyses to be conducted and summarized 
for each load condition. This facilitates surveillance of large-scale analyses by 
simple examination of amplitude and frequency of equivalent gust and man-

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



58 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

.» 

i 
i 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



GORANSON ET AL ON JET TRANSPORT STRUCTURES 5 9 

Lir Mill,IHCIIIill l l ,MIT Sill 

DFI NIAMETEIS 
ucEmiu 

nmma 

FISTERfl 

• » trtCMC 

•IIMIWM M m 

FU SllfUC 

CLWNM-n 

c u noMU t o n 

•Fl 21 
gn IS wsuon'Mtaiosj MKII HOC* STKSS 

I MCRIKE-« CSI MEM NCWI OK OKIM 

; a IN imai nm- '* IN oum SKIK. 

t niVDlllUCKUIXU^IZE <5 OrVfN 

« ^ wKT siGHincNO inMtSiwncfmcM 

:* «M is i f j ^ mEM 1$ if.iiMHf a 

NV KSm CMMMTIMI 
l U . « •DlhlMUw S M I FOR V U •iMKTBI Fitsr 
i S E . M w i N i w p i G W F a i h i t B i J w n E i ^ u n 

Hi. WlillMuM MIVOi iWCKEII l i v n HEW SIZE 

JSE FitT SUM WE SEMJWT ilMS V«M fO WIN! 

CKT CNmmUR 
»4[ii£Sie«wiT» (BR or iicosnn^iiiME 
m MUCH <riW » BW -» 71 COSn ' ) » MORI 

tCCEPTtlU tCCEPTtllE 
gflt I I » i ?• 

o tS^i t in ' iK *>'"*-" 

. iMHWCHINUnt t t l OBI J t 

LAP JOINT, LONGITUDINAL.BODY SKIN 

rrricti INI Mil niii 

r IT s « r « i sfMJwi 

FAT SUVKI llMJW' 

tCCEPTUlE 
• S n ' ) S * . HEtp 4 l v n H 

MCEPTUIE 
I i«sic S K i h n o c u * 

I ) l l :>Cl l | lv rHfAD*T I « 

I 't- uMtCESEALMtt. 

I r j R R n i n t i w i i n i N C °t iMEi 
» t lL .AOMII f lCES. 

COMMMTIVE DF|: COMMMTIVE DFR: 

20 18 

UCEmilE 
« cfTKTIV. FMiCMiESSa 

OurUSt iKiNCI I i 'SEl . 

• «iivpi«ivn'".»o f . . * 
• K ' S U M W I S E I I M - . 

• caaio&ioh it»>iinkOM 
^IMElt 3 I » L . . V iJtm 

COMNUTM DFR 

21 
I HMMM HTl • 

^^JiShMr. 

FIG. 11—Durability design guide example. 

euver cycles. Flight-by-flight fatigue analyses are based on the damage models 
discussed earlier. Load sequencing effects are verified by comparison with fleet 
experience in terms of demonstrated characteristic lives. By providing contour 
plots as shown in Fig. 13 for wing panels, the designer is able to focus atten
tion on detail design considerations without repetitive, complex evaluations 
of required fatigue ratings on a detail-by-detail basis. 

The structural capability and requirement analyses are compared with a 
fatigue margin paralleling the static margin of safety. The fatigue analysis 
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FIG. 12—Design life goal variable. 

system is summarized by a check forni displaying key parameters (Fig. 14). 
These forms are often generated as part of computerized large-scale struc
tural analyses, but can also be completed quickly by hand for single details. 
Related service experience, source of fatigue ratings, and corrosion control 
must be addressed prior to final design approval. It is important to recognize 
that detail design improvements can eliminate a negative margin without de
creasing operating stress and increasing weight. The required fatigue quality 
can be determined independently of detail configuration early in the design 
process by solving for zero fatigue margin. 

Sonic fatigue is a phenomenon whereby noise forces structure to vibrate 
and develop cracks. The primary source of noise in aircraft is the engines, al
though aerodynamic noise can be significant in some cases. Sonic fatigue 
methods and allowables are similar to those described previously with the 
following significant features: (i) various noise spectrum shapes can be ac
commodated without complex analyses; (2) structural response frequency ex
pressions define the sonic fatigue damage accumulation rate for different 
structural configurations; (J) unit stress solutions define panel response 
characteristics; {4) fatigue quality is defined by Detail Sonic Ratings (DSR); 
and (5) a sonic fatigue margin is used to describe fatigue performance rela
tive to design life goals. 

Comparative Analyses 

Although fatigue tests of components and the entire airframe are extremely 
valuable in the early life of a given model, the proof-of-quality stems from ac
cumulated experience of maturing fleets. Boeing uses comparative analysis 
methods to verify fatigue analysis systems and to provide a basis for timely 
and efficient maintenance planning actions. The operational Boeing jet fleet 
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is used as a large group of test specimens loaded in real life environment to 
demonstrate service-demonstrated fatigue life and to predict future fatigue 
performance. 

The techniques used to perform the fleet-demonstrated life calculations 
have been described by Craig and Goranson.-' The status of the Boeing fleet 
is surveyed continuously in terms of operating statistics, and this information 
is summarized for all designers and analysts for each model and series com
bination. Some relevant statistics are (/) data base represents over 3000 ac
tive aircraft; (2) total fleet experience exceeds 60 million flight cycles; and (J) 
daily utilization exceeds 17 000 flights. 

Two techniques are employed to derive fleet demonstrated lives. Where a 
statistically significant number of small fatigue cracks have been reported, a 
two-parameter Weibull distribution is assumed, and maximum-likelihood 
estimates of the shape parameter and central tendency lives are determined. 
These estimates are used to determine fleet demonstrated DFR values, thus 
providing a means of relating service experience for one model to other 
models with different utilization characteristics (Fig. 15). Significant fleet 
findings, often augmented by extensive teardown inspections, are also used 
to update fatigue methods and allowables described previously. Correlation 
between predicted probable damage locations and fleet inspection/teardown 
findings is illustrated in Fig. 16. 

Damage Tolerance 

The key objective for aircraft structure designed to the damage tolerance 
concept has always been to minimize the risk of catastrophic failure resulting 

1975 1976 1977 1978 1979 1980 1981 
YEAR 

DFR-FATIGUE RATING 

FIG. 15—Comparative fatigue analysis example. 
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FIG. 16—Correlation between prediction and service findings. 

from fatigue cracks, corrosion, manufacturing defects, or accidental damage 
occurring in service. The damage tolerance design approach in the 1950s and 
1960s was essentially focused on multistructural member concepts, with 
established strength requirements for the failure or obvious partial failure of 
a single structural element. Considerable testing was conducted to verify 
design concepts (Fig. 17). 

Damage tolerance and safe-life are the two methods of achieving structural 
operating safety (Fig. 18). Up to three separate but related technologies are 
involved in the damage tolerance assessments as shown for Category 3. Only 
landing gear structures are qualified under Category 4 for Boeing jet trans
ports, since required damage detection sizes are very small for the high 
strength alloys used. 
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FIG. 17—Fail-safe test verification examples. 
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FIG. 18—Safety analysis requirements for damage tolerant and safe-life structure. 

Residual Strength 

The maximum allowable damage that a structure can sustain at critical 
fail-safe load is a key to the level of damage growth and inspections needed to 
assure damage detection. Monolithic, and particularly brittle, structures tend 
to conform closely to the engineering theory of fracture mechanics. Built-up 
aircraft structures consist of sheet elements reinforced by stiffening elements 
joined together by fasteners. Interaction between these cracked and uncracked 
elements cause significant redistribution of stresses. Failures are precipitated 
by local exhaustion of plastic strain capability of the most critical elements 
and/or net section failures involving a mixture of fracture mechanics and 
transitional behavior in some elements. Ductile aluminum alloys frequently 
used in commercial transports are difficult to characterize by fracture tough
ness values alone and special allowables are necessary in many instances. 

Failure Modes and Criteria—The residual strength of the structure has to 
equal or exceed the regulatory fail-safe loads. This determines the increasing 
amount of damage that can be sustained and is a key element of the Inspec
tion Analysis described later. Several failure modes are illustrated in Fig. 19 
for a broken central stiffener case as follows: (A) dynamic extension of short 
skin crack, possible crack arrest at splice stiffeners; (B) unstable skin crack 
extension followed by crack arrest at adjacent stiffeners; (C) adjacent stiff-
ener/fastener failures after skin crack arrest; (D) unstable skin crack exten
sion, arrested at splice stiffeners; and (E) splice stiffener/fastener failures. 

To minimize inspection requirements for damage-tolerant structures, ob
vious damage-containment capability such as splice-to-splice wing panel 
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FIG. 19—Potential failure modes for stiffened panels. 

failure with massive fuel leakage or large fuselage cracks resulting in safe 
decompression are desirable design objectives. 

Some of these failure conditions can be determined by stress intensity fac
tor and/or /?-curve methods, depending on material ductility and fracture 
toughness characteristics. Interaction between net section failure behavior 
and elasto-plastic element deflection constraints tend to limit traditional 
fracture mechanics applications. Configuration factors reflecting element 
deflections and load distributions can be applied for less ductile alloys for 
which fracture toughness properties tend to govern the failure behavior. 

In addition to primary cracking, multiple damage considerations require 
assessment of cracking in adjacent structure. These configurations comprise 
part-through or through-the-thickness crack fronts for which different failure 
criteria apply. Analysis of test data from a variety of sources indicates that 
failure of cracked elements may be precipitated by two potential failure 
mechanisms (modes): 

Fracture Mechanics Modes—Classic principles of linear elastic fracture 
mechanics (LEFM) can predict failure below 90 percent of yield strength 
(through-thickness cracks) or ultimate strength (part-through cracks). 

Transition Mode—The effects of yield and ultimate strength on net sec
tion stress must be considered if LEFM predicts higher than 90 percent of 
yield or ultimate strength, respectively. 

These failure modes are illustrated in Fig. 20 for through-the-thickness 
cracks. Tests have verified the convergence to yield strength for through-the-
thickness cracks approaching infinitesimal sizes. It should further be noted 
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FIG. 20—Residual strength parameters. 

that part-through cracks in structures may arrest at a larger through-the-
thickness crack length under certain plane stress conditions. 

Material Allowables—Fracture toughness properties define the ability of a 
material to resist rapid fracture in the presence of fatigue cracks or other 
flaws. The stress intensity, K, derived from linear elastic stress analysis is nor
mally used for material characterization. The fracture toughness levels are 
influenced by stress-strain states along the crack front, strain rates, and 
temperature. Material properties and thickness essentially determine whether 
plane stress or plane strain conditions prevail. Characterization of fracture 
toughness in the plane stress or transitional stress conditions is complicated 
by the degree of crack-tip plasticity and the associated stable crack extension 
manifested prior to final fracture. Consideration of these characteristics is 
essential for realistic residual strength assessments. Typical aircraft panels of 
ductile materials tend to exhibit net section failure stresses near yield. De
velopment of fracture toughness parameters for such alloys requires large 
test panels to validate complex structural design. Recent advancements in 
the crack resistance concept offer promising solutions for ductile alloys by 
obtaining /?-curves from test and avoiding use of empirical ^^-values to 
match test data. Figure 21 illustrates solutions for a stiffened wing panel with 
substantial stable skin crack growth prior to dynamic extension at approxi
mately two bays. 

Built-up panels loaded to fail-safe levels tend to exhibit substantial local 
deformations of critical elements. Failure analyses are thus dependent on 
elasto-plastic deflection allowables for both fastener and skin/stringer ele
ments. Traditionally available static strength property data often fail to in
clude such ultimate deflections which tend to govern failure sequences of 
complex structures. 

Configuration Factors, Y—Configuration factors, Y, used for damage 
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FIG. 21—Resistance curve analysis. 

growth evaluations and residual strength checking of monolithic structures 
are often based on linear elastic fracture mechanics principles. The failure 
modes of complex structures may need to be evaluated differently, because 
several elements may experience large deflections and stresses beyond yield. 
Failure criteria must therefore recognize the transition into static-strength-
type failures for small cracks. Elastic failure analysis of a stiffened panel in
dicates fastener elements are most critical, while elasto-plastic analysis indi
cates skin material criticality. In addition to configuration factors, Y, load 
redistribution factors, C, are often required for evaluation of critical ele
ments. These factors define local stress fields resulting from a given amount 
of cracking—that is, a cracked stringer across a partly or fully broken skin 
bay—and are applied to the gross area stress. Figure 22 shows detailed con
figuration factors, Y, and load redistribution factors, C, for one of the typical 
analysis configurations shown in Fig. 23. 

Crack Growth 

The rate of damage propagation is a function of material properties, struc
tural configuration, environment, crack length, and operating stress levels. 
Damage detection assessments require crack grovrth data from detectable 
lengths to the critical damage defined by residual strength analyses. Recog
nition of multiple damage is a key ingredient in such evaluations. Boeing has 
developed dependent and independent crack size criteria in relation to the 
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FIG. 22—Configuration load redistribution factor—wing. 

detectable lead crack, as shown schematically in Fig. 24. These guidelines 
have been established by detailed evaluations of typical configurations and 
verified by teardown inspections of test panels. This procedure eliminates the 
need for time consuming evaluations of initial secondary crack growth peri
ods—for example, skin crack size associated with a detectable stringer crack. 

Efficient use of normalized damage models and calculation of relative 
growth per flight, including load sequencing effects, permits separation of 
the material, stress, and geometry parameters. Significant features of the 
Boeing damage growth analysis system are shown in Fig. 25. Solution of the 
G-integral for typical configurations in combination with material ratings, 
M, and crack stress ratings, S, provides the basic ingredient for rapid dam
age growth evaluations. 

Material Crack Growth Ratings, M—Crack-tip stress intensity has proven 
to be the most relevant parameter for prediction of growth rates with any 
combination of stress, geometry, and crack length. The majority of relevant 
crack grovrth rate data, for crack lengths between detectable and critical, 
falls in the intermediate linear portion, and damage growth models have 
evolved based on extensive experimental test evidence (Fig. 26). The mini
mum stress factor, Z, collapses the family of growth rate curves for different 
stress ratios into a single curve. The focal point, M, represents the maximum 
stress intensity at a selected standard crack-tip growth rate and serves as a 
fundamental material parameter. Design data for different environments 
have been established in terms of M-values reflecting effects of temperature, 
humidity, loading frequency, etc. The slope parameter, p, is dependent on 
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FIG. 23—Typical wing residual strength configuration. 
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FIG. 24—Multiple-site damage criteria. 
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F I G . 26—Material crack growth rating. 

material characteristics. A representative value oip is established for a group 
of alloys to facilitate large-scale analyses. This allows calculation of relative 
growth per flight and the derivation of geometry factors for typical structure. 

Geometry Factors, G—Efficient evaluation of the multitude of geometries 
encountered in aircraft structure requires separation of geometry and stress 
related parameters affecting the crack-tip stress intensity. A technique in
volving unit stress solutions is used to obtain equivalent stress intensities be
tween initial and final crack lengths (Fig. 27). Geometry factors are based on 
an extensive library of stress intensity solutions for both simple and complex 
structure. Configuration component factors, J, account for parameters such 
as edge margins, crack eccentricity, crack-tip proximity to stress concentra
tions, other active crack-tips, and stress redistribution in stiffened structures 
dependent on stiffening ratios, fastener pitch and flexibility, etc. The con
figuration factor, Y, is then obtained by combining one or several linearly in
dependent 7-factors: Y = J^-Jj-Ji • • • 

Two- or three-dimensional finite element solutions incorporating isopara
metric, quadrilateral singularity elements are often required to obtain solu
tions for structures with interacting cracks in several members. Figure 28 
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FIG. 27—Geometry factor concept. 
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FIG. 28—Configuration factor example—shear tied frame. 

shows the combination of /-factors for determining the configuration factor, 
Y, for a longitudinal skin crack between fuselage shear tied frames. The indi
vidual /-factors are illustrated in Fig. 29. 

It is apparent that such complex combinations are not readily usable by engi
neers engaged in strength checking. Computerized routines with libraries of 
y-factors have therefore been established to derive G-charts for typical con
figurations and to provide solutions for special configurations and material. 

Figure 30 shows a typical G-chart for several final crack lengths, Lp, and 
stiffening ratios, R^. The total geometry factor, G, can be obtained by com
bining different stages of crack growth for through-the-thickness growth, 
followed by growth to a free edge then to the critical or final crack length; 
that is, G = Gi^P + G2~'' + G^'P. Similarly, G, can be obtained for crack 
growth through a stringer, followed by skin crack growth to critical length. 
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FIG. 30—G-factor for fuselage panel. 

Crack Stress Ratings, S—Operating load conditions and spectra defined 
for durability analyses are also used for crack growth evaluations. Normal
ized spectrum crack growth evaluations can be performed on a flight-by-
flight basis for fbced M/G values based on models reflecting growth rates at 
different combinations of alternating and steady-state crack-tip stress inten
sities. This eliminates repetitive cycle-by-cycle calculations for each combi
nation of structural configuration, material, and crack length. The normal
ized damage analyses incorporate load sequencing effects to accommodate 
retardation-acceleration phenomena peculiar to jet transport loading spec
tra. The crack stress rating, 5, collapses both spectrum and load sequencing 
effects into a single parameter reflecting damage growth per flight (Fig. 31). 

Damage Detection 

Detection of damage before it becomes dangerous is the ultimate control in 
ensuring damage tolerance throughout the economic life of the structure. It 
is important to note that for a specific detail the basic objective is the detec-
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FIG. 31—Stress environment rating (S). 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



76 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

tion of "any" damage in the fleet, and not necessarily the most critical. It is 
then standard industry practice to investigate the damage circumstances 
and, when necessary, to call for inspection of all aircraft in the fleet at a de
tectable damage threshold, and to take other appropriate action. There are 
three principal sources of damage to aircraft structure; these must be con
sidered independently (Fig. 32). Rating systems for these three primary 
damage sources provide a direct quantitative means of determining inspec
tion requirements for maintaining structural integrity in a fleet of aircraft. 
Successful past practice and manufacturer and operator experience is used to 
determine the minimum inspection requirements. Full maintenance flexi
bility, which is essential for economic operation of the fleet, is retained with
out compromising safety. 

Environmental Deterioration Rating (EDR) and Accidental Damage Rat
ing (ADR) Systems—Environmental deterioration, which may or may not be 
time dependent, is characterized by structural deterioration caused by an 
adverse environment. For example, deterioration resulting from a breakdown 
in surface protection is more probable as the calender age increases; con
versely, corrosion due to galley spillage is a randomly occurring discrete event. 

Maintenance programs must provide assurance of timely detection of cor
rosion or stress corrosion, that is, before the damage exceeds applicable reg
ulatory requirements. Requirements to achieve this are based on an evalua
tion of susceptibility to and timely detection of this type of damage (Fig. 33). 
Susceptibility is assessed on the basis of probable exposure to an adverse en
vironment and the adequacy of the protective system. Timely detection is 
assessed on the basis of sensitivity to relative size of damage and accessibility 
and visibility of the structure for inspection. Manufacturer and operator ex
perience is a key ingredient for this type of evaluation. Inspection require
ments from this evaluation are applicable to all aircraft in the fleet for both 
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FIG. 32—Principal damage sources. 
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FIG. 33—Environmental Deterioration Rating (EDR) system. 

damage tolerant and safe life structure. A fleet leader inspection program 
can be used to protect the fleet from time or age dependent sources of en
vironmental deterioration. 

Accidental damage is characterized by the occurrence of a random discrete 
event that reduces the inherent level of residual strength. Sources of such 
damage include ground and cargo handling equipment; manufacturing im
perfections, foreign objects, erosion from rain, hail, lightning, etc.; runway 
debris; spillage; and human error during assembly, operation and mainte
nance. 

Large-size accidental damage, such as that caused by engine disintegra
tion, bird strike, and major collision with ground equipment, is considered 
as obvious. This type of damage is covered by specific regulations that re
quire evaluation of residual strength capability for a short period of time. 
The maintenance program for all other types of accidental damage must pro
vide assurance of timely detection of the damage before it exceeds applicable 
regulatory requirements. 

Maintenance requirements to achieve this are based on an evaluation of 
susceptibility to residual strength after, and timely detection of, this type of 
damage (Fig. 34). Susceptibility is based on the likelihood of the structure 
receiving accidental damage. Residual strength is considered on the basis of 
the probable size of accidental damage, relative to critical damage size. Timely 
detection is considered on the basis of rate of growth after accidental damage 
and the accessibility and visibility of the structure for inspection. Inspection 
requirements from this evaluation are applicable to all aircraft in the fleet for 
both damage tolerant and safe life structure. 
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• ADR = SUSCEPTIBILITY INDEX + TIMELY DETECTION INDEX 

SUSCEPTIBILITY AND 
RESIDUAL STRENGTH INDEX 

ESTIMATED 
RESIDUAL 
STRENGTH 
AFTER 
ACCIDENTAL 
DAMAGE 

LOW 

MEDIUM 

HIGH 

LIKELIHOOD OF 
ACCIDENTAL DAMAGE 

ABOVE 
AVERAGE 

0 

1 

2 

AVERAGE 

1 

2 

3 

BELOW 
AVERAGE 

2 

3 

4 

VISIBILITY 
OF THE SSI 
FOR INSPEC
TION DURING 
SCHEDULED 
MAINTENANCE 
CHECKS 

BELOW 
AVERAGE 

AVERAGE 

ABOVE 
AVERAGE 

SENSITIVITY TO 
DAMAGE GROWTH 

HIGH 

0 

1 

2 

MEDIUM 

1 

2 ' 

3 

LOW 

2 

3 

4 

FIG. 34—Accidental Damage Rating (ADR) system. 

Several parameters used to determine EDRs and ADRs stem from the 
same basic considerations. Many of the decisions used to determine these 
ratings are based on previous experience. In some cases, the operators have 
most of the background knowledge for determining relative values, and in 
other cases, it is the manufacturer. The primary responsibility for determin
ing the relative values is shown in Fig. 35, based on inputs from both the 
operators and Boeing. 

Worksheets are used to determine the EDRs and ADRs for all the Struc
turally Significant Items (SSIs) in the same general location and to allow con
venient overviews of ratings so that appropriate inspection tasks can be de
fined for the SSIs. Since the rating assessments are relative to a given zone, 
no specific rating versus inspection interval can be established. Each zone 
will have a service proven acceptable level for external or internal surveillance. 
For example, external inspections of C or 2C, and internal at 4C, are used in 
many locations. These typical surveillance levels, which will generally be de
fined by the operators, should be related to the midportion of the rating 
scale. A zero rating is unacceptable, and added protection, or redesign, is re
quired. The lowest acceptable rating, one, is generally related to the mini
mum interval the operators will use for inspecting a few critical details in the 
zone. Accessibility of these details is obviously a prime consideration. 

Both the EDR and ADR systems are primarily subjective, relying heavily 
on past operator and manufacturer experience. To account for damage from 
unforeseen circumstances, a maximum interval for general surveillance should 
be determined for each zone. These intervals are generally quite short, for a 
new airplane model, until experience is gained in the fleet. Typical intervals 
used are IC or 2C for external inspections and 4C for internal inspections. 
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FIG. 35—Summary of key considerations and responsibilities for EDR and ADR evaluations. 

On the new airplane models, reasonable access has generally been provided 
to all internal areas where previous experience has shown structural damage 
may occur. In other internal areas with a lower than average rating, but diffi
cult access, an age exploration program is generally used. This means that at 
the maximum interval prescribed for internal inspections, each operator will 
inspect some part of their fleet on a rotational basis. The sample sizes used 
for age exploration are generally '/s for tension loaded structure and Vio for 
compression loaded structure. 

Having established minimum, average, and maximum inspection intervals 
for each zone, the EDR and ADR system values can be evenly distributed be
tween the known values. The resulting inspection program will have shown 
general surveillance proven adequate by previous service experience and a 
clear indication of structure requiring special consideration within each zone 
(Fig. 36). 

Fatigue Damage Detection Rating System—Damage detection is normally 
considered in terms of the damage size at the time of an inspection, and the 
inspection method or procedure used. While this is still the basis for evalu
ating damage detection, there is a'multiplicity of events which significantly 
increase the probability of detecting fatigue damage in aircraft structure 
(Fig. 37). The probability of detecting fatigue damage that has occurred on a 
specific detail in a fleet of aircraft is a function of three independent proba
bilities previously addressed by Goranson and Hall (Fig. 38).'' 

••Goranson, U. G. and Hall, John, "Airworthiness of Lxjng-Life Jet Transport Structures," 
The Royal Aeronautical Society Spring Convention on Long-Life Aircraft Structures, London, 
May 1980. 
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RATING 

•1 

2 

3 

4 

5 

6 

7 

8 

GROUND RULES FOR ESTABLISHING 
STRUCTURAL INSPECTION INTERVALS 

LOWEST PRACTICAL INTERVAL FOR INSPECTING A FEW 
CRITICAL SSI's IN THE ZONE CONSIDERED 

INTERMEDIATE INTERVALS EQUALLY SPACED BETWEEN 
INTERVALS ESTABLISHED FOR 1 AND 4 

SERVICE PROVEN ACCEPTABLE INTERVALS FOR EXTERNAL 
OR INTERNAL SURVEILLANCE OF THE ZONE CONSIDERED 

INTERMEDIATE INTERVALS EQUALLY SPACED BETWEEN 
INTERVALS ESTABLISHED FOR 4 AND 7/8 

MAXIMUM INTERVAL CONSIDERED ADEQUATE FOR DETECT
ING DAMAGE FROM UNFORESEEN CIRCUMSTANCES. THE 
INTERVALS ARE GENERALLY BASED ON ECONOMIC CON
SIDERATIONS FOR ACCESSIBILITY AND REPAIR. AN AGE 
EXPLORATION PROGRAM IS USED FOR INTERNAL STRUC
TURE WITH DIFFICULT ACCESS 

FIG. 36—Relationship between ED/AD ratings and inspection intervals. 
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FIG. 37—Damage detection in a fleet of aircraft. 

The probability of inspecting an aircraft with a damaged detail, P^, is a 
function of the number of aircraft inspected and their position in the fleet rela
tive to a given fatigue life. With the assumption that damage has occurred, 
P\ = \ when the full fleet is inspected. The influence of inspection sampling 
procedure on P^ is shown in Fig. 39. The fleet leader and selected high-time 
curves show the advantages of supplemental inspections on fleet leader air
craft. These curves will vary in shape with fleet size and use. Values of P2. the 
probability of inspecting the detail considered, will generally be one or zero 
for an individual airline. This value determines which maintenance levels are 
used to inspect the detail. Typical fleet values are used for design checking 
purposes. For a single inspection of the detail considered {P2 — 1) on an air
craft with damage (Pj = 1), the probability of detecting damage P3, is a 
function of crack length, inspection check level, and detection method (for 
example, visual, ultrasonic). It is considered in terms of a three-parameter 
WeibuU distribution: 
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i'l = 1 - EXP 

in which the three parameters are: XQ, the threshold below which cracks are 
assumed undetectable; X, the characteristic crack length of the distribution; 
and a, the shape function. P3 is derived from service cracking data, taking 
due account of the inspections that failed to detect a known crack (Fig. 40). 

A large data base of reported service cracking is used to determine individ
ual aircraft crack sizes at previous inspections. The total number of non-
detection events is usually 20 to 50 times larger than the detection events and 
influence the detecting probabilities significantly (Fig. 41). Data bases are 
continuously updated and provide a viable link to operator maintenance 
practice in terms of damage detection statistics. 

PROBABILITY OF INSPECTING 
AN AIRCRAFT WITH DAMAGE 

PROBABILITY OF 
INSPECTING DETAIL 
CONSIDERED 

PROBABILITY OF 
DETECTING DAMAGE 

FIG. 38—Probability of damage detection (PQ). 
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FIG. 39—Probability of inspecting an aircraft with damage (P)). 
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FIG. 40—Detection and nondetection events. 
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FIG. 41—Effect of nondetection events. 

To ensure continued safe operation, it must be shown that there is a high 
probability of detecting fatigue damage in the fleet before any damage ex
ceeds the applicable regulatory requirements. The safe damage detection 
period, therefore, ranges from a detectable crack threshold to critical dam
age size for fail-safe load (Fig. 42). It is important to note that failure to detect 
damage before exceeding the critical size does not automatically mean loss of 
an aircraft. Catastrophic failure will only occur if the damaged aircraft ex
periences the design fail-safe load while the critical size crack remains un
detected, an extremely unlikely event. 
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CRACK 
LENGTH 

P, = PROBABILITY OF DETECTING 
A CRACK OF LENGTH L WITH 
A SINGLE INSPECTION USING 
A GIVEN INSPECTION METHOD 

SAFE DAMAGE 
DETECTION 
PERIOD 

FIG. 42—Safe damage detection period (N). 

Crack length at the time of an inspection is random. The last inspection 
during the damage detection period, N, occurs at some point during the final 
inspection interval, N (Fig. 43). A typical location for the final inspection 
corresponds to the average P3-value during the interval N. With the position 
of the final inspection established, the previous inspections are spaced at in
tervals of N, prior to this. A crack length and hence P3-value can now be 
associated with each inspection. Assuming Pi = P2 = 1.0, the cumulative 
probability of detection for a single airplane during the period N is derived by 
considering the product of the nondetections in the equation 

P3 = 1 - n (1 - P3,) 
1 = 1 

where n is the number of inspections (integer). 
In some cases the inspection interval N is equal to or greater than the dam

age detection period. For these cases, the location of the inspection is derived 
by considering N = N. The probability that this inspection will occur during 
the period N is accounted for by the equation 

P3 = A -AWV 

Experience has shown that when damage is detected in the fleet, further 
inspections generally reveal additional damage in the same detail on other 
aircraft and/or a similar detail at another location. Additional damage in the 
fleet increases the probability of detecting at least one crack. The number of 
flights between damage occurrences in the fleet of the same detail, AN, can 
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• RANGE OF POSITION FOR FINAL INSPECTION 
DURING PERIOD N CORRESPONDS TO N 

^ / — I — RANDOM LOCATION OF FINAL INSPECTION DURING PERIOD N 

LOCATION OF PREVIOUS INSPECTIONS IS 
KNOWN IN RELATION TO LAST INSPECTION 

INSPECTION NUMBER 
THRESHOLD OF 
DAMAGE DETECTION 

FLIGHTS 
SAFE DAMAGE DETECTION PERIOD 

FIG. 43—Multiple inspections. 

be derived from actual fleet cracking statistics or from fleet utilization and 
fatigue life distribution. If the first damage is detectable at iVj-flights, the 
second damage will reach the same level of detectability at N^ + AN, and the 
third at JVi + 2 AN (Fig. 44). 

Each successive crack occurring during the period N has a reduced interval 
for detection and final crack length. Taking this into consideration, the 
cumulative probability of detection can be determined for each crack using 
the same procedure. From this the probability of crack detection in the fleet, 
using a given inspection method and frequency, is given by 

m n 

^3 = 1 - n E d - p,ij) 
7 - 1 ' = 1 

where the P^ij are the probabilities of detection on the ith inspection on the/th 
cracked airplane. During the damage detection period N, m is the number of 
cracked aircraft, and n is the number of inspections performed on the j th 
cracked airplane. 

For convenience an equivalent constant probability of detection for each 
inspection can be defined by 

P , = 1 - (1 p^)N/S 

Considering all levels of inspection in the fleet, the cumulative probability 
of damage detection is given by 

i'D = l - n ( l - P d , ) 
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NUMBER OF FLIGHTS AVAILABLE FOR DETECTION 
OF FIRST CRACK IN THE FLEET = N (SAFE DAMAGE 
DETECTION PERIOD) 

THRESHOLD OF DAMAGE DETECTION 

NUMBER OF FLIGHTS AVAILABLE FOR DETECTION 
OF SECOND CRACK IN THE FLEET = N - AN^ 

NUMBER OF FLIGHTS AVAILABLE FOR DETECTION 
OF THIRD CRACK IN THE FLEET = N - (AN, + ANg) 

FIG. 44—Multiple cracking in the fleet. 

where 

Pd = i ' i-i '2-^3. and 
/ = applicable inspection {A, B, C, D, or S). 

Values of PQ such as 0.999 and 0.998 appear to be very close. If the prob
ability of not detecting damage (1 — Pp) is considered, it can be seen that 
there is actually a two to one difference in these values. This provides a better 
comparison between Pjg-levels. To provide a direct qualitative measure of 
design and/or maintenance planning actions, an equivalent number of 50/50 
opportunities of detection is used to define a Damage Tolerance Rating 
(DTR) (Fig. 45). 
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FIG. 45—Damage Tolerance Rating IDTR) definition. 
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The DTR system uses the principal random variables that influence dam
age detection in the fleet and is the most suitable for comparative analysis of 
similar structural details. The procedure for using the DTR system for a 
quantitative comparative detectability evaluation is outlined in Fig. 46. The 
most realistic and reliable method for establishing acceptable damage detec
tion characteristics is to evaluate previous service cracking history. In some 
cases the design configuration or damage detection circumstances are con
sidered inadequate and the service data should only be used indirectly or not 
at all. For most cases the design and/or the damage detection circumstances 
are adequate and can then be used with the corresponding maintenance 
history to establish demonstrated acceptable DTRs. 

The maintenance planning requirements for new design, or existing struc
ture where damage has not been detected, can be evaluated by the DTR sys
tem. The calculated DTR for a maintenance plan is derived by considering 
fleet demonstrated detectability standards in conjunction with typical crack 
growth/residual strength characteristics. The detectability margin is ade
quate if the calculated DTR is equal to or greater than the demonstrated ac
ceptable DTR. 

Conclusions 

This paper has outlined the criteria and procedures used to design long-life 
damage tolerant commercial aircraft structures. New durability and damage 
tolerance technology development has been spurred by revisions to federal 
airworthiness regulations and the desire to maintain the present credible 
safety record in the aging fleets. 

Assurance of continuing airworthiness requires adequate durability and 

: ^ ^ ^ ^ - ^ « ^ ^ ' " 

FIG. 46—Comparative detectability evaluation. 
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damage tolerance design of all primary airframe structure. This leads to de
velopment of technology control methods suitable for use by large teams of 
nonspecialist engineers. These methods are adapted from traditional fatigue 
and fracture mechanics technologies supported by a large test and service ex
perience data base. 

Damage tolerance rating systems are being developed to allow proper 
recognition of damage detection opportunities in a fleet of aircraft with pos
sible multiple cracking events and subjected to a multitude of inspections. 
These systems provide efficiency measurements of flexible manufacturer/ 
operator/certifying agency actions to ensure continuing structural airworthi
ness. 

The next generation of Boeing commercial jet transports will incorporate 
these technological advancements from the outset, assuring continuing air
worthiness and economic operation throughout their service life. Im
provements in the design process and efficient surveillance of operating air
craft will continue to produce one of the world's safest transportation systems. 
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Fatigue Resistance," Design of Fatigue and Fracture Resistant Structures. ASTM STP 
761, P. R. Abelkis and C. M. Hudson, Eds., American Society for Testing and Ma
terials, 1982, pp. 91-109. 

ABSTRACT! The problem of fatigue of welded steel connections in sea water is reviewed, 
and it is demonstrated that this failure mode is most troublesome in deep water or rough 
sea locations where 107 to 108 relatively low-stress range load excursions must be antici
pated during a typical design life. Mechanical, material, and environmental variables 
which influence this fatigue are discussed; and attention is focused upon the effects of 
cathodic protection, where existing data appear contradictory. The appropriateness of a 
design procedure which integrates S-N and (da/dN)-AK data is discussed, and examples 
of its applicability to welded specimens and connections in sea water are presented. 

KEY WORDS: fatigue, sea water, offshore structures, cathodic protection, welded steel, 
fracture mechanics 

Nomenclature 

a Crack depth 
E Young's modulus 
A 6 Strain range per fatigue cycle 
AK Stress intensity range 
AKa Threshold stress intensity range 
Ms Free surface stress correction factor 
M, Finite thickness stress correction factor 
Mp Plasticity stress correction factor 
Mk Stress concentration due to geometry of weld reinforcement 
N Cycles of loading, cycles to failure, or cycles of crack growth 

•Professor and Director of the Center for Marine Materials, Department of Ocean Engineer
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R Ratio of minimum stress to maximum stress per cycle 
S Stress per fatigue cycle 
0 Complete elliptical integral 

Fatigue has been judged to be an important factor with regard to the integ
rity of offshore structures [1-4].^ Historically, marine engineering activity 
such as petroleum production has taken place in relatively shallow, calm 
waters (near-shore Gulf of Mexico, for example). For this type of exposure, 
failure due to fatigue is typically of lesser consequence than damage from oc
casional severe storms, the latter being readily accounted for in terms of ex
isting design criteria [3]. On the other hand, weather and sea-state condi
tions in frontier-type areas, such as the North Sea and Gulf of Alaska, are 
more severe. Figure 1 illustrates that during a 50 year period this latter type 
service may result in several orders of magnitude more stress cycles in the 70 
to 140 MPa (10 to 20 ksi) stress range than for the former (near-shore Gulf of 
Mexico). A similar situation arises for deep-water structures, even in relatively 
calm waters, due to the fact that the period of small waves is close to the first 
mode period of the structure [3]. 

Based upon this rationale it is apparent that design of offshore structures 
for service in deep water or rough seas requires that occurrence of 10^ to 10* 
cycles of relatively low stress amplitude and frequency in the range of 0.05 to 
0.5 Hz be considered. Development of realistic test data for these specific 
conditions requires unduly long test times, however; and so accelerated ex-
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FIG. 1—Projected long-term stress distribution for several different global locations [3]. 

2The italic numbers in brackets refer to the list of references appended to this paper. 
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periments have historically been employed for the purpose of developing in
formation from which design criteria are developed. Figure 2 illustrates that 
the intermediate portion of the AWS fatigue design curves [5] represents a 
lower bound to test data available as of several years ago [6]. The results in
cluded here are for tubular joint and similar as-welded specimens from vari
ous investigations. In all instances the welds conformed to a Class C profile, 
where the weld metal merges smoothly with the parent plate. Note that there 
are actually two curves beyond 2 X 10*" cycles. The AWS-X considers that 
the S-N curve levels off in the high-cycle regime, perhaps due to a beneficial 
influence of cathodic protection. Design based upon this curve has more 
recently been judged as lacking appropriate conservatism [7], as will be 
discussed subsequently. Alternatively, the AWS-X Modified represents a 
straight-line extension of the lower cycles curve, possibly reflecting concern 
on the part of its formulators for corrosion and for the presence of notches. 

The point of emphasis here, however, is that the choice and justification of 
these or any other design curve beyond about 10* cycles is difficult based 
upon past experimental information. On the one hand, designers must incor
porate adequate conservatism into their plan; alternatively, the economic 
penalties for overdesign may be enormous. 

The purpose of the present paper is to discuss various important aspects of 
the high-cycle fatigue problem for welded steel in sea water and to evaluate 
applicable data that have recently become available. Also considered is a 
new, potentially useful approach to this problem which could lead to en
hanced confidence in design procedures and to better certainty regarding 
scheduling of inspection and repair operations. 

Fatigue Variables 

While the lack of relevant high-cycle fatigue data, as apparent from Fig. 2, 
is due in part to the fact that we are dealing with large numbers of relatively 
low amplitude stress cycles which are applied at a slow rate, the difficulty in 
establishing a confident design curve in the high-cycle region is compounded 
by the complex nature of fatigue of welded steel in sea water and by the large 
number of significant variables. These include (/) a complex service stress 
history, (2) the variable structure and properties of welds, and (J) influences 
from sea water and cathodic protection. 

Service Stress History 

To accomplish fatigue design calculations a Miner's rule type procedure is 
specified, where the long-term sea state is divided into an appropriate num
ber of sub-states. Thus, the damage which results from the significant stress 
range of each, when applied for the appropriate number of cycles, is deter
mined; and the net damage, D, is then determined by summing the contri-
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bution from all sub-states. Such a technique is generally recognized as being 
an approximation only because firstly, it neglects interactive effects and, 
secondly, it considers stress cycles below the endurance to be nondamaging. 

The aircraft and automotive industries have developed standardized load 
spectra for the purpose of overcoming the aforementioned difficulty. How
ever, activity in the offshore fatigue community has not yet advanced to this 
same extent, although recently several spectra have been proposed which 
might ultimately achieve this [8-11]. Little fatigue data based upon these are 
yet available, however. 

Structure and Properties of Welds 

While it is generally recognized that numerous types of defects influence 
mechanical properties of welded members, the weld profile and the stress 
concentration that results are considered to be particularly important with 
regard to tubular connections of offshore structures [6]. Analytical investiga
tions have addressed the significance of weld height, angle, and toe radius, as 
illustrated in Fig. 3, upon the stress concentration that results at welds [12]; 
and tests have shown that fatigue life increases with decreasing weld height 
[13] and with increasing included angle [13,14]. While decreasing toe radius 
increases the stress concentration factor, the significance of this variable is 
apparently less than for the other two factors (weld height and angle) [13]. 

The offshore industry generally specifies that connections conform to a Class 
C weld, which requires that weld metal merge smoothly with the adjoining base 
metal. Concerns regarding whether or not such weld quality is universally 
realized on actual structures, along with recent test results employing 
specimens without profile control, have prompted a more conservative set of 
design curves [15]. These are illustrated in Fig. 4, where it is apparent that 
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FIG. 3—Schematic representation of a butt weld in terms of weld height, h, weld angle, 
and toe radius, R. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



96 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

2 

I I M{ 1 n T | 1 TTT] I TTT] I rTT| I I~rT 

API-X 

API-X' 

o Butt welds and/or controlled profile 
• Fillet welds artd/or urtcontrolled profile 

I I I I I I I I I I I M i l I I I I I I M i l I I I I I I I I I I I I I I 
10= 10̂  ro' \(f [6' 

CYCLES-TO-FAILURE 
10° 10' IC" 

FIG. 4—Fatigue data from various investigations as referenced to the API-X and API-X' 
design curves. 

recent data for specimens with profile control [16-18] fall to the safe side of 
the API-X (alternatively, AWS-X Modified) curve. Similarly, the API-X' 
curve is conservative with regard to the data from specimens without profile 
control [19.20]. 

Electrochemical (Corrosion) Factors 

It is generally recognized that the presence of an aqueous corrosion environ
ment reduces fatigue resistance of steel compared with exposure in air [21]. 
This corrosion component of the net 'damage is generally more significant the 
lower the cyclic stress amplitude [22] and the less the frequency [23]. Hence it 
is in the high-cycle region of the S-N curve where corrosion is likely to be 
most influential. 

Numerous fatigue investigations employing smooth structural steel speci
mens have demonstrated that any corrosion prevention technique which re
duces the rate of uniform attack enhances fatigue resistance. For example, it 
has been shown that reducing the uniform corrosion rate to a sufficiently low 
value, either by deaeration [23] or by cathodic polarization [24], restored the 
air endurance limit of 1018 steel specimens in a sodium chloride (NaCl) solu
tion. Similarly, several investigations have demonstrated that the endurance 
limit of notched steel specimens in sea water and synthetic sea water can be 
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increased to above the air value provided potential is sufficiently negative 
[25-27\. This result could be directly important to welded steel members, 
since the weld toe region represents, in effect, a notch. Figure 5 presents 
results of recent fatigue experiments where 25.4 mm thick by 152 mm wide 
welded ABS DH 32 steel specimens were fatigued in flowing sea water at 3 Hz 
[16]. With the exception of the single cathodically protected specimen which 
failed at 27 X 10^ cycles, all welds conformed to a Class C profile. Consistent 
with projections made above with regard to Figure 4, the data all lie to the 
safe or conservative side of the API-X design curve. The data also illustrate a 
beneficial influence upon fatigue resistance of cathodically polarizing the 
steel from the freely corroding potential [= — 0.65 V, saturated calomel elec
trode (SCE)] to —0.78 V. Improvement is even greater for polarization to 
—0.93 V, at least at the higher stress investigated (138 MPa). Since cathodic 
protection is the primary corrosion prevention technique which is employed 
to mitigate corrosion in submerged marine situations, these results may be 
directly applicable to design of offshore structures in the high-cycle regime. 

It has been suggested [28] that the fracture mechanics approach to design 
for fatigue prevention is particularly appropriate in the case of welded com
ponents, such as tubular joints of offshore structures, since defects in the size 
range 0.1 to 0.5 mm are typically present from the welding process [29]. 
Hence it may be reasoned that fatigue life of the member or structure is the 
number of cycles for such an initial crack-like defect to grow to critical size. 
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FIG. 5—Results of recent fatigue tests with respect to the API-X design curve. 
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Analyses based on this rationale, where the accepted relationship between 
stress intensity range and crack growth rate, 

da/dN = C{AK - AKQ)" (1) 

has been integrated between appropriate limits, have claimed good agree
ment of the results with experimentally determined S-N curves [28,30]. A 
problem with S-N curve prediction based upon fracture mechanics analysis 
becomes apparent, however, when the influence of environment and cathodic 
protection upon ordering of the crack growth rate curves is considered. For 
example, Scott and Silvester [31,32] have performed comprehensive fatigue 
crack growth rate (FCGR) determinations upon BS 4360 Grade SOD steel 
under cyclic stress and environment conditions comparable to those which 
occur at welded tubular connections of offshore structures. Figure 6 illus
trates their results for the freely corroding situation, where for AK < 18 MN 
jjj-3/2 crack growth rate in sea water was equal to or less than in air. This is 
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FIG. 6—FCGR versus stress intensity range data for freely corroding specimens under test 
conditions applicable to marine structures. 
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in qualitative agreement with data of Vosikovsky [33], who fatigued X-65 line 
pipe steel in a 3.5 percent NaCl-distilled water solution. If one considers, 
though, that the major portion of life of a welded member fatigued in the 
high-cycle regime occurs with the crack small, such that stress intensity 
range is low (<18 MN m" '̂̂ ^)^ ĵ jjen ^he fracture mechanics approach pre
dicts life in sea water to be greater than or equal to that in air. It is in the low-
stress region of the -̂A'̂  curve, however, where corrosion reactions have been 
found to have the most compromising influence upon fatigue life. 

Scott and Silvester [31] further observed that for the same experimental 
conditions as in Fig. 6 and for 20 < AK < 40 MN m"^''^ small amounts of 
cathodic polarization ( = 0.07 V) reduced crack growth rate relative to the 
freely corroding value by a factor of 0.3 to 0.4, but the rate increased with 
further polarization and at —1.00 V (Ag/AgCl) was in excess of that with no 
polarization. For AK < 20 MN m"-'^^, cracks propagated at about the same 
rate in both freely corroding and cathodically protected specimens. It is dif
ficult, however, to project trends for this latter experimental condition, first, 
because data are limited and, second, because crack growth is highly sen
sitive here to variations in stress intensity range. 

In the case of welded members it can be reasoned that crack growth rate at 
high mean stress intensities should be considered. Figure 7 presents data for 
this situation and shows crack growth rate under freely corroding conditions 
to be greater than in air down to 10~* m/cycle. Thus in this case the approach 
does allow a correct prediction of the S-N curve order. However, the same 
does not hold true for conditions of cathodic protection, since at low AK po
tential has little influence upon crack growth rate and for 10 < AK < 20 
MN m"^''^ polarization to —0.85 V enhances crack growth rate relative to 
the freely corroding value (Fig. 7). This result contrasts with the accepted in
fluence of potential upon ordering of S-N curves, as discussed previously in 
conjunction with Fig. 5. Based upon these comparisons it may be argued that 
an approach to fatigue design of welded components and structures for sub
merged offshore service involving small-amplitude stresses which considers 
life to be comprised solely of the time for small defects to propagate to critical 
size is inappropriate. 

A possible explanation for this apparent lack of correspondence between 
the S-N and (da/dN)-AK approaches to fatigue life prediction is that corro
sion and cathodic polarization have contrasting influences upon fatigue crack 
nucleation and crack propagation. Thus, in the high-cycle regime of the S-N 
curve the cycles for crack nucleation (alternatively, cycles for crack nuclea
tion and initial growth) may be significantly reduced by corrosion and en
hanced by cathodic polarization. The influence of potential upon crack 
growth is often opposite to this, however, as discussed in conjunction with 
Figs. 6 and 7. On the other hand, it may be that the interactive influence of 
sea water and cathodic polarization upon fatigue crack growth is not yet ade
quately characterized in the low AK (threshold) regime. The added possi-

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



100 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

loV 

-^ -6 
( ) 1 ^ O U 
O 

10 

UJ 

8 

cr 

< 

O 10 

10 
c9 

Sea Water 

I I I I 

-0.65V. (Ag/Ag CI) 

-0.85V. 

R-0.7 

o,»,(» R=0.85 

AlHests at 0.1 Hz 

J I I I I ' 

10 20 40 60 100 
STRESS INTENSITY RANGE, 

MNm-3/2 

FIG. 7—FCGR versus stress intensity range data for freely corroding and cathodicalty po
larized specimens under test conditions applicable to marine structures and for high R-values. 

bility that growth characteristics of cracks of the size of weld defects (several 
millimetres and less) might be different from larger cracks, as observed by 
Bardal et al [34,35], should be considered. 

A factor which additionally complicates quantification of fatigue crack 
growth rates in sea water under conditions of cathodic polarization is forma
tion of calcareous deposits [36,37] within the crack. These deposits are com
prised principally of CaCOs and Mg(OH)2 which precipitate on or near the 
metal surface as a consequence of the cathodic current and the resultant in
crease in pH of the electrolyte in this region [36]. Deposits have been ob
served to form preferentially within cracks [31], presumably because of 
greater alkalinity here, and to affect a reduction in crack growth rate or com-
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plete arrestment [26,27\. This has been attributed to a lowering of the effec
tive stress intensity range due to interference on the part of the deposits with 
crack closure [38]. 

The specimen in Fig. 5 which was cathodically polarized to —0.78 V and 
which failed at 27 X 10^ cycles requires special comment. Post-test section
ing disclosed an undercut approximately 0.35 mm deep at the weld toe (Fig. 
8). Despite this, fatigue life was still about 50 percent greater than for com
parable tests on freely corroding specimens without undercuts. This may be 
attributed to a significant benefit of cathodic polarization to —0.78 V upon 
fatigue crack growth during that period when the crack was small. 

Interface of S-N and (da/dN)-AK Approaches 

A potentially useful interface of fracture mechanics with existing design cri
teria for offshore construction may be proposed, based upon a modification 
of the representation developed by Sprowls et al [39]. The approach is consis
tent with the aforementioned consideration that different factors may control 
the corrosion fatigue process in the nucleation and small crack stage com
pared with after the crack is developed. A generalized, sequential illustration 
of this is projected in Fig. 9. On the left side the procedure involves (/) 
characterization of the joint per se and of the weld according to its geo
metrical severity and the resultant hot spot stress (Fig. 9a), (2) development 
of a fatigue design curve for this particular type of weld, based upon ex
perimental data or theoretical analysis or both (Fig. 9b), and (J) selection of 
a design strain range, based upon projected life (Fig. 9b). In principle, this 
technique is identical to the present AWS and API procedures. 

Consider now a plot of strain range versus crack size (Fig. 9c), where the 
design strain range from (3) above appears as a horizontal line. From 
ida/dN)-AK data (Fig. 9d), where material, fatigue, and environmental 
variables have been appropriately selected for the application in question, 
the threshold value for fatigue crack growth is determined. From the funda
mental relationship 

AK = EAe(ira)^^^ (2) 

the second curve (sloping) in Fig. 9c is calculated. If the state of the member 
or joint is such that it falls within the lower left region or "safe zone," then 
neither fatigue crack initiation or growth of any existing crack should occur 
within the design life. The crack size designated as "significant" indicates 
the minimum size flaw which should propagate due to cyclic stressing of 
magnitude equal to the design strain range. If this "significant crack size" 
(SCS) is greater than the size of crack-like defects from welding or elsewhere, 
then crack growth should not occur. 

The nature of a surface crack eminating from a weld toe is such that quan-
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FIG. 8—Appearance of typical section through cracked portion of the specimen which failed 
at 27 X /O" cycles. Note undercutting at weld toe. 
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FIG. 9—Generalized representation of proposed design rationale. 

titative development of Fig. 9c requires a more comprehensive statement of 
the stress intensity range. Thus, by the development of Maddox [40], 

AK 
M,M,MpM, 

4> 
EAeiivay^^ (3) 

Based upon evaluation of the influence of various weld, crack, and plate di
mension and shape parameters upon M^ by Gumey [41] and assuming AKQ = 
3 MN m~^^^, Fig. 10 illustrates this approach for the case of a butt weld. 
Curves for two weld angles are included, showing that the more the safe zone 
area is reduced the more severe the weld geometry. The effect of weld angle is 
greater the smaller the crack. Strain ranges corresponding to the API-X 
(alternatively, AWS-X Modified) and API-X' curves at N = 2 X 10^ cycles 
are illustrated. For design to the latter situation (API-X' at 2 X 10* cycles) 
SCS = 6 mm, irrespective of the two weld angles considered. In the former 
case (API-X strain range at 2 X 10* cycles) the corresponding crack size is 
2.2 mm for the 135 deg weld and 2.6 mm for the 160 deg weld. Note that in 
this region below about 2 X lO""*, SCS is highly sensitive to the total strain 
range value. 
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10 

FIG. 10—Strain range versus crack depth for a butt weld illustrating various aspects of this 
rationale for the geometry considered. 

Increasing plate thickness is generally considered to result in reduced fa
tigue resistance, and applicability of this point with regard to tubular con
nections of offshore structures has recently been discussed [7,42]. Figure 11 
compares Ae-a curves for 25.4- and 152-mm-thick butt welded members and 
illustrates that the safe zone area and SCS are reduced in the case of the thicker 
plate. This presumes a scale-up not only of the base plate thickness but also 
of the weld metal, in which case a crack of particular depth in a thick plate 
experiences greater stress concentration from the weld toe irregularity com
pared with an identical crack in a thinner member. 

The assumed value of threshold stress intensity range in Figs. 10 and 11 
(3 MN m"-'''^) is near the lower bound of values reported in the literature for 
structural steel [31,43]. Figure 12 illustrates Ae-a curves for several different 
AiTo-values. It is apparent from this that SCS is sensitive to AKQ. For exam
ple, the strain range corresponding to API-X' at 2 X 10* cycles yields a SCS 
of 0.4 mm for AKQ = 2 MN m-3/2 15 „,,„ fo^ ^ threshold of 3 MN m~^^^ 
and > 10 mm for 5 MN m~^^^. 

Determination of threshold A/L-values under conditions applicable to off
shore structures is a difficult experimental problem. Based upon the afore
mentioned analysis, however, it is not unrealistic that whether or not a pre
existing weld defect propagates as a fatigue crack depends quite sensitively 
upon AKQ. The situation is complicated, first, by the low stressing rates 
which must be employed and, second, by the fact that AKQ is a function of 
mean stress intensity [34]. Also, as a consequence of residual stress effects 
this latter parameter (mean stress intensity) is expected to change as the 
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crack propagates from the weld toe into the parent plate. Further difficul
ties must be anticipated for test conditions involving cathodic polarization, 
due to precipitation of calcareous deposits within the crack, as discussed 
previously. 

Figure 13 reproduces Fig. 10 such that the small crack region (0 < a < 
2 mm) is expanded. Illustrated also are data for the specimen in Figs. 5 and 8 
with strain range 3.33 X 10~^ which failed at 27 X 10* cycles. The weld pro
file in this case was estimated to form an angle of 150 deg, which is inter
mediate to that for the two Ae-a curves in Fig. 13. Assuming that the 
0.35-mm-deep undercut which was apparent for this specimen constituted a 
crack, then the state of this specimen was such that it was to the unsafe or fail 
side of the growth threshold curve for this stress range. This is consistent with 
the fact that this specimen failed and that three specimens without detectable 
undercuts which were tested under identical conditions survived 10* cycles. 

Data and analysis are available for a welded tubular tee connection which 
permits a sample evaluation by the aforementioned technique. Specifically, 
Tomkins and Scott [44] have calculated S-N curves for this type of member 
employing applicable stress intensity information with crack growth data for 
the freely corroding condition and assuming various sizes for the initial sur
face crack. Based upon their results. Fig. 14 illustrates the Ae-a curve for 
failure of the tee connection at 10̂  and 10* cycles. The assumed AKQ is 2 MN 
m~̂ ^̂ . As should be anticipated, the safe zone area expands as one designs 
to a decreasing number of cycles-to-fallure. Thus, in terms of the API-X cri-
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FIG. 13—Strain range versus crack depth plot as applicable to evaluation of the effect of 
undercutting upon fatigue failure. 
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FIG. 14—Strain range versus crack length plot for a tubular T-joint. 

terion at 10* cycles, the significant crack length is 3.2 mm, whereas for the 
API-X' it is 10.8 mm. The Ae-a curve for a butt weld (Fig. 8) in 25.4-mm-
thick plate and assuming A/TQ — 3 MN m"̂ ^^ is included for comparison. 

The rationale discussed in conjunction with Figs. 8 to 14 offers to enhance 
the confidence with which welded components and structures can be designed. 
In particular, the approach allows the influence of various crack-like defects 
from welding to be better quantified. What we presently lack, however, are 
crack growth rate data for small cracks fatigued near the threshold stress in
tensity range under both freely corroding and cathodically protected condi
tions. It is projected that development of this type of datum is a logical next 
step in the attempt to establish material property information directly appli
cable to prevention of fatigue in offshore structures. 
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Crack Initiation and Propagation 
Approaches to Fatigue Analysis 
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ABSTRACT: Commonly used analysis methods for predicting "uniaxial" crack initia
tion and propagation lives in notched structural components are summarized. Experi
mental trends in the crack initiation and propagation behavior of notched laboratory 
specimens are presented and discussed in terms of the influence of such factors as notch 
stress concentration and stress gradient, nature of the loading, residual stress, etc. Con
ditions for which fatigue life tends to be governed by crack growth considerations are 
identified. A criterion for nonpropagating cracks is examined. Examples showing how 
design factors influence the selection of crack initiation or propagation approaches are 
given. Potential advantages of a better understanding of small crack behavior at notches 
are noted. 

KEY WORDS: fatigue of metals, notches, crack initiation, crack propagation, residual 
stress, mean stress, nonpropagating cracks, fracture mechanics, small cracks, fatigue 
design, life prediction, stress concentration, stress gradient 

Several different analysis procedures are currently available for use in uni
axial fatigue life evaluations (that is, where maximum principal stress or 
strain is assumed to govern behavior). The procedures can be broadly classi
fied as either "crack initiation" or "crack propagation" approaches and will 
be summarized in the next section. Many papers have been published on the 
computational details of the procedures. However, little has been written on 
factors which influence when a particular approach, or approaches, seem 
most suitable for use. 

This paper has two main purposes. The first is to review and discuss how 
crack initiation and propagation behavior in notched laboratory specimens is 
influenced by notch geometry, presence of residual stress, etc. The ability of 
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the different analysis approaches to account for such influences will also be 
discussed. A second purpose is to show by example how practical considera
tions in various industries strongly influence the type of approach taken. It is 
hoped that these discussions will be of use to designers in selecting approaches 
best suited to the analysis situations they face. Effects of thermal or aggres
sive environments on fatigue behavior will not be considered in this paper. 

Crack Initiation Approaclies 

Current "crack initiation" fatigue analysis procedures generally use stress 
amplitude versus cycles to fracture (S-N) data or strain amplitude versus cy
cles (e-N) data from small, smooth laboratory specimens to predict life to oc
currence of a crack at a critical location in a structure, which is usually a 
notch. It is assumed that if a notch experiences the same maximum principal 
stresses or strains as a smooth specimen, it will develop in the same life a 
crack of a size comparable to that which causes fracture in the laboratory 
specimen. This size is typically on the order of 0.3 to 3 mm, depending on the 
metal and stress or strain level. The following two analysis methods are com
monly used to estimate crack initiation lives of notched specimens. 

Stress-Life Method 

Maximum principal stress histories at a notch are computed elastically, 
generally by applying a stress concentration factor, K„ to nominal stresses. 
Empirical fatigue notch factors, Ky, are sometimes used instead of K, in an 
attempt to account for effects of notch size, stress gradient, etc. Methods for 
estimating fatigue lives from notch stress histories are given, for example, in 
Ref/. 

The stress-life method is best suited for long-life fatigue evaluations, where 
notch strains are predominantly elastic. When significant localized inelastic 
straining does occur, this method cannot properly keep track of changes in 
notch mean or residual stresses. Lack of ability to account for notch inelastic 
stress-strain behavior also means that the stress-life method cannot account 
for load sequence effects, such as the increase in crack initiation life caused 
by a high tensile load which produces compressive residual stresses at a notch. 
In spite of such shortcomings, this method, or ones similar to it, are widely 
used in fatigue analyses. (For many service loadings, sequence and mean 
stress effects may be small.) 

Strain-Life Method 

Maximum principal strain histories at a notch are either measured, or 
computed by melastic finite-element analysis, or estimated by simplified in
elastic methods such as Neuber's rule adapted to cyclic stress-strain behavior 
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[2].-' Fatigue life evaluations are made using notch strain amplitude and 
notch mean stress in conjunction with smooth specimen e-N data. Computa
tional details of this method can also be found in Ref /. 

When inelastic analysis is conducted, it is possible to estimate notch cyclic 
stress-strain behavior, thereby allowing changes in local mean and residual 
stresses to be computed over the course of a loading history. The strain-life 
method also has the apparent ability to assess sequence effects attributable to 
notch surface residual stresses [3]. The method can be used over the entire 
range of fatigue lives, but does require a somewhat more sophisticated anal
ysis than the stress-life method. 

Neither the stress-life method nor the strain-life method has the ability to 
account for the effects of notch stress/strain gradient on the crack growth 
which occurs before a "crack initiation" size of 0.3 to 3 mm is reached, ex
cept through the use of empirical /JLy-factors. Neither can they assess the in
fluence in depth of residual stresses on small crack growth since both meth
ods are concerned only with notch root surface stress or strain behavior. 

Crack Propagation Approach 

This analysis approach assumes the existence of a initial flaw and then pre
dicts the life spent in growing the flaw to some final size. Final sizes may be 
the critical size for unstable growth, or a size which can be readily detected 
by in-service inspection, etc. Initial sizes may be those determined, for exam
ple, by nondestructive testing. 

Crack growth life prediction methods based on linear elastic fracture me
chanics are described thoroughly in the literature. See, for example, Refs 4 to 
7, which also discuss the effects of mean stress, residual stress, and load se
quence on growth behavior. These effects are often more significant for prop
agation than for initiation. 

At present, no widely accepted analysis methods are available for predict
ing small crack growth within the influence of notch inelastic straining; how
ever, approaches to the problem have recently been proposed [8-10]. 

Laboratoiy Data Trends 

In this section, data on the crack initiation and propagation behavior of 
notched specimens will be reviewed to provide insight into the influence of 
factors such as notch severity, mean stress, etc. Particular attention will be 
given to those situations in which the fatigue behavior is dominated by crack 
growth considerations. 

•'The italic numbers in brackets refer to the list of references appended to this paper. 
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Long-Life Regime 

It has been known for several decades that loadings sufficient to start a 
crack at a notch will not necessarily cause the crack to grow catastrophically. 
Small, nonpropagating cracks may form, depending on a number of factors, 
including notch severity and stress gradient, the resistance of the metal to 
crack growth, the presence of notch residual stresses and the nature of the 
loading itself (for example, tensile versus compressive mean bias), etc. Crack 
initiation life prediction methods cannot, of course, evaluate the potential for 
crack propagation and will produce unduly conservative estimates of life if 
nonpropagating or slowly propagating cracks occur. 

Frost [77,12] and Nisitani [13] investigated the influence of notch severity 
on the uniaxial, fully reversed crack initiation and propagation behavior of 
mild steel specimens at the fatigue limit. Circumferentially notched round 
bars were tested in both rotating bending and tension, while edge-notched 
sheets were tested only in tension. As shown in Fig. 1, the long-life crack ini
tiation fatigue strength (net section) of notched specimens, a„, under tension 
loading follows the smooth specimen fatigue strength, a^, divided by the elas
tic stress concentration factor, K,. For Kt below about four, values of {a„/a^) 
for initiation and fracture are so close that only the data for fracture are plot
ted. For sharper notches, nonpropagating cracks occurred for ((j„/ffs) values 
within the region shown in Fig. 1. The lower bound of this region is the de
marcation between no crack formation and the existence of small nonpropa
gating cracks, while the upper bound indicates the transition between non-
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FIG. 1—Ratio of long-life, notched-to-smooth specimen fatigue strength versus stress concen
tration factor for mild steel specimens. 
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propagating cracks and those which grew to fracture. These data suggest 
that for sharper notches, long-life fatigue strength is governed by crack 
growth considerations and is independent of increases in K,. 

Tests conducted in rotating bending showed that nonpropagating cracks 
occurred at even lower values of K,, on the order of two (Fig. 1). Thus K, 
alone is not sufficient to characterize the potential for nonpropagating cracks. 
The steeper stress gradient at the notch and support by material adjacent to 
the notch influence the potential as well. It is also interesting to note that the 
crack initiation fatigue strength is somewhat higher in rotating bending than 
would be predicted by a„ = a/K,. 

The effect of notch severity on the behavior of nonpropagating cracks in a 
high-strength aluminum alloy was also studied by Frost [12] using the same 
types of specimens as in the tests of mild steel. As shown in Fig. 2, a consider
ably higher K, was required for nonpropagating cracks in both tension and 
rotating bending than in corresponding tests of steel. For extremely sharp 
notches, the upper bound for nonpropagating cracks (as well as the crack ini
tiation strength) actually increased over that for somewhat less sharp notches. 
Frost notes that this may have been due to compressive residual stresses in
troduced at the notch by the sharp cutting tool. 

Additional data from Nisitani and Kawano [14,15] for rotating bending, 
fatigue limit tests of specimens with circumferential V-notches, shoulders, 
and diametral holes are shown in Fig. 3. All specimens were made of a 0.40 
percent carbon steel with yield and ultimate strengths of 325 and 560 MPa, 
respectively. Nonpropagating cracks were observed at K,-values between 
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FIG. 2—Ratio of long-life, notched-to-smooth specimen fatigue strength versus stress con
centration factor for aluminum specimens. 
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FIG. 3—Ratio of long life, notched-to-smooth specimen fatigue strength versus stress concen
tration factor for medium-strength steel specimens. 

about 2 and 2.5, depending on size and type of both specimen and notch. For 
a given K,, shouldered specimens had both the highest crack initiation and 
nonpropagating crack fatigue strengths. 

As suggested by Dowling [16] and Hammouda and Miller [8], the potential 
for nonpropagating cracks may be estimated using linear elastic fracture 
mechanics, at least for deeply notched specimens. If the stress intensity range, 
^Kj, of a small crack which has formed at a notch is less than the threshold 
value for growth, A/iTth, then crack arrest is expected. An attempt was made 
to see if such an approach could predict conditions for nonpropagating 
cracks for both the rotating bending and tension data of Figs. 1 to 3. (No at
tempt, however, was made to apply the approach to the data for specimens 
with diametral holes or shoulders owing to lack of appropriate /fz-factors.) 

Since the size of nonpropagating cracks will often be small relative to the 
depth of the notch, the effective crack length for Ki can be taken approxi
mately as notch depth, giving: 

where 

F = 

d = 

AKj = FOg yfjrd 

dimensionless factor depending on crack geometry, loading, 
remote (gross) stress amplitude, and 
notch depth. 

(1) 
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The value of Og for fully reversed stressing is computed from the local stress 
amplitude (CT„ = o/K,) and the differences between net and gross section 
areas or bending moduli, as appropriate. (It is necessary to use Og rather than 
a„ since /(Tz-solutions are generally expressed in terms of remote (gross) 
stress.) By setting Eq 1 equal to A/fth, a critical value oiK, for nonpropagat-
ing cracks can be estimated. This was done assuming AK^Y^ =. 2 MPa Vm for 
aluminum and AKt^ = 5 MPa Vm for mild steel. Although the nonpropagat-
ing crack tests were conducted under ^ = — 1 loading, it was assumed that 
values of A/Ctj, for /? = 0 would apply. The Kj-ya\nes for the different speci
men geometries and types of loading were computed using solutions given by 
Tada et a.l[17]. It was also assumed that the circumferentially notched round 
bars could be represented by /^/-solutions for uniform depth cracking, and 
that cracking in the edge-notched sheets could be represented by through-
thickness solutions. 

A comparison between estimated critical K, and observed values is given in 
Table 1. 

In view of the assumptions made in estimating critical K,, agreement with 
observed values is reasonably good. The estimated values tend to be low, but 
would be closer to observed values if the actual depth of the nonpropagating 
crack were added to the notch depth in computing AKj. It must also be 
noted that in the fully reversed tension tests, the notch depth was 5 mm in all 
cases, while in the rotating bending tests, depths ranging from 1.3 to as little 
as 0.1 mm were used. The above approach did not work well for the shal
lower notches. It predicted K,-va.lues for nonpropagating cracks much lower 
than what was observed experimentally. 

The effect of mean stress on the behavior of nonpropagating cracks in 
notched specimens was also investigated by Frost [12]. He found that tensile 
mean stress reduced the nominal stress amplitude at which such cracks 
would occur, while compressive mean stress had the opposite effect. Viewed 

TABLE 1—Estimated and observed stress concentration values for nonpropagating cracks. 

Metal 

Mild steel 

Mild steel 

Mild steel 

Aluminum 

Aluminum 

Specimen Type 

edge-notched sheet 

circumferentially notched 
round bar 

circumferentially notched 
round bar 

circumferentially notched 
round bar 

circumferentially notched 
round bar 

Loading 

tension 
(fully reversed) 
tension 
(fully reversed) 
rotating 
bending 
tension 
(fully reversed) 
rotating 
bending 

Critical K, 

Estimated 

4.5 

3.2 

1.3 to 2.9" 

5.8 

2.8 

Observed 

= 4 

= 4 

= 2 to 2.5 

= 7 

= 4 

"Depending on specimen size and notch size. 
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in another way, compressive mean stress permits nonpropagating cracks at 
blunter notches and vice versa for tensile mean stress, for a fixed value of 
nominal stress amplitude. Frost observed that crack growth could be cor
related with that portion of the loading cycle when the crack is open, which 
he took to be zero load. Thus, for a given stress amplitude, tensile mean 
stress increases this portion, while compressive mean stress reduces it. 

Hubbard [18] and Saal [19] investigated fatigue crack growth behavior in 
notched sheet specimens subjected to cyclic compressive loading. The tensile 
residual stresses introduced at the notch by unloading from peak compres
sion were sufficient to cause cracks to grow, but only to a depth where the in
fluence of the tensile residual stress vanished. Thereafter, the cracks were 
nonpropagating since they experienced only nominal compressive loading. 
By comparing crack growth rate in the zone of tensile residual stress with the 
rate from standard R = 0 tests, Hubbard was able to estimate the "effective" 
AKj as a function of crack length from the notch, as shown in Fig. 4. Cracks 
arrested at "effective" A/iTz-values of approximately 1.5 to 2 MPa Vm, which 
are close to AKf^ for the aluminum alloy 7075-T6 he tested. Both Saal and 
Hubbard were able to estimate the depth of crack arrest by superposing the 
/(Tj-solutions for the applied loading and for the residual tensile stresses. 

Gerber and Fuchs [20] reported the effects of applied compressive mean 
stress on the crack growth behavior in circumferentially notched round bars. 
Nonpropagating cracks were found when the loading was entirely compres-

1 2 3 
CRACK LENGTH FROM NOTCH (mm) 

FIG. 4—Effective stress intensity range for crack growth in the zone of tensile residual stress 
at a notch in a specimen experiencing compression loading. 
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sive. In tests where the compressive mean stress level was reduced such that 
significant portions of the load cycle were above zero, cracks grew to frac
ture. Using the condition that cracks should not grow when the tensile stress 
at the tip (due to the sum of applied and notch tensile residual stress) van
ishes, they were able to estimate the depth of crack arrest. Presumably, a 
fracture mechanics analysis could also predict that depth, but would require 
a /iTz-expression for cracks growing in a tensile residual stress field of a cir-
cumferentially notched bar. 

If the nominal loading is entirely compressive, nonpropagating cracks will 
occur. If the loading contains portions above zero, cracks may or may not 
grow to fracture, depending on A/Tth and on AKj for the crack after it has 
left the influence of notch residual stresses. 

Nonpropagating or slowly propagating cracks may also occur when com
pressive residual stress fields of sufficient magnitude and depth are present 
below a notch root. Cold-working of fastener holes, rolling of threads, tensile 
preloading, shot-peening, etc., produce such stresses. 

Rosenthal and Sines [21] studied the effect on fatigue strength of tensile 
preloading of notched aluminum sheets. A significant increase (up to 50 per
cent) in high-cycle strength was found in precipitation-hardened specimens, 
while little effect was observed in specimens annealed prior to preloading. 
Cracks propagated in both cases. X-ray diffraction measurement of surface 
residual stress showed cyclic relaxation, especially in the softer metal condi
tion. The influence of surface residual stress was treated as a mean stress ef
fect on crack initiation. Increases in fatigue strength were most pronounced 
for lives above 10* cycles, and progressively diminished at lower lives owing to 
increased relaxation by cyclic plastic straining. Similar results were found by 
Taira and Murakami [22] for notched sheets made of a medium carbon steel. 

Dugdale [23] investigated the influence of tensile preloading on circum-
ferentially notched round bars and found increases in long-life fatigue strength 
ranging between about 50 and 270 percent, depending on the metal and 
amount of preload. He observed that fatigue strength increased with both 
notch severity and yield strength. No attempt was made to measure or calcu
late residual stresses. 

In the aforementioned studies, attempts to quantitatively relate the effect 
of notch residual stress on fatigue behavior were hampered by difficulties in 
either measuring or computing (/) residual stress distributions, and (2) how 
they may be altered by the applied loading and crack growth through them. 
The measurement difficulty still persists. Elastic-plastic finite-element anal
ysis offers the potential for computing such distributions and changes in 
them, but is expensive and time-consuming. 

Gerber and Fuchs [24] reported the effect of tensile preloading on the 
long-life fatigue strength of circumferentially notched round bars tested in 
rotating bending. Increases in strength of up to 300 percent were found in 
4340 steel, with the increase being more pronounced for harder conditions of 
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the steel at a given preload. They found that nonpropagating cracks were re
sponsible for the increased strength, and were able to estimate the depth at 
crack arrest using an approximate, closed form elastic-plastic analysis. 

The ability of notch compressive residual stresses to arrest, or at least re
tard, crack growth depends very much on (/) the distribution in depth of 
both the residual stresses and the cyclic stresses from the applied loading, 
and (2) the ability of the applied cyclic stresses to relax the residual stresses in 
depth. For example, consider the two hypothetical residual stress distribu
tions shown in Fig. 5, with equal values of surface residual stress, a^, but dif
ferent distributions in depth. The distributions might result from applying 
different tensile preloads to a plate with a mild edge-notch. Suppose the load 
history causes only a very small plastic zone below the notch surface such that 
relaxation and redistribution of residual stresses in depth can be neglected. 
The residual stress field of Fig. Sb will be far more likely to retard or arrest 
growth than that of Fig. 5a. This can be seen through the "residual stress in
tensity factors," /(Tres' for growth through the respective fields, as also illus
trated in Fig. 5. These jfiT ŝ-expressions apply to uniform depth edge cracks. 
Case (a) is from Ref 25 and (6) from Ref 26. The use of effective stress in
tensities based on the superposition of K^^^ and K^^^f^^ to predict the rate of 
fatigue crack growth through compressive residual stress fields at notches 
[27,28] has proven quite successful, as have similar approaches [29] based on 
crack closure considerations. 

1 u- a. 

flm 
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Kres=a-r (1.13-0.68 ^a„)y7F? 
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FIG. 5—Hypothetical notch residual stress fields and corresponding "residual" stress inten
sity/actors. 
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The influence of gradient of applied stress at a notch with compressive 
residual stresses is also important. The largest increase in long-life fatigue 
strength of tension-preloaded, notched specimens occurs when they are 
tested in rotating bending. This empirical observation can also be rationalized, 
at least qualitatively, by fracture mechanics. For the same notch configura
tion and nominal stress amplitude, the K^^^y^^ in bending will always be less 
severe in depth than for uniform tension loading. Thus the effective K = 
(̂ applied ~ J^ves) will be Smaller at a given depth below the notch surface, 
leading to a greater likelihood of nonpropagating cracks or slower growth. 

The constraint on plastic flow of a given notch configuration also influ
ences crack growth behavior. A circumferentially notched round bar sub
jected to a tensile preload which causes reversed yielding to the same depth as 
in a bluntly notched plate will have a higher axial compressive residual stress 
in depth due to the elevation of the yield condition by constraint of surround
ing elastic material. This will, in turn, cause a higher K^e^ as a crack pene
trates the compressive residual stress distribution. As noted previously, the 
greatest effect of compressive residual stress in producing nonpropagating 
cracks has been observed in notched round bar tests. 

When a load history is applied at a higher level, or a lower strength metal 
is used, or when there is less constraint on plastic flow at a notch (for exam
ple, a blunt notch in plane stress), the zone of cyclic plastic straining will be 
larger, causing a greater relaxation and redistribution in depth of residual 
stress, thereby reducing the ability of compressive residual stresses to retard 
or arrest crack growth. This is consistent with the empirical observations 
cited previously. Under these conditions, the use of a linear elastic fracture 
mechanics approach for estimating the effect of residual stress on crack 
growth also becomes doubtful. Compressive residual stresses at a notch will 
thus be most beneficial in higher strength metals, for long-life loadings and 
at notches where the plastic straining is constrained. These conditions are 
also those for which linear elastic fracture mechanics approaches are best 
suited for taking into account the effect of residual stress on crack growth. 

To this point, all of the data and discussion concerning nonpropagating 
cracks have been for uniaxial loading. Very little is known about the behavior 
of such cracks in notched specimens under multiaxial fatigue loadings. How
ever, Kawano and Nisitani [30] have investigated nonpropagating cracks in 
fully reversed, long-life torsional fatigue of circumferentially notched and 
shoulder notched round bars made of a 0.40 percent carbon steel. Their 
results are replotted in terms of the notched torsional fatigue limit, T,, versus 
K, (shear) in Fig. 6. In the shouldered specimens, nonpropagating cracks 
were not observed until a K, of about two, which corresponds to a rather 
sharp shoulder. In circumferentially notched specimens, a zig-zag pattern of 
nonpropagating cracks occurred at considerably lower values of K,, on the 
order of only 1.3. Thus, in notched torsion, the influence of crack propaga
tion behavior on total life may actually be more important than in uniaxial 
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FIG. 6—Ratio of long-life, notched-to-smooth torsional fatigue strength (fully reversed) ver
sus torsional stress concentration factor. 

fatigue. The data of Kawano and Nisitani also show that the stress distribu
tion in the minimum cross section is not sufficient to estimate conditions for 
nonpropagating cracks, as it may be for tension or rotating bending. Crack 
growth also depends on the geometry of and stresses in the material sur
rounding the notch. No attempt has been made to reconcile conditions for 
crack arrest in notched torsion using a fracture mechanics approach because 
of analytical difficulties in trying to estimate Kj for crack growth out of a cir
cumferential notch. The existence of nonpropagating cracks in circumfer-
entially notched round bars at such relatively low values of K, may also help 
to explain why the long-life torsional T„-strength approaches the bending a„-
strength in such specimens. 

Finite-Life Regime 

Historically, laboratory fatigue data from small specimen tests have been 
reported almost exclusively in terms of life to fracture. Relatively few studies 
have been made which try to distinguish the life spent in "crack initiation" 
and that spent in propagation. Hunter and Fricke [31] did perform such a 
study in rotating bending tests of both smooth and notched specimens of 
aluminum 6061-T6. Crack initiation was defined as first detection by surface 
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replicas. Their results are replotted as the ratio of initiation-to-total life, 
(Nj/Nj-), versus N^ in Fig. 7. Also shown in this figure are data from Man-
son and Hirschberg [32] for notched aluminum 7075-T6 specimens tested in 
low-cycle, fully reversed uniaxial tension; in this case, crack initiation was 
taken as a surface length of 150 to 250 microns. Several trends are apparent 
in Fig. 7. First of all, most of the life of small laboratory specimens is spent in 
crack growth at shorter lives. In notched specimens, cracks start very quickly 
and even more of the life is spent in propagation. This tendency increases 
with notch severity. 

Schijve [33] and Dowling [34] reported results of smooth specimen fatigue 
tests of aluminum 2024-T3 and A533B steel, respectively, in which life to 
various crack surface lengths was observed. Both of their sets of data are re-
plotted in terms of {N/NT) versus Nj- in Fig. 8 (to save space and not to sug
gest any relative comparison between the two sets.) The fraction of life spent 
in propagation depends very much, of course, on the crack size considered to 
be "initiation." Results of similar tests by Dowling [16] of both smooth and 
notched specimens of 4340 steel are given in Fig. 9. Again, progressively 
more of the life is spent in crack initiation at longer lives, but increased notch 
severity reduces this trend. Most of the test results cited above were gener
ated under fully reversed, uniaxial loading. Test data on the effect of mean 
stress on constant amplitude {Nj/Nj) are difficult to locate in the literature, 
if they exist at all. 
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The previous test results were also all for small laboratory specimens. Sev
eral years ago, the lives spent in crack initiation and propagation were ob
served in tests of a bluntly notched (K^^ 2.7), compact tension specimen as 
part of a well-documented SAE cooperative research program [/]. In these 
tests, initiation was taken as a through crack 2.5 mm deep in a specimen with 
a net section of about 70 mm width. For fully reversed, constant-amplitude 
loading, most of the life was spent in growing a crack to that length, as shown 
in Fig. 10. 

Tests conducted under irregular block loading produced different trends 
than those seen in Fig. 10. Three contrasting histories, consisting of simu
lated service loadings, were used in the tests. The "Transmission" block had 
a strong tensile mean bias, the "Suspension" block a strong compressive 
mean bias, and the "Bracket" block, little or no bias. Each block had several 
thousand reversals. 

As shown in Fig. 11, by the time a crack of 2.5 mm had formed under the 
Transmission history loading, most of the life had been expended, regardless 
of load level and total life. Since this history had most of its load ranges ap
plied at a high mean level, as depicted schematically in Fig. 12, the effective 
AK for growth was also high in accordance with the crack closure concept 
[35]. (The occasional high tensile peaks were repeated so often that crack 
growth retardation did not occur.) Also, the crack length at fracture was 
relatively small. On the other hand, a significant portion of total life was 
spent in propagation for the Bracket and Suspension histories, even when a 
crack as large as 2.5 mm was taken as the definition of "initiation". For 
these histories, the effective AK is considerably lower, especially for the Sus-
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FIG. 10—Ratio of crack initiation-to-total life in a keyhole notched (Kj = 2.7) compact ten
sion specimen under fully reversed loading. 
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pension (Fig. 12). Nonpropagating cracks were found in several of the Sus
pension history tests conducted at lower load levels. 

The data in Fig. 11 suggest that life becomes increasingly dominated by 
crack propagation at higher numbers of cycles, just the opposite of what was 
observed in the tests of small laboratory specimens. Part of the reason for this 
is that the crack length at fracture was not much larger than 2.5 mm in the 
higher load level tests, giving a very short remaining propagation life. At 
lower load levels, the critical crack length for fracture increased substantially, 
making the crack growth portion of life more significant. Had crack initi
ation been detected much earlier (for example, 100 /̂ m size) in the SAE tests, 
it is quite probable that crack propagation dominance would have been ob
served at all load levels, particularly for the Suspension and Bracket histories. 

Summary of Trends from Laboratory Data 

The following summary pertains to uniaxial fatigue of small laboratory 
specimens. 

Increasing notch severity causes progressively larger portions of total life to 
be spent in propagation and, in some cases, may cause nonpropagating cracks 
to occur. 

Applied loadings with a tensile mean bias promote faster crack propaga
tion, thereby reducing the portion of life spent in propagation or the chances 
for nonpropagating cracks. An exception is when occasional high tensile 
peaks retard growth by creating notch compressive residual stresses. 

Applied loadings with a compressive mean bias produce long propagation 
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FIG. 12—Schematic of the likely variation of effective stress intensity range (based on crack 
closure) for three irregular loadings. 

lives or nonpropagating cracks, thereby causing total life to be controlled by 
crack growth considerations. 

Compressive residual stress fields of sufficient magnitude and depth below 
a notch can cause nonpropagating or slowly propagating cracks, thus caus
ing life to be dominated by crack growth considerations. However, the effects 
are reduced at blunter notches, in lower strength metals and at lives below 
about 10^ cycles, owing to cyclic relaxation by plastic straining. Also, large 
compressive loads may diminish notch compressive residual stresses or even 
create tensile residual stresses, thereby accelerating growth. 

It is not possible, of course, to predict in advance of analysis or testing the 
relative proportions of life spent in initiation and propagation for variable 
amplitude loadings. The aforementioned trends do, however, point to certain 
cases in which crack growth analyses seem necessary to properly assess com
ponent fatigue life. In other cases (for example, blunt notches and loadings 
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with a tensile mean bias), crack initiation analyses alone may be adequate, 
depending on specific design objectives. 

Design Factors 

The previous discussion was based on the behavior of laboratory speci
mens. There are, of course, many other practical considerations which in
fluence the selection of an analysis approach, such as (/) size and type of 
structural components, (2) volume of production, (3) opportunities for in-
service inspection and repair, (4) consequences of structural failure, (5) nature 
and knowledge of expected service loadings, (6) prototype testing opportuni
ties, (7) ease with which a crack propagation analysis can be done, and so 
forth. Examples of how such design factors can affect the choice of analysis 
approach follow. 

Crack Propagation Approach 

The aircraft industry pioneered and continues to lead in the use of crack 
propagation analysis for fatigue design evaluation. In fact, such analysis is 
mandatory for USAF aircraft. Initial, undetected flaws are assumed to exist 
in structural components from beginning of life. Structure is designed to 
"contain" the growth of such flaws (or those which may be introduced in-
service) for specified periods of service, while maintaining an acceptable level 
of residual strength. Detailed descriptions of crack growth fatigue analysis 
procedures are given by Walker et al [36] for large commercial aircraft and 
by Wood and Engle [7] for USAF aircraft. 

Key factors which make an entirely crack growth based approach practical 
in aircraft fatigue design are the opportunities for periodic in-service inspec
tion and maintenance and the use of damage tolerant structure [5]. Com
ponents are generally large enough to permit substantial crack growth which 
can be detected well before a critical crack size is reached. Also, aircraft 
structure lends itself to the use of multiple load paths and crack arresting 
devices to "contain" damage. 

Crack propagation analysis is also used extensively for aircraft because the 
industry has expended the effort and resources to develop comprehensive 
crack growth rate data and stress intensity relations for relevant flaw-struc
tural configurations. The validity of aircraft crack growth prediction meth
ods can be checked by coupon, component, and even full-scale prototype 
tests using simulated service loadings. In addition, the service records of 
loading and of cracking behavior of past and current aircraft provide feed
back for assessing crack growth analyses and also permit corrective action to 
be taken in-service. 

A major concern in any fatigue design analysis is the ability to forecast ex-
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pected loadings. For aircraft, comparatively large amounts of service data on 
previous aircraft as well as extensive model and prototype testing are avail
able to help guide estimation of probable service loadings for new designs. 
For example, USAF Standard MIL-A-8866B provides typical load spectra 
for different military aircraft and types of service ("mission segments"), and 
Ref 7 furnishes guidelines on how to construct flight histories from such in
formation. 

It is well known that load sequence can have a strong effect on crack growth 
behavior, particularly when a load history contains periodic high tensile 
loads interspersed among many smaller loads. Analytical models to account 
for sequence effects are given in Ref 7, and recommendations provided for 
sequencing loads in simulated histories. 

The initial flaw sizes used in aircraft crack growth evaluations vary widely, 
depending on type of flaw, location, method of inspection, etc. For example, 
Ref 7 prescribes sizes ranging from about 0.5 to 50 mm. Actual initial size 
are, of course, likely to be much smaller than these assumed values, so that 
considerable conservatism is thus built into fatigue evaluations. In effect, any 
"crack initiation" life is neglected. Efforts [37] are now underway to develop 
the technology for predicting the growth behavior of much smaller flaws (that 
is, on the order of 0.02 to 0.2 mm), while also taking into account the proba
bilistic nature of initial flaw populations. 

Stress-Life Crack Initiation Approach 

The fatigue design evaluation of freight car structural components [38] is 
concerned with life to occurrence of cracks which can be detected by the un
aided eye. The analysis approach used is similar to the stress-life method. 

Representative loading spectra for various types of cars are provided in Ref 
38. The spectra were derived from range-mean cycle counting of loads re
corded on instrumented cars travelling over several hundred miles of track. 
Nominal stress cycles are computed from the load spectra and, except in the 
case of welded structure, multiplied by Kj (or Kf if available) to obtain elastic 
notch stress cycles. Damage is computed from S^^x versus N data and modi
fied Goodman diagrams, which range from /?(=5'min/5'n,ax) — + 1 to —1 
and which are cut off at Sy. For welded structure, the effect of stress concen
tration is built into the Goodman diagrams furnished the design analyst for 
commonly encountered weld details. Load sequence effects are neglected. 
Compressive stresses are treated in the following manner. If nominal S^^^ is 
positive, 5n,in negative and \Smin\ larger than 5n,ax' a cycle is treated as fully 
reversed with ^^ax = '/2 \Smm + '5'maxl • H t'oth 5n,in and S^nx are negative, no 
damage is computed. 

A number of factors which can influence fatigue design and evaluation of 
both aircraft and freight car structural components are similar. There are, of 
course, several important differences. Similar factors include (!) severe con-
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sequences if structural failure causes a crash or derailment, (2) structural 
components of roughly comparable size in many instances, and (3) an incen
tive to reduce structural weight. Major differences are as follows. The volume 
of production of freight cars is considerably larger than for aircraft, and it is 
generally difficult to monitor the movements and service experienced by any 
particular car. Thus periodic, scheduled in-service inspection of freight cars 
would indeed be difficult, if not infeasible. Although Ref 38 furnishes some 
"typical" load spectra, the actual spectra experienced by a freight car operat
ing throughout the country is difficult to define, and the spectra may vary 
substantially from car to car. It would be impractical to keep a log of service 
loadings experienced by each car, as is possible for each aircraft in a fleet. 
Also, the fabrication quality of freight cars has an inherently greater variabil
ity than in aircraft due to the use of welded joint construction and to unit 
costs several orders of magnitude lower than aircraft, which makes expensive 
quality control programs difficult to justify for freight cars. In view of these 
considerations, the type of analysis used in freight car fatigue evaluations 
thus tends to match the level of uncertainty in knowledge of service loadings, 
fabrication variability, etc. 

Fatigue crack propagation analysis is not part of the procedure recom
mended in Ref 38, but the possibility of its future inclusion is noted in that 
report. Considerable progress has been made over the past few years in 
development of crack growth based methods for predicting weldment fatigue 
behavior [39-43]. 

Strain-Life Crack Initiation Approach 

Automotive vehicle structural components are designed and tested to pre
clude the occurrence of fatigue cracking over the service life. The strain-
based approach to crack initiation life evaluation has found widespread use 
for the following reasons. Vehicles typically experience a large number of 
small loadings and a small number of large loadings which cause localized 
plastic straining at blunt notches. Structural components are generally made 
of low-to-medium strength metals. The strain-based approach was developed 
for those situations. 

Aircraft-type crack propagation analyses have not been utilized because 
automotive structural components are much smaller than aircraft compo
nents, and thus the remaining life after "crack initiation" would be corre
spondingly reduced. Redundant structure is seldom used, and it is impracti
cal to inspect automotive structure in-service to detect and monitor crack 
growth. Also, as noted earlier, analysis methods for treating small crack 
growth within the plastic zone at a notch have not yet been developed to the 
point that they can be used with confidence in design evaluations. 

In order to verify that acceptable crack initiation lives are achieved, proto
type vehicles undergo extensive component and durability testing prior to full 
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production. Durability schedules are selected to simulate field usage through 
experience gained from millions of miles of proving ground testing. Such 
comprehensive testing is economically justified since the industry produces 
an enormous number of vehicles and since durability testing of an automobile 
is considerably less costly than of aircraft or freight cars and can be conducted 
in a much shorter period of time. 

The previous examples have shown that the use of either conventional 
crack initiation or crack propagation approaches is influenced mainly by 
design factors. However, even when the objective is to prevent crack initiation 
during the service life, a supplementary crack grow1:h analysis can provide 
useful design information. For example, if predicted initiation life meets a 
goal at a location, confidence in the design will improve if the life to prop
agate a crack (for example, 2 mm size) to a dangerous size is substantial. On 
the other hand, if predicted initiation life just meets a target at a location 
critical to structural integrity, and if predicted crack propagation life is also 
very short at that location, then additional efforts either to minimize the 
chances of crack initiation or to mitigate the consequences of failure would 
be indicated. As another example, suppose that predicted initiation life at a 
less critical location nearly meets a goal. If the corresponding crack propaga
tion life puts total life well past the goal, then the time and cost of redesign, 
retesting, etc., of that structural detail may be saved. 

Conclusions 

(/) Laboratory data suggest that the fatigue behavior of notched speci
mens is often governed by crack propagation considerations. In many finite-
life situations, most of the life is spent in the growth of small cracks. For long-
life, the possibility of nonpropagating or slowly propagating cracks should be 
checked. 

(2) Sharper notches or loadings with a compressive mean bias or the pres
ence of compressive residual stress below the notch root favor the occurrence 
of nonpropagating cracks or cause virtually all of the structural life to be spent 
in crack propagation. 

(3) A linear elastic fracture mechanics criteron for nonpropagating cracks 
provided reasonably good predictions for deep edge-notches in round speci
mens under both tension loading and rotating bending. Use of such a 
criterion for other types of notches (for example, fillets, holes) needs study. 

(4) The growth behavior of small cracks is embedded in the S-N or e-N 
data used to predict "initiation" life. While initiation approaches serve their 
purpose well in many fatigue design evaluations, they are unable to account 
for a number of influences known to be important in the fatigue behavior of 
notched structures such as stress/strain gradient and notch size and depth, 
except by resort to empirical /iTy-factors. They are also unable to account for 
the effect of residual stress distributions below the notch root. A better un-
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derstanding of the growth behavior and mechanics of small cracks at notches 
is needed to provide the analytical framework to account for those effects. 
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ABSTRACT: Air Force durability design requirements are reviewed and durability analy
sis methodology capable of satisfying these requirements are presented. The proposed 
methodology includes (/) durability critical parts, (2) guidelines for economic life cri
teria, and (3) analytical procedures for quantifying overall structural damage due to 
fatigue cracking. Two analytical formats for quantifying economic life are proposed: 
probability of crack exceedance and ratio of repair cpst/replacement cost. Although the 
analytical methodology has been developed and verified using a fastener hole crack as the 
prototype, the basic concepts and methodology apply to cracks in other structural details 
as well. The durability analysis methodology is based on a fracture mechanics philosophy, 
using a probabilistic format but with deterministic craclc growth. The methodology ac
counts for initial quality, crack growth accumulation in a population of details, load 
spectra, and structural properties. Essential elements of the methodology are presented, 
including an evaluation and illustration of the analytical methodology using test results 
for the F-16 full-scale durability test article. 

KEY WORDS: durability, fatigue, economic life criteria, crack size distribution, time-
to-crack initiation (TTCI), equivalent initial flaw size (EIFS), crack growth, small crack 
sizes, initial quality, probabilistic fracture mechanics, probability of crack exceedance 

Structural integrity requirements for strength, rigidity, durability, and 
damage tolerance are presented in Military Standard MIL-STD-1530A for 
ensuring the operational readiness of U.S. Air Force aircraft [1].A This paper 
addresses the durability portion of structural integrity, which is defined as 
the ability of the airframe (for example, fuselage, wing, empennage, landing 

•Aerospace Engineer, Air Force Wright Aeronautical Laboratories, Flight Dynamics Lab
oratory, Wright-Patterson Air Force Base, Ohio 45433. 

2 Professor, School of Engineering and Applied Science, George Washington University, 
Washington, D.C. 20052. 

3Senior Engineering Specialist and Senior Research Scientist, respectively, Materials Re
search Laboratory, General Dynamics, Fort Worth, Tex. 76101. 

4 The italic numbers in brackets refer to the list of references appended to this paper. 

133 

Copyright® 1982 by ASTM International www.astm.org 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



134 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

gear, control systems and surfaces, engine mounts, structural operating 
mechanisms, etc.) to resist cracking, corrosion, thermal degradation, de-
lamination, wear, and the effects of foreign object damage for a specified 
period of time. Airframe durability is needed to minimize maintenance and 
functional (that is, fuel leakage, loss of control effectiveness, etc.) problems 
which affect the operational readiness of the aircraft. Detailed Air Force 
analytical and experimental durability design requirements are presented in 
Military Specifications MIL-A-8866B [2] and MIL-A-8867B [3], respectively. 
Results of a recent structural survey of the durability problems experienced 
at Air Force Air Logistics Centers revealed that most aircraft durability prob
lems were the result of cracking [4]. Due to its importance and prevalence, 
fatigue cracking is the form of degradation considered in this paper. 

This paper presents the Air Force durability design requirements as well as 
a durability analysis methodology [5,6] capable of satisfying these require
ments. The analytical methodology includes criteria for identifying durability 
critical parts, a method for quantifying the initial fatigue quality of the struc
ture and analytical procedures for quantifying overall structural damage due 
to fatigue cracking in suitable terms for judging fatigue cracking resistance 
and economic life. 

The economic life of a structure is currently defined in qualitative terms: 
" . . . the occurrence of widespread damage which is uneconomical to repair 
and, if not repaired, could cause functional problems affecting operational 
readiness" [1-3]. The durability analysis methodology presented is evaluated 
and verified by correlating structural damage predictions obtained using the 
methodology with the test results of an F-16 full-scale test article. Essential 
elements of the methodology are presented; details are documented else
where [5-12]. 

Durability D e s ^ Requirements 

The objective of the Air Force durability design requirements for aircraft 
structures is to minimize in-service maintenance costs and maximize opera
tional readiness through the proper selection of materials, stress levels, 
design details, inspections, and protection systems. These design require
ments involve both analyses and tests. 

Analytical Requirements 

Analyses are required to demonstrate that the economic life of the air
frame is greater than the design service life when subjected to the design ser
vice loads and design chemical/thermal environments. The economic life can 
be generally characterized by a rapid increase in the number of damage lo
cations or by repair costs as a function of time. The economic life analysis 
must account for initial quality, environment, load sequence, material prop
erty variations, etc. The analysis must be verified by tests. 
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Experimental Requirements 

Design development tests are required to provide an early evaluation of the 
durability of critical structural components and assemblies and a verification 
of the durability analysis. A durability test for a full-scale airframe may also 
be required by the Air Force. A full-scale airframe must be durability tested 
to one lifetime, and critical structural areas must be inspected before the full 
production go-ahead decision. Two lifetimes of durability testing plus an in
spection of critical structural areas must be completed prior to delivery of the 
first production airplane. If the economic life of the airframe is reached prior 
to two lifetimes of durability testing, sufficient inspection and data evalu
ation must be completed before delivery of the first production airplane to 
estimate the extent of required production and retrofit changes. If the eco
nomic life of the airframe is not reached before two lifetimes of durability 
testing, a decision will be made to {1) terminate the durability testing and 
perform a nondestructive inspection (NDI) followed by a destructive tear-
down inspection, or (2) terminate the durability testing and perform damage 
tolerance testing and a nondestructive inspection followed by a destructive 
teardown inspection, or {3} continue the durability testing for an approved 
period of time followed by either (/) or (2). In-service nondestructive inspec
tions will also be performed at other intervals specified by the Air Force. 

Durability Analysis Criteria 

Durability Critical Parts Criteria 

Guidelines are needed for selecting durability critical parts. The flow 
diagram (Fig. 1) can be used to determine if parts are durability and/or 
damage tolerance critical. Damage tolerance is defined as: "The ability of 
the airframe to resist failure due to the presence of flaws, cracks, or other 
damage for a specified period of unrepaired usage" [13]. Further details of 
the durability critical parts criteria are discussed elsewhere [5]. 

Economic Life Criteria Guidelines 

Quantitative economic life criteria are needed to demonstrate analytical 
and experimental compliance with Air Force durability design requirements. 
Such criteria have yet to be defined in quantitative terms. Two promising 
analytical formats for quantitative economic life criteria are (/) probability of 
crack exceedance, and (2) cost ratio: repair cost/replacement cost [5,6,14-
16]. The durability analysis methodology presented in this paper can be used 
to quantify structural damage in these formats. Thus, for a given quantita
tive economic life criterion [for example, no more than 5 percent of the fas
tener holes in the lower wing skin can have a crack size > 1.27 mm (0.05 in.) 
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FIG. 1—Flov) diagram for selecting durability critical parts. 

after 10 000 flight hours], the proposed methodology can be used to analyti
cally demonstrate compliance. 

The probability of crack exceedance is a fundamental quantity for defining 
structural damage and for quantifying economic life criteria in various for
mats. For example, economic life criteria can be quantitatively defined in 
terms of the percentage or number of fastener holes with a crack size greater 
than the economic repair crack size â  or repair cost/replacement cost ratio. 
One promising format for analytically ensuring economic life is shown in Fig. 
2. In this case, structural damage is quantified as a function of time and for 
different confidence levels. This information could be used to judge the eco
nomic life compliance of the structure—given the quantitative criterion for 
economic life. Economic life criteria guidelines are also discussed elsewhere 
[5,6,14-16]. 

Durability Analysis Methodology 

Analysis Approach 

Durability damage is quantified by the length of the dominant fatigue 
crack emanating from each structural detail (for example, a fastener hole, a 
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FIG. 2—Economic life analysis format. 

fillet, a cutout, or a lug). Durability analysis is concerned with relatively 
small subcritical crack sizes [for example, <0.762-mm (0.03-in.) radial 
crack in a fastener hole] which may affect structural maintenance require
ments but are not an immediate safety hazard. Each fastener hole, for ex
ample, is a member of the total population of fastener holes in a part, com
ponent, or assembly. Fatigue crack size is considered to be a random variable 
which is a function of service time. A single time-varying distribution of 
crack sizes characterizes the durability damage in all fastener holes experi
encing a common load history, environment, etc. Calculation of the distri
bution of crack sizes as a function of service time is the basic object of the 
present durability analysis methodology. A conceptual description of the 
durability analysis approach is shown in Fig. 3. 

Initial fatigue quality is defined as the initial manufactured state of a 
structural detail or details with respect to initial flaws in a part, component, 
or airframe prior to service. The initial fatigue quality for a group of replicate 
details is represented by an equivalent initial flaw size (EIFS) distribution 
[5,6,14,17]. An equivalent initial flaw is a hypothetical crack assumed to ex
ist in a detail or group of details prior to service [18-22]. Test results of time-
to-crack-initiation and crack growth rates using coupon specimens are 
employed to define the EIFS distribution. A conceptual description of the 
initial fatigue quality model is shown in Fig. 4. Once the EIFS distribution 
(or population) has been defined for a group of details, a deterministic crack 
growth analysis is used to grow the entire EIFS population to any service time 
T; thus determining the time-varying crack size distribution in service (Fig. 
3). The crack growth analysis is performed for the full-scale component using 
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FIG. 4—Initial fatigue quality model. 

applicable design conditions (for example, stress level, spectrum, environ
ment) and the user's crack growth analysis computer procedure. 

The probability of a crack occurring which is larger than a given crack 
size, referred to as the "probability of crack exceedance", is the most impor
tant information derived from the distribution of crack sizes. For example, in 
Fig. 3 the probability of exceeding a crack size xj at < = T is represented by 
the cross-hatched area under the crack size density function at f = T. Crack 
size rankings in the respective distributions for two different times are pre-
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served; namely, the crack size xi att = T has the same rank (or percentile) as 
the initial crack size 3;] (T) at < = 0. The probability of crack exceedance is re
lated to the number of expected repairs in a given service interval [5,6,14,17] 
and provides a basis for judging airframe durability and economic life. 

Initial Fatigue Quality Representation 

The worst "defect" (whether microstructural constituent, scratch, etc.) in 
a well-manufactured structural detail cannot be readily detected; this makes 
direct determination of EIFS unfeasible. However, a model has been de
veloped to derive the initial fatigue quality based on readily observed cracks. 
An arbitrary crack size„ao> 's selected which can be readily detected or which 
can be reliably observed fractographically following testing. The time re
quired for an in initial defect, of whatever type, to become a fatigue crack of 
size flo is termed the time-to-crack-initiation (TTCI). In this context, an 
"initiated" crack of size OQ is typically larger than normally considered in 
metallurgical discussions of fatigue crack initiation. 

An EIFS distribution for coupon specimens (Fig. 4) has been developed as 
follows [6,17]. The time-to-crack initiation (TTCI) distribution for coupon 
specimens is represented by a three-parameter WeibuU distribution, Fj-(t), 

Fjit) = P[T^t] = l - exp 
& 

t > € (1) 

where T is the TTCI, a is the shape parameter, /3 is the scale parameter, and 
€ is the lower bound. The three WeibuU parameters are determined from 
fractography for coupon specimens or other suitable test results. 

The crack growth rate in the small crack size region is assumed to be of the 
following form: 

dajt) 
dt 

= QWit)]'' (2) 

where Q and b are parameters depending on loading spectra, structural and 
material properties, etc.; a(t) is the crack size at t. 

Integrating Eq 2 from t = Otot = T, one obtains the relation between the 
initial crack size, a(0), and the reference crack size OQ = a ( r ) for TTCI 
(flight hours) as follows: 

EIFS = a{0) = lao~'+ cQT]- l/c (3) 

where c = b — I. 
The EIFS cumulative distribution, Fa^o)(x), is obtained by using Eqs 1 and 

3 as follows: 
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fa(0)M = exp 
cQ0 

0<x< X ^X,. (4) 

= 1; X > x„ 

where 

^« = [«o"^ + cQe]-'/- (5) 

The five parameters (a, /8, e, c, Q) in Eq 4 have been calibrated using 
crack growth data from Ref 22 for 7475-T7351 aluminum specimens (Fig. 5) 
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FIG. 5—Fastener hole quality specimens: (a) no load transfer; (b) 75 percent load transfer 
(XWPF). 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



RUDD ET AL ON METALLIC AIRFRAMES 141 

for both fighter (F-16) and bomber (B-1) spectra in Refs 6, 10, and 17. It has 
been shown that (/) the three-parameter WeibuU distribution fits observed 
TTCI test results; (2) Eq 2 is justified for back-extrapolating fractography in 
the small crack size region for repeating spectra; and (J) the EIFS popu
lation, characterized by F„(o)(x), can be transformed (grown) to another ser
vice time using a single deterministic crack growth curve [24]. Typical plots 
of the crack size cumulative distribution versus the crack size are shown in 
Fig. 6 for the XWPF [15 percent load transfer, F-16 400-h block spectra, 
gross stress = 234.4 MPa (34 ksi)] data set [22] at t = 0, 7200 h, and 10 800 
h. It is seen that observed ranked crack sizes (triangles and rectangles) com
pare very well with predictions (solid and dashed curves). 

Analysis Procedure 

Durability analysis procedures, described and discussed in detail in Refs 5, 
6, 11, and 14, are summarized below. 

(7) Divide durability component into m stress regions where the maxi
mum stress in each region may be reasonably assumed to be equal for every 
location or detail (for example, fastener hole) in a given stress region. 

(2) Use the model shown in Fig. 4 and suitable fractography results, if 
available, to define the EIFS distribution (Eq 4). 

(J) For each stress region the crack growth damage accumulation is ex-

CRACKSIZE, lO-^mm 
100 1000 

O.OS 0.1 1 10 
CRACK SIZE, 10"3 INCH 

100 200 

FIG. 6—Crack size versus cumulative distribution Fj(,)(x) for XWPF (15 percent load 
transfer) data set based on fighter spectrum. 
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pressed either by a curve representing the crack size versus service time, re
ferred to as the "master curve," or by the following equation. 

da(t) 
dt = QiWit)]"' (6) 

The master curve or crack growth parameters Q, and 6, should be estimated 
using either applicable fractography results, other test results, or analytical 
crack growth computer code, such as Ref 23. 

(4) In each stress region, determine the cumulative distribution func
tion, F„^i^^')(xi) = pla,{T) < Xi], of the crack size 0,(7) at any time T using 
Eqs 4 and 6. Then, the probability that the crack size 0,(7) will exceed jcj at 
T, denoted hy p(i, T), is referred to as the probability of crack exceedance. It 
is computed asp(j, r) = 1 — i^,,(T)(xi) in the following [5,6,14]. 

p(i, T) = 1 — exp j — 
{y\M)\ ' - UQ-C - cQe 

_ _ 
^ 

O^yuM^x, 

= l;yu(r)<0 

= 0;yu(T) > Xu 

where x^ is defined by Eq 5 and 

Ji,(7-)=[(x,)-^. + c,Q,r]-J^^. 

c,- = hi- I 

(7) 

(8) 

(9) 

(5) If the general crack growth master curve is used rather than Eq 6, then 
Eq 7 still holds except that 3̂ 1,(7) should be obtained from the master curve 
[5,6,14]. 

(6) The average number of details in the ith stress region with a crack size 
greater than xj at service time T, N(i, 7), and the corresponding standard 
deviation, af/{i, T), are determined using the binomial distribution: 

NU, T) = Nipd, 7) 

adi, r) = {N,p{i, r) [I - p{i, T)]Y'^ 

(10) 

(11) 

in which Ni denotes the total number of details in the jth stress region. The 
average number of details with a crack size exceeding Xi at the service time 7 
for m stress regions, L{T), and its standard deviation, OL^T), can be com
puted using Eqs 12 and 13, respectively. 
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X(r) = E N{i, T) (12) 
1=1 

OLiT) = E a^Hi, T) 
= 1 

1/2 

(13) 

Equations 12 and 13 can be used to quantify the extent of damage for a single 
detail, a group of details, a part, a component, or an airframe. X(T) approx
imately corresponds to a 50 percent exceedance probability. Upper and lower 
bounds for the prediction can be estimated using £ ( T ) ± Zoiir), where Z is 
the number of standard deviations, oiir), from the mean, X(T) . Equations 10 
to 13 are valid provided that cracks in each detail are relatively small and the 
growth of the largest crack in each detail is not affected by cracks in neigh
boring details. Hence the crack growth accumulation for each detail is statis
tically independent [5,6,14]. 

Durability Analysis Demonstration 

The durability methodology will be illustrated using the lower wing skins 
of the full-scale F-16 durability test article. Extent of damage predictions for 
the lower wing skin are compared with observations from the tear-down in
spection of the F-16 durability test article. Essential details of the analysis are 
described, and the results are discussed in quantitative structural durability 
terms. This demonstration illustrates the durability methodology and the 
type of output information, but it is not intended to be a final verification of 
the methodology for full-scale aircraft structure. 

The F-16 durability test article was tested to 16 000 flight hours (equiva
lent to 2 service lives) using the F-16 500-h block spectrum. Each wing re
ceived the same loading. Following the test, all fastener holes in the lower 
wing skins were inspected using the eddy-current technique. Fastener holes 
with crack indications were confirmed by fractographic evaluation. For con
ciseness, only resulting crack sizes for the right-hand lower wing skin are 
shown in Fig. 7. 

The durability analysis of the F-16 lower wing skin followed the general 
procedures previously described. Details of the analysis, including results, 
are given in Ref / / . Briefly, the analysis was done in the following manner: 
(/) the lower wing skin was divided into three stress regions (that is, m = 3); 
(2) the initial fatigue quality of all fastener holes in the lower wing skins (Eqs 
1, 2, and 4) was quantified using test coupon data from Ref 22 (that is, 
XWPF data set); (3) the CGR computer program [23] was used to develop 
crack growth "master curves" and to calibrate Q, and c, for the three stress 
regions; (4) the model parameters (that is, a, jS, e, c,, and Q,) were calibrated 
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as deterministic values; and (5) Eqs 10 to 13 were used to predict the extent 
of damage at any service time T; in particular, T = 16 000 flight hours. 

Differences between the coupon test conditions and those in the F-16 lower 
wing skins are noted. Whereas the lower wing skins on the durability test ar
ticle were predominantly fastened with countersunk, blind rivets, the XWPF 
test coupons used protruding head, straight shank, threaded fasteners. The 
XWPF coupons were tested using the F-16 400-h block spectrum, which is 
slightly more severe than the full-scale aircraft wing test spectrum used (that 
is, F-16 500-h block). Load transfer through the fasteners typically ranged 
from 15 to 20 percent for the full-scale lower wing skins. The XWPF test 
coupons were designed for a 15 percent load transfer through the fasteners. 
Other important factors, such as material, manufacturing procedures, load 
exceedance curves for the test spectra, and maximum spectrum stress level, 
were similar in the test coupons and durability test aircraft. 

Initial fatigue quality model parameters based on the XWPF data set of 
Ref 22 are summarized in Table 1. In Table 2, crack growth parameters, Q, 
and c,, and pertinent details are presented for the three stress regions. 

Results of the durability analysis can be presented in different useful for
mats for the analytical assurance of economic life. For example, the average 
percentage of crack exceedance versus crack size plots for the lower wing skin 
are presented in Fig. 8 for different flight hours. For comparison purposes, 
ranked observations from the tear-down inspection of the right-hand lower 

TABLE 1—Model parameters for defining initial fatigue quality." 

a 

5.5 

0," 
flight hours 

14402 

e 

0 

b 

0.962 

c 

-0.038 

Q X 10" 

3.09 

"Based on XWPF data set from Ref 22; 7475-T7351 aluminum; 15 percent 
load transfer; gross stress = 234.4 MPa (34 ksi); F-16 400-h spectrum; pro
truding head fastener (NAS 6204-7, 'A diameter). 

*50 percent confidence. 

TABLE 2—Crack growth parameters for F-16 lower wing skin." 

Stress Region Gross Stress No. of Holes 6, c, Q,- X lO" 

195.1 MPa 
(28.3 ksi) 
176.5 MPa 
(25.6 ksi) 

59 1.16 0.16 6.29 

335 1.292 0.292 8.446 

157 9 MPa 
III (22 9ks0 ^^^° '••^^^ ° ' ^ ^ ^'^^'^ 

'•7475-T7351 aluminum; F-16 500-h block spectrum; countersunk fastener (MS 90353 type); 
15 to 20 percent load transfer; da(t)/dt = Q,[a(f)]*' 
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FIG. 8—Crack size versus average percentage of crack exceedance for F-16 lower wing skin in 
terms of flight hours. 

wing skin are also plotted. Note that the average percentage of fastener holes 
having a crack size exceeding any value xj increases with service time. In Fig. 
8 the extent of damage predictions for each stress region have been combined 
for the complete lower wing skin for overall economic life assessment. Similar 
results have been plotted for individual stress regions [11]. 

In Fig. 8, for example, approximately 1.8 percent (or 0.018 X 1614 = 29 
fasteners) of the fastener holes in the lower wing skin would be predicted to 
have a crack size ^0.762 mm (0.03 m.) at 16 000 flight hours. This type of 
information can be used to judge structural durability and economic life dur
ing the design stage. Also, the type of information shown in Fig. 8 could be 
useful for setting in-service structural maintenance requirements. 

Figure 9 illustrates another useful format for presenting the durability 
analysis results. The percentage of fastener holes having a crack size ex
ceeding any value xi at 16 000 flight hours in the first stress region is plotted 
as a function of exceedance probability. For simplicity, only the exceedance 
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FIG. 9—Crack size versus percentage of crack exceedance for stress region I of F-16 lower 
wing skin after 16 000 flight hours. 

curves associated with exceedance probabilities 0.05, 0.1, 0.5, 0.8, and 0.9 
are presented. Test results for the percentage of cracks exceeding 0.762 mm 
(0.03 in.) in the first stress region of the right-hand lower wing skin are plot
ted as a circle for comparison. No cracks were observed for the left-hand 
lower wing skin for this stress region. Plots similar to Figs. 8 and 9 have been 
made for the second and third stress regions [11]. It was concluded that the 
correlations between the test results and the predictions based on the present 
analysis methodology are excellent. 

Figure 9 also provides information for estimating the upper and lower 
bounds for the prediction in terms of arbitrarily selected exceedance prob
ability levels. For example, suppose the upper and lower bounds for the 
prediction correspond to exceedance probabilities of 0.05 and 0.90, respec
tively. Then, in Fig. 9, the upper and lower bound prediction for the average 
percentage of crack exceedance for an 0.762 mm (0.03 in.) crack size at 
16 000 flight hours is approximately 22 and 12 percent, respectively. 

The total number of details X(T) having a crack size larger than the 
economical repair limit for fastener holes [for example, a^ = 0.762 mm (0.03 
in.)] in the entire wing skin is a statistical variable. The average value L(T) 
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and the standard deviation oiir) of Z,(T) at any service time T have been com
puted using Eqs 12 and 13. The average number I,(T) of fastener holes hav
ing a crack size larger than 0.762 mm (0.03 in.) in the lower wing skin is plot
ted in Fig. 10 as Curve 1. Also plotted as Curves 2 and 3 ̂ re the results 
associated with the mean T standard deviation; that is, L{T) T CT£(T). 
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FIG. 10—Flight hours versus number of fastener holes with crack size ^ 0.762 mm (0.03 in.) 
for F-16 lower wing skin. 
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Likewise, Curves 4, 5, 6, and 7 in Fig. 10 correspond to the results of L(T) — 
2ai(T), L(T) + 2ai(T), L{T) — 3ai(T), and HT) + Soiir), respectively. 
Since the number of details in each stress region is large, it is reasonable to 
approximate the binomial distribution by the normal distribution. Thus the 
mean curve L(T) corresponds to a 50 percent exceedance probability, while 
other curves correspond to various exceedance probabilities as shown in Fig. 
10 in parentheses. 

Full-scale test results for the right-hand wing and the left-hand wing at 
T = 16 000 flight hours are plotted in Fig. 10 as a circle and a square, respec
tively. In addition, the analytical predictions, along with the test results at 
T = 16 000 flight hours in each stress region as well as in the entire lower 
wing skin, are summarized in Table 3. The durability analysis results shown 
in Fig. 10 and Table 3 correlate well with observed test results for the right-
hand wing, while predictions are conservative [predict more holes with cracks 
^ 0.762 mm (0.03 in.)] for the left-hand wing. One possible explanation for 
the conservative prediction for the left-hand wing is that there may have been 
some cracks in the full-scale test article which were not found during NDI. 

Conclusions 

A durability analysis methodology has been developed for satisfying the 
Air Force's durability design requirements for airframes. Results of the 
durability analysis can be used to analytically ensure structural durability. 
Although quantitative economic life criteria remain to be developed for 
demonstrating structural design compliance, guidelines and promising 
analytical formats for such criteria have been presented. Durability analysis 
methods for quantifying structural damage due to fatigue cracking have been 
developed and evaluated using test results for coupon specimens and 
demonstrated for a full-scale airplane test article. Further work is required to 
test the durability analysis methodology for different spectra, materials, load 
transfer, and stress levels [24]. 

TABLE 3—Durability analysis results for F-I6 durability test article-lower wing skin. 

Stress Region 

I 
II 
III 
Entire wing skin 

No. of 
Holes 

59 
335 

1220 
1614 

Probability -
that a Crack 
Will Exceed 
0.762 mm 
(0.03 in.) 

0.1760 
0.0408 
0.0045 

No. of Holes Having Crack Size Exceeding 
a, = 0.762 mm (0.03 in.) 

Analytica 

Average 

10.4 
13.7 
5.5 

29.6 

il Prediction Test Results 

Standard Right-Hand 
Deviation Wing" 

2.9 7 
3.6 10 
2.3 11 
5.2 28 

Left-Hand 
Wing" 

0 
2 
5 
7 

"After 16 000 h of F-16 500-h block spectrum 
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ABSTRACT: This paper considers two aspects of the United States Air Force analytical 
and experimental damage tolerance design requirements for metallic airframes: the loca
tions of initial damage and the accuracy of crack growth analysis. Following a summary 
of the requirements, an assessment is made of the validity of the initial continuing 
damage locations specified in the requirements. Guidelines are provided for selecting the 
initial primary damage location needed but not specified in the requirements. Analyses 
and test results are presented for typical aircraft structure (that is, chordwise splices, 
spanwise splices, stringer-reinforced continuous skin, 2-bay wing panels, etc.). The 
analytical and experimental results are correlated in order to assess the accuracy of the 
state-of-the-art analytical capability to satisfy the Air Force damage tolerance re
quirements. 

KEY WORDS: damage tolerance, fracture mechanics, fatigue crack growth, residual 
strength, design criteria, initial damage, aircraft structure, fastener holes, mechanical 
joints 

In order to ensure the operational readiness of United States Air Force air
craft, structural integrity (for example, strength, rigidity, durability, and 
damage tolerance) requirements exist which are presented in Military Stan
dard MIL-STD-1530A [2].4 This paper addresses the damage tolerance por-
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tion of structural integrity, which is defined as the ability of the airframe (for 
example, fuselage, wing, empennage, etc.) to resist failure due to the pres
ence of flaws, cracks, or other damage for a specified period of unrepaired 
usage. Damage tolerance of the airframe is needed not only to ensure opera
tional readiness but also safety. The Air Force analytical and experimental 
damage tolerance design requirements presented in Military Specifications 
MIL-A-83444 [2] and MIL-A-8867B [3], respectively, are summarized herein 
for background. 

MIL-A-83444 specifies some initial flaw assumptions, such as the types 
and sizes of initial primary cracks and so-called initial continuing damage 
flaws. However, the locations of the continuing damage flaws are specified 
based on engineering judgement and need to be verified. Furthermore, 
whereas the primary damage is required to be at the "most critical" location, 
guidelines for selecting the most critical location are not available. Thirdly, 
the specification requires a fatigue crack growth analysis for aircraft struc
ture, but the accuracy of such an analysis is not well defined. This paper 
assesses the validity of the initial continuing damage assumptions specified in 
MIL-A-83444, provides guidelines for selecting the most critical location for 
primary damage, and assesses the state-of-the-art analytical capability to 
satisfy MIL-A-83444. 

Analytical Damage Tolerance Design Requirements 

Flaws, defects, imperfections, or discrepancies exist in aircraft structure 
due to various material and structural manufacturing and processing opera
tions. The Air Force analytical damage tolerance design requirements of 
MIL-A-83444 assumes the existence of such flaws in the most unfavorable 
locations and orientations with respect to the applied stress and material 
properties. These flaws must meet crack growth and residual strength re
quirements which are a function of the design concept (that is, slow crack 
growth and fail safe) and degree of inspectability (that is, noninspectable, 
depot or base level inspectable, special visual inspectable, walk-around vi
sual inspectable, ground evident inspectable, and in-flight evident inspec
table) of the structure. The analytical damage tolerance requirements for 
each design concept are presented in the following. 

Slow Crack Growth Structure 

Slow crack growth structure is classified as either (/) noninspectable or (2) 
depot or base level inspectable. Initial primary damage is assumed to exist in 
the most critical location of each structural element. The size of the assumed 
initial primary damage is based upon nondestructive inspection (NDI) capa
bility and the degree of inspectability of the structure. 
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The initial primary damage sizes and shapes assumed for noninspectable 
structure are illustrated in Fig. 1. Other surface flaw shapes with initial stress 
intensity factors equivalent to that of the semicircular surface flaw specified 
in Fig. 1 may be assumed if appropriate (for example, corner flaws at the 
edges of structural elements, longer and shallower surface flaws in plates 
subjected to high bending stresses). Figure 1 indicates that the type of flaw 
assumed for the initial primary damage is dependent upon the thickness of 
the material. Smaller initial flaw sizes than those specified in Fig. 1 may be 
assumed subsequent to a demonstration that all flaws larger than the as
sumed sizes have at least a 90 percent probability of detection with a 95 per
cent confidence level. Smaller initial flaw sizes may be also assumed if proof 
test inspection is used, based on the calculated critical crack size at the proof 
test stress level. The initial primary damage must not grow to critical size and 
cause failure of the structure in two (2) design service lifetimes. In addition to 
this crack growth requirement, a residual strength requirement is specified 
in MIL-A-83444 for this time period. 

For slow crack growth structure that is depot or base level inspectable, the 
initial primary damage sizes and shapes assumed after completion of the in
spection are the same as those previously discussed for noninspectable struc
ture (Fig. 1), provided the component is to be removed from the aircraft and 
completely inspected with the same NDI procedures that were used during 
fabrication. Larger initial primary damage sizes must be assumed after com
pletion of the inspection if NDI techniques (that is, penetrant, magnetic par
ticle, and ultrasonics) are used without component or fastener removal (Fig. 

—4 U- I.ZTmn 

]E 
t < I.ZTmm 

t > l .zrmm 

a.) FASTENER HOLE LOCATION 

k-6.35mm-^ k-6.35mm-i^ 

t ^3.18mm 

t >3.l8fflm 

b. LOCATION OTHER THAN FASTENER HOLE 

FIG. 1—Initial primary damage for noninspectable and depot or base level inspectable struc
ture with component removal (slow crack growth structure). 
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2). The crack lengths in Fig. 2 are measured from the edge of the fastener 
head or nut. Other surface flaw shapes with initial stress intensity factors 
equivalent to those of the semicircular surface flaws specified in Figs. 1 and 2 
may be assumed if appropriate. If close visual inspection techniques are 
used, a through-the-thickness flaw having at least 50.8 mm (2 in.) of un
covered length must be the minimum assumed damage size. When inac
cessibility, paint, sealant, or other factors preclude close visual inspection or 
the use of NDI techniques, slow crack growth structure must be assumed to 
be noninspectable. Smaller crack sizes than those specified above may be 
assumed if proof test inspection is used. The initial primary damage must not 
grow to critical size and cause failure of the structure in one half (Vi) the 
design service lifetime. In addition to this crack growth requirement, a 
residual strength requirement is specified in MIL-A-83444 for this time 
period. 

As previously mentioned, the size of the initial primary damage, assumed 
at the most critical location, is based upon NDI capability. MIL-A-83444 
specifies that initial continuing damage must also be assumed at other loca
tions to represent the overall initial quality of the structure. The sizes and 
shapes of the initial continuing damage to be assumed are specified in Fig. 
3. If the contractor has developed initial quality data (for example, frac-
tographic studies which provide a sound basis for determining equivalent ini-

•—6.35mm 

Sir 
t ^6.35inm 

^ f 

rrrrr" 
t >6.35nnm 

Q. FASTENER HOLE LOCATION 

- - | 12.70mm I — — - | 12.70mm 1 ^ 

t < 6.35mm 

«_5mm 

b. LOCATION OTHER THAN FASTENER HOLE 

FIG. 2—Initial primary damage for depot or base level inspectable structure without compo
nent removal. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



156 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

—-|.l3iiiij • U .5lmm »j 

a. FASTENER HOLE LOCATION b. LOCATION OTHER THAN FASTENER HOLE 

FIG. 2—Initial continuing damage. 

tial flaw sizes), these data may be submitted to the procuring activity for 
review and serve as a basis for negotiating sizes different than those previ
ously specified. 

Fail-Safe Structure 

Fail-safe structure can be classified as either multiple load path or crack 
arrest. The degrees of inspectability of fail-safe structure are (7) depot or 
base level, (2) special visual, (J) walk-around visual, (4) ground evident, and 
(5) in-flight evident. Because the design requirements and assumptions for 
multiple load path structure are basically the same as those for crack arrest 
structure, only the design requirements and assumptions for multiple load 
path structure will be discussed in this paper. 

Two sets of crack growth and residual strength requirements exist for 
multiple load path structure. The first set applies to intact structure (that is, 
structure prior to load path failure). The second set applies to the remaining 
structure subsequent to load path failure. The assumed initial primary 
damage sizes and shapes after completion of the inspection of intact struc
ture that is depot or base-level inspectable are presented in Fig. 4, provided 
the component is to be removed from the aircraft and completely inspected 
with the same NDI procedures used during fabrication. If NDI techniques 
are used without component or fastener removal, the assumed initial primary 
damage sizes and shapes are the same as those previously discussed for slow 
crack growth structure (Fig. 2). The initial primary damage must not grow to 
critical size and cause failure of the structure in one fourth ('A) the design 
service lifetime. If the intact structure is not depot or base level inspectable, 
the assumed initial primary damage sizes and shapes are those presented in 
Fig. 4. This initial primary damage must not grow to critical size and cause 
failure in one (1) design service lifetime. 

Besides the crack growth requirements specified above, the intact struc
ture and the remaining structure at the time of load path failure must meet 
residual strength requirements. These requirements are specified in MIL-
A-83444 as a function of the degree of inspectability of the structure. Also, 
subsequent to lodd path failure, the failed load path plus damage assumed in 
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1h' —A U—.5lmm 

I 1 1 

t < .5lmm t >.5lmni 

a. FASTENER HOLE LOCATION 

|-— 2.54 mm—^ |-—2.54mm—A 

t < 1.27mm t > 1.27mm 

b. LOCATION OTHER THAN FASTENER HOLE 

FIG. 4—Initial primary damage for fail-safe, inspectable structure: depot or base level with 
component removal, special visual, walk-around visual, ground evident, and in-flight evident. 

the remaining adjacent structure must meet additional crack growth and 
residual strength requirements as specified in MIL-A-83444. 

Experimental Damage Tolerance Design Requirements 

Design development tests [3] are required to provide an early evaluation of 
the damage tolerance of critical structural components and assemblies. 
Design development tests are also required to provide an early evaluation or 
verification of the crack growth and residual strength analyses used to satisfy 
the analytical damage tolerance design requirements for MIL-A-83444 
previously discussed. Specimens used for the design development tests may 
range from simple coupons and elements to more complex splices, joints, 
panels, fittings, wing-carry-through structures, etc. 

Damage tolerance tests [3] must be performed to demonstrate compliance 
with the crack growth and residual strength design requirements of MIL-
A-83444. The type, number, and duration of tests needed are a function of 
the design concept and degree of inspectability of the structure. Full-scale 
damage tolerance testing must be performed if damage tolerance of the air
frame is not demonstrated during the design development and full-scale 
durability tests. Existing hardware must be used for the damage tolerance 
tests when possible (for example, component and assemblies of the design 
development tests, full-scale static and durability test articles, etc.). Addi-
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tional structural components and assemblies must be fabricated and tested 
as required. 

Inspections are required during damage tolerance testing in accordance 
with the requirements of MIL-A-83444 for the aircraft in service, as well as 
any special inspections specified by the Air Force. A destructive teardown in
spection must be performed after completion of damage tolerance testing 
which includes disassembly and laboratory-type inspection of the fracture 
critical areas. Fractographic examinations are required to obtain crack 
growth and initial quality data. Inspection proof tests may be performed on 
components, assemblies, or complete airframes, when approved by the Air 
Force, in order to establish initial flaw sizes other than those specified in 
MIL-A-83444 when the use of conventional NDI is impractical or cost inef
fective. 

Guidelines for Selecting the Most Critical Location of Initial Primaiy Damage 

The Air Force damage tolerance design requirements [2] for metallic air
frames specify that initial primary damage must be assumed to exist in the 
most critical location of each structural element. The most critical locations 
are not obvious for typical aircraft structure due to the geometric and loading 
complexities involved. Therefore guidelines are needed for selecting these 
locations. This paper presents such guidelines for three typical aircraft struc
tural configurations. 

A total of 28 tests were conducted to determine the most critical locations 
of initial primary damage [4]. These tests were conducted for test specimens 
involving (/) center-stringer-reinforced, continuous skin; (2) center-stringer-
reinforced, split skin; and (J) edge-stringer-reinforced, continuous skin. The 
specimens selected represent typical aircraft structure. A constant amplitude 
loading was applied with a maximum stress level of 117.21 MPa (17 ksi) and 
a stress ratio of 0.1. The tests were performed in a controlled laboratory air 
environment with a temperature of 22 ± — 16°C (72 ± 3°F) and a relative 
humidity of 40 ± 10 percent. 

An initial primary fatigue crack was induced into each structural element 
of the test specimens at the faying surface. This initial primary damage was a 
1.27-mm (0.050-in.) quarter-circular comer crack as required by MIL-
A-83444 for slow crack growth structure. The precracks were induced prior 
to assembly using the following procedures. An undersized hole was drilled 
and a razor notch was made at the comer of the hole. Cyclic fatigue loading 
was applied until a crack of the desired length was formed from the notch. 
The hole was redrilled to final size, leaving a 1.27-mm (0.050-in.) comer 
crack. Since more than one controlled fatigue crack could not be simultane
ously induced in each structural element, the initial continuing damage used 
in the tests was a 0.51-mm (0.020-in.) razor notch. This damage is equivalent 
in life to the 0.13-mm (0.(X)5-in.) quarter-circular comer crack specified as 
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the continuing damage in MIL-A-83444. This equivalency was verified by a 
separate fatigue test program using 35 coupon and small joint specimens. 
[5.6] 

Two different locations were considered for the initial primary damage, 
referred to as the inside crack and outside crack. The inside crack was 
directed toward the center of the panel whereas the outside crack faced the 
panel edge. A clearance-fit, untorqued steel Hi-Lok fastener was inserted into 
each fastener hole containing initial primary or continuing damage. 

Center-Stringer-Reinforced, Continuous-Skin Specimens 

Ten specimens were tested for the geometric configuration shown in Fig. 5. 
Each specimen had an overall nominal length of 1207 mm (47.5 in.) and a 
test section width of 457 mm (18 in.). The skin and tee section thicknesses 
were 4.62 mm (0.182 in.) and 4.78 mm (0.188 in.), respectively. Both struc
tural elements contained 6.35-mm (0.25-in.)-diameter fastener holes. Both 
inside and outside cracks were considered as the initial primary damage. 

Three different test cases were considered (Table 1). Test Case I was con
sistent with the damage tolerance design requirements of MIL-A-83444. This 
case involved initial continuing damage in the hole (Hole No. 2) adjacent to 
the one containing the initial primary damage (Hole No. 1), as illustrated in 
Fig. 5. The holes containing the initial primary and continuing damage were 
filled with an untorqued, clearance-fit fastener. The fasteners in the nearby 

6.35 mm -* | j ^ 

^ 5 ^ 
SEE DETAIL A 

CONTINUING 
D A M A G E -

DETAIL A - INSIDE CRACK 

CONTINUING DAMAGE 

HOLE NO. 2 

DETAIL A - O U T S I D E CRACK 

I 4 .62 mm 

1~T 

FIG. 5—Center-stringer-reinforced, continuous-skin specimen. 
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TABLE 1—Test cases for center-stringer-reinforced, 
continuous-skin specimen. 

Test 
Case No. Fastener for Hole No. 2 

Initial 
Continuing 

Dainage 

I clearance-fit, untorqued 
II clearance-fit, untorqued 

III rivet 

yes 
no 

rows were flush-head aluminum rivets, representative of standard design 
practice for this configuration. Test Case II was identical to Test Case I with 
the exception that no initial continuing damage flaws were induced in the 
structure. Test Case III was identical to Test Case II with the exception that 
Hole No. 2 was filled with a flush-head aluminum rivet rather than an untor
qued, clearance-fit fastener. 

The total life test results for the ten center-stringer-reinforced, continuous-
skin specimens are presented in Table 2. The most critical initial primary 
damage location (that is, inside or outside crack) for this type of structure 
can be determined by comparing the lives for the three cases investigated. 
Test Case I simulates the present Air Force damage tolerant design re
quirements contained in MIL-A-83444 (that is, continuing damage flaws, 
clearance-fit fasteners which are finger tight, etc.). A comparison of the 
mean lives for this case shows that the mean life for the inside crack location 
is 35 percent greater than that for the outside crack. The mean lives of Test 
Case II and single lives of Test Case III for the two initial primary damage 
locations are approximately equal. Therefore the most critical initial primary 

TABLE 2—Test lives for center-stringer-reinforced, continuous-skin specimens. 

Inside 
crack 

Outside 
crack 

Case 1 

Specimen 
No. 

4.8-1-1 
4.8-1-2 

mean life = 

Specimen 
No. 

4.8-1-7 
4.8-1-8 

mean life = 

I 

Life, 
cycles 

29 800 
26 100 

28 000 

Life, 
cycles 

22 600 
19 000 

20 800 

Case II 

Specimen 
No. 

4.8-1-3 
4.8-1-4 

mean life = 

Specimen 
No. 

4.8-1-9 
4.8-1-10 

mean life = 

Life, 
cycles 

27 300 
27 700 

= 27 500 

Life, 
cycles 

34 000" 
22 200 

= 28 100 

Case III 

Specimen 
No. 

4.8-1-5 

life = 

Specimen 
No. 

4.8-1-11 

life = 

Life, 
cycles 

26 200 

26 200 

Life, 
cycles 

26 700" 

26 700 

"Skin crack stop-drilled in order to obtain further cracking data in stringer. 
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damage for center-stringer-reinforced, continuous-skin structure is a crack 
growing away from the stiffener for Test Case I. There is no dominant critical 
location for Test Cases II and III. 

It should be noted that the crack growth in the skin for Specimen Nos. 
4.8-1-9 and 4.8-1-11 was intentionally arrested at a crack length of about 
40.6 mm (1.6 in.). This crack arrestment occurred after the application of 
the number of cycles specified in Table 2. The arrestment was accomplished 
by drilling a 9.53-mm (0.375-in.)-diameter hole at the crack tip and install
ing a fully torqued Hi-Lok fastener. The purpose of the crack arrestment was 
to obtain additional cracking data in the stiffener. However, based upon the 
crack growth behavior of the test specimens without crack arrestment, it is 
estimated that total specimen failure would have occurred shortly after the 
number of cycles applied at the time of crack arrestment if the skin crack had 
been allowed to grow. Therefore the number of cycles applied at the time of 
crack arrestment was taken as the total life of the specimen. 

Center-Stringer-Reinforced, Split-Skin Specimens 

The ten center-stringer reinforced, split-skin specimens tested in this pro
gram had the same geometry and dimensions as the specimen presented in 
Fig. 5 with the following exceptions. The hole diameter was 7.92 mm (0.312 
in.) and the specimens had two skins rather than one. The two skins were 
spliced together longitudinally by the tee stringer, simulating a typical air
craft spanwise splice. The splice and the initial damage conditions for these 
ten specimens are presented in Fig. 6. 

The three different test cases investigated for this type of specimen are the 
same as those specified in Table 1 with the exception that the flush-head 
aluminum rivets used previously were replaced with interference-fit, flush-
head steel fasteners which were fully torqued. These fasteners are represen
tative of standard aircraft design practice for skin-to-skin splices. 

The lives for the ten specimens are presented in Table 3. The lives for the 
inside crack location for Test Cases I, II, and III are 17, 25, and 12 percent 
higher than the corresponding lives for the outside crack location, respec
tively. Therefore the most critical initial primary damage for all cases is a 

PRIMARY DAMASE-
CON I INUINti — 7 

J M A S E y DAMASE / 

CONTINUING 
DAMAGE 

INSIDE CRACK OUTSIDE CRACK 

FIG. 6—Initial damage for center-stringer-reinforced, split-skin specimen. 
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TABLE 3—Test lives for center-stringer-reinforced, split-skin specimens. 

Inside 
crack 

Outside 
crack 

Case 1 

Specimen 
No. 

4.8-3-13 
4.8-3-14 

mean life = 

Specimen 
No. 

4.8-3-9 
4.8-3-10 

mean life = 

[ 

Life, 
cycles 

17 800" 
20 100" 

19 000 

Life, 
cycles 

14 500 
17 900" 

16 200 

Case 11 

Specimen 
No. 

4.8-3-3 
4.8-3-4 

mean life = 

Specimen 
No. 

4.8-3-7 
4.8-3-8 

mean life = 

Life, 
cycles 

24 100 
23 700 

23 900 

Life, 
cycles 

19 100" 
19 100" 

19 100 

Case III 

Specimen 
No. 

4.8-3-5 

life = 

Specimen 
No. 

4.8-3-11 

life = 

Life, 
cycles 

25 700 

25 700 

Life, 
cycles 

23 000" 

23 000 

"Skin crack stop-drilled in order to obtain further cracking data in stringer. 

crack growing away from the stiffener. This result is consistent with that for 
the center-stringer-reinforced, continuous-skin specimens. 

Edge-Stringer-Reinforced, Continuous-Skin Specimens 

Eight edge-stringer-reinforced, continuous-skin specimens were tested with 
the geometric configuration shown in Fig. 7. Each specimen had an overall 
nominal length of 1130 mm (44.5 in.) and a test section width of 457 mm (18 
in.). The skin and angle thicknesses were 4.62 mm (0.182 in.) and 6.35 mm 
(0.25 in.), respectively. Both structural elements have 7.92-mm (0.312-in.)-
diameter fastener holes. The angle stringers simulated spar caps on a wing. 
A sheet 4.62 mm (0.182 in.) thick and 82.55 mm (3.25 in.) wide was attached 
to the protruding leg of the angle to simulate a portion of a shear web. 

The initial damage conditions are illustrated in Fig. 7. The same three test 
cases were considered for this type of specimen which were previously 
described for the center-stringer-reinforced, split-skin specimens. Hence in
terference-fit, flush-head steel fasteners were used which are representative 
of standard aircraft design practice for skin-to-spar cap splices. 

The test lives for the ten specimens are presented in Table 4. The lives for 
the outside crack location for Test Cases I, II and III are 16, 17, and 27 per
cent higher than the corresponding lives for the inside crack location, respec
tively. Therefore the most critical initial primary damage for all test cases is a 
crack growing away from the stiffener. This result is consistent with those for 
the center-stringer-reinforced, continuous-skin and center-stringer-rein
forced, split-skin specimens. 
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FIG. 7—Edge-stringer-reinforced, continuous-skin specimen. 

TABLE 4—Test lives for edge-stringer-reinforced, continuous-skin specimens. 

Inside 
crack 

Outside 
crack 

Case! 

Specimen 
No. 

4.9-7 
4.9-8 

mean life = 

Specimen 
No. 

4.9-1 
4.9-2 

mean life = 

Life, 
cycles 

18 300" 
17 300" 

17800 

Life, 
cycles 

19 600 
21 600 

20 600 

Case 11 

Specimen 
No. 

4.9-9 

life = 

Specimen 
No. 

4.9-3 

life = 

Life, 
cycles 

18 400" 

18 400 

Life, 
cycles 

21 500 

21 500 

Case III 

Specimen 
No. 

4.9-11 

life = 

Specimen 
No. 

4.9-5 

life = 

Life, 
cycles 

18 100" 

18 100 

Life, 
cycles 

23 000" 

23 000 

"Skin crack stop-drilled in order to obtain further cracking data in stringer. 

Assessment of Initial Continuing Damage Location 

The Air Force damage tolerance design requirements [2] specify that when 
the initial primary damage grows into and terminates at an adjacent fastener 
hole, initial continuing damage must be assumed to exist in the adjacent 
fastener hole. This initial continuing damage must be assumed to be a 
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0.13-mm (O.OOS-in.) quarter-circular comer crack plus the amount of growth 
which occurs while the primary damage is growing into the adjacent fastener 
hole. The location of the initial continuing damage is specified as the 
diametrically opposite side of the adjacent fastener hole at which the primary 
damage terminated. The specified initial continuing damage is an analysis 
expedient which is assumed to exist in order to continue the analysis and is 
based upon a limited amount of test data. This section presents an assess
ment of the location specified above for the initial continuing damage. 

A total of 27 test specimens were used to assess the validity of the initial 
continuing damage location discussed above. Each specimen contained ini
tial primary damage, but the continuing damage was allowed to initiate 
naturally during the tests. The structural geometries which were used to 
determine the most critical initial primary damage locations (for example, 
center-stringer-reinforced, continuous-skin specimens; center-stringer-rein
forced, split-skin specimens; and edge-stringer-reinforced, continuous-skin 
specimens) were also used in the initial continuing damage assessment. 
Other structural geometries used for the assessment were 2-bay wing panels 
[4], single-lap shear joints [5,6], and double lap shear joints [5.6]. 

The 2-bay wing panel was made up of the center-stringer-reinforced, split-
skin specimens and edge-stringer-reinforced, continuous-skin specimens pre
viously presented. The geometry and initial primary damage locations for 
this specimen are presented in Fig. 8. The tests were conducted for the Test 
Case II previously discussed. 

• \ 

7.92 mm DIA 

^ 
:2v. 5 a 

-PRIMARY 
DAMAGE r 

^ 

O) OUTSIDE CRACK 

> 

ir"̂  5=^ nr S £ 
PRIMARY 
DAMAGE 

^S LU-L 

b) INSIDE CRACK 

FIG. 8—2-bay wing specimen. 
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The single-lap shear joint specimen tested is presented in Fig. 9. This 
specimen is representative of a typical aircraft wing chordwise splice. Three 
specimens were tested with an overall nominal length of 610 mm (24 in.) and 
a test section width of 222 mm (8.75 in.). The skin and doubler thickness 
(Section A-A of Fig. 9) was 4.78 mm (0.188 in.) Both structural elements 
contained 7.92-mm (0.312-in.)-diameter fastener holes. Test Cases II and III 
were considered. All fasteners were flush-head steel Hi-Lok fasteners. For 
Test Case II, all fasteners were installed with clearance fit and without tor
que. For Test Case III, standard interference fit and standard torque were 
used in all fastener holes except the one containing the primary damage. 

The double-lap shear joint specimen is also representative of an aircraft 
wing chordwise splice (Fig. 10). Six specimens were tested, four "thick" and 
two "thin". The skin and doubler thicknesses for the thick specimen were 
9.53 mm (0.375 in.) and 4.78 mm (0.188 in.), respectively. The specimen had 
an overall nominal length of 686 mm (27 in.), test section width of 229 mm (9 
in.), and a hole diameter of 9.53 mm (0.375 in.). The thin specimen had a 
skin thickness of 4.78 mm (0.188 in.), doubler thickness of 2.39 mm (0.094 
in.), overall nominal length of 686 mm (27 in.), test section width of 152.4 
mm (6 in.), and a hole diameter of 6.35 mm (0.25 in.). The fasteners were 
protruding-head steel Hi-Lok fasteners. The same test cases (Test Cases II 

A 

4 
-e--e--c3--0- - © - - € > - I I 

o o o o o o o 

o o o o o o o 

o o o o o o o 
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L r 
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y~^ 

SECTION A-A 

FIG. 9—Single-lap-shear-joint specimen. 
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FIG. 10—Double-lap-shear-joint specimen. 

and III) were used for the double-lap shear joint specimens that were used for 
the single-lap shear joint specimens. 

A summary of the location where the first continuing damage flaw in
itiated is presented in Table 5 for all six types of specimens considered. The 
table indicates that 93 percent of the first cracks initiated in the same 
fastener hole that contained the primary damage but on the diametrically op
posite side. Therefore this location is a more critical continuing damage loca
tion than the adjacent fastener hole location specified in the current Air 
Force damage tolerance design requirements. 

Assessment of State-of-the-Art Damage Tolerance Analysis 

The Air Force analytical damage tolerance design requirements for air
craft structure were previously discussed. Because of the numerous structural 
details, initial crack locations, and failure sequences involved in the design of 
an aircraft, both time and cost must be considered in the selection of a 
damage tolerance analysis. A crack propagation analysis method which is 
commonly used and well suited for design is the compounded solution method 
[7]. This method involves the use of baseline da/dN data and approximate 
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TABLE 5—Location of first crack reinitiation. 

Location 

Hole Containing 
Primary Damage 

Other Holes 

Center-
Stringer-

Rein-
forced, 

Continu
ous-Skin 

Speci
mens 

6 
0 

Center-
Stringer-

Rein-
forced, 
Split-
Skin 

Speci
mens 

6 
0 

Number of Specimens 

Edge-
Stringer-

Rein-
forced, 

Continu
ous-Skin 

Speci
mens 

4 
0 

3-Bay 
Wing 
Panels 

2 
0 

Single-
Lap 

Shear 
Joints 

2 
1 

Double-
Lap 

Shear 
Joints 

5 
1 

Total 

25 
2 

stress intensity factor expressions for complex configurations obtained by 
combining known numerical solutions for simpler geometries. Likewise, the 
reinitiation time of an arrested crack can be predicted from fatigue crack in
itiation data and stress severity factors estimated by the compounding of 
known stress concentration factor solutions. Note that this method of pre
dicting crack reinitiation is used in contrast to the initial continuing damage 
flaw assumptions of MIL-A-83444. An assessment is made of the state-of-
the-art damage tolerance analysis capability using the above approaches. 

The accuracy of the damage tolerance analysis is assessed by comparing 
fatigue crack growth predictions made using the analysis with test data for 
the 39 test specimens previously discussed. The specimens included (/) 
center-stringer-reinforced, continuous-skin specimens; (2) center-stringer-
reinforced, split-skin specimens; {3) edge-stringer-reinforced, continuous-
skin specimens; {4) 2-bay wing panels; (5) single-lap shear joints; and (6) 
double-lap shear joints. All predictions were made prior to testing. The 
predictions were based upon a number of simplifying assumptions, such as 
the assumption that the specimen failed when the first member failed. 
Because of the large amount of details involved and the length limitations of 
this paper, the specific assumptions and formulas used in the predictions are 
not discussed here. These details are documented in Refs 4, 5. and 6. Only 
the analytical/experimental correlations are presented in this paper. 

The analytical and experimental lives for each of the 39 specimens are cor
related in Tables 6 to 11 and Fig. 11. An analytical/experimental life ratio of 
one is a perfect correlation (solid line in Fig. 11). Life ratios greater than and 
less than one indicate unconservative and conservative predictions, respec
tively. The dashed lines of Fig. 11 represent a factor of two scatter band. The 
life ratio range (mean ± standard deviation) for each type of specimen is 
presented in Fig. 12. 

Excellent correlations are obtained for the skin-stringer specimens [4]. 
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TABLE 6—Analytical/experimental life correlations for 
center-stringer-reinforced, continuous-skin specimens. 

Specimen No. 

4.8-1-1 
4.8-1-2 
4.8-1-3 
4.8-1-4 
4.8-1-5 
4.8-1-7 
4.8-1-8 
4.8-1-9 
4.8-1-10 
4.8-1-11 

mean 

Test Life, 
Nj- (cycles) 

29 800 
26 100 
27 300 
27 700 
26 200 
22 600 
19 000 
34 000" 
22 200 
26 700" 

life ratio = 0.90; 

Predicted Life, 
Np (cycles) 

26 000 
26 000 
26 200 
26 200 
26 200 
15 700 
15 700 
24 400 
24 400 
24 400 

standard deviation 

Life Ratio, 
Np/Nj 

0.87 
1.00 
0.96 
0.95 
1.00 
0.69 
0.83 
0.72 
1.10 
0.91 

= 0.13 

"Skin crack stop-drilled in order to obtain further cracking data in 
stringer. 

TABLE 7—Analytical/experimental life correlations for 
center-stringer-reinforced, split-skin specimens. 

Specimen No. 

4.8-3-3 
4.8-3-4 
4.8-3-5 
4.8-3-7 
4.8-3-8 
4.8-3-9 
4.8-3-10 
4.8-3-11 
4.8-3-13 
4.8-3-14 

Test Life, 
Nj (cycles) 

24 100 
23 700 
25 700 
19 100" 
19 100" 
14 500 
17 900" 
23 000" 
17 800" 
20 100" 

mean life ratio = 0.84; 

Predicted Life, 
Np (cycles) 

20 700 
20 700 
20 700 
18 900 
18 900 
11 900 
11 900 
18 900 
14 400 
14 400 

standard deviation 

Life Ratio, 
Np/Nj 

0.86 
0.87 
0.81 
0.99 
0.99 
0.82 
0.66 
0.82 
0.81 
0.72 

= 0.10 

"Skin crack stop-drilled in order to obtain further cracking data in 
stringer. 

These correlations involved four different types of specimens. All but one of 
the test lives for the 30 specimens were predicted to within a factor of 1.34. 
However, the correlations were not as good for the lap joints [8,9\. 

The three predictions for the single-lap-shear-joint specimens were uncon-
servative. The stresses used in the analysis of these specimens were less than 
those which actually occurred during testing because induced transverse 
bending stresses were neglected in the analysis. Even neglecting bending, the 
analytical/experimental correlations for the three specimens were approx
imately within a factor of two. 

The six predictions for the double-lap-shear-joint specimens were conser-
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TABLE 8—Analytical/experimental life correlations for 
edge-stringer-reinforced, continuous-skin specimens. 

Specimen No. 

4.9-1 
4.9-2 
4.9-3 
4.9-5 
4.9-7 
4.9-8 
4.9-9 
4.9-11 

mean 

Test Life, 
Nj (cycles) 

19 600 
21 600 
21 500 
23 000" 
18 300° 
17 300" 
18 400" 
18 100" 

life ratio = 1.16; 

Predicted Life, 
Np (cycles) 

25 300 
19 300 
26 600 
30 700 
14 100 
14 100 
23 900 
29 700 

standard deviation = 

Life Ratio, 
Np/Nj 

1.29 
0.89 
1.24 
1.33 
0.77 
0.82 
1.30 
1.64 

= 0.30 

"Skin crack stop-drilled in order to obtain further cracking data in 
stringer. 

TABLE 9—Analytical/experimental life correlations for 2-bay wing 
specimens. 

Test Life, Predicted Life, Life Ratio, 
Specimen No. Nj (cycles) Np (cycles) Np/Nj 

4.10-2 18 800 18 900 1.01 
4.10-4 17 900 23 900 1.34 

mean life ratio = 1.18; standard deviation = 0.23 

TABLE 10—Analytical/experimental life correlations for 
single-lap-shear-joint specimens. 

Specimen No. 

4.7-1 
4.7-4 
4.7-5 

mean 

Tes/Life, 
Nj- (cycles) 

22 500 
14 900 
35 200 

life ratio = 1.54; 

Predicted Life, 
Np (cycles) 

31 000 
31 000 
41 100 

standard deviation = 

Life Ratio, 
Np/Nr 

1.38 
2.08 
1.17 

= 0.48 

TABLE 11—Analytical/experimental life correlations for 
double-lap-shear-joint specimens. 

Specimen No. 

4.6A-3 
4.6A-4 
4.6A-5 
4.6A-6 
4.6B-2 
4.6B-3 

mean 

Test Life, 
Nj- (cycles) 

93 400 
35 900 

165 800 
181 100 
71 300 

217 500 

life ratio = 0.39; 

ftedicted Life, 
Np (cycles) 

29 700 
29 700 
34 600 
34 600 
38 400 
47 300 

standard deviation 

Life Ratio, 
Np/Nr 

0.32 
0.83 
0.21 
0.19 
0.54 
0.22 

= 0.25 
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FIG. 11—Summary of accuracy of life predictions. 
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FIG. 12—.Accuracy of life predictions for each specimen configuration. 
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vative. This is owing to the fact that the analysis did not account for the effect 
of fastener torque and faying surface friction. The actual crack growth rates 
and crack reinitiation rates were much slower than predicted when the 
fasteners were fully torqued. Although the load transfer was assumed to be 
by shear in the fasteners, much of the load was transferred by friction be
tween the doubler and skin at points beyond the plane of cracking. Hence the 
nominal stress in the plane of cracking was lower than expected. These ef
fects of fastener torque and faying surface friction were neglected in the 
analysis, which resulted in conservative predictions. 

Conclusions 

The most critical initial primary damage for skin-stringer structure is a 
fatigue crack growing away from the influence of the stringer. The most 
critical location for continuing damage is the same fastener hole containing 
the primary damage but on the diametrically opposite side. A state-of-the-art 
damage tolerance analysis based upon the compounded solution method and 
simplified assumptions is capable of satisfying the Air Force damage 
tolerance design requirements. However, improvements are needed in the 
analysis to account for clamp-up and faying surface friction. It should be 
noted that these conclusions are based upon a single material and constant 
amplitude stress level. Other materials and flight-simulation spectrum 
loading should be investigated. 
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ABSTRACT: Currently United States Air Force aircraft structures are inspected and 
maintained in accordance with a Force Structural Maintenance (FSM) plan. Because ac
tual aircraft mission usage is different for each individual aircraft structure in a force of 
aircraft, the schedule for individual structural inspections and modifications is adjusted 
to account for differences in the crack growth accumulation rate. Scheduling adjust
ments are based on continuous direct or indirect measurements of a potential crack 
length through individual aircraft tracking. 

The purpose of this paper is to describe (/) the logistics/maintenance environment in 
which the tracking program operates, (2) the crack length projection procedures em
bedded within the tracking program, and (3) the accuracy requirements for the pro
cedures employed. Accuracy requirements are studied through an analysis of potential 
errors that are possible in the projections of calendar time to critical crack length. The 
analysis isolates the effect of potential errors in the estimate of current crack length and 
compares this component of the total error with those due to the unknown future flying 
rate and the unknown future stress environment severity. The method permits com
parison of prediction precisions for competing tracking systems, and conversely, provides 
realistic accuracy goals for the development of new systems. Numerical examples are 
presented based on data from current tracking programs. 

KEY WORDS: aircraft structural integrity, aircraft maintenance, damage tolerance, 
crack growth tracking, error analysis 

The United States Air Force preventative maintenance program for air
frame structures is based on a Force Structural Maintenance (FSM) plan 
[1-3].2 This plan provides the overriding guidance as to what structural main
tenance will be accomplished on all aircraft in a given aircraft force, such as 
the C-5 force or the F-4 force, in order to ensure that the aircraft are safe to 

'Senior Research Statistician and Group Leader, respectively, Service Life Management, 
Aerospace Mechanics, University of Dayton Research Institute, Dayton, Ohio, 45469. 

2The italic numbers in brackets refer to the list of references appended to this paper. 
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fly throughout their planned service life. According to Air Force philosophy 
[4,5] the FSM plan is to contain the when, where, how, and economic impact 
type information necessary to maintain the structural integrity (safety) for 
the force of aircraft in the most economic manner possible. 

The FSM plan is implemented in practice through the scheduling of indi
vidual airplanes for structural maintenance through the Individual Aircraft 
Tracking (lAT) program [1,3]. The lAT program monitors the historical 
usage experienced by each aircraft and adjusts the schedule accordingly. 

The purpose of this paper is (/) to review the interface that exists between 
the FSM plan's defined schedule for maintenance and the scheduling of the 
structural maintenance actions for individual aircraft, (2) to identify some 
problems that have caused concern about the accuracy of individual aircraft 
maintenance scheduling, and (J) to suggest several solutions for the identi
fied problems. 

Developing the Individual Aircraft's Schedule 

The FSM plan defines the schedule for structural maintenance type ac
tions—that is, inspections, modifications, and retirement—through the use 
of potential crack growth curves. These crack growth curves are derived for 
specific locations in the structure where crack damage, if allowed to become 
critical, could impair the safety of the aircraft. One basic feature of the set of 
FSM plan crack growth curves is that the curves are derived assuming a planned 
mission usage. Figure 1 shows a typical crack growth curve on which struc
tural maintenance actions are based. 

The abscissa, f MU. in Fig. 1 describes the flight hours, or flights accumu
lated as a result of an aircraft flying according to the planned mission usage. 
The ordinate is projected crack length, a, that accrues if the airplane flies the 

Damage Limit 

Baseline Hours - tMU 

• Service Life 
- i 1 

•MU 

FIG. 1—Typical crack growth curve for specified critical point. 
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planned pattern of missiion usage. The crack grows from the starting crack 
size and configuration. It is terminated when a critical crack size is reached 
or an inspection reestablishes the potential crack length at a smaller (prede
fined) level. Without loss of generality, only the case when the cracks grow 
monotonically will be considered. 

A direct comparison between the crack growths that accrue due to indi
vidual aircraft usage is only possible when individual aircraft crack lengths 
are defined and referenced to the FSM Plan crack length curves for each con
trol point. An example is now outlined to show the manner in which the FSM 
plan's crack growth curve is used in conjunction with that of the individual 
aircraft. Figure 2 provides the two curves and shows how the current poten
tial crack length estimate for the individual aircraft relates the individual air
craft's usage, IA/C' to that of the FSM planned usage, t^v The curve in Fig. 
2a represents the crack growth through the current quarter of usage for an 
individual aircraft. The individual aircraft usage, ^^/c, is measured in the 
same units—for example, flight hours—that were used to represent the usage 
for the FSM plan's crack growth cruve. Note that the ordinate for the curves 
in Figs. 2a and 2b are identical with respect to the limits of crack length, and 
that the shapes of the individual aircraft curve and the FSM plan curve are 
somewhat similar. These conditions provide the basis for deriving general 
methods for comparing individual aircraft and for referencing them to some 
standard. 

As illustrated in Fig. 2, the current potential crack length in the individual 
aircraft defines an equivalent service life used in terms of the FSM plan's 
defined usage. This level of service life is then used to establish the remaining 
life 

*I ~ ^MU ' M U (1) 

(B 
I 

I 

Individual Aircraft Hours - 1 ^ ^ . 
lAl 

Baseline Hours - t^y 
IB) 

FIG. 2—Relating individual aircraft usage to FSM plan usage for specified critical point. 
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for the individual aircraft at the specified control point. The projected calen
dar time, L, associated with the aircraft reaching the crack length limit, Of, is 
obtained by dividing the remaining service life by the planned monthly utili
zation rate, Up, which is described in terms of the FSM plan's defined usage; 
that is, 

L = 1L_ 
u„ 

(2) 

The projected calendar date {Dp in years and months) for reaching a critical 
crack length would then be obtained by adding the calendar time to the cur
rent date {D^y. 

Dp^Dc+L (3) 

The Air Force utilizes the projected calendar date information in several 
different ways in order to set the schedule for maintenance actions. For some 
aircraft forces, the projected dates might be used exactly both for planning in 
the manner described by Fig. 3 and for accomplishing the structural mainte
nance according to the defined schedule. For other aircraft forces, the pro
jected dates are used in conjunction with a separately planned depot mainte
nance schedule. Such aircraft forces are scheduled for reoccurring planned 
depot maintenance on a three to four year time period. The separately estab
lished depot schedules might result from the need for electronic manitenance 
or corrosion control. When aircraft are scheduled for periodic depot mainte-

Alrcraft 
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o\ 
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Cumulative 
Distribution 
of 
Projected 
Dates 
(%) 

301-

20 

10- 10 ^ ^ 
10 , 

m. 
1981 1982 1983 1984 1985 1986 
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FIG. 3—Distributions of projected calendar dates for given structural maintenance action. 
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nance, the structural maintenance projected dates then become the indicator 
which defines the depot period which is the most economically opportune for 
accomplishing the structural actions for each individual aircraft. 

It is the purpose of the remainder of the paper to consider potential errors 
that can occur in the projected calendar time to a maintenance action (and 
thus in the projected calendar date) for any given aircraft in a force. We will 
then interpret the results of the error analysis with respect to economically 
accomplishing aircraft structural maintenance for safety. 

Error Analysis Model 

The calculation of months to maintenance action in Eq 2 assumes a one-
to-one correlation between planned and actual monthly utilization. In prac
tice, different utilization rates are often realized for well-defined subsets or 
stratifications of the force; for example, aircraft at a single base. These utili
zation differences can be monthly flying rates, severity of stress exceedance 
rates, or both. To account for these differences, the planned utilization rate 
can be jnodeled as the ratio of flying rate and severity factor. Up = U/R, 
where U represents the monthly flying rate and R is the severity factor which 
correlates true flight hours with mission usage or baseline hours, tJ^/c = 
RtMv At a tracking update, the projected months to maintenance action 
and critical crack size are given by 

^ ' u ^ ' 

In a real projection for a particular airplane, ^MU ^ ' 1 ' "ot be known exactly 
since tracking systems are not capable of determining exact potential crack 
length at all critical points. Further, future flying rates and severity factors 
can only be estimated for all the airplanes within the subset; incidently, these 
are usually determined from average past experience. Thus the estimate of Z, 
from Eq 4 can be considered to be an estimate of the average months to 
maintenance action for an airplane in the subset. The actual time required 
for the potential crack to grow to critical will depend on the inaccuracy of its 
current life estimate, the number of hours actually flown in the forthcoming 
months, and the aircraft's actual operations that will be encountered. 

Assume that ^MU, /?, and U are statistically independent random vari
ables. Then, months to maintenance action, L, is a random variable with 
average given by Eq 4 and variance estimated by [6]: 

ajj measures the variability (standard deviation) in average flying rates per 
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month over the projection period; a^ measures the variability of average 
usage severity over the projection period; and at^^i] measures the variability in 
the estimate of baseline age due to the inability to exactly calculate the po
tential crack length at the critical point. 

Since averages are used to estimate the months to maintenance action for a 
particular airplane, the standard deviation, a^, provides an estimate of the 
magnitude of errors (deviations from the average) that could result in the 
estimate of months to reach critical crack size. Since a complete characteri
zation of possible errors would depend on the distribution of L which is not 
known, the examples of this paper are expressed in terms of the probable er
ror (0.67 ffi). If the distribution of i is normal, the probability of any partic
ular error exceeding the probable error is 0.5. 

Usage Parameter Variability 

To evaluate the relative importance of the terms of Eq 5, estimates of the 
variability factors must be obtained. Individual subsections have been pre
pared to define the procedures, data, and rationale that led to our estimates. 
The variability estimating subsections have been ordered so that they pro
gress from the factors easiest to estimate to those requiring the most thought 
and/or assumptions. Estimates of the operational usage variability factors, 
a/j and ou, were obtained from tracking data collected for A-7 aircraft at 
one operational base. The reader will note that while the usage variability 
estimates were obtained from an operational tracking system, the baseline 
age variability, CTJ^HJ, estimates are not based on data from any aircraft force. 

Variability in Estimate of Flying Rate (U) 

When transforming from flight hours to calendar months, it is customary 
to assume a constant usage rate per month, U, for all aircraft in the stratifi
cation of interest. It is recognized that individual aircraft will deviate signifi
cantly from U for any single month, but it is assumed that over a long period 
of time, the random deviations will decrease. From the viewpoint of random 
errors in projected months to critical crack length, the variability due to dif
ferent usage rates must be modeled, and the model should reflect the fact 
that there is less variability in average usage over long time periods than there 
is over short periods. The following model is one approach to this problem. 

Let U be the random variable which represents the flight time of a randomly 
selected aircraft in the subset for a randomly selected month. Let U and ay 
denote the mean and standard deviation of the distribution of U. If U„ 
denotes the average flight time of an airplane in the next w-months, then the 
standard deviation of the average hours per month for this airplane is given 
by 
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«̂ Pm = Vm (6) 

Data from approximately 75 A-7 airplanes, stationed at a single base over 
an 18 month period were used to estimate ou. Figure 4 displays the cumula
tive distributions of average flight hours per month for each of three periods. 
The decreasing trend in the standard deviations of the averages, is in approx
imate agreement with Eq 6. Figure 5 displays the histogram and a normal 
distribution fit to the 75 averages over 18 month period. The mean and stan
dard deviation of hours per month calculated from these data are 

U = 25.9h/month 
ou = 22.5h/month 

Figure 6 displays the standard deviations of average flight hours per month 
as a function of time period of projection. This figure is based on the assump
tion of a flying rate of 25.9 h/month. 

Variability in Estimate of Severity Factor (R) 

The usage severity factor, R, reflects differences in actual operation from 
the baseline operation that are expected to be encountered for particular 
subsets of the force. Individual aircraft within the stratification will experi
ence different severity factors; hence a distribution of i?-values can be postu
lated. The severity factor employed for projections would be the average of 
this distribution, R. The R-valne for a particular stratification of the force 
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FIG. 4—Cumulative distributions of average flying rates. 
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can be estimated from an analysis of detailed stress data for the stratifica
tion; however, it is sometimes possible to estimate R from the output of the 
individual aircraft tracking analysis. 

The tracking data output for the A-7 did permit a direct estimation of the 
severity factor. At each update of the individual aircraft tracking program 
output, the flight hours and baseline hours were listed for each airplane by 
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base. The ratio of change in flight hours to change in baseline hours yields 
the /?-value (the random variable) for each airplane over the time period of 
interest. As in the flying rate description, the period of time over which the 
changes are calculated influence the variability of the computed /?-values 
about the average. In the example data of this analysis, averages and stan
dard deviations were calculated from the flight and corresponding baseline 
hours over periods 6, 12, and 18 months and for the total age of each aircraft. 
Figure 7 presents the observed cumulative distribution functions of the 
/?-values from each of the four time increments. Note the decrease in varia
bility as the averaging period increases. Note also a potential shift in mean 
severity factor for the last 6 month increment. This shift would indicate that 
for projection of time to maintenance actions to remain unbiased, it may be 
necessary to adjust R. In fact for the A-7 force, /?-values are updated annually 
for each base. 

The standard deviations of the /?-values for the different time periods are 
shown in Fig. 8. The curve shown in this figure was used to estimate CT^ for 
the various projection periods where an average flying rate of 25.9 h/month 
was used to correlate months with flight hours. 

Variability in Estimate of Baseline Age 

At an update of the individual aircraft tracking analysis, flight data from 
each airplane are used to estimate the length of a potential crack at each 
critical point. The type of flight data varies from strain peaks at one or 
several locations, to counts of normal acceleration peaks at the aircraft cen-
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FIG. 7—Cumulative distributions of severity factors. 
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FIG. 8—Standard deviations of severity factors as a function of length of projection period. 

ter of gravity, to amount of time in flight conditions or mission segments. 
The correlation of the flight data with potential crack length at the critical 
points is not perfect since the estimate will be based on imprecise or incom
plete data. To reflect this inaccuracy, a distribution of crack length estimates 
is postulated and it is assumed that the estimation is unbiased (mean of the 
estimated crack lengths is the "true" value). 

The distribution of errors in estimates of crack length converts to errors in 
baseline hours as shown in Fig. 9. The standard deviation of baseline hours, 
^MU' depends on the actual distribution of estimated crack length and the 
shape of the function which correlates crack length with baseline hours. 

For the numerical examples of this paper, it will be assumed that the shape 
of the correlating function is reasonably approximated by an exponential 
equation [7]: 

a = UoCxplbtuv] 

Then [6]: 

'MU b 
2^ 
a 

(7) 

(8) 

Since the error in the estimate of potential crack length is expected to increase 
with time, it will be assumed that the coefficient of variation of crack length 
estimate, CV(fl) = Oa/a, will be constant. These assumptions lead to a con
stant standard deviation in the estimate of baseline hours. 

Figure 10 presents probable errors in baseline hour estimates as a function 
of CV(a) for three separate combinations of critical crack size, aj, and design 
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FIG. 9—Transformation of errors in crack length estimates to errors in baseline hours. 
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life, ^MU*- All three are based on an initial crack size, Og, of 1.27 mm (0.05 
in.). In the Error Analysis section, baseline ay — 6.35 mm (0.25 in.) with a 
life of 4(XX) h is used. The reader is reminded that the example baseline 
conditions are not related to any specific aircraft force. 

During several recent reviews of current tracking systems, it was found 
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that potential errors in crack length estimates have not been quantified [8,9]. 
Tracking systems based on strain recordings in the immediate vicinity of the 
critical point are generally considered to be "most accurate." However, most 
existing systems require some form of stress estimation and damage or stress 
transfer to more remote locations. Further, most existing systems do not use 
an exact crack growth model to process the stress history data for obtaining 
the crack length estimation. Rather, they are based on a "statistical" correla
tion of stress severity with crack length. The tracking programs based on 
data from pilot logs or aircraft records correlate time in a flight condition 
with crack growth increments through past determinations of the stress en
vironment for the flight condition and critical point. Although no hard 
numbers are available, preliminary lower bound estimates of the coefficients 
of variation for the crack length size of existing or potential tracking systems 
are presented in Table 1. 

A crack growth gage is based on the correlation of observed crack growth 
in the gage with potential crack growth in the structure, and is currently be
ing studied for implementation. The variability in crack length measure
ments in the crack growth gages under identical stress environments could be 
no better than that typically observed in the laboratory. Based on a crack 
growth variability study of 2024-T3 aluminum specimens at constant load 
amplitude [10], the coefficients of variation at fixed lives ranged between 
0.05 and 0.10. This range represents the near term lower bound for tracking 
systems based on crack growth gages. 

Error Analyses 

Equation 5 provides an estimate of the standard deviation of predicted 
months for a potential crack to reach critical size. This standard deviation 
measures the random error about the average predicted time and reflects 
random inaccuracies in the estimate of baseline ages as well as the possibility 
of errors due to an individual aircraft having a different flying rate or severity 
factor. It is assumed that no bias is present in the distributions; for if a 
known bias were present, it would be removed. 

The data of the previous section were used in an analysis of the sensitivity 

TABLE 1—Preliminary estimates of minimum tracking system 
error variabilities. 

Coefficient of Variation 
Tracking System of Oracle Length Estimate 

Cycle-by-cycle analysis with 
stress history input 0.05 

Parametric analysis 0.10 to 0.15 
Crack growth gage 0.05 to 0.10 
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of probable errors (0.67 standard deviations) to the three error sources. The 
example is based on an average flying rate of 25.9 h/month and a severity 
factor of 1.15. 

The probable error in scheduling an individual aircraft as a function of the 
projection period is presented in Fig. 11 for coefficients of variation of crack 
length estimates of 0.0, 0.1, 0.2, and 0.5. Since the objective of individual 
aircraft tracking is to adjust maintenance schedules to account for differ
ences in usage, the projection periods of prime interest are those less than 5 
years. For periods less than 5 years and CV(a) > 0, the errors associated 
with the crack length estimate are noted to be far more important than those 
due to variations in flying rate or usage severity. 

For a coefficient of variation of 0.10, the probable error in the scheduled 
maintenance date is at least 8 months regardless of the length of the projec
tion. Stated differently, if a time to maintenance action is predicted to be 8 
months away, there is approximately a 25 percent chance that the potential 
critical crack size has already been exceeded. Similarly, if the coefficient of 
variation of the tracking system is 0.2, the probable error is at least 15 months 
regardless of the length of the projection period. If the tracking system is 
perfectly accurate, CV(a) = 0.0, projection errors are associated with the 
uncertainty of future usage and a probable error of about 5 months would 
result in a 1 year projection. 

Since future usage is somewhat controllable, it is of interest to investigate 
probable errors assuming that flying rates and severity factors are known ex
actly. Figure 12 displays probable errors for CV(a) = 0.10 and 0.20 for com
binations of no variation in flying rate and severity factor. This figure demon
strates that the variability of severity factor is a more important contributor 
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to probable error than flying rate. For tracking systems with CV(a) > 0.10, 
controlling flying rate to a known constant has no significant effect on the prob
able error over a two year projection period. Similarly, eliminating severity 
factor variability has a minor short term effect as compared with variability 
in the estimate of potential crack length. Note that these comments apply to 
controlling variability of usage and severity about the predicted values, not to 
a change in average flying rate or severity. 

Figure 13 presents the probable error as a function of coefficient of varia-
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tion of crack length estimate assuming no variation in flying rate and severity 
factor. These probable errors are independent of the length of the projection 
period (due to the curve shape assumption), are based on the average flying 
rate of 25.9 h/month and a severity factor of 1.15, and represent lower-
bound probable errors for the tracking system variability. 

Discussion 

Two basic assumptions inherent in the above analysis are (/) that the FSM 
plan crack growth curve is given, and (2) that a procedure is available which 
can estimate changes in crack length exactly for a given crack geometry if the 
stress history is known exactly. We know that neither assumption is coinci
dent with reality since other crack growth patterns are possible and since 
crack growth observations are never predicted exactly for variable amplitude 
lead histories. These variabilities should also be considered and described as 
part of a total analysis of the variability in a tracking system. We have at
tempted to isolate our attention on the variabilities that directly lead to errors 
in the projected maintenance schedule of a single aircraft after one accepts 
the aforementioned defined (usable) assumptions. 

The error analysis described in the previous section is, we believe, an 
essential part of the tracking system data package. The maintenance man
ager needs information that would permit changes in maintenance schedules 
to accommodate operational needs. As shown previously, minimizing the 
variability in usage and in severity of operation minimizes the potential error 
in the maintenance schedule. Thus the command that operates the aircraft— 
that is, the using command—should continually be informed about the vari
ability in usage experienced by their aircraft and the impact that this vari
ability has on the maintenance schedule. The using command should also be 
informed about the variations in schedule that result from "missing data"; 
for example, unrecorded or obviously inaccurate data. 

Figure 3 described the most economically opportune maintenance schedule 
for a group of aircraft based on tracking data, assuming each of the aircraft 
crack growth projections was exact. Based on the error analysis, any individ
ual projection could differ by a number of months from the expected. As dis
cussed previously, the error is influenced by variations in aircraft usage, 
operations, and age (or crack length estimation). Before deciding what level 
of error is acceptable for a given aircraft and its set of maintenance actions, it 
is necessary to define the risk associated with not accomplishing the action on 
time. Realistic accuracy goals for recording usage, operations, or improve
ments in the crack length predictions in a tracking system can only be set 
with an understanding of their individual and collective influences on the er
ror in maintenance scheduling and on the risk associated with not accomp
lishing the required maintenance actions. 

Finally, it should be emphasized that the variation in flying rate and usage 
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severity observed from the A-7 tracking data is typical of that experienced by 
the attack/fighter/trainer class of aircraft. The error sources identified in Eq 
5 will be present in all tracking systems, but their magnitude will depend on 
both the operational environment and FSM plan for the given aircraft force. 

Conclusions 

1. Random variation in potential crack length estimates, flying rates, and 
usage severities can result in significant errors in the estimated date the po
tential crack will reach critical size. Of the three sources of error, the preci
sion of relating crack length to loading environment is most important. 

2. The structural maintenance schedulers should have an estimate of the 
potential errors, as their magnitude could affect both the safety and econom
ics of the scheduling operation. 

3. Quantified error analyses should be performed for the tracking system 
of each aircraft force. In general, this will require the development of an er
ror analysis model and the processing of existing data to a format required by 
the model. 
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ABSTRACT: This paper describes an investigation to define statistical fatigue in terms 
of the initial quality of fastener holes. The objective is to develop and verify equivalent 
initial flaw size (EIFS) concepts for fatigue durability analysis of typical production 
quality structures. 

A special test procedure was used to obtain a statistically large sample of data under 
spectrum loading by testing a specimen containing 24 holes. It is possible to obtain a 
maximum of 96 fatigue data sets in the test of two specimens up to 100 000 flights in a 
reasonable time. The method involved removing the early cracked holes with a circular 
saw cutter and continuing the testing of the remaining holes. Marker cycles, which were 
designed to be an integral part of the spectrum, have served the intended purpose of iden
tifying crack origins and microcrack growth rates using scanning electron microscope 
(SEM) fractography. The surface mechanical and material defects responsible for the 
origin of microcracks were examined quite fully. 

Through quantitative analysis of a large amount of microcrack growth data and sur
face macrocrack growth data, many parameters affecting apparent fatigue scatter were 
resolved. A method was developed to define statistical fatigue quality of fastener holes in 
terms of EIFS distribution. The EIFS should be a function of initial surface quality and 
independent of other secondary variables that affect crack growth rate. The procedure in
volves the use of a master crack growth curve developed from the experimental data of 
microcrack growth ranging from initial physical flaws as small as 0.005 mm (0.0002 in.). 
The essential physical defects in 2024-T3 as origins of microfatigue cracking are the tool 
marks and inclusions. 

KEY WORDS: statistical fatigue, fractography, flaws, equivalent initial flaw size, spec
trum testing, crack growth, 2024-T3, fastener holes 

One of the recent approaches to analyzing fatigue damage accumulation is 
to consider the entire fatigue process in terms of the growth of cracks from 
small flaws. This concept forms the basis of the USAF Airplane Damage 
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Tolerance Requirement, MIL-A-83444, that specifies an initial flaw be 
assumed to exist in every fastener hole as a result of material and structure 
manufacturing and processing operations. 

The range of a practical equivalent initial flaw size (EIFS) to be used for 
engineering analysis has been of great interest in the last several years. 
Several investigations to define the statistical quantity of EIFS distribution 
have been conducted to assess damage tolerance of military aircraft under 
the present requirement [1-4].^ The procedure to develop EIFS data gen
erally consists of backward extrapolation of the crack growth curve to the 
zero cycle of loading. The experimental curves have been developed through 
regressive analysis of fractographic test data. However, it is not an easy task 
to obtain experimental crack growth curves to zero cycle from a nonpre-
cracked specimen. Instead, the experimental curves were correlated to the 
analytical curves, then the analytical curves were extrapolated to define the 
EIFS values. It has been shown in the A-7D Quality Assessment Results (/) 
that EIFS values may be obtainable through regressive analysis of experi
mental data only. In theory, EIFS should represent a manufactured quality 
of fastener hole surfaces independent of secondary variables, such as the 
types of load spectrum, stress level, material, and fastening system. These 
are the parameters that require further research. 

The objective of this research is to assess EIFS distribution for production-
quality fastener holes under a relatively long-life transport load spectrum. 
The statistical distribution has been established by using large quantities of 
test data developed in this investigation. 

Experimental Program 

Test Setup 

The test was conducted in a 100 000-lb MTS machine under uniaxial cyclic 
loadings. The loading was controlled by a computer preprogrammed for 
spectrum loads. Figure 1 shows the overall view of the test setup with speci
men. A set of 12.7-mm ('/2-in.) steel plate buckling guides were clamped on 
both sides of the specimen to prevent buckling during the compressive ground 
load in the spectrum. 

Test Loads Spectrum 

The spectrum load tests were chosen for their representation of actual ser
vice loading conditions. The sequential loading characteristic also serves as 
crack growth marker. The basic spectrum for the open hole specimens is a 
typical, simplified transport spectrum for a lower wing. A detailed descrip-

^The italic numbers in brackets refer to the list of references appended to this paper. 
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194 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

tion of the loads spectrum is presented in Ref 5 as BSG Misc 6 Spectrum. 
Figure 2 presents the loading profile of a flight, and Fig. 3 shows the sequence 
of high peak loads in a program repeat consisting of 3843 flights. These high 
peak loads are arranged in such a way that the markers corresponding to the 
peaks are always identifiable to the accumulated flight number if the fracture 
surface provides readable markers. 

Test Specimens and Procedure 

The test specimens reported in this paper consist of three different config
urations of 2024-T3 sheet. The descriptions are listed in Table 1. The fabri
cation of the fastener holes was carried out in the Manufacturing Department, 
and the holes were representative of production quality. 

A 24-detail, multiple-hole, bow-tie specimen detail was selected for the test 
evaluation. Essentially, the identical 4.8-mm (4'i6-in.) open holes are equally 
spaced in a three column by eight row configuration. This specimen design 
permits an identical stress level in each detail for a given applied load. This 
approach is aimed at achieving economy in a time-consuming transport spec
trum load test; however, it requires a special test procedure. 

Each detail is inspected at a periodic interval depending on the length of 
the surface crack. Before any surface crack reaches 1.27 mm (0.050 in.), the 
spectrum test is stopped at each program repeat (3843 flights) for inspection. 
After surface crack lengths of any hole exceed 1.27 mm (0.050 in.), the in
spection is performed at one half or one third the program repeat. The in
spection consists of surveying the holes for surface cracks and recording the 
crack lengths with a pair of X30 stereo binoculars with a built-in scale. Dur
ing the inspection, the specimen is under a positive static mean load to keep 
cracks open. Cracking usually occurs at the edge of the hole normal to the 
loading direction. A complete inspection of the 24 details requires 96 discrete 
surveys, which include four per hole, two spots on each face. 

A special procedure was developed to remove the cracked details when sur
face lengths exceeded 3.18 mm (Vs-in.). The procedure requires the use of a 
modified hole saw that makes a 19.05-mm (%-in.) cookie cut, symmetrical to 
the center of the hole. The 19.05-mm (3/4-in.) hole in the specimen is then 
reamed to remove the rough surface and is fitted with an interference fit plug 
to prevent cracking during further testing. 

Fractography 

Application of fractography is an essential part in performing this research. 
In designing the spectrum loading program, the marker cycles are built in so 
that fatigue crack growth in both micro- and macroscale can be identified in 
the fracture surfaces. The marker cycles that register identifiable markings 
on the fracture surface consist of a sequence of repeatable infrequent high 
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TABLE 1—Statistical fatigue life distribution in terms of micro- and macrocrack growth." 

Percent of 
Life in 

Total Flights to Life in Macrocrack Growth Microcrack 
0.10 in. Crack from 0.01 to 0.10 in. Growth 

including 
Specimen No. of _ Standard Crack Initi-

Description Cracks Mean, X Deviation (a) Flights % of Total ation +\a 

0.071 in. 
2024-T3 
countersink 
open holes 

0.250 in. 
2024-T3 
countersink 
open holes 

0.250 in. 
2024-T3 
straight 
open holes 

48 42 979 5 401 25 000 52 to 67 33 to 48 

96 48 000 7 998 18 000 to 22 000 32 to 55 45 to 68 

91 77 000 23 760 18 000 to 22 000 18 to 41 59 to 82 

"1 in. = 25.4 mm. 

loads. Figure 3 shows a typical sequence of high-peak stress and the corre
sponding markers on a fracture surface. 

Types of Defects 

The identification of various types of common surface defects that result 
from the manufacture of the hole or from the combination of defect in the 
material with surface finish imperfections is an important part of defining 
fatigue quality. Some defects are more sensitive to fatigue cracking than 
others. Our approach is to examine the defects that associate with cracking. 
This can be accomplished as a by-product of identifying the origin of the 
microcracks. The defects are observed along the bore of the hole at the edge 
of fracture surface and the edge of fracture plane where initiation and slow 
microcrack growth take place (Fig. 4). 

The mechanical defects consist of various forms of tool marks. The material 
defects in 2024-T3 aluminum alloy are the insoluble constituent particles (in
clusions). Descriptions of some typical defects are furnished in Figs. 4 and 5. 

Microcrack Growth 

The measurements of microcrack growth were accomplished by using a 
scanning electron microscope (SEM) to record the marker cycles from the 
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202 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

origin of crack growth. The direction of crack growth on the fracture surface 
points the way to the origin. 

Figures 4a and 4b illustrate a typical surface of microfatigue crack with 
about 0.25 mm (0.010 in.) depth in a semicircular fan shape. The radiating 
lines, equivalent to folding lines of a fan, are "fracture traces". They are 
ridges on the fracture surface reflecting a change in elevations of local 
planes. These lines converge toward the origin of an expanding crack front. 
The marker cycles and striations observable under higher magnification are 
roughly normal to the fracture traces. Figure 4c shows the origin of micro-
crack growth from an intercepting hole surface. Figure 5 shows some typical 
microcrack origins. An easily identifiable origin is an inclusion surrounded 
with rings of markers. In many cases, the inclusions cracked in a very brittle 
mode, as shown in the flat cleavage plane. However, many of the specimens 
surveyed do not contain well-defined markers at crack origins. The absence 
may have been a result of rub out (contact of opposite surfaces) at subsequent 
cycling. 

The rates of microfatigue crack growth were measured by counting the 
spacing of the marker cycles. These markers do unequivocally represent 
crack growth under the highest peak load cycles. The distance between the 
markers was generated from crack growth of repetitive flights of the lower 
peak loads. The proof can be shown by matching the sequence of alternating 
marker spacing and the pattern of the high-load sequence in the spectrum, 
which repeats in every program repeat of 3843 flights (Fig. 3). In the region 
of vety slow crack growth at the origin, only the highest peak loads are resolv
able under a high magnification. Nevertheless, the sequence of alternating 
spacings were similar but on a smaller scale. 

The microcrack growth curve may be derived from experimental data. Fig. 
6b shows a plot of microcrack growth versus the number of flights for a crack 
less than 0.04mm (0.0015 in.) in length. Figure 6a shows the corresponding 
fractograph from which the marker cycle data were taken. In this case, it was 
quite easy to construct the growth curve by assuming that the surface of the 
bore, as the reference for the crack length, equaled zero, and that the interior 
edge of the inclusion at the first marker was the initial data point. As the 
crack grows away from the origin, the rate appears to increase exponentially. 
The markers are spaced further apart and become more difficult to locate 
than where they are situated densely together. 

Macrocrack Growth 

Separating micro- from macrocrack growth is an arbitrary decision. For 
convenience, any surface crack length readily measurable with a X30-binocu-
lar is defined as a macrocrack, roughly 0.25 mm (0.010 in.) and up. Figure 7 
shows an example of a composite plot of micro- and macrocrack growth. Sur-
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FIG. 7—Results of combined micro- and macro-corner crack growth data for a countersink 
hole specimen. 

face measurements of the microcrack growth curve and the macrocrack 
growth curve show excellent correlation. In this case, the initial crack starts 
from the comer of the countersink side and is therefore readily observable on 
a countersink surface. The maximum crack length is approximately equal to 
a surface crack length of 0.25 mm (0.01 in.). The continuity of these two 
crack growth curves suggests that (7) marker cycle counting provided an ac
curate account of crack growth rate, and (2) relatively few flights were re
sponsible for microcrack initiation in this particular case. 

Macrocrack growth results were obtained by making surface measure
ments of crack lengths during the inspections and by counting the markers 
with fractography. Quantitative data were recorded from surface measure
ments of each detail in every specimen, but only a few selected details were 
subjected to marker counting because it is so time consuming. 

The surface crack length rarely coincides with the maximum crack length 
in the interior. The relationship is dependent on the shape of the crack front, 
which is, in turn, dependent on the locations of microcracks and the number 
of microcracks which develop into a dominant macrocrack front. 

Figure 8 shows a typical macrocrack progression pattern that was con
structed by using the surface crack length data and regressive counting of the 
markers on the fracture surface along the path of the maximum crack 
length. The profile of the progressive crack fronts was constructed by con
necting the front and back surfaces (both faces) of the crack lengths through 
appropriate marker locations at the particular flight number. The spacing of 
the profile lines does not represent crack growth rate, because it was not 
taken at a fixed interval of flight. However, the marker spacings do reflect 
crack growth under repeated sequences of spectrum loads (Fig. 3). 
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FIG. 8—Plot of a typical interior macrocrack progression pattern. 

Data Reduction 

Classification of Crack Shape 

There appears to be considerable scatter in the rate of crack growth in the 
surface-measured data. The different crack shapes are the main cause of ap
parent scatter rather than actual scatter in macrocrack growth rate. The 
relatiohship between the maximum crack length (usually not on the surface) 
and surface crack length is highly dependent on the crack shape, as discussed 
in the section on macrocrack growth. 

In the macrocrack range, interior cracks grow faster than surface comer 
cracks because of a higher stress intensity factor. For a given surface crack 
length, the surface rate is proportional to the extent it is trailing the maxi
mum crack length because of the difference in actual maximum crack 
length. To use the surface crack growth data for analysis, it is necessary to 
identify the types of crack shapes. 

Among all the fracture surfaces of the specimens surveyed, the cracking 
patterns (shapes) from fastener holes were of two general types: the comer 
crack and the interior crack. The comer crack emanates from one comer at 
either the drill entry or exit sides of the hole. The interior crack originates 
from the interior microcracks, as shown in Fig. 8. It is apparent that the 
maximum crack length of an interior crack is greater than of a comer crack, 
for any given surface crack length, until a near straight crack front is achieved. 
Figure 9 shows a comparison of typical experimental surface crack growth 
curves for interior and comer crack types. 

Distribution of Normalized Fatigue Data 

The development of a particular macrocrack type depends on the location 
of the dominant microcrack and on the number of microcracks. The fatigue 
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FIG. 9—Comparison of surface-measured crack growth curves of various typical crack profiles 
for 6.35-mm (0.250-in.) 2024-T3. 

life, or the number of flights to propagate the crack to an early stage of 
macrocrack, is a function of the initial defect size. It is therefore subject to 
statistical variation, as seen in the fatigue data. In each hole, there are essen
tially two opposite sites of macrocrack growth at the edge of the hole subject 
to maximum principal stress. The development of a macrocrack on one site 
has been shown to influence the crack growth on the other side. Figure 9 
shows a typical example of an increasing growth rate of one crack caused by 
an opposite side crack. Fortunately, most of the fatigue life is consumed in 
the growth of a microcrack [<0.25 mm (<0.01 in.)], which is quite small, 
and does not seem to influence cracking on the other side. 

To compensate for the effect of opposite side cracks, it is necessary to con
vert the affected data to values for one-sided cracked only. There are two 
types of data that require adjustment: (/) when both side cracks are approxi
mately of equal length, and (2) when the side with a short crack is signifi
cantly shorter than the side with the long crack. 

The hole that is cracked on both sides acts as a center crack. The presence 
of a longer crack on the opposite side also imposes a higher stress intensity 
factor on the short crack. A procedure was devised to transform the data that 
were affected by opposite side cracks to an equivalent life for one-side-cracked 
only. This is done in two steps: (i) determining the shape of the macrocrack, 
and (2) adding more flights to the data, which is the difference in the life be
tween one- and both-sides cracked. For example, the difference is about 6000 
flights for an interior crack at 2.54 mm (0.10 in.) (Fig. 9). 

For those crack details that are less than 2.54 mm (0.10 in.) at the time of 
removal, the fatigue life at a 2.54-mm (0.10-in.) surface is a projected life for 
one-side-cracked only. The procedure for projecting the life of 2.54 mm (0.10 
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in.) consists of (/) detennining the appropriate shape of the crack, and (2) 
adding the macrocrack growth lifes from 0.25 to 2.54 mm (0.01 to 0.10 in.) 
of the appropriate crack shape to the life at 2.54 mm (0.01 in.). Figure 10 
shows the statistical fatigue life distribution, in the form of a histogram, for 
6.35-mm (0.250-in.)-thick 2024-T3 material with countersink holes. 

Equivalent Initial Flaw Size 

Master Curve 

The purpose of the master curve is to define a full-range crack growth re
lationship between crack lengths and the number of flights. This curve will 
provide the reference between the data of a crack length versus fatigue life to 
an equivalent initial flaw size. Figure 11 exhibits a composite master curve 
derived from the experimental results for the straight and countersink open 
holes in 6.35-mm (0.250-in.) 2024-T3. The curve consists of two parts: a 
microcrack ranging from the smallest practical length 0.25 mm (0.01 in.), 
and a macro-surface comer crack starting from 0.25 mm (0.01 in.) to more 
than 2.54 mm (0.10 in.). The scale is expressed in reverse order starting at 
Flight Zero for a 2.54-mm (0.10-in.) crack length. 

Crack growth rate is dependent on crack length, crack shape, and load 
spectrum. For a given crack shape under a particular load spectrum, the 
crack growth curve should be identical at any of the 24 details in a specimen. 
In the microrange, the crack growth curve is influenced by the geometrical 
factors of a hole. The countersink increases the local stress concentration; 
therefore the crack growth rate is faster in a countersink hole than in a 
straight hole. In the macrocrack growth, the difference in rates among hole 
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FIG. 10—Fatigue life distribution at 2.54-mm (0.10-in.) surface crack for open-reamed 
countersink holes. 
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FIG. 11—Relation between number of flights to reach a 2.54-mm (O.JO-in.J surface comer 
crack and initial crack length in straight and countersink holes of 6.35-mm (0.250-in.) 2024-T3. 

configurations is not the same as in microcrack growth. In 6.35-mm 
(0.250-in.)-thick specimens, the rate is essentially the same for a straight or 
countersink hole. Because of these characteristic differences, it is necessary 
to establish the particular "master" crack growth curve for a given material 
thickness and hole configuration combination. 

Distribution of EIFS 

The fatigue process of a fastener hole consists of (/) the initiation of one or 
more microcracks, (2) growth of extremely small microcracks to macro-
cracks, and {3) growth of the dominant macrocrack to failure. As shown in 
the analysis of experimental results, the major part of the total fatigue life is 
consumed in the growth of microcracks. The microcrack growth, up to 0.25 
mm (0.01 in.), may take 45 to 89 percent of the total life in 6.35-mm 
(0.250-in.)-thick aluminum with open holes (see Table 1). The microcrack 
growth period is inversely proportional to the initial flaw size and growth 
rate. A large initial flaw will result in a smaller percent of the total life for 
microcrack growth. The growth of a macrocrack from 0.25 to 2.54 mm (0.01 
to 0.10 in.) consists of a fixed number of flights, depending on the shape 
(type) of the crack. The number of flights (cycles) it takes to initiate a micro
crack is shown to be quite small in most cases, depending on the severity of 
the physical defects that become the origin of microcracks. The normalized 
fatigue-life data at a 2.54-mm (0.10-in.) surface crack, as shown in Fig. 10 
and listed in Table 1, includes all three phases. 

The concept of equivalent initial flaw size (EIFS) may be applied to defin
ing the fatigue property of a fastener hole. For a given spectrum loading, the 
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fatigue life is inversely proportional to EIFS and consists of the growth of 
micro- and macrocracks. The master crack growth curve provides the rela
tionship for transforming the normalized fatigue data to an expression in 
terms of EIFS. EIFS is the equivalent crack length at zero number of flights. 
This procedure involves two assumptions: (/) the period for crack initiation is 
treated as equivalent to additional cycles to propagate a smaller original 
microcrack than one that does not involve crack initiation, and (2) EIFS is in 
the form of a singular microcrack that develops into one comer macrocrack, 
since that was the basis of the master curve derived from experimental re
sults. In reality, many samples involve multiple microcrack and interior 
macrocrack shapes that result in a faster crack growth than the corner crack. 
In these cases, the assigned EIFS is a larger value than the physical size of 
the defect, as a compensation for slower crack growth of the singular comer 
crack. 

Figure 12 shows the statistical distribution of EIFS for the countersink hole 
specimens in the form of a historgram. Figure 13 shows the comparison of 
the statistical cumulative probability plots of EIFS for straight and counter
sink holes, respectively. It should be noted that the mean EIFS value, x, of 
the two groups is quite close, but the standard deviation is twice as great for 
the straight holes than for the countersink holes. This probably reflects a 
greater exposure area in the straight hole than in the countersink hole sub
jected to microcrack initiation. 

Statistical Fatigue Life Distribution 

The statistical scatter in fatigue life can be analyzed in terms of the EIFS 
distribution, microcrack growth, and macrocrack growth. As listed in Table 
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FIG. 12—Statistical distribution of equivalent initial flow size (EIFS) for 6.35-mm (0.250-in.) 
2024-T3 with 4.76-mm (^/l6)-inch open countersink reamed holes. 
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FIG. 13—Cumulative probability plot of EIFS for reamed countersink and straight open holes. 

1, the life of macrocrack growth from 0.25 to 2.54 mm (0.01 to 0.10 in.) may 
be considered as constant. The life of microcrack growth is the principal vari
able in the scatter. The scatter is proportional to the percentage of life con
sisting of microcrack growth. For the three open hole configurations in 
2024-T3, the increasing order is 1.8-mm (0.071-in.) countersink, 6.35-mm 
(0.250-in.) countersink, and 6.35-mm (0.250-in.) straight holes, from the 
minimum of a 33 percent in the 1.8-mm (0.071-in.) countersink holes to an 
82 percent maximum total life in the 6.35-mm (0.250-in.) 2024-T3 straight 
holes. 

The scatter in the microcrack growth period is dependent on two variables, 
namely, the distribution of EIFS and the rate of microcrack growth. For ex
ample, the three times greater scatter in the fatigue life of 6.35-mm 
(0.250-in.) 2024-T3 straight, open holes than in the 6.35-mm (0.250-in.) 
2024-T3 countersink holes is caused by the corresponding two times greater 
scatter in the EIFS, such as that shown in Fig. 13, and by the difference in 
microcrack growth rate, as shown in Fig. 11. The slow microcrack growth 
rate will result in a longer life. The 1.8-mm (0.071-in.) countersink holes with 
the least scatter are the result of a very high microcrack growth rate, and are 
also the result of the knife-edge effect of the countersink wedge with the least 
probable exposure area of physical flaws to the maximum stress. 

Conclusions 

1. Statistical distribution of the equivalent initial flaw size (EIFS) based 
on quantitative data for the 2024-T3 fastener holes were obtained using the 
experimental procedure developed in this investigation. 
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2. The special test procedure using a multiple- (24) detail specimen to ob
tain statistically large samples of data under spectrum loading is workable 
for 2024-T3 material. 

3. Scatter in the statistical fatigue life distribution can be described in 
terms of EIFS, microcrack growth life, and macrocrack growth life. The pa
rameters affecting the apparent surface macrocrack growth have been re
solved. The most important factors are EIFS distribution and microcrack 
growth rate. 

4. The essential physical defects in 2024-T3 as the origins of microfatigue 
cracking are the tool marks, burr, and inclusions. 
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ABSTRACT: Mode III fatigue crack growth rates have been measured in a quenched 
and tempered low-alloy steel heat treated to a range of strength levels. When compared 
with Mode I crack growth rates, it is found that Mode III rates are slower than the Mode 
I by a factor of between 10 and 50. AKT-va\ues in Mode HI are believed to be much 
larger than those of Mode I. 

The stability of Mode III cracks compared with those in Mode I is shown to be related 
to applied AK, fl-ratio, and the strength level of the steel. Mode III cracks are most 
stable in tests at R = — 1, at high values of AK, and in the softest material. These con
clusions are in part related to the differences between Mode III and Mode I crack growth 
rates. The results are considered in the light of surface hardening treatments applied to 
shafts loaded in torsion. 

KEY WORDS: torsion, Mode III, Mode I, crack growth, fatigue, thresholds, plasticity, 
i?-ratio 

Nomenclature 

a Crack length measured radially from the surface of the bar 
aEFF Effective crack length, with plastic zone correction 

AKh Km Stress intensity factor range, maximum in stress intensity fac
tor in Mode I 

AKm, KmM Stress intensity factor range, maximum in stress intensity fac
tor in Mode HI 

r Radius of test bar 

'Metallurgist and Section Head, respectively, Materials Engineering Department, GKN 
Technology Ltd., Wolverhampton, England. 
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r„ Maximum plastic zone size 
r. Reversed plastic zone size 

AT Applied torque range 
J^MAX Maximum in applied torque 

Aff Stress range in surface of bar 
Ty Yield strength in torsion 

AKj Threshold value of AK for fatigue crack growth 

Torsional loading is extremely important for many components, especially 
those used in automotive applications. It is particularly relevant for transmis
sion components such as drive shafts and propshafts (where one of the chief 
roles of the designer is the provision of sufficient fatigue strength to with
stand the fluctuating service torques). One aspect of this task which has not 
been studied in depth, although it can have a considerable effect on the en
durance of the component, is the mode of crack growth as influenced by the 
processing route. A particular example of considerable practical importance 
is the suppression of Mode I crack growth in components with compressive 
residual stresses in the surface layers. 

As part of a larger program to investigate the mechanism of fatigue failure 
in torsionally loaded components, factors influencing the growth of fatigue 
cracks in shear orientations were studied. 

It has been widely reported that processes such as induction hardening can 
improve the fatigue lives of half shafts under torsional loading [1,2].^ The 
separate effects of this process are to raise the strength of the outer layers of 
the shaft and to introduce compressive residual stresses into these same 
layers. Observations of failures in induction hardened shafts produced in tor
sional fatigue show that tensile fatigue cracking at ±45 deg to the shaft axis 
is largely eliminated and is replaced by shear cracking. Compressive residual 
stresses suppress Mode I by promoting crack closure, but will have little ef
fect on shear modes of cracking. An example of this type of failure is shown 
in Fig. 1. The shear crack is all the more notable if it is considered that the 
strength level of the outer layers of the bar is approximately 1300 to 1600 
MPa, and in normal circumstances such steel would probably fail in tor
sional fatigue by cleavage or intergranular failure at ±45 deg to the axis of 
the bar. 

Shear Cracks 

When a shaft is subjected to torsion, in addition to the tension-compres
sion stresses at ±45 deg to the axis of the bar, there are transverse and 
longitudinal shear planes as shown in Fig. 2. A thumbnail crack in either of 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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FIG. 1-Example of longitudinal shear fracture of induction hardened shaft, fatigue tested in 

torsion (XO. 78). 

a3VtV 

FIG. 2—Stress state in torsion (after Dieter [12]A 

these two orientations will be subjected to Mode II displacements where the 
thumbnail intersects the surface and Mode III displacements at the point of 
deepest penetration (Fig. 3). As the Mode III crack will be the one which 
causes complete separation of the bar, this seemed to be the most ap
propriate one to investigate. This mode has the additional advantage that, 
unlike Mode II, it is easily produced by a circumferentially notched round 
bar, subjected to torsion. 

Investigations of fatigue crack growth in modes other than Mode I are 
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Mode n 

Mode M 

FIG. 3—Thumbnail crack in a torsionally loaded shaft which will be subjected to Mode II at 
the surface and Mode III at the point of deepest penetration. 

relatively few. Much of the research [3-8] has examined Mode I combined 
with Mode II, this being a commonly encountered crack configuration. Its 
form is usually that of a slant crack subjected to tensile forces, which thus ex
periences both Modes I and II. In general, it is observed that the fatigue 
crack tends to deviate from the original direction to become more nearly 
perpendicular to the tensile stress. Similar observations have been made by 
Pook et al [4,5] in their investigation of cracks in Modes II and III. Pook et 
al find that these orientations are unstable with respect to Mode I. In this 
context it is of note that Smith [8] has observed that slant cracks subjected to 
fluctuating compression do extend in Mode II sliding. In this case, the tensile 
mode is suppressed as the crack faces are closed in compression. However, 
the sliding mode will still be operative and can evidently result in crack ad
vance. This situation is similar to that in which Mode III cracks are stabilized 
by residual stresses. 

As far as the authors are aware, there are no published measurements of 
crack growth rates in Mode III. Pook [9] has measured the A-ZsTm-value at 
which a Mode I branch crack can form from a Mode III crack. Pook has 
similarly addressed the problem of branch crack formation from a Mode II 
crack. 

As induction hardened bars are comprised of material with varying 
strength levels, it was decided to examine the effect of strength level upon 
crack growth rates in Mode III. The rate of Mode III fatigue crack growth 
would be correlated with AKm. It is thought that such a correlation would be 
useful for treating problems pertaining to defects in torsionally loaded com
ponents where shear crack extension occurs. 

In addition to the effect of strength level on these growth rates, the effect of 
mean torque was assessed. Mean load effects in Mode I are often attributed 
[10,11] to crack closure. However, Mode III crack growth is unlikely to be in
fluenced by whether or not the crack is closed; the crack tip will experience 
the entire torque range at all levels of mean torque. Hence it is to be expected 
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that mean torque effects will be different from the Mode I equivalent. In ad
dition to Mode III, Mode I tests were performed to provide a comparison. 

Experimental Procedure 

Material 

The steel selected for the study was BS 970 605H32 (EN16). This is a 
quenched and tempered low-alloy steel commonly used for induction hardened 
shafts. The steel was heat treated by austenitising at 850°C followed by oil 
quenching. Tempering different samples at 300, 450, and 600°C produced a 
range of strength levels typical of those encountered in cross sections through 
an induction hardened shaft. The composition of the steel is shown in Table 
1 and the mechanical properties in Table 2. The proof strength in torsion is 
generally considered to be about half that in tension, assuming the Tresca 
yield criterion. The microstructure produced by the heat treatment was tem
pered martensite in each case. 

Specimens and Test Procedure 

Conventional Mode I fatigue crack growth data were obtained using 
25-mm-thick compact tension specimens. The tests were performed in a 
resonance machine. Both initiation and subsequent crack growth were per
formed at R = 0.08 and at a frequency of 100 Hz. Crack lengths were 
monitored using a d-c potential drop technique accurate to ±0.1 mm and 
sensitive to 0.025 mm. After initiation, the alternating and mean loads were 
reduced until a suitably low growth rate was achieved. Load reduction was 
performed in accordance with ASTM recommended practice. After load 

c 

0.33 

Si 

0.2 

TABLE 1—Composition of 605H32 steel. 

Mn P S Ni 

1.55 0.017 0.029 0.35 

Cr 

0.35 

Mo 

0.23 

TABLE 2—Mechanical properties of 605H32 steel. 

Tempering Proof Strength UTS Tension, % Reduction 
Temperature, °C Tension, MPa MPa of Area 

600 891 972 63 
450 1294 1367 55 
300 1556 1696 49 
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reduction the crack was allowed to grow until an a/w of about 0.7 was reached, 
when the test was stopped. The crack length-cycles data were analyzed using 
techniques recommended in ASTM Tentative Test Method for Constant-
Load-Amplitude Fatigue Crack Growth Rates Above lO'^m/Cycle (E 647-
78 T). 

Mode III fatigue crack growth tests were performed on circumferentially 
notched 25-mm-diameter round bars with a 2.15-mm-deep notch. The bars 
were subjected to torsional loading in a closed-loop servohydraulic test 
machine with floating grips to eliminate axial stresses in the bar. 

Tests were performed in torque control at two selected /?-ratios: 0.08 and 
— 1. The torque range applied was typically 600 to 800 N • m, but in a few 
tests at /? = —1, 1600 N-m was selected. Crack lengths were again 
monitored using the d-c potential drop technique. Stress intensity values for 
Mode 111 were obtained from the expression [13]: 

2AT/r^ VOTTT' 
AKm 

[l-ia/r)P V[l + 7 . 1 1 ( a / r ) ] / ( l - a / r ) 

Values of da/dN were obtained from the crack length—cycles data in the 
same manner as that employed for the Mode I data. After the tests were con
cluded, the fracture surfaces were examined optically and in the scanning 
electron microscope. 

Results 

Initiation and Growth of Cracks in Mode III 

At a torque range of 600 N • m, at both the selected /?-ratios, fatigue 
cracks initiated readily at the notch root. This generally occurred within a 
few hundred cycles of the start of the test. Initiation took place simultane
ously all round the bar, and no appreciable crack asymmetry was evident. 
Crack advance occurred evenly all round the bar, and hence the potential 
drop reading, which will only be recording local events in the vicinity of the 
spot welded probes, could be taken as representative of the whole of the 
crack front. 

For the first 2 to 4 mm of crack growth out of the notch, the crack proceeded 
in a Mode 111 transverse shear orientation. After this, deviations out of the 
Mode III plane occurred. When analyzing the crack growth data, only 
growth rates which were obtained at crack lengths less than this were con
sidered. Similarly, the initial high growth rates obtained as the crack grew 
from the notch root were also discarded. Deviations occurred most easily in 
the high-strength steel, where Mode 111 growth was confined to 1 to 2 mm 
from the notch, at /?-ratios of 0.08. Mode III cracks were most stable in the 
lowest strength steel. Changing the /{-ratio to —1 produced further increases 
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in Mode III stability relative to Mode I. Scanning electron microscopy showed 
that the shear fatigue crack surfaces were heavily smeared, and little frac-
tographic information was available. 

Examples of the fracture faces which were produced are shown in Figs. 4 
and 5. The initial shear crack growth from the notch is followed by deviations 
out of the Mode III stage on to 45-deg tensile cracking planes. 

In some cases propagation of both cracks continued independently, as can 
be seen in Fig. 6 where 45-deg cracking and the shear plane cracking have 
both continued. Final failure in all but the highest strength level steel was 
complex. The highest strength steel used failed by the fast propagation of 45 
deg cracks alone. At R — 0.08, the two other strength levels failed in a 
transverse shear mode, with flat facets of slow crack growth preceding the 
final twist-off. Figures 4 and 7 illustrate the unusual nature of the fracture 
surfaces produced at i? = — 1 in the lowest strength material. 

Initiation of tensile mode branch cracks appeared to depend on the 
number of cycles to which the specimen was subjected. Attempts to in
vestigate grovrth rates less than 10~^m/cycle invariably resulted in initiation 
of Mode I cracks at ±45 deg to the bar axis, and little propagation of the 

FIG. 4—Fracture face produced by cycling at ±325 N • m. showing initial growth of Mode III 
crack from notch, followed by Mode 1 cracks on ±45 deg planes (X3.5). 
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FIG. 5—Closeup of fracture shown in Fig. 4 1X8). 

Mode III crack. At higher values of AK, the shear mode was favored relative 
to the Mode I. Thus reducing the torque amplitude to approach a Mode III 
threshold always produced Mode I cracking, in the absence of compressive 
residual stresses. 

Figure 7 shows the fracture face produced by testing at ±650 N • m, which 
Kiay be compared with Fig. 4 which has been tested at ±325 N • m, both at 
R = —1. The enhanced out of plane fracture in the case of the smaller tor
que amplitude is quite evident. This suggests that low ranges of AKm favor 
45 deg cracking over shear cracking. The differences in morphology which 
have just been described emphasize the importance of using only true shear 
crack growth for the Mode III growth rate data, and that achieving such data 
over a large range of A/Tui is hampered by the incursion of more complicated 
modes of failure. 

Crack growth results for the Mode I tests for three different strength levels 
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FIG. 6—Section through fracture face showing 45 deg subsidiary cracks branching off the 
main Mode HI crack (X250). 

are shown in Fig. 8. As has been observed on previous occasions [14,15], in
creasing strength level in medium to high strength steels causes an increase 
in Mode I fatigue crack growth rates. A comparison with Mode III data for 
each strength level is shown in Figs. 9a, 9b, and 9c. 

There are a number of comments which can be made at this stage about 
these figures. It can be seen that at all strength levels, Mode III crack growth 
is slower than Mode I growth crack by factors of between 10 and 50. The 
Mode III curves appear to extrapolate to threshold values in the vicinity of 20 
to 25 MN m"-''^, extremely high values in comparison with those obtained in 
Mode I. It will also be noted that there is little tendency for the highest 
strength materials to produce faster growth rates and lower thresholds than 
the lowest strength steel. This behavior is again in contrast to Mode I. 

The effect of strength level on Mode III growth rates is shown in Fig. 10. 
Once more, the effects are different than Mode I. The highest and lowest 
strength levels have somewhat similar growth rates over the range that they 
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FIG. 7—Fracture face produced by cycling at ±625 N • m. showing Mode III cracking across 
the entire section on both longitudinal and transverse planes fX3.5). 

can be compared. However, the intermediate strength level is slower than the 
other two for similar AJiT-values. 

The effect of changing the /?-ratio to —1 whilst keeping the torque range 
the same is shown in Fig. 11. Growth rates for the same value of A/T for R — 
— 1 are somewhat less than those obtained at /? = 0.08. As noted previously, 
tests at /? = — 1 could be conducted at lower growth rates, involving larger 
numbers of cycles than could tests at /? = 0.08. The latter tended to initiate 
Mode I cracks more readily and cause premature ending of the test as these 
grew more rapidly than the Mode III. 

The reason for this is illustrated in Fig. 12. Torsional cycling with a cyclic 
minimum of zero or above will result in a single set of the 45-deg tension 
planes being subjected to a tensile stress amplitude of ACT. The other set of 
45-deg planes is subjected to compression. If cycling now takes place with a 
mean of zero, with the same torque range as before, the shear planes will ex
perience the same stress as previously, but the 45-deg planes will individually 
only experience Aa/2 in tension and Aa/2 in compression. Hence the tensile 
stress on any particular 45-deg plane has been halved, and the propensity to 
crack growth in this mode relative to the shear mode will be much reduced. 
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FIG. 8—Plot of log AK versus log da/dN/or Mode I cracks for the three different strength 
levels (R = 0.08). 

As there is no closure effect in Mode III it is to be expected that similar 
AAT-values will produce similar growth rates at different /?-values, and this is 
observed. The effects of higher, positive /?-values were not investigated as the 
increased iifniM-values would produce large plastic zones with premature 
general yield. 
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FIG. 9a—Comparison of crack growth rates in Mode I and Mode III for a strength level at 
a^ = 891MPa(R = 0.08). 

Discussion 

The effects of strength level and R-ratio on Mode I fatigue crack growth 
rates under tensile loadings in quenched and tempered steels have been 
noted on many occasions (for example, Refs 15 and 16). The present Mode I 
results confirm previous observations, and are included here as a yardstick to 
which the Mode III results may be compared. 
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FIG. 9i—Comparison of crack growth rates in Mode I and Mode III for a strength level at 
a = 1294MPa(R = 0.08). 

The dominating influence on Mode I fatigue crack growth rates is, of 
course, the stress intensity amplitude AK. Over the past 15 years, models of 
fatigue crack growth have been constructed based on damage accumulation 
[17,18], cyclic crack-opening displacement (COD), [19,20] or plastic work 
[21,22]. These models have been successful at predicting the AA'-dependence 
of fatigue crack growth rates, but the lesser effects of i?-ratio and strength 
level, especially in the important low-to-intermediate growth rate region, are 
not predicted. It is becoming clear that both these effects are caused by crack 
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FIG. 9c—Comparison of crack growth rates in Mode I and Mode III for a strength level at 
a^ = 1556 MPa (R = 0.08). 

closure and environmental interactions [10,11,15,16], neither of which are 
incorporated into crack growth models. 

In the case of sliding modes of crack growth (both Modes II and III), crack 
closure is not expected to influence the effective AK at the crack tip. Further
more, as the Mode III crack-tip stress field does not contain a hydrostatic 
tension component [23], it is thought unlikely that hydrogen, derived from 
water vapor, will have any tendency to diffuse into the crack-tip plastic zone. 
Both of the sliding modes of crack growth will be subjected to frictional 
forces between the crack faces, and this will tend to reduce the effective stress 
intensity factors at the crack tip. 
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FIG. 10—Comparison of Mode III crack growth rates plotted against AKjjjfor the three dif
ferent strength levels (R = 0.08). 

A further point of difference between Modes I and II and the Mode III 
case is that of displacements in the vicinity of the crack tip. The pure Mode 
III case as theoretically defined does not appear to contain any displacements 
in the direction of crack growth. If this were strictly true, crack growth in this 
mode would be impossible. As it does occur, clearly some displacement is 
possible, but the Mode I maximum growth increment of half the cyclic COD 
[19.24] is unlikely to be achieved. As the Mode III crack sliding displacement 
for a given AK is some three times that of the Mode I equivalent, it is prob-
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FIG. 11—Effect of R-ratio on crack growth rates for the lowest strength level steel. Data plot
ted against AK.jjj. 

able that only a small fraction of the sliding displacement is retained as crack 
growth. Recent observations [24] have shown that in Mode II, the growth in
crement is 0.1 of the measured sliding displacement; a considerably smaller 
fraction than Mode I. 

The essential features of Mode III crack growth, as revealed by the data 
presented here, are that (/) growth rates are much slower than in Mode I; (2) 
there is no systematic effect of strength level; and (,3) thresholds for crack 
growth are much larger than those in Mode I. 
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FIG. 12—Difference in stress distribution in torsion produced by changing K-ratio from 0 to 
— /. Tensile stresses on the 45 deg planes are halved, whilst the shear stresses remain unchanged. 

It is probable that the relative difficulty of Mode III growth can be ac
counted for by the frictional and displacement effects noted above. The ef
fects of strength level are more complex. Mode I type behavior is not observed, 
but neither is the theoretical inverse relationship of growth rate and proof 
strength. It is possible that variations in fracture path in the different 
strength levels are producing different frictional effects and so influencing 
growth rates. These possibilities are currently under investigation. 
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Effect of Plasticity 

The simple plastic zone sizes (for both monotonic and cyclic loadings) in 
Mode III are twelve times as great as those for the Mode I, plane strain, 
equivalent, if the yield stress in shear, Xy, is taken as one half of the tensile 
yield stress. The effects of crack-tip plasticity would therefore be expected to 
be greater in Mode III than in Mode I. All the Mode III growth rate data 
have hitherto been correlated with the value of AKm calculated assuming 
that linear elastic fracture mechanics is applicable. However, crack-tip plas
ticity in the Mode III tests is appreciable, and the limits of applicability of 
this (linear elastic) approach, and the possible use of an elastic-plastic 
parameter, must be examined. 

Consider the Mode III growth rate tests for the lowest strength material 
tested in this work. At the start of the growth rate test, the plastic zone size, 
r„, associated with the maximum stress intensity, KJHM, in the cycle is 

1 ^inM 
27r Ty^ 

0.45 mm 

and the simple reversed plastic zone size, r^, may be estimated from the 
following formula although experimental studies [25] suggest that the true 
reversed plastic zone size may be appreciably different. 

Crack-tip plasticity is therefore appreciable but contained. 
A further assessment of the extent of plasticity may be obtained by con

sidering the ratio of the maximum cyclic torque, TMAX' to the limit torque, 
Ti, found during the monotonic loading of similar specimens. The ratio of 
TMAX to Ti is 0.5 at an a/r of 0.22, and this ratio rises to 1 at point B (Fig. 
9a) where the Mode III fracture toughness [26] is also approached, and 
fatigue crack growth becomes extremely rapid. The monotonic and reversed 
plastic zone sizes at point B are 4.38 and 0.92 mm, respectively, which also 
indicates that gross yielding of the section occurs here. The values of TMAX. 

Ti, and r„ over the range of a/r for which growth rate data were obtained for 
the 300, 450, and 600°C materials are summarized in Table 3 for /? = 0.08. 
It is concluded that all growth rate data have therefore been obtained under 
conditions of appreciable, but contained, yielding. 

The simplest correction for plasticity is that based on the plastic zone cor
rection [27]. The cyclic stress intensity range was calculated by evaluating the 
maximum and minimum stress intensities as those associated with an effec
tive crack length. 

«EFF — a + 
2ir Ty 2 
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TABLE 3—Degree of plasticity in 

Tempering 
Temperature, °C 

600 
450 
300 

^MAX 

TL 

0.5 t o l 
0.69 to 0.8° 

<0.69'' 

the Mode III tests. 

r„, mm 

0.45 to 4.38 
0.71 to 1.1 
0.2 to 0.4 

"Estimated from the limit torque data for the 600°C 
material by assuming limit torque proportional to the shear 
yield stress. 

''Obtained from the maximum torque in the toughness 
test, since fracture occurred before limit torque. 

Where K^M is the elastically calculated maximum or minimum value of 
Km. The effect of such a correction is shown in Fig. 13. This correction is 
thought to give a good approximation for / , provided yielding is contained, in 
Mode I plane stress and plane strain [28,29], although the limits within 
which this is true are unclear. The possibility of using another elastic-plastic 
analysis, if only to verify the above approach, remains a goal of future 
research. Since the elastic-plastic analysis serves to increase the value of the 
stress intensity range over that calculated elastically, it may be seen that us
ing an elastic-plastic approach will result in the Mode III growth rates shift
ing further below those in Mode I at the same AK. 

For the /? = — 1 tests, the effect due to plasticity is considerably less since 
the maximum load is greatly reduced for a given range of AKm. Over the ap
propriate range of crack lengths for the 600° C material we have TM^K/TI in 
the range of 0.23 to 0.4; the plastic zone sizes associated with maximum torque 
are 0.14 to 0.32 mm. Using fully reversed cycling therefore allows the effects 
of plasticity to be greatly reduced, and the conditions are closer to LEFM. 

Relevance in Torsionally Loaded Components 

The present results provide a rationale for at least some of the observations 
of fatigue fracture paths in torsionally loaded components. In the absence of 
compressive residual stresses which promote closure it is clear that the slower 
crack growth rates and restricted AiiT-range obtained in Mode III will 
predispose many components to crack growth in Mode I. However, the 
relative stabilities of the two modes can be altered by both strength level and 
by the /?-ratio. Growth in the shear modes will be most likely to occur in low 
strength level materials with an R-ratio of — 1 . 

In the presence of compressive residual stresses, the balance is tilted still 
further towards shear modes of cracking. In addition to eliminating Mode I 
opening, as the Mode III threshold is much higher than the Mode I, greatly 
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FIG. 13—Plasticity corrected crack growth rate curves compared with uncorrected curves for 
the three different strength levels (uncorrected: continuous tine; corrected: dashed line; R = 
O.OS). 

increased torques must be applied in order to achieve A/Cm-values sufficient 
to grow a Mode III crack. Hence an improvement in fatigue limit caused by 
compressive residual stress is to be expected. 

The threshold values involved are for propagation of a Mode III crack 
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rather than the initiation of a Mode I branch crack. These latter thresholds, 
as has been shown by Pook [3,4,5], are much lower, and will dominate the 
region at AK-values less than the true Mode III threshold in the absence of 
compressive residual stresses. 

Conclusions 

1. Mode III fatigue crack growth rates have been measured in cir-
cumferentially notched specimens of a quenched and tempered steel in a 
range of strength levels. It is found that crack growth rates are slower by a 
factor of between 10 and 50 times compared with Mode I data obtained in 
compact tension specimens. 

2. The relative stability of Mode III and Mode I are influenced by the 
mean stress and by the A/iT-value applied to the crack. This dictates whether 
a Mode I branch crack is formed or whether the Mode III crack advances. 
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Effects on Crack Growth in Landing 
Gear Steels 

REFERENCE: Saff, C. R. and Rosenfeld, M. S.. "Load-Environment Interaction Ef
fects on Crack Growth in Landing Gear Steels," Design of Fatigue and Fracture Resis
tant Structures, ASTM STP 761, P. R. Abelkis and C. M. Hudson, Eds., American 
Society for Testing and Materials, 1982, pp. 234-252. 

ABSTRACT: Recent research into the crack growth behavior of aircraft landing gear 
steels shows that combinations of aggressive chemical environment and high sustained 
loading can cause significant reduction in the fatigue crack growth life of 300M steel. 
Crack growth behaviors of 300M and HP 9-4-0.30 steels are compared for continuous salt 
water immersion and alternate immersion in synthetic sea water environments. An 
analysis approach which sums the crack growth due to cyclic loading in an inert environ
ment is shown to accurately correlate and predict the combined effects of chemical en
vironment and mechanical loading on crack growth. Crack growth behavior under land
ing gear stress spectra typical of Air Force and Navy usage is compared. 

KEY WORDS: crack growth, steels, environmental acceleration, surface flaws, crack 
growth prediction, landing gear, spectrum loads 

Throughout their service lives, aircraft are subjected to a combination of 
environmental attack and varying loads. The structural integrity of the vehi
cle can be impaired by surface degradation due to corrosive action or by 
cracks developed or aggravated by the environment. 

A major structural aircraft subsystem which experiences high maintenance 
cost due to the interactions of high load levels and environmental attack is 
the landing gear subsystem. This subsystem usually consists of a series of 
nonredundant structural elements that are exposed to numerous aggressive 
environments during their lives and yet have to be fabricated, for the most 

'Lead Engineer-Technology, Structural Research Department, McDonnell Aircraft Com
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2 Aerospace Research Engineer, Structural Research Branch, Naval Air Development Center, 
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part, from materials which are known to be susceptible to environmentally 
assisted cracking. 

Great care is taken during manufacturing and processing to ensure that 
these nonredundant structural elements are as flaw-free as possible. 
However, even with good quality control, minute cracks can develop, for ex
ample, during grinding and plating of high-strength steel parts. Also, as with 
any aircraft structural subsystem, small cracks can be initiated during ser
vice life from latent damage sites developed by fretting, pitting, intergranular 
stress corrosion cracking, and fatigue. 

In landing gear structural components, the cracks of principal concern ini
tiate on the surface of the component. Cracks, whether initially present or 
service developed, can propagate to failure in these highly loaded nonredun
dant structural subsystems and cause system failure. 

Therefore both the Navy and Air Force have sponsored numerous research 
programs to investigate chemical environment-load interaction effects on 
crack growth behavior. The objective of recent research has been to deter
mine the sensitivity of landing gear steels to crack growth acceleration in ag
gressive environments and load spectra typical of fighter aircraft landing 
gear. 

This paper summarizes the results of two of these research programs, one 
Navy sponsored and one Air Force sponsored [1,2],^ both of which dealt with 
load-environment interaction effects on crack growth behavior in 300M and 
HP 9-4-0.30 landing gear steels. 

Constant-Amplitude Test Programs 

Both research programs included test programs to obtain the experimental 
data necessary for calibrating and evaluating crack growth prediction 
algorithms. These test programs are summarized in Table 1. The Navy pro
gram used alternate immersion in synthetic sea water [ASTM Specification 
for Substitute Ocean Water (D 1141-75 (1980))] to simulate the environment 
to which carrier based aircraft are exposed, while the Air Force program used 
continuous immersion in 3.5 percent sodium chloride (NaCl) salt water to 
maximize the influence of an aggressive environment on crack growth. 

The tests had three objectives: characterize each material by developing 
constant-amplitude fatigue crack growth rate data in a dry air environment 
(Specimens 1 to 3), evaluate a linear summation model of environmentally 
accelerated crack growth (Specimens 4 to 11), and calibrate the load interac
tion model for the landing gear stress histories and specimens to be used in 
the verification test program (Specimens 12 to 14). 

300M and HP 9-4-0.30 steels were selected to represent the range of en
vironmental sensitivity found in landing gear steels. Crack growth in 300M 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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steel was found to be significantly accelerated by exposure to salt water or sea 
water under loading cycles involving sustained loads. Crack growth in 
HP 9-4-0.30 steel was shown to be relatively insensitive to immersion in sea 
or salt water [1,2]. 

Test specimens are shown in Figs. 1 and 2. 300M steel specimens were heat 
treated to a 1931 to 2068 MN/m^ strength level. HP 9-4-0.30 specimens were 
heat treated to a 1517 to 1655 MN/m^ strength level. Additional material 
property information is available in Refs 1 and 2. 

Specimens were precracked at zero stress ratio and the final stage of 
precrack grovrth was obtained at a stress level equal to or less than that at 
which the subsequent test was performed. For alternate immersion tests, the 
cracked section of the specimen was immersed during the final stage of 
precracking to avoid an artificial increase in crack growth rate found to occur 
when specimens precracked in a laboratory air environment are immersed in 
salt water for test [2]. 

Low humidity (< 10 percent relative humidity) air was used as a reference 
environment for both programs. The containment method for this environ
ment was a Mylar case sealed to the specimen by a soft silicone adhesive. 
Silica jell desiccant was used to obtain low humidity air. For continuous im
mersion environments the same containment method was used, although the 
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7.62 

EDM Slot 

Pre-Crack 
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30.48 1 ^ ^ 
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Section A-A 

-0.635 

FIG. 1—Center-cracked panel specimen {dimensions in centimetres). 
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FIG. 2—Surface-flawed panel specimen (dimensions in centimetres). 

case was open at the top to replenish the salt water as required. The salt 
water was periodically replaced to maintain solution chemistry. 

The alternate immersion cycle used in the Navy program was lO-min im
mersion in synthetic sea water followed by 50-min drying by blown, filtered, 
shop air. The container used for alternate immersion tests is shown in Fig. 3. 
The Plexiglas container is wide enough to accept the specimen and a nylon 
tube which encircles the specimen to provide air for the drying cycle. Syn
thetic sea water was introduced through a plastic tube and stainless steel port 
and released through a second stainless steel drain port. After immersion, 
filtered shop air at 10 psia was used to blow the specimen dry. This procedure 
rapidly dried the specimen surface and container. Rapid drying provided 
better control of the environment than allowing the specimen and container 
to dry in laboratory air. 

Constant-Amplitude Crack Growth Behavior 

Results of constant-amplitude tests in the Air Force program showed that 
crack growth rates are significantly accelerated by continuous immersion in 
salt water. Test results for trapezoidal wave loadings at 10 and 0.1 Hz are 
shown in Fig. 4. The trapezoidal wave was made up of 0.25-s rise and fall 
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FIG. 3—Container used for alternate immersion tests. 

time. For the remainder of the cycle, load was held at maximum. The sus
tained load time for the 0.1-Hz wave is 9.95 s and for the 10-Hz wave is 0.05 
s. The data shown in Fig. 4 indicate that, for 300M steel immersed in salt 
water, the crack growth rate is almost directly proportional to time at load. 
Thus the acceleration due to the aggressive environment appears to depend 
on the sustained load hold time. Some cyclic loading is necessary since crack 
growth rates in sustained load tests in salt water were an order of magnitude 
smaller than the rates found in the 0.1-Hz cyclic test. 

In contrast, there is little effect of salt water on crack growth in HP 
9-4-0.30 steel, as shown in Fig. 5 for 10 and 0.1 Hz trapezoidal wave loading. 
The 0.1-Hz data show slightly higher crack growth rates than the 10-Hz data 
at stress intensity factors below 44 MN/m^''^ with no difference shown above 
that point. 

In alternate immersion tests [/], 300M steel again shows considerable 
crack growth acceleration while immersed (Fig. 6). However, during the dry
ing cycle, crack growth rates rapidly decay toward dry air rates. Crack length 
measurements in these tests were taken before and after immersion and 25 
min into the drying cycle. Thus the crack growth rates shown in Fig. 6 are 
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FIG. 4—Acceleration of crack growth rates in 300M steel continuously immersed in 3.5 per
cent NaCl salt water. 

averages for the various time periods, not instantaneous values. The decay of 
acceleration in the drying cycle results in a regular stair-step pattern in the 
crack growth curve (Fig. 7). 

Alternate immersion was found to increase the apparent threshold stress 
intensity factor for HP 9-4-0.30 steel [/]. At 10 Hz no effect of the aggressive 
environment was found. However, at 0.1 Hz the apparent threshold increased 
to 33 MN/m-*̂ .̂ Above that value, crack growth rates were nearly the same as 
in dry air (Fig. 8). Below that value, the crack grew during the first immer
sion cycle but slowed markedly during drying. Eventually, after several im
mersion cycles, crack growth stopped entirely. This effect was not evident in 
continuous immersion tests at any frequency [2]. 
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FIG. 5—Effect of continuous immersion in 3.5 percent salt vnter on crack growth rate in HP 
9-4-0.30 steel. 

Currently, we conjecture that corrosion products, created on the crack 
faces during immersion, solidify during drying. These corrosion products 
reduce the stress intensity factor ranges applied to the crack tip (that is, in
creasing crack closure), which causes crack growth to slow or stop. However, 
no measurements of crack-opening displacement (COD) or closure were 
made to substantiate this conjecture. 

Crack Growth Analysis 

The Wei-Landes linear summation hypothesis [3,4] suggests that en
vironmentally accelerated crack growth rates can be predicted by adding the 
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10,000 

200 
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FIG. 6—Acceleration of crack growth rates in 300M steel alternately immersed in synthetic 
salt water. 

crack growth due to the individual mechanisms of environmental attack and 
cyclic loading. This hypothesis, when used to account for frequency effects, 
can be expressed as 

da 1 da 

/ dt envmmment 

da 

dN, 
(1) 

fatigue 

The da/dtenvitonment ^ obtained from sustained load or low-frequency cyclic 
tests in the environment, and «/a/dJVfatigue is obtained from cyclic load tests 
conducted at high frequencies in air or a nonaggressive environment. 

The modification of the linear summation hypothesis used in this program 
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FIG. 7—Crack growth behavior of 300M steel in alternate immersion in sea water at low cycle 
rates. 

is that for any environment the total crack growth rate for any cycle is the 
sum of two components; one due to mechanical loading in the reference en
vironment (less than 10 percent relative humidity), and one due to sustained 
load in an aggressive environment. This model is formulated as 

da _ da da 
IN ~ dN^f dN,, 

(2) 

where 

da 
dK, 

''da 

t, dt 
dt (during immersion) (3a) 

immersed 

= — e'"* dt (during drying) 
J t, " ' immersed 

(36) 

where the period of the load cycle is 2̂ ~ ̂ i-
The sustained load crack growth rate, c?a/c?fimmetsed> was determined by 

subtracting crack growth rates during immersion at 10 Hz from crack growth 
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FIG. 8—Effect of alternate immersion in synthetic sea water on crack growth rate in HP 
9-4-0.30 steel. 

rates during immersion at 0.1 Hz. Trapezoidal waves having the same 
loading rates are used in each test so that the difference in crack growth 
rates, if any, is due solely to sustamed load in the aggressive environment. 

The exponent a in Eq 36 was determined empuically by correlation with 
the crack growth rates measured during the drying cycle of the trapezoidal 
wave test using R = 0 at 0.1 Hz (Specimen 9). In 300M steel, a was found to 
be 0.00175. In HP 9-4-0.30, no environmental acceleration was found and a 
is zero. 

Sustained load cracking during immersion is assumed to occur only during 
the loaduig and sustained portions of a cycle. When a trapezoidal wave is ap
plied, predicted crack growth is the sum of three components; cyclic growth 
during loaduig, sustained load growth during loading, and sustained load 
growth during the hold time. The unloading portion of a cycle is assumed to 
produce no crack growth. 

The model, summarized by Eq 2, was used for all analyses presented 
herein. Comparison of analysis and test results for 300M steel (Figs. 4, 6, and 
7) indicates the accuracy of the model to describe the crack growth behavior 
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of 300M steel in the continuous and alternate immersion environments. 
Predicted and measured lives for all constant-amplitude crack growth tests in 
300M steel are summarized in Table 2. Good correlation is evident. 

Predicted and measured crack growth lives for HP 9-4-0.30 steel are com
pared in Table 3. These predictions assume that there is no impact of the ag
gressive environment. This assumption is confirmed by the test data. 
However, results from the 0.1-Hz trapezoidal wave shape test in alternate im
mersion show a significant increase in the apparent threshold stress intensity 
factor. Plots summarizing the effects of continuous and alternate immersion 
environments on crack growth life in HP 9-4-0.30 steel are presented in Figs. 
5 and 8. These plots indicate the accuracy of the technique. 

Under spectrum loadings, da/dN^f and da/dNem are assumed to depend 
on the effective loading parameters, Âmax-eff ^"^ ^min-eff. computed by the 
Willenborg model [5]. 

The following assumptions are also inherent in the analysis: 

(/) The unloading portion of the stress cycle produces no crack growth and 
is ignored in the analysis. The stress intensity range and stress ratio used for 
analysis are determined by a valley stress and the subsequent peak stress. 

(2) In the computation of sustained load crack growth, a cycle has a peak 
stress intensity factor of Kmia-gff' as determined by the WUlenborg model, 
and/?eff = 0. 

(3) Fracture is assumed to occur whenever the stress intensity factor ex
ceeds Kc. 

Spectnun Test Programs 

In both Navy and Air Force programs, spectrum tests were performed for 
verification of the crack growth prediction methodology. Test spectra were 
developed which reflect the primary loadings of landing gear of Navy and Air 
Force fighter aircraft. Spectrum crack growth analysis parameters were ad-
iusted to best fit the spectrum test results from center-cracked panels tested 
n the dry air environment. Verification test programs involved three series of 
.ests in each steel (Table 4): 

Test Series 1—One surface flawed panel in the dry air environment using 
the accelerated stress history to evaluate predictions of surface flaw growth in 
an inert environment. 

Test Series 2—One center-cracked panel and one surface flawed panel in 
salt water and sea water using the accelerated stress history to evaluate the 
predictions of crack growth in an aggressive environment minimizing sus
tained load effects. 

Test Series 3—One center-cracked panel and one surface flawed panel in 
salt water and sea water using the sustained load stress history to evaluate 
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TABLE 4—Algorithm verification test program summary. 

Specimen 
Number 

1 

2 

3 

Environment 

<10% RH Air 

Aggressive ^-^ 

Aggressive 

Load Frequency 
(Hz) 

•v io 

-vIO 

-vO.I A 

Objective 

Evaluate Crack Growth 
in Inert Environment 

Evaluate Crack Growth 
in Aggressive Environment 

Evaluate Crack Growth with 
Sustained Load in Aggressive 
Environment 

Notes: / l \ Aggressive environment for the Navy program was alternate immersion 
in synthetic sea water, for the Air Force program was continous 
immersion in 3.5% NaCI salt water 

/ 2 \ The time sequence of loads is presented in Figure 10 

predictions of crack growth under maximum conditions of sustained load 
and aggressive environment. 

The Navy landing gear spectrum is characterized by a few occurrences of 
high stress levels caused by high sink rate landings and many occurrences of 
very low stress levels caused by ground handling loadings (taxiing, turning, 
pivoting, and braking). This stress spectrum differs significantly from the 
Air Force gear spectrum. Exceedance curves for these spectra are compared 
in Fig. 9. Ground handling stress levels in the Navy spectrum are no greater 
than 35 percent of the maximum stress level in the spectrum, while ground 
handling stress levels in the Air Force spectrum exceed 70 percent of the 
maximum stress level. This difference in relative stress level due to ground 
handling loads makes the Navy spectrum much less severe, from a crack 
growth life point of view, than the Air Force spectrum. 

The majority of sustained loads in fighter aircraft landing gear occur dur
ing ground handling, especially during braking. Because ground handling 
stresses in Navy gear are smaller than in Air Force gear, sustained stress 
levels in Navy gear are much lower than sustained stress levels in Air Force 
gear. This difference is reflected in the comparison of real time stress 
histories for Navy and Ak Force gear shown in Fig. 10. 

The greater severity of the Air Force gear loading as compared with Navy 
landing gear was verified by comparison of analysis and test lives for surface 
flawed panels tested to the Air Force and Navy spectra (Table 5). These 
results indicate that the Air Force landing gear spectrum is significantly 
more severe than the Navy spectrum for identical initial flaw sizes and max
imum stress levels. The initial flaw sizes used in this comparison were 
selected to provide at least 8000 landings for the Navy spectrum..Even so. 
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FIG. 9—Comparison of Navy and Air Force main landing gear stress spectra. 

these flaw lengths are very close to those at failure; in fact, the crack length at 
failure in 300M is smaller than the initial flaw length in HP 9-4-0.30. 

The maximum stress level used in the HP 9-4-0.30 tests was 85 percent of 
ultimate strength. This is typical of values used in landing gear components. 
Consequently, maximum stress levels for 300M steel usually exceed 1276 
MN/m^ in landing gear components. Even so, both test and analysis results 
show that 300M steel is more sensitive to environment and load variations 
than is HP 9-4-0.30 steel. The correlation of test and analysis results is good 
for the range of load spectra and environments used in these studies. 

The implication of these data is that cracks will not grow in landing gear of 
Navy aircraft at stress levels which produce adequate life for Air Force air
craft. However, service experience shows that corrosion cracking is a primary 
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Stress-Time History for Navy Main Gear 
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FIG. 10—Comparison of stress-time histories for Na^y and Air Force landing gear. 

cause for Navy gear replacement in the field [1]. This cracking is caused by 
high residual tensile stresses in local regions or by actuator loadings or other 
loadings independent of the primary loading of the gear during landings. To 
minimize crack growth in Navy gear, residual stresses, actuator loadings, or 
redundant loads may require more attention during design than stresses 
caused by primary loading. 
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TABLE 5—Comparison of spectrum test and analysis lives. 

Steel 
Material 

300IVI 

HP9-4-0.30 

Environment ^—' 

Dry Air 
Aggressive 
Aggressive 

Dry Air 
Aggressive 
Aggressive 

Sustained 
Loads 

No 
No 
Yes 

No 
No 
Yes 

Crack Growth Life - Landings /2\ 

Navy Spectrum 

Test 

10,780 
11,370 
3,780 

11,370 
9,370 
7,990 

Analysis 

11,780 
11,780 
3,780 

11,780 
11,780 
11,780 

Air Force Spectrum 

Test 

60 
60 
12 

500 
510 
500 

Analysis 

187 
84 

4.2 

500 
385 
385 

Notes: / l \ Aggressive environment for the Navy spectrum is alternate immersion in synthe
t ic sea w/ater, for the A i r Force spectrum is continous immersion in 3.5% NaCI 
salt water 

A Init ial f law lengths are 0.290 cm in 300M steel and 0.706 cm in HP 9-4O.30. 

Maximum stress level for both spectra is 1,276 M N / m 

Conclusions 

Results of these research programs indicate that immersion in either salt 
or sea water accelerates crack growth in 300M steel. The acceleration decays 
with drying time after immersion, which indicates that continuous immer
sion is a more aggressive environment for crack growth in 300M steel than is 
alternate immersion. 

Immersion in salt or sea water has little impact on crack growth rate in HP 
9-4-0.30 steel except at stress intensity factor ranges below 33 MN/m-'^^. 
Alternate immersion at low cycle rates tends to increase apparent threshold 
stress intensity factor ranges from below 7.7 MN/m-'''^ at 10 Hz to 33 
MN/m^^^ at 0.1 Hz. Below these apparent threshold values, crack growth ar
rests during the drying portion of the immersion cycle and does not reinitiate 
during subsequent immersions. 

Crack growth in alternate immersion environments, such as that applied 
in this program, can be accurately predicted using linear summation of sus
tained load crack growth rates derived from cyclic tests in an aggressive en
vironment and cyclic crack growth rates determined from tests in an inert 
environment. The decay in crack growth rate following removal from an 
aggressive environment is accurately predicted by a function which decays 
exponentially with time after removal. 

The landing gear stress histories for Navy and Air Force fighter aircraft 
differ significantly due to the high sink rates to which Navy gear are designed. 
Sustained stress levels in Navy gear due to primary gear loads are con
siderably lower than sustained stresses in Air Force gear. This difference 
makes Navy gear generally less sensitive to crack growth, in any environ
ment, than Air Force gear. 
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ABSTRACT: The present paper is concerned with the application of an analytical crack-
closure model in the study of crack growth under various load histories. The model was 
based on a concept like the Dugdale model, but modified to leave plastically deformed 
material in the wake of the advancing crack tip. 

The model was used to correlate crack growth rates under constant-amplitude loading, 
and to predict crack growth under variable-amplitude and aircraft-spectrum loading on 
2219-T851 aluminum alloy sheet material. Predicted crack-growth lives agreed well with 
experimental data. For 80 crack growth tests subjected to various load histories, the ratio 
of predicted-to-experimental lives, AfP/JVT, ranged from 0.5 to 1.8. The mean value of 
JVp/WT was 0.97 and the standard deviation was 0.27. 

KEY WORDS: cracks, crack propagation, stress analysis, fatigue (materials) 

Nomenclature 

Ck Material crack growth constants (k = 1, 5) 
c Half length of crack, m 
Cf Half length of final crack, m 
q Half length of initial crack, m 
c„ Half length of starter notch, m 
d Half length of crack plus tensile plastic zone, m 
F Boundary-correction factor on stress intensity 

Kmax Maximum stress-intensity factor, MPa -m1/2 

'Research Engineer, NASA-Langley Research Center, Hampton, Va. 23665. 
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256 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

Kp Elastic-plastic fracture toughness, MPA-m''^ 
m Fracture toughness parameter 
N Number of cycles 

iVp Number of cycles predicted from analysis 
Nj Number of cycles from test specimen 
R Stress ratio {S^JS^ 
S Applied stress, MPa 

5n,ax Maximum applied stress, M P a 
5nu„ Minimum applied stress, M P a 

So Crack-opening stress, M P a 
t Specimen thickness, m 

W Specimen width, m 
a Constraint factor, a = 1 for plane stress 

and a = 3 for plane strain 
dkK Stress-intensity factor range, MPa-m'^^ 

AA'rff Effective stress-intensity factor range, MPa-m'^^ 
A/iTo Effective threshold stress-intensity factor range, MPa-m'^^ 

A/iTth Threshold stress-intensity factor range, MPa-m^''^ 
AS'eff Effective stress range, MPa 

p Length of tensile plastic zone, m 
POL Plastic-zone size calculated from overload, m 

Oo Flow stress (average between ays and a^^), MPa 
(jys Yield stress (0.2 percent offset), M P a 
ffu Ultimate tensile strength, MPa 
w Length of compressive plastic zone, m 

During fatigue-crack propagation, crack surfaces remain closed during 
part of a load cycle. Crack closure is caused by residual plastic deformations 
remaining in the wake of an advancing crack. The crack-closure concept, us
ing the effective stress-intensity factor range, has been used to correlate crack 
growth rates under constant-amplitude loading [1,2].^ Crack closure is also a 
significant factor in causing load-interaction effects on crack growth rates 
(retardation and acceleration) under variable-amplitude loading. 

The crack-closure phenomenon has been analyzed using two-dimensional, 
elastic-plastic, finite-element methods [3-6]. The finite-element analyses 
were shown to be quite accurate, bu t were very complicated and required 
large computing facilities. There have also been several a t tempts to develop 
simple analytical models of crack closure [3,7-13]. All of these models were 
based on a concept similar to the Dugdale model [14] or strip-yield model, 
but modified to leave plastically deformed material in the wake of the crack. 
Newman [3], Budiansky and Hutchinson [8], and Ftthring and Seeger 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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[10,11] studied only the crack-closure behavior. Kanninen and Atkinson 
[13], using an inclined strip-yield model, studied both residual-stress and 
crack-closure effects. Dill and Saff [7], Hardrath, et al [9], and Newman [12] 
used the crack-opening stresses from their models to predict crack growth 
under spectrum loading. 

The purpose of the present paper is to apply an analytical crack-closure 
model [12], which simulates plane-stress and plane-strain conditions, to 
crack growth under various load histories. The model was based on the 
Dugdale model [14], but modified to leave plastically deformed material 
along the crack surfaces as the crack advances. Plane-stress and plane-strain 
conditions were simulated by using a "constraint" factor on tensile yielding. 

The crack-closure model developed in Ref 12 was for a central crack in a 
finite-width plate that was subjected to a uniformly applied stress. To 
calculate Elber's effective stress-intensity factor range [2], crack-opening 
stresses were calculated from the model under constant-amplitude loading at 
various applied stress levels and stress ratios. Experimental crack-growth 
rate data from 2219-T851 aluminum alloy sheet material under constant-
amplitude loading [15] were correlated with the effective stress-intensity fac
tor range for a wide range of stress levels and stress ratios. An equation 
developed in Ref 12 relating crack growth rate to effective stress-intensity 
factor range, threshold stress-intensity factor range, and fracture toughness 
was used herein for the complete range of crack growth rates. The closure 
model was then used to predict crack grovrth in 2219-T851 aluminum alloy 
sheet material under variable-amplitude and aircraft-spectrum loading [75]. 

Analytical Crack-Closure Model 

The following section is a brief description of the analytical crack-closure 
model developed in Ref 12. 

To calculate crack-closure and crack-opening stresses during crack prop
agation, the elastic-plastic solution for stresses and displacements in a cracked 
body must be known. Because there are no closed-form solutions to elastic-
plastic cracked bodies, simple approximations must be used when finite-
element solutions are inappropriate. The Dugdale model [14] is one such ap
proximation. The crack-surface displacements, which are used to calculate 
contact (or closure) stresses under cyclic loading, are influenced by plastic 
yielding at the crack tip and residual deformations left in the wake of the ad
vancing crack. The applied stress level at which the crack surfaces become 
fully open (no surface contact) is directly related to contact stresses. This 
stress is called the "crack-opening stress". 

The model was developed for a central crack in a finite-width specimen 
subjected to uniform applied stress (Fig. 1). The model was based on the 
Dugdale model, but modified to leave plastically deformed material in the 
wake of the crack. The primary advantage in using this model is that the 
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P 2c ' p 

FIG. 1—Center-crack tension specimen with Dugdale plastic zones and residual plastic defor
mations. 

plastic-zone size and crack-surface displacements are obtained by superposi
tion of two elastic problems: a crack in a finite-width plate subjected to (/) a 
remote uniform stress, S, or (2) a uniform stress, a, applied over a segment of 
the crack surface. The stress-intensity factor and crack-surface displacement 
equations for these loading conditions are given in Ref 12. 

Figure 2 shows a schematic of the model at maximum and minimum ap
plied stresses. The model was composed of three regions: (7) a linear elastic 
region containing a fictitious crack of half-length c + p, (2) a plastic region 
of length p, and (3) a residual plastic deformation region along the crack sur
faces. The physical crack is of half length c. The compressive plastic zone is 
03. Region 1 was treated as an elastic continuum; the crack-surface 
displacements under various loading conditions are given in Ref 12. Regions 
2 and 3 were composed of rigid-perfectly plastic (constant stress) bar 
elements with a flow stress, a,,, which is the average between the yield stress, 
ffys, and the ultimate tensile strength, a„. The shaded regions in Figs. 2a and 
2b indicate material which is in a plastic state. At any applied stress level, the 
bar elements are either intact (in the plastic zone) or broken (residual plastic 
deformation). The broken elements carry compressive loads only, and then 
only if they are in contact. The elements yield in compression when the con
tact stress reaches — &„. Those elements that are not in contact do not effect 
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FIG. 2—Crack-surface displacements and stress distributions along crack line. 

the calculation of crack-surface displacements. To account for the effects of 
state of stress on plastic-zone size, a constraint factor a was used to elevate 
the tensile flow stress for the intact elements in the plastic zone. The effective 
flow stress aOg under simulated plane-stress conditions was a^ and under 
simulated plane-strain conditions was Sa .̂ The constraint factor is a lower 
bound for plane stress and an approximate upper bound for plane strain. 
These constraint factors were verified using elastic-plastic finite-element 
analyses of cracked bodies under plane-stress [6] and plane-strain condi
tions. The procedure used to establish the constraint factor a used herein is 
discussed later. 

The analytical crack-closure model, discussed in detail in Ref 12, was used 
to calculate crack-opening stresses, S^, as a function of crack length and load 
history. In turn, the crack-opening stress was used to calculate the effective 
stress-intensity factor range, as proposed by Elber, and, consequently, the 
crack growth rates. 

Fatigue Crack Growth Rate Equation 

The crack growth equation proposed by Elber [2] states that the crack 
growth rate is a power function of the effective stress-intensity factor range 
only. Later, Hardrath et al [9] showed that the power law was inadequate at 
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high growth rates approaching fracture. The results presented in Ref 12 
showed that it was also inadequate at low growth rates approaching thresh
old. To account for these effects, the power law was modified in Ref 12 to 

dc 

dN 
eff 

1 - / '^max 

f 
Y 

= c, AK:^ T^T^^'-^r^ (1) 

where 

and 

AA:„ = C3 ( 1 - C4 - ^ ) (2) 

^max = '5'max^TcF (3) 

AATeff = ( 5 „ a x - 5 o ) V 7 r c F (4) 

The crack-opening stresses, S„, were calculated from the analytical closure 
model. Equation 1 gives the "sigmoidal" shape commonly observed when 
fatigue crack growth rate data is plotted against stress-intensity factor range. 
In the intermediate range of crack growth rates, Eq 1 is basically Elber's pro
posed power law, Ci AK^^. The constants Cj to €$ were determined to best 
fit experimental data under constant-amplitude loading. 

The coefficients C3 and C4 were determined from threshold data on the 
2219-T851 aluminum alloy sheet material from Ref 16. The effective threshold 
stress-intensity factor range, AKg, was determined from the threshold stress-
intensity factor range, A/fth, as 

1 -
AK„ = U AK,^ = ^ _ ^ J AK,^ (5) 

The coefficient C5 is the elastic stress-intensity factor at failure under cyclic 
loading or "cyclic" fracture toughness, like the static fracture toughness K^. 
Of course, toughness computed from an elastic analysis, in general, is not a 
material constant, but varies with crack length, width, thickness, and 
specimen type. In the present application, C5 is the largest value of toughness 
that can be sustained by a given width, thickness, and specimen type. C5 was 
computed to be 77 MPa-m^'^ for the 150-mm-wide center-crack tension 
specimens using the Two-Parameter Fracture Criterion [17\ with Kp = 550 
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MPa-m'^^ and m = 1. These values of Kp and m were obtained from final 
crack lengths and maximum stress levels used in the constant-amplitude crack 
growth tests from Ref 15 (see Ref 12 for further details). 

The coefficients Cj and C2 were found from constant-amplitude rate data 
[15], after C3, C4, and C5 were determined, by using a least-squares regres
sion analysis. The constant-amplitude correlations were made using Sg-
values computed from the model with various constraint factors. It was 
found that an a of about 1.9 would give a good correlation under constant-
amplitude loading. The procedure used to obtain a will be discussed later. A 
summary of the coefficients used to correlate the constant-amplitude data 
with a = 1.9 are as follows: 

Ci = 2.486 X 10-10(1.314 x 10-8) 

C2 = 3.115 

C3 = 2.97 MPa-mi^2 (2.7 ksi-in.'/^) ). (6) 

C4 = 0.8 

C5 = 77 MPa-mi/2 (70 ksiMn.i/2) 

When SI units are used, A/Teff and K^^^ are given in MPa-m'^^ and dc/dN is 
given in m/cycle. When U.S. Customary units are used, A/sTeff and Kj^ia. ^re 
given in ksi-in.''^^ and dc/dN is given in in./cycle. 

Figure 3 shows a plot of AK against dc/dN for several /?-ratios for 
2219-T851 aluminum alloy sheet material to illustrate the sigmoidal shape of 
Eq 1. The experimental data were obtained from Ref 16 and the curves were 
calculated from Eq 1. The /? = — 1 data were obtained from a small center-
crack tension specimen {W = 76.2 mm), and the other data were obtained 
from small compact specimens {W — 50.8 mm). The crack growth coeffi
cients (Ci, C2, C3, and C4) used to calculate the curves were identical to those 
shown in Eq 6. However, coefficient C5 for the small compact specimens was 
38.5 MPa-m''^^ and for the small center-crack specimen was 55 MPa-m'^^. 
Again, these coefficients (C5) were calculated from the Two-Parameter Frac
ture Criterion \17\ using Kp = 550 MPa-m'^^ and w = 1. The predicted 
crack growth rate curves in Fig. 3 are in good agreement with the experimen
tal data. 

AppUcation of the Crack-Closure Model and Rate Equation 

The analytical crack-closure model \12\ and crack growth program 
(FAST-Fatigue Crack Growth Analysis of Structures) was applied to 
constant-amplitude, variable-amplitude, and aircraft-spectrum loading on 
2219-T851 aluminum alloy sheet material. 
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MPa-tn-^ 

FIG. 3—Comparison of experimental crack growth rates and rate equation for 2219-T851 
aluminum alloy at various R-ratios. 

Under constant-amplitude loading, the model was exercised under 
simulated plane stress, plane strain, and conditions between these limits. 
The particular constraint factor a used herein to approximate the state of 
stress was obtained from the constant-amplitude crack growth rate data. The 
crack growth rate equation (Eq 1) was also determined from the constant-
amplitude data. 

The same constraint factor was also used to predict crack growth under 
variable-amplitude and aircraft-spectrum loading. Crack-opening stresses 
were calculated from the model as a function of crack length and load 
history, and the crack growth rates were predicted from Eq 1. Predicted 
crack growth lives are compared with experimental data in the following sec
tions. 

Constant-Amplitude Loading 

Crack-Opening Stresses 

Reference 12 showed that the calculated crack-opening stresses under 
constant-amplitude loading were independent of the constraint factor for 
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stress ratios, R. greater than about 0.7 and were equal to the minimum ap
plied stress. Thus AK^ff is equal to AK for /? > 0.7. Using crack growth rate 
data from Refs 15 and 16 for R > 0.7, the crack growth constants Cj and Ci 
were determined to best fit the high /?-value data only. Basically, this crack 
growth rate equation (Eq 1) depicts the relation between AK^ff and crack 
growth rate. If AATeff and dc/dN have a unique relationship, then crack 
growth rates from tests at /?-ratios less than 0.7 should determine the ex
perimental AATeff and, consequently, the experimental value of S^. This value 
of So is referred to as the "semi-empirical" crack-opening stress. For each 
test, the semi-empirical 5o-value was assumed to be constant and was deter
mined from a least-squares regression analysis. These crack-opening 
stresses, normalized by the maximum applied stress, are shown in Fig. 4 as a 
function of the /J-ratio (symbols). The open symbols and the solid circular 
symbol are results from center-crack tension (CCT) specimens [15,16]. The 
solid triangular symbols are results from compact specimens [16]. These 
results indicate ^^-values that correlate crack growth rate data at various 
/^-ratios with the results at /? > 0.7. The dashed line indicates where So is 
equal to S„i„ or where AK^ff is equal to AK. 

For /?-ratios less than 0.7, the calculated crack-opening stresses from the 
closure model are a function of the constraint factor. The semi-empirical 
results at i? = 0 were used to estimate the constraint factor. A value of 1.9 
was found to give good agreement between the calculated and semi-empirical 
values. The solid curves show calculations from the closure model with a = 
1.9 for various applied stress levels. The overall agreement between the 
calculated and semi-empirical values was considered reasonable. 

Crack Growth Calculations 

The crack-closure model with a = 1.9 was used to calculate the crack 
growth lives from the initial crack length Cj to the final crack length Cf for the 
constant-amplitude tests [15] used in Fig. 4. The ratio of predicted-to-
experimental lives, Np/Nj, ranged from 0.6 to 1.8. The mean value oiNp/Nj 
was 1.01 and the standard deviation was 0.32. These calculations were con
sidered reasonable in view of the scatter that occurs in fatigue crack grovrth 
rate tests. 

Variable-Amplitude Loading 

Crack-Opening Stresses 

The closure model (a = 1.9) was used to study the crack-opening stresses 
under various load histories. The calculated crack-opening stresses under 
single-spike and two-level loading are shown in Fig. 5 as a function of crack 
length. Under spike loading, Sg takes a sudden drop when the crack-tip 
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^0 
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FIG. 5—Comparison of calculated crack-opening stresses during two-level and single-spike 
loading as a function of crack length. 

region blunts due to the spike loading. As the crack grows into the overload 
plastic zone, PQL- the 5o-values rapidly increase until they reach a maximum 
value at about one half of PQL- This is the point of minimum crack growth 
rate. The 5o-values then drop and approach the stabilized crack-opening 
stress (dashed line) for the low-level constant-amplitude loading. The retar
dation effects {So greater than dashed line) are nearly eliminated when the 
crack has grown about one overload plastic-zone size. In contrast, under two-
level loading the high load was applied from the initial crack length (cj = 3 
mm) for about 2500 cycles. Again, the J",,-values rapidly increase as the crack 
grows into the overload plastic zone, but they reach higher values than those 
occurring under the single-spike loading. Thus, retardation effects are much 
stronger after multi-overloads than after single-spike loading. 

The calculated crack-opening stresses under compression-tension and 
tension-compression spike loading are shown in Fig. 6 as a function of crack 
length. The horizontal line is the crack-opening stress for the high i?-ratio 
(0.5) constant-amplitude loading. Under compression-tension spike loading, 
the "compressive underload" (single downward load excursion) had no in
fluence on the subsequent 5(,-values. But the tensile overload caused the Sg-
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FIG. 6—Comparison of calculated crack-opening stresses during compression-tension and 
tension-compression spike loading as a function of crack length. 

values to be higher than those from the steady-state constant-amplitude 
loading (dashed line) for about one overload plastic-zone size. If the com
pressive underload is applied immediately after the tensile overload, the S^-
values are considerably lower than those from the compression-tension spike 
loading. Thus the compressive underload after the spike eliminates some of 
the retardation effects due to the tensile overload. A larger compressive 
underload after the spike causes a larger reduction in the Jo-values, but did 
not completely eliminate the retardation effect due to the tensile overload. 

Figure 7 shows the calculated crack-opening stresses during repeated 
compression-tension spike loading as a function of crack length. The first 
load level (i = 1) was applied for 2500 cycles. The compression-tension spike 
(?• = 2) was then applied. These load sequences were repeated until the 
specimen failed. The dashed line shows the stabilized crack-opening stress, 
Sol, for Level 1 only. The dash-dot line shows the stabilized crack-opening 
stress if only Level 2 were applied. These results show that the interaction 
between Levels 1 and 2 causes 5o-values to increase slightly during the com
pressive underload, drop abruptly during the tensile overload, and rapidly 
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FIG. 7—Calculated crack-opening stresses during repeated spike loading as a function of 
crack length. 

increase during the application of the 2500 cycles. Again, the 5o-values reach 
a maximum as the crack grows into the plastic zone caused by the tensile 
overload. The 5o-values would approach So\ if the tensile overload were not 
repeated. 

Crack Growth Predictions 

The crack growth rate at each load cycle was computed from Eq 1 using 
the current values of S'max. •̂ min' ^^d 5,,. Equation 1 predicts retardation (or 
acceleration) if S„ is larger (or smaller) than the crack-opening stress that 
would have been produced under constant-amplitude loading at Sj„^ and 
Smin- To demonstrate how crack growth rates were calculated under variable-
amplitude loading, an example is given. Figure 8 shows a typical variable-
amplitude load history. The growth rate was computed from Eq 1 using 

A/Ceff = MeffjV^ F (7) 

where AS^^ is the effective stress range of the ^th cycle. The growth incre
ment per cycle is 
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A c , = (8) 

On the first and second tensile load excursion, 5,.^.. to S„ 

^^eftt ~ ^mxnk ^0 (9) 

where A: = 1 or 2, respectively. This equation was proposed by Elber [2]. 
However, on the third tensile load excursion S^,„-^ is greater than S^. 
Therefore the effective stress range was assumed to be 

A^eff, = [ (5„ ,^ - So^^ - (J„i„, - 5„)C2]1/C2 (10) 

where k = 2 and C2 is the power on the growth law. Thus, the growth incre
ment, Ac2 + Ac3, is slightly larger than Acj, if S„ = S, max3' The use of Eq 
10 was necessary because no crack growth law, when expressed in terms of a 
power function (C2 ?̂  1), would sum to the correct growth increment under 
variable-amplitude loading. For instance, if the load excursion S^^^ to S^i^^ 
were extremely small, then the sum of growth increments Acj and AC3 should 
be equal to the growth increment Acj. If Sj^^^ was less than Sg, then the 

Stress 

^min 

Time 

FIG. 8—Variable-amplitude load history. 
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growth increment Acj should be equal to the growth increment Acj. Equa
tion 10 accounts for these limiting behaviors. Equation 10 is applied only 
when Sraini, is greater than Sg, and only when the current maximum applied 
stress is higher than the highest maximum stress occurring since a stress ex
cursion crossed Sg- On the fourth excursion, ASeSf was, again, computed 
from Eq 9. The effective stress range on the 5th and 7th excursion were, 
agam, computed from Eq 10. But on the 6th, 8th, and 9th excursion, 

^eff* = S„ 'mint (11) 

where A: = 6, 8, or 9, respectively. Note that S^^^ < Sj^s^^. Equation 11 was 
also proposed by Elber [2]. 

Figure 9 shows the effect of the number of overload cycles on predicted 
crack growth delay. Crack growth delay is defined as the additional number 
of cycles required to grow the crack to failure after the overload that is re
quired to grow the crack to failure under constant-amplitude loading only 
(Level 3). The predicted results (symbols) show that delay or retardation is 
longer for a larger number of overload cycles. These results are in quan
titative agreement with experimental observations [18]. Other retardation 
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FIG. 9—Effect of the number of overload cycles on predicted crack growth delay. 
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models [19-21] either do not account for or empirically account for the effect 
of the number of overload cycles on crack growth retardation. 

A comparison between experimental and predicted crack-length-against-
cycles curves during two-level loading is shown in Fig. 10. The load sequence 
is shown in the insert. The high load (Level 1) was a factor-of-2 larger than 
Level 2. The predicted results (solid curve) were calculated from Eq 1 using 
the 5o-values computed from the closure model. The maximum computed 
value of Sg, during the application of Level 2, was about 115 MPa, and the 
minimum crack growth rate was about 1.4 X 10~^ m/cycle. The predicted 
results were in fair agreement with the experimental data (symbols). The 
dash-dot curve shows the predicted results using no load interaction. 

Figure 11 shows a comparison of experimental and predicted crack-length-
agamst-cycles curves for repeated tension-compression and compression-
tension spike loading. The load sequences applied are shown in the inserts. 
The experimental results (symbols) and the predicted results (solid curves) 
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FIG. 10—Comparison of experimental and predicted crack-length-against-cycles curves dur
ing two-level loading. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



40 

30 

mm 
20 

10 

NEWMAN ON PREDICTION OF FATIGUE CRACK GROWTH 271 
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•X 10' . cycles 

20 25 

FIG. 11—Comparison of experimental and predicted crack-length-against-cycles curves dur
ing repeated tension-compression and compression-tension spike loading. 

show that the compressive underload applied after the tensile overload causes 
the crack to grow faster than when the compressive underload occurs before 
the tensile overload. Although the predicted results show a stronger effect of 
the compressive underload than the experimental data, the agreements be
tween the predicted and experimental data are considered good. 

A comparison of experimental (symbols) and predicted (solid curve) crack-
length-against-cycles curves for a repeated block loading sequence is shown 
in Fig. 12. The load sequence is shown in the insert. In contrast to the 
previous case, 50 cycles of the tensile overload were applied before the com
pressive underload. The predicted results are in good agreement with the ex
perimental data. 

Spectrum Loading 

Crack-Opening Stresses 

The variation of crack-opening stress with crack length for a typical spec
trum loading test is shown in Fig. 13. The half length of the elox notch, c„, 
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FIG. 12—Comparison of experimental and predicted crack-length-against-cycles curves dur
ing repeated block loading. 

was 3.2 mm. The specimen was cycled under constant-amplitude loading 
(•̂ max = 69 MPa) at J? = 0 until the crack grew to a half length, cj, of 3.8 
mm. Next, a typical fighter-aircraft spectrum was applied to the specimen. 
The maximum stress was about 183 MPa, and the minimum stress was about 
—30 MPa. The particular spectrum loads applied are given in Ref 15 under 
Test M91. The calculated crack-opening stresses plotted in Fig. 13 show only 
a small fraction of the number of values computed from the model. The 
crack-opening stresses follow a very irregular pattern while the cyclic loads 
are applied; even so, they tend to oscillate about a mean value. 

The use of an "equivalent" crack-opening stress concept would greatly 
reduce the computer time required to complete a simulated test. The use of 
an equivalent stress is justified because, at low to medium stress levels, the 
crack-opening stresses stabilize under constant-amplitude loading. They also 
tend to oscillate about a mean value u n ^ r spectrum loading. The equation 
for the equivalent crack-opening stress, 5„, was 

(12) 
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where the summation was performed over the crack extension increment c; 
+ 5 pma^ to Cj + 10 Pmax- The maximum plastic-zone size, Pma,, was 
calculated using the maximum stress in the spectrum. (For extremely high 
stress levels and low /?-ratios, where 5o-values do not stabilize, the simulated 
test specimen may fail before the equivalent crack-opening stress routine is 
activated.) The dashed line in Fig. 13 shows the calculated equivalent crack-
opening stress. The predicted crack growth life using S^ was 3.5 percent less 
than the predicted life using S„, but the computer time was only about one 
half as long (2.6 min versus 5.6 min). 

Crack Growth Predictions 

In Ref 15 crack growth tests were conducted on center-crack tension 
specimens subjected to five basic aircraft-type load spectra. Three of the 
spectra were each applied at three different scale factors (same shape spec
trum with different scaling of the stresses), and the other two spectra were 
each applied at two different scale factors. There were 13 different spectrum 
loading tests. 

Figure 14 compares predicted and experimental crack-length-against-

Spectrum for test M91 

MPa iiJiki l u . 

FIG. 13—Calculated crack-opening stresses as a function of crack length under typical air
craft spectrum loading. 
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FIG. 14—Comparison of experimental and predicted crack-length-against-cycles curves for 
spectrum loading. 

cycles curves for a typical fighter spectrum. The specimens were subjected to 
the same spectrum, but with three different scale factors (0.2, 0.3, and 0.4). 
The predicted results using a = 1.9 (solid curves) are in good agreement with 
the experimental data (symbols). However, for all spectrum tests conducted 
at a low-stress level (scale factor = 0.2), the predicted results gave longer 
lives than the experimental data. At the low-stress level, the plastic-zone sizes 
are small compared with thickness, and plane-strain conditions may prevail. 
The dashed curve shows calculated results using a constraint factor of 2.7 
(plane strain). The results are in excellent agreement with the experimental 
data, whereas at the high-stress level the predicted results gave shorter lives 
than the experimental data. At the high-stress level, the plastic-zone sizes are 
about a factor-of-4 larger than the low-stress level case, and plane-stress con
ditions may prevail. The dash-dot curve was calculated using a = 1.15. The 
calculated results are in better agreement with the experimental data than 
the results with a = 1.9. These results indicate that the constraint factor may 
vary with stress level and crack length. 
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Comparison of Experimental and Predicted Lives 

Figure 15 compares experimental, Nj, and predicted, Np, lives for 18 
constant-amplitude load tests, 49 variable-amplitude load tests, and 13 
spectrum-load tests. The crack-closure model with a = 1.9 was used to 
predict crack growth lives from the initial crack length cj to the final crack 
length Cf. The ratio of predicted-to-experimental lives, Np/Nj, ranged from 
0.5 to 1.8. The mean value of Np/Nj was 0.97, and the standard deviation 
was 0.27. 

Concluding Remarks 

An analytical fatigue crack-closure model was used in a crack growth 
analysis program (FAST) to predict crack growth under constant-amplitude. 

10 

10^ 

7^ 

C/5 

o 
o 
• M 
W 

10 5 . 

10 

10-

4 . 

2219-T851 
t = 6.35 mm 

B Constant ampli 
0 Variable ampli 
• Spectrum 

-

Np= O.SNx / 

/ / 
/ / 

^ / ^ 
/ / '^ 

tude / / / 
tude / / / 

/ / ^ w /<.1r/ 
S%/ 

/ • / / 
/ ^ / 
W^ / 
^/ 

/ / ^ A/ ^ 
4.°// <x / 

/ 7/ //V 
/ / / 
/ / 

Np = 2Ny 

1 1 I I 

10^ 10- 10^ 10- 10^ 10^ 

\lp> predicted cycles 

FIG. 15—Comparison of experimental and predicted cycles to failure for 2219-T851 
aluminum alloy material under constant-amplitude, variable-amplitude, and spectrum loading. 
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variable-amplitude, and aircraft-spectrum loading. The model was based on 
the Dugdale model, but modified to leave plastically deformed material in 
the wake of the advancing crack tip. The model was used to calculate the 
crack-opening stresses as a function of crack length and load history under 
simulated plane-stress and plane-strain conditions. 

A crack growth rate equation was developed in terms of Elber's effective 
stress-intensity factor range, threshold stress-intensity factor range, and frac
ture toughness to give the "sigmoidal" shape commonly observed when 
fatigue crack growth rate data are plotted against stress-intensity factor 
range. The five crack growth constants in this equation were determined 
from constant-amplitude data on 2219-T851 aluminum alloy sheet material. 
The equation correlated the constant-amplitude data over a wide range of 
stress ratios and stress levels quite well. 

The analytical closure model with a constraint factor of 1.9 and the rate 
equation were used to predict crack growth under variable-amplitude and 
aircraft-spectrum loading on the 2219-T851 aluminum alloy material. The 
model predicts the effects of load interaction, such as retardation and ac
celeration. The ratio of predicted-to-experimental crack-growth lives, 
Np/Nj, ranged from 0.5 to 1.8 in 62 variable-amplitude and spectrum-load 
tests. The mean of Np/Nj was 0.97, and the standard deviation was 0.27. 
Thus the analytical crack-closure model and the proposed crack growth law 
predicted crack growth behavior in all tests quite well. 
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ABSTRACT: An improved crack growth methodology which accounts for load interac
tion effects was implemented into a computer module, PREGRO, and was subsequently 
incorporated into an existing preliminary design analysis computer program, APAS. The 
procedure utilizes the equivalent damage concept, which converts the random spectrum 
into equivalent constant-amplitude load cycles. By using this improved crack growth 
prediction module, unnecessary weight penalties can be avoided in the preliminary 
design of primary structures. Examples are given for the application of this predictive 
method to wing structures for typical fighter and transport aircraft. 

KEY WORDS: crack growth prediction, load interaction effect, preliminary design 

Nomenclature 

a Crack length 
a, Initial crack length 
Oj Final crack length 

aQ, a„j Initial crack length and selected initial crack length 
a0 L Crack length immediately following the overload cycle 
Aa Incremental crack growth 
da Assumed incremental crack growth 
C Growth rate equation coefficient, Eqs 1 and 2 

Cf Growth rate equation coefficient, Eq 19 
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Crack growth rate per flight 
Cyclic crack growth rate 
Crack growth rate per period 
Flights 
Material tension yield stress 
Effective stress intensity factor 
Maximum and minimum stress intensity factor 
Maximum and minimum stress intensity factor 
associated with overload cycle 
Maximum and minimum effective stress intensity fac
tor, Eqs 10 and 11 
Measure of the stress intensity factor representing the 
unitblock spectrum, Eq 18 
Remote stress intensity factor range 
Effective stress intensity factor range 
Threshold stress intensity factor range 
Walker stress ratio correction exponent 
Number of cycles 
Number of flights represented in a unitblock spectrum 
Growth rate equation exponent, Eqs 1 and 2 
A fixed interval such as a flight or a block of flights 
Chang acceleration exponent, Eq 2 
Stress ratio, ratio of minimum stress to maximum stress 
Effective stress ratio 
Stress ratio for the overload cycle 
Shutoff overload ratio, Eq 7 
Plane stress plastic zone radius due to current load cycle 
Plane stress plastic zone radius due to overload 
Overload plastic zone size 
Stress intensity factor correction factor, geometry 
dependent parameter 
Gallagher/Hughes proportionality constant, Eq 6 
Growth rate per flight equation exponent, Eq 19 
Stress 
Effective stress 
Maximum and minimum remote stress 
Maximum and minimum effective stress, Eqs 8 and 9 
Stress required to break through the overload plastic 
zone, Eq 5 
Root mean square of the spectrum stress range history 

The evaluation of advanced aircraft configurations requires analytical 
tools which provide a means for initially sizing and optimizing structural 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



280 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

components. Utility of such analytical tools in the preliminary design en
vironment requires methods and techniques with the ability to function 
without large amounts of data in a rapid operating mode. This requirement 
for timely response to requests for design tradeoff data has led to the develop
ment of procedures to be used in place of detail design analysis methods. These 
preliminary design procedures have been integrated into highly sophisticated 
computer programs which provide sensitivity to advanced materials, con
struction types, configuration geometry, airloads, missions, and perfor
mance. The criteria for alternative method development have been simplicity 
combined with the ability to provide proper sensitivity to design parameter 
variations. The rationale employed in these analytical procedures is founded 
on synthesizing design concepts to detail criteria as set forth in the procuring 
agency specifications. 

The governing document specifying overall requirements for achieving 
structural integrity of Air Force aircraft is MIL-STD-1530A [1].^ This docu
ment defines the applicable specifications, standards, and handbooks to be 
used on any new system procurement activity. Design to damage tolerance 
and durability is addressed in military specification MIL-A-83444 [2] and 
MIL-A-008866B [3] as part of the structural integrity requirements. These 
latter considerations are fairly new design criteria intended to reduce the 
number of catastrophic failures due to the presence of undetected cracks and 
flaws and the overall force management cost. 

Detailed crack growth analysis is performed by damage accumulation 
computer programs such as CRACKS [4] and EFFGRO [5]. These pro
grams perform the crack growth analysis on a cycle-by-cycle basis accounting 
for stress histories and crack geometries. Application of these programs to 
preliminary design problems are limited by computer time/cost considera
tions, since the approach would be used in an iterative mode which converges 
on a design solution as opposed to point design analysis. In this program 
operating mode, a more efficient method for predicting crack growth life is 
required. 

One of the uiitial applications of crack growth prediction methodology to 
preliminary design computer programs has been the approach employed in 
the Automated Predesign of Aircraft Structure (APAS III) program [6], 
APAS III is a highly modularized program which is the structural synthesis 
procedure within the Structural Technology Evaluation Program (STEP) [7], 
developed by General Dynamics Convau: Division for the Air Force. 
Although the crack growth procedure in APAS is considered to be conser
vative due to not accounting for load interaction effects, it has demonstrated 
the feasibility of assessing crack growth criteria at the preliminary design 
level. 

Under recent Air Force sponsorship, an improved method has been 

The italic numbers in brackets refer to the list of references appended to this paper. 
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developed based on a flight-by-flight characterization of crack growth 
behavior. This method employs a cycle-by-cycle damage accumulation 
scheme which accounts for retardation and acceleration effects due to tensile 
overloads and coi.ipressive loads to determine an equivalent crack growth 
rate per flight. A computer program that implements this predicting method 
was developed and incorporated into APAS. 

Typical wing torque box structure for both a transport and a fighter air
craft were analyzed by employing the existing crack growth analysis (PRO-
GRO) module in APAS. Companion solutions were calculated by executing 
the new crack growth module (PREGRO) to obtain the relative effect of in
corporating load interaction effects on the predicted crack growth life. 

Crack Growth Module 

Past applications of analytical crack growth methodology for use at the 
preliminary design level have been based on numerical techniques for ac
cumulating damage using crack growth rate per period (da/dP) approaches 
[8,9]. These methods were developed to provide cost effective means for 
evaluating crack growth criteria in the early stages of concept formulation. In 
comparison to cycle-by-cycle methods, significant reduction in computa
tional time has been achieved by coupling efficient integration schemes with 
the characterization of cycle-by-cycle load history in terms of an equivalent 
stress over a period of time such as a flight or a block of flights. These 
methods, based on empirical rate equations derived from constant-
amplitude crack growth test data, did not account for the effects of load in
teraction on crack growth under variable amplitude loading. Application of 
these equations to variable-amplitude loadings has been shown to result in 
significant differences between predicted lives and actual test results. Obser
vations by different investigators have shown that tensile overloads retard the 
crack growth on subsequent load steps, while compressive loads tend to 
negate the retardation effects. Furthermore, compressive load in a tension-
compression cycle tends to accelerate the crack growth. 

As a consequence of the foregoing considerations, a task was undertaken 
to include load interaction effects in a methodology suitable for preliminary 
design applications. This developmental effort consisted of selecting ap
propriate load interaction models, compatible constant-amplitude crack 
growth rate equations, and efficient damage accumulation schemes, which 
were then incorporated in a crack growth prediction computer program 
module, PREGRO. A flow chart illustrating the computational processes in 
PREGRO is shown in Fig. 1. 

Crack Growth Rate Equation 

Selection of a constant-amplitude crack growth rate equation was made on 
the following basis: 
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1. Compatible with the selected load interaction models. 
2. Relatively simple with a minimal number of constants characterizing 

material properties. 
3. Commonality with detail design methods to eliminate the need for 

establishing separate sets of material constants. 
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FIG. 1—PREGRO program module flow chart. 
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Two basic rate equations were employed, one for load cycles with positive 
stress ratios and the other for negative stress ratio load cycles. The Walker 
[10] effective stress concept introduced in the Paris rate equation [//] serves 
as the basis for predicting crack growth rates for positive stress ratio load 
steps. The Chang [12] compressive load acceleration model is used for 
negative stress ratio load cycles. Observation of experimental data has shown 
that at a threshold stress intensity factor range, AK^j,, no discernible growth 
is observed. This characteristic is accounted for by considering zero growth 
when the stress intensity factor range is equal to or less than the threshold 
value. The cyclic growth rate equations incorporating the threshold concept 
then are as follows: 

da 
-=- = C 
dN 

dN 

AK 
_ ( 1 - / ? ) • - ' " . 

{l-R)'>K„,, 

n 

1" 

R > 0 
for 

AK > AK 

R < 0 
for 

AK > AK 

(1) 

(2) 

Load Interaction Models 

The generalized Willenborg [13] retardation model in conjunction with 
the Chang acceleration scheme was selected to account for load interaction 
effects. This method is based on characterizing time history effects by defin
ing effective stress, a^ff, stress intensity factor, K^ff, and stress ratio, R^ff, 
which can then be introduced in the constant-amplitude crack growth rate 
equations. The plane stress plastic zone, ZQL. at the crack tip due to a tensile 
overload is given by 

^OL ~ 
1 

/ t y 
for/?eff > 0 (3) 

When the tensile overload is followed by a compressive load, the Chang 
scheme considers a reduced effective plastic zone: 

2oL — 
1 • '*max 

/ . y 
(1 + R,tf) for/?eff < 0 (4) 

Following an overload cycle, the half crack length has progressed from OQ 
to floL- On any subsequent load step, /, with the crack tip at a,, crack growth 
is considered to be affected by the residual plastic zone radius, TQL' if the 
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plastic zone radius for that step, r„ lies within that resulting from the 
previous overload. The original Willenborg model [14] identified an effective 
stress parameter based on the stress required to break through the overload 
plastic zone, that is, the stress at which r, is equal to TOL- The stress required 
is 

/ty V27r (rpL - g,) ^.^ 
X(a,)V7ra,-

Gallagher and Hughes [13] modified the Willenborg effective stress concept 
by introducing a proportionality constant, *, as shown below: 

* = „ ^ T (6) 

Rso in Eq 6 is the shutoff overload ratio, which has been shown to be a 
material dependent constant. For different levels of K^^^, corresponding 
shutoff overloads, /irSL. were observed which resulted in a condition of no 
crack growth. This material characteristic is given by 

^so = KS^/Km^ = constant (7) 

The effective maximum and minimum stress, stress intensity factors, cor
responding effective stress ratio, and stress intensity factor range which in
corporate the Gallagher/Hughes modifications are calculated by Eqs 8 to 13: 

(<^max)eff - ''max ~ * ('^req ~ ''max) (8) 

(<'min)eff = ''min " * (''req " ''max) (9) 

('K'max)eff = (''max)eff >^(«) ^ ^ ^ (10) 

(-K'min)eff = (<'min)eff M o ) V x a (11) 

^eff — (<'mm)eff/(<'max)eff (12) 

^•/^eff — (-'^max)eff ~ (-'^min)eff (13) 

Damage Accumulation 

A three-step procedure was formulated to perform the damage accumula
tion. The first step consisted of calculating incremental crack growth based 
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on the cycle-by-cycle growth methodology for a unitblock flight spectrum. 
The unitblock spectrum consists of all peak and valley loadings which occur 
for a block of flights representative of the missions flown during the aircraft 
lifetime. 

The Vroman linear approximation method [15] is employed to perform 
the damage accumulation due to the unitblock spectrum. The approach is 
based on the assumption that growth rate is a constant throughout a load 
step in a spectrum such that the crack size is in a linear relationship with the 
number of load cycles. A load step consists of one or more cycles of constant 
amplitude loadings. A relatively small incremental change in crack length, 
da, is used to calculate the growth rate for a given load step. The number of 
cycles required to grow the crack through the assumed incremental length is 
then given by 

N = 8a/(da/dN) (14) 

The value of N is then compared with the cycles in that load step, A ,̂. If Â  is 
greater than Nj, crack growth for that particular step is 

Aa=Ni(da/dN) (15) 

Crack length is increased by Aa, and the process continues to the next load 
step. If N is less than or equal to Nj, N is subtracted from Â „ the crack size is 
increased by 5a, and the load step is reconsidered. This process continues 
with N being compared with the remaining cycles in the step. Computation 
continues until all load steps in the unitblock are exhausted. 

The foregoing cycle-by-cycle crack growth analysis is performed for the 
unitblock load spectrum for a number of different values of crack size. Crack 
size, Uj, at the end of the unitblock spectrum is calculated from 

Uj = a„j + {Aa)j (16) 

where a„j are the selected values of initial flaw size, and {Aa)j are the in
cremental changes in the crack size resulting from the unitblock spectrum. 
Values of the initial crack size, a ,̂, are selected to cover the expected range of 
crack sizes, starting at the initial flaw size and continuing through that ex
pected at failure. The crack growth resulting from the unitblock spectrum 
for a period of iV^-flights is then defined by the following: 

(Aa/AF),- = {Aa)j/NA (17) 

For each of the assumed initial flaw sizes, the corresponding measure of 
stress intensity factor is defined by 
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Kj = V(A^) [X(a„,.) V T ^ , . + Maj) V¥a,]/2 (18) 

where (Aa^)'^^ is the root mean square of the unitblock spectrum stress range 
history, and X(a) is a function of crack size a, crack shape, and part 
geometry. 

The second step in the computational procedure consists of characterizing 
crack growth for the complex flight spectra into an equivalent constant-
amplitude loading that will produce the same crack growth Ufe. This method 
was proposed by Chang et al [12] and is based on the observation of log-log 
plots of crack growth rate per flight, (Aa/AF)j, versus a measure of the 
stress intensity factor, Kj, representing the unitblock spectrum. The forego
ing relationship is represented by a nearly straight line when plotted on the 
log-log scale. The power exponent, i/-, and proportionality constant, Cp for 
the crack growth per flight rate equation are calculated by applying a least 
squares fit procedure to the log {Aa/AF)j versus log (Kj) data plot. 

da/dF=Cj(K)'^ (19) 

Crack growth life is calculated in the third step of the damage accumula
tion scheme. The linear approximation method is applied to the crack 
growth rate per flight given by Eq 19 to calculate life over a prescribed crack 
length interval. 

Pieliminaiy Design Process 

APAS is a highly modularized program which performs a multistation 
analysis to synthesize components of box beam structures. Cover panels, 
spars, and ribs are synthesized in an analytical approach which accounts for 
the geometric details associated with construction concepts. The program is 
capable of evaluating any of the 12 different panel constructions shown in 
Fig. 2. Materials may be selected from a library data bank of properties for 
aluminum, titanium, and steel alloys or introduced in the input data. Pro
gram options provide the user with the choice of either analyzing the struc
ture, based on input element sizing definitions, or performing a redesign 
optimization within practical constraints of element sizes. The redesign 
optimization procedure is an iterative approach, starting with user-defined 
initial size estimates and progressing until a member of each symmetry 
grouping has a zero margin of safety. This process is initiated for static load 
strength design, followed by the analysis for fatigue life, crack growth, and 
residual strength criteria. 

Crack growth analysis is performed for each cover panel of the torque box 
section based on structural geometry, initial flaw size, inspection interval, 
and stress spectrum. Fracture mechanics material properties are accessed 
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from a program library. Crack growth characterization parameters employed 
in the modified Walker rate equation, in conjunction with the generalized 
Willenborg retardation model, and the Chang acceleration scheme were in
corporated in this material data library. 

The stress spectrum is generated within APAS based on a prescribed mis
sion profile and load factor/occurrence data together with the element 
stresses resulting from a set of reference external load conditions. The spec
trum is organized according to a predefined sequence and duration of flight 
segments. Each segment consists of subsegments or steps of minimum and 
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maximum stresses with the corresponding number of cycles that occur in one 
block of flights. Ground-air-ground (GAG) cycles are obtained by taking the 
maximum stress excursions between the peak in flight stresses and the 
ground condition stresses. Currently, load spectra data for the typical opera
tion of a medium range transport and a lightweight air-to-air fighter are 
stored in the APAS libraries. Alternative means are provided for modifying 
these spectra or for defining spectra for other aircraft missions. 

Evaluation of the Improved Crack Growth Analysis Module 

Within the operating framework of APAS, test cases were executed to 
compare the results from the initial crack-growth module (PROGRO) with 
those from the new module (PREGRO). Wing torque box structure for a 
transport aircraft and for a lightweight fighter were analyzed. These test 
cases were used to evaluate the predicted results due to spectrum and con
struction variations with emphasis on the assessment of crack growth load in
teraction effects. 

Transport Case 

The wing torque box for a four-engine jet transport aircraft was used to 
evaluate the impact of the improved crack growth prediction methodology on 
structural sizing and weight. Construction of the torque box was 2024-T62 
aluminum upper and lower covers with riveted 7075-T6 J-stringers and Ti-
6A1-4V ribs, spars, and spar caps. Stringer spacing was set at 15.24 cm (6 
in.) on the upper cover and 19.05 cm (7.5 in.) on the lower cover. The cross 
section at wing spanwise station 6(X) was used for evaluating the effects of 
strength and stability sizing, flaw growth analysis, and the redesign op
timization solution. Station 600 nodal coordinate data, section geometry, 
and cover element details are shown in Fig. 3. 

Four design loading conditions were input to define an envelope of 
strength requirements. These conditions were as follows: 2.5 g, positive 
maneuver; —\.Qg, negative maneuver; 2.0g, taxi; and 1.0g, level flight. 

The stress spectrum was derived from the program library flight segment 
and load factor/occurrence data for the operation of a typical medium-range 
transport aircraft. Reference load conditions used in the development of this 
spectrum were as follows: l.Og, taxi; \.Qg, flight with l.Oggust; \.0g, flight 
with 1.0^ maneuver; and \.Qg, landing impact. 

Two program operating modes were used to isolate the difference in 
predicted crack growth life associated with load interaction effects. One ap
proach was taken to obtain a measure of the effect on crack growth life, and 
the other to obtain the impact on structural sizing and weight. 

In order to obtain a measure of the differences in predicted life, APAS was 
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FIG. 3—Sample transport wing geometry. 
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-o 

± 

executed to obtain strength sizing details at Station 600. The strength sizing 
results were then input data to a second problem case in which only strength 
and crack growth analyses were performed. Based on this analysis, Panel 9 of 
the lower cover shown in Fig. 3 was the most critical element with the shortest 
crack growth life. A comparison of program results for Panel 9 is presented 
in Fig. 4 in the form of crack length versus flight curves. For those cases 
where no load interaction effects were considered, there was a negligible dif
ference in predicted life obtained from PROGRO and PREGRO. The incor
poration of load interaction effects resulted in an increase of 25 percent in 
predicted life. 

The design to crack grovrth life requirements was obtained by performing 
a redesign optimization. A 2.54 cm (1 in.) initial flaw size was chosen, and 
the inspection interval was set at 20 000 flights. Results of these cases are 
presented in Table 1. In Fig. 3 and Table 1, Panels 1 to 4 represent the upper 
cover. Panels 6 to 9 the lower cover, and Panels 5 and 10 the rear and front 
spars, respectively. Since the spars are primarily designed for shear loadings, 
no crack growth analysis is performed for Panels 5 and 10 in APAS. Max-

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



290 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

b . 7.5 in. 

2I4 

3rd s t i f f e n e r 

J . 

PREGRO 

(wi th r e t a r d a t i o n ) 

1st s t i f fener 

an ( i n i t i a l c r jck s i z e ) 

5,000 10,000 15,000 
F l igh ts 

J . 
20,000 25,000 

FIG. 4—Crack growth prediction for a transport spectrum, including overload retardation ef
fects. 

imum skin and stiffener spectrum stresses, critical initial flaw size, number 
of safe life flights, and the weight penalty for each of the cover panels are 
presented in Table 1. A structural weight penalty to the lower cover of 8.56 
percent was predicted by the PROGRO module. This penalty was reduced to 
1.99 percent as a result of the load interaction effects accounted for by 
PREGRO. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



CHANG ET AL ON CRACK GROWTH PREDICTION METHODOLOGY 291 

TABLE 1—Comparison of weight penalties for a sample transport wing design. 
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Fighter Case 

The wing for a contemporary lightweight fighter was selected to evaluate 
program process results for fighter spectrum and design parameters. The 
torque box construction for this fighter wing was a multirib design with 
2024-T62 integral blade cover panels and transverse angle-stiffened front 
and rear spars. The cross section at span wise station 21.64 was used to 
evaluate the results of the different crack-growth prediction modules. Figure 
5 presents the section geometry parameters at station 21.64. 

For this sample case, spectrum for a typical fighter air-to-ground mission 
was input to the program. Spectrum was introduced in the form of a random 
cycle-by-cycle stress history. 

Crack growth analyses were again performed by PROGRO and PREGRO 
program modules. Crack length versus flight curves resulting from the crack 
growth analysis of structure sized to strength requirements are presented in 
Fig. 6. As was the case on the transport wing, the critical crack growth loca-
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FIG. 5—Sample fighter wing geometry. 

tion occurred for the forward panel of the lower cover. Design to crack 
growth life requirements was based on initial flaw size of 1.27 cm (0.5 in.) 
with an inspection interval of 4000 flights. APAS results for the fighter wing 
at station 21.64 are presented in Table 2. The predicted weight penalty of 
18.05 percent to the lower cover by PROGRO is reduced to no penalty by 
PREGRO as a result of including retardation effects. 

Conclading Remaiics 

A crack growth life prediction approach which accounts for load interac
tion effects can be adapted for use at the preliminary design level in a fully in
tegrated operating mode. An efficient computerized scheme provides a 
means for including the impact of fracture mechanics requirements early in 
the preliminary design stage where configuration concept, construction, and 
material selection trades are made. The approach which accounts for load in
teraction effects ensures that excessive penalties are not imposed due to the 
omission of overload retardation effects. 
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TABLE 2—Comparison of weight penalties for a sample fighter wing design. 
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Fatigue-Life Prediction for Spotweld 
Using Neuber's Rule 

REFERENCE: Oh, H. L., "Fatigue-Life Prediction for Spotweld Using Neuber's Rule," 
Design of Fatigue and Fracture Resistant Structures. ASTM STP 761, P. R. Abelkis and 
C. M. Hudson, Eds., American Society for Testing and Materials, 1982, pp. 296-309. 

ABSTRACT: Neuber's Rule, which states that the theoretical stress concentration factor 
is equal to the geometric mean of the actual stress and strain concentration factors, is em
ployed to treat the inelastic behavior of material localized around the spotweld. The 
stress and strain concentrations estimated by the Rule are compared with published re
sults obtained by the finite-element method. Results show that comparable accuracy of 
stress-strain estimation can be obtained with Neuber's Rule at a negligible cost and 
effort. Treating residual stress as a prestressing of the spotweld and using Neuber's Rule 
to estimate the corresponding stress-strain concentration, fatigue life of a spotweld under 
constant-amplitude cycling is predicted. The predicted life is in agreement with pub
lished results. 

KEY WORDS: fatigue, spotweld, Neuber's Rule, stress-strain concentration, residual 
stress 

Sheet metals are frequently joined by spotwelds. These welds are "weak 
links" in a joined structure because they are sources of stress concentration 
and because they have undergone severe thermal history during welding. To 
ensure their fatigue integrity, it is usual to bench test them. This is, of 
course, costly and time consuming. Analytical methods can reduce the 
amount of testing by providing a model on which design iterations may be 
performed, the actual testing serving only as a verification. The purpose of 
this paper is to provide one such analytical method. 

Earlier work showed that the fatigue life of a spotweld is governed princi
pally by the strain concentration localized around the spotweld [I].2 It also 
demonstrated that the finite-element method is capable of estimating the 
strain concentration and predicting qualitatively the fatigue life. The present 

•Staff Research Scientist, General Motors Research Laboratories, Warren, Mich. 48090. 
2 The italic numbers in brackets refer to the list of references appended to this paper. 
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work proposes the application of Neuber's Rule for estimating the strain con
centration. The method is much easier to use and estimates strain with com
parable accuracy at a negligible cost. By treating residual stress as a pre-
stressing of the spotweld, the present work also shows that quantitative life 
prediction can be obtained. 

Analysis 

Neuber's Rule 

In loading a notched structural member, the highly stressed material is 
localized around the notch root. If material there remains elastic, the local 
stress, a, and the local strain, e, are in direct proportion to each other and to 
the applied nominal stress, S, and the nominal strain, e. The extent of stress 
concentration is usually defined in terms of the theoretical elastic stress con
centration factor K, = a/S = e/e. This factor is a constant for a given 
geometry and loading. When yielding occurs, the stress concentration factor, 
K„i = a/S), and the strain concentration factor, K^i^e/e), no longer stay 
constant. However, as shown by Neuber [2], the product of K„ and K^ re
mains a constant. This constant would be K,^ since both K„ and K^ are equal 
to K, in the elastic range. Thus the following formula, first proposed by 
Neuber and which now bears his name, holds: 

K,K, = K,^ 

Neuber's Rule has been used successfully to estimate local stresses and 
strains at critical locations of notched members. It is now an accepted basis 
for analytical and experimental fatigue life prediction of notched numbers 
[3-5]. 

In applying Neuber's Rule to fatigue problems, K„ and K^ are written in 
terms of ranges (that is, peak-to-peak changes) of stress and strain as 

ll)(ir)=-.^ 
or in an alternative form as 

{AaAey^^=K,{ASAey^^ (1) 

where a quantity prefixed with the symbol A denotes the range of that quan
tity. Since for a given loading and geometry, the right-hand side of Eq 1 is 
known, this alternative form of Neuber's Rule provides one relation between 
the two unknowns Aa and Ae. Also, Ae is related to Aa through the material 
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stress-strain behavior. The two relations, Neuber's Rule and material stress-
strain law, completely determine ACT and Ae. Thus, using the cyclic stress-
strain relation widely accepted for fatigue problems. 

Ae = 
ACT 

E + 2 
ACT 

IK' 

i/V 
(2) 

and substituting into Eq 1, one obtains an expression relating local stress 
range ACT to the applied nominal stress range A5 and A", from which ACT may 
be solved for 

(ACT) 1/2 E ^ \2K' 
1/1' 1/2 

= K,{AS) 1/2 
AS ( AS N'̂ "'" 
E \2K' 

1/2 
(3) 

where E, K', and rj' are material properties. The value of ACT SO obtained is 
then substituted back into Eq 2 to solve for Ae. 

So far, Neuber's Rule has been applied to notch fatigue problems only. 
And rightly so, because of the predominance of notch problems and because 
the mathematical basis of the rule derives from an analysis of notch. 
Whether a mathematical basis exists for applying the rule to spotweld re
mains to be established. However, critical strain estimated with Neuber's 
Rule in this work is in close agreement with results obtained by the finite-
element method in Ref /. This close agreement is taken as the basis for ap
plying Neuber's Rule to predict fatigue of spotweld. 

Model of the Spotweld 

To implement Neuber's Rule, Eq 3, K, of the spotweld is needed. This is 
obtained from an elastic stress analysis of the spotweld. For this purpose, the 
spotweld is modeled as shown in Figs. 1 and 2. Figure 1 shows the spotweld 
fatigue specimen; Fig. 2 shows the model for one of the two plates. Com
pared with weld diameter, the specimen plate length is relatively long, and is 
therefore assumed infinite in the model to simplify the solution. Load is as
sumed transmitted from one plate to another as a shear force uniformly dis
tributed over the weld area. This shearing force is balanced at one end 
{x = — oo) by the load. At the other end (x = + oo) and along the two edges, 
boundary conditions are stress free. This model is and has been purposely 
kept identical to that in Ref / so that a consistent comparison of critical 
strain can be made. The only difference is that the plate length in Ref 1 is 
taken as Va times the plate width. According to Ref 6, this difference would 
yield less than 1 percent difference in stress. 

An elastic stress analysis of the model was performed, details of which may 
be found in the Appendix. From this analysis, one obtains the K, of the 
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FIG. 1—Spotweld fatigue specimen. 

Y,V 

i f 2 -x,f 

FIG. 2—Mathematical model and coordinate system used in the stress analysis of spotweld. 
Dimensions are in units of spotweld radius. 

spotweld necessary for the implementation of Neuber's Rule, Eq 3. The re
sult depicting the variation of /T, with the ratio of plate width and weld 
diameter is shown in Fig. 3 for Poisson's ratio = 0.30. 

Fatigue-Life Prediction 

To predict fatigue life, Nj, the strain-range fatigue-life relation of the 
material is used: 

At 
2 ^ ^ ^ KlNj)" + e/{2NjY (4) 

where b, c, a/ and e/ are fatigue properties of the material; Ae is the local 
strain range; and a^ is the local mean stress. The latter two quantities are 
estimated as described below. 

To estimate the local strain range, Ae, the nominal applied stress range, 
AS, is taken as 
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AS = 
tH 

P 
Po K, 

(5) 

where for the present study of zero to tension cyclic loading, P is the load am
plitude which is also the load range; PQ = {tHay/)/K, is the load level at 
which incipient yielding occurs at the critical site; and t, H, and Oy/ are as 
defined in Table 1. Substituting the expression for AS into Eq 3 and dividing 
both sides of the equation by E^^^ yields 

Aff\ 

E ) 

1/2 Aa 
+ 2 

Aff 

2K' 

' P 

\ i / V 

) 

<fys'^ 

1/2 

1 + 2E 
Po K, 

1/,'-

2K' 

1/7,' 1/2 
(6) 

For a known load and geometry, P/PQ and K, are known. The preceding 
equation may therefore be solved for local stress range ACT and consequently 
for local strain range Ae from Eq 2. 

In this study, the local mean stress, Og, includes the effect of both the 
nominal applied mean stress and the residual stress from welding. It is 
known that the residual stress, predominantly tensile, adversely affects the 
fatigue life of spotweld [7]. This effect is incorporated into Og calculation by 
treating the residual stress as a mechanical prestressing of the material 

5.0 _, 

S 4.0 _ 

3 3.0 
2 

2.0 _ 

1.0 

1.0 3.0 
1 

5.0 
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7.0 
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9.0 
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FIG. 3—Variation of Kt with the ratio of plate width and weld diameter. 
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TABLE 1—Data used in fatigue-life estimate of spotwelds by Neuter's Rule. 

Geometry 
Spotweld diameter, d 
Plate width, H 
Plate length, L 
Plate thickness, t 
Theoretical stress concentration factor, K, 

Material Properties 

Monotonic 
Young's modulus, E 
Poisson's ratio, v 
Yield strength, Oy, 

Cyclic 
Yield strength, 0.2 percent, Oys' 
Strain hardening exponent, ij' 
Strength coefficient, K' 

Fatigue 
Fatigue strength coefficient, a/' 
Fatigue strength exponent, b 
Fatigue ductility exponent, c 
Fatigue ductility coefficient, e/' 

7.87 mm 
3d 
infinite {4d 
1.91 mm 
1.86 

HSLA Steel 

194 GPA 
0.3 

564 MPa 

558.5 MPa 
0.134 

1248 MPa 

1055 MPa 
-0.080 
-0 .53 

0.21 

inRef/) 

Mild Steel 

194 GPa 
0.3 

270 MPa 

234 MPa 
0.12 

476 MPa 

607 MPa 
-0.099 
-0 .40 

0.125 

localized around the spotweld. Thus, following the suggestions in Ref 8, the 
residual stress is taken equal to Oy,, the monotonic yield strength of the base 
metal, and by elastic superposition, added as an equivalent remote stress, 
Oys/K,, to the remotely applied stress range AS; that is, the nominal applied 
stress range on the first reversal is taken as 

A5' = "ys 
+ 

"ys 

Po K, K, 
(7) 

and on subsequent reversals, as that shown in Eq 5. The first reversal estab
lishes the value an,ax> as illustrated in Fig. 4, and subsequent reversals es
tablish the range Aa. The local mean stress, Oo, is given by 

ACT 
(8) 

Results 

Firstly, we compare the critical local strain at the weld as estimated by 
Neuber's Rule with that obtained by the finite-element method (FEM). As 
indicated in Ref / and confirmed in the Appendix, the critical point is along 
the plate centerline, on the weld periphery, and at the trailing end of the 
shear force at the weld. Strain at this point is estimated through Neuber's 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



302 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

A<TAe = K,AS Ae 

FIG. 4—Schematic of local stress-strain response illustrating the influence of residual stress 
on local mean stress. 

Rule by first solving Eq 6 for Aa for a given load level P/PQ and substituting 
into the following equations to calculate the various components of strain: 

elastic Ae = 
Aa 

plastic 
. _^, Aa ^l'''' 

total A — '^<^ J . T f-^ 
1/1' 

geometric mean A€,A6 
1/2 -w f-K-^^'"' 1/2 

The geometry and material properties used are listed in Table 1. Except 
where noted, these are the same data used in the FEM analysis in Ref /. 
Comparison of strain estimated by Neuber's Rule and by FEM for the HSLA 
steel is given in Fig. 5. The curves are FEM results reproduced from Fig. 11 
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• o • X NEUBER'S RULE ESTIMATION 

FEM ESTIMATION 

0,005 0,01 0,015 0,02 

STRAIN 

0,035 

FIG. 5—Elastic, plastic, total, and mean strain at the highest-stressed location. 

of Ref / . The symbols are strain values estimated by Neuber's Rule. Note 
that from Eq 5, P/PQ = 1.0 corresponds to the load level at which incipient 
yielding occurs at the critical site; and P/PQ = K, = 1.86 corresponds to 
load level at which gross yielding begins. P/PQ = 2.7, which corresponds to 
10^ cycles fatigue life, is about the upper design limit of load. Thus one 
observes from Fig. 5 that Neuber's Rule coincides with FEM analysis up to 
gross yielding and differs by at most 6 percent in strain within the load range 
of interest. 

The plotting of load range versus geometric mean strain, P/PQ versus 
(AfgAe)'̂ ^, was originally intended in Ref / to show the limitation of 
Neuber's Rule. The deviation of the curve from the dotted straight line with 
increasing load was interpreted as a departure from Neuber's Rule because, 
if the rule holds, P/PQ versus (Ae^Ae)'̂ ^ should plot as the dotted straight 
line. This is, of course, a correct but limited interpretation of Neuber's Rule, 
as may be seen from Eq 6. The left-hand side of Eq 6 is the expression for 
geometric mean strain. In the right-hand side, if the nominal applied stress 
range, A^, is limited to the elastic range, the nominal plastic strain is zero 
and the second term inside the bracket is negligible compared with unity. 
Thus geometric mean strain would indeed be linearly proportional to load 
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level P/PQ. However, as gross yielding begins, the nominal elastic strain de
creases with increasing load at the same time the nominal plastic strain in
creases rapidly. The second term in the bracket becomes comparable to 
unity, and the geometric mean strain deviates rapidly from linear proportion 
with load. In other words, the deviation of geometric mean strain from 
linearity with load should not be taken as a limitation but as a logical exten
sion of Neuber's Rule. 

Having demonstrated the accuracy of Neuber's Rule for estimating critical 
strain, we now show that fatigue life can be predicted accurately as well. 
Figure 6 shows in symbols the observed fatigue lives of mild steel spotwelds; 
and Fig. 7, of three HSLA steels. These data, which are reproduced from Ref 
/, are observed lives of spotweld specimens pulled cyclically at 25 cycles per 
minute from zero to a tensile load P with mean load of 0.5 P. Shown as dot
ted curves in the figures are predictions by Neuber's Rule with no residual 
stress. These predictions, which coincide with those obtained by FEM in Ref 
/, are consistently higher than the observed values. They were brought into 
agreement with observations in Ref / by multiplying by a reduction factor 
(0.174 Tdta/). There is no physical basis for the introduction of this factor 
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FIG. 6—Predicted and observed fatigue life of mild steel spotweld. 
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other than that it is dimensionally correct. In this paper, however, the predic
tions are brought into agreement with observations in a natural way by 
recognizing the effect of residual stress from welding and treating it as a me
chanical prestressing of the spotweld. Thus, incorporating the effect of 
residual stress into the local mean stress Cg through Eqs 7 and 8, and substi
tuting into Eq 4, fatigue lives are predicted satisfactorily, as shown by solid 
curves in Figs. 6 and 7. 

Conclusions 

(/) Neuber's Rule, widely used for predicting strain in notches, is also 
applicable to spotwelds. 

(2) Compared with FEM, Neuber's Rule is much easier to use for esti
mating strain concentration. The accuracy is comparable; the cost and effort 
are negligible. 

(J) The roles of factors affecting strain concentration are seen more 
clearly with Neuber's Rule in a formula than with FEM in numerical values. 

30 

20 
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X _L 
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CYCLES TO FAILURE 
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FIG. 1—Predicted and observed fatigue life of HSLA steel spotweld. 
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(4) Neuber's Rule, used in conjunction with the material strain-range 
fatigue life relation, can predict the fatigue life of spotweld in the presence of 
residual stress. 

APPENDIX 

Determination of the Theoretical Stress Concentration Factor in a Spotweld 

The mathematical model of the spotweld is the same as that described in Ref /, ex
cept that the plate length is infinite instead of 'Va times the plate width. According to 
Ref 6, this difference would yield less than 1 percent difference in stresses. Figure 2 
shows the model and the coordinate system used in the analysis. Load is transmitted 
as uniform shear force of intensity, q. over the weld area. This shearing force is 
balanced at one end (x — — oo) by the load P — vd^q/A. At the other end (x — + oo) 
and along the two edges, boundary conditions are stress free. 

Using the coordinate system shown in Fig. 2, the solution for a force q acting at a 
point (^, 1)) in an infinite strip was given in Ref 6. Formulae from there pertinent to 
the present problem are: 

\mys 5 — (s + mhc)C\ 
2i . ,. (5i + Bi) sin mU - i)dm 

. m^sc + mh) 

IOO 

{hs C — ycS) 
^——^——{Bi' + B2')smm(x-0dm 

. m(sc + mh) 

X = Xo + X5 + X6 + X 

where x is the stress function which satisfies equations of the system and the boundary 
conditions. The component xo 's the stress function for a point force in an infinite 
plate, xs and X6 ̂ re components which annul the stresses along the edges to give the 
solution for the strip, and x removes stresses at the end x = +oo so that the point 
force is balanced by stresses at x = — oo alone. In the above equations, the following 
notations were used: 

r = [ ( x - ? ) 2 + ( j^- , )2] i /2 

d = t a n " ' 

\i = Poisson's ratio 

h — strip half-width 

s = sinh mh 
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c = cosh mh 

S = sinh my 

C = cosh my 

B, = 

Bn = 

m(h - 1]) — 
1 - V 

1 + V 

m(h+r,)-{j^ 

g—m(h — -q) 

g—m(h + ri) 

B{ = -Bi + g-^fA-i) 

B2' = -B2 + «-'"<*+•') 

m = a dummy variable of integration 

Expressions for stresses due to the point force are obtained from x by differentiation: 

Integrating the above expressions with respect to r; and J over a circular area of unit 
radius gives the stresses due to a uniform shear force of intensity q over a unit circle. 
After much simplification, these are: 

i}-^izz2 dy 

qx(b + v) vq_ q(\ + v) 
8 '^ Ah'^ 4 + -77- H :; 1 (mysS + sC — mhcC)F\ sin mx dm 

g(l + 1̂) 
(mhsC — 2cC — mycS)F2 sin mx dm 

"yy 

1 pVTV" 

dx^ 
didi) 

1 •i-yll—,,'^ 

qx(\ - 2v) , q(\ + v) 
+ (sC + mhcC — mysS)F\ sin mx dm 

0 

H 7 I (mhsC — mycS)F2 sin mx dm 
Jo 

vrv" dh 
1J -vi^;^ ^̂ Ĵ-

d^dv 

qy{3 - 1;) g ( l + u) , , „ J. c \ r J 
^ + 7 I (mysC — mncS )r 1 cos mx dm 

Jo 

2 I (mhsS — mycC — cs)F2 cos mx dm 
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where 
mh — 

F,= 

Fj = F, 

(1 - t') 

(1 + ") 4 
-mh 

sc + mh 

-mh 

* SC -\- mh 

Principal stresses ai, 02 and effective stress a^ may now be calculated: 

.,„,=(̂ )4(̂ %(,„,= 1/2 

11/2 

Taking the nominal applied stress to be 5 = P/2h = irq/2h. Fig. 8 shows the dis
tribution of the normalized stresses aj /S, 02/S, and Og /S on the circumference of the 
weld for plate width three times the weld diameter. One sees that the critical location 

2.0^ 

-I.OL 

FIG. 8—Stress distribution on the weld circumference. 
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is at e = 180 deg; that is, x = -1.0, y ^ 0. The theoretical stress concentration fac
tor at this critical point is: 

- l l /2 

where 

9 ~ q 

"2 _ "yy 

" • 1 — 

2h 

(5 + v) 
8 

( 1 - 3 

2/1 
•jr m^m-im. 

'^~n^~ 4 I(* ~ mhc)Fx — (mhs — 2c)F2\smmdm 

<>2 _<'yy _ (\-2v) ( 1 + u ) f",^ , . xr. , i r 1 • ^ 
~ ——r—= g 2— [(s + mhc)Fi+ mhsF2]smmdm 

Jo 

The variation of /iT, as a function of h is shown in Fig. 3. 
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Critical Failure Modes in 
Cracked Mechanically Fastened 
Stiffened Panels 
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Mechanically Fastened Stiffened Panels," Design of Fatigue and Fracture Resistant 
Structures, ASTM STP 761, P. R. Abelkis and C. M. Hudson, Eds., American Society 
for Testing and Materials, 1982, pp. 310-327. 

ABSTRACT: Conventional residual strength analysis of complex panels is founded on 
the principles of linear elastic fracture mechanics. Rigorous application of linear analysis 
techniques combined with failure criteria of ultimate stress capability and critical stress 
intensity factor results in the conclusion that there exist three potential panel failure 
modes: (1) skin failure, (2) stringer failures, and (3) fastener failure. Such analysis is in 
good agreement with test observations for cases involving limited damage. However, for 
cases where extensive damage exists in the skin element, one or two bay skin crack, linear 
elastic considerations can result in erroneous conclusions of failure mode and residual 
strength capability. Elasto-plastic finite-element analysis was conducted; this accounted 
for the plastic deformation capability of all elements. Crack configurations studied in
clude unstiffened sheet, stringer stiffened sheet with all stringers intact and with center 
stringer broken. Effects of variations in material, stiffening ratio, and fastener flexibility 
on failure modes of stiffened panels were investigated. The results show that in all cases 
skin failure is always the critical failure mode. 

KEY WORDS: cracks, elasto-plastic analysis, failure modes, finite element analysis, 
fracture mechanics, residual strength 

Mechanically fastened stiffened skin structure comprises the overwhelm
ing majority of the external surface on existing transport aircraft and gives 
promise of continued widespread application. Damage tolerance analysis 
which requires the definition of residual strength capability of such structure 
has been accorded increased attention under the stimulus of civil and 
military structural integrity certification requirements. 

'Senior Specialist Engineer and Principal Engineer, respectively, Advanced Airplane Branch, 
Boeing Military Airplane Company, Seattle, Wash. 98124. 
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Residual strength analysis of stiffened skin structure is predicated on the 
principles of linear elastic fracture mechanics. The criterion for failure of a 
cracked skin is given by 

K > K„ (1) 

where K„ is the critical stress intensity factor for the skin material, and K is 
the skin stress intensity factor. The skin stress intensity factor is obtained 
from 

K = /Trem + ^stiff (2) 

where K^em is the crack driving force due to remote loading, and Kg^Yn is the 
crack restoring or driving force from the reinforcing elements (stringers). 

Closed-form solutions for K^^^ as a function of remote load, and for Â stiff 
as a function of fastener transfer loads have existed in the literature since 
1969 [1].^ Thus the problem may be considered solved when fastener transfer 
loads are defined, and all analytical procedures devolve into attempts at 
definition of the unknown fastener loads. 

Earlier analytical attempts at definition of fastener transfer loads involved 
modeling of the skin and stringer behavior as purely elastic, with rigid 
fasteners [/]. As a result, stringer and fastener loads are overstated and the 
potential for their failure is perceived. Close attention to these results has led 
observers [2] to predicate three potential primary failure modes: {1) skin 
failure, (2) stringer failure, and {3) fastener failure. Later analytical at
tempts incorporate the elasto-plastic behavior of the skin and stringers with 
elastic fasteners [3]. While this has the result of reducing stringer and 
fastener loads to more realistic levels, the appreciation of three potential 
failure modes persists. 

Results of tests conducted in-house to define the elasto-plastic behavior of 
all panel elements (skin, stringer, and fasteners) in conjunction with analysis 
of panel test results have led to the conclusion that the skin is always the 
critical element. It will be shown that the inherent plasticity exhibited by air
craft materials used for stringers and fasteners make the potential for their 
failure remote. 

Strain Capability of Stringeis 

Aluminum alloys used for stringer material exhibit ultimate stram 
capabilities of 9 to 14 percent in the unnotched condition [4]. While this 
amount of strain is sufficiently large to preclude stringer failure prior to skin 
failure, the existence of fastener holes reduces stringer ultimate strain 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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capability to a fraction of the unnotched value. (Typical stringers have 3 to 10 
percent "hole-out" for fasteners.) 

Vlieger [5] has presented procedures for predicting ultimate strain 
capability of notched stringers. However, this procedure requires empirical 
data for solution. A simplified procedure, based on engineering fundamen
tals and material unnotched stress-strain properties, for the prediction of 
notched stiffener ultimate strain capability is herein presented. 

The stringer is idealized as a strap of width W, with holes of diameter D, at 
pitch p (Fig. 1). The strain in the cross section not affected by holes is 

E 7 E \a„ 
(3) 

where Og is the remote stringer stress, and a„ and n are parameters of the 
Ramberg-Osgood material description (Fig. 2). For the strain in the cross 
section affected by the holes it is assumed that the remote stress, Og, in Eq 3 
can be replaced by a constant net section stress expressed as 

ff„et = ô g/Cl ~ acosS) 

where a is the hole-out value defined by 

(4) 

a = D/W (5) 

FIG. 1—Stringer geometry. 
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FIG. 2—Example of material stress-strain curve. 

and 0 is as defined in Fig. 1. Thus the strain in the hole-out affected cross 
section is expressed as 

' ' ' - E ^ 7 E y a„ 

The stringer displacement, v, over one fastener pitch can now be approx
imated by 

where 

and 

V = Vc + 2 Vfl 

V, = {p -D)e, 

D 
ir/2 

vo = Y eocosede 

(7a) 

(76) 

(7c) 

Strains ê  and £/> are expressed by Eqs 3 and 6. 
Finally, stringer strain, £SXR. including the effect of hole-out, is given by 

esTR — v/p (8) 

Tests were conducted on 7075-T651 and 2024-T3511 stringers with hole-
out values of 6 to 20 percent. The results of these tests are shown in Table 1. 
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They are compared with predictions made using the developed procedure 
(Eqs 7 and 8) and typical material properties from MIL-HDBK-5C [4]. The 
predictions correlate reasonably well with the experimental results. These 
strain capabilities are not in themselves adequate to preclude stringer failure. 
They do provide relief, however, and when combined with fastener plastic 
strain capability effectively preclude stringer failure. 

This procedure may also be used to develop the effective moduli for 
stringers with hole-out. Using the Ramberg-Osgood material description the 
tangent modulus can be expressed as 

£/T — 
3 n , - l 

(9) 

where ffoe and n^ must be derived from the basic material parameters a^ and 
n and hole-out a. This can be accomplished using 

3(a,)«. 

7E s(ag, a) - — 

i l /n - 1 

(10) 

tvhere 

s{ag,a) = 
ir/2 

eo(o^g. a)cosddd (11) 

and eo is given by Eq 6. Since only two parameters can be determined in Eq 
10, it is obvious that a best fit for Oge and «<, must be obtained. 

This procedure was used to develop the effective moduli for the 2024 and 
7075 stringers used in the following analyses. 

Displacement Capability of Fasteners 

Mechanical fasteners provide a source of plastic deformation capability for 
relief of stringer loads. Early panel residual strength analyses assumed rigid 
fastener behavior [/]. Later analysis [3,6] included the effects of elastic 
fastener behavior to failure. Sanga [7] included the effects of fastener 
plasticity, and Vlieger [5] has presented a procedure for calculating fastener 
ultimate strain capability with the assistance of empirically derived pa
rameters. 

Recently, in-house studies were initiated to define elastic flexibility and 
ultimate deformation capability of commonly used aluminum and titanum 
fasteners (rivets and bolts) in aluminum substrate. Specimen geometry is 
shown in Fig. 3. Flexibilities derived from these tests were in good agreement 
with the results of predictions made using the equation presented by Swift in 
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EXTENSOMETER 
pTWO SPECIMENS TESTED 

SIMULTANEOUSLY 

<y- V ̂ b <y 

FIG. 3—Fastener flexibility test setup. 

Ref 6. No systematic trend could be discerned in these test results, because 
substrate or fastener material, or both, were varied. Aluminum rivets of 
2017, 2024, 2117, and 7050 alloys combined with 2024, 2324, and 7150 
substrate produced results with no discemable differences. No explanation 
for these observations is readily apparent, but they are believed to be at least 
partially owing to the limited population of data. 

Fastener flexibilities used in the analyses described later are as defined by 
Figs. 4 and 5. The ultimate displacement capabilities of fasteners shown in 
these figures are not intended as quantitatively definitive. Rather, they are 
indicative of the order of magnitude of the plastic deformation characteris
tics of mechanically fastened joints. It may be noted that this deformation is 
significantly larger than would be anticipated as a result of elastic considera
tions, and is of sufficient size to significantly reduce the potential for stringer 
failure. 

Sheet Displacements 

Sheet displacements in the vicinity of the crack tip have been expressed as 
(for plane stress): 

_ A; & 
~ E AJX sm-

e 2 - ( l +J ' )COS2Y (12) 

This implies that sheet displacements in the near field are a function of K. It 
is to be noted that this familiar expression is subject to two important limita
tions: (/) it is valid only for linearly elastic materials; and (2) it is valid only 
in the near vicinity of the crack tip. 
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FIG. 4—Aluminum rivet flexibilities. 
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FIG. S—Titanium bolt flexibilities. 

A typical error associated with Eq 12 for 

r = a/10 

can be as much as 15 percent depending on 6. However, aircraft metallics ex
hibit considerable plasticity at applied stress levels considered for residual 
strength, which negates the utility of Eq 12 for definition of displacements. 
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In order to define displacements in a cracked sheet, elasto-piastic finite-
element analyses for unstiffened sheet were conducted. For these analyses, 
semicrack lengths of 15.2 and 25.4 cm were selected as representative of 
cases of interest for transport aircraft with like stringer spacing, and a two 
bay skin crack centered on a stringer. Two materials were selected for the 
analyses: 2024-T351 plate and 7075-T651 plate. It is believed that these 
materials represent the bounds of material properties encountered. The 2024 
alloy combines high toughness, K„, with high ductility (that is, low value of 
F,y/F,u), whereas the 7075 alloy combines low toughness and low ductility. 

Results for the 2024 and 7075 materials are shown in Figs. 6 and 7, respec
tively. Sheet displacements, v, are shown in the vicinity of the crack tip along 
a line y = 2.54 cm for several levels of stress intensity factor. The rationale 
for display of the displacement, v, at the location selected follows: Typical 
fastener pitch, p, for stiffened structure ranges from 1.50 to 3.50 cm. Owing 
to compatibility considerations, stringer displacements at fastener locations 
are equal to the difference between sheet displacement and fastener displace
ment. (Fig. 8). Also, Sanga [7] has shown that fastener displacement within 
a given stringer location and in the near vicinity of a crack is not strongly 
dependent on fastener location, y. Thus it is reasoned the most critical case 
for stringer failure would be that of a crack running through a fastener loca
tion with an active crack tip. This condition may be envisioned as arising as a 
consequence of a skin crack propagating into a fastener hole under the in-

V 
Imm] 

20 

15 

10 

o L _ ^ 
Xlcml 

FIG. 6—Unstiffened sheet displacements (2024-T3I. 
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FIG. l^Unstiffened sheet displacements (7075-T6) 
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FIG. 8—Compatibility of displacements. 

fluence of flight loads, and reinitiating at the far side of the hole prior to ap
plication of residual strength load. 

It may be observed from Figs. 6 and 7 that the ultimate strain capability of 
stringers with hole-out is insufficient to lead to the conclusion that stringers 
will remain intact at loading conditions leading to skin criticality. In order to 
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appraise the potential for stringer failure it is necessary to address fastener 
displacement and crack closing action in the sheet due to transfer of loads 
from skin to stringer. This can only be accomplished by elasto-plastic 
analysis involving all elements of the structure. Figure 6 shows that the 
shorter crack length configuration in 2024-T3 material produces larger 
displacements in the vicinity of the crack tip for the same levels of stress in
tensity factor. The opposite is true for the 7075-T6 material (Fig. 7). Further 
analysis is conducted using the shorter crack configuration, since it presents 
a more widely used stringer spacing. 

Analysis of Stiffened Skin Structure 

As mentioned previously, elasto-plastic analysis of stiffened skin structure 
was conducted only for a stringer spacing corresponding to the 15.2 cm 
semicrack length. These analyses utilized a two-dimensional fine grid finite-
element model (no out-of-plane bending) to determine fastener transfer loads 
and deflections and stringer loads and deflections. Finally, sheet stress inten
sity factor, K, was determined using 

K^a^f^- E diPii (13) 

where 

Cjj = influence coefficients (for example, Refi) , 
Pij = fastener loads from finite-element analysis, 

i = 1, 2, 3, . . . , stringer number, and 
j = 1, 2, 3, . . . , fastener location. 

In all cases skin cracks were centered at a stringer location and cases involv
ing intact and fractured central stringers were addressed. 

Intact Central Stringer Case 

Analyses of two bay skin cracks centered over intact central stringers were 
conducted using the following structural parameters: (!) 2024 and 7075 
material, (2) 0 and 10 percent hole-out in stringer, (J) 100 percent stiffening 
ratio, and (4) aluminum fasteners. 

Stiffening ratio is defined by 

area of stringer 
M = (14) 

skin gage X stringer spacing 

The results of these analyses are shown in Fig. 9. Superimposed on the 
plots of stringer strain as a function of K are levels of stringer ultimate strain 
capability (Fig. 10), which were determined using the procedure developed. 
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from yield to failure. However, hole-out has a significant impact on stringer 
ultimate strain capability (Fig. 10). 

It can be seen that within the range of structural parameters normally en
countered in aircraft structure, similar skin and stringer material, stringer 
failure is improbable. One could also infer that a combination of very tough 
2024 skin material iK„ = 165 MN/m-'^^) with 7075 stringers and 10 percent 
hole-out could result in central stringer failure. Such combinations are not 
used in-house, but should be investigated further. 

It is reasonable to question the conclusion that the potential for initially 
perfect stringers to fail is remote, since other stiffening ratios (lower) or use 
of stiffer fasteners (steel or titanium) could increase stringer strains relative 
to sheet displacements and enhance the potential for stringer failure. 
However, further analysis was not deemed warranted for the intact stringer 
case. The reasoning was as follows: 

The rigorous application of military and commercial damage tolerance 
specifications, MIL-A-83444 [8] and FAR 25.571 [9], require the considera
tion of damage at multiple sites. If a skin crack has propagated to a 
semilength equal to a stringer spacing, a stringer crack originating at the 
same location will propagate to a length sufficient to cause stringer fatigue 
failure under normally encountered flight loads. Thus, it is reasonable to 
consider the case of a two bay skin crack centered over a broken central 
stringer as the condition of real concern. 

Fractured Central Stringer Case 

Analysis of two bay skin cracks centered over a fractured central stringer 
were conducted to assess the potential for crack tip stringer failure under 
various panel configuration variables. The variables studied were: (7) 2024 
and 7075 material, (2) crack tip stringer location, (J) stiffening ratio, (4) 
fastener material, and (5) 0 and 10 percent hole-out in stringer. The crack 
tip stringer is considered as critical for this crack configuration, since 
stringer failure would certainly lead to panel failure. 

To constrain the analytical effort to reasonable levels the following hierar
chy of studies and variables was established: 

U) The impact of crack tip stringer location was assessed. For these 
studies a stiffening ratio of 100 percent, aluminum fasteners, and hole-out 
values of 0 and 10 percent were used. The two tip crack stringer locations ad
dressed were x = a and x — 0.857a, since these locations are variously 
reported to result in the highest panel residual strength. 

(2) After selecting the most critical crack tip stringer location (x = 
0.857a) from (/) above, the impact of a change in stiffening ratio from 100 to 
50 percent was assessed. It was anticipated that the lower stiffening ratio 
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would result in a greater tendency to stringer criticality, and 50 percent stiff
ening was selected as the minimum reasonably encountered. 

(3) After selecting the most critical crack tip stringer location {x = 
0.857a) and a stiffening ratio of 50 percent, analyses were conducted to 
assess the impact of fastener material on stringer criticality. Aluminum and 
titanium fasteners were addressed. 

In all analyses the impact of stringer hole-out was investigated. As stated 
previously, this had negligible impact on stringer strains; however, it does 
have a significant impact on stringer ultimate strain capability and panel K 
required for stringer failure. 

The results of all three studies for the 2024 skin and stringer combination 
are shown in Fig. 11, and the results for the 7075 combination are shown in 
Fig. 12. Superimposed on each figure are the stringer ultimate strain 
capabilities for a 10 percent hole-out value. It may be seen that even at the 
more optimistic levels of critical stress intensity factors for the two sheet 
materials studied (for example, Ka = 165 MN/m^^^ for 2024 and K„ = 82 
MN/m^^^ for 7075) stringer failure is not possible. 

In the event that it is desired to assess the potential for failure of a 7075 
stringer on 2024 sheet it would be possible to transfer the stringer strain 
cutoff value (£„]( = 0.020) from the 7075 material combination plot to the 
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FIG. 11—Maximum stringer strain-broken stringer (2024-T3I. 
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fasteners, because their elasto-plastic behavior is not at present fully defined. 
It is surmised, upon evaluation of results with aluminum and titanium 
fasteners, that use of steel fasteners with 7075 stringers would increase the 
probability of stringer failure, especially when used in conjunction with high-
toughness sheet. When test data defining the elasto-plastic behavior of steel 
fasteners become available, further analyses should be conducted to assess 
their impact on possible stringer criticality. 

Additionally, a method for determining effective stringer moduli and 
ultimate strain capability has been determined from basic material proper
ties. 

These conclusions pertain to cases where the crack-tip stringer is in an in
itially perfect condition. More parametric analysis should be conducted to 
provide procedures for quickly determining the level of strain in the crack 
tip-stringer. Corresponding stresses may then be used to evaluate the 
criticality of a cracked crack-tip stringer. 

All analyses were conducted without consideration of eccentricity. To the 
knowledge of the authors only one work is reported in which controlled tests 
[2] have been conducted to determine the effect of eccentricity on stiffened 
panel residual strength. Vlieger presented test results of nominally identical 
panels with the exception that some were stiffened by a pair of straps, one 
riveted to each surface of the skin material, and some had zee-stiffeners at
tached to one surface only. In these tests no significant difference in failure 
load was observed. These results indicate that eccentricity is of secondary im
portance and may be ignored. More work is recommended to fully define the 
importance of eccentricity in cracked stiffened panel behavior. 
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DISCUSSION 

T. Swift^ (written discussion)—Two statements made in the subject paper 
irequire comment. These statements are {1) skin is always the critical ele
ment; and (2) the effects of stiffener eccentricity are of secondary importance 
and may be ignored. Consider Statement 1: It has been shown by elastic-
plastic analysis supported by tests that for some geometrical configurations 
stiffened panel failure can be precipitated by fastener failure. Swift̂  cites a 
case where the residual strength of a panel containing a two-bay crack with a 
broken central stiffener was limited by outer stiffener to skin fastener failure. 
In this test the fasteners in the two outer stiffeners failed in shear over the en
tire length of the panel, thus precipitating panel failure. Elastic-plastic 
analysis based on the displacement compatibility approach, which accounts 
for fastener nonlinear shear displacement and stiffener eccentricity 
(bending), predicted this failure mode and stress level. This result is also 
published in Swift.-' A certain degree of caution should therefore be exercised 
before discounting fastener failure as an important mode. 

Consider Statement 2: It is noted that stiffener eccentricity was not included 
in analysis in the subject paper and yet it was concluded to be unimportant. 
Tests of Vlieger'' were cited as evidence but Vlieger himself, in this reference, 
states "that the load carrying capacity of the eccentrically stiffened sheet is 
clearly lower than that of a sheet with symmetric strip stiffeners with the 
same cross sectional area". It is also noted that the stiffeners in Vlieger's 
tests were closely spaced, thus minimizing load transfer effects. Stiffener 
bending caused by eccentricity was considered by Swift and Wang^ using 
finite-element analysis for both longitudinal and circumferential crack con
ditions in fuselage structure. Figure 14 of this reference illustrates that con
siderable bending exists in the two outer stiffeners for a two-bay crack condi-
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ministration, Washington, D.C. 

^Swift, T., "Damage Tolerance Analysis of Redundant Structures," in Fracture Mechanics 
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taining Cracks," in Practical Applications of Fracture Mechanics. AGARD-AG-257. 

"Vlieger, H., "Residual Strength of Cracked Stiffened Panels," NLR Report NLR-TR-
71004U, 1971. 

'Swift, T. and Wang, D. Y., "Damage Tolerance Design-Analysis Methods and Test 
Verification of Fuselage Structure," AFFDL-TR-70-144, 1970. 
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tion. Figure 51 of the same reference shows strain gage data correlated with 
analysis which illustrates the effects of stiffener eccentricity. Figure 33 in 
Swift̂  also shows strain gage data correlated with analysis illustrating con
siderable bending due to stiffener eccentricity. The results of analysis on 
several configurations, shown in Tables 2, 3, and 4 in Swift,^ all indicate high 
bending in stiffeners as a function of crack length. In addition to this finite-
element analysis, stiffener eccentricity has also been considered using 
displacement compatibility analysis methods. The results of this analysis, 
contained in Swift, ^ also illustrate the importance of considering stiffener ec
centricity. Analysis throughout the work by Swift^ considers stiffener eccen
tricity, and Tables 3 to 7 of this reference contain inner and outer fiber 
stresses as a function of crack length resulting from a parametric study. Here 
again, considerable stiffener bending exists. The test correlation in Swift* 
ivould not have been possible without consideration being given to stiffener 
eccentricity. Therefore, although stiffener eccentricity may not be of prime 
importance for some configurations, it should not be ignored, as was sug
gested in the subject paper. 

C. K. Gunther and J. T. Wozumi (authors'closure)—Response to State
ment 1: Our statements concerning critical failure modes were made for 
typical au-craft materials. The upper bound of fracture toughness is con
sidered to be 180 ksi VST., with typical values of presently used materials 
somewhat lower. The use of no more than 160 ksi ViiT., is recommended for 
residual strength analysis. Close investigation of the work by Swift^ shows 
that fastener failure is not the critical failure mode until the stress intensity 
factor values exceed 180 ksi ViiT. The authors agree that, if such high frac
ture toughness values are to be considered, the probability of fastener or 
stringer failure as primary failure mode should be investigated. 

Response to Statement 2: The experimental data of Vlieger'' do not sup
port the claim that eccentricity is an important consideration. We agree that 
stiffener bending theoretically should have the effect of reducing the effective 
stiffness of the skin-reinforcing element, resulting in lower residual strength. 
Until further experimental evidence shows conclusively that eccentricity has 
a significant influence on the reinforcing capability of the stringer, such ef
fects will be believed to be small. In any event, consideration of eccentricity 
increases the potential for skin failure as primary failure mode. 

*Swift, T. in Damage Tolerance in Aircraft Structures, ASTM STP 486, American Society for 
Testing and Materials, 1971, pp. 164-214. 

'Swift, T., "The Effects of Fastener Flexibility and Stiffener Geometry on the Stress Intensity 
in Stiffened Crack Sheet," in Prospects of Fracture Mechanics, Noordhoff International 
Publishing, 1974. 

'Swift, T., "Design of Redundant Structures," in Fracture Mechanics Design Methodology, 
AGARDLS-97, 1979. 
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ABSTRACT: Major payoffs of new aerospace structures in terms of weight savings, per
formance, and life-cycle cost are anticipated from successful development of advanced 
materials. To aid in development of new alloy systems a method has been developed for 
predicting weight savings resulting from material (property set) improvements for 
specific failure modes in aircraft structures. Material properties include density, modulus 
of elasticity, strength, fatigue, crack growth, fracture toughness, and stress corrosion 
resistance. Weight savings analysis includes consideration of the margins of safety for 
various failure modes that could affect the size of the aircraft structure. Results of 
analysis applicable to a carrier-based patrol aircraft and an advanced tactical fighter in
dicate a weight savings potential of up to 16 percent for advanced aluminum alloys. 

KEY WORDS: weight saving, aircraft structure, aluminum alloys, durability, damage 
tolerance, material properties, strength-weight relationships, margins of safety 

Nomenclature 

Crack growth rate 
Modulus of elasticity 
Secant modulus 
Tangent modulus 
Allowable stress 
Compressive yield strength 
Maximum stress in constant-amplitude fatigue cycle 
Ultimate tensile strength 

'Staff Scientist, Senior Research and Development Engineer, and Research and Development 
Engineer, respectively, Lockheed-California Company, Burbank, Calif. 91520. 
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Kc Critical plane stress fracture toughness 
Kic Plane strain fracture toughness 

^max Stress intensity for maximum tension stress 
Kf Theoretical geometric stress concentration factor 

AK Stress intensity for stress range 
AK (AK)'" (A'max)""'"^ effective stress intensity 

m Material constant 
N Cycles to failure 
t Material thickness 

W Weight 
5 Density 

1,2, . . . Material designation and failure mode category 
, ^ ^ . , , allowable stress or load 
MS Margin of safety = —-—: ;— 1 

design stress or load 

In recent years research studies have shown a potential for developing 
aluminum alloys with improved material properties by combinations of alloy 
modifications, thermal mechanical treatments, powder metallurgy tech
niques, and rapid solidification rate (RSR) process [1-4].^ These metallur
gical developments permit the formulation of new alloy systems which 
previously could not be made by conventional manufacturing methods. 
Preliminary testing of some experimental alloys indicates increases in 
strength and modulus, decreases in density, and improved fatigue, crack 
growth, and fracture toughness properties compared with currently available 
aluminum alloys [5,6]. However, the dilemma for the alloy development 
researchers is to determine what combination of material properties will pro
vide the most significant weight reduction in aircraft structures. 

Research is being conducted to develop advanced aluminum alloys from 
rapidly solidified powders for aerospace applications [7-9]. To aid in the 
development of the new alloy systems, a methodology has been developed to 
evaluate weight saving potential for aircraft structures. This methodology 
provides relationships between specific material properties and weight sav
ings for an entire aircraft. By use of Lockheed systems analysis program 
(ASSET), the calculated weight savings can be translated into aircraft per
formance parameters, such as increased payload, range, fuel savings, and 
other factors, for both constant mission and weight choices [3]. 

The method of evaluating structural weight reduction for these advanced 
aluminum alloys is illustrated in Fig. 1. An aircraft design with currently 
available aluminum alloys is used as a baseline for comparison. Aircraft 
structural weight is subdivided according to primary failure modes which are 
used to size the structure. Equations for each failure mode relate changes in 

^The italic numbers in brackets refer to the list of references appended to this paper. 
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FIG. 1—Aircraft structural weight evaluation of new material. 

weight to the basic material properties. Then the maximum potential weight 
savings is evaluated with improved material propert:ies assuming that the 
primary failure modes do not change. To determine the "real" weight reduc
tion, the effect of other potential failure modes on structural weight must be 
considered. The "real" weight savings will depend on the margin of safety 
associated with each failure mode as well as reduction in weight from im
proved properties. 

Model for Predicting Weight Savings 

Seven basic failure modes are considered as an initial first step for a weight 
saving evaluation. The equations for evaluating the weight saving potential 
were developed in Ref 7 and are summari2ed in Table 1. These relationships 
were developed using weight-strength analysis procedures given in Ref 10. 
The relationship between the structural weight, W2, for the advanced ma
terial and the structural weight for the basic material, W^, is obtained by 
substituting the appropriate material properties into the weight ratio equa
tion. The potential weight savings is then given by the following equation: 

% of weight savings 100 (1) 

To evaluate any potential failure mode not shown for the baseline structure, 
the ratio Wi/W-^ is multiplied by the margin of safety correction factors 
given in Table 1 to obtain the "real" weight savings. Then for any given com-
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TABLE 1—Weight ratios and margin oj safety factors according to aircraft structure 
failure mode, criteria. 

Category Failure Mode Weight Ratio (Wj/Wi) 
Margin of 

Safety Factors 

tensile strength 

compressive strength 

crippling 

compression surface column 
and crippling 

buckling compression 
or shear 

aeroelastic stiffness 

durability and damage 
tolerance allowable 
(DADTA) 

62 ^ t i 

&2 ^ c y . 

cy. 

2̂ '^2 

'1 

0.25 

0,2 

E2 

h El 
6, Ej 

62 F^ 

1 

(1 + MS) 

I 

(1 + MS) 

1 

1 + MS _ 

1 

(1 + MS) 

1 1 

1 + MS _ 

1 

(1 + MS) 

1 

(1 + MS) 

ponent, the failure mode yielding the lowest value of Wj/Wi, including the 
effect of margins of safety, is substituted into Eq 1 to obtain the "real" 
weight savings. 

The material properties required for evaluation of failure modes 1 to 6 are 
illustrated in Fig. 2. These properties include the modulus of elasticity, se
cant modulus, tangent modulus, and compressive yield strength. In addi
tion, the tensile ultimate strength and density are required. Except for den
sity, these properties can be determined from the tensile stress-strain curve of 
the material. For most materials the tension and compression stress-strain 
curve is approximately equal up to the yield strength. 

To evaluate the durability and damage tolerance allowable (DADTA), the 
material properties shown in Fig. 3 are required. To acquire these data the 
following types of coupon tests are necessary: S-N or spectrum fatigue, 
constant-amplitude crack growth, fracture toughness {Ki^ and K^), and 
stress corrosion. Normally this amount of testing would only be conducted on 
alloys that show a definite promise of significant weight savings. 

Refinements can be made in the seven categories to provide a more ac
curate assessment of structural weight. A category could be added to cover 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



332 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

STRESS 

» STRAIN 

FIG. 2—Material properties stress-strain curve. 

structure sized by minimum gage requirements. Also, the structure in Cate
gory 4 could be subdivided to cover several ranges of structural loading in
dices or stress levels. As shown in Table 1 and Fig. 2, the weight ratio is a 
function of the tangent and secant moduli at a given stress level. To simplify 
the calculations, the elastic modulus of elasticity can be used for both secant 
and tangent modulus in Category 3 and 4 failure modes. This implies that 
the tangent and secant moduli will vary in the same proportion as the elastic 
moduli for the advanced and baseline aluminum alloy. This simplification 
should still provide reasonable preliminary estimates of weight saving poten
tial of new alloys. 

Material Properties 

For the weight saving evaluations given in this paper, 7075-T76 extrusion 
is used as the baseline material. The baseline minimum and typical proper
ties for this material are summarized in Table 2. This material is used for the 
skin of the wing lower surface of the S-3A aircraft where good fatigue, crack 
growth, and fracture toughness properties are required. The static strength 
properties are about 5 percent lower than 7075-T6 material and about 8 per
cent higher than 2024-T4 material. An advanced aluminum alloy should 
have an improvement in some of the properties given in Table 2; otherwise it 
would not be selected for new aircraft design. 

To provide some guidance for alloy development, analyses were conducted 
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FIG. 3—Stress ratio for durability and damage tolerance allowable. 

TABLE 2—7075-T76 extrusion baseline properties. 

Property 
Test 

Direction Minimum" Typical 

Tensile ultimate (F,„), MPa (ksi) 
Tensile yield (F,,), MPa (ksi) 
Compression yield (/cy), MPa (ksi) 
Shear ultimate {F,J, MPa (ksi) 
Elongation, % in 4D 
Tensile modulus, GPa (10^ ksi) 
Compression modulus, GPa (10'' ksi) 
Shear modulus, GPa (10^ ksi) 
Poisson's ratio 
Density, kg m"' ' (lb in. "•') 
Fatigue (/"max). MPa (ksi) (net) 

For A', = 2.7, R = 0.1, N = 1.4 X 10^ 
Plane strain fracture toughness 

(Kf,), MPam'^^(ksiVin.) 
Fatigue crack growth (AK), MPa m'^^ (ksi •Jin.) 

For da/dN = 10"^ in./cycle, 90 to 95 % RH 
AAT = 25 ksi, MPa m'^^ (ksi VitT.) 

For da/dN = 2.5 X 10"" in./cycle, 90 to 95 % RH 
Stress corrosion threshold, MPa m'^^ (ksi ViiT.) 
Exfoliation corrosion resistance 

L 
L 
L 
L 
L 
L 
L 
L 

L 
LT 
TL 

LT 

ST 

510 (75) 
448(65) 
448(65) 
283 (41) 
7 
72 (10.4) 
74 (10.7) 
28 (4.0) 
0.33 

2796(0.101) 

27 (25)* 
>fi* 

522 (80) 
483(70) 
483 (70) 
303 (44) 
10 

152 (22) 
33 (30) 
27(25) 

11 (10) 

27(25) 

M-values from MIL-Handbook-5 unless otherwise specified. 
* Specification values, exfoliation corrosion per EXCO. 
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to determine the fatigue and crack growth properties required for structural 
areas not DADTA critical [8]. For this analysis DADTA properties required 
for wing upper surface structures, which are primarily loaded in compres
sion, were evaluated and compared with the wing lower surface DADTA 
properties. Results of the analysis are presented in Table 3, which shows the 
permissible percent increase in tension stress, without weight penalty, for wing 
upper surface structures. This indicates that the margin of safety for Cate
gory 7 failure mode on compression critical structure is from 0.21 to more 
than 0.3 for three different types of aircraft. 

The requirements for fracture toughness properties were also evaluated for 
aircraft structure [8]. Currently there is no design requirement regarding 
plane strain fracture toughness. However, some minimum value of Ki^ is 
desired so that the structure will not be critical for manufacturing defects or 
material flaws. Structural members where this property is of interest include 
stiffeners, spar caps, rib truss members, etc. If it is assumed that these mem
bers must support ultimate loads with a 1.27-mm (0.050-in.) crack at the 
edge of a fastener hole, the following plane strain fracture toughness prop
erties are required: 

A"ic = 0.31 ftu for DADTA critical structure (2) 

Kic = 0.21 F,u for compression critical structure (3) 

The plane strain fracture toughness for 7075-T76 material given in Table 2 
exceeds the requirements of Eq 2 in the LT direction and is equal to this re
quirement in the TL direction. Equation 3 is in general agreement with the 
minimum /iTi,,-values for aluminum alloys used in the past for aircraft struc
tures. 

Advanced aluminum alloys are being developed in a program sponsored by 
the Defense Advanced Research Project Agency [7-9]. The goals for this pro
gram are (7) a 30 percent increase in specific stiffness {E/d), and (2) a 20 

TABLE 3—Permissible increase in tension stress without 
weight penalty for compression critical structure. 

Type ot Aircraft 

Fighter w/o stores 
Fighter w/stores 
Patrol 
Transport 

% Increase in 

Fatigue 

>30 
23 
21 
29 

Tension Stress" 

Crack Growth 

>30 

22 
>30 

"To make upper-wing surface structure as critical as lower-
wing surface structure. 
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percent increase in specific stiffness and strength (i^,u/5) with the other 
properties equivalent to 7075-T76. Some alloys that meet these goals, with 
the exception of DADTA properties, are shown in Table 4. Alloy A is a 
lithium-aluminum alloy meeting Goal 1. Alloy B, an aluminum-lithium alloy 
with a reduced density, and Alloy C, a nonlithium-aluminum alloy with an 
increased density, both meet Goal 2. The strength, modulus, and density 
properties of Alloys A and B appear achievable based on preliminary testing. 
No DADTA type properties have been obtained to date for Alloys A, B, and 
C. The values given in Table 4 were only selected to illustrate the impact of 
the DADTA properties on the "real" weight savings discussed later. Alloy D 
represents a modified aluminum alloy with improved strength and DADTA 
properties based on the results presented in Ref / / . 

Potential Weight Savings for Primary Failure Modes 

To provide some guidance to materials development, the S-3A Viking 
airplane (Fig. 4) and a preliminary design of an advanced tactical fighter 
(ATF) were evaluated for the effect of material property improvements on 
structural weight [7,12]. The S-3A is a carrier based ASW type aircraft 
which has a fold joint in the wing. The ATF aircraft is a single engine Mach 2 
class fighter with a delta wing and a vertical tail on each wing tip. Examples 
of S-3A structure designed to various failure criteria are shown in Fig. 4. 

The allocation of structural weight by failure mode is shown in Table 5. 
The percent of aircraft weight for the S-3A was obtained from a detailed 
review of stress analyses of the structural components. Only the wing, tail, 
body, and strake were considered for the ATF aircraft, since the landing 
gear, nacelle, and air induction systems are primarily steel and titanium. 
Allocation of weight for the ATF structure was made by reviewing available 
loads and drawings, combined with prior applicable experience. The weight 
breakdown of both aircraft is similar in terms of percent weight affected by 
strength (51.3 and 52.5) or modulus (56.2 and 58.9). Weight savings in the 
AFT aircraft is more dependent on Category 7 material properties, 19 per
cent versus 13.7 percent for the S-3A. 

TABLE 4—Potential advanced aluminum alloy properties relative to 7075-T76 aluminum. 

% Change in Material Properties 

Material 

A 
B 
C 
D 

Tensile 
Strength 

0 
+ 14 
4-27 
-1-10 

Compression 
Yield 

0 
-1-14 
4-27 
-t-io 

Elastic 
Modulus 

4-18 
4-14 
4-27 

0 

Density 

- 9 
- 5 
4-6 

0 

DADTA 

- 2 0 
- 1 0 

0 
-^20 
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FIG. 4—Typical criteria category areas for S-3A aircraft. 

TABLE 5—Allocation of weight by failure criteria. 

% A/C Weight 

No. 

1 
2 
3 
4 
5 
6 
7 

Failure Mode 

tensile strength 
compressive strength 
crippling 
column and crippling (compression surface) 
buckling (compression or shear) 
aeroelastic stiffness 
DADTA 

S-3A 

30.1 
0 

14.3 
8.1 

19.7 
14.1 
13.7 

100.0 

ATP 

18.6 
3.5 

19.5 
9.7 

18.1 
11.6 
19.0 

100.0 

Using 7075-T76 aluminum alloy as a baseline material, weight savings 
were evaluated for those alloy systems with the assumed material property 
variations given in Table 4. Material properties for Alloys A to D were ap
plied to weight ratio equations given in Table 1 for each of the seven failure 
modes. The percentage change in structural weight for each category and 
each alloy was determined from Eq 1. Results are summarized in Table 6 for 
each failure mode. The percent weight change for each failure mode apply to 
any structure. The maximum weight saving for an individual component is 
22.9 percent for Alloy A, Failure Mode 6. Components with negative weight 
savings would not be substituted for the baseline material. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



EKVALL ET AL ON EVALUATING WEIGHT SAVINGS 337 

To obtain the total weight savings for the S-3A and ATF aircraft, the 
percentages given in Table 6 for each failure mode are multiplied by the 
percentages in Table 5 for the S-3A and ATF structure. In calculating air
craft weight savings, zero percent weight change was assumed for Alloys A, 
B, and C in Category 7. 

In Table 6, Alloy A shows the biggest weight saving, 11.7 percent and 10.7 
percent for the S-3A and ATF aircraft, respectively. This is primarily due to 
the lower density which affects the structural weight for all failure mode 
categories. If the best alloy were used for each category, the percent weight 
savings are increased by about five percent to 16.3 percent and 15.9 percent, 
respectively, for the two aircraft. The potential weight savings for both air
craft are about the same for each material or combination of materials. 

The significance of various material properties on weight savings for the 
S-3A aircraft is illustrated in Fig. 5. The weight savings for the ATF aircraft 
are approximately the same as that shown in Fig. 5 except the DADTA curve 
would be slightly higher. Since density affects all failure modes, the struc
tural weight saving is directly proportional to the improvements in density. 
Improvements in strength or stiffness are about equal and reduce structural 
weight about 2.5 to 3.5 percent per 10 percent property improvement. The 
DADTA property improvements have the least impact on overall structural 
weight savings because of the low percentage of structure in Category 7. 

Consideration of Different Failure Modes 

The effect alternative failure modes have on structural weight is illustrated 
in Fig. 6 for two failure mode categories (5 and 6). The equations from Table 
1 were used to plot the curves for each failure mode. For the baseline proper
ties, Ej/Ex = 1.0, the aeroelastic failure mode (6) is critical with a zero per-

TABLE 6—Potential weight saving by failure mode category. 

Category 

1 
2 
3 
4 
5 
6 
7 

Totals for S-3A 

Totals for ATF 

Alloy A 

-t-9 
+ 9 

+ 12.7 
+ 14.8 
+ 13.8 
+ 22.9 
-13 .8 

+ 11.7 

+ 10.7 

Alloy B 

+ 16.7 
+ 16.7 
+ 11.0 
+ 12.2 
+9.0 

+ 16.7 
- 5 . 6 

+ 11.7 

+ 10.6 

% Weight Saving 

Alloy C 

+ 16.5 
+ 16.5 
+ 5.9 
+8.2 
+ 2.0 

+ 16.5 
- 6 . 0 

+9.2 

+ 7.9 

Alloy D 

+9.1 
+9.1 
+2.4 
+ 1.9 

0 
0 

+ 16.7 

+5.5 

+5.8 

Best Alloy 
in Each 
Category 

+ 16.7 
+ 16.7 
+ 12.7 
+ 14.8 
+ 13.8 
+22.9 
+ 16.7 

+ 16.3 

+ 15.9 
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10 15 

PROPERTY IMPROVEMENT - X 

FIG. 5—Effect of property improvement on S-3A weight savings. 

cent margin of safety whereas the buckling mode is assumed to have a 20 per
cent margin. However, with increase in modulus, the weight saving for the 
buckling mode (5) increases at a slower rate than for failure mode 6. For a 
modulus increase of about 10 percent, both failure modes are equally 
critical. With further improvements in modulus, the buckling mode is more 
critical and limits the potential weight savings that can be achieved for 
aeroelastic critical structure indicated by the shaded area. Additional failure 
modes could be plotted on the figure in a similar manner if the margins of 
safety are known. The minimum envelop for all failure modes would then be 
the "real" potential weight savings. 

Figure 7 also illustrates the effect additional failure modes have on struc
tural weight savings for a hypothetical new material. The bars in the figure 
show the relative material thickness or structural weights required to meet 
four failure mode criteria. The baseline material in this example is strength 
critical with margins of safety projected for DADTA, aeroelastic, and buck
ling failure modes. The new material has improved strength and modulus 
with no improvement in DADTA properties. Therefore weight savings would 
be limited to the thickness required to meet the DADTA requirements as the 
other failure mode criteria require less thickness with the new hypothetical 
material. 

The "real" weight savings potential for Alloys A to D in Table 4 were 
calculated for the S-3A and ATF aircraft. It was assumed that in each case 
the next most critical failure mode is Category 7 with margins of safety of 10, 
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FIG. 6—Interaction of two failure modes with material property improvements. 
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FIG. 7—Potential weight savings considering additional failure modes. 

20, and 30 percent for Categories 1, 2 to 4, and 5 to 6, respectively. The per
cent weight change was calculated using the weight ratio equations given in 
Table 1, including the effect of the margin of safety correction factor. The 
values given in Table 7 for each category are the same as those given in Table 
6 except where Category 7 becomes more critical than the primary failure 
mode. The "real" weight savings for each aircraft are reduced significantly 
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TABLE 7—Real" weight saving by failure mode category. 

Category 

1 
2 
3 
4 
5 
6 
7 

Totals for S-3A 

Totals for ATF 

Alloy A 

-3 .41 
+5.21 
+5.21 
+5.21 

+ 12.5 
+ 12.5 
-13 .8 

+5.4 

+5.4 

Alloy B 

+4.04 
+ 12.04 
+ 11.0 
-12.04 
+9.0 

+ 16.7 
- 5 . 6 

+ 7.9 

+8.1 

% Weight Saving 

Alloy C 

+3.64 
+ 11.7 

+5.9 
+8.2 
+2.0 

+ 16.5 
- 6 . 0 

+5.3 

+5.3 

Alloy D 

+9.1 
+9.1 
+2.4 
+ 1.9 

0 
0 

+ 16.7 

+5.5 

+5.8 

Best Alloy 
in Each 
Category 

+4.04 
+ 12.04 
+ 11.0 
+ 12.04 
+ 12.5 
+ 16.7 
+ 16.7 

+ 12.8 

+ 12.4 

"Assuming DADTA is alternative failure mode with 10, 20, and 30 percent margins of safety 
for failure modes 1, 2 to 4, and 5 to 6, respectively. 

for Alloys A, B, and C, but are not affected for Alloy D. Alloy B is now the 
best alloy with an indicated weight saving of approximately 8 percent. If the 
best alloy is used for each category, the weight savings are increased to 12.8 
and 12.4 percent, respectively, for the two aircraft. 

These results indicate the importance of considering secondary failure 
modes on projecting weight savings for new alloys. Also, since Category 7 is 
often the next most critical failure mode when considering Categories 1 to 6, 
its impact on weight savings is considerably more significant than indicated 
in Fig. 5. 

To achieve maximum weight savings for aircraft structures several ad
vanced aluminum alloys need to be developed; that is, a high-strength low-
density alloy for failure modes 1 and 2, a high-modulus low-density alloy for 
failure modes 5 and 6, and a combination of strength and stiffness with low 
density for failure modes 3 and 4. Finally, improvement in durability and 
damage tolerance properties are needed for failure mode 7. A combination of 
advanced materials with improved properties shows a weight saving potential 
of 4 to 11 percent higher than the weight saving achieved by the use of a 
single alloy. However, the properties for these new alloys should be achieved 
without significant reductions in the other mechanical properties or second
ary failure modes would become critical and limit the weight savings. 
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ABSTRACT: An experimental study was conducted to characterize the fatigue crack 
growth behavior of stiffened panels under uniform lateral pressure loading. The panels 
were made of standard 5456 aluminum alloy and fabricated by weldbonding. Fatigue 
failure of the panels consisted of cracking of the stiffeners, followed by cracking of the 
skin. Crack growth rate data showed a maximum value in the stiffeners and a constant 
value in the skin before failure. A weldbonded stiffened panel could endure more fatigue 
cycles than a gas metal arc welded panel under similar pressure loading. The panel data 
were correlated with base line materials data and represented by either of two simple 
equations in terms of fatigue crack growth rate versus stress intensity factor range. The 
stress intensity analysis for the panels was made by an approximation method which con
sidered the combined effects of tension and bending stresses. Accuracy of this method 
was verified by photoelastic measurements. 

KEY WORDS: fatigue, aluminum alloy, fracture mechanics, stiffened panels, crack 
growth, weldbonding 

Nomenclature 

a Crack length (half crack length for center-cracked panel) 
c, m, n Constants (used in Eqs 6 and 7) 

Fx,F2,F3 Correction factors (used in Eqs 2, 3, and 4) 
h Plate thickness 
K Stress intensity factor 

Kc Critical value of stress intensity factor (fracture toughness) 
Kj Component of K due to Qj 
M Bending moment 

1 Metallurgist, Structural Engineer, and Physicist, respectively, David W. Taylor Naval Ship 
Research and Development Center, Bethesda, Md. 20084. 
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Stiffened panels are extensively used as structural elements in the con
struction of high-performance ships. Previous work on stiffened panels was 
limited to uniaxial tensile loading. For example, Poe and Vlieger [1,2]^ 
studied their fatigue crack growth and residual strength characteristics 
under simple tension. This work was different from others in that the panels 
were tested in bending. The purpose was to investigate fatigue crack growth 
in aluminum alloy stiffened panels under uniform lateral loading similar to 
the water pressure experienced by ship structures, such that the data would 
be useful for controlling fatigue and fracture in modem ships as discussed by 
Sorkin, Wolfe, Vanderveldt, and others [3,4]. The technical approach was 
based on the fracture mechanics concept that fatigue crack propagation in 
structural elements can be predicted from base line materials data in terms 
of the linear elastic stress intensity factor range, AK, versus crack growth 
rate, da/dN, as shown by Paris and Wei [5,6] 

Experimental Procedure 

Materials 

The stiffened panels tested were made of a standard aluminum-magnesium 
alloy. The skin material was 5456-H343 sheet, and the stiffeners were 5456-
Hl l l extrusions. All the materials were 3.2 mm (0.125 in.) thick and tested in 
the as-received condition. Chemical composition and mechanical properties 
are listed in Table 1. 

Stiffened Panel Fabrication and Testing 

Three aluminum alloy stiffened panels were fabricated by weldbonding. 
Figures la and lb show the dimensions of the panels, which were designed to 
have the necessaty details of a structural element in a simple configuration 
[7]. The weldbonding process used an adhesive and spot welded the flanges 

2 The italic numbers in brackets refer to the list of references appended to this paper. 
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of the inverted tee stiffeners to the base plate. Two of the weldbonded panels 
had 1.27-mm (0.05-in.)-deep notches cut by a jeweler's saw at the midpoint 
of the free edge of the stiffeners. The third panel was not prenotched so that 
fatigue cracks could follow their natural courses of initiation and propagation. 

A special fatigue machine was used to provide lateral loading by com
pressed air from zero to preselected gage pressures (R = 0) at a speed of 0.2 
Hz with the panel supported and constrained along the two edges perpen
dicular to the stiffeners (Fig. lb). The operation and loading method of a 

TABLE 1—Chemical composition and mechanical properties of 5456 aluminum alloy. 

Chemical Composition, weight % 

Mechanical Properties 

0.2% 
Yield Tensile 

Strength, Strength, 
Temper 

H343 
Hi l l 

Mg 

6.0 
5.4 

Mn 

0.91 
1.0 

Fe 

0.33 
0.32 

Cr 

0.13 
0.13 

Ti 

0.06 
0.07 

Zn 

0.05 
0.02 

Si 

0.01 
0.01 

Al 

bal 
bal 

MPa (ksi) 

278 (40.3) 
179 (26.0) 

MPa (ksi) 

389 (56.4) 
290 (42.1) 

-21 3/4 -

<i 

M p — 1/8 

L 1/8 

- 9 22 

1/8 

H i 

FIG. la—Weldbonded stiffened panel (all dimensions in inches; 1 in. = 25.4 mm). 
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similar machine have been described previously by Cordiano [8]. Before 
testing, rectangular rosette strain gages were placed on the top and bottom 
surfaces in the center of all the panels to measure strains from which the ap
plied stresses were calculated. Crack length measurements were taken with a 
XIO microscope. 

The pressure and the initial stresses for the panels are listed in Table 2. In
cluded in this table are the data of two additional panels of the same 
materials and configuration, which were made by conventional gas metal arc 
(GMA) welding of two bar stiffeners using 5356 aluminum wire (Fig. 2). The 
GMA panels were tested previously [9] in the same way as the weldbonded 
panels, and the results are included here for comparison. 

Photoelastic Stress Intensity Measurements 

Another GMA welded panel similar to that shown in Fig. 2 was used for 
photoelastic measurements of stress intensity factors. A photoelastic coating 
was cemented to the top center portion of the panel and also to the sides of 
the stiffeners. The panel was mounted on a load frame, with the two edges 
perpendicular to the stiffeners supported and constrained by bolts. To 
simulate crack growth in fatigue testing, notches were cut in small in
crements with a hacksaw blade and then sharpened by a knife edge. The cuts 
started from the free edges of both stiffeners at the midpoint, extended to the 
base, and then continued through the skin material along the transverse cen
ter line of the panel. The load was applied normal to the central area of the 
bottom surface of the panel. Photoelastic and strain gage readings as well as 

TABLE 2—Summary of stiffened panel cyclic pressure loads and initial stresses. 

Panel 
No. 

I 

11° 

III" 

IV 

V 

Panel 
Type 

weld 
bond 
weld 
bond 
weld 
bond 
GMA* 
weld 
GMA 
weld 

Cyclic Pressure 

MPa 

0 to 0.138 

0 to 0.138 

0 to 0.055 

0 to 0.138 

0 to 0.055 

" Panel with prenotched stiffeners. 
*GMA = Gas metal arc. 

(psi) 

(0 to 20) 

(0 to 20) 

(0 to 8) 

(0 to 20) 

(0 to 8) 

Initial Stress 

Tension 

MPa 

138.6 

137.9 

78.6 

183.4 

124.8 

(ksi) 

(20.1) 

(20.0) 

(11.4) 

(26.6) 

(18.1) 

Compression 

MPa 

-48 .3 

-48 .3 

-38 .6 

-56 .5 

-85 .1 

(ksi) 

( -7 .0) 

( -7 .0) 

( -5 .6) 

( -8 .2) 

(-12.3) 
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FIG. 2—Gas metal arc welded stiffened panel (all dimensions in inches; 1 in. = 25.4 mm). 

dial-gage deflection measurements at the center of the panel were taken at 
each increment of the notching process. 

Results and Discussion 

Fatigue Cracking in Stiffened Panels 

The manner in which the stiffened panels failed in the fatigue tests de
pended on the fabrication process. The three cracked weldbonded panels are 
shown in Figs. 3a, 3b, 4a, 4b, 5a, and 5b. Two photographs are provided for 
each panel, one for the top and the other for the bottom side. The unique 
feature is that, after the stiffeners had broken through the flanges, new 
cracks initiated and propagated in the skin material. In all cases, the cracks 
in the skin ran through two neighboring weld spots and were not aligned with 
the cracks in the stiffeners. Also, cracks branched from the spot welds in 
Panel III (Fig. 5b). Irwin [10] has pointed out that many instances of crack 
branching have been observed and that the branching appears to be related 
to the attainment of a limiting crack speed in dynamic fracturing. In the 
present case, crack branching occurred at relatively low speed in the fatigue 
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FIG. 3a—Panel I after fatigue testing: top (tension) side. 

cest, since this particular panel was cycled under 0 to 0.055 MPa (0 to 8 psi), 
which was the lower pressure load used in the experiment with an initial 
stress of 78.6 MPa (11.4 ksi). In the case of the GMA welded panels, a crack 
would start, as expected, at the free edge of each stiffener and propagate into 
the skin material on both sides of the stiffener. The panels gradually failed as 
the two central cracks grew toward each other. A photograph of a fatigue 
cracked GMA welded panel is shown in Fig. 6, where the central cracks are 
labeled by letters B and C. Notice that, as with the weldbonded panels, all 
the cracks initiated and propagated in the general area along the center line 
of the panels where the stresses were the highest. 

An example of crack growth measurements in prenotched stiffeners is pre
sented in Fig. 7. The data show a stage of slowdown in crack propagation in 
the stiffeners as the crack approaches the base plate. The phenomenon can 
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FIG. 2b—Panel I after fatigue testing: bottom (compression) side. 

be better seen in terms of fatigue crack growth rate (FCGR) computed by the 
ASTM recommended method [11]. In Fig. 8 the da/dNyalues increase con
tinually from the beginning and reach a peak when the crack is about 
halfway through the stiffener. Thereafter the crack growth rate decreases as 
the crack approaches the flange of the stiffener. Although this kind of retar
dation in crack growth can be readily attributed to the presence of the skin 
material and the flange of the stiffener, no similar data have been found in 
the technical literature. 

Examples of crack growth data in the skin of the panels are given in Fig. 9. 
The initial part of the data points could be faired into straight lines. This is a 
unique feature which has been observed in all of the five stiffened panels. 
Thus the data indicate that the cracks at first grew at practically constant 
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FIG. 4a—Panel II after fatigue testing: top (tension) side. 

rates. Afterwards, the cracks grew at increased rates as they approached the 
central region of the panel. The crack growth behavior is a consequence of 
load transfer in the stiffeners and the skin during crack extension under the 
present loading condition. Figure 9 also shows that under identical pressure 
loading the weldbonded panel sustained almost three times as many pressure 
cycles as the GMA welded panel. This is simply illustrated by the fact that, 
when a crack grew to 76 mm (3 in.), the GMA welded panel had endured a 
total of 24 000 cycles, whereas the weldbonded panel had seen about 67 000 
cycles. Previous investigations have shown that the weldbond process is 
superior to riveting or other conventional welding in both static and fatigue 
tests [12,13]. It should be noted, however, the difference in fatigue life be
tween Panel I (weldbond) and Panel IV (GMA) is mainly m crack initiation 
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FIG. 4b—Panel II after fatigue testing: bottom (compression) side. 

because, once cracking starts, the crack growth rate behavior becomes the 
same in both types of panels in terms of da/dN versus AK. Table 2 shows 
that the measured stress in Panel I was lower than in Panel IV, most likely 
due to the additional material of the inverted tee flanges necessary for the 
weldbonding process. The lower stress should account for part of the longer 
fatigue life of the weldbonded panel. 

Stress Intensity Factor 

Analytical Method—In order to predict fatigue crack growth in the stiff
ened panels from base line materials data according to fracture mechanics 
theory, a stress intensity expression for the panels is needed. Since math-
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FIG. 5a—Panel III after fatigue testing: top (tension) side. 

ematical solutions are not available for the crack problem of the stiffened 
panels tested under the present loading condition, an approximate analysis 
has to be made. This is accomplished by considering the panel skin under 
combined loading of tension (membrane) and bending stresses. The stress in
tensity contributions from these stresses are added to obtain the total value of 
AK such that 

^^ to ta l — ^Kx, AK, bending 

The tension contribution to AK is as follows: 

A/Ctension = F.F^^S^^a + L KjQj) 

(1) 

(2) 
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FIG. 5b—Panel III after fatigue testing: bottom (compression) side. 

where Fj and F2 are correction factors for a pair of collinear cracks [14] and 
for a crack in a plate of finite width [15], respectively. Inside the brackets is 
the formula from Poe for a stiffened panel with broken stringers [1,16]. The 
term S,\Tra is the familiar /f-expression for a wide plate with a transverse 
center crack of length 2a subjected to a uniform tensile stress 5 , , and K/ Qj 
is the component of K due to the rivet forces Qj. For the present work, a con
tinuous weld is modeled by closely spacing the rivets. 

According to Sih [14], the stress intensity factor for a cracked plate under 
uniform bending is 

AK bending F-^M\-Ka (3) 
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FIG. 6—Panel IV after fatigue testing. 

The bending moment is 

M = 
S,h^ 

Therefore 

^-/^bending ~ ^2 (4) 

where Sj, is bending stress, h is plate thickness, and "̂3 is a function of crack 
length, plate thickness, and Poisson's ratio. The values of Sj, and S, for Eqs 2 
and 4 are obtained from the measured stresses by assuming a linear stress 
distribution through the thickness of the panel (Fig. 10). 

It should be noted that a solution for the stiffeners is not formulated here 
and that the present solution for the panel skin involves simplifications. For 
example, Sih's formula is only for a smooth plate, and the effect of broken 
stringers on bending has to be neglected. Also, because mathematical solu
tions are unavailable, the presence of two cracks in one plate and the finite 
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FIG. 6—Crack growth rate da/dN computed from data in Fig. 7 in a prenotched stiffener of 

Panel III. 

width of the plate are not considered in the bending analysis. As shown 
below, the consequences of these simplifications, which are unavoidable at 
the present time, can be reconciled, and the method of analysis does provide 
a close correlation between the stiffened panel and the materials data. 

Experimental Method—In the photoelastic experiment, the load was scaled 
to produce deformation in the panel equivalent to that produced in Panel V 
under 0.055 MPa (8 psi) uniform pressure used in stiffened panel testing. A 
typical isochromatic fringe pattern at the tip of a sharp notch in the stiffener 
is illustrated in Fig. 11. Similar patterns were also observed in the panel skin. 
The stress intensity factor K was computed by means of Irwin's equa
tion [17]: 

^' max - I ~— sm 9 + Oo sm ^ - 1 + [og cos 
30y 

• ~ ) 
(5) 
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where r and d are polar coordinates at the crack tip (Fig. 11). The far-field 
stress OQ and the maximum shear stress T̂ â  were determined by strain gage 
readings and photoelastic measurements. 

Figure 12 shows the photoelastically determined stress intensity factor in 
the stiffener. The interesting feature is that, as the notch becomes deeper, 
the stress intensity increases to a maximum and then drops to lower values. A 
comparison of Figs. 8 and 12 shows that there is a correspondence between 
the crack growth rate and the stress intensity factor values as a function of 
crack length in the stiffener. 

The stress intensity factors for a cracked stiffened panel determined from 
the photoelastic results are presented in Fig. 13. Included in the graph are 
the analytical results calculated by Eq 1 for Panel V. It can be seen that the 
analytical method gives higher TT-values than the photoelastic method when 
the crack length is short. As the crack grows into the central region of the 
panel, the results from both methods are practically equal. This is reasonable 
since the stiffener effect, which is neglected in A/sTbending in Eq 1, should di-
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FIG. ^a~Crack growth measurements in the skin of Panel I (weldbonded) under pressure 
loading of 0 to 0.138 MPa (0 to 20 psi). 
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FIG. 9b—Crack growth measurements in the skin of Panel FV (gas metal arc welded) under 
pressure loading of 0 to 0.138 MPa (0 to 20 psi). 

minish as the crack grows away from the stiffeners. For crack length between 
30 and 64 mm (1.2 to 2.5 in.), the photoelastic method gives, within the scat
ter of data, an approximately constant value of /L = 20 MPaVm(18 ksiVitT.), 
which is in agreement with the constant crack growth rate observed previ
ously in Fig. 9. On the other hand, the analytical method produces a gradual 
increase in AT-values from 17 to 22 MPaVm(15 to 20 ksiViiT.) in the same 
range of crack length. Since the difference in the above K-vaiues obtained 
from the two methods is small, it is considered that, in spite of the simplifi
cations, the analytical method provides adequate results for a correlation of 
the fatigue crack growth data. 

Correlation of Data 

Because failure of the stiffened panels is dependent primarily on the two 
central cracks growing toward each other, the AKtotn] and the da/dN values 
are computed only for these cracks in the present work. Results for the weld-
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FIG. 11—Typical isochromatic fringe pattern of crack in stiffener. 

bonded panels are plotted in Fig. 14. It is interesting to note that the data 
points representing the two cracks in Panel III cover a relatively wider scatter 
band. These were the cracks which branched during fatigue testing under a 
pressure of 0 to 0.055 MPa (0 to 8 psi). In general, the da/dN versus AK 
results have an acceptable scatter of data and a high degree of agreement for 
the three weldbonded panels tested. 
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FIG. 12—Stress intensity factor K of a cracked stiffener from photoelastic measurements. 

The base line materials data on 5456-H343 aluminum alloy, which were 
obtained in a previous investigation [18], are plotted together with the data 
on all five stiffened panels in Fig. 15. It is evident that, on the basis of total 
stress intensity by Eq 1, a correlation of the two sets of data has been achieved 
as they join each other and form a continuous curve. Thus the present ana
lytical method has been shown to be adequate for predicting fatigue crack 
propagation in stiffened panels from materials data which were obtained by 
testing simple specimens, namely compact tension specimens [18]. The 
materials data occupy the lower portion of the curve in Fig. 15 because crack 
length measurements were not taken up to the point of rupture of the com
pact tension specimens; the panel data are situated at the tipper portion since 
the cracks grew in the skin material at relatively high rates prior to fast crack 
propagation. The stiffened panels did not separate into two parts, and the 
crack lengths could be measured until the end of the tests. 
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FIG. 14—FCGR versus stress intensity range of weldbonded stiffened panels. 
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compact tension specimens. 
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Representation of Data 

The fracture mechanics method of characterizing fatigue crack growth be
havior is to establish a relationship between da/dN and AK. Two equations 
have been developed by Chu [19]: 

da ^ C(AK - AA:.h)" 

dN [(1 -R)K,- AK]'" ^ ' 

and 

da C(AK" - A/^,h") 
dN [(1 - R)K, - AK]" 

(7) 

where AK^^ is the fatigue threshold under which cracks will cease to grow, 
and AT;, is the critical value of K for unstable crack propagation. The coeffi
cients c. n. and m are empirically determined constants. 

Since the materials data in Fig. 15 indicate that the 5456-H343 alloy was 
insensitive to the effect of mean stresses [18]. Eqs 6 and 7 may be evaluated 
for R = 0. This is also consistent with the loading condition of the stiffened 
panels. The constant AK^^ may be estimated as 4 MPaVm (3.6 ksi\/in^.) 
from Fig. 15. The value of K^ is estimated as 117.3 MPa>Am(106.8 ksiViiT.) 
from test results of a 381-mm (15-in.)-wide center-cracked specimen (see 
Appendix). Figures 15 and 16 illustrate that the test data can be adequately 
represented by either Eq 6 or 7. The empirical constants are presented in 
Table 3. 

Conclusions 

The results of the stiffened panels tested under cyclic lateral pressure load
ing warrant the following conclusions: 

1. In testing of weldbonded panels the stiffeners broke first. After the stif-
feners broke completely, new cracks initiated and propagated in the skin. 
When tested without prenotches in the stiffeners, a weldbonded panel could 
endure more fatigue cycles than a GMA welded panel under the same pres
sure loading. 

2. There was a stage of crack growth at approximately constant rates in 
the skin followed by fast crack propagation and final failure. The crack 
growth rate in the stiffeners increased to a peak value at about halfway 
through the stiffeners, and then decreased as the crack progressed toward 
the skin. 

3. Fatigue crack growth data on stiffened panels could be correlated with 
base line materials data based on the approximation method of stress inten
sity analysis of the panels by considering the contributions due to tension and 
bending stresses. This method was verified by photoelastic measurements. 
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compact tension specimens. 
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TABLE 3—Crack growth equation constants. 

Equation 

6 
7 

SI 

245 
108 

C 

U.S. 
Customary 

(8948) 
(4045) 

m 

2.0 
2.0 

/; 

1.24 
1.50 

4. The crack growth data could be represented by the two simple equa
tions relating da/dN and AA". These equations should be useful for the pre
diction of fatigue life of stiffened panels. 
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APPENDIX 

Estimation of K^ of the 5456-H343 Slieet Aluminum Alloy 

The fracture toughness AT .̂-value of the 5456-H343 aluminum alloy was needed 
for Eqs 6 and 7, so that crack growth in the stiffened panels could be predicted up to 
unstable crack propagation. The A'^-value was measured by testing a 381-mm 
(15-in.)-wide specimen with a center notch of 114.3 mm (4.50 in.), which was oriented 
in the rolling direction of the sheet alloy. After fatigue precracking, the specimen was 
tested in an MTS machine at a strain rate of 0.2 percent per minute. A load versus 
crack-opening displacement curve was recorded, and the effective crack length was 
determined from this curve in accordance with ASTM Recommended Practice for 
/?-Curve Determination (E 561-80). 

The crack extension behavior of the specimen under tensile loading followed a 
typical pattern observed by Sullivan et al [20]. As shown in Fig. 17, the crack, at first, 
maintained its initial length under rising load (Region 1). Slow stable crack growth oc
curred as the load was further raised (Region II). In this region, if the load were held 
constant, the crack would cease to grow. Finally, the load reached the maximum and 
stayed at a constant level, while the crack grew at an accelerating rate until rupture 
(Region III). Sullivan et al suggested that the starting point of Region III is the limit of 
structural integrity, and the effective crack length at this location and the maximum 
load should be used to calculate fracture toughness K^ of the material. The fracture 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



CHU ET AL ON CRACK GROWTH IN STIFFENED PANELS 371 

CRACK LENGTH (10 mm) 

4 6 8 10 12 14 

50 -

40 -

C 30 -
O < 
O 

20 -

10 -— 

1 1 1 

o 

REGION! 
NO CRACK GROWTH 

UNDER RISING LOAD 

1 

INITIAL 
CRACK 
LENGTH 

. ,1 

1 1 1 1 
ACCELERATING CRACK GROWTH -

UNDER CONSTANT LOAD 

— REGION I I I - * -

REGION II — 
CRACK GROWTH 

UNDER RISING LOAD 

CRACK LENGTH 
FOR COMPUTING K 

c 

, ,1 , 

250 

- 200 

z 
150 n 

a 
< 
o 

— 100 

- 50 

1 2 3 4 5 6 

CRACK LENGTH (fn) 

FIG. 17—Crack extension in the center-notched tension specimen. 

toughness was computed by this method as K^. = 117.3 MPaVm (106.8 ksiV^in.) by 
the use of Feddersen's formula for center-notched specimens [21]. 

It should be noted that this was an estimation of the /f^.-value and that the 5456-
H343 aluminum alloy was apparently a tough material. A simple calculation revealed 
that the net section stress of the specimen at failure was 367.7 MPa (53.3 ksi), which 
was about equal to the tensile strength of the alloy. It indicates that the 381-mm 
(15-in.)-wide specimen sustained a considerable amount of plastic deformation before 
rupture. 
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ABSTRACT: The Primary Adhesively Bonded Structure Technology (PABST) program 
was a U.S. Air Force sponsored program started in Feb. 1975 for the purpose of validat
ing the use of adhesive bonding to join primary aircraft fuselage structural members. 
This paper will report on the analysis and component testing performed during the 
design development phase of the program, and the successful full-scale fuselage durabil
ity and damage tolerance test that was performed to four design lives. The goal of the 
program was to provide a savings of 20 percent on the acquisition and maintenance cost 
relative to mechanically fastened primary structure. Such effects as manufacturing qual
ity, environment exposure, and a unique design criterion for bonded structure have 
significant impact on analysis methods. The initial development test program and results 
led to new testing techniques required for bonded joints to gain early design information. 
This is shown to be especially true for pressurized structure due to the unique behavior of 
metal crack propagation in this type structure. The full-scale fuselage test results and 
analysis correlation will be discussed as will the expanded purpose of the damage toler
ance phase of this test and resulting demonstrations of crack containment within a stiff
ened skin panel under full cabin pressure. 

KEY WORDS: adhesive bonding, primary structure, crack propagation, bond flaw, 
durability, environmental exposure 

The application of adhesively bonded joints to primary aircraft structure 
has been a viable option to mechanically fastened joints for many years. In 
Europe, aircraft have been produced using this joining concept dating back 
to the 1940s; for example, the Fokker F-27 and F-28, the DeHaviland 
Comet, and Hawker-Siddeley Trident III B, all using Redux as the adhesive 
to join the wing and fuselage longerons to the skin. There are essentially no 

'Chief Engineer, PABST Program, Douglas Aircraft Company, Long Beach, Calif. 90845. 
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primary aircraft structures of U.S. design in commercial service today which 
rely on an adhesive to carry all of the structural loads. 

In recent years the technological advancements in surface treatment and 
adhesives have indicated that the new 120°C (250°F) cure adhesive systems 
offer not only less metal degradation owing to the lower cure temperatures, 
but greatly increased durability and environmental resistance. 

In 1972, the U.S. Air Force began a cost reduction study in view of the 
rapidly increasing costs of conventional mechanical fastened structure, 
maintenance costs, and fuel costs [1,2].^ These studies indicated that there 
was a potential 20 percent acquisition cost savings and a 15 percent weight 
savings if the primary structure of the aircraft were adhesively bonded; in ad
dition, a significant improvement in structural durability and integrity could 
be achieved. 

In February of 1975, the Air Force awarded Douglas Aircraft the Primary 
Adhesively Bonded Structure Technology (PABST) program, with the objec
tives to demonstrate and validate the application of adhesive bonding to pri
mary structure. The timing of the program coincided with the start of the 
development of the Air Force Advanced Medium STOL Transport (AMST) 
program, and the Douglas candidate, the YC-15 fuselage, was selected as the 
baseline demonstrator. 

The PABST program is a multi-disciplined approach to the validation of 
bonding primary structures. The general procedure was to define the utiliza
tion of the aircraft, followed by developing the criteria, selecting a surface 
treatment and adhesive, performing a development test program, and fi
nally, a full-scale fuselage test. This paper will describe this sequence and the 
resulting conclusions. 

Design Criteria 

The criteria for the PABST program contain the requirements of the ap
plicable military aircraft specifications with appropriate modifications con
sistent with the scope of the PABST program [3]. These specifications in
clude the MIL-A-008860 series, MIL-STD-1530 (USAF), and MIL-A-83444 
(USAF) documents. The intent was that the implementation of these criteria 
in the bonded fuselage design would result in a structural integrity equivalent 
to that required for airworthiness. The implementation was demonstrated by 
test and analysis. 

Durability considerations in bonded structures required that the environ
mental spectrum must be defined owing to the effects on the adhesive. For 
the 11 percent of the airframe life spent in flight, the environmental condi
tions are fairly well defined as noted earlier, but for the remaining 89 percent 
of its life the aircraft will be parked outside exposed to the elements and sub-

^The italic numbers in brackets refer to the list of references appended to this paper. 
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POTTER ON ADHESIVELY BONDED PRIMARY STRUCTURE 375 

ject to the local atmospheric environment. The anticipated utilization must 
be considered and the aircraft designed to the extremes of the environment 
within the geographic areas of the projected utilization. 

In recent years, a considerable body of data on the surface temperature of 
various items of equipment in open air storage has been accumulated. These 
data are presented in Ref 4 to 6. 

An example of how a spectrum of atmospheric environment which an air
plane can be expected to experience is shown in Fig. 1. This is a composite of 
the ambient air humidity and surface temperature developed based on the 
YC-15 design utilization. The upper limit of 60°C (140°F) and 100 percent 
relative humidity was selected as the ground exposure environment for test 
and analysis purposes on the PABST program. 

For damage tolerance, the metallic structure was designed to the slow 
crack growth section of MIL-A-83444 such that the possibility of catastrophic 
failure was extremely remote. In addition to the military requirements, a fail
safe capability comparable to that of a commercial airplane fuselage, as 
defined in Federal Aviation Regulation 25, was imposed as follows: 

The structure shall be capable of withstanding: (/) limit load with a two-
bay crack, and (2) the maximum average internal member load occurring in 
20 lifetimes, or limit load, whichever is less, for the foreign object damage. 
For these loads the structure shall withstand: (/) a two-bay skin crack or 
skin-to-stiffener disbond and the center stiffener (or splice) intact, and (2) a 
38-cm (15-in.)-long foreign object damage skin crack with both the center 
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CUMULATIVE PROBABILITY 
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EXPERIENCING A TEMPERATURE BETWEEN 
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FIG. 1—Composite thermal unU humidity environment [t̂ . = (tp — 32)/l.8]. 
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stiffener (or splice) and crack arrest member (if present) failed. All cracks 
considered shall be assumed to propagate in both directions. 

The damage tolerance criterion for bonded joints is presently not addressed 
in either the military or civil specifications, so the following supplemental re
quirements were imposed (accounting for environmental effects): 

An initial flaw shall be assumed to exist in each and every bond in its most 
critical location, including those highly stressed areas resulting from variable 
bondline thickness. The size of the flaw shall be the greater of: (/) the 
minimum detectable size for the nondestructive inspection (NDI) technique 
used on the bond, or (2) the smallest flaw remaining after a larger flaw has 
been repaired. Each flaw shall be evaluated for residual strength indepen
dently of all other flaws, either in the bond or metal. Initial flaws shall be 
located so there is no interaction between them. 

The fail-safe capability of the bonded structure shall be capable of with
standing: 

(/) Limit load with each of the following two-bay disbond configura
tions: 
(fl) A two-bay disbond in only one side of a double strap butt splice. 
(b) A two-bay disbond in a single strap butt splice, or single lap 

splice. 
(c) A two-bay longeron-to-skin disbond. 
(d) A two-bay shear-tee-to-skin or crack-arrest-member-to-skin dis

bond. 
(2) The maximum average internal member load occurring in 20 life

times, or limit load, whichever is less, for the foreign object damage 
specified as: 
(a) A 38-cm (15-in.) disbond on both sides of a splice. 
(h) A 38-cm (15-in.)-lang foreign object damage skin crack with 

both the center frame (or splice) and the crack arrest member 
failed or with both the longeron (or splice) and crack arrest 
member failed as applicable. 

Surface Treatment Selection 

Implementation of the criteria requires that for bonded primary structure 
an extensive surface preparation and adhesive selection program be per
formed [7]. The selection process treats each of the elements of the adhesive 
joint (Fig. 2), and the evaluation of the results may directly affect the even
tual structural arrangement and sizing. 

In the PABST program, the surface preparation and processing evaluation 
was performed on three candidate surface treatments: phosphoric acid anod-
ize (Spec BAC-5555, Boeing Company), chromic acid anodize (Spec BPS 
FW4352, Rev. G, Bell Helicopter Company), and chromic acid anodize 
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378 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

(Spec PS13201, McDonnell Douglas Corporation). The FPL etch, Spec 
BAC-5514, Boeing Company, was used as a reference standard. 

The test method of evaluating surface treatments was proposed by 
Bethune in 1975 [8] and uses as a test article the wedge crack specimen (Fig. 
3). All surface treatments tested arbitrarily used the same primer (American 
Cynamid BR-127) and adhesive (American Cynamid FM73) to provide a 
common basis for comparison. No adhesive could be evaluated until the sur
face treatment selection had been made. 

The crack propagation values within a test matrix measured the produc
tion processing tolerance interaction of the solution concentration, applied 
voltage, solution temperature, and anodizing time. 

Five wedge crack test specimens for each alloy, 2024-T3 bare and 7075-T6 
bare, were prepared for each test matrix. Wedge crack growth was measured 
after a I-h exposure to 60°C (140°F) and 95 to 100 percent relative humidity. 
Then each specimen was completely separated so that the failure mode could 
be evaluated. Acceptability of a failure mode was based on visual evidence of 
an unacceptable adhesive failure (occurring other than within the adhesive) 
or an acceptable cohesive failure (occurring completely within the adhesive). 

These comparative tests revealed that only phosphoric acid anodize had no 
adhesive failures and low crack growth within the full range of the test matrix 

^ ^ 
ADHESIVE BOND 

14 U—0.5 IN 

2 
J U _ 0 5 IN 

DOUBLE LAP SHEAR 

Q.500 IN. 7075T6 

THICK ADHEREND TEST SPECIMEN 

4—0.500 

^ 7.5 IN. 

- 1 IN. 0.010 IN. 

PEEL SPECIMEN 

\ 
0.250 

1 
:© 

© 

r O 

- 0 

LAP SHEAR iRAABI (TWO OF FIVE TEST AREAS SHOWNl 

- 0 . 1 2 5 IN 

WEDGE CRACK SPECIMEN 

FIG. 3—Test specimen configurations fl in. = 2.54 cm). 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



POTTER ON ADHESIVELY BONDED PRIMARY STRUCTURE 379 

after more than 10 000 wedge crack tests, and was therefore the most accept
able when considering the practical aspects of a production environment. 
However, it was found that phosphoric acid anodize surfaces experienced 
strength degradation when contaminated by handling—whether with clean 
cotton gloves, kraft paper, or bare hands—prior to the application of the 
primer. Therefore in all subsequent program fabrication it was required that 
the parts not be touched after being anodized and before priming. Parts were 
primed before removal from the anodizing racks. 

In addition to these short-term environmental exposure tests, long-term 
wedge crack tests were performed at the Douglas Aircraft Company, El 
Segundo Sea Atmosphere Test Station. Both clad and nonclad, 2024-T3 and 
7075-T6, alloys were simultaneously evaluated for their effect on surface 
treatment. The test site, approximately 46 m (50 yd) from the Pacific Ocean, 
is located within the boundaries of an oil refinery and is adjacent to a sewage 
disposal plant. Corrosive agents deposited on test specimens remain for long 
periods and are not subject to frequent removal by rainfall. The results to 
date are shown in Fig. 4. Note that clad 7075-T6 does not have any durability 
on any of the candidate surface treatments. The crack growth in the phos
phoric acid anodize showed comparatively the least crack growth for both 
alloys. 

Adhesive Selection 

In the PABST program four candidate film adhesive and corrosion resis
tant primers of the new generation of environment-resistant 121 °C (250°F) 
cure type were selected for evaluation. The selection of these four systems was 
based on data from the adhesive manufacturer and available industrial test 
data. These were: (/) American Cyanamid, FM-73/BR-127 Mat Carrier, (2) 
Hysol Division, The Dexter Corporation, EA9628/9202 Woven Carrier, (J) 
3M Company, AF55/XA3950 Woven Carrier, and {4} Narmco Material, 
Inc., Ml 133/6740 Woven Carrier. 

These adhesives were extensively evaluated by the matrix of specimens and 
environments shown in Fig. 5. The phosphoric acid anodize previously 
selected was used on all test specimens, and the manufacturer's recom
mended procedures were used for the priming and curing. Within this test 
matrix an evaluation was made of processing tolerances such as primer thick
ness, primer cure temperature, adhesive out-time, and adhesive heat-up 
rate. 

Lap shear tests showed comparative data while T-peel tests showed the ef
fect of the adhesive carrier. Although the failures were all of the desired 
cohesive mode, subsequent long-term durability tests revealed that adhesive 
material selection based on static T-peel or lap shear performance would 
have been incorrect. 

Reduced Area Adhesive Bond (RAAB) specimens provide the most envi-
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X 

X 

X 

X 

X 

RT 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 
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X 

X 

X 

X 

X 

X 

X 

ENVIRONMENTAL EXPOSURES 
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X 

X 

X 
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X 

X 

X 

X 

MILH 
5606 
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X 

X 

X 

X 

140°F 
100% RH 

X 

X 

X 

X 

X 

X 

X 

SALT 
SPRAY 

X 

X 

X 

X 

CHEM 
MILL 

X 

BILGE 
FLUID 

X 

MIL-C 
25769 

X 

IMMER 
CORR 

X 

X 

X 

FIRE 
EXT 

X 

BEACH 
EXPOS 

X 

X 

X 

X 

FIG. S—Adhesive property tests |t^. = (tp — 32)/I.H\. 

ronmental exposure of the bond line and are good for comparing the resis
tance of similar adhesives in stressed and cycle-stressed environments. The 
RAAB test results in Figs. 6 and 7 show that cycle stressed specimens fail in 
fewer hours than specimens with a constant stress, even at a lower stress 
level. Again in these tests, the mat carrier performs better in both the con
stant stress and cycle-stressed tests. The RAAB specimens were also used to 
indicate the presence of moisture in the uncured (as received) adhesive. Static 
shear tests performed at 121 °C (250°F) will indicate by lower shear values 
the presence of moisture. Table 1 shows how drastically the durability can be 
reduced by small amounts of moisture in the adhesive. 

Thick adherend test specimens were used early in the program to evaluate 
the cyclic durability of the adhesive system. These tests were performed at a 
cyclic rate of 30 Hz (1800 cpm) and no failures occurred after lO* cycles. 
Later, data from Boeing showed a greatly reduced cycle life when tested at 
slow cyclic rate (Fig. 8). The 1-hour loaded and 15 min at no load test point is 
a realistic loading rate when considering the baseline YC-15 average flight 
time was 1 h. Thick adherend specimen tests for shear stress-strain data also 
showed a higher failing stress and lower strain for fast test cycle rates. These 
results demonstrated the importance of cycle testing adhesive systems at a 
loading rate equivalent to the actual service usage. 

The results of the surface treatment and adhesive testing phase of the pro-
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0.063-iNCH THICK 7075T6 NONCLAD ADHERENDS 
TEST ENVIRONMENT - I W F AND 95100% RH 

2000 

RAAB 
SPECIMEN 1500 

(TWO OF SEVEN 
TEST AREAS) 
LOADS (PSI) 1000 

500 

A FM73/BR127 
0 EA9628/EA9202 
O AF55/EC3960 
D M1133/Me740 

FIRST FAILURE 

-V 

15 

LOADS 
(M Pa) 

10 

18000 20000 2000 4000 6000 8000 10000 
= HOURS BEFORE FAILURE 

(EACH POINT = AVERAGE OF SEVEN SPECIMENS ONE SET) 

FIG. 6—RAAB sustained loads (I in. = 2.54 cm). 

"y A • 0.063INCH-THICK 7075T6 NONCLAD ADHEREND 
j-o 12 Tvp TEST ENVIRONMENT 140^ AND 95-100% RH TEST CYCLE 

60 MINUTES LOADED, 15 MINUTES UNLOADED 

1-0 500 

2000 

1500 
RAAB 

SPECIMENS 
(TWO OF SEVEN 
TEST AREAS) 1000 
LOADS (PSI) 

500 

2000 4000 6000 8000 '' \ZSXX) 14,000 16,000 
CYCLES TO FAILURE 

EACH POINT AVERAGE OF SEVEN SPECIMENS ONE SET 

FIG. 7—RAAB specimen cyclic load II in. = 2.54 cm J. 
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TABLE 1—Cycle stress durability of FM73 (cycles to failure). 

SPECIMEN 
NUMBER 

1 

2 

3 

4 

5 

6 

7 

AVG 

VARIATION OF CHEMICAL COMPOSITION 

+ 50 

77 

88 

95 

97 

150 

(1) 

(1) 

101 

CURING AGENT 
(PERCENT) 

50 

578 

605 

6 0 6 

626 

675 

724 

734 

6 5 0 

+ 10 

363 

367 

394 

4 2 8 

434 

4 7 6 

(1) 

4 1 0 

10 

521 

548 

609 

615 

649 

653 

572 

6 1 0 

EPOXY 
(PERCENT) 

30 

213 

213 

214 

215 

216 

217 

(1) 

215 

+ 36 

454 

478 

563 

599 

621 

730 

(1) 

574 

ELASTOMER 
(PERCENT) 

+ 30 

133 

208 

219 

257 

382 

517 

(1) 

2 8 6 

30 

512 

5 2 6 

527 

530 

541 

543 

547 

5 3 2 

WATERtSI 

(PERCENT) 

+ 1 30 

8 

9 

10 

11 

12 

13 

14 

11 

+ 1 03 

60 

63 

64 

65 

66 

67 

68 

65 

STANDARD 
FORMULATION 

578 

717 

739 

791 

804 

810 

855 

7 5 6 

NOTES (1) INADVERTENTLY FAILED DURING LOAD ADJUSTMENT 
(2) TEST CONDITIONS 

140"F, 100% RH 
1200PSI 
CYCLIC LOADING, IHOURON, 15MINUTES0FF 

(3) STANDARD ADHESIVE WITH WATER ADDED AT ROOM 
TEMPERATURE, 100% RH 

THICK ADHEREND SPECIMEN 
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ADHESIVE BOND T,̂  V v - ^ ^.•*-

1,0 IN, 
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12:^: 

500 1000 1600 
LOAD CYCLES 
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AD 
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1000 

0 

\ 

-

\ 2000 PSI 
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(HOURSl 

3000 
797 
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98 
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LOAD 
CYCLES 
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1600 

2 x 10 ' 

100% R H -

CYCLE 
RATE 

STEADY LOAD 
1 HR ON. 15MIN OFF 

4 M I N ON, 2 M I N 0 F F 
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1500 PSI 

EA 9628/BR127. PHOSPHORIC ACID ANODIZE 
2024-T3 BARE THICK ADHEREND 

- I \ 1 L 1 1 
~ A 

1 ' ' A * 1 
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FIG. 8—Effect of cycle rate on endurance (1 in. = 2.54 cm). 
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384 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

gram did not reveal that any one test specimen type would clearly discrimi
nate for all loading conditions and environments. It was also evident that no 
one adhesive system contained markedly superior qualities over the re
mainder of the candidates. The FM-73 adhesive (mat carrier with BR127 
primer) and the phosphoric acid anodize were selected as the adhesive system 
to be used during the remainder of the program. This choice was based pri
marily on its wide processing tolerances being best suited for a production 
environment. 

Component Test Program 

This phase of the PABST program was directed toward demonstrating 
that the static, fatigue, damage tolerance, and fail-safe requirements (previ
ously defined in the design criteria) had been met for the various candidate 
structural configurations. The test specimens are summarized in Fig. 9. 

A basic criterion established at the beginning of the program was that the 
design must permit any metal element to be broken at any location without 
causing the adhesive bond to fast-fracture catastrophically. Skin splices were 
of particular concern since they had no backup fasteners. The bonded joint 
analysis method [9-12] determined the required skin overlap length. For 
other failure modes in bonded joints, such as skin buckling due to shear, or 
compression and skin pillowing due to cabin pressure, there were no analysis 
methods known and the component test plan was aimed at providing the 
evaluation. 

The tension tee tests demonstrated the ability of a frame-to-skin bonded 
joint to react to the ultimate design cabin pressure load of 98.6 kPa (14.3 
psi). The test results (Fig. 10) showed a large margin compared with the 
design loads. 

The static shear combined with compression or tension tests demonstrated 
the bonded longerons and frame shear tees ability to resist the peeling action 
of skin wrinkles. The results of this series of tests are summarized in Table 2. 
The failure prediction analysis values were based on mechanical attachment 
analysis methods and test results from previous programs. It is significant to 
note that these bonded panels exceeded the predicted values, but even more 
significantly, the mode of failure was always initially in the metal stiffeners 
and not in the bond, as shown in Fig. 11 where the base leg of the longeron 
remained bonded to the skin despite severe wrinkling of the skin. 

The next test was conducted to examine the effect of static frame bending 
where the skin is in compression. The specimen consisted of three equally 
loaded frame segments bonded to the skin. The initial failure was observed to 
originate in the bond, over a 2.5 cm (1-in.) length, starting at the edge of the 
central frame shear tee (Fig. 12). This was followed immediately by the com
plete disbond of the shear tee between two longerons. This bond failure ini-
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SKIN 

0.090 7075 T6 

0.040 7075 T6 

0.090 7075-T6 

0.090 7075 T6 

0.090 7075 T6 

0.090 7075 T6 

0.040 7075 T6 

0.040 7075 T6 

ADHESIVE 

FM 73 

FM73 

AF 55 

M 1133 

AF 55 

IVI 1133 

AF55 

M 1133 

PRIMER 

BR 127 

BR 127 

XA 3950 

BR 127 

XA 3950 

BR 127 

XA 3950 

BR 127 

FAILURE LOAD 
TEST TEMP 

-50 5°F ; R.T. | l40 • 5°F 

1740 LB 

1595 LB 

4000 LB 

2170 LB 

5910 LB 6050 LB 6075 LB 

2640 LB 4660 LB 

1670 LB 3700 LB 4220 LB 

2105 LB 3276 LB 3358 LB 

DESIGN 
LOAD 

-SO'^F 

249 LB 

389 LB 

249 LB 

249 LB 

249 LB 

249 LB 

389 LB 

389 LB 

FIG. 10—Tension tee test specimen for testing tension in the bond joint between the skin and 
the frame/shear-tee [t^ = (tp — 32)/1.8]. 

tiating at the edge of the bonded frame shear tee demonstrated the impor
tance in the design of bonded structure of avoiding abruptly ending a bonded 
member on unreinforced skin. Subsequent PABST program fatigue testing 
further demonstrated this point, and correction design measures were taken 
before fabricating the full-scale test article. 

An initial concern of a bonded primary structure was how the bonded joint 
would retard a growing metal crack compared with a riveted design. To 
assess this effect a group of cyclic tests were performed on flat and subse
quently on curved panels. The first of these tests was performed on small flat 
panels with a single central stiffener with a small metal flaw introduced at a 
rivet hole on one panel and on another similar, but bonded, panel in the skin 
under the bonded joint. It took considerably longer for the skin flaw to prop
agate to a 8 cm (3 in.) length in the bonded panel (230 000 cycles) than in the 
riveted panel (140 000 cycles). 

A second set of small flat panels with two stiffeners and a skin flaw midway 
between them were cycle tested until the crack had propagated to 3.8 cm (1.5 
in.) beyond each stiffener edge and then a static residual strength load ap
plied. The results showed that not only did the bonded panel retard the crack 
more than the riveted panel as it passed over the stiffener area (11 (X)0 cycles 
for the bonded panel compared with 1000 cycles for the riveted panel), but 
the bonded panel failing load for residual strength was 13.5 percent higher. 
These encouraging results led to the testing of large flat panels which 
resembled more closely the complete configuration and which were less in
fluenced by boundary conditions that would affect crack propagation results. 

One of the large flat panels tested for crack propagation data had 0.51-cm 
(0.20-in.) flaws sawcut at Points 1 and 2 as shown in Fig. 13. Constant 
amplitude cyclic loads representing the hoop tension resulting from 49.29 
kPa (7.15 psi) cabin pressure were applied at a 1-Hz rate. 
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FIG. 12—Frame bending test—frame failure. 
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O INDICATES FAILURE NUMBER 

M « ^ A ^ M ^ 

MOUSE HOLE 

/ ^ ^ S K I N 
' TYP FAILURE 

(3) - (g) 

LONGERONT 

-24 IN. 
TYP 

i\ \ \ i Mi 
FIG. 13—Internal longeron test^ailure locations (I in. — 2.54 cm). 

It is known from our experience with riveted design that the intersection of 
the longeron and the frame has been a critical area for crack initiation. The 
cutout in the frame shear tee at this intersection is referred to by the 
designers as a "mouse hole." During an inspection at 31 270 cycles, a 
10.8-cm (4.2-in.) crack was discovered at one of the longeron mouse holes. 
After 35 070 cycles, four of the possible eight mouse hole locations where the 
shear tee stopped on the skin were cracked. The panel was tested through 
36 803 cycles when a complete panel failure occurred through the mouse hole 
cracks. After the test, it was determined that all eight similar locations had 
developed fatigue cracks prior to the failure, demonstrating again the impor
tance of not ending a stiffener on unreinforced skin. It should be noted that 
the mouse hole cutouts at the splice area developed no fatigue cracks owing 
to the splice doublers reducing the stress concentration in the skin at the 
shear tee end. 

The next test effort was performed on curved pressurized panels subjected 
to biaxial stresses and evaluated the fatigue life and damage tolerance com-
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390 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

pliance with the criteria. One of these test specimens represented one of the 
highest loaded panels on the YC-15 fuselage. The overall dimensions are 
shown and the structural arrangements are detailed in Fig. 14. All the frame 
shear tees are bonded to the 0.127-cm skin (0.050-in. 7475-T761) as well as 
the bonded splice and longeron No. 2. 

The specimen was mounted in a test fixture which applied vacuum pres
sure to the outer skin surface to simulate cabin pressure. Whiffle trees and 
hydraulic jacks supplied the hoop and longitudinal loads respectively. The 
panel was cycle tested at a rate of one pressure cycle each four seconds. The 
panel successfully withstood 38 028 pressure cycles with no fatigue cracks or 
disbonds. Subsequent to this, six damage tolerance flaws were cut in the 
structure and the panel was again cycled for an additional 38 028 cycles (two 
lifetimes). Other than the propagation of the damage tolerance flaws, no 
fatigue cracks were encountered in the participating structure. The longest 
flaw propagation was 4.95 cm (1.95 in.). 

The next phase of testing on this panel was to cut the fail-safe flaws and 
test for residual strength. Two flaws were planned for this test, but each was 
tested separately. 

The first fail-safe flaw, was a two-bay crack with the centerline frame in
tact. This flaw length was successively extended in three steps until the full 
two-bay crack was reached. In each step full pressure (vacuum) was applied 
before applying the fail-safe longitudinal load. No flaw growth was noted on 
the application of the pressure loading alone, but as the longitudinal load 

TRANSVERSE SPLICE (MECHANICAL! 

B-B A-A 

BONDED SPLICE 
(LONGITUDINAL) 

FIG. 14—Structural arrangement of test panel (1 in. — 2.54 cm). 
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POTTER ON ADHESIVELY BONDED PRIMARY STRUCTURE 391 

was applied, the crack tips grew and turned 90 deg to the sawcut direction on 
each of the first two flaw length steps. On the third flaw length step, and 
during the application of the longitudinal load, the crack tips propagated to 
the adjacent frame shear tee bond lines and each turned circumferentially. 
The crack was successfully arrested by the bonded shear tees. 

The second test represented the foreign object damage and was made by 
sawing 38 cm (15 in.) through a frame and the skin longitudinally. The fail
safe load was applied in the same sequence as before. At a pressure of 47.6 
kPa (6.9 psi) and no longitudinal load, the flaw propagated to the adjacent 
frames and was again arrested at the frame shear tee bondline. 

After the residual strength tests, an additional 37 000 cycles, almost two 
lifetimes, were imposed on the specimen and still there were no fatigue 
failures. The specimen was therefore subjected to a total of almost six life
times (113 246 cycles) without experiencing any fatigue failures or disbonds 
in the participating structure. 

A second test specimen similar to the panel discussed above, except repre
senting the structural area around the crew's entrance door, was installed in 
the same test fixture. 

The test plan was also the same, including the installation of flaws in the 
metal. One of these flaws was extended to 15 cm (6 in.) after the initial 
0.64-cm (0.25-in.) flaw had not propagated significantly in two design lives of 
cycling. The intent was to determine the behavior of the crack as it entered 
the bonded joint for comparison with the earlier small flat panel test previ
ously discussed. This flaw propagated rapidly to the bonded frame shear 
tees, but turned parallel to the frames at the bondlines (Fig. 15) forming a 
"window" opening in the panel bounded by the stiffening elements. This 
behavior of cyclic crack propagation and the residual strength crack arrest of 
the first test panel is more representative of an actual full-scale structure 
than the results from the earlier flat panel tests where cracks propagated 
straight across the bondline. Also, these two curved pressure panel speci
mens revealed that cracks are completely contained within the bonded 
boundaries of the initial cracked panel. 

It is significant to note that in past experience with an all riveted specimens 
tested in this same test fixture, the cracks turned at the frame riveted joint, 
but further cycling resulted in the crack working out of the rivet line and con
tinuing in the same original direction until a catastrophic failure occurred 
(Fig. 16). This behavior agrees that reported incidences on actual flight air
craft where skin cracks have developed and passed across riveted frames to 
lengths of 2 to 3 m (75 to 130 in.) before detection or decompression oc
curred. 

In the early phase of the PABST program, the effects of environment and 
cycle rate on bonded joints were determined to be important in representing 
real-life aircraft durability. However, the small coupons tested then were not 
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392 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

FIG. 15—Bonded, curved panel crack propagation II in. = 2.54 cm). 

FIG. 16—Riveted, curved panel crack propagation after fast fracture. 
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POTTER ON ADHESIVELY BONDED PRIMARY STRUCTURE 393 

representative of an actual configured aircraft structure. The full-scale test 
article was to be tested in laboratory environment and at a fairly high cycle 
rate, which leads to the dilemma of how to relate the full-scale test to actual 
aircraft utilization. To solve the problem, two identical panels were built to 
represent the structure of the fuselage. 

The first panel was tested in laboratory air like the full-scale test article 
and was subjected to shear and axial loads plus an external vacuum. The 
spectrum was equivalent to the one used on the full-scale test article. Each 
spectrum contained two pressurized flights and one nonpressurized low-level 
flight and took 60 s to apply. 

The panel successfully withstood 45 600 cycle spectrums (91 200 pressure 
cycles) or 4.8 lifetimes. No bondline flaws grew in size and only two of the 
four metal flaws showed slight growth. No metal fatigue failure or disbond 
developed. 

The second shear panel was placed in the same jig, but with two changes. 
The laboratory air environment was changed to apply 60°C (140°F) at 100 
percent relative humidity when the flight was in the taxi mode, and the 
temperature was raised to ambient for low-level flight and then lowered to 
— 45°C (—50°F) to represent the high-altitude flight case. The other major 
change over the previous test was the cycle rate. The time to complete one 
spectrum was 90 min. The environmental equipment was able to change 
specimen temperature from +60°C (+140°F) to -45°C (-50°F). Figure 
17 shows the complete spectrum and the relationships of loads and tempera
tures. This panel successfully withstood one design life of 9500 spectra with 
no bondline flaw growth or metal flaw growth. There was also no evidence of 
corrosion or metal fatigue. 

Since both panels demonstrated identical durability and damage tolerance 
characteristics, it was concluded that a bonded YC-15 would achieve at least 
one design life of trouble-free service if exposed to real-life environments and 
loading rates. 

FuU-Scale Test Program 

The main structural component that was intended to validate adhesive 
bonding for primary structure was a full-scale section of the YC-15 fuselage. 
This Full Scale Demonstration Component (FSDC) was 38 m (42 ft) long and 
extended from the forward part of the cargo compartment to a station 61 cm 
(24 in.) aft of the main fuselage frame which supports the landing gear and 
the wing rear spar (Figs. 18, 19, and 20). The structural members and 
assemblies that make up the FSDC were designed to the static, fatigue, and 
damage tolerance criteria noted earlier. 

All skins and doublers were bonded to one another and to the stiffening 
elements. The remainder of the structure was mechanically fastened. The 
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POTTER ON ADHESIVELY BONDED PRIMARY STRUCTURE 395 

FIG. 18—Full-scale demonstration component test setup. 

minimum skin thickness was set at 0.127 cm (0.05 in., 2024-T3 bare) based 
on foreign object damage criteria. 

The "mouse hole" in the shear tees was designed with bonded doublers 
under the internal longerons, and shear tees joggled over these doublers to 
minimize skin cracking as was experienced earlier on the large flat panel 
tests (Fig. 21). 

Tear stoppers (7475-T761 bare material) were located in a longitudinal 
direction along the fuselage sides (wide-spaced longeron area) to satisfy the 
slow crack growth and residual strength requirements of the criteria. The 
close-spaced longeron upper and lower skin panels did not require tear stop
pers because the panel dimensions were such that the criteria flaw did not at
tain critical dimensions in the transverse direction. Cracks in the longitudi
nal direction were stopped by the bonded frame shear tees. 

Before beginning the test, 18 damage tolerance flaws (DT's) were sawcut 
in the FSDC. The flaws were 0.635-cm (0.250-in.) sawcuts with finite radius 
tips. Crack growth time histories were measured from the time that fatigue 
cracks nucleated at the sawcut tips. The location of the metal flaws was 
determined from the damage tolerance analysis. In addition to the metal 
flaws, there were 844 bond flaws that resulted from the manufacturing 
phase. These discrepant bond flaw areas were purposely left unrepaired so 
the maximum data could be collected on the behavior of bond flaw propaga
tion under full-scale test conditions. It should be noted that during the 
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398 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

FIG. 21—Typical frame/longeron intersection (1 in. — 2.54 cm). 

manufacturing phase of this program, a primary purpose was to investigate 
different tooling and bonding techniques and to determine their relative 
merit. This resulted in the variations in bond quality from panel-to-panel on 
the FSDC. 

Prior to the start of any testing, the FSDC was subjected to a static proof 
pressure of 65.79 kPa (9.53 psi) as required by MIL-A-8867A for a flight arti
cle. After removing the proof pressure, there was no evidence of permanent 
set or disbond. 

Dynamic cycling started at a rate of one flight per minute, but this rate was 
improved to one flight per thirty-five seconds for the majority of the test 
period. The cycling rate was found to have no dynamic effect on the struc
tural response. The temperature and humidity inside the FSDC reached a 
peak temperature of 56.11°C (133°F) (and 51 percent relative humidity) and 
a peak relative humidity of 81 percent [and 17°C (63°F)] during the 
10-month testing period. The loading spectrum was based on an analysis of 
projected military utilization for turbulence, maneuvers, ground taxi, and 
landing impact and would result in the equivalent damage. Hydraulic jacks 
applied the test loads at the test article nose, through a whiffling system 
distributed across the cargo floor, and at the wing. Cabin pressure was sup
plied by pneumatic pumps. 

None of the 18 damage tolerance skin flaws propagated through a bonded 
joint after 76 230 flight cycles. The largest propagating flaw is shown in Fig. 
22 (DT 17) after propagating from a 0.635-cm (.250-in.) initial flaw. A true 
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POTTER ON ADHESIVELY BONDED PRIMARY STRUCTURE 399 

FIG. 22—76 230 cycles: DT 17flaw propagation prior to repair completion. 

crack initiated at each end of this flaw at 16 550 cycles, and each true crack 
propagated to the edge of the bondlines, 12.7 cm (5.0 in.) at 65 830 cycles, 
the last 10.2 cm (4.0 in.) of propagation occurring in only 2300 cycles. Dur
ing this last 2300 cycles and continuing to the end of the test at 76 230 cycles, 
visual and aural observations revealed that the pressurized air escaping 
through the crack set up a high-frequency fluttering of the free edge of the 
skin such that for each pressure cycle additional fatigue damage accumu
lated at the crack tip caused by this high-frequency "scissoring" action. 
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As the crack progressed into the bondHne, one side of the crack remained 
bonded while the other side disbonded, a condition that further increased the 
"scissoring" action at the tip. The crack at station 631 propagated 18.9 cm 
(7.5 in.) down the bondline compared with 8.9 cm (3.5 in.) at station 619 in 
the 10 400 cycles from the time the crack reached the bondline edge. The sta
tion 619 frame is an intermediate frame and lighter, and because of its rela
tive softness does not pinch in the pressurized skin as much as station 631, a 
full depth frame. This results in the skin hoop stresses being more pro
nounced compared with station 631 where the stiffer frame pinches the skin 
such that the longitudinal pressure induced stresses exceed the hoop stresses, 
thus causing the crack to turn and run down the frame. The crack at station 
631 continued to turn and approach the panel from which it started and is 
typical behavior of cracks in bonded structure. 

Of the 18 metal skin flaws installed at the beginning of the durability test, 
all of the midbay flaws showed good correlation with analysis (Fig. 23). Of 
the remaining 14 metal skin flaws located adjacent to a stiffening element, 
only one propagated and all showed poor correlation with analysis. 

Two conclusions were made from the crack propagation behavior. Firstly, 
all of the skin flaws exceeded the requirements of slow crack growth required 
from MIL-A-83444 damage tolerance specification; secondly, the present 
method of analysis for predicting crack growth is accurate for midbay flaws 
where the stress field is primarily biaxial, but near a stiffener, with the addi
tional complexity of pressure pillowing stresses, the analysis method is con
servative, but not as accurate. 

At the conclusion of the durability test (76 230 flight cycles or 4 design 
lives), inspections revealed no instances of a metal crack initiating as a result 
of a bonded joint. Further, there was no significant bond flaw propagation 
from the initial 844 flaws nor initiation of any new bond flaws. This perfor
mance is compared with a similar sized all-mechanically-fastened fuselage 
test from an earlier aircraft development program in Fig. 24. 

At about three design lives, it became evident that the damage tolerance 
requirements of MIL-A-83444 had been satisfied, and an opportunity existed 
for investigating the behavior of metal flaw propagation into bondlines dur
ing the remainder of the test. DT8 was extended to 20 cm (8 in.) and imme
diately propagated away from the longeron into an arc shape. This behavior 
is the result of the hoop stress and the shear stress (resulting from the 
redistribution of hoop load around the sawcut) combining at the sawcut tip 
and rotating the principal stress plane away from the longitudinal axis. 
There is also the additional longitudinal stress that acts only on the unstiff-
ened sawcut edge and is a result of the cabin pressure pillowing the sawcut 
skin edge, setting up a catenary type reaction that further rotates the princi
pal stress plane. The unstiffened sawcut edge, opposite to the longeron, 
began to flutter in the same manner as that previously described for DTI 7. 
Continued test cycling resulted in the propagation and final fast fracture and 
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FIG. 23—DT 17 crack growth. 

arrest shown in Fig. 25, 7828 cycles after the 20-cm (8-in.) sawcut. At the 
longeron 3-bonded doublers, the crack turned running about 0.93 cm (0.38 
in.) parallel to the longeron without penetrating the bondline. Subsequent 
NDI in the area of the final crack tip location found no evidence of disbond 
despite the dynamic metal peeling action. 
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FIG. 24—Full-scale fuselage test results. 
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FIG. 25—64 719 cycles. DT 8 final failure (Panel 11, outboard surface) (1 in. = 2.54 cm). 
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The 49.30 kPa (7.15 psi) cabin pressure was maintained for a number of 
seconds after this failure without any effect to the structure adjacent to the 
failure area. It is significant to note that the pneumatic test system air supply 
capability is 1370 m-' (60 000 ft-')/min, and it was only because of this that 
cabin pressure could be maintained during the last 200 test cycles. In con
trast, the YC-15 baseline aircraft has a capability of 6 m-' (200 ft^)/min with 
both air-conditioning packs operating; this capability precludes any possibil
ity of an actual aircraft ever having a crack reach this length before inability 
to pressurize, visual warnings, and aural warnings would be known by the 
flight crew. The final decompression of the 339 m^ (12 000 ft^) volume of 
49.30 kPa (7.15 psi) air through the failure area took 5 s, well within accept
able human tolerances, and certainly would not result in secondary struc
tural damage. 

The behavior of DT 8 with an initial metal flaw adjacent to a stiffener gave 
rise to the question as to what would be the behavior for a metal flaw located 
at the midbay of a stiffened panel. To answer this question, at 64 719 cycles 
an additional 21-cm (8-in.) flaw, DT 20, was sawed into the midbay of the 
panel on the exact opposite side of the test specimen from DT 8. This selec
tion of flaw location eliminated any variable due to stress field intensity for 
comparison with DT 8 behavior. 

The cracks at both ends of the sawcut propagated in a straight line into the 
bondline at the frames and immediately turned. The forming of a "Z"-shaped 
crack is in contrast with DT 8 which immediately propagated into an oval 
shape. The difference in crack shape is explained by considering that DT 20, 
centrally located between longerons, followed the maximum stress in the 
hoop direction until it reached the frame bondline where the hoop stress is 
reduced due to the frame pinching effect and the longitudinal stress becomes 
the maximum stress causing the crack to turn and run parallel to the frame. 

At about 68 000 cycles the DT 20 crack path at frame station 559 
developed a branch crack running up the frame and slowly turning back into 
the skin bay. This allowed a flap to form between the frame stations bound
ing the major crack propagation, and subsequent flap opening and decom
pression at 68 206 cycles, when at full cabin pressure (Fig. 26). 

The behavior of the bonded structure to contain the final failure, as 
demonstrated by DT 8 and DT 20, was subsequently shown by three addi
tional crack propagation tests with the same results; that is, all final failures 
were contained within the original panel, and the final decompression was 
benign in that it did not result in a catastrophic failure as is frequently the 
case for a mechanically fastened panel (Fig. 16). 

The final test performed on the FSDC was the static ultimate load condi
tion representing a two-point STOL landing. After applying test loads to 66 
percent of ultimate (100 percent limit load), the FSDC was inspected and 
data reviewed. There was no failure or permanent set despite the severe com
pression buckling in the bottom fuselage between stations 727 and 823 and 
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FIG. 2b—68 206 cycles: DT 20 fiinil fuiliin- (Panel 12. outboard surface) (1 in. - 2.54 cm). 

the shear wrinkles along the fuselage side. At about 135 percent limit load 
the longerons on the bottom failed locally in the area between stations 727 
and 823. Figure 27 shows that the longeron failures tore the upstanding leg, 
but the base leg remained bonded to the skin. 

The initial failure appeared to occur at station 763 in the transition area 
between the typical bonded structure and the test support fixture. This tran
sition area was "beefed up" with additional longerons and doubled up 
longerons in order to withstand the loads induced by the stiffness of the steel 
test support fixture. 

In retrospect, the "beef up" caused an increase in longeron stiffness that 
attracted a disproportionate load increase which without the "beef up" 
would have redistributed into the adjacent cargo floor structure before the 
longerons completely failed. It became apparent after increasing test loads to 
141 percent of limit load that there was no change in the failure area, so the 
test was stopped. This concluded the test phase for the FSDC Test Article. 

Conclusions 

(/) Initial NDI detected adhesive flaws in the FSDC structure were de
structively exposed after completion of the test program and showed ex
cellent correlation using the Fokker Bondtester Model 70. 
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FIG. 27—Ultimate test: longeron 16 L.H. cracked upstanding leg (outboard surface). 

(2) Mylar release film or contaminants such as hydraulic fluid in the 
bondline that fill an adhesive void can act as an ultrasonic coupling agent 
which prevents accurately detecting voids and disbonds with NDI. 

(J) Durability tests of bonded structure should be performed at a cycle 
rate and environment similar to that of actual service usage. The phosphoric 
acid anodize and FM73 adhesive system successfully sustained all real-life 
service test conditions. 

(4) Durability tests of bonded structure should be performed at a cycle 
rate and environment similar to that of actual service usage. The phosphoric 
acid anodize and FM73 adhesive system successfully sustained all real-life 
service test conditions. 

(5) Metal crack propagation is contained within the stiffened boundaries 
of pressurized panels. Midbay cracks propagate in a straight line to the adja
cent bonded joint and then turn. Cracks located off the midbay begin to turn 
immediately. All cracks eventually form a "window" which will be obviously 
detectable either because of a benign depressurization or inability to pres
surize. 

(6) The PABST program has clearly demonstrated that the new 121 °C 
(250°F) cure modified epoxy adhesives have environmental resistance and 
strength characteristics necessary for primary aircraft structure. 

(7) The damage tolerances and durability of bonded primary structure has 
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been demonstrated as markedly superior to mechanically fastened structure 
even with the wide latitude in fabrication quality allowed on the PABST pro
gram. 

{8) The potential weight and cost savings of bonded primary structure was 
validated based on manufacturing cost analysis and FSDC test performance. 
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ABSTRACT: For the application of this study, an aircraft jet engine rotor disk under 
constant temperature (room temperature) is selected. Assuming crack initiation to occur 
at the rim slot of an aircraft jet engine rotor disk under constant temperature (room 
temperature) for the application of this study, and converting the three-dimensional 
stress into a two-dimensional one, their life prediction is analyzed. The iife prediction 
system was predicated on stress analysis, nondestructive testing, and material properties. 
The stress at the cracked part of the rim slot is calculated by the finite-element method, 
and the crack propagation is calculated by Paris's rule. Assuming Klc and the difference 
between K]c and calculated K—that is, (Klc — K)—to be a Gaussian distribution, safety 
is estimated by the relationship between fracture probability, Py, and standard deviation. 

In the numerical examples, assuming an elliptic surface crack at four different parts of 
the rim slot, the crack propagation after 2000 cycles is calculated. The safety factor of 
rotor disks is judged by the value of (/fIc — K). 
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ZAKO ET AL ON RESIDUAL LIFE PREDICTION 409 

Traditionally, life prediction of aircraft jet engine rotor disks is decided by 
crack initiation criteria. For example, useful life is defined as the number of 
cycles needed to produce a 0.8-mm-long crack on the surface with a prob
ability of 0.1 percent. In this way of thinking, useful life is statistically based 
on the number of the population of disks which have minimum strength 
properties, although this is conservative for real materials. For example, In-
conel 718, a typical nickel-based superalloy, has a large scatter in crack in
itiation at 538°C (lOOO^F). 

Recently, in the development of fracture mechanics, the concepts of 
Damage Tolerant Design and Retirement-for-Cause have been applied to the 
design and maintenance of aircraft jet engine rotor disks in order to reduce 
the life cycle cost of disks. 

Retirement-for-Cause is a life extension procedure based on fracture 
mechanics analysis of crack propagation intended to retire the individual 
cracked disk from service rather than necessitate removal of all the disks 
from service after a specified time and to optimize the overall service life and 
thereby minimize maintenance costs. Recently, this methodology has been 
extensively studied by many researchers [1-6].'' Also, a Damage Tolerant 
Design System for fan disks has been reported by Meece and Spaeth [7] in 
1979. 

The present investigation offers an outline of an evaluation system for the 
residual life of rotor disks [4], consisting of stress analysis, nondestructive 
testing, and material properties. The two-dimensional stress analysis of the 
rim slot of turbine disks was conducted by the finite-element method. For the 
actual three-dimensional crack, the two-dimensional stress around the crack 
was converted to a quasi-three-dimensional stress. 

Crack propagation was calculated by Paris's rule. Assuming Ki^ and the 
difference between Ki^ and calculated /T—that is, (ATjc — K)—to be a Gaus
sian distribution, the probability of failure, Pp is calculated and then the 
reliability of rotor disks is analyzed. These investigations were conducted for 
four different critical parts of the rim slot of the turbine disks as numerical 
examples. 

Outline of the Evaluation System 

In order to evaluate the residual life of a rotor disk under constant 
temperature as numerical example, information on material testing results, 
stress analysis of the disk, and size of the crack or relative damage is 
necessary. The material properties and stress distribution of the disk can be 
obtained by material tests and the finite-element method by computer. The 
crack information can be obtained by using nondestructive tests. The 

'The italic numbers in brackets refer to the list of references appended to this paper. 
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410 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

residual life can be evaluated by this infomiation, and the flow chart of the 
system for residual life prediction is shown in Fig. 1 [4]. 

The central part of Fig. 1 shows the stress analysis for a disk and the stress 
map. The loading of the engine can be determined from past operation or 
design data. The residual life is calculated by these parameters. For instance, 
if damage such as a crack is found on the rotor disk when it is inspected, its 
position and amount of damage will be measured and the stress around the 
crack tip will be calculated by the stress map. As the mechanical properties 
are determined from the material testing data, the rates of progression of 
damage for a certain load history until the next inspection are calculated. 
Hence a probability judgement as to whether the disk has to be changed im
mediately or not can be made. 

Stress Analysis 

The mesh of the rim slot of the rotor disk for the finite-element method is 
shown in Figs. 2a and 2b. The mechanical properties and the parameters used 
for calculation are shown in Table 1. 

The computational results for the stress distribution of the rotor disk 
under the constant temperature (room temperature) were input to a com
puter to enable such further calculations as might be needed. Therefore, if a 
crack is observed, stress analysis of the crack and evaluation of residual life 
can be done immediately by using the map. 

The stress map of the rim slot is shown in Fig. 3. It must be noted, 
however, that the actual crack is three-dimensional, and it is very difficult to 
analyze rotor disk stress three-dimensionally. As it is very convenient for 
design to analyze two-dimensionally, this paper will analyze stress as a two-

MATERIAL 
TEST 

MATERIAL 

PROPERTIES 

STRESS ANALYSIS 
OF DISK BY FEM NDJ, 

STRESS MAP 

EVALUATION 
OF LIFE 

INFORMATION 
OF CRACK FOR 

EVALUATION 

I LOAD HISTORY 1 
I I 
I I 

FIG. 1—Flow chart of evaluation system for residual life of machine components. 
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ZAKO ET AL ON RESIDUAL LIFE PREDICTION 411 

DETAIL OF SECTION 1 

FIG. 2a—Finite-element mesh of rim slot of rotor disk. 

dimensional problem. Thus, to determine stress around the crack, the actual 
crack in three dimensions must be changed to a two-dimensional one. 
Therefore, and consonant with the geometric shape of the crack, actual 
stress on the rotor disk is calculated by translation to two-dimensional stress 
with the stress map. 

The geometric shape of a crack for translation to two-dimension is shown 
in Fig. 4, where a is actual crack length and a^cos^d + sin^^cos^^ is the 
observed crack length on the surface of the disk. 

The following equations are derived from Fig. 4: 

(7 = CTj cos^<l> + aj sin̂ <̂  
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412 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

a" = a\ sin^0' + 02 cos^4>' 

a = a' cos^acos^^ + a"sin^O 

(1) 

where, j j and oj are the calculated stress in two dimensions, and a is the ap
plied stress on the actual crack. Therefore, if the data on the angles and 
crack length can be measured in two dimensions, the stress around the crack 
will be calculated as quasi-three-dimensional. 

Fracture Toughness 

Two specimen types were prepared for the fracture toughness test: Ti-6A1-
4V(IMI 318), and Ti-6Al-4V-Zr(IMI 685). Crack initiation was electrically 
measured. Figure 5 outlines the measurement method for a three-point-

OETAIL OF SECTION 2 

FIG. 2h—Finite-element mesh of rim slot of rotor disk. 
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ZAKO ET AL ON RESIDUAL LIFE PREDICTION 413 

TABLE 1—Mechanical properties and parameters for 
analysis." 

Number of blades 
Mass of one blade 
Outside diameter 
Inside diameter 
Rotational speed 
Density 
Young's modulus 
Poisson's ratio 
Crack propagation factors 

Value of C 
Value of m 

16 
0.95 kg 
250 mm 
80 mm 
5800 rpm 
4.68 g/cm^ 
108 853 MPa 
0.34 

2.197 X lO"-* 
4 

"Material = IMI318; test temperature = room temperature 
(20°C). 

FIG. 3—Division-of-stress map. 

bending test to the point of unstable crack propagation. In order to obtain 
fracture toughness, the precracked bend-bars and compact tension speci
mens were used. Figure 6 is a typical testing result of the relations of crack-
opening displacement (COD) versus load and voltage difference versus COD, 
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414 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

FIG. 4—Geometric relation of crack in two dimensions and three dimensions. 
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FIG. 5—Scheme of electricity measurement for crack initiation. 
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DISPLACEMENT mm 

FIG. 6—Typical testing result of AE versus COD and load versus COD. 

in order to determine the initiation point of unstable crack propagation. The 
experimental results of fracture toughness are shown in Table 2. 

Calculation Procedure of Residual Life 

The progression rate of a crack can be calculated by Paris's rule. If a crack 
is found in a periodic inspection, it will progress till the next periodic inspec
tion by the following equation: 

A=AQ+ C(Ak)'"dn (2) 
Jo 

where AQ, N, and A represent crack length in the first periodic inspection, 
the number of cycles until the next periodic inspection, and the crack length 
then, respectively. Thus, the crack propagation rate is calculated for each 
number of cycles, and the stress intensity factor, Ki, due to the propagated 
crack length for each cycle is analyzed. Therefore, as the fracture toughness 
Ki^ was already obtained by the fracture toughness tests, the value of (Ki^ — 
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416 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

TABLE 2—Tesi result of fracture toughness." 

Specimen No. 

1 
2 
3 
4 
5 
6 
7 
8 

Material 

1MI685 
IM1685 
1M1318 
1M1318 
IMI318 
1M1685 
IM1318 
1MI318 

Type 

BB 
BB 
BB 
BB 
BB 
CT 
CT 
CT 

' ' • ' C " , , , 

MPa-m'^ 

49.62 
50.55 
42.18 
44.66 
42.18 
52.72 
42.18 
39.38 

Crack Length, 
mm 

12.25 
12.90 
12.45 
12.75 
12.80 
12.25 
12.95 
12.60 

"Test temperature = room temperature (20°C). 

K^) for each arbitrary cycle can be calculated. From this value, rotor disk 
usability can be judged. For instance, when the inspection interval is 2000 h, 
the /Cj-value after 2000 h from prior inspection is calculated, and if the value 
of {Ki^ — Ki) \s greater than zero, the rotor disk can be used until the next 
inspection. However, if the value of (K\^ ~ /Ti) is less than zero, the rotor 
disk must be changed. 

Despite these findings, the problem arises that true reliability has not been 
fully considered by these values. For the actual state, it will be very important 
to calculate reliability based on the stress intensity factor. 

Applications 

For practical application, a few examples are analyzed. The state of an 
observed crack after a spin test is shown in Fig. 7. Most cracks appear in the 
rim slot, as in this figure, and the important positions for strength of a rotor 
disk are the rim slot, the bolt hole connecting the disk and the shell, and the 
bore. Therefore cracks occurring in the rim slot have been analyzed as ap
plications of the method presented in this paper. 

In calculating the probability of failure, P^, the distributions of K\ and K\^ 
must be considered. As a typical example, when the distribution of K\^-
values is Gaussian, the difference of K\^ from the /Cpvalue is also Gaussian 
because the calculated K\ is definite. Figure 8 shows the definition of prob
ability of fracture. 

If many cracks occur on the rotor disk, the probability of failure, P / is 

P / = 1 - fl (1 - P/) . (3) 

where P] is the probability of failure for each disk, and / is the number of 
cracks. When Pj is extremely smaller than 1, we can obtain 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



ZAKO ET AL ON RESIDUAL LIFE PREDICTION 417 

Pf = .^, P/ 
1= 1 

(4) 

When each crack is considered independently, Eq 4 becomes 

P/ £ «(P/)n,„ (5) 

In this paper only a single crack is considered on the rim slot, because many 
cracks do not ordinarily occur at the same time. 

As the rim slot is separated into three parts (Fig. 2), it is necessary to 
calculate the probability of failure for cracks occurring in each part, so the 
input data shown in Table 1 are used. The shape of the crack is assumed to 
be a half ellipse (Fig. 9). The input data used to calculate failure probability 
are X|, X2, 6, and a, the former showing the coordinate points of crack ini
tiation and the latter being the crack orientation. 

Example 1 

Because crack propagation clearly depends on flight time, one hour has 
been chosen as the flight time cycle for these examples, as one flight hour 
corresponds to the approximate distance from Tokyo to Osaka. Two thou
sand hours were set as the interval for periodic inspection. 

FIG. 7—Crack on rim slot of rotor disk. 
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PROBABILITY 

OF FRACTURE 

K Kii 0 

FIG. 8—Definition of probability of fracture. 

CRACK 

^̂ 2 A 

CRACK DEPTH 

\ 
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FIG. 9—Input data for calculation of residual life of semi-elliptical crack. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



ZAKO ET AL ON RESIDUAL LIFE PREDICTION 419 

For the semi-elliptical crack of 4.0 mm depth and 8.0 mm length in Part A 
as shown in Fig. 2, where Xi and Xj are 0 and 2.0 mm, respectively, the com
puted results are shown in Table 3, as derived from the input and output 
computer sheets. In input. Angle 1 and Angle 2 mean $ and a. In the output, 
the crack length is recorded every 100 h, and the crack length when the flight 
time reaches 2000 h is shown in the last line. 

According to this result, the difference Ki^ from Ki is 

(ATic - Ki) = 5.9a 

where a is standard variation. The probability of failure for this value 
becomes 10^* because the Gaussian is considered as the distribution for the 
value of Ki^.. 

Under actual conditions, it is considered that the probability of failure 

TABLE 3—Example I. 

INPUT CRACK liATA LENGTH X I AND X2 
FORMAT 2F"10.0 

0 . 0 2 . 0 
INPUT CRACK [lATA CRACK L [LNGTH AND OEPTH 
FORMAT 2 F 1 0 . 0 

8 . 0 i^. 0 
INPUT CRACK [JATA ANGLE! AND ANGLE2 
FORMAT 2F-10.0 

0 . D 0 . 0 

(L . 4000fi6624i:<2[l683D 
, i,00013248A831>3S7D 
,A(i0019S7:i0544131[i 
••*00026A978-'i47114D 

,40003.512285444151) 
,40D039746083614:iD 
4000463735322406!! 

,40a0f.29992003315[i 
, 4(!0059t'i250Ci78977Fl 
,4000t':,62511949503D 
. 400072877521 50D-1D 
.4n00V95fl4O675';8OD 
.4flD0Bf.l308;i3134«t) 
.4ilDD9275781824-16D 
.40009938502288930 
. 40010601 2447D8a8[) 
.40011264009085090 
.4001192679541865D 
.4001258960371067ri 
.4001325243396222D 

Dl 
0 1 
01 
0 1 
0 1 
0 1 
0 1 
0 1 
0 1 
0 1 
0 1 
0 1 
0 1 

0 1 
0 1 
0 1 
0 1 
0 1 
0 1 
0 1 

IHETA-- II.3249998L 01 
CKIC: K) /KIGNA =: 5 .90501 

DANGE;R 
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420 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

must be greater than 6.7a for safety, meaning that in this example the crack 
is dangerous because the value of {Ki^ — /Cj) is smaller than 6.7a. 

Example 2 

For the semi-elliptical crack of 4.5 mm depth and 9.0 mm length which oc
curred in Part B where X, and X2 are 1.0 and 10.2 mm, respectively, the 
computed result is shown in Table 4. In this example, the value of (K^^ — Ki) 
is approximately 11.8a. It is probable that this crack is safe until the next in
spection because the value of (Ki^ — A"]) is greater than 6.7a. The probability 
of failure is about 10~^^. 

TABLE 4—Example 2. 

INPUT CRACK DATA LENGTH XI AND X2 
FORMAT 2F10.0 
l.Q in.2 
INF'UT CRACK DATA CRACK LENGTH AND LiEPTH 
FORMAT 2.F10.0 
9.0 ^.5 
INPUT CRACK DATA ANGLLl AND ANGLE2 
FORMAT 2F10.0 
(I. a 0.0 

0.45000188D0A10217D Ol 
0.^5000376tlDV77526D 01 
0.4500056^017019290 01 
0.450007520258342SD 01 
0.45D00940D3622025D 01 
n.45D011280A817722D 01 
0.45D01316[I617052DD 01 
0.4S0ni50'.D7680'.22ri 01 
0.45001692093'.7'.3DD 01 
D.'.500188011171'iA6D 01 
0.A5OD206813152770D 01 
n.45D0225615291107D 01 
Cl.i,500244A1758655SD 01 
tl.4500263220039124D 01 
O.A5CI0282022648807D 01 
a.45[l0300825A15609D 01 
0.4500319t28339534D 01 
D.i,500338431A2a5aiD 01 
0.45003572346587S5D 01 
0.'.500376D38D54CI55D 01 

TETA= Q.3249798E 01 
( :K IC-K; I / ; : ; IGMA =̂  I I . 8 7 A 7 1 

IT IS SAFE 
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Example 3 

For the semi-elliptical crack of 4.0 mm depth and 8.0 mm length which oc
curred in the boundary point Part A and Part B where Xi and X2 are 0 and 
4.0 mm, respectively, the computed result is shown in Table 5. In this exam
ple the value of {Ki^ — Ki) is approximately 6.6a. It is recognized that this 
crack is dangerous because the value is smaller than 6.7a. 

Example 4 

For the semi-elliptical crack of 4.0 mm depth and 8.0 mm length which oc
curred in Part C where X^ and Xj are 9.0 and 12.5 mm, respectively, the 

TABLE 5—Example 3. 

INPUT CRACK DATA LXNGTH XI AND X2 
FORMAT 2 f l 0 . a 

0 . a 4 . • 
INPUT CRACK [lATA CRACK 1.1; NCTH ANIl !i(:PTH 
FORMAT 7 r i 0 . n 

a . D 4.(1 
INPUT CRACK DATA ANSI E l ANO ANGLE;2 
f ORMAT 2 P i n . D 

0 . D 0 . • 

n.ACl00(l'.71fc('.67V312[:i 01 
ri.4(IO011'.29;jtl2[J217[i Dl 
D.4fl(:i01729451122785(1 01 
0.4000230596687091(1 01 
CI.4n0028825(l013205[J 01 
0.40003459050011980 01 
(l.4firi04035M651143() 01 
0.4000461219963112(1 01 
0.400051(1879937177(1 01 
0.4D00f.765415734a9D 01 
(1.40006342046718800 01 
0.40006918698326630 01 
0.400074V-.36455«28D 01 
0.40000072047414490 01 
0.40n0fi64a74689'i96(i 01 
0.4000922546300342(1 01 
0,40009802195737580 01 
(1.400103/8945099170 01 
0.4001D95571108S91D 01 
0.40011!i32493707500 01 

"IHEITA-- 0.324999SP 01 
I:KIC-K.I/SIGMA ^ 6.65989 

IT IS HANGER 
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computed result is shown in Table 6. In this example the value of (Ki^ — Ki) 
is approximately 26.5CT. It is recognized that this crack is safe because the 
value is greater than b.la. 

Conclusion 

A system to calculate the residual life of machine components has been 
established, and a few examples for aircraft jet engine rotor disks under con
stant temperature (room temperature) have been solved in this paper by us
ing the system. Though this system is not perfect because heat, creep 
phenomena, and other physical deviations have not been considered, it is still 
very effective in determining residual life. 

TABLE 6—Example 4. 

n-lPUT CRACK DATA LtTHGTH X I Af-ID X2 
F0RMA1 2 H 0 . t i 

V .U 1 2 . 5 
INPUT CRACK DATA CRACK I t N S T H AND DEPTH 
f ORMAT 2F-1D.II 

8 . 0 4 . 0 
INPIIT CRACK DATA ANGI E"_l AND A N h l F / 
FORMAi 2F i n . n 

120.Q O.n 

ci.i,(iDonnoi!Di;v,59n79D n i 
fi. 4(1001100(1026781590 01 
[i .4noonoQno40i72;i9D o i 
O.4(l00(ID0llD5356319D 01 
0.4000000(1066953990 01 
(i .400ooyooo;;o:K479D o i 
(1.4000(1000093735590 Dl 
(1.4000(1000107126390 01 
0.40000000120517190 01 
0.4DOaODO(il3390799D 01 
0.40000000147298790 01 
0.4000D0001606S959D 01 
0.40DQOOOai74DS039D 01 
(1.40000000187471190 01 
0.40000000200861990 01 
(I. 4000000(12-14252790 01 
11.400110000227643590 01 
(1.40000000241034390 01 
(1.40000000254425180 01 
(1.40000(100767815990 01 

iHETÂ . (I.1232446E: 03 
(KIC--K)/;iI&MA ^ 26.51779 

11 1(5 ilAPE 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.

http://2F-1D.II


ZAKO ET AL ON RESIDUAL LIFE PREDICTION 423 

Especially since residual life can be calculated when the rotor disk is 
checked in inspection, the compiling of practical data for rotor disks should 
lend itself to establishment of a useful system. 
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ABSTRACT: Laboratory and analytical fatigue studies were undertaken to assess the 
criticality of flaws found within several 63.5-mm-diameter communication tower eye-
bolts. Fatigue-fracture mechanics analyses provided fatigue life predictions which com
pared closely with subsequent fatigue experiments on the eyebolts subjected to particular 
load histories. Results of the study provided the basis for continued usage of many of the 
used eyebolts and gave specific guidelines on flaw size/location/criticality that were im
portant in setting nondestructive inspection intervals and sensitivity limits. 

KEY WORDS: fatigue, fracture, damage tolerance, lugs, guyed towers, fatigue life pre
diction 

Nomenclature 

a Crack length or depth 
a, Initial crack length 
df Final crack length 

A\, A2 Intercepts defining positions of log-linear segments of strain-life 
curve 

c One half the surface crack length 
C Crack growth rate intercept 

da/dN Crack growth rate 
E Young's modulus 

K( Strain concentration factor 
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Stress intensity factor range 
Effective stress intensity range 
Final stress intensity range 
Initial stress intensity range 
Maximum stress intensity 
Threshold stress intensity range 
Exponent in equivalent strain parameter 
Back face stress magnification factor 
Crack growth rate exponent 
Exponents defining slopes of log-linear segments of strain-life 
curve 
Fatigue cycles 
Fatigue cycles to failure 
Fatigue cycles to crack initiation 
Fatigue cycles from crack initiation to failure 
Maximum eyebolt load 
Minimum eyebolt load 
Ratio of minimum to maximum stress 
Nominal stress range 
Product thickness 
Typical ultimate strength 
Typical yield strength 
Equivalent strain parameter 
Local maximum strain 
Local maximum stress 
Flaw shape parameter 

During inspection of the guyline hardware of the 410-m Loran tower on 
Iwo Jima in 1976, magnetic-particle indications of cracks in eyebolts of the 
second-level guylines were discovered. These indications were found at the 
head and eye fillets of AISI 1045 eyebolts. Because the tower structures are 
compressively loaded through tensile preload on the guylines and a single 
eyebolt failure will result in destruction of the tower by buckling, serious con
cern existed over the remaining service life of the damaged eyebolts in this 
tower and in other high towers operated by the U.S. Coast Guard. A 410-m 
loran tower collapsed at the U.S. Coast Guard Station at Angissoq, Green
land in 1964 because of an eyebolt failure. Concern over the observed dam
age in the eyebolts of the Iwo Jima tower prompted the present study to (/) 
investigate the extent and cause of the observed damage in the eyebolts, and 
(2) estimate the remaining life in the damaged eyebolts. 

This paper begins with a description of the experimental work and a 
discussion of the fatigue test results on both unused and damaged eyebolts. 
Next, the fatigue and fracture tolerance analyses are described, and the cor-
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relation between experiment and analysis is presented for the investigated 
eyebolt design. Further details regarding the overall study, including specific 
details on the metallographic and nondestructive examination of the eyebolts 
can be found in Rice et al [7].^ 

Experimental Work 

The goal of the experimental program was to evaluate the extent of 
damage in the used AISI 1045 steel eyebolts. Because of time and cost con
straints, actual field loads and environments were not used in the laboratory 
for the fatigue testing of new and used eyebolts. Constant-amplitude cyclic 
loading was chosen, along with an environment of room temperature, labora
tory air (at 293 K and 50 percent relative humidity). The ambient environ
ment was considered acceptable since neither corrosion nor corrosion-
assisted cracking was found to be of significance in the damaged areas of the 
used eyebolts [1]. Constant-amplitude cycling was employed with the realiza
tion that the locations of the fatigue failure within the eyebolts tested in the 
laboratory might differ from those experienced in the field, especially if the 
degree of field damage was modest and had not created appreciable localized 
damage (that is, cracking). 

The minimum and maximum eyebolt loads were based on the design pre
load for the 63.5-mm-diameter eyebolts in the second-level guylines (102. 
kN) and a percentage of the maximum static design load for the eyebolts 
(587. kN), respectively. The experiments were completed on a 2200 kN 
capacity, electro-hydraulic, servocontroUed test system. Cyclic frequencies of 
10 to 15 Hz (cycles per second) were used in all experiments. 

The eyebolt-fatigue tests fall into three categories: (/) unused eyebolt tests, 
(2) flawed eyebolt experiments, and {3) eyebolt strain-gage experiments. 

Unused Eyebolt Experiments 

Three unused AISI 1045 steel eyebolts were fatigued tested to failure em
ploying maximum stress levels equivalent to 133, 100, and 70 percent of the 
maximum eyebolt design load. The two most severe experiments were con
ducted using the same stress ratio as the design load ratio of 0.174 (102 kN/ 
587 kN). The least severe experiment was conducted using a minimum load 
equivalent to the design preload, which produced a slightly higher stress ratio 
of 0.248. The results of those experiments are listed in Table 1. 

The unused eyebolt fatigue experiments provided a basis of comparison 
with data obtained from fatigue tests on used eyebolts in the next phase of 
the experimental work. The eye web failures which resulted were of signifi
cance because no service failures had ever occurred in that location. The dif-

^The italic numbers in brackets refer to the list of references appended to this paper. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



RICE AND SMITH ON TALL LORAN TOWER EYEBOLTS 427 

1 

s 

I 
sa 
< 

•a 
c 0 
CJ 

Is 
.̂  c 

•o 
OJ 
l/l 
3 
C 
3 

•o 
u 
« 3 
C 
3 

•o 
a> V I 

3 
C 
3 

iS 
ao n 
o 
-OS 
^ 5 -M ' ^ 

1& 

— t» 

1 iS 
0 

s •M 4 J 

li i j . !S 

XI J 3 * 
(U (U QJ 

s s s 
U 0) U >> >^ >^ 
U 0) HJ 

as TT o 
• ^ (N (N _ __ 

r o rO UO r ^ 

O iTi 

00 I ^ ^ rH r^ 
t ^ 00 -H -H OO 
t ^ I/) TT TJ- lO 

-H t ^ 
-H QO 
• ^ lO 

-H t ^ 
T^ 00 
• ^ i n 

, V V < 
C/5 UO t/5 (N 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



428 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

ferences in loading between the laboratory and the field undoubtedly con
tributed to this result. 

It is also of importance to note that the unused eyebolt experiments were 
completed with unused rockers installed/ just as they are typically used in 
most of the critical eyebolt placements in the field. The rockers, which were 
made of Alloy 718, saw the same load history as the eyebolts and they con
sistently failed at very short lives compared to the eyebolts. In fact, the 
rockers consistently failed at less than 2 percent of the eyebolt fatigue lives. 

It became apparent that the rockers were the weak link in the guyline 
system. If it were not for the fact that rocker failures are typically noncritical 
(that is, rocker failures do not cause collapse of the guyline and subsequent 
collapse of the tower), the emphasis of the study on the eyebolts rather than 
the rockers would have been questionable. Even in the infrequent cases 
where rocker failures have occurred, they have been detected soon afterward 
with a high-power telescope during guyline inspections, and the necessary 
rocker replacements have been made without damage to the tower. 

In contrast, the progressive degradation of an eyebolt is not visible with a 
high-power telescope and failure of an eyebolt does invariably cause collapse 
of the tower. Therefore the focus of the study on the remaining service life 
potential of the eyebolts did seem warranted. 

The short fatigue lives of laboratory-tested rockers were important in 
another way. It became apparent that maximum guyline loads must gener
ally be below 50 percent of the eyebolt design load; otherwise, rocker failures 
would have been occurring regularly in the field. In reality, many of the 
rockers have remained in service for 10 years and endured over 10^ guyline 
load oscillations without failure. The high maximum loads employed in the 
laboratory were only used to allow the development of eyebolt fatigue failures 
in a realistic time frame. 

Flawed Eyebolt Tests 

The second series of fatigue tests involved evaluations of eyebolts taken 
from service. The three eyebolts had been removed from service because they 
were considered to be significantly damaged, as evidenced by sizeable surface 
flaws detected in the head- and eye-fillet regions during on-site, magnetic-
particle inspections. 

The first experiment was done on Eyebolt 2A1-1C because it contained two 
very long, parallel, transverse surface flaws in the eye-fillet area. Strain gages 
were applied to this eyebolt prior to fatigue testing (Fig. 1). In addition to 
strain gages in the eyehole and head-fillet regions, several gages were placed 

A rocker is a universal-ring assembly that nests between the eyebolt head and the insulator 
cap recess. It permits the eyebolt head to pivot under lateral loads, thereby reducing bending 
stresses at the eyebolt head fillet. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



RICE AND SMITH ON TALL LORAN TOWER EYEBOLTS 429 

EYE 

HEAD 

Section B-B 

Location 

Eye tiole (web) 
Eye fillet 
Shank 
Head fillet 

Gage No.'s 

1,2,3,4 

5,6 
7,8 

9,10,11 

"I 
A 

CD Section A-A 

FIG. 1—Strain gage locations for Specimen S-2. 

over the flaws in the eye fillet, so that any growth of these flaws could be iden
tified readily. 

After the cyclic loads were selected, initial strain-gage readings were made 
during a static application of the maximum load level. The test was then 
begun and continuous cycling was maintained except for occasional strain-
gage checks under static maximum load. No significant variations in strain-
gage output were observed, a condition that indicated no accumulation of 
damage within the eyebolt at these locations. Cycling was continued through 
13 500 000 cycles, and no damage was evident. Then the maximum load was 
increased to the design level and the test was restarted. At this higher load, 
the eyebolt failed in 269 000 cycles, a value that was only slightly below the 
fatigue life found with the unused eyebolt at the same load level. The flaws in 
the eye fillet did not grow during the test; the failure occurred in the eye web. 
This result was very significant because it showed that the flaws in the eye 
fillet, originally thought to be quite damaging, were really insignificant fac
tors in determining the remaining service life of the used eyebolt. A destruc-
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tive examination of these eye-fillet flaws after completion of the fatigue test 
proved them to be fabrication flaws less than 1.2 mm deep. 

The second flawed eyebolt selected for the test was identified as 2A2-2C. It 
was chosen because it had been examined nondestructively and was found to 
contain two flaws in the head-fillet region, the area thought to be most 
critical from the standpoint of actual eyebolt fatigue performance in service. 

Again, no significant damage (or increase in existing flaw sizes) was 
observed on the eyebolt at the initial load range. The maximum load was 
therefore increased and at the higher load range, the eyebolt did fail in an ad
ditional 334 000 cycles. Significantly, the failure did occur at the head fillet 
and grew from one of the flaws that had been identified during nondestruc
tive inspection. Subsequent fractographic examination of the failure surface 
also revealed that the initial flaw leading to failure had been a fatigue crack, 
rather than a fabrication flaw. Despite the size and initiation mechanism of 
the failure, the fatigue performance of this eyebolt was slightly superior to 
both of the others tested previously at that load level. The meaning of these 
results will be discussed further in a later section. 

The final flawed eyebolt that was fatigue tested was Eyebolt 2A1-3C. In 
nondestructive inspections, it had been found to contain a single flaw in the 
head fillet region. This experiment had the same cyclic loads as the previous 
two flawed eyebolts. There was no discernible damage after 6 020 000 cycles 
at that load level, so the maximum load was increased to the design limit load 
for the rest of the test. After 265 000 additional cycles at this higher load 
range, this flawed eyebolt failed. It did not fail in the head fillet; instead, it 
failed across the eye web where most of the earlier eyebolt failures had oc
curred. Metallographic examinations of the head fillet after the test failed to 
reveal this defect. It is possible that the flaw was quite shallow, which might 
partially explain why the head-fillet location of this eyebolt was noncritical. 

For purposes of comparison, all of the eyebolt-fatigue-test results are listed 
in Table 1. The meaning of these results from an analytical standpoint is 
reviewed in the Discussion. 

Eyebolt Strsdn-Gage Measurements 

To understand more about the actual local strains within the eyebolts for 
uniaxial-loading conditions, a series of small metal-foil strain gages was 
placed on two unused eyebolts (S-2 and S-3) and one flawed eyebolt (2A1-2C) 
before fatigue testing, and records were made of the resultant local strains. 
The locations of the gages used on S-2 are shown schematically in Fig. 1. The 
size of the gages varied from about 0.8 to 6 mm, depending on the strain gra
dients in the region being monitored; for example, strains at the head-fillet 
(which had a root radius slightly under 5 mm) were monitored with the 
smallest available, carefully positioned gages. Results of the strain-gage data 
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are summarized in Fig. 2. The strain-gage readings showed three things. 
Firstly, shank readings were exactly of the magnitude predicted from applied 
loads, shank cross-sectional area-estimates, and modulus estimates;- that is, 
the shank strain-concentration values were close to unity. Secondly, the eye-
fillet strains were slightly more than twice as high as the shank strains, which 
indicated that the effective eye-fillet strain-concentration factor was 2.1. 
Thirdly, the eyehole strains, as measured on the interior hole surface at the 
outside edges, were of practically the same magnitude as the head-fillet 
strains and of a magnitude approximately three times the shank strains. 
Although some variation was evident in the measurements, it was conser
vative to approximate both the head-fillet and eyehole strain-concentration 
factors with a value of 3.0. 

Discussion 

Some tentative conclusions regarding the objectives of this eyebolt-fatigue-
evaluation program could be made after all of the fatigue tests were com
pleted, but further support for these conclusions was desirable, so analyses 
were performed to develop fatigue-life estimates under other loading condi
tions and to attempt to answer some of the questions that arose during the 
testing program. 

Fatigue-life estimates were made by considering the potentially critical 
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FIG. 2—Strain measurements during cyclic loading of Eyebolt S-2. 
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sites within the eyebolt and assessing the probable number of fatigue cycles 
that would be required to initiate a crack in those areas. The two phases of 
crack initiation and propagation are first dealt with separately in the follow
ing subsections, then they are treated jointly to develop the overall-fatigue-
life estimates. 

Crack-Initiation -Life Estimation 

The estimation of crack-initiation life in a component subjected to fatigue 
loading can be handled in several ways, but all methods must rely on sound 
material-property information and realistic information regarding the defor
mation response of the component in critical areas. For the analysis de
scribed here, it was important to know: (/) baseline fatigue properties for the 
eyebolt material; (2) the cyclic stress-strain response of the material; {3) the 
maximum load, load ratio, and cross-sectional area of the eyebolt; and {4) 
the local strain-concentration factors for the eyebolt at critical locations. 

A fatigue-life curve for unnotched SAE 1045 steel under fully reversed 
loading was obtained from Landgraf [2] for a strength level (TYS, 630 
MN/m^; TUS, 725 MN/m^) very nearly the same as that estimated for the 
eyebolts. Since this curve was developed from tests on small, 6.35-mm-diam-
eter unnotched laboratory specimens, cycles to failure, Ny were considered 
nearly coincident with cycles to initiation, JV,. 

Along with the fatigue information, Landgraf [2] also reported the mono-
tonic and cyclic stress-strain response for this material. This information was 
important because it was needed to make a realistic estimate of the local 
stresses in critical regions of the eyebolt when those regions were subjected to 
large strain amplitudes that induced significant cyclic plasticity. 

Information on the local strain-concentration factors in the critical areas 
of the eyebolt was developed in the course of the laboratory work in this pro
gram. The results of those measurements were presented in Fig. 2. 

With all of the necessary background information ascertained, it was then 
possible to proceed with the prediction of crack-initiation lives for the AISI 
1045 steel eyebolts subjected to various hypothetical axial-load magnitudes. 
The first step was to compute the nominal stress range, AS. Then the local 
strain amplitude, e ,̂ was estimated from A^ and the local strain-concentra
tion factor, Kf, as follows: 

K,AS 

where E = the elastic modulus. 
From Eq 1, the maximum local strain, Cmax. was then estimated: 
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^max J _ ^ (2) 

and the local maximum stress, a^^^, was approximated from e^a^ using the 
cyclic stress-strain curve. After computing all of the local stress and strain 
components, the only important step remaining was to combine those pa
rameters into an equivalent strain factor that properly accounted for the 
stress-ratio differences between the eyebolt loadings and the fully reversed 
(R = —1.0) baseline fatigue data that were available in the literature [1]. 
Previous work [3] showed that for a variety of materials, this stress-ratio dif
ference could be accounted for through use of an equivalent-strain param
eter, egq, computed as follows: 

eeq = (2£„)'"(a„,,/£)i-'« (3) 

The exponent m was chosen to be 0.40 based on earlier optimization studies 
[3]. Using Eq 3 and the available fully reversed fatigue data, it was then 
possible to construct an expression relating anticipated crack initiation life 
with equivalent strain as follows: 

Ny = Aie,q"'+A2e,q"^ (4) 

where the A and n values were graphically determined constants. Equation 4 
represents a curve similar in shape to that of the commonly used Basquin/ 
Coffin-Manson relationship [4-6], except that equivalent strain, rather than 
fatigue life, was the independent variable, and fatigue life, rather than strain 
amplitude, was the dependent variable. 

Employing the aforementioned analysis procedure, it was possible to con
struct estimated fatigue crack initiation life curves for a range of maximum 
eyebolt loads, as shown in Fig. 3. Several points concerning Fig. 3 and the 
analytical estimates of crack-initiation life are worthy of note. Firstly, the 
crack-initiation-life estimates for the eyehole and head-fillet were the same, 
because all the input parameters defining Cgq were the same. This means that 
for a particular constant-amplitude, uniaxial load, the cycles to initiate a 
crack in either critical region would be essentially the same. Why is it then 
that no fatigue cracks have ever been found in the eyehole, whereas three 
have been found in the head-fillet area of three different eyebolts (for exam
ple, Eyebolt 2A2-2C)? The most plausible explanation seems to be that 
substantial bending stresses were introduced in the head-fillets of certain eye-
bolts during service, either because no rocker was present (as in the cluster 
eyebolts at the top of the guyline), or because the rocker did not completely 
remove bending moments caused by cable dynamics. These bending stresses 
probably aggravated local stresses in the head-fillet area to the extent that 
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FIG. 3—Projected crack-initiation cycles for the eyebolt head-fillet, the eye-hole, and the eye-
fillet. 

fatigue cracks eventually formed. The analytical prediction still remains, 
however, that for purely uniaxial loads, there appears to be nearly equal 
probability of crack initiation in the eyehole and head-fillet. This is, of 
course, based on the assumption that normal dimensional tolerances are 
maintained for the eyebolt and eyepin. 

The second point regarding Fig. 3 is that the eye-fillet region is predicted 
to be far less critical than the eyehole or head-fillet in terms of crack initia
tion. In fact, for maximum loads belovi' 85 percent of static design load, these 
areas within the eyebolt differ by more than two orders of magnitude in 
crack-initiation life. This result simply means that, unless a crack is already 
present in the eye fillet of a new eyebolt, there is little chance that one will 
develop there before a crack initiates either in the eyehole or the head-fillet. 

Crack-Propagation-Life Estimation 

Crack growth data on a family of steels similar to the AISI 1045 steel used 
in the eyebolt have been developed by Barsom [7]. A logarithmically linear 
band was formed between crack grovrth rate and crack-tip stress intensity 
over an intermediate range in AK, and the mean line of this band can be ex
pressed as 

da/dN = CAK" (mm/cycle) (5) 
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where 

C = a. constant, defined by the intercept in da/dN at AK = 1 MN/n-'''^, 
and 

n = an exponent (usually in the range of 3 to 5). 

In this particular case, C had a value of 4.9 X 10~' and « had a value of 
about 3.0, based on stress ratios of 0.00 to 0.25. 

Although outside the range of Barsom's data, it is generally agreed that 
the logarithmically linear relationship between da/dN and AK does not re
main valid for very high and very low values of AK. The deviation in crack 
growth rate from the linear relationship for low stress intensities is generally 
modeled by an asymptote designated as a threshold stress intensity, AK^^^, 
and the comparable deviation from linear at high stress intensities is modeled 
by an asymptote called a critical stress intensity or AK^ level. The lower 
asymptote, or threshold stress intensity, is of greatest concern in this analysis 
because it identifies a AK-level below which crack growth would not be ex
pected to occur. 

The stress intensity range, AK, for a semi-elliptical crack growing into a 
component can be defined by the following expression: 

AA'= l.lMkAS- iira 

w fa "' = ' + t(7/(Tll7?-'l '« 

$ = J l + 4 . 6 ( -
,2c 

« x l . 6 5 

where 

a = the crack depth, and 
2c = the surface crack length. 

If the ratio of a to 2c is constant, the expression for # also is a constant, 
which simplifies the expression for AK. A transverse crack growing in a 
homogeneous material through a uniform tensile-stress field usually will 
maintain an a/2c ratio of about 0.50, in which case 4> has a value of 1.57. 
The parameter M^ is a back-face stress-magnification factor that is essen
tially unity in value for a crack less than one half as deep as the thickness of 
the component through which it is passing. In cases where $ can be con
sidered to have a constant value of 1.57 and M^ is essentially unity, the ex
pression for A ^ simplifies to 

AA: = O.lASslVa (7) 
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For flaws less than about 25 mm deep in the head-fillet and less than about 
5 mm deep in the eyeweb, Eq 7 has reasonable validity. Cracks of greater 
depth in either area of the eyebolt would almost certainly decrease in crack-
aspect ratio (a/2c), and the more complex expression given in Eq 6 should be 
used. 

With the basic stress intensity expressions defined and crack grovrth 
characteristics of the AISI 1045 steel estimated, it was then possible to pro
ceed to a detailed crack-propagation-life estimate for the eyeweb and head 
fillet. 

Eyebolt-Head-Fillet Crack Growth Predictions—The conditions of stress 
through the eyebolt cross section at the head-fillet are nonuniform because of 
the stress magnification that is caused by the geometrical stress concentra
tion. The pattern of those stresses was estimated from data presented by 
Grover for circumferentially notched bars [8], and those stresses were taken 
into account when considering a hypothetical small flaw propagating from 
the eyebolt head-fillet into the shank cross section. 

The significant result of the head-fillet crack-tip stress magnification was a 
nonlinear pattern of stress intensity versus crack depth. This trend is shown 
in Fig. 4 for two levels of maximum load. According to this result, it would be 
expected that a crack initiating in the head fillet would grow faster initially 
than it would after extending to a depth of 3 to 4 mm. After passing through 
this region of minimum stress intensity, the crack would begin to accelerate 
its growth until a critical stress intensity was reached and failure of the eye-
bolt occurred. Of course, this pattern would occur only if cyclic loads were 
nearly of constant magnitude, as they were in the BCL laboratory tests. The 
same stress pattern of intensity versus crack depth pattern would exist for 
variable-amplitude loading, but a whole series of curves like those presented 
in Fig. 4 would be required to describe the instantaneous crack-tip stress in
tensities for particular crack depths. 

Tentative verification of the behavior predicted in Fig. 4 was obtained 
through microscopic examination of the head-fillet fracture surface of Eye-
bolt 2A1-2C [1]. Examination at magnifications of X50(X) with a scanning 
electron microscope revealed fatigue striations in the first 5 mm of crack 
growth that had nearly constant spacing and were of a length that cor
responded to a macroscopic crack growth of about 1 X 10 ""̂  mm/cycle. As
suming one striation per cycle, that rate of growth would be predicted on the 
basis of a stress intensity range of about 27 MN/m-'^^. This value is in 
reasonable agreement with the predicted stress intensities of 22 to 26 
MN/m^^^ for a 587 kN maximum load and cracks up to 5 mm deep. 

Another important consideration in the prediction of head-fillet crack-tip 
stress intensities and crack growth rates was the threshold stress intensity for 
crack growth. Threshold information developed for a steel of similar strength 
[8] indicated A/Cth-values of 9 to 13 MN/m^/z for stress ratios of 0.10 to 0.25. 
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FIG. A—Maximum stress intensity versus crack depth in the eyebolt-head-fillet region for two 
maximum-load levels. 

Assumed threshold-stress-intensity values of 9, 11, and 13 MN/m -̂'̂  were 
used to compute maximum load levels below which crack propagation would 
not be expected to occur. The results of these computations are shown in Fig. 
5 for a range of crack depths. The most significant conclusion drawn from 
this figure was that small cracks (less than 2.5 mm deep) would stop growing 
after they were initiated if the load magnitudes were less than 300 kN for an 
assumed threshold stress intensity of 9 MN/m '̂'̂ , less than 370 kN for an 
assumed threshold value of 11 MN/m '̂'̂ , and less than 430 kN for an as
sumed threshold of 13 MN/m^^ .̂ 

Direct evidence of this nonpropagating crack phenomenon was seen in the 
fatigue test of Eyebolt 2A2-2C. A maximum eyebolt load of 411 kN did not 
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FIG. 5—Maximum load levels below which crack propagation would not be expected to occur 
in the eyebolt-head-fillet region, for several possible threshold-stress-intensity levels and a range 
of crack depths. 

extend a 1.5 mm-deep head-fillet crack, but an increased load of 587 kN 
caused it to grow and ultimately cause failure. This test provided evidence 
that the threshold stress intensity for this eyebolt material was in the range of 
11 to 13 MN/m3/2. 

After considering all of these factors that affect the growth characteristics 
of cracks in the eyebolt-head-fillet, it was possible to develop estimates of 
crack propagation life for specific eyebolt-loading conditions. Starting from 
the basic crack growth rate expression given in Eq 5, it was possible to con
struct an estimate of the fatigue cycles, AN, that an eyebolt could withstand 
during the progression of a fatigue crack from an initial depth, a,, to a final 
depth at failure, ay. This expression is as follows: 

AN = 
1 

CAK",tf 
(Uf — a ,) (8) 

where AK^fi = [{AKf + AK,^)/n]^^", and C and n are constants for the 
material from Eq 5. The information necessary to solve Eq 8 is basically: 

(/) What initial crack depth, a,, is physically realistic and of concern from 
the standpoint of eyebolt integrity? 
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(2) What final crack depth, Uf, is realistically associated with failure of the 
eyebolt at the head? 

(J) What stress intensity ranges are associated with a, and a^l 
(4) What values of C and n define the crack growth characteristics of the 

material? 

An initial crack depth of 1 to 6 mm was considered physically meaningful 
for these 63.5 mm-diameter eyebolts, and a final critical crack length of 38 
mm was chosen. Stress intensity levels associated with these crack sizes were 
determined from Eqs 6 and 7. The resultant estimates of crack-propagation 
cycles to failure for the eye-fillet region for a range of maximum-load levels 
are shown in Fig. 6. The runout levels associated with A/fth-values of 9, 11, 
and 13 MN/m '̂̂ ^ also are shown. The correlation of these predictions with 
actual experimental data is discussed later. 

Eyebolt-Eyeweb Crack Growth Predictions—A flaw on the inner diameter 
of the eyebolt-eyehole propagates in a substantially different manner than 
does a flaw in the head-fillet region of the Loran-tower eyebolts. One of the 
major reasons for differences in crack growth rates is the sizeable difference 
in the associated stress fields through which the cracks propagate. The com
bined tensile and bending stresses that are generated in the eyeweb when the 
eyebolt is loaded cause the high inner-diameter tensile stresses that decrease 
nearly linearly to form compressive stresses on the outer eye diameter. This 
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FIG. 6—Expected crack-propagation cycles to failure at various load levels and various crack-
tip threshold stress intensities for the eyebolt-head-fillet region, assuming an initial crack depth 
of I to 6 mm. 
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pattern of stresses was considered in analyzing the probable growth patterns 
of cracks in the eyeweb. 

Both comer cracks and midsection surface flaws in the eyehole were con
sidered. A semicircular crack shape was predicted for crack depths up to 
about 6 mm, but beyond that point, it was assumed that actual flaws within 
the web would become increasingly elliptical, a condition which would lead 
to higher stress intensities at the base of the crack front. The exact shape of 
the flaw in this region was not particularly important, however, because web 
failure was imminent at this point. 

The rapid increase in crack-tip stress intensities with increasing crack 
depth can be seen in Fig. 7 in which maximum stress intensities are plotted 
as a function of flaw depth within the eyeweb for two maximum-load levels. 
This pattern is in sharp contrast to the one seen in the head-fillet region (Fig. 
4) where cracks 6-mm deep displayed approximately the same stress inten
sities as flaws less than 1 mm deep. The net result of this difference in AK 
versus crack depth is increased flaw criticality in the eyeweb region. An im
portant factor that has offset this criticality in the field is simply that, in ser
vice, operating loads have apparently not been sufficiently high to generate 
fatigue cracks in the eyehole. 

. ' - ' 

^Increasing stress intensity 
/ exact function unknown 
/ due to changing flaw 

shape. 

V - ' " 

100% design load 

design load 

10 15 20 
Crack Depth, a, mm 
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FIG. 7—Maximum stress intensity versus crack depth in the eyebolt-eyehole region for two 
maximum-load levels. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



RICE AND SMITH ON TALL LORAN TOWER EYEBOLTS 441 

To illustrate the effect of a flaw in the eyeweb on service life, the number of 
cycles of loading that the eyebolt would withstand before failure was 
calculated for a 0.75-mm-deep flaw initiated in the eyeweb. This result is 
shown in Fig. 8 for a large range of potential maximum eyebolt loads. The 
potential threshold-stress-intensity levels also are shown for the 0.75-mm-
deep assumed flaw. Here it is quite evident that even a relatively high cyclic 
load with a maximum of 70 percent of static design load would not propagate 
that initial flaw unless the threshold stress intensity for the eyebolt was below 
approximately 12 MN/m^^ .̂ It is certainly true, however, that large loads, 
causing stress intensities above the threshold level, are predicted to cause 
eyebolt failure in the eyeweb in a relatively small number of cycles (~ 100 000) 
if a crack is initiated there. This conclusion is supported by the fact that five 
out of six eyebolts tested in this experimental program did fail in the eyeweb. 
The extent of the correlation between analytical predictions and experimen
tal results is discussed further in the following section. 

Correlation of Analytical and Experimental Results—Two eyebolt-fatigue-
life estimates result from the analyses just presented—one of the head-fillet 
and the other for the eye-hole. Estimates for crack initiation in both areas 
were the same (ignoring potential effects of bending stresses at the head 
fillet), but the predicted propagation cycles to failure at the head fillet were 
substantially higher than at the eyeweb. 

The total-life prediction for the head fillet is shown in Fig. 9. Cycles to 
crack initiation, N/, cycles of crack propagation, Np, and total cycles to fail-
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FIG. 8—Expected crack propagation cycles to failure at various load levels for the eyebolt-
eyeweb, assuming an initial flaw of 0.75 mm. 
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FIG. 9—Total-fatigue-life estimate and experimental results for the eyebolt-head-fillet 
region. 

ure {N; + Np = Ny) are shown for a range of maximum eyebolt loads. The 
only valid experimental result to compare with the head-fillet analytical esti
mates is the single head-fillet failure (Eyebolt 2A2-2C). As was mentioned 
eariier, this eyebolt was found to have an initial 1.5-mm-deep fatigue crack 
in the head fillet. When tested in the laboratory under cyclic conditions with 
a maximum load of 411 kN, no crack extension was observed through 
6 000 000 cycles. At this maximum load, threshold crack-tip stress intensities 
(~12.5 MN/m^^2) were not exceeded, and it was not until the load was in
creased to 587 kN that the crack propagated and ultimately caused failure in 
334 000 additional cycles. This crack propagation life at 587 kN corresponds 
reasonably well with the predicted value of 250 000 cycles for Np. Thus the 
correlation between analysis and experiment was quite good. 

Total-life predictions for the eyehole are shown in Fig. 10. Again, Nj, Np, 
and Nf cycles are shown, along with comparative experimental data on the 
five eyebolts tested that failed in the eyehole. The test results at 411 kN show 
somewhat mixed trends, although there does appear to be a logical explana
tion based on the analysis. The unused eyebolt failed at almost exactly the 
number of cycles predicted (3 320 000 cycles actual versus 4 000 000 cycles 
predicted), assuming that the actual threshold stress intensity for this unused 
eyebolt material was below about 12 MN/m-'''^. The two used eyebolts tested 
at this load level did not show signs of damage through 6 000 000 and 
13 000 000 cycles, respectively. The analysis predicts that small cracks would 
initiate in the eyehole after this number of cycles of that load magnitude, but 
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FIG. \0—Total-fatigue-life estimate and experimental results for the eyebolt-eyehole region. 

it also predicts that they would not grow if actual threshold stress intensities 
for the used eyebolt material not only slightly exceeded 12 MN/m^^^. At the 
higher load level of 587 kN, all of the eyebolts that failed at the eye did so in 
from 265 000 to 332 000 cycles, results that compare reasonably well with the 
predicted result of 450 000 cycles. Analytical predictions were that the effects 
of threshold levels on crack propagation would be insignificant at this higher 
load level, and that result was evident in the actual laboratory data. 

Conclusions 

Several important conclusions appear to be valid based on the analytical 
and experimental work described in this paper: 

(/) Flaws observed in the used eyebolts taken from service were not 
significantly damaging to the eyebolts, and they did not significantly reduce 
the remaining service-fatigue-life potential. 

{2) Cracks less than 2.5 mm deep at the head fillet are not imminently 
hazardous unless extremely high service loads (above 50 percent of the design 
load) occur for a sustained period of time. 

(J) Cracks over 1.5 mm deep at the eyeweb are potentially hazardous, but 
the probable service loads are such that cracks of this depth are not likely to 
develop by fatigue in the eyeweb. 
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ABSTRACT: The results of an evaluation of the fracture tolerance of three components 
of the thrust vector control servo-actuator for the solid rocket booster of the space shuttle 
are described. These components were considered as being potentially fracture critical 
and therefore having the potential to fall short of a desired service life of 80 missions (that 
is, a service life factor of 4.0 on a basic service life of 20 missions). Detailed stress analysis 
of the rod end, cylinder, and feedback link components was accomplished by three-
dimensional finite-element stress analysis methods. A dynamic structural model of the 
feedback system was used to determine the dynamic inertia loads and reactions to apply 
to the finite-element model of the feedback link. Twenty mission stress spectra consisting 
of lift-off, boost, re-entry, and water impact mission segments were developed for each 
component based on dynamic loadings. Experimental fracture response data da/dN, 
Kic, and Kc were used for the structural alloys of the actuator components. These alloys 
were Inconel 718, 17-4 PH (H1025), 6061-T651, 2024-T851 (T351), and A286. Linear 
fatigue crack growth life and residual strength analyses were performed on the compo
nent critical locations using the Forman da/dN equation and CRACKS III computer 
code. Most components were determined to have the potential of reaching a service life of 
80 missions or service life factor of 4.0. 
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The application of linear elastic fracture mechanics to the fatigue crack 
growth life prediction of engineering structures is becoming increasingly im
portant as a means of fracture control and damage tolerance assessment of 
structures. Because of the limitations in nondestructive inspection tech
niques in detecting small crack-like defects and damage which could occur 
during the operational life of the structure, fatigue crack growth life analysis 
is usually conducted to determine the service life of the structure. 

The thrust vector control servo-actuator for the solid rocket booster (SRB) 
of the space shuttle was designed and subjected to dynamic development 
tests at NASA's George C. Marshall Space Flight Center. Upon review of the 
actuator design, NASA selected 14 components as being potentially fracture 
critical. The actuator and components are shown in Fig. 1, and this paper 
presents the results of the rod end, cylinder, and feedback link analysis. Ini
tial crack sizes assumed at the critical locations in the components and the 
service life factor analysis based on fatigue crack growth were based on the 
criteria defined in the SRB fracture control plan [1].^ The solid rocket 
booster was designed as a reusable structure for a basic service life of 20 
missions. 

The complex geometry and applied loadings of the actuator components 

Radial 

Vehicle 
axis 

^ Longitudinal 
Tangential i-Bellcronk 

-Betlcrank tjrocket 

Leaf spring (flexure) 

Rod end 
Mid-stroke lodt thread 

Cylinder 

Cylinder flange bolts 

FIG. 1—Structural component identification—SRB actuator. 

'The italic numbers in brackets refer to the list of references appended to this paper. 

Copyright by ASTM Int'l (all rights reserved); Sun Dec 27 13:48:37 EST 2015
Downloaded/printed by
University of Washington (University of Washington) pursuant to License Agreement. No further reproductions authorized.



SMITH ET AL ON SOLID ROCKET BOOSTER SERVO-ACTUATOR 447 

selected for stress and fracture mechanics analyses resulted in using finite-
element methods to determine the peak stresses and distributions at critical 
locations in the components. Also, the objective of the fracture tolerance 
analysis was to use state-of-the-art linear elastic fracture mechanics methods 
in the fatigue crack growth life and residual strength analyses of the com
ponents. 

The following sections of the paper describe the fracture mechanics 
analysis methods used, the initial damage size and fatigue crack growth 
assumptions, mission stress spectra development, and the fatigue crack 
growth and residual strength results of the actuator components. 

Fracture Mechanics Analysis Methods 

Each of the actuator components defined as being potentially fracture 
critical was analyzed for its service life factor based on spectrum loading fa
tigue crack growth behavior. This has been accomplished via linear elastic 
fracture mechanics (LEFM) analysis. LEFM applied in this context involves 
several aspects: finite-element stress analysis, use of stress intensity factor so
lutions, mission stress spectra development, and fatigue crack growth and 
residual strength predictions. All of these, when applied to structures, pro
vide a damage or fracture tolerance evaluation of the structure [2,3]. Each 
will be discussed in turn in the next several sections. 

Stress Intensity Factor Solutions 

The types of cracks considered in the fracture-mechanics analyses of the 
components were either surface cracks, comer cracks at holes, or through-
the-thickness cracks. Stress intensity solutions were available for treating 
each of the types of cracks located in infinite, semi-infinite, or finite simple 
geometries. Stress intensity factors for cracks emanating at the edge of lug 
holes were derived based on method of superposition of stress intensity 
factors. 

Elliptical Surface Cracks—The surface crack solution most commonly used 
in fracture mechanics analysis is the solution developed by Irwin [4] and 
Shah and Kobayashi [5] for a plate with finite thickness under uniform ten
sion stress; that is. 

(1) 

(2) 

K,^ 

Q = 

1.12ffv Tra 
(Q)i/2 

<t>^ - 0 . 2 1 2 1 

M/^a 

\ '^ys / f 
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where 

Q = flaw shape parameter, / (a/2c) , 
a = surface crack depth, 

2c = surface crack length, 
a = applied uniform tension stress, 

Oys — yield stress, 
0 = complete elliptical integral of second kind, 

Mji = back surface magnification factor, and 
a = finite width correction factor. 

Comer Cracks at Holes—A comer crack can be handled as a special case 
of surface crack. The comer crack at the edge of an open hole was determined 
by using superposition of the Bowie solution [6] and modifying the solution 
for a comer crack. This approach has been shown to provide a stress inten
sity solution in the small crack length range which is as accurate as the so
lutions of other investigators [7.8]. Based on this approach, the solution 
becomes 

Ki = —77::TJ^F(-^)M,a (3) 
1.12ffVira 

where F{a/R) is the Bowie factor, which accounts for the stress concentration 
of the hole, and R is hole radius. 

Cracks Emanating at Lug Holes—Stmctural lugs can be treated as loaded 
holes. However, the stress intensity factor solution can be determined by 
using superposition of stress intensity solution for a crack emanating at an 
open hole in a plate under uniform tension stress and a crack subjected to 
wedge force opening loads. This approach was used in arriving at a stress in
tensity solution for the analysis of cracks in the actuator lugs. 

With reference to Fig. 2, the solution of Ki^ for one crack emanating at an 
open hole is [6]: 

<x)" Kn^ = cr\ iraFi—^ja (4) 

where a is a finite width correction factor and is a function of a/w. 
The solution of ATjp for a pair of concentrated forces acting on a crack is [9]: 

Kip — 
P^2 r {3 + fi)R^ + 202'^ 
2t^ L (R^ + 0,2)3/2 02 + X L"2 

1/2 
a (5) 
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where 

a2 = {a + 2R)/2, 
X = 02 — R, 

t = plate thickness, 
H = Poisson's ratio, and 
P = a{Wt). 

The /JTi-solution for the lug geometry using superposition and for appli
cation to a comer crack emanating at a lug hole is [9]: 

^1 = , / ^ M / 9 ^k 2(Q) 
(6) 

A literature search revealed another solution for lugs, that of Impellizzeri 
and Rich [10], involving the use of Buechner's weight function method. The 
solution is summarized and presented as follows for a single crack emanating 
at a lug hole: 

Ki = lA20a 

where /3 = f{x, a) = mb<l>i<t>2< where 

ira 
(Q) 1/2 M . 

X = distance from edge of lug hole, 
mi, = Bueckner's weight function, 
<t>i = geometry correction factor, and 
02 — finite width correction factor. 

(7) 

M 1 1 

r^ 
-—2R—•-

w • 

1 1 1 
TlKih' TiKip) 

FIG. 2—Superposition of K-solutions for lugs. 
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Cracks at Stress Concentrations—Stress intensity factors for cracks as
sumed to emanate at points of high stress concentration and to propagate 
under an applied stress field set up by that concentration were handled by 
l3-factors. The results of the finite-element stress analysis provided the peak 
stress and distribution of stress away from the stress concentration. For these 
cases 

Ki = ^a-'frn (8) 

where 

/3 = fffl/a, 

Oa = stress level at a distance equal to a away from the edge of the stress 
concentration, and 

a = average applied uniform gross area stress. 

Fatigue Crack Growth Rate Behavior 

Several fatigue crack growth rate equations are available for analysis of 
constant-amplitude loading rate data and for use in spectrum loading fatigue 
crack growth predictions. The equation selected was the rate equation derived 
by Forman [11]: 

da ^ CjAXr .„. 
dN {l-R)Kc-AK ^^' 

where 

da/dN = fatigue crack growth rate, 
Â L = cyclic stress intensity factor range, 
Kc = fracture toughness for data fitting, 
C = material parameter, 
n = material parameter, and 
R = stress ratio. 

The basic constant-amplitude fatigue crack growth data extracted from 
the literature [12] were reduced and analyzed to the Forman da/dN equa
tion, and the parameters C and n were determined. Additional experimental 
data generated for this analysis were also fitted to the Forman da/dN equa
tion. 

The C and n values in the Forman da/dN equation are dependent on the 
cyclic stress ratio R. The spectrum loadings were made up of blocks of 
loading cycles of various /?-ratios. Therefore, in order to apply a fatigue 
crack growth rate equation to make crack growth life predictions, a weighted 
C and n analysis was conducted based on a normalized da/dN behavior. 
Equation 9 can be rewritten as 
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log 
da 
dN 

{(1 - R)Kc - AK})= logC + n logAAT (10) 

This equation is linear on a log-log plot with n as the slope and C the inter
cept. When da/(fiV versus AK data are plotted in accordance with Eq 10, the 
data consolidate and are independent of R [13]. All the material da/dN data 
for the actuator components were analyzed on a normalized basis, and the 
weighted C and n values were determined. Figure 3 shows a typical plot of 
normalized fatigue crack growth rate behavior for 17-4 PH stainless steel. 

r 
Stress Intensity Factor Range, A K , ksiyin 

10 100 

T-TTi—I—r^-n—r— 

Upper bound Average 

Surface Flow Data 

a/2c=Q43 
R = 0.0, 0.3,0.5 

I I I J L-L 
100 

— 10-' ^ 

- 5 1,. 

— 10° -^ 
— o 
— OJ 

-1-8 

1000 

FIG. 3-
tory air. 

Stress Intensity Factor Range, A K , MN/m''^ 

-Normalized fatigue crack growth rate behavior for 17-4 PH stainless steel in lahora-
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452 DESIGN OF FATIGUE AND FRACTURE RESISTANT STRUCTURES 

Fracture Response Data for Structural Alloys 

A summary of the da/dN data analysis of the data extracted from the liter
ature and experimentally generated for this study is shown in Table 1. Nor
malized upper bound C and n values are shown for various environments 
which were used depending upon the environmental exposure of the assumed 
crack in the critical location of the actuator. The selected fracture toughness 
values of K^ and Â ic were lower bound valid values of the alloys to reflect 
minimum toughness and heat-to-heat variation. 

Mission Stiess Spectra 

The mission loads data were provided by NASA and were segmented into 
various parts of the basic mission spectrum for the 20 missions. The vibration 
^-levels were those resulting from the dynamic developmental testing of the 

TABLE 1—Forman C and n values and fracture toughness values for structural alloys 
of components. 

Alloy and 
Heat Treatment 

Inconel 718 STA 

17-4 PH (H1025) 

6061-T6/T&51 

2024-T851 

2024-T351 

A286 

da/dN Normalized Behavior 

C. in./cycle/ 
(psiN/iiT.)""' 

8.532 X 10-13 
(laboratory air) 
9.693 X 10-'9 

(wet air) 

7.237 X 10-13 
(laboratory air) 
9.813 X 10-1 ' 

(seawater) 

1.636 X 10-12 
(laboratory air) 
1.048 X 10-11 

(seawater) 
6.129 X 10-1" 

(hydraulic fluid) 

5.988 X lO-i'i 
(wet) 

1.51 X lO- i ' 
(laboratory air) 
5.421 X 10-1" 

(wet) 

3.274 X 10-6 
(laboratory air) 
3.256 X 10-10 

(seawater) 

n 

2.790 

3.821 

2.650 

3.590 

2.705 

2.588 

2.140 

3.241 

3.789 

3.189 

1.120 

1.198 

•• Fracture Toughness, Kc. ^ic 

MN/m3/2, (ksiVta.) 

/Tic = 132.0(120.0) 

Kc = 131.9(120.0) 

Kic = 54.9 (50.0) 

Kic = 25.2 (22.9) 

A'lc = 27.5 (25.0) 
Kc = 65.9 (60.0) 

Ku = 60.4 (55.0) 

Kc = 132.0 (120) 

Kic = 193.4 (176) 
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SMITH ET AL ON SOLID ROCKET BOOSTER SERVO-ACTUATOR 453 

actuator. The g-level data were converted into load levels assuming that the 
g-levels were acting at the actuator's center of gravity. 

Figure 4 shows a schematic diagram of the mission load segments and the 
loading sources. The basic mission sequence consisted of lift-off, boost, and 
re-entry segments. For the various 20 missions, these loading segments were 
the same. However, for water impact loads, the last segment of each mission, 
different load levels were used for each of the 20 missions. 

The loading sources for lift-off and boost were low frequency vibration, 
random vibration, and engine gimbel. These load sources were alternating 
loads for three axes. Low frequency and random vibration were considered 
with a steady-state longitudinal load. Re-entry load sources consisted of ran
dom vibration with a steady-state load for each axis. Hydraulic fluid pressure 
levels for liftoff and boost segments of the mission were used for those com
ponents subjected to pressure. 

The load spectra, consisting of several different segments, were converted 
to stress spectra for spectra fatigue crack propagation analysis based on the 

, , f» Low frequency vibration 
l« Random vibration 

• Engine gimbel (longitudinal) 
• Pressure 

, . f» Low frequency vibration 
l» Random vibration 

• Engine gimbel (longitudinal) 
• Pressure 

N, cycles 

a. Lift-off Segment 

Random vibration 
(3 axis) 

Mission 20 

N, cycles N, cycles 

c. Reentry Segment d- Water Impact 

FIG. 4—Mission had segments for 20 mission stress spectra. 
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results of the stress analysis for each component. Usually only two directions 
of loading were considered in causing crack growth. These were radial and 
longitudinal which were superimposed to provide a total normal stress. The 
loading spectra discussed above were applied to the actuator rod end and 
cylinder components. 

The mission stress spectra applied to the feedback link were spectra gener
ated from strain gage data taken during the dynamic response developmental 
testing on the actuator. The details of the spectrum development techniques 
are discussed under the fracture mechanics analysis results of the feedback 
link. 

Initial Damage Size and Fatigue Craclt Growth 

The initial damage (crack) sizes assumed in the spectrum loading fatigue 
crack growth analysis were based on the fracture control criteria defined in 
Ref I. Initial crack sizes assumed depended on the structural location and 
geometry of the component. In general, the following initial sizes were as
sumed based on the criteria of the SRB Fracture Control Plan: (7) a 0.127-cm 
(0.05-in.)-radius comer crack at the edge of holes; (2) surface cracks with 
a„ = 0.318 cm (0.125 in.) and Ic^ = 0.636 cm (0.250 in.) at structural lo
cations of high stress concentration; and (,3) a = 0.127 cm (0.05 in.) through-
the-thickness edge crack in parts where thickness was less than 0.254 cm 
(0.10 in.). 

Spectrum loading fatigue crack growth life predictions were performed 
based on linear cumulative crack growth analysis. The numerical integration 
computer program used in the analysis was "CRACKS III" computer code 
{14\. In order for a potentially fracture critical location in a component to 
qualify as nonfracture critical, the resulting fatigue crack growth life had to 
be equal to or greater than 80 missions. This is equivalent to a service life fac
tor of 4.0 applied to the basic 20 mission desired life. 

Fatigue Crack Growth and Residual Strength Results of Actuator Components 

Fourteen of the SRB actuator components shown in Fig. 1 were selected as 
being potentially fracture critical. All of these components were analyzed, 
and the results for three of these components are presented in the following. 
These are the actuator rod end, cylinder, and feedback link of the feedback 
system. Several potentially fracture critical locations were considered in each 
of the three components analyzed. 

Actuator Rod End Component 

The rod end of the actuator, shown in Fig. 5a, was a main load-carrying 
component designed for longitudinal, radial, tangential, and combined 
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FIG. 5a—Finite-element model of rod end component—photograph of rod end. 

/Crack A 

long 

-Crack B 96 elements 
,Crock C ^'2 "0*s 

FIG. 56—Finite-element model of rod end component—plane view of finite-element model. 

loads. The lug structural alloy was Inconel 718 [solution-treated and aged 
(STA)], the retainer ring was Inconel 718 (solution treated), and the loading 
pin was Ti-6A1-4V (mill anneal). 

Stress Analysis—A detailed three-dimensional finite-element model was 
developed for the rod end structural component (Fig. 5b). The model con
tained 96 isoparametric three-dimensional solid elements and 312 nodal 
points. Because of geometrical symmetry, only one half of the rod end com
ponent was modeled. The retainer ring and the loading pin were modeled as 
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separate structures and connected to the rod end lug through common dou
ble nodes which were elastic spring elements. This was done to provide a 
means of satisfying the boundary contact problem between the circumferen
tial surface of the lug, retainer ring, and loading pin during loading. The 
spring elements were used only on the loading bearing side of the lug, re
tainer, and loading pin interfaces (that is, 180 deg). Under either radial or 
longitudinal loading the lug, retainer ring, and loading pin contact nodal 
points with spring elements were rigidly connected to displace equally in a 
radial direction, but rotate in a circumferential direction. 

Finite-element stress analysis was performed using the program ADINA 
[15]. The lug net-section stress distribution (Crack A location) was deter
mined for longitudinal and radial loadings of 4448 N (KXX) lb). The resulting 
nominal normal stress across the lug net-section was 2.16 MN/m^ (313 psi) 
for longitudinal and 0.86 MN/m^ (125 psi) for radial loading. For these net-
section stresses, the equivalent gross area stresses were determined for use in 
stress intensity factor analysis. 

Two other locations for stress analysis purposes were the lug eye-shank in
tersection (Crack B) and the lug shank shaft (Crack C). Under longitudinal 
loading, the lug eye-shank intersection showed a stress concentration factor 
of 2.24 for a gross stress of 1.157 MN/m^ (167.87 psi). Under radial loading, 
the elevation in stress at this point was in the same proportion as for longi
tudinal loading. Therefore a constant factor was used in developing the mis
sion stress spectra under longitudinal and radial loadings. The shank was 
analyzed for longitudinal (axial) and radial (bending) loads both by the finite-
element model and conventional stress analysis [16]. These results showed a 
normal stress of 1.173 MN/m^ (168 psi) for longitudinal loading and 13.514 
MN/m^ (1%0 psi) bending stress for radial loading. 

The shank or shaft of the rod end was threaded for connection to the pis
ton rod (Fig. 5a). The threaded grooves around the shank diameter and 
along the shank length developed a stress concentration factor which was 
considered in the stress intensity factor analysis. The notch root geometry of 
the threads was U-shaped and handled as a stress concentration considering 
the root radius. From Ref 77, with D/d = 1.039 and r/d = 0.022, the K, for 
a single groove was taken as 2.55. For multiple grooves, the Kt dropped to 
1.36 for the end groove. 

The effect of tangential applied loadings on fatigue crack propagation at 
the three crack locations was rationalized. The lug net-section crack location 
(Crack A) and propagation direction was selected based on the assumption 
that the primary loadings produced during lift-off and boost of the actuator 
would be longitudinal and therefore perpendicular to the assumed crack 
propagation direction. Radial loadings would produce a normal stress com
ponent perpendicular to this crack propagation direction. Tangential load
ings would not produce any bending moment eicross the cracked section and 
therefore were neglected. For the rod lug eye-shank intersection (Crack B) 
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and the shank shaft (Crack C), the original surface crack locations were 
selected as perpendicular to the longitudinal loading direction for the same 
reasons as mentioned above. The normal stress components, due to the ra
dial loadings, were analyzed as a result of the bending. Tangential loadings 
at these two locations would also produce bending stresses; however, at the 
shaft peripheral locations selected, these locations would be at the neutral 
axis and the assumed surface crack depth would be unstressed. Therefore 
tangential loading as contributing to crack growth was neglected. 

Stress Intensity Factor Analysis—The potentially critical locations of the 
rod end component selected for fracture mechanics and service life analyses 
because of high stresses were (1) the lug net-section (Crack A), (2) the lug 
eye-shank intersection (Crack B), and (J) the threaded shank (Crack C). The 
variation of stress intensity factor level with crack size was determined for the 
lug net-section. Superposition techniques as presented in Eq 6 and appli
cation of the Impellizzeri approach, Eq 7, were used in the lug stress intensity 
factor analysis. Figure 6 shows a plot of the variation of beta (0 = K/ay/ ira) 
with a/R for a quarter-circle corner crack and through-the-thickness crack 
emanating on one side of the lug hole. The beta parameter is K/a\l ira where 
a is the equivalent gross area stress on the lug. A comparison of the two 
methods in Fig. 6 showed that the superposition technique resulted in higher 
stress intensity levels than the Impellizzeri approach. As expected, the 
through-the-thickness crack situation resulted in higher stress intensity levels 
than the comer crack case. The comer crack becomes a through-the-thick
ness crack at a/R = 0.45. The beta factors for use in the fatigue crack 
growth analysis were the results from the application of the superposition 
technique, since it resulted in the more conservative solution. 

The lug eye-shank intersection (Crack B) and the shank (Crack C) were 
analyzed for surface cracks emanating on the surface of the structure. Stress 
intensity formulations for the surface crack configuration were given in Eqs 1 
and 2. 

Fatigue Crack Growth and Residual Strength—Stress spectra for each of 
the 20 missions were developed for the three rod end locations based on the 
results of the stress analysis. Each mission stress history consisted of the se
quential segments of lift-off, boost, re-entry, and water impact. For fatigue 
crack growth analysis, all compression stresses were tmncated to zero. 

The analytical results of the spectmm loading fatigue crack growth be
havior for the rod end lug net-section (Crack A) is shown in Fig. 7. In this 
analysis, the initial assumed damage size was a 0.127-cm (0.05-in.)-radius 
comer crack emanating at the edge of the lug hole. The results show that the 
fatigue crack growth life was greater than 220 mission spectra, which was 
beyond the 80 spectra required to attain a service life factor of 4. 

Spectrum loading fatigue crack growth behavior for the rod end eye-shank 
intersection (Crack B) is also shown in Fig. 7. The analytical growth behavior 
was determined from an initial surface crack of a^ = 0.318 cm (0.125 in.) 
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FIG. 6—Variation of beta with a/R for rod end lug. 

and 2c„ = 0.636 cm (0.250 in.). Based on this initial surface crack size for 
this location, the crack growth life was 85.0 spectra or a service life factor of 
4.25, which satisfied the required crack growth life criterion. 

A spectrum loading fatigue crack growth analysis of a surface crack 
emanating at the base of the end thread of the rod and shaft (Crack C) was 
conducted. These results are also shown in Fig. 7. Based on the same initial 
surface crack size as the Crack B location, fatigue crack growth life was 
greater than 220 missions, which satisfies the crack growth life requirement 
of 80 missions for a service life factor of 4. 

Figure 8 shows a residual strength diagram for the three locations in the 
rod end component. From the results of the stress analysis and the use of the 
stress intensity factor solutions, the critical applied gross stress levels for 
various assumed crack sizes is represented in this diagram for Ki^ = 132 
MN/m-'̂ ^ (120 ksiVin.). For Crack A location, the maximum applied oper-
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FIG. 7—Spectrum loading fatigue crack growth behavior of rod end component (Inconel 
718 STA). 

ational gross stress level in the 20 mission spectra was 117.2 MN/m^ (17.0 
ksi). The critical crack size at this stress level would be 1.85 cm (0.73 in.). 
The lug eye-shank intersection was subjected to a maximum operational 
stress level of 242.7 MN/m^ (35.2 ksi). At this applied stress level, the critical 
surface crack size would be a„ — 3.56 cm (1.40 in.) and 2c„ = 7.12 cm 
(2.80 in.). For the rod end shank crack located at the first thread, the max
imum applied operational stress level was 200.6 MN/m^ (29.1 ksi). The criti
cal crack size for this stress level was well below the curve. 

Actuator Cylinder Component 

The main structural purpose of the actuator cylinder was to provide the 
housing of the piston rod and head. The cylinder housing was mainly sub
jected to internal pressure and radial bending. The structural alloy of the 
cylinder was stainless steel 17-4 PH (H1025). The cylinder flange was at
tached to the actuator body by eighteen A286 steel bolts. 

Stress Analyses—The cylinder component was analyzed by an axisymmet-
ric finite-element model developed for the cylinder flange, cylinder wall hous
ing, and built-up end section. The model consisted of 80 isoparametric ele
ments and 300 nodal points. Figure 9 shows the model and the constraints 
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FIG. 8—Residual strength diagram for rod end component (Inconel 718 STA). 
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FIG. 9—Axisymmetrtcal finite-element model of cylinder. 

applied for stress analysis. The attachment bolt line was fixed to restrain 
bending in the flange section. The built-up end was fixed along the edge. 
Stress analysis was conducted for an internal pressure of 6.895 MN/m^ 
(1000 psi). 

The distribution of longitudinal and hoop stresses at two high-stressed 
points in the bulb and built-up area of the cylinder head wall was determined 
by the finite-element analysis. The results (without the piston) showed that 
the cylinder wall (thin section) exhibited the nominal hoop stress, PR/t, and 
longitudinal stress, PR/2t, levels of 82.74 MN/m^ (12.0 ksi) and 41.37 
MN/m^ (6.0 ksi). If the piston were to be included in the stress analysis, the 
longitudinal stresses in the cylinder would be lower than PR/It. Using PR/2^ 
stresses resulted in a conservative analysis of fatigue crack grovrth life. The 
flange area of the cylinder wall showed a peak stress of 68.95 MN/m^ (10.0 
ksi) with the bolt line constrained. The axisymmetric model could not be 
used to determine the bending stresses due to flange bending. Therefore the 
stress analysis reported in Ref 16, which showed a 295.8 MN/m^ (42.9 ksi) 
maximum combined stress in the flange, was used. The results of the stress 
analysis and consideration of structural geometry showed that four locations 
of the cylinder could be fracture critical. 

These potentially critical locations of the cylinder selected for analysis, as 
shown in Fig. 10, were (i) the cylinder head bulb under hoop stress (Crack 
Location A), (2) the cylinder head cutout (for end pressure plate) under 
longitudinal stress (Crack Location B), {3) the cylinder wall thin section 
(Crack Location C), and (-/) the flange comer area next to the body section 
(Crack Location D). 

The distribution of stresses away from the inside diameter of the cylinder 
wall was used to determine the variation of beta with surface crack depth 
(Crack A) in the cylinder head area. The cutout for the pressure end plate 
was assumed to have a stress concentration factor of 3.0 applied to the longi
tudinal stress (Crack B). The cylinder wall flaw (Crack C) was assumed to 
initiate on the outside surface and propagate under applied hoop stress. The 
flange flaw (Crack D) was assumed to initiate in the comer and propagate 
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FIG. 10—Spectrum loading fatigue crack growth behavior of cylinder critical locations 
[17-4 PH (H1025)]. 

under longitudinal stresses. For this location, the bolts were assumed as a re
action point only without load transfer in accordance with the loose fit bolt 
criteria defined in Ref /. All of the surface cracks were treated as part-
through cracks in the cylinder wall without curvature correction. The stress 
intensity solution given in Eq 1 was used. For through-the-thickness cracks, 
the Folias [18] curvature correction factor was considered. 

Fatigue Crack Growth and Residual Strength—Stress spectra equivalent 
to the 20 missions were developed for each of the four locations analyzed for 
fatigue crack growth life. The assumed initial flaw size at each location was a 
surface crack with a^ = 0.318 cm (0.125 in.) and 2co = 0.636 cm (0.250 in.). 
The spectrum loading fatigue crack growth behavior for the actuator cylinder 
head and wail is shown in Fig. 10. The analysis assumed that the surface 
cracks at Locations A and B would be environmentally protected, and dry air 
environment was used as the da/dN behavior. If Locations A and B were to 
be exposed to hydraulic fluid, the life would be longer since da/dN is slower 
in hydraulic fluid than dry air. Location C was assumed to be exposed to sea-
water environment and the growth behavior (utilized in the analysis) was 
based on seawater da/dN data. If Location C was assumed on the inside and 
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exposed to hydraulic fluid, the life would have been longer because of slower 
da/dN. The spectrum fatigue crack growth analysis was conducted for these 
three locations up to 320 missions. The results showed that Location C was 
the most critical of the three, but stable crack growth resulted up to a surface 
crack depth of 0.457 cm (0.180 in.) in 320 missions. Each of the cracks at 
Locations A, B, and C were shown to be contained in the wall without pres
sure leakage. 

Spectrum loading fatigue crack growth behavior for the surface crack 
(Crack D) in the flange comer is also shown in Fig. 10. The analysis results 
shows this location to be the most critical in the cylinder. The fatigue crack 
growth life of this location was 220 missions, resulting in a service life factor 
of 11.0. The predicted fatigue crack growth behavior of Location D surface 
crack would result in pressure leakage of the cylinder. 

The residual strength diagram for each of the cylinder critical locations is 
shown in Fig. 11. Critical applied stress and surface crack depth analysis was 
based on a plane strain fracture toughness level of 54.9 MN/m-'''^ (50 ksiVin.). 
Maximum operational stress levels applied to Locations A, B, C, and D were 
respectively 51.6 MN/m2 (7.48 ksi), 44.8 IVIN/m^ (6.50 ksi), 251.0 MN/m^ 
(36.4 ksi), and 342.0 MN/m^ (49.6 ksi). The critical surface crack depths for 
each of these applied stress levels result in surface crack depths greater than 
the cylinder wall thickness at each location. Therefore each location would 
result in a through-the-thickness crack and pressure leakages would occur. 

Feedback Link (Push Rod) Component 

The feedback link (push rod) was a small structural member that was con
nected from the scissors upper arm to the bellcrank in the feedback system 
(Fig. 1). The feedback link was fabricated from either 2024-T851 or T351. 
The fracture mechanics analysis was concentrated on evaluating the fatigue 
crack growth behavior and residual strength of 2024-T851 aluminum alloy. 
Other aluminum alloys and A286 steel were also considered in the fracture 
mechanics analysis because of their slower fatigue crack growth rate. 

Stress Analysis and Mission Spectrum—The stress analysis and mission 
spectrum development for the feedback link was performed by different tech
niques and methods than those of the other two components. A dynamic vi
bration and loads model of the entire feedback system was developed to 
define inertia and component reaction loads as well as system natural fre
quencies. A NASTRAN [19,20] model was developed for the dynamic analy
sis. The resulting dynamic loads and boundary conditions were applied to 
three-dimensional finite-element models of each of the feedback components 
to define peak stresses and stress distributions at critical locations in the 
components. 

The feedback link is symmetrical about two planes, namely a plane along 
the length of the link and a plane cutting the link into half. Hence, a quarter-
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FIG. 11—Residual strength diagram for cylinder critical locations [17-4 PH (H1025)]. 

section three-dimensional finite-element model was developed for the feed
back link. The finite-element model consisted of 268 isoparametric elements 
and 502 grid points. Figure 12 shows the quarter-section finite-element 
model. The stresses calculated using program ADINA were very low at and 
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268 elements 
502 grid points 

Mi<ispa" Lug pin 

FIG. 12—Detailed finite-element model of the feedback link. 

near the lug sections for the imposed dynamic reaction loads. The maximum 
stress occurred at the midspan of the feedback link for longitudinal dynamic 
vibration. 

The mission stress spectrum for fatigue crack growth analysis was gen
erated based on the results of dynamic vibration response tests conducted on 
the SRB actuator by NASA structural dynamics personnel. Components in 
the feedback system were subjected to various excitation inputs which were 
random loadings produced by the generation of "white-noise." The dynamic 
conditions which were considered in the testing are shown in Table 2. This 
dynamic testing included excitation inputs to the rod end (nozzle end) and 
the tailstock (skirt end) of the actuator. Dynamic response testing was also 
conducted under combined nozzle and skirt end inputs. Certain mission 
segments of the basic flight mission were simulated by various intensity levels 
of the random input loading. 

Strain gages were mounted on the components of the feedback system to 
measure the strain response of the components when subjected to the various 
input axis loadings as described in Table 2. The dynamic strain responses 
were taken in the form of power spectral density (PSD) plots with an analog 
computer. The strain response PSD curves in the form of log [(micro-strain)^/ 
Hz] versus log / , Hz, were for stress spectrum loading analysis. Figure 13a 
shows an example of the feedback link PSD strain response curve for longitudi
nal vibration from the nozzle end. Random load-time history analysis and PSD 
concepts are further defined in Refs [21] and [22]. 

The natural frequency, / „ , for all the excitation responses of each compo
nent to the inputs, either nozzle end or skirt end, were assumed as constant for 
each axis of response: longitudinal (X), radial (Y), and tangential (Z). The first 
mode natural frequency of the feedback link component as determined from 
all the PSD plots was 475 Hz. The cyclic content of each of the mission segments 
of lift-off, boost, and re-entry were determined by/„ x flight time divided by 
10.0. This criterion was imposed by NASA based on the vibration test data. 
Each axis of response contained the same number of cycles. 

Root-mean-square (RMS) stress levels for each dynamic test condition were 
determined from the power spectral density (PSD) strain response plots. The 
RMS strain (frms) was calculated as 
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where 

A/hp = half-power bandwidth, Hz, and 
*peak ~ peak strain response, (/i cm/cm)^/Hz. 

Secondary peak responses were not included as additional peak responses 
if their peak values were at least one-half magnitude or lower than the pri
mary peak strain PSD value. All 2a stress/strain values were calculated as 3 
RMS strain, ICT = RMS level, and used in a Rayleigh probability distri
bution of stresses. Table 2 shows the 2a stress levels for the midspan critical 
location of the feedback link. The probability density function for the Ray
leigh distribution is [21,22]: 

a, max ^ ( < ^ m a x ) = ^ i f ^ e x p ( ^ ^ ) (12) 

where a = RMS stress level and a^ax is the maximum stress. Figure \2b 
shows a parametric plot of the Rayleigh distribution function for stress max
ima as normalized to the RMS stress. The stresses and cycles were clipped 
(truncated and ignored) at the high and low level ends of the stress distri
bution. The high stresses were clipped at 2a and the low level at 0.75a (25 
percent low-level stresses). Stress layers were generated at O.ltr intervals. The 
final stresses for a given axis and flight segment were ordered in a low-high-
low sequence to simulate narrow band random response history shape. The 
sequence of stresses within a given mission segment were highest stress axis 
response first, second highest stress axis response second, and lowest stress 
axis response last. 

Stress Intensity Factor Analysis—The initial crack geometry that was ap
plied to the feedback link critical bending section was a surface crack with 
a„ = 0.318 cm (0.125 in.) and 2c„ = 0.636 cm (0.250 in.). Since the thick
ness of the tube wall of the feedback link was only 0.167 cm (0.066 in.), an 
initial surface crack of this size would automatically be a through-thickness 
crack. This crack would be a circumferential crack subjected to bending 
stresses. The stress intensity factor is magnified due to the curvature effect of 
the tube surface of the feedback link. At long crack lengths, the stress inten
sity is magnified even more. The stress-intensity factor of a circumferential 
through crack is [18]: 

A:, = /3^ff„>/^ (13) 
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where 

ffg = applied stress, 
a = half-crack length, 

;3c = /(X), the Folias correction factor for a thin cylinder, 

and the normalized crack length parameter, X, is given by 

X = [ 1 2 ( l - M ^ ) ] i / W V ^ (14) 

where 

R = cylinder radius, 
t = tube thickness, and 
IX = Poisson's ratio. 

Iterative fatigue crack growth analysis was performed to smaller crack 
sizes. When the iteration involved the assumption of a small surface crack 
less than the feedback link wall thickness, then the stress intensity solution 
utilized was that for a surface crack. However, if during the propagation the 
surface crack broke through the feedback wall, then the stress intensity so
lution was changed to that described above. 

Fatigue Crack Growth Results—The initially assumed crack located in the 
feedback link critical bending section when subjected to longitudinal vi
bration was a surface crack with a^ = 0.318 cm (0.125 in.) and ICg = 0.636 
cm (0.250 in.). This crack size assumption automatically makes the initial 
crack a through-the-thickness crack with Ic^ = 0.636 cm (0.250 in.) at an 
equivalent A/C-level. Figure 14 shows the resulting predicted fatigue crack 
growth life of 11 missions based on this initial crack size. Successive iter
ations were performed to smaller initially assumed crack sizes. The second 
analysis assumed that the initial surface crack size was just through-the-
thickness with ao = t - 0.168 cm (0.066 in.) and 2c„ = 0.336 cm (0.132 
in.). The resulting predicted fatigue crack growth life was 30 missions based 
on this assumed crack size, as shown in Fig. 14. Additional fatigue crack 
growth life predictions were made to determine what initial surface crack size 
would qualify the structure for 40 missions and 80 missions. These initial sur
face crack sizes were «„ = 0.155 cm (0.061 in.), Ic^ = 0.310 cm (0.122 in.) 
and ao = 0.121 cm (0.048 in.), 2c„ = 0.242 cm (0.0956 in.), respectively. 
The corresponding initial through-the-thickness crack sizes that resulted in 
an equivalent initial AK to reach 40 and 80 missions, respectively, were la^ 
= 0.310 cm and 0.244 cm (0.122 and 0.096 in.). 

The inspection of the feedback link at these small flaw sizes was some
what difficult. This was owing to the fact that the cracks could initiate and 
propagate along the inside surface of the tube. Therefore cracks were not 
visible on the outside until the crack front had broken through the tube wall 
and was visible on the outside surface. 
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It was desirable to conduct fatigue crack growth life analysis for 6061-T651 
and 2024-T351 aluminum alloys and A286 steel alloy to determine if another 
material would be more suitable. The results of these fatigue crack growth 
life predictions are shown in Fig. 15. Each of these material substitutes shows 
improved fatigue crack growth life over the life obtained with 2024-T851. 

The results of the fatigue crack growth life analysis of the feedback link 
showed that special inspection procedures had to be applied to the feedback 
link. Surface cracks no longer than â , = 0.127 cm (0.05 in.) and 2co = 
0.254 cm (0.10 in.) would be screened by nondestructive inspection to qualify 
the 2024-T851 feedback link for a service life factor of 4.0 or 80 missions. 

Summary and Discussion 

Stress analysis of complex structural components by finite-element meth
ods provides results as to the locations which are highly stressed and can be 
assumed as potentially fracture critical. Applying damage tolerance or frac
ture control criteria provides results that can be used to determine if the 
structural component could fall short of its intended service life. 

Linear elastic fracture mechanics analysis has been applied in predicting 
the service life of three components of the actuator based on fatigue crack 
growth from initially assumed cracks at critical locations. These results were 
considered valid, since the applied stress levels due to the mission loadings 
were low with respect to the yield stress and the cracks in the components 
were subjected to elastic stress fields. 

The use of upper bound da/dN and lower bound K^ and K^^ was another 
assumption which led to conservative fatigue crack growth life prediction. 
This was a valid assumption, since in some cases where limited data were 
available some consideration was needed with respect to heat-to-heat varia
tion and scatter. 

Conclusions 

Based on the finite-element stress analysis results and application of the 
fracture mechanics methods described, the following conclusions are given: 

(/) The Inconel 718 rod end lug component showed an analytical spec
trum fatigue crack growth life of at least 220 missions (SLF = 11.0) for the 
lug shank and lug net-section and 85 missions (SLF = 4.25) for the lug eye-
shank intersection. 

(2) Spectrum loading fatigue crack growth analysis of the four surface 
cracks located in the 17-4PH (H1025) cylinder wall and subjected to pressure 
and longitudinal bending stresses showed a service life of 220 missions (SLF 
— 11.0) or greater. 

{3) The 2024-T851 feedback link with an initial through-the-thickness 
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SMITH ET AL ON SOLID ROCKET BOOSTER SERVO-ACTUATOR 473 

crack of lOg = 0.336 cm (0.132 in.) showed a 20 mission service life and less 
than SLF = 4.0. 

(4) As a means of fracture control, special nondestructive inspection of 
the feedback link was recommended to eliminate any possible surface cracks 
larger than a„ = 0.127 cm (0.050 in.) and Ic^ = 1.254 cm (0.100 in.) to 
achieve the SLF = 4.0 criteria. A structural alloy substitute to 6061-T651, 
2024-T351, or A286 steel would also result in SLF > 4.0. 
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Summary 

The goal of this symposium was to present current fatigue and damage-
fracture tolerance design criteria, practices, methodology, and technology 
necessary to attain a safe and economic operation of all types of structures 
during their projected lifetimes. What are the requirements? How are they 
satisfied? What methods are used in materials selection, detail design, 
analysis, testing, and manufacturing? New innovations? This volume, 
through the seventeen papers presented at the symposium and four others, 
attempts to answer some of these questions. Aircraft, ground vehicle, ship, 
offshore, nuclear power, and other structures are covered. The papers are 
grouped into five sections: (/) Overview, (2) Design and Criteria, (3) Crack 
Growth, (4) Analysis Methodology, and (5) Experimental and Analytical 
Evaluation of Structures. 

The following sections summarize the papers from each of the five groups. 

Overview 

This section contains three papers covering fatigue and fracture resistance 
design approaches in three different fields of structures: ground vehicles, 
nuclear power, and transport aircraft. In the ground vehicle field, Watson 
and Hill present an extensive historical review of fatigue knowledge develop
ment and accentuate service loads measurement, stress analysis, and ma
terials and component testing. The local elastic-plastic stress-strain cumula
tive damage approach is identified as the most often used current method to 
predict fatigue life in ground vehicles. Jones et al cover the codes and con
cepts used in the nuclear power industry. Fatigue life is usually evaluated us
ing elastic stress-strain history and linear damage rule. Damage tolerance 
evaluation is based on linear elastic fracture mechanics (LEFM) and crack 
growth analysis, starting with in-service detectable flaws. Environmental ef
fects are significant. Great emphasis is given to codes (ASME, Federal 
Regulations) and NRC guidelines for fatigue and fracture resistance design, 
materials, construction, operation, and in-service inspection. The approach 
taken to attain safe and economic structure life of transport aircraft, as seen 
through the eyes of one manufacturer, is presented by Goranson et al. It is 
assumed that this is similar to the approaches taken by other manufacturers. 
Broad guidelines that all manufacturers must follow are given in Federal 
Regulations. Current approaches emphasize good durability, damage 
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tolerance, and in-service inspections. Use of LEFM in crack growth and 
residual strength analysis is extensive. Of interest is the Damage Tolerance 
Rating (DTR) system, which utilizes past service experience and statistics to 
rate structures for design and inspections. 

Design and Criteria 

Hartt describes the approach taken with offshore welded steel structures in 
designing for fatigue resistance. Mechanical, material, and environmental 
variables are discussed with attention focused on cathodic protection. Design 
of offshore structures requires the application of 10^ to 10* low-stress ampli
tude cycles. Thus it is a high-cycle fatigue problem complicated by the varia
tion in weld properties and effects of sea water. Linear elastic fracture 
mechanics and crack growth analysis are being introduced to enhance design 
procedures and improve scheduling of inspections. Nebon and Socie review 
crack initiation and propagation behavior in notched laboratory specimens, 
and show by example how practical considerations dictate whether crack ini
tiation or crack propagation analysis is used in design. For example, crack 
propagation analysis is extensively used in aircraft structure design, whereas 
crack initiation analysis is the main approach in the automotive field. In two 
papers, Rudd et al describe the Air Force durability and damage tolerance 
design requirements and analysis methodology. Durability is defined as the 
ability of the structure to operate within established economic limits; that is, 
cracking and other degradation during service lifetime should not exceed ac
ceptable economic limits or affect the operational readiness of the aircraft. 
The durability analysis is based on the statistical definition of the equivalent 
initial flaw size (EIFS) distribution and crack growth analysis. This pro
cedure is illustrated by an example from the F-16 program. In their second 
paper the Air Force damage tolerance design requirements are reviewed with 
emphasis on the location of initial damage and the accuracy of crack growth 
analysis. A test program of 28 skin-stringer specimens was conducted to 
determine the most critical locations of initial primary damage. Results 
reflect only one material and constant-amplitude loading. Berens and Gal
lagher present a description of the Air Force maintenance-tracking program 
based on crack growth. Maintenance schedule accuracy requirements are 
studied through an analysis of potential errors that are possible in the projec
tions of calendar time to critical crack length. 

Crack Growth 

Wang describes an investigation to define the equivalent initial flaw size 
(EIFS) distribution of fastener holes. Through quantitative analysis of a 
large amount of microcrack growth data and surface macrocrack growth data 
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he produced EIFS statistical distributions for 2024-T3 aluminum sheet. The es
sential physical defects of cracking origins are tool marks and inclusions. 
Mode III fatigue cracking is covered by Hurd and Irving. They performed 
torsion loading tests on round low-alloy steel specimens, typical of automotive 
transmission components. Mode III rates are significantly lower than Mode 
I, by a factor of between 10 and 50. Saff and Rosenfeld present results of an 
experimental program in which they investigated crack growth of aircraft 
landing gear steels 300M and HP 9-4-.30, with emphasis on loading-
environment effects. Immersion in salt or sea water accelerates crack growth 
in 300M, but has a less pronounced effect on HP 9-4-.30. The authors pre
sent an analysis that predicts the effect of alternative immersion en
vironments. Tests were performed with Air Force and Navy fighter landing 
gear loads spectra. 

Analysis Methodology 

Analysis methodology is covered by five papers, which range from crack 
growth to weight savings calculations from materials properties. Newman ap
plies an analytical crack closure model which simulates plane-stress and 
plane-strain conditions to predict crack growth under various load histories. 
The model considers plastically deformed material in the wake of the advanc
ing crack tip, and accounts for retardation and acceleration load interaction 
effects. The model was checked against 2219-T851 aluminum test data. iVp 
to N-Y ratios varied from 0.5 to 1.8. A crack growth analysis method for use in 
preliminary design is outlined by Chang et al. The procedure utilizes the 
equivalent damage concept to convert the random spectrum into equivalent 
constant-amplitude loads and accounts for load interaction effects. Oh il
lustrates the use of Neuber's Rule for stress concentrations to predict the 
fatigue life of spotwelds. Good correlation between test and analysis is ob
tained for steel spotwelds under constant-amplitude loading. Gunther and 
Wozumi present residual strength analysis and failure modes of cracked 
mechanically fastened stiffened panels. Elasto-plastic finite-element analysis 
accounts for the plastic deformation capability of all elements. The authors 
conclude that in all cases skin failure is always the critical failure mode. In a 
discussion appended to the paper, Swift disagrees with this conclusion by 
stating that for some geometrical configurations stiffened panel failure can 
be precipitated by fastener failure. He also points out that stiffener eccen
tricity was not included in analysis. Ekvall et al present an interesting 
methodology for evaluating weight savings from basic material properties. 
The properties considered include density, elasticity, static strength, fatigue, 
crack growth, fracture toughness, and stress corrosion. Analysis results are 
shown for two different aircraft. 
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Experimental and Analytical Evaluation of Stmctures 

Chu et al describe an experimental study to characterize fatigue crack 
growth behavior of weld-bonded stiffened panels typical in ship construction. 
The panels are subjected to lateral pressure loading. The crack growth data 
were correlated with base line materials data. Potter presents the results of 
an extensive program on the durability and damage tolerance behavior of 
adhesively bonded aircraft primary structure. The program involved analysis 
and development testing culminating in a full-scale fuselage durability and 
damage tolerance test. Real and accelerated time environmental effects were 
evaluated. The program demonstrated that bonding of primary structure 
produces durability and damage tolerance superior to that of mechanically 
fastened structure. Zako et al present an interesting treatment of the damage 
tolerance problem of jet engine rotor disk. The crack growth analysis is based 
on material properties and two-dimensional finite-element stress analysis. 
The problem in the end is handled from probability of failure point of view, 
with respect to /Tjc-values. The last two papers deal with practical examples 
with fatigue and fracture evaluation of structural components. Rice and 
Smith present an evaluation of communication tower eyebolts. Fatigue tests 
were performed on unused eyebolts and eyebolts taken from service. Fatigue-
fracture mechanics analyses results compared favorably with experimental 
results. Crack initiation lives were predicted using local stress-strain analysis 
approach. Standard analysis procedures were used for crack growth predic
tion. The evaluation of the other structural component, solid rocket booster 
servoactuator, as described by Smith et al, consisted of crack growth and 
residual strength analysis in three areas of the component. Three-dimen
sional finite-element analysis was performed to support the calculation of 
stress intensity factors. Fatigue life estimation was based on crack growth 
analysis starting with an initial flaw. A nondestructive inspection plan was 
defined on the basis of this analysis for one area of the component. 

Final Remarics 

The overall impression of the symposium and this publication is the 
predominant use of crack growth—residual strength linear elastic fracture 
mechanics approaches as opposed to the so-called fatigue life prediction to 
crack initiation using nominal or local stress-strain and S-N or e-N allow
ables. Only in the ground vehicle field does the latter approach appear to be 
the primary method of design and evaluation. However, the structures 
designer and analyst should always remember that in most cases the op
timum design should have a combination of good durability and damage 
tolerance, where durability is the ability of the structure to operate and to be 
maintained during the planned service life within acceptable economic 
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limits, and damage tolerance is the ability of damaged (due to fatigue, corro
sion, or accidental damage) structure to operate safely between inspections. 
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